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SUMMARY 

This report presents the result of Task 2, Concept Studies for Heat Pipe 
Radiation Cooling (HJ?RC), which was performed for Los Alamos National Laboratory 
under Contract 9-XTl-U9567. Studies under a prior contract defined a reference 
HPRC conceptual design for hypersonic aircraft engines operating at Mach 5 and an 
altitude of 80,000 ft. Task 2 involved the further investigation of heat pipe radiation 
cooling (€€l?RC) systems for additional design and operating conditions. 

The Task 2 studies yielded the following results. 
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HPRC system temperatures and weight are not significantly changed by 
the use of heat pipe dimensions which are optimized for required heat 
transport capability. 

Application of thermal insulation to the hot section can reduce the heat 
load by around one-half, and reduce peak HPRC system temperatures 
to below 2700 OF. 

Integration'of HPRC with HiMaTE (a current Mach 4 to 6 engine 
technology program) has the potential to eliminate the need for' 
endothermic fuels to cool the engine, but insufficient information was 
available for a quantitative assessment. 

Use of HiMaTE-based heat transfer data for the HPRC reference design, 
including the effect of radiation heat transfer, indicates that peak 
temperatures may increase by more than 200 OF. Temperature increases 
are expected to be considerably smaller at other cruise conditions of 
interest. 

Operation of HPRC at cruise conditions of around Mach 4.5 and an 
altitude of 90,000 ft  lowers peak hot section temperatures to around 
2800 OF. 

The thermal capacity of JP-4 fuel is insufficient to permit its use with 
HPRC at Mach numbers of interest. 
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INTRODUCTION 

CCS Associates is currently under subcontract to Los Alamos to perform design 
and analysis services in conjunction with LANL contract W-7405-Eng-36 with the 
Department of Energy for analysis and demonstration of the heat pipe radiation 
cooling (HPRC) concept, as requested by NASA Lewis Research Center. Task 2 of the 
subcontract calls for concept studies to further characterize HPRC systems for other 
design and operational conditions than were considered in a prior subcontract. 

HPRC is a technique for passively cooling the hot section of a hypersonic 
engine, which avoids the need to use engine fuel as a coolant. Since the fuel need 
only be used to absorb the smaller aircraft heat load, its thermal capacity require- 
ments are reduced substantially. It then becomes possible to use hydrocarbon fuels 
for hypersonic flight, avoiding the need for high thermal capacity, expensive fuels 
such as hydrogen, methane, and endothermic hydrocarbons. The general model for 
the HPRC concept is shown in Figure 1. 

In the prior NASA contract, LANL examined the characteristics of HPRC and 
its applicability to hypersonic flight. CCS Associates, under subcontract to LANL, 
performed the heat transfer aspects of this work. It was found that the HPRC concept 
is feasible, with reasonable size and weight and material temperatures, up to Mach 
5 flight speeds. The concept requires that the engine hot section be fabricated from 
a material which could require an operational temperature capability in excess of 3000 
OF. However, as will be shown in this report, hot section temperatures can be in the 
2800 O F  range or lower, depending on cruise conditions and HPRC design specifics. 

The HPRC concept is innovative and visionary, with the potential for a major 
technology breakthrough in the acceptance and economic viability of hypersonic 
flight, As such, it is consistent with the Lewis Research Center vision "to be the 
Nation's pathfinder in innovative aerospace propulsion ReT."' 

The hot section operational temperature capability is consistent with NASA 
material temperature goals for several NASA advanced programs, including the High 
Temperature Materials Technology Program (HITEMP), the Enabling Propulsion 
Materials Program @PM) of the High Speed Civil,Transport (HSCT) program, and 
'high efficiency gas turbine cores for advanced subsonic, p rop~ls ion?~~ 

1 

The EPM program calls for testing of an uncooled ceramic matrix composite 
combustor liner and an intermetallic matrix composite nozzle? Recent NASA-Lewis- 
sponsored studies of high efficiency cores for advanced subsonic propulsion systems, 
performed by General Electric and Pratt: & Whitney, are based on the use of uncooled 
ceramic matrix composite turbines operating at peak temperatures of about 3200 OF? 
These studies were based on the necessary high temperature materials capability 
being available in the 2010 time frame. 
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The HPRC concept was conceived and evaluated in this same spirit. A 
completely passive cooling system, the HPRC is a revolutionary component 
technology for high speed flight which can be developed through the reasonable 
extension of current heat pipe technology. Its ultimate implementation would occur 
as complementary high temperature materials technology now under development 
reaches a state of technology readiness. 

For purposes of preliminary analysis and design needed to define HPRC 
system characteristics, carbon-carbon was selected as a representative hot section 
material for the ramburner liner and nozzle. Carbon-carbon was proposed for study 
purposes because of its good strength at temperatures of interest, although it was 
realized that considerably more work is needed to enable necessary protective 
coatings to perform effectively at temperatures in excess of the 2800 OF range. 

Since the HPRC concept is coupled radiatively with the hot section, it is readily 
adaptable to whatever suitable high temperature material becomes available in future 
years. This material could be carbon-carbon, a ceramic matrix composite, or the 
result of some as yet unanticipated revolutionary high temperature materials 
development. 

The Task 2 Concept Studies task involved further definition of HPRC 
characteristics and performance capabilities to supplement that which was generated 
in the prior HPRC contract. Specifically, the following topics were investigated. 

0 

0 

0 

0 

0 

0 Applicability of JP-4 Fuel to HPRC 
- 

Integration of HPRC Heat Pipe Data with Heat 
Transfer Studies 

Impact of Hot Section Thermal Insulation on HPRC 
Temperatures 

Integration of HPRC with HiMaTE 

Application of HiMaTE Heat Transfer Data to 
HPRC 

HPRC at Other Cruise Conditions 
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INTEGRATION OF HPRC HEAT PIPE DATA WITH HEAT 
TRANSFER STUDIES 

In the HPRC heat transfer studies conducted by CCS Associates under the prior 
subcontract with LANL? information on heat transport requirements of the heat pipes 
comprising the nacelles to which the hot sections radiated was not available. 
Therefore, engineering judgment was applied in estimating heat-pipe-related 
characteristics used in the heat transfer model. LANL-supplied data on heat pipe 
and wick dimensions required for adequate heat transport through the HPRC heat 
pipes subsequently became available? 

Heat transfer calculations were consequently repeated for a selected case under 
the current contract, in order to determine the sensitivity of HPRC temperatures and 
weight to the required heat pipe and wick dimensions. 

HPRC SYSTEM CONFI%U?IATlON 

. The case selected for re-analysis was configuration 3V, which was used as the 
basis for the nominal HFRC design (see Figure 2). In configuration 3V, the HPRC is 
composed of flat panels which comprise the nacelle surrounding the engine hot 
section to be cooled. The panels are made up of individual heat pipe cells which 
extend along the direction of the engine axis. 

Heat from an insulated interior or underwing panel is transported to an 
exterior side or bottom panel for radiative disposal, along with heat radiated directly 
to that panel from the hot section. The transfer is accomplished via a transition 
section between an insulated and an exterior panel. The transition section consists of 
a flat panel of heat pipe cells which are oriented along a direction normal to the 
engine axis. The panel is bent at right angles, so that one half of the transition section 
panel is in contact with an insulated heat pipe panel and the other half is in contact 
with the adjacent exterior radiating panel. 

The HPRC system for each engine then consists of four flat heat pipe panels 
and two right-angle heat pipe transition sections. Since each heat pipe cell in the 
,nacelle panels "sees" approximately the same axial heat load, each panel is approxi- 
mately isothermal. The flat nacelle panels are also capable of being joined by a 
flexible hinge. The rear sections of the top and bottom panel can then move in 
accordance with the exit dimensions of the contained engine nozzle, minimizing the 
gap between nacelle and nozzle. 

This situation may be compared with that of configuration 3F (see Figure 2). 
In this case the nacelle is fabricated from two sets of right-angle whose heat pipes are 
oriented normal to the direction of the engine axis. Since all the heat pipe cells have 
a right angle bend in the middle, fabrication of the HPRC nacelle is more involved 

4 



3v. 
:. r 

.ONE-D HEAT PIPES 

Figure 2. HPRC Configurations 3V and 3F 

3F. ONE-D HEAT PIPES 

than for configuration 3V, where only the two transition sections have right-angle 
heat pipe cells. Also, each heat pipe cell in the nozzle section sees a different axial- 
heat load. The nacelle is thus considerable more nonisothermal than for configuration 
3V. Finally, the rigid construction of configuration 3F precludes the use of movable 
panels to minimize the nacelle-nozzle gap. 

The analysis of heat pipe heat transport requirements supplied by LANT., 
considered several wick types. It was concluded that an artery-type wick with two 
arteries per heat pipe cell was optimum for the intended application, because of the 
low volume and weight of the artery wick. For configuration 3V, the heat pipe and 
wick dimensions were determined for a transition section length of 32 in. 

5 



Z!?ANSPION SECTTON 

The heat pipe cross-section 
and dimensions for this situation 
are shown in Figure 3. The vapor 
space thickness (rib height) is larger 
in the transition section to keep its 
axial heat flwc from becoming ex- 
cessively large. Too high an axial 
heat flwc in the transition section 
heat pipes could result in an exces- 
sive capillary pressure requirement. 

HPRC temperatures and 
weight will vary with the transition 
section length. Therefore, a range 
of lengths was considered in order 
to identify the optimum value. 
Since heat pipe dimensional data 
was available only for the 32-in.- 

T 
Rlb 

Height 

Face Sheet  Thlckness (8.815) 
Wlck Thickness (0.8841 

Rib 
Thickness 
(0,020) 

Liquid 
Arteries  

Rib Height! 
Insulated Panel - 6.48 

Transltlon Panel - 8.86 
Radiator Panel - 8.48 

(Dimensions in inches) 
Figure 3. Heat Pipe Cross-Section 

for Configuration 3V 

length, heat pipe dimensions at other transition section lengths were estimated. 

The relative orientation of 
the transition section with respect 
to adjacent insulated and radiating 
panels is shown in Figure 4. The 
heat transferred to one-half the 
transition section from an adjacent 
insulated panel plus the heat which 
is absorbed directly by that half- 
section determines the effective 
axial heat flux for the transition 
section. 

Insulated Panel 

Transition Section 

The heat which is directly 
absorbed by the half-section adja- 

cent to the radiating panel is transported by evaporating vapor across the thickness 
of the transition section. The vapor then condenses on the wick section which is in 
contact with the radiating panel, releasing its heat of condensation. Thus, then, the 
transverse-flowing heat does not contribute to the axial heat flux in the transition 
section. 

Figure 4. Transition Section Geometry 



The total axial heat load in the transition section Qk may then be expressed as 

where Qt, is the axial heat transfer rate in the transition section, Q, is the total rate 
at which heat is absorbed by, the transition section, and Qi is the rate at which heat 
is transferred to the transition section by from the insulated panel. 

It is desirable to maintain the axial heat flux constant in the transition section 
as the transition section length L, is varied. It was assumed (and later verified) that 
Qk remains essentially constant with variations in the transition section length. For 
a constant axial heat flux, this requires that the vapor space area also does not change. 
Then, assuming that the vapor space width is fixed, the vapor space thickness wvt 
must vary inversely with L,. 

The heat transfer characteristics of an HPRC system with Configuration 3V 
were then redetermined, using the above assumptions and heat pipe cross-section 
and wick configuration of Figure 3. It was necessary to modify the Configuration 3V 
code HPRCc to accommodate the artery wicks. The resulting modified code is called 
HPRCcl . 

The variation with transition length L, of the vapor space thickness wvt, the 
total heat pipe thickness whpt, Qi, Q,, and Qt, is given in Table 1. The calculations 
apply for a closed gap between the HPRC nacelle and the nozzle at the nozzle exit. 

- The following values for other heat pipe dimensions were also used in the calcula- 
tions. 

Heat pipe wall thickness 

Artery distribution wick thickness 

Artery inner diameter 0.0938 in. 

0.015 in. 
0.020 in. 
0.004 in. 
2 

Heat pipe rib thickness 

Arteries per heat pipe cell 

It can be seen that Qat varies from 617 to 611 Btu/sec, about 1%,. as L, 
decreases from 32 to 12 in. The assumption that Qat remains essentially constant with 
variations in the transition section length is thus confirmed. , 
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Lt, in. L 
32 

24 
16 

12 

REWSED HPRC CALCULATlOiVS 

wvti in* whptf in* Qi, Qt/ Qat/ 
BWsec BWsec BWsec 

0.792 0.830 412 821 617 

1.056 1.094 462 769 616 

1.584 1.622 511 715 613 

2.11 2.148 534 687 611 

In Figure 5, the ram- 
burner inner wall temperature, 
the nozzle inner wall tempera- 
ture/ the heat pipe vapor tem- 
perature in the radiating panel, 
and the HPRC system weight 
are plotted against the transition 
section length. 

The heat pipe weight 
decreases from 710 lb to 640 lb 

. as L, drops from 32 to 12 in., 
while the hot section and vapor 
temperatures remain almost 
constant. 

LL. 
0 

1 . 1 . I . 1 .  750 
740 

3500 
3400 _............. :.............A A .............; ............._ 
3300 ~~=.=.~=~=.~=.=.~~.=.~=.=~~.=~==~.=~=.~~ I .  730 

............. 

2300 ,.,..~.-.,..-.Y.~....LLY.Y~LLY.Y.. -C.-.-..- 630 
620 2200 ........................................... A A ............- 

21 00 61 0 
2 0 0 0 - ' g " ' 1 ' ~ ' -  600 

12 1 6  20 24 28 32 
Transition Section Length, in. 

............. 
-............. ; .............. ; .............. j ............. < .............- 

Figure 5. Effect of Transition Section Length on 
HPRC Characteristics Thus, a small transition 

section length not only mini- 
mizes HPRC system weight, but also reduces the size and hence fabrication effort of 
the only Configuration 3V heat pipe component which is-not a planar panel. This 
conclusion is similar to that reached in the original calculations. 

In Table 2, key HPRC temperatures and system weight are shown at a 
transition section length of 12 in. for the revised and original heat transfer calcula- 
tions. 

L, is the transition section axial length, Tci is the mean temperature on the inner 
surface of the ramburner, Tni is the mean temperature on the inner surface of the 
nozzle, Tvip is the vapor temperature in an insulated heat pipe panel, TT is the 
vapor temperature in a radiating heat pipe panel, and Ws is the HPRC system weight. 
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I Case 1 L, in. 
Revised 
Original 

The hot section temperatures for the revised calculation run 12 to 18 OF cooler 
than the original design. The vapor temperature in the insulated heat pipe panel, 
runs 61°F cooler, primarily because of the much thinner wick through which heat 
must flow in passing from one panel to another. The vapor temperature in the 
radiating panels is essentially the same in both cases, primarily because the radiating 
heat load doesn't change significantly. 

0 Tci, O F  Tni, F Tdp, O F  Tvfpl O F  Wsl lb 

3327 3350 2338 2289 640 ' 

3345 3362 2399 2289 644 

The weight is also about the same, being 4 lb lower for the revised case. There 
is little change in system weight because the much lighter artery wick in the revised 
design is largely offset by the thicker, longer, and consequently heavier heat pipe ribs. 

The surface heat flux at the transition section where heat is transferred from 
adjacent insulated panels does increase markedly with a decrease in the transition 
section length, since more heat is then absorbed from the hot section by the insulated 
panels and less surface area is available at the insulated panel-transition section 
interface. 

In Table 3, the variation of the surface heat flux with transition section length 
is shown, along with the boiling limit corresponding to the vapor temperature in the 
transition section. 

While the surface heat flux increases by almost a factor of 4 as the transition 
length decreases from 32 to 12 in., it remains far below the boiling limit. This is a 
consequence both of the lithium fluid parameters which favor a high boiling limit and 
the very thin distribution wick along the heat pipe walls. Thus, heat pipe operation 
in the transition section will not be disrupted by the occurrence of boiling in the wick. 

It may be concluded that the artery wick and revised heat pipe cross-sectional 
dimensions do not significantly affect the HPRC system weight or temperatures. 
However, the revised design is necessary to assure adequate heat transport capability 
in the various heat pipe panels. 

I 

'. I 

' I  
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Transition Transition Surface heat nux, Boiling Limit, 
Section Section Vapor B W#-s ec Btu/#-sec 

32 2306 26.5 11,270 

Temperature, OF 

24 

16 

2307 39.6 11,250 

2312 65.7 11,120 

12 

10 

2317 91.7 10,990 



IMPACT OF HOT SECTION THERMAL INSULATION ON HPRC 
TEMPEVTURES 

The original HPRC system conceptual design required hot section temperatures 
considerably in excess of 3000 OF in order to transfer the hot combustion gas heat load 
radiatively from the hot section to the surrounding heat pipe nacelle, and then to the 
environment. One method for reducing hot section temperatures is to thermally 
insulate the hot section walls, thereby increasing the thermal resistance through the 
heat transfer path. 

An HPRC heat transfer calculation was performed for the configuration 3V 
reference design which included a thermal barrier coating (TBC) on the inner surface 
of the ramburner liner and nozzle (see Figure 6). 

Heat Pipe 
Panel 

TBC consists of zirconia 
partially stabilized with 8 wt% 
yttria. It has been used with con- 
siderable eff ediveness to reduce the 
heat load on internally cooled tur- 
bine vanes of jet engines? The 

peratures of interest! 

Carbon- 
thermal conductivity of this materi- ~ , ; ; ~ , ~ , ~  Carbon a1 is about 0.5 Btu/hr-&-OF at tem- ~~? Liner 

>‘Ed >‘dA‘ 33 d 3 A ~ 3  >‘ d 3 dd 3 3d dd,‘ 33 3 d 3 

-%Bc 

The effect of TBC is to in- 
Combustion Gas 

crease the thermal resistance and 
reduce the thermal conductance at Figure 6. TBc on Hot Section Liner 

the combustion gas-hot section 
wall interface, according to the relation 

where U is the thermal conductance, h is the heat transfer coefficient in the 
combustion gas, Q is the thickness of TBC, and k is the thermal conductivity of TBC. 

The thickness Q can be solved from the above equation to obtain 



It was assumed that a sufficient thickness of TBC would be added to the inner 
surface of the hot section to reduce the thermal conductance U in the rarnburner to 
30 Btu/ff?-hr-°F, and U in the nozzle to 40 Btu/ft?-hr-OF. The required thickness 
of TBC is then 

0.130 in on the combustor inner wall 
0.108 in. on the nozzle inner wall 

For the configuration 3V reference design with the exit gap between the heat 
pipe nacelle and the nozzle closed, and a 12 in. transition section length, the following 
results were then obtained using code HPRCc. 

Combustor inner wall temperature, OF 
Nozzle inner wall temperature, OF 
Heat pipe vapor temperature-insulated panel, OF 

2670 
2655 
1964 
1910 

Heat load on insulated panel, Btu/sec 270 
Heat load on transition section, Btu/sec 351 
Heat load on radiating panel, Btu/sec 627 
HPRC weight, lb 630 
Weight of TBC, lb 370 

1000 

Heat pipe vapor temperature-radiating panel, OF 

Weight of HPRC + TBC 

The addition of TBC reduces the heat load on the radiating panel by almost 
one-half. This results in a substantial reduction in temperatures all along the heat 
transfer path. The peak hot section temperature is now 2670 OF, within ne@-term 
temperature goals for carbon-carbon. Heat pipe temperatures, now in the 1900 O F  
range, run about 400 OF cooler. Based on a density 0.226 lb/in3 for zirconia,8 the 
principal constituent of TBC, 370 lb of fully dense TBC is required on the hotlsection 
inner surface. For 80% dense material, 296 lb of TBC would be needed. 

When TBC is applied to the surfaces of gas turbine components, thicknesses 
are usually in the range of 0.010 to 0.030 in. Here, we are considering TBq layers 
with a thickness as large as 0.130 in: Prior to applying the TBC, a bond coat about 
0.005-in.-thick is applied to the substrate. The bond coat is usually composed of 
nickel or cobalt with varying percentages of chromium, aluminum, and yttrium: At 

I 

I 
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operating temperatures in the 2600 to 2700 O F  range, new bond coating techniques will 
likely be required. 

It appears that the addition of an insulation layer on the inner surface of the 
hot section can permit the use of current or near term carbon-carbon as the hot 
section material. The price of this achievement is the added weight of the TBC, plus 
the development required to effectively bond TBC at required temperatures and 
thicknesses to carbon-carbon. 

r .  
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INTEGRATION OF HPRC WITH HiMaTE 

HiMaTE (High-Mach Turbine-Engine) is a joint NASA-& Force program for 
demonstrating critical component technologies required for a Mach 4 to 6 hypersonic 
engine? General Electric and Pratt & Whitney are the prime contractors. 

The evolution of a viable thermal management system is one of the critical 
component technologies for hypersonic flight. The current thrust of the prime 
contractors emphasizes the key role that endothermic fuels can play in such a system. 

With HPRC, endothermic fuels would not be required for engine thermal 
management at flight speeds up to Mach 5. Their high thermal capacity would no 
longer be needed to absorb the engine hot section heat load. Cheaper and more 
readily available JP-7 fuel could then be used. This ability to use JP-type fuels for 
hypersonic propulsion is the most important characteristic of HPRC, and has major 
implications for economic, and hence commercially viable, hypersonic flight. 

CONlITRACTOR WSITS 

To learn more about HiMaTE, its possible integrability with HPRC, and 
provide for co-ordination of efforts, LANL and CCS Associates visited the prime 
contractors on the following dates. 

General Electric 
Pratt & Whitney 

March 7,1991 
May 14,1991 

The meetings provided a useful exchange of information and viewpoints on 
HPRC and HiMaTE. 

Visits were also made to both contractors during the prior HPRC contract. At 
that time, detailed information was obtained on many aspects of HiSPA, an earlier Air 

mation such as engine configurations, dimensions, air flow rates, and engine pressures 
and temperatures for various cruise conditions was made available. It was then 
possible to analyze and evaluate an HPRC system for a representative turboramjet. 

Force-sponsored study of hypersonic engines in the Mach 4 to 6 range. 10/11/12 Infor- 

In order to determine how effectively the HPRC concept could integrate with 
HiMaTE, similar information about a representative HiMaTE engine would be 
required. proad information of this type was not forthcoming. General Electric 
supplied a schematic of one engine configuration (see Figure 7), but no dimensions 
or other engine design and performance information. General Electric also supplied 
limited heat flux data in which the effect of thermal radiation was included. 

The reason for the discrepancy in availability of engine information is probably 
due to the relative maturity of the HiSPA and HiMaTE programs. HiSPA information 
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was readily available because the program had been completed and documented prior 
to the LANL-CCS visits. On the other hand, the HMaTE studies had been under 
way for less than six months at the time General Electric and Pratt & Whitney were 
contacted. 

For reasons which have been cited above, lack of needed information prevented 
a quantitative assessment of the effectiveness of HPRC as an overall thermal 
management technique for HiMaTE. However, based on the information which was 
made available, it was possible to make some qualitative comments about HPRC- 
HiMaTE integration. 

QUALITAnVE COMMENTS 

A General Electric sketch of the elements of a HiMaTE engine is shown in 
Figure 7. Although the sketch is not to scale, the following significant points relevant 
to HPRC applicability can be made. 

Augrnenlor/Hyperburner 

tjecror Nozzle 

Nozzle Sidewalls 

Film Cooled Liner 

Core Bypass Aft VABlMxer (Not to Scale) 

Figure 7. Sketch of General Electric HiMaTE Engine Concept 
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0 The augmenter/hyperburner (ramburner) where combustion occurs in 
ramjet mode appears to be quite short. The length in the sketch is about 
25% of the diameter. 

0 A Single Expansion Ramp Nozzle (SERN) is used. This nozzle does not 
utilize a lower surface, and the sidewalls are highly abbreviated. 

0 Both of these design features mean that the hot section surface area subject 
to heating by the combustion gas is reduced substantially compared to the 
hot sections which were considered in the earlier HiSPA studies. Addition- 
ally, absence of a lower nozzle surface markedly increases direct radiative 
heat transfer from the nozzle to the environment. 

0 Consequently, the total heat load to the hot section is reduced compared to 
HiSPA engines (possibly by as much as 50% or more based on visual 
examination of Figure 7), and a significant fraction of this heat load may be 
dissipated by direct radiation from the nozzle. 

0 Because of the lower heat load, an HPRC system for HiMaTE engines will 
be smaller, lighter, and will operate at lower temperatures than was the 
case for HPRC systems designed for HiSPA-based engines. 

0 If HPRC is used for the entire hot section, the enclosing heat pipe nacelle 
may be "sculpted" in the nozzle region to avoid blocking the view of 
radiation leaving the upper surface of the nozzle. The size and shape of the 
nacelle walls in the nozzle region may then roughly parallel those of the 
nozzle sidewalls. 

0 If the nozzle heat load is sufficiently small, it may be more effective to use 
an HPRC system to cool the ramburner region only, with auxiliary 
conventional cooling methods used for the nozzle heat load. 

0 The addition of HPRC can provide all or most of the hot section cooling 
needs, thereby avoiding the need for endothermic fuels and enabling the 
engine to operate on Tp fuel. In addition, there may be localized "hot spots" 
which are difficult to cool by conventional means, and which could benefit 
by the application of heat pipe cooling techniques. 

0 An assessment of HPRC for HiMaTE will require data on engine dimen- 
sions, flow rates, pressures, temperatures, and heat loads for a representa- 
tive engine and cruise condition. 
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APPLICATION OF HiMaTE HEAT TRANSFER DATA TO HPRC ~ 

At the earlier meetings with General Electric and Pratt & Whitney related to 
their HiSPA programs, information was not provided on heat fluxes which were 
incident on the engine hot section from the combustion gas, or on associated heat 
transfer coefficients. This information was needed in order to establish that HPRC- 
calculated heat loads would be consistent with the methods used by the contractors 
to esfablish engine design and performance characteristics. 

At the high combustion temperatures involved, thermal radiation could be a 
significant contributor to the hot section heat load, along with convective heat 
transfer. When asked whether radiation had been included in assessing heat loads, 
General Electric replied that radiation had not been included. Since the General 
Electric analysis of HiSPA engine performance was used as the basis for the HPRC 
heat transfer analysis, radiation was similarly neglected in evaluating HPRC heat 
fluxes. 

At the March 14 HiMaTE meeting, General Electric presented a chart showing 
heat fluxes at the inner surface of the engine hot section for HPRC and HiMa'IX (see 
Figure 8). The Hih4aTE data is given for film cooling and no film cooling, and in- 
cludes the radiative contribution to heat transfer. Only the no-film-cooling data is 
applicable to HPRC. The HPRC data in the figure applies to the ramburner. HPRC 
system temperatures were then calculated using this information. 

The HPRC data applies for Mach 5 cruise at 70 % of full power, a dynamic 
pressure of 1000 lb/ft?, an altitude of 80,000 ft, and a recovery temperature in the 
engine of 4200 OF. 

From other data presented by General Electric, it was assumed that the 
HiMaTE data applied for a Mach 5.5 cruising speed and a recovery temperature of 
about 4500 OF. Since no information was supplied on the cruise altitude and dynamic 
pressure, the dynamic pressure was also assumed to be 1000 lb/@. The correspond- 
ing cruise altitude was not calculated, but is estimated to be around 83,000 ft. 
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HEAT W S F E R  COEFFICIENTS 

Since the HPRC heat transfer codes use heat transfer coefficients as input, the 
heat flux data was converted to heat transfer coefficient data for the engine by the 
equation 

where q is the heat flux, h is the heat transfer coefficient, Tr is the gas recovery 
temperature, and Tw is the inner surface temperature of the hot section. If radiative 
heat transfer was a significant component of the total heat flux, the above equation 
was used to calculate a "pseudo" heat transfer coefficient which accounts for both 
convective and radiative heat transfer. 

Additionally, the mean heat transfer coefficient for the nozzle h,,, is used in 
the HPRC codes. The overall hme, for the nozzle was obtained by weighting the 
mean heat transfer coefficient between the ramburner exit and the nozzle throat by 
the distance between those points, and the mean heat transfer coefficient between the 
throat and the nozzle exit by the distance between those points. 

In the HPRC reference design, the distance between the ramburner exit and the 
nozzle throat is 15 in., the distance between the nozzle throat and the nozzle exit is 
65 in., and the total nozzle length is 80 in. 

Thus, hmem was calculated from the equation 

where h, is the heat transfer coefficient at the ramburner exit, ht is the heat transfer 
coefficient at the nozzle throat, and hm is the heat transfer coefficient at the nozzle 
exit. 

Since the heat flux at the exit of the inner nozzle surface was not included in 
the General Electric HiMaTE data, it was necessary to obtain the corresponding heat 
transfer coefficient by other means. This was done by estimating the ratio of the exit 
to the throat heat transfer coefficients from General Electric HiSPA data>2 and then 
using this ratio to calculate the nozzle exit heat transfer coefficient from the KiMaTE 
nozzle throat data. 

19 



Without Radiation 

Results for the heat transfer coefficients (neglecting the contribution of 
radiation) are given in Table 5. 

144 
4500 
3000 

346 

Parameter 

4500 

122 

Heat Flux, Btu/#-sec 
Recovery Temperature, OF 
Inner Surface Temperature, OF 
Heat Transfer Coefficient, Btu/hr-@- 
OF 
Mean Nozzle Heat Transfer Coefficient, 
~tu/hr-ft2-0~ 

Ramburner 
Exit 

39 
4500 
3000 
93.6 

Nozzle Nozzle 
Throat I Exit (1 

lgo II 
It was then necessary to correct the Mach 5.5,4500 OF HiMaTE data in Table 

5 to the Mach 5.0,4200 OF conditions corresponding to the HPRC reference design. 
The correction factor was estimated by comparing the heat transfer coefficient at Mach 
5 with that at Mach 5.5, for a dynamic pressure of 1000 lb/fi? and a recovery 
temperature of 4200 OF. Again, this information was generated from General Electric 
HiSPA data.12 The correction factors are listed below. 

Ramburner Nozzle Throat Nozzle Exit 
hM&M5.5 0.905 0.823 0.930 

With Rudiation 

In the HiMaTE data of Figure 8, the radiative contribution to heat transfer at 
the nozzle throat for an inner surface temperature of 3000 OF is about 7% of the 
convective contribution. At surface temperatures of 3300-3400 OF which are 
characteristic of the HPRC reference design, the radiative contribution will be even 
smaller. Since the gas temperature drops off considerably aft of the throat, the 
radiative contribution in this region will also decrease (although the convective 
contribution also decreases). Therefore, it was assumed that radiation has a negligible 
effect on the mean heat transfer coefficient in the nozzle. 

The situation is quite different in the ramburner. According to the HiMaTE 
data of Figure 8, the radiative contribution to heat transfer at the ramburner exit is 
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about 57% greater than the convective contribution. The basis for this calculation is 
not known, nor are the gas and wall emissivities uponlwhich radiative heat transfer 
from the gas is strongly dependent. 

Case 

Original (GE HiSPA Case 176) 
GE WMaTE (no radiation) 
GE HiMaTE (including radia- 
tion) 

For the HPRC ramburner, wall temperatures are in the 3300-3400 OF range, and 
the gas recovery temperature is 4200 OF. These temperatures compare with 3000 OF 
and 4500 OF, respectively, for HiMaTE. With the smaller gas-to-wall AT with HPRC, 
the radiative contribution should be substantially smaller. 

hc, Bty/hr-fP-OF hmean, B W - f P - O F  

98.1 144 
84.7 162 
169* 162 

The HPRC heat transfer codes do not presently include provision for radiative 
heat transfer between the combustion gas and the inner surface of the ramburner and 
nozzle. For purposes of calculation, it was assumed that the radiative and convective 
contributions to heat transfer were equal in the ramburner. An equivalent convective 
heat transfer coefficient was then defined for the ramburner which is twice that for 
convective heat transfer alone. 

Resulting Heat Transfer Coeflicients 

Resulting heat transfer coefficients applied to the HPRC representative design 
are listed in Table 6, along with the original heat transfer coefficients. (Jhe original 
heat transfer coefficients are slightly smaller than earlier values. This is because of 
an adjustment which was made in the specific heat ratio y so that the HPRC engine 
temperatures would be more compatible with the General Electric HiSPA data [see 
page 281.1 

* Assumes radiative and convective components of heat transfer are equal. 

REVlSED HPRC TEhPERATURE CALCULAlTONS 

HPRC temperatures calculated with the HPRCc code, using the heat transfer 
coefficients of Table 6, are shown in Figure 9. 

I 

' I  

Without the radiative contribution, the ramburner inner wall temperature Tc 
decreases by 58 OF from 3334 to 3276 OF when heat transfer Coefficients derived from 
the HiMaTE data are used, while the mean nozzle inner wall temperature Tnmean rises 
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by 52 OF from 3343 to 3395 
OF. The heat pipe vapor 
temperature Tvi in the insu- 
lated panel rises by 10 OF 
from 2389 to 2399 OF, while 
Tw in the radiating panel 
rises by 8 OF from 2280 to 
2288 OF. 

When radiation is 
included, Tc increases by 237 
OF to 3571 OF, Tnmean in- 
creases by 66 OF to 3409 OF, 
Tvi increases by 79 O F  to 2468 
OF,-and TW increases by 67 
OF to 2347 OF. 

Since the originally 

Lsoena 
o w  
QE HUaTE (no md) 
QE W E  (w. d) 

Figure 9. HPRC Temperatures 
1 

assumed radiation contribution will be reduced at the higher calculated value of Tc, 
the actual value of Tc is smaller than indicated. Therefore, the HPRC system tem- 
perature changes resulting from the inclusion of radiative heat transfer may be 
regarded as upper limits. 

If necessary, HPRC system and hot section temperatures can be reduced by 
implementing one or more of the following steps. 

0 An increase in the HPRC radiating area 
0 A reduction in thickness of the hot section walls 
0 An increase in thermal conductivity of the hot section walls 
0 Addition of a thermal insulating layer to the inner surface of the hot section 

walls 
0 Cruise at Mach 5 or less at an altitude above 80,000 ft  (lower dynamic 

pres sure) 
0 Cruise at a dynamic pressure of 1000 lb/@ and a Mach number less than 

5 (lower altitude) 

The fourth option was considered earlier in this report, and was shown to be 
extremely effective in reducing hot section temperatures. 

The last two options are assessed in the following section, and also lead to 
lower combustion gas temperatures. The radiative contribution to heat transfer will 
also be smaller at the lower gas temperatures. For example, if the cruise condition 
is Mach .45 at 90,000 ft, the gas temperature in the ramburner is 3942 OF, 258 OF below 
that of the reference HPRC design. The radiative contribution to heat transfer, and 
its impact on peak hot section temperatures, is then substantially lower than indicated 
by the above results. 
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HPRC AT OTHER CRUISE CONDITIONS 

The HPRC heat transfer analysis was based on HiSPA engine data for a 
dynamic pressure of 1000 lb/#, a flight speed of Mach 5, and an altitude of 80,000 
ft. The effect of other cruise conditions on HPRC system temperatures, and methods 
by which this information was obtained, are described in this section. 

ESTABLISHMENT OF OTHER CRUISE CONDITIONS 

The dynamic pressure pd at a given altitude is given by 

Pd = p v 2  = p C 2 P  

where p is the air density, V is the flight speed, C is the sonic velocity, and M is the 
Mach number. 

Above 40,000 ft, the ambient temperature To remains approximately constant 
at 392 O R .  The sonic velocity, which is proportional to Tq is then also constant. For 
a given dynamic pressure q, the air density p then varies mversely as M2. From this 
relationship, the air density at any Mach number for a given q can be found from the 
known p at some specified M. The altitude corresponding to p can then be obtained 
from the Standard Atmosphere Table.13 

This procedure was used to find the altitude corresponding to Mach numbers 
4.5 and 4 at Pd = 1000 l b / P  from the air density at 80,000 ft (the altitude which 
corresponds to Mach 5 and pd = 1000 lb/#). Results are given in Table 7. 

Mach Number 

5.0" 

4.5 

4.0 

Air Density, lb/ft3 Altitude, ft 

0.0027T 80,000" 
0.00342 75,600 

0.00433 I 71,700 

* Reference design 

Engine characteristics needed to calculate heat transfer coefficients in the 
combustion gas stream and in the external air stream were then determined for Mach 
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4 and 4.5 by extrapolation of characteristics calculated by General Eledric for these 
Mach numbers at altitudes of 70,000 and 80,000 ft!2 

In addition to determining HPRC characteristics for Mach 4, 4.5 and 5 at 
altitudes corresponding to Pd = 1000 lb/f?, HPRC characteristics were also obtained 
for these same Mach numbers at altitudes of 80,000 and 90,000 ft. The dynamic 
pressures for these conditions were found by first obtaining the air density 
corresponding to the various altitudes from the Standard Atmosphere Table,13 and 
noting that the dynamic pressure is proportional to the air density. The various cases 
which were considered are summarized in Table 8. 

* , Reference design conditions. 

HOT SECTION DIMENSIONS 

As the cruise Mach number changes, certain hot section dimensions also 
change. Dimensions for Mach 5 and Mach 4.5 were obtained from General Electric 
data for a hydrogen-fueled engine with an air flow rate of about 400 lb/sec. 
Dimensions for Mach 4 were obtained for a JP-7-fueled enghe with the same flow 
rate>2 (There was no hydrogen-fueled data for Mach 4.) 

A schematic of the hot section is shown in Figure 10. The dimensions which 
do not vary with Mach number are indicated on the figure. 
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Figure 10. Hot Section Dimensions 
. I  

Values of the three dimensions which do vary - the nozzle throat diameter D, 
the nozzle length downstream of the throat L, and the total hot section length L - 
are given in Table 9. 

D,' (obtained from GE engine performance calculations) differs slightly from 
D, (obtained from the GE dimensional data). D,' was used in the HPRC calculations. 

. I  

' I  

I 
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INTEXNAL HEAT TRANSFER COEFFICIENTS 

The heat transfer coefficient at a given point along the hot section gas flow path 
was calculated using the following equations4 

4w Re = - 
PD 

- ~ ~ 0 . 3 3 3  t -  

0.15 
Nu, = 0.020 Reos8 (:) 

k Nu, 
D 

h, = - 

where W is the gas mass flow rate, p is the gas absolute viscosity, D is the diameter, 
r is the recovery factor, y is the ratio of constant pressure and constant volume specific 
heats, M is the Mach number, Tr is the absolute gas recovery temperature, Te is the 
absolute bulk gas temperature, Tw is the absolute wall temperature, Re is the 
Reynolds number, Pr is the Prandtl number, Nu, is the Nusselt number for a long 
duct with fully developed flow, k is the gas thermal conductivity, and h, is the heat 
transfer coefficient for a long duct with fully developed flow. Air tables were used 
to find the temperature-dependent gas properties. 

In the hot section, the combustor is a relatively short duct, and the nozzle is a 
duct whose diameter varies along its length. In accordance with the procedure 
followed in Ref. 4, the heat transfer coefficient h, in the ramburner (and at the nozzle 
entrance) is taken to be 2h, to allow for the thinner boundary layer on the inner 
surface and hence lower thermal resistance. Similarly, the heat transfer coefficient 
in the nozzle is taken to be 1.2h,, the smaller multiplying factor being used because 
of the longer duct length in the nozzle. 



Heat transfer coefficients were calculated for the ramburner (hJ, the nozzle 
throat &), and the nozzle exit (he). The heat transfer coefficient at the ramburner exit 
(nozzle inlet) was assumed to be equal to the mean ramburner heat transfer coefficient 
h,. The mean heat transfer coefficient for the nozzle bean was obtained by 
weighting the various nozzle h's according to the equation 

In order to calculate heat transfer coefficients at various points along the hot 
section flow path, the mass velocity and gas temperature must be known at the points 
of interest, Methods for calculating these parameters from known conditions at the 
nozzle inlet are described under "Nozzle Relationships" in the Appendix. 

The Mach number 
calculated from the equations 

at the ramburner exit (and nozzle inlet) was 

I 

n 2  A, = -0, 
4 

VI: 
a ci M. = - 

27 



where Pi, Ti, and pi are the pressure, absolute bulk temperature, and density at the 
nozzle inlet, R is the gas constant for air, D, and A, are the ramburner diameter and 
flow area, W is the gas mass flow rate, Vi and Ci are the flow velocity and sonic 
velocity at the nozzle inlet, y is the ratio of specific heats at constant pressure and 
constant volume, and y is the Mach number at the nozzle inlet. The pressure Pi at 
the nozzle inlet (ramburner exit) was taken to be equal to the total pressure at the 
engine inlet. 

g 

The specific heat ratio y was assumed to be 1.333 during the earlier HFRC 
calculations. However, the value of y was adjusted during the present calculations 
to conform more closely to the GE HiSPA data. The adjustment was made using the 
following equation. 

To = (1 +?@)T, 

where To is the absolute total temperature, Te is the absolute static (bulk) gas 
temperature, and M is the Mach number. 

At the nozzle throat, M = 1. Solving for y from the above equation for this 
case, 

For the reference flight conditions of M = 5 at an altitude of 80,000 ft, Te at the 
nozzle throat is 4144 OR from the GE HISPA data, and To as stated by GE personnel 
is 4660 OR. Then, from the above equation, y = 1.249. This value was used for all 
calculations reported here. This smaller value of y resulted in a slight downward 
adjustment in combustion gas heat transfer coefficients. 

Once the nozzle inlet Mach number is known, along with the inlet temperature, 
pressure, and flow area, these variables can be found at any other location along the 
nozzle by the use of standard nozzle equations14 (see Appendix). They were 
calculated here at the nozzle throat and exit. The nozzle efficiency was assumed to 
be 100% upstream of the throat, and 98% downstream of the throat. Once this 
information was obtained, the heat transfer coefficients were calculated using the 
equations listed on page 26 and the top of page 27. 

Results obtained for the heat transfer coefficients are summarized in Table 10 
for the cruise conditions listed in Table 8. A more detailed breakdown of the data 
involved in calculation of the heat transfer coefficients is given in Tables A1 through 
A8 of the Appendix, under "Hot Section Property and Heat Transfer Data. 
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Mach 
Number 

98.1 

73.4 

56.9 

5.0 

4.5 

4.0 

5.0 

4.5 

4.0 

- 
204 81.6 144 
136 65.2 101 

83.2 51.8 68.2 

4.5 

4.0 

67.4 

51.5 

38.9 

Altitude, 
ft 

145 57.1 102 

93.3 46.4 70.4 

58.8 35.3 47.5 

80,000 

80,000 

80,000 

90,000 

90,000 

90,000 

- 
90.1 

79.1 

75,600 
71,700 

163 79.2 122 
118 71.3 95.5 

I 

1 

Dynamic 
Pressure, I lb/ftz 
i 
! 

1000 

810 

640 

621 

503 

' 397 

- 
' 1000 

1000 

Heat Transfer Coefficient, 
B tu/hr- f f?- "F 

Nozzle Noz- Noz- Nozzle 
Inlet I zle I zle I Mean 

How path heat transfer coefficients, and hence HPRC system temperatures, are 
seen to vary substantially with cruise Mach number and altitude. 

EXTERNAL HEAT ZXAiVSFER COEFFICIENTS 

Heat transfer coefficients on the HPRC nacelle and wing external surfaces also 
vary with cruise conditions. They were calculated using the following equations. 

Tr = Ta (1 + - Y - 1  I-@) 
2 
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where TI is the absolute recovery temperature, Ta is the absolute ambient air 
temperature = 392 OR, y is the specific heat ratio = 1.4, Pr is the Prandtl number, r is 
the recovery factor = pryh, M is the cruise Mach number, E is the surface emissivity 
= 0.8, (3 is the Stefan-Boltzmann constant = 0.476~10'~~ Btu/fl?-~ec-~R~, TIe is the 
absolute radiation equilibrium temperature, and hat is the heat transfer coefficient. 
Tre was obtained from Table 1.2 of Ref. 15. 

The Prandtl number is a slowly varying function of temperature. It was 
evaluated at a temperature of 1880 OF, where its value is 0.722. It follows that r = 
0.900. 

Heat transfer coefficients were evaluated at angles of attack of 0 and 10 deg. 
The value for 0 deg was used as hext for the sides of the HPRC nacelle. The value for 
10 deg was used as hext for the nacelle bottom and the undersurface of the aircraft 
wing to which the engine is attached. 

Results are given in Table 11 for the same cruise conditions (Table 8) as were 
used to calculate the internal heat transfer coefficients of Table 10. 

MAXZMUM XAMBURNER TEMPERATURE AT VARIOUS CRUlSE CONDITlONS 

In Figure 11, the max- 
imum (inner wall) ram- 
burner temperature with i~ 

HPRC is shown for each of $ 
the cruise conditions which 
have been considered. These 

with the HPRCc code for 2 Configuration 3V,' with the 2 

mately 70% of full power. 

L 

8 
temperatures were generated F E 

engine operating at approxi- s 
s 

L 

[r 

In general, the tem- f 
5 perature of the inner ram- 

burner wall is higher than 
the mean temperature of the 
nozzle inner wall. The re- 
verse is true for the Mach 5 
cases. At an altitude of 80,000 ft, 
altitude of 90,000 ft, the nozzle tern 

Madl 4.0 Mach 5.0 

Figure 11. Ramburner Temperatures 

the nozzle temperature is 9 OF higher. At 
.perature is 28 OF higher. 

It 

an 
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In each case, the length of the HPRC nacelle is equal to the hot section length 
(112 in. at Mach 5,104 in. at Mach 4.5,90 in. at Mach 4). Had the nacelle length been 
maintained constant at the reference design value of 112 in., temperatures at Mach 
numbers less than 5 would be significantly lower than those of Figure 11. 
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Mach 
Number 

;,:,:+&&>~~~ 

5.0 

4.5 

4.0 - 
5.0 

4.5 

4.0 - 
4.5 

4.0 

Altitude, 
ft 
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80/000 

80,000 - 
90,000 

90,000 

90,000 - 
75,600 

7l,700 

.:.:.:.:.: ............... :.,:.:.: .......,.... 
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.......................... (A ........ 

Dynamic 
Pressure, 

lb/@ 

1000 

810 

640 - 
621 

503 

397 - 
1000 

1000 

Angle of 
Attack, 

deg 

0 
10 

0 
10 

0 
10 

0 
10 

0 
10 

0 
10 

0 
10 

0 
10 

- 
- 

... 

Radiation 
Equil. 

Temp., "R 

1460 
1642 

1330 
1468 

1200 
1294 

1402 
1595 

1285 
1435 

1168 
1274 

1358 
1493 

1241 
1323 

- 
- 

. . . . .  

Recovery 

"R 
Tap . ,  

2156 
2156 

1821 
1821 

1521 
1521 

2156 
2156 

1821 
1821 

1521 
1521 

1821 
1821 

1521 
1521 

- 
- 

Heat Transfer 
Coeff., 

~tu/hr/ft2-~~ 

8.96 
19.40 

8.74 
18.05 

8.86 
16.95 

7.03 
15.83 

6.98 
15.07 

7.23 
14.63 

10.08 
20.78 

11.62 
22.11 

. I  

It is evident that the cruise Mach number and altitude have a strong effect on 
the maximum ramburner temperature. 

At Mach 5, the temperature drops from 3320 to 3150 OF when the altitude 
increases from 80,000 to 90,000 ft. 

At Mach 4.5, the temperature at a dynamic pressure of 1000 lb/@ and an 
altitude of 75,600 ft drops to slightly over 3100 OF. As the altitude increases first to 

. I  
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80,000 ft  and then to 90,000 ft, the temperature drops further to 3020 O F  and then to 
2860 OF. 

At Mach 4.0, q = 1000 lb/f(?, and an altitude of 71,700 ft, the temperature is 
2880 OF. As the altitude rises first to 80,000 ft  and then to 90,000 ft, the temperature 
drops to 2740 OF and then to 2570 OF. 

These results show that if the engine is cruising slightly below Mach 4.5 at 
90,000 ft, the hot sedion temperatures will be around 2800 OF, a level within near- 
term expectations for carbon-carbon. Temperatures will be even lower if the nacelle 
length is maintained at the reference design value of 112 in. 

Reference to Tables A1 and A5 in the Appendix shows that the ramburner gas 
temperature is 258 OF cooler at Mach 4.5 and 90,000 ft than at the reference design 
cruise conditions of Mach 5 and 80,000 ft. Therefore, the radiative contribution to 
heat transfer in the ramburner should be appreciably less for cruise at Mach 4.5 and 
90,000 ft. 
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APPLICABILITY OF Jp-4 FUEL TO HPRC 

With HPRC, the hot section heat load on the engine is radiated to the 
surrounding heat pipe nacelle and passively dissipated to the surrounding environ- 
ment. The auxiliary heat load on the aircraft is absorbed by the JP-7 engine fuel. JP- 
7 is thermally stabilized, with an upper temperature limit of about 550 OF. 

40 0 

380 

360 

340 

320 

300 
2.0 2.5 3.0 

Mach Number 

Conventional JP-4 fuel is 
not thermally stabilized, and has 
an upper temperature limit of 
around 300-350 OF. It is of 
interest to determine maximum 
cruising speeds if HPRC were 
employed on an engine fueled 
with JP-4. 

Assumingthat the specif- 
ic heats of JP-4 and JP-7 are 
comparable, the bulk JP-4 fuel 
temperature after absorbing the 
aircraft heat load at 70% of full 
thrust is derivable from data in 
Ref. 11. 

5 

The variation of fuel 
temperature with Mach number 

Figure 12. JP-4 Temperature Versus 
Mach Number 

is shown in Figure 12. 

From Figure 12, the upper limit on cruise Mach number with HPRC when JP-4 
is used as fuel is about 3. The fuel would then be heated to about 350 OF after 
absorbing the aircraft heat load. At flight speeds above Mach 4, nonconventional high 
thermal capacity fuels are normally required for direct fuel cooling of the engines. 
It appears that HPRC would not be a suitable alternate cooling approach for such 
situations, if the engine were fueled with JP-4. 
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CONCLUDING REMARKS 

In the initial HPRC heat transfer studies reported in Ref. 4, it was established 
that, with HPRC and the use of JP-7 fuel, cruising speeds in excess of Mach 5 at an 
altitude of 80,000 ft could be attained. The F-7 fuel would then be used to absorb 
the aircraft heat load, while HPRC handled the entire heat load of the engine hot 
section. The capability of using JP rather than high thermal capacity endothermic or 
cryogenic fuels increases the economic attractiveness, and hence the commercial 
viability, of hypersonic flight. This capability is made possible because the engine hot 
section heat load is removed by HPRC rather than fuel. 

In order to obtain an indication of HPRC system size, weight, and tempera- 
tures, a cruising speed of Mach 5 at an altitude of 80,000 ft was selected for analysis, 
with the assumption that carbon-carbon was the engine hot section material. The 
studies indicated that the system size and weight were reasonable for these 
conditions, but that hot section temperatures would be well in excess of 3000 OF, 
Carbon-carbon has adequate strength at the hot section temperatures, but the 
temperature capability of the required oxidation-resistant coating would have to be 
extended by hundreds of degrees beyond current capabilities in the 2600 to 2800 O F  
range. 

I 

The extension of materials capability into the 3200 O F  range, whether that 
material be carbon-carbon, ceramic matrix composite, or some as yet unanticipated 
development, is a key requirement for future NASA propulsion advances. 

The hot section temperature requirements of the initial HPRC studies are 
consistent with these longer term NASA materials goals. However, the reference 
HPRC design was not intended as a definitive statement of HPRC system require- 
ments. It primary purpose is to serve as a basis for gauging the impact of various 
flight and/or design modifications on system design and performance. 

The current HPRC investigations evaluated the impact of thermally insulating 
the hot section and of cruising at lower Mach numbers and higher altitudes. It was 
found that these approaches could reduce hot section temperatures to and below the 
2800 OF level, which is more consistent with shorter term carbon-carbon temperature 
goals. These goals are achievable by insulating with approximately 0.1 in. of thermal 
barrier coating (IBC), or by cruising at around Mach 4.5 and an altitude of 90,000 ft. 
The addition of TBC in the latter case would permit an increase in the cruise Mach 
number and/or a decrease in cruise altitude. 

There was insufficient information available at the time the current studies 
were being carried out to qualitatively evaluate the integrability of HPRC with 
HiMaTE engine designs. However, qualitative review of the information which was 
available indicates the potential attractiveness of HPRC for handling all or the 
majority of HiMaTE hot section heat loads. 
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Radiation heat transfer from the hot combustion gas can increase the heat load 
in the ramburner of a hypersonic engine. However, the extent of this increase and 
its impact on hot section temperatures in an HPRC system require a more detailed 
thermal analysis than the approximate analysis which was described in this report. 

I 

Higher heat loads which may be encountered when radiation is taken into 
account can be handled through suitable HPRC design modifications, including an 
increase in the size of the heat rejection panels, the use of thermal insulation, thinner 
and/or higher thermal conductivity hot section walls, and cruise at higher altitudes 
and/or lower Mach numbers. 

Thermally stabilized Tp-7 fuel appears to be best suited as the fuel in a 
hypersonic engine with HPRC for the hot section. Its thermal capaafy is adequate 
to absorb the aircraft heat load at cruising speeds at least up to Mach 5. 

More detailed consideration of heat pipe heat transport requirements led to 
selection of thinner, artery-type wicks and vapor space dimensions substantially 
larger than were used in the initial HPRC heat transfer studies. However, these 
design changes have little effect on HPRC system weight and temperatures. 

I 
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APPENDIX 

NOZZLE xELATIONSmS14 

In order to calculate the heat transfer coefficient at some point along the hot 
section nozzle, the Reynolds and Prandtl numbers at that point must be determined. 
This in turn requires that the temperature and mass velocity at that point be known, 
Thermodynamic principles of nozzle flow are used to calculated this information, 
given the state of the gas at the nozzle inlet. 

Consider the converging- 
diverging nozzle shown in Figure 
Al. Conditions at the nozzle inlet 
are denoted by the subscript i, and 
at a point e downstream of the 
throat by e. If the downstream Mi 

point is at the nozzle exhaust, then 

at the nozzle exhaust. The sub- T~~ 
script o denotes stagnation condi- 
tions when the gas has been 

p, 

the subscript e denotes conditions poi Ai 

brought to rest isentropically. Inlet 

Te 
- i j 

P O ,  
i 
j 

Exhaust 
The stagnation enthalpy and 

temperature in a nozzle are con- 
stant as long as the flow is adiabatic (heat is not transferred into or out of the nozzle), 
Since the nozzle walls are being cooled, the flow with HPRC is not adiabatic. 
However, since the heat removed by cooling is generally only a small fraction of the 
total enthalpy content of the nozzle gas flow, the flow is assumed adiabatic for 
purposes of calculating nozzle heat transfer coefficients. 

Figure Al. Nozzle Nomenclature 

If the gas flow is isentropic (reversible without frictional losses), the stagnation 
pressure is also constant. However, in the more general case of adiabatic flow the 
stagnation pressure will drop below the adiabatic value. 

The following variables will now be defined. 
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The nozzle efficiency qn is defined as 

where Tes denotes the absolute temperature at point e if the gas had expanded 
isentropically to that point. 

Upon solving the above equation for Te/TOi, 

Now for an isentropic expansion from the nozzle inlet state, . 

Therefore, Te/Toi may be written 

For a specified downstream pressure ratio p and nozzle efficiency qn, the 

The associated Mach number Me is given by the expression 

corresponding Te can be found from the above equation. 
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From the previous equations. the above equation may be wriHen 

The ratio of stagnation pressures at the nozzle inlet and at point e can be 
expressed in the form 

The ratio of nozzle flow area at point e to that at the nozzle inlet can then be 
calculated from the equation 

The inlet Mach number in the above equation can be obtained from the 
equations on page 27. 

The mass velocity G, at point e is then found by dividing the nozzle mass flow 
rate W by A,. 

Once G, and the temperature T, have been obtained from the above equations, 
the temperature-dependent gas properties and the Reynolds number Re at point e 
may be evaluated. The corresponding Nusselt number and heat transfer coefficient 
h may then be calculated, using the equations listed on page 26. 

At the nozzle throat, the Mach number is 1, which considerably simplifies the 
above equations. Additionally, if the nozzle flow is assumed to be isentropic up to 
and including the throat, the nozzle efficiency qn to that point is 1, further simplifying 
the nozzle equations. 
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HOT SEClTON PROPERTYAND HEAT ll3AiVSFER DATA 

In Tables A1 through A8, data on engine hot section properties and heat 
transfer characteristics is given for engines cruising at approximately 70% of full 
power as a function of Mach number and altitude. Some of the data was obtained 
from Ref. 12. The remainder was calculated from the nozzle equations presented 
above and the heat transfer equations on page 26. The nozzle efficiency was taken 
to be 1 upstream of the throat and 0.98 downstream of the throat. 

The data listed in Tables A1 through A8 was used in the HPRCc code to 
calculate HPRC system temperatures for various cruise conditions. 
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Mach number 
Altitude, ft 

Dynamic pressure, lb/# 
Air flow rate, lb/sec 

5 
80,000 
1000 
381 

~~ 

Parameter 

Pressure/total pres- 
sure 
Gas temperature, OF 
Recovery tempera- 
ture, OF 
Pressure, psia 
HOW area, ft2 
Diameter, ft 
Mach number 
Prandtl number 
Reynolds number 
Nusselt number 
Heat transfer coeff. 
(inf. tube), Btu/hr- 

Heat transfer coef., 
#-OF 

~tu/hr-ft2-0~ 

Mean heat transfer 
coef. (nozzle), Btu/- 
hr-ft2-OF 

Combustor 
& Nozzle 
Inlet 

1.000 

4200 

4211 

116.8 

12.56 

4.00 

0.1395 

0.972 

2.55~1 O6 

2766 

49.03 

98.1 

Nozzle 
Throat 

0.553 

3681 

4175 

64.6 

2.94 

1.936 

1.003 

0.863 

5.56~10~ 

4952 

169.6 

204 

144.4 

Nozzle 
Exit 

0.085 

2427 

4031 

9.93 

7.24 

3.035 

2.22 

0.741 

4.36~10~ 

3857 

67.99 

81.6 

.--- . ..T- -1- ' - 



Mach number 
Altitude, ft 

Dynamic pressure, lb/ff? 
Air flow rate, lb/sec 

4.5 
80,000 
810 
286 

Parameter 

Pressure/total pres- 
sure 
Gas temperature, OF 
Recovery tempera- 
ture, O F  
Pressure, psia 
HOW area, n2 
Diameter, ft 
Mach number 
Prandtl number 
Reynolds number 
Nusselt number 
Heat transfer coeff. 
(inf. tube), Btu/hr- 

Heat transfer coef., 
@-OF 

~tu/hr-ft2-0~ 

Combustor 
& Nozzle 
Inlet 

1.000 

3928 

3943 

70.9 

12.56 

4.00 

0.1653 

0.944 

1.945~10~ 

2185 

36.71 

73.4 

Nozzle 
Throat 

0.553 

3439 

3898 

39.2 

3.48 

2.10 

1.003 

0.831 

3.94~10~ 

3678 

113.1 

135.7 

101.3 

Nozzle 
Exit 

0.114 

2417 
3785 

8.08 

7.08 

3.003 

2.05 

0.741 

3.30~10~ 

3061 

54.33 

65.2 

Mean heat transfer 
coef. (nozzle), Btu / - 
hr-@-OF 
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Mach number 
Altitude, ft 

Dynamic pressure, lb/ft? 
Air flow rate, lb/sec 

4.0 
80,000 

640 
214 

Parameter 

Pressure/total pres- 
sure 
Gas temperature, OF 
Recovery tempera- 
ture, OF 
Pressure, psia 
HOW area, ft2 
Diameter, ft 
Mach number 
Prandtl number 
Reynolds number 
Nusselt number 
Heat transfer coeff. 
(inf. tube), Btu/hr- 
#-OF 

Heat transfer coef., 
B ~ u / ~ ~ - @ - o F  

Combustor 
& Nozzle 
Inlet 

~~ 

1.000 

3680 

3702 

40.2 

12.56 

4.00 

0.214 

0.863 

1 .51Ox1O6 

1717 

28.46 

56.9 

Nozzle 
Throat 

0.553 

3219 
3646 

22.2 , 
4.45 

2.38 

1.003 

0.793 

2.70~1 O6 

2654 

69.36 

83.2 

68.2 

Nozzle 
Exit 

0.173 

2483 
3569 

6.95 

7.07 

3.001 

1.808 

0.744 

2.45~10~ 

2396 

43.20 

51.8 

Mean heat transfer 
coef. (nozzle), Btu / - 
hr-f?-"F 
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. . . . . . . . . . . . . . . . . . . . 

Mach number 
Altitude, ft 

Dynamic pressure, lb/ff? 
Air flow rate, lb/sec 

5 
90,000 
621 
238 

Parameter 

Pressure/total pres- 
sure 
Gas temperature, OF 
Recovery tempera- 
ture, OF 
Pressure, psia 
HOW area, ft2 
Diameter, ft 
Mach number 
Prandtl number 
Reynolds number 
Nusselt number 
Heat transfer coeff. 
(inf. tube), Btu/hr- 

Heat transfer coef., 
#-OF 

~tu/hr-rt2-0~ 

Combustor 
& Nozzle 
Inlet 

1.000 

4215 
4226 

73.4 
12.56 
4.00 
0.1384 
0.972 
1.595~10~ 
1901 
33.70 

67.4 

Nozzle 
Throat 

0.553 

3694 
4200 

40.6 
2.92 
1.929 
1.003 
0.916 
3.41~10~ 
3409 
120.7 

144.8 

101.9 

Nozzle 
Exit 

0.0870 

2449 
4045 

6.39 
7.08 
3.002 
2.21 
0.741 
2.75~10~ 
2669 
47.57 

57.1 

Mean heat transfer 
coef. (nozzle), Btu/- 
hr-ft2-OF 
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Mach number 
Altitude, ft 

Dynamic pressure, lb/ft? 
Air flow rate, lb/sec 

4.5 
90,000 

503 
178 

Parameter 

Pressure/total pres- 
sure 
Gas temperature, OF 
Recovery tempera- 
ture, OF 
Pressure, psia 
HOW area, ft2 
Diameter, ft 
Mach number 
Prandtl number 
Reynolds number 
Nusselt number 
Heat transfer coeff. 
(inf. tube), Btu/hr- 

Heat transfer coef., 
@-OF 

~ t ~ ~ h r - f t z - ~ ~  
Mean heat transfer 
coef. (nozzle), B h / -  
hr-ft2-OF 

Combustor 
& Nozzle 
Inlet 

1.000 

3942 
3956 

44.5 
12.56 
4.00 
0.1643 
0.930 
1 .218~10~ 
1496 
25.73 

51.5 

Nozzle 
Throat 

0.553 

3452 
3913 

24.6 
3.45 
2.097 
1.003 
0.831 
2 . 4 6 ~ 1 0 ~  
2524 
77.75 

93.3 

70.4 

Nozzle 
Ekit 

0.113 

2421 
3811 

5.03 
7.08 
3.002 
2.06 
0.763 
1.902~10~ 
1991 
38.67 

46.4 



Mach number 
Altitude, ft 

Dynamic pressure, lb/ftz 
Air flow rate, lb/sec 

4.0 
90,000 
397 
133 

Parameter 

~~~ 

Pressure/ total pres- 
sure 
Gas temperature, OF 
Recovery tempera- 
ture, O F  
Pressure, psia 
Flow area, fi? 
Diameter, ft 
Mach number 
Prandtl number 
Reynolds number 
Nusselt number 
Heat transfer coeff. 
(inf. tube), Btu/hr- 

Heat transfer coef., 
@-OF 

~tu/hr-ft2-0~ 

Combustor 
& Nozzle 
Inlet 

1.000 

3680 

3701 

25.3 

12.56 
4.00 

0.207 

0.863 

0.939~10~ 

1174 

19.46 

38.9 

Nozzle 
Throat 

0.553 

3219 

3646 

13.99 

4.31 
2.34 

1.003 

0.793 
1 .711x106 

1842 

48.96 

58.8 

47.5 

Nozzle 
Exit 

0.164 

2452 

3564 

4.15 

7.06 

2.999 

1 .&lo 
0.741 

1.539~10~ 

1649 

29.42 

35.3 

Mean heat transfer 
coef. (nozzle), Btu / - 
hr-@-"F 
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Mach number 
Altitude, ft 

Dynamic pressure, lb/# 
Air flow rate, lb/sec 

4.5 
75,600 
1000 
363 

Parameter 

Pressure/total pres- 
sure 
Gas temperature, OF 
Recovery tempera- 
ture, OF 
Pressure, psia 
NOW area, # 
Diameter, ft 
Mach number 
Prandtl number 
Reynolds number 
Nusselt number 
Heat transfer coeff. 
(inf. tube), Btu/hr- 

Heat transfer coef., 
@-OF 

~tu/hr-ft2-0~ 
Mean heat transfer 
coef. (nozzle), Btu/- 
hr-ft2-OF 

Combustor 
& Nozzle 
Inlet 

1.000 

3921 
3936 

89.7 
12.56 
4.00 
0.1653 
0.927 
2 . 4 9 ~ 1 0 ~  
2646 
45.45 

90.9 

Nozzle 
Throat 

0.553 

3433 
3889 

49.6 
3.48 
2.10 
1.003 
0.817 
5 . 0 6 ~ 1 0 ~  
4467 
135.9 

163.1 

122i4 

Nozzle 
Exit 

0.114 

2412 
3778 

10.23 
7.08 
3.003 
2.05 
0.741 
4 . 1 9 ~ 1 0 ~  
3704 
65.99 

79.2 
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Mach number 
Altitude, ft 

Dynamic pressure, lb/ftz 
Air flow rate, lb/sec 

4.0 
71,700 
1000 
323 

Parameter 

~~~~~ ~ 

Pressure/total pres- 
sure 
Gas temperature, O F  

Recovery tempera- 
b e ,  O F  

Pressure, psia 
HOW area, ft2 
Diameter, ft 
Mach number 
Prandtl number 
Reynolds number 
Nusselt number 
Heat transfer coeff. 
(inf. tube), Btu/hr- 
@ - O F  

Heat transfer coef., 
~tu/hr-P-~~ 
Mean heat transfer 
coef. (nozzle), Btu/- 
hr-ft2-OF 

Combustor 
& Nozzle 
Inlet 

1.000 

3669 
3691 

60.4 
12.56 
4.00 
0.210 
0.863 
2 . 2 8 ~ 1 0 ~  
2387 
39.56 

79.1 

Nozzle 
Throat 

0.553 

3209 
3635 

33.4 
4.37 
2.36 
1.003 
0.793 
4 . 1 2 ~ 1 0 ~  
3720 
98.04 

117.6 

95.46 

Nozzle 
Exit 

0.166 

2451 
3553 

10.03 
7.11 
3.009 
1.83 
0.741 
3 . 7 2 ~ 1 0 ~  
3340 
59.39 

71.6 
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