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FORWARD 

This report, submitted to the United States Department of Energy, was prepared under US 
DOE Contract DE-AC03-89SF17787, Task 13. It presents the results of a study done at 
Lockheed Martin Astronautics analyzing the use of bimodal space nuclear power systems to 
support outer solar system exploration missions. The Lockheed Martin study reported here, 
which focuses primarily on the payload delivery and data return capabilities of the bimodal 
spacecraft system, was done as part of joint effort with another US DOE sponsored study 
performed at NASA’s Jet Propulsion Lab led by Jack Mondt, analyzing the science benefits 
resulting from such bimodal missions. This report has therefore also been forwarded to 
JPL for inclusion together with the JPL science benefits analysis in an overall document 
which will be available in March 1996 covering all aspects of bimodal exploration missions 
analyzed by the Lockheed MartidJPL team. 
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NEW VISION SOLAR SYSTEM EXPLORATIONS MISSIONS STUDY 

ANALYSIS OF THE USE OF BIMODAL SPACE NUCLEAR POWER SYSTEMS 
TO SUPPORT OUTER SOLAR SYSTEM EXPLORATION MISSIONS 

Dr. Robert Zubrin 
Lockheed Martin Astronautics 

Abstract 

This report presents the results of an analysis of the capability of nuclear bimodal systems to 
perform outer solar system exploration missions. Missions of interest include orbiter missions to 
Mars, Jupiter, Saturn, Uranus, Neptune, and Pluto. An initial technology baseline consisting of a 
the NEBA 10 kWe, 1000 N thrust, 850 s, 1500 kg bimodal system was selected, and its 
performance examined against a data base for trajectories to outer solar system planetary 
destinations to select optimal direct and gravity assisted trajectories for study. A conceptual design 
for a common bimodal spacecraft capable of performing missions to all the planetary destinations 
was developed and made the basis of end to end mission designs for orbiter missions to Jupiter, 
Saturn, and Neptune. Concepts for microspacecraft capable of probing Jupiter’s atmosphere and 
exploring Titan were also developed. All mission designs considered use the Atlas 2AS for launch. 
It is shown that the bimodal nuclear power and propulsion system offers many attractive options 
for planetary missions, including both conventional planetary missions in which all instruments are 
carried by a single primary orbiting spacecraft, and unconventional missions in which the primary 
spacecraft acts as a carrier, relay, and mother ship for a fleet of micro spacecraft deployed at the 
planetary destination. 

Introduction 

In the past, many studies have documented the value of nuclear electric propulsion (NEP) for 
greatly increasing payloads delivered to interplanetary destinations. Unfortunately, if NEP is used 
in this way, very long (6 to 10 year) electric propulsion burn times are required to access outer 
solar system planetary mission targets, making such mission plans unacceptable for near-term NEP 
technology’. An alternative approach, that of using chemical propulsion, light weight payloads, 
and gravity assists to minimize use of electric propulsion on nuclear missions, instead focusing on 
the benefit of high power to increase mission science return by increasing data transmission rates 
can make possible orbiter missions to each of the outer planets with NEP burn times in the 2 to 4 
year range2. However to accomplish such missions Titan class launch vehicles are required. 
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Moreover, while offering extraordinary benefits for outer solar system exploration the performance 
of such single mode nuclear reactors can be matched by photovoltaic systems for missions in the 
inner solar system and geocentric space, a fact which defines such a limited potential user base for 
the nuclear technology that obtaining adequate support for a development effort is very much in 
doubt. On the other hand, in analyzing geocentric and other inner solar system missions it has been 
found that bimodal systems3, in which the reactor can be used to not only generate electric power 
but also be used to heat a working fluid such as hydrogen or ammonia to generate a moderate 
amount (-100 N to -10,000 N depending upon design) can offer strong mission benefits over 
photovoltaic alternatives. These are especially pronounced on military missions where the long 
transfer times from LEO to GEO associated with solar electric propulsion are generally 
unacceptable, and thus solar electric vehicles must be delivered to their station via chemical 
propulsion. This increases mission mass, cost, and risk, as a larger launch vehicle is required and 
an extra chemical upper stage must operate successfully and be paid for. For this reason a 
potentially much larger user base may be available to support the development of a bimodal nuclear 
power and propulsion system. Furthermore, because the bimodal system can generate direct thrust 
with specific impulses over 800 s, the use of such a system together with the gravity-assisted 
ballistic trajectory mission strategy outlined above may enable missions which simultaneously 
feature short NEP burn times, substantial science payloads, and modest launch vehicles, thereby 
accomplishing the best of both worlds of the two schools of nuclear planetary mission strategy. In 
addition, while in the past large science payloads for planetary missions have been difficult to 
justify, there currently is an effort underway to develop a new type of interplanetary 
microspacecraft of the order of 10 kg mass each4, which could be carried to target planets by the 
bimodal spacecraft in large numbers to create networks of orbiters and landers whose large data 
flow could be relayed by the high-powered bimodal spacecraft to Earth. As such microspacecraft 
could be contributed to the mission in a modular “come as your are” way by international partners, 
the cost to NASA of mounting such a large scale science mission need not significantly exceed the 
cost of traditional type interplanetary missions with much more limited capability. For these 
reasons the bimodal nuclear power and propulsion system, either by itself or in combination with 
the coming generation of planetary microspacecraft promises to be an extremely powerful tool for 
interplanetary scientific exploration. 

Technology Baseline 

The technology baseline chosen for this study was the Nuclear Electric for Bimodal Application 
(NEBA) reactor system defined in recent studies by the DOE and the US Air Force Phillips 
Laboratory’. A unit of this kind producing 10 kWe electric can also produce lo00 N of direct 
thrust using hydrogen propellant with an Isp of 850 s or 1880 N of direct thrust at an Isp of 450 s 
using NH, propellant. Estimated mass for such a system is 1500 kg. For purposes of this study it 

2 



was assumed that electric propulsion systems would be ion units utilizing Xenon propellant with a 
specific impulse of 5000 s and tanks with masses equal to 10% of the propellant they contain. 
Chemical propulsion was assumed to use storable biprops with specific impulses of 320 s and 
10% mass fractions. Hydrogen tanks are assumed to have a dry mass equal to 15% of the 
propellant they contain. Based upon the latest data from NASA LeRC for near-term electric 
propulsion systems, the ion propulsion units were assumed to have a mass of 18 kg/kWe, and to 
convert electric to jet power at an efficiency of 70%. In addition, in this study it is assumed that 
microspacecraft are available with dry masses of 10 kg capable of carrying one or two miniaturized 
instruments and performing all necessary spacecraft functions except communication over 
interplanetary distances. Power for such microspacecraft is assumed to be batteries, which can be 
recharged by the mothership or by a 1 We RHU driven power converter. 

POINT DESIGN FOR A BIMODAL NUCLEAR EXPLORATION SPACECRAFT 

For purposes of analysis, a point design for a 10 kWe bimodal spacecraft was developed for the 
present study. Figure 1 shows the spacecraft both stowed in the payload fairing of a Atlas 2AS and 
deployed for flight. Table 1. gives a mass estimate for the point design spacecraft configured for an 
orbiter mission to Jupiter or Saturn using a 2-year Earth Gravity Assist trajectory. 

-FLIGHT CONFIGURATION- 

FIGURE 1. Point Design 10 kWe Bimodal Spacecraft in Payload Fairing of Atlas 2AS and 
Deployed for Flight. 
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TABLE 1. Mass of 10 kWe Bimodal Nuclear Spacecraft 
Science Instruments 100 kg 

35 
TWTA Low Temperature Radiators 8 
TWTA Power converters 45 

35 
Batteries (1200 W-hr NiMH batteries) 24 
Auxiliary Solar Power 15 
Attitude Determination and control 18 

10 
Thermal control 10 
ACS Propulsion system 18 
Bus structure 30 

90 
Contingency (20%) 88 
Spacecraft Total 526kg 
Reactor 408 
Radiation Shield 159 
Primary Heat Transport 56 
Reactor Instrumentation and Control 95 
Reactor Power Conversion 38 1 
Heat Rejection System 199 
Nuclear System Structure 108 
Miscellaneous System components 55 
Electric Propulsion System (Xe-ion 18 kekW) 180 
Total System Dry Mass 2167 kg; 

335 

447 
Xenon Tanks 45 
Total System Wet Mass (excluding hydrogen and H2 tank) 3028 kg 

Hydrogen Propellant (for C3=28 kmz/s2 launch) 2890 kg 
Total Mass in Low Earth Orbit 6352 kg 

TWTAs (1 kW rf X-band units, 7 kg each) 

Other Telecom (two 3 m dishes, 2 LG, gimbals, etc.) 

C&DH Payload ICAPS (redundant units) 

Adaptive structure (boom and canister) 

NH, Propellant (Isp=450 s, AV=0.5 km/s) 
NH, Tanks 34 
Xenon EP Propellant (AV=7 km/s) 

Hydrogen Tank 434 

Using one of its two 3 m dishes for data transmission supported by a set of TWTA's using 8 kWe, 
the 10 kWe bimodal spacecraft can transmit 1.5 Mb/s from 5 AU to a 70 m DSN antenna. If both 
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antennas are arrayed, then 3 Mb/s can be transmitted. Using two complete telecom dish systems 
allows for redundancy, but also allows for radar (monostatic or bistatic) investigations to be 
conducted simultaneously with data transmission to Earth. the Two rigid 3 m dishes can also be 
packaged into the launch fairing of an Atlas 2AS, avoiding the necessity of a larger foldable dish. 

An Atlas 2AS has a LEO launch capability of about 8000 kg. If configured for such a launch, the 
above spacecraft would therefore have a launch margin of about 26%. 

Spacecraft Communication Capability 

Figure 5 shows data transmission rates for a probe in orbit around other planets, assuming either a 
200 W RTG (40 W rf) for transmitter power with a 5 m X-band dish or our design 10 kWe 
bimodal spacecraft transmitting with two 3 m X-band dishes to a 70 m DSN antenna. If the 
cheaper-to-use 34 m dishes are employed instead, data rates for both would be 1/4 those shown. It 
can be seen that, anywhere in the solar system, the nuclear spacecraft can return nearly two orders 
of magnitude more data than a Galileo class spacecraft with a fully functional 5 m dish. 

Data Rates of 10 kWe Bimodal and 300 W Galileo S/C 
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Fig. 2 Comparison of data transmission capability of 10 kWe bimodal S/C with conventional 
spacecraft equipped with a fully functional 5 m diameter dish. 
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Interplanetary Injection Capability of Point Design Bimodal Spacecraft 

The bimodal spacecraft has an intermediate thrust to weight ratio (about 0.02), one which is very 
low compared to spacecraft propelled by chemical thrust systems (with T/W - 1) but very high 
compared to electric propulsion systems (with T/W - 0.00001). For this reason it must adopt a 
LEO escape strategy which differs substantially from either of these two more traditional systems. 
Specifically, rather than burn directly out of LEO onto an interplanetary trajectory as a chemical 
system would, or spiral out to Earth escape with a continuous burn lasting many months as an 
electric propulsion spacecraft would, the bimodal spacecraft escapes from LEO into interplanetary 
space via a series of approximately 30 minute long perigee kicks. Each of these kicks raises the 
apogee of the orbit substantially while keeping the perigee about the same. For this reason, so long 
as the burns are kept in a thrust arc no more than 60 degrees about the actual perigee, little gravity 
losses are sustained, until the final burn when Earth escape is reached and the thruster must be 
made to operate continuously until the desired hyperbolic energy, or C3, is reached. In the case of 
the point design spacecraft described in Table 1, about 13 perigee kicks are required over a period 
of 3 days to achieve Earth escape, with a total burn time on the thermal thruster of about 6.5 hours 
spread over that period. 

However, in the final burn when escape velocity is exceeded, gravity losses can be substantial, as 
shown in Fig. 3. In this figure, “gravity loss factor’ means the factor by which the ideal AV 
required to reach a given C3 must be multiplied to obtain an effective AV which defines the 
propellant requirement for the mission. 
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Fig. 3. 
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C3 much larger than 25 km2/S2. 

Looking at Fig. 3 it may appear that gravity losses level off for C3 > 120 km2/s2, however it must 
be understood that this gravity loss factor must be multiplied by the ideal AV required to perform a 
given injection maneuver, a requirement which necessarily increases as a function of C3, to yield 
the equivalent AV for the burn. Since the mission mass is an exponential function of AV, it is also 
therefore an exponential function of the gravity loss factor. The impact of this relationship is 
shown in Figure 4, which shows the mass in LEO of our point design spacecraft (3000 kg without 
hydrogen or hydrogen tank) as a function of C3. 
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Mass of Missions Launched by Low Thrust Bimodal Svstems 
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Fig. 4. Initial mass in LEO of Point Design bimodal spacecraft as a function of C3. 

It can be seen that if the C3 is less than 52 km2/s2, then the point design spacecraft can be launched 
(with no margin other than spacecraft contingency) by an Atlas 2AS. It will also be noted, 
however, that if the launch C3 is 28 km2/s2, then the launch margin for the spacecraft on an Atlas 
2AS is about 27% (8000 kg capability vs 6300 kg requirement). This is a significant result since a 
C3 of 28 km2/s2 is what is required to perform a 2 year Earth Gravity Assist, a maneuver by which 
a spacecraft can be delivered to Jupiter (and therefore beyond by means of a Jupiter gravity assist) 
with a launch window occurring every year. 

The 27% launch margin made available by adopting such a trajectory is excessive, and part of it 
can be used to increase the spacecraft’s capability. For example, if a more standard launch margin 
requirement of 15% were adopted, then an initial spacecraft mass in LEO of 6930 kg could be 
tolerated. This would translate into an increase in dry mass of the spacecraft of 216 kg, which 
could all be added to the science payload thereby tripling it from 100 kg to 316 kg. Alternatively, 
the 216 kg could be used to add Xenon propellant to the electrical propulsion system, thereby 
increasing the post injection AV capability of the spacecraft from the point design system’s 7 km/s 
up to about 12 km/s. Such an increased AV capability would allow the spacecraft to be delivered 
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into orbit around Neptune or Pluto (in other words to any planet in the solar system). These 
sensitivities are illustrated in Figures 5 and 6. 

Bimodal Mission Mass vs Science Pavload 
9000 

8000 

7000 

6000 

// - IMLEO 

I I I I 

0 2 0 0  4 0 0  6 0 0  8 0 0  1000 

Science payload (kg) 

C3 = 28 km2/s2 
NEP DV = 7 kmls 

Fig 5. Total mission mass of the Point Design Bimodal spacecraft as a function of science payload. 
C3= 28 km2/s2, Post injection electric AV = 7 km/s. 
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Mass in LEO and Burn time of Bimoldal S/C vs NEP Delta4 
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Fig. 6. Total mission mass of the Point Design Bimodal spacecraft as a function of post injection 
AV. C3 = 28 km2/s2. Science payload = 100 kg. 

Novel Earth Gravity Assist Trajectories Suitable for Bimodal Propulsion 

Examining Fig.4 it can be seen that strategies for minimizing the LEO mass of the Point Design 
Bimodal (PDB) spacecraft benefit strongly by keeping its injection C3 to a minimum. Furthermore, 
since the mass which must be added to achieve higher injection C3s is bulky hydrogen propellant, 
minimizing C3 may be important no only from a mass point of view, but from the point of view of 
meeting launch packaging requirements. For this reason two unusual types of Earth gravity assist 
trajectories were investigated. I call these trajectories the 1 EGA and the 3/2 EGA. 

The 1 EGA trajectory leaves Earth with a C3 between 1 and 2 km2/s2 and heads out on a trajectory 
with an aphelion of about 1.1 AU and a perihelion about 0.9 AU. At aphelion, a substantial 
midcourse correction AV maneuver of about 1.6 km/s is done, which causes the spacecraft to have 
a C3 upon Earth return (which occurs 1 year after departure, hence the name 1 EGA) of around 23 
km2/s2. This is almost enough (with perhaps a little help from the electric thrusters) to send the 
spacecraft onto a conventional 2 year EGA trajectory, after which the spacecraft will re-encounter 
Earth with a C3 of a b u t  90 km2/s2 and have sufficient energy to reach the outer solar system. 
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(Such a double gravity assist I term a 1,2 EGA) Thus in exchange for adding 1 year to the total 
mission flight time, the 1 EGA strategy greatly reduces the mission C3. 

It may be asked why 1 EGA trajectories have not been examined in the past as a means of 
facilitating high energy missions to the outer solar system. The reason is this: In a high-thrust 
chemical system, the AV required to reach a C3 of 2 km2/s2 from LEO is about 3.3 km/s, while the 
AV required to reach a C3 of 28 is 4.4 W s .  Thus the difference in AV’s between these is less 
than the midcourse AV of 1.6 kmh required by the 1 EGA trajectory. Thus with conventional 
chemical propulsion systems such trajectories do not make sense. However is the case of the 
bimodal system the AV required to reach a C3 of 2 km2/s2 is still 3.3 W s ,  but because of gravity 
losses, the AV required to reach 28 km2/s2 is about 5.05 W s .  The difference between LEO escape 
AV’s is thus greater than the 1 EGA midcourse correction requirement. Furthermore, in the 
bimodal system the midcourse correction can be done with electric propulsion, which has an Isp 
six times that of the thermal thruster used for Earth escape, essentially negating the mass impact of 
the midcourse burn entirely. The 1.6 km/s NEP midcourse burn can be done in about 0.5 years 
time, so it can be done in a thrust arc of about +-75 degrees about aphelion. This is tight enough to 
work from an astrodynamics point of view. The only major concern is that the radioactive 
inventory in the reactor will be greatly expanded at the time of the Earth return flyby compared to 
what it would have been on a 2 EGA trajectory. It will still be less than that on an RTG, however. 
These issues are discussed at greater length in the radiological hazards section, below. 

The 3/2 (or 1.5) EGA trajectory idea is similar, except here an injection C3 of about 1 1  km2/s2 is 
used to send the spacecraft out on a trajectory with an aphelion of about 1.62 AU and a perihelion 
close to 1 AU. This trajectory has a period of 1.5 years, so after going twice around the Sun it will 
re-encounter the earth 3 years after initial departure. The maximum useful C3 that can be generated 
upon Earth return by this trajectory is about 45 km2/s2, which would require a midcourse AV of 
about 0.6 km/s. This could be taken on either or split between both of the two orbits prior to Earth 
re-encounter. A C3 of 45 km2/s2 is close to that required to send the spacecraft onto a 3 year EGA 
trajectory, after which it would have enough energy to reach Uranus without the help of an 
intermediate Jupiter gravity assist. Alternatively, the electric thruster could be used to add 
hyperbolic velocity directly to the C3 of 45 km2/s2 (which is a hyperbolic velocity of 6.7 W s )  to 
produce hyperbolic velocities large enough to reach Jupiter (VhW > 8.7 km/s). Gravity losses on 
such hybrid trajectories have been shown in simulations to be about loo%, so the added NEP AV 
required to raise the energy of this trajectory enough to reach Jupiter would be 2*(8.7 - 6.7) = 4 
km/s. If a C3 of 28 km2/s2 is desired upon Earth re-encounter, then a midcourse correction of only 
about 0.3 km/s is required. 
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Figs 7, 8,9, 10, and 11 display data relevant to 1 EGA and 312 EGA trajectories. 

C3 and Midcourse DV of 1 EGA Trajectories 
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Fig. 7 C3 and Midcourse AV of 1 EGA trajectories. 
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Required and Available Turn Andes of 1 EGA Traiectories 
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Fig. 8. Required and Available turn angles of 1 EGA trajectories. The fact that the required turn 
angle (theta) exceeds the available turn angle (d) for re-encounter C3s > 23 km2/s2 limits the total 
useful C3 that can be generated from such trajectories to less than 30 km2/s2. 
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Fig. 9. Aphelion and perihelion of 1 EGA trajectories. 
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Fig. 10. Midcourse AV of 312 EGA trajectories as a function of Earth re-encounter C3. Earth 
departure C3 in all cases is about 1 1  km2/s2. 
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3/2 Year EGA Traiectories 
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Fig. 11. Required and available turn angles of 3/2 EGA trajectories as a function of Earth re- 
encounter C3’s.. The fact that the required turn angle exceeds the available turn angle for C3 > 45 
km2/s2 limits the useful C3 that can be generated on such a trajectory to less than 50 km2/s2. Earth 
departure C3 in all cases is about 11 km2/s2. 

Choice of Trajectories to Interplanetary Destinations 

In Fig. 12 we see a map of options for Jupiter orbiter missions delivered by the Point Design 
Bimodal (PDB) spacecraft. It can be seen that while direct missions can be achieved with flight 
times of 2.7 years and NEP burns of less than 3.5 W s ,  such missions considerably exceed the 
launch capability of the Atlas 2AS. The standard mission plan of a simple 2-year EGA trajectory is 
shown (C3= 28 km2/s2, IMLE0=6300 kg, flight time = 4.7 years, NEP burn = 3.8 years), and 
can be compared with such options as the 3/2 EGA (C3=11 km2/s2, IMLEO= 5500 kg, flight time 
= 5.8 years, NEP burn = 8.4 krn/s) and the 1,2 EGA (C3=2 km2/s2, IMLEO= 5100 kg, flight time 
= 5.7 years, NEP burn = 7.2 km/s). Compared to the 2 EGA baseline, the 1,2 EGA is only 80% 
as massive. Thus if this trajectory were adopted, the science payload could be increased to about 
600 kg and the mission would still have 27% launch margin against the capability of the Atlas 
2AS. Such a large science payload is not an important capability for Jupiter orbiter missions in 
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which the entire science payload consists of instruments mounted upon the spacecraft. After all, it 
is unlikely that any Jupiter orbiter mission would have sufficient budget to be able to afford 600 kg 
worth of instruments. However, for missions in which the spacecraft is acting as the carrier for a 
set of microspacecraft, each of which has large propellant mass requirements, such a large payload 
mass delivery capability may be very desirable. 

Mass and Fliaht Time of 10 kWe Bimodal Jupiter Missions 
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Fig. 12 Trajectory options for Jupiter orbiter missions using the PDB spacecraft. The number of 
years cited for each option is the actual time of flight. The NEP burn time is given by correlating 
the required NEP AV with the burn for that AV given in Fig 6 (approximately burn time (yrs) = 
AV(km/s)/3). Arrows are placed for AV for minimum mission requirement. To include post orbit 
capture maneuver AV in mission plan, move arrow to the right along the specified C3 curve. 

In Figs. 13 and 14. we show similar trajectory space maps for Saturn and Neptune orbiter 
missions with the PDB spacecraft. Once again, in the case of the Saturn missions, very attractive 
science payloads (indicated by the vary large mass margin against the Atlas 2AS when carrying the 
standard 100 kg science payload) can be delivered if a 1,2 EGA trajectory is flown, provided that a 
6.9 year flight time is acceptable, which it probably is. In the case of the Neptune missions, very 
large payloads can be delivered to Neptune orbit with a 13 year flight time if the 1,2 EJGA 
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trajectory is used. This trajectory will have the spacecraft fly though the Jupiter system about 6 
years into the mission, allowing microspacecraft to be delivered and enplaced in Jupiter (or Jovian 
moon) orbit at that time. 

Mass and Fliaht Time of 10 kWe Bimodal Saturn Orbiter Missions 
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Fig. 13. Mass and Flight times of Saturn orbiter missions using the PDB spacecraft. 
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Mass and Fliaht Time of 10 kWe Bimodal Neptune Orbiter Missions 
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Fig. 14 Mass and flight times of Neptune orbiter missions using the PDB spacecraft. 

In all the missions shown it is assumed that final capture into planetary orbit is accomplished using 
the bimodal reactor to heat NH, propellant to 2500 K, at which point it can be ejected with an Isp 
of 450 s and a thrust of about 2000 N. A AV of 0.5 km/s is accomplished using this system. The 
spacecraft is captured into an elliptical orbit with a 100 day period and a periapsis of 2 planetary 
radii in the case of Saturn or Neptune, and 5 planetary radii in the case of Jupiter (Jupiter orbiter 
uses a higher periapsis so as to minimize the deleterious effects of Jupiter's very strong radiation 
field.) By accomplishing planetary capture in this way, the required electric propulsion AV is 
significantly reduced. This is shown in Fig. 15, where we see the amount of hyperbolic velocity 
eliminated by performing this maneuver upon approach to each of the outer planets. 
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Hyperbolic Velocity Removed bv 0.5 km/s AV 
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Fig. 15 Hyperbolic Velocity killed by capture into highly elliptical orbit using a 0.5 km/s high 
thrust AV burn. 

It should be noted that the 1,2 EGA trajectory used by the Jupiter mission has a NEP AV of 7.2 
km/s, which means a burn time of 2.4 years. The 1,2 EGA trajectory used by the Saturn orbiter 
mission has a NEP AV of 6 km/s, or a burn time of 2 years. The 1,2 EJGA trajectory used by the 
Neptune orbiter has a NEP AV of 12 km/s or a bum time of 4 years. In a recent study’ done jointly 
by JPL and NASA Lewis, NEP propulsion systems with burn times of less than 4 years were 
defined as representing “near term” propulsion systems. In that study it was found that pure NEP 
systems laden with large payloads flying on conventional NEP trajectories could not perform 
orbiter missions to Jupiter or beyond without NEP burn times in excess of 8 years. That study 
therefore concluded that near-term NEP was only viable for inner solar system missions, which 
was a very discouraging conclusion since only in the outer solar system does nuclear electric 
power offer decisive advantages over solar electric power. However, we see here that by using 
bimodal propulsion together with largely ballistic trajectories, gravity assists, and high thrust 
capture into elliptical orbits at the destination planet, that burn times for high-payload orbiter 
missions as far out as Neptune can be accomplished using near-term NEP technology. 
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Mission to Jupiter 

For our PDB mission to Jupiter we consider two options. The frrst of these is a "traditional" 
mission in which the PDB spacecraft is the only spacecraft used in the mission, and it carries out 
an investigation of the Jovian system with its payload of 100 kg of science instruments. These 
consist primarily of a set of multi-spectral imaging cameras. When coupled with the spacecraft's 
high data rate (two orders of magnitude higher than a state of the art RTG powered spacecraft), 
these would allow both Jupiter and its satellites to be imaged in high resolution, both spatially, 
spectrally, and in time. Such a mission would allow scientists to view high resolution multi- 
spectral movies revealing the changing chemistry of Jupiter's atmosphere in dynamic motion. It 
would also allow each of the Galilean satellites to be imaged at 1 meter resolution in the course of a 
year. In addition, the high powered X-band dishes on the spacecraft could be used to perform both 
bistatic and monostatic radar investigations of Jupiter and its Moons, as well as radio science 
investigations of Jupiter's atmosphere and ring system. These radar and radio science soundings 
would all be done with about two orders of magnitude better resolution than would be possible on 
a Galileo class spacecraft. Finally, the spacecraft would be able to conduct plasma science 
investigations, listening for various types of radio noise emitted from Jupiter's atmosphere, 
ionosphere, and extended radiation belts. This type of science is not energy intensive, but it is data 
intensive, and so once again simply by exploiting its high communication data rate, the PDB 
spacecraft mission could exceed the performance of a Galileo class spacecraft in plasma science 
investigations by two orders of magnitude. As the analysis in the previous sections on payload and 
trajectories shows, this mission can be accomplished by the PDB spacecraft with an Atlas 2AS 
launch with a large amount of launch margin. If the 2EGA trajectory is adopted, then the flight time 
to Jupiter would be 4.7 years and the NEP burn time would be about 1.3 years. This mission is 
thus an extremely attractive one for near-term NEP technology. 

As an alternative, we now consider an alternative mission in which the spacecraft carries only 20 
kg of instruments (a more modest multi-spectral camera plus some plasma science receivers and the 
dual purpose communication and radar dishes) but also carries a set of microspacecraft for delivery 
to various destinations in the Jupiter system. Each microspacecraft is assumed to have a mass of 10 
kg and to be sufficiently radiation hardened to perform at its appointed station in the Jovian system. 
Four of the microspacecraft are orbiters, to be delivered into elliptical orbit around each of Jupiter's 
four Galilean satellites. Two of the microspacecraft are a landerkovers, to be delivered to the 
surface of Ganymede and Callisto, Jupiter's largest satellites. In addition there are two aeronomy 
orbiters to be delivered into low orbit about Jupiter, and two atmospheric probes to be delivered 
into Jupiter's atmosphere. 
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As discussed in the previous sections, the PDB spacecraft initiates the Jupiter exploration phase of 
its mission by means of a 0.5 km/s high-thrust burn using the bimodal direct thrust system with 
NH, propellant (450 s Isp) which captures the spacecraft from its heliocentric trajectory into an 
elliptical orbit around Jupiter with a periapsis of 5 RJ and an apoapsis of 158 RJ. This orbit has a 
period of about 100 days. The low orbital aeronomy and the atmospheric probes are then released 
at apoapsis and perform small burns which lower their periapsis to the right altitude for their 
respective missions, which will be discussed below. The PDB spacecraft then uses electrical 
propulsion thrust arcs at apoapsis to make its orbit equatorial, and then successively raise its 
periapsis from 5 RJ, to 5.9 RJ, 9.4 RJ, and 15.0 RJ, which respectively are the required periapsis 
for release of microspacecraft to Io, Europa, and Ganymede. At each of these way-points, then, 
the payloads for these destinations are released. With its periapsis set at Ganymede, the PDB 
spacecraft then engages in a series of 7 Ganymede gravity assists, which over a period of about 
290 days gradually lowers its apoapsis to 26.3 RJ, the orbital distance of Callisto. NEP can be 
used in trim burns at the apoapsis of each of these orbits to ensure that Ganymede is actually 
encountered on each pass, especially the initial set of long-period orbital passes. After this set of 
maneuvers has been completed, the spacecraft is now in a 15 RJ X 26 RJ 13 day equatorial orbit. 
The Callisto bound payloads are then released. Either a series of Callisto gravity assists or a 2.2 
km/s AV using NEP apoapsis thrust arcs can then be used to reduce the periapsis of the orbit back 
to 5 RJ, allowing the spacecraft to repeatedly visit Io, Europa, Ganymede, and Callisto on a 9 day 
orbital cycle. The period and apoapsis of the PDB spacecraft after each of the Ganymede gravity 
assist maneuvers is shown in Fig. 16. 
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Fig. 16 Period and apoapsis of spacecraft after series of gravity assist maneuvers at Ganymede. 
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In Figs. 17 and 18 we show the ideal AV required to deliver microspacecraft orbiters or landers to 
each of the Galilean satellites from an initial orbit with a periapsis at the satellite and either a 
hyperbolic velocity of 2.3 km/s or an elliptical orbit with an apoapsis of 160 RJ. This is the 
trajectory change required for delivery of the microspacecraft to the destination satellite for Io, 
Europa, and Ganymede in the scenario described above. It is not used for Callisto in the above 
described scenario, although altering the flight plan to do that is an option. It may also be noted that 
the AV required to reach orbit or land on Callisto starting from hyperbolic orbit (V,,, = 2.3 km/s) 
prior to the Jupiter orbit capture burn is about the same as that required to reach Ganymede from 
the 158 RJ apoapsis capture orbit. 

Delta V to Galilean Moons from Hyperbolic Orbit 
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Fig.17 Ideal AV required to delivered payloads to either the surface of, or orbit around, any of 
Jupiter’s Galilean satellites. Starting orbit has a hyperbolic velocity relative to Jupiter of 2.3 km/s 
with periapsis at the target satellite (5.9 RJ for Io, 9.4 for Europa, 15.0 for Ganymede, and 26.3 
for Callisto.) 
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Delta V to Galilean Moons from Capture Orbit 
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Fig.18 Ideal AV required to delivered payloads to either the surface of, or orbit around, any of 
Jupiter's Galilean satellites. Starting orbit has an apoapsis of 158 RJ with periapsis at the target 
satellite (5.9 RJ for Io, 9.4 for Europa, 15.0 for Ganymede, and 26.3 for Callisto.) 

In Fig. 19 we show the mass ratio (assuming storable propulsion with an Isp of 320 s) for a 
microspacecraft either capturing into orbit around or landing on a Galilean satellite, assuming the 
ideal AVs given in Fig. 18 for delivery from a 158 RJ apoapsis orbit. Adopting these mass ratios 
but raising them to the 1.2 power to account for the mass of the propulsion system aid non-ideal 
gravity losses inflating the required AV we obtain the masses for each Galilean probe shown in 
Table 2. 
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Fig. 19. Mass ratio required to deliver landers or orbiters to Jupiter’s Galilean satellites from PDB 
spacecraft capture 5 X 160 RJ orbit. microspacecraft propulsion is assumed to be storables with an 
Isp of 320 s. 

Table 2 Mass of Microsuacecraft Probes for Juuiter System. 

Jupiter Io Europa Ganymede Callisto 
Orbiter 13 kg 60 kg 37 kg 22 kg 15 kg 
Lander 20 kg 156 kg 83 kg 61 kg 39 kg 

The reason for the low mass for the Jupiter orbiting microspacecraft is that it is possible to 
decelerate a spacecraft into low Jupiter orbit quite effectively without the use of rocket propellant 
by using an electrodynamic tether. This is shown in Fig. 20, where we see that the induced electric 
field for a spacecraft passing in a perpendicular direction through Jupiter’s magnetic field at low 
orbit with low orbital velocity is about 15 volts/m. For a spacecraft entering with hyperbolic 
velocity this will be about 22 volts/meter. This is clearly enough to set up an electric current in a 
tether or rod, which can be resistively dissipated (or used productively) in the process lowering the 
energy of the orbit. Jupiter’s magnetic poles are inclined at a 9.5 degree angle with respect to its 
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geometric poles, and so the electrodynamic field felt by the spacecraft will be reduced by a factor of 
cos(81.5 degrees) = 0.15 if the micro-orbiter wishes to go into a polar orbit. This would still be 
feasible, as an electrodynamic field of about 2 voltdmeter would thus result. Alternatively, 
aerobraking could be employed. The mass of 20 kg for the Jupiter "lander" (i.e. an entry probe) 
assumes a 10 kg aeroshell must be added to a 10 kg microspacecrafthircraft. 

Induced Electric Field Near Jupiter 

0 

0 
Q) 

.- 
L c 

3 

E voltdrn 

Fig. 20 Induced electric field for Jupiter orbiters. It is clear that for spacecraft in low orbit 
sufficient power can be dissipated in an electrodynamic tether to efficiently lower the orbit of a 
spacecraft. 

Adding up all the elements of this payload we find a total science payload mass of 320 kg, as 
shown in Table 3. 
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Table 3. Science Payload of PDB Microfleet Carrier Jupiter Exploration Mission 
PDB S/C Instruments 20 kg 
(2) Jupiter Atmospheric Gliders 40 
(2) Low Jupiter Orbiters 26 
Io Orbiter 60 
Europa Orbiter 37 
Ganymede Orbiter 22 
Ganymede Lander 61 
Callisto Orbiter 15 
Callisto Lander 39 
Total Science Payload 320 kg 

Referring to the earlier section on PDB spacecraft science payload capability (Le. Fig. 5), we see 
that there is ample margin for delivery of a 320 kg science payload with an Atlas 2AS launch. the 
question arises, however, as to whether this mission, while achievable from a performance point 
of view and extremely exciting scientifically, could possibly be affordable, given the large number 
of spacecraft involved. One possible answer would be that the mission could be approached as an 
international collaborative project, with the US providing the PDB spacecraft and various other 
nations providing the various other micro landers, orbiters, gliders, etc. If any one of the 
collaborating nations dropped out (except the US), the mission could still proceed, albeit minus a 
microspacecraft or two. The cost to the US would be not much greater than that of a straight PDB 
mission (without microspacecraft) mission, while various other collaborating countries would only 
have to pay for their own micro-orbiter or whatever. The modular form of the collaboration would 
thus allow such a grandiose mission to be undertaken with the cost to each participant being 
manageable and the overall management structure being simple and robust. 

A depiction of a microlander operating on the surface of Jupiter’s moon Io is given in Fig. 21. 

Mission operations for the microspacecraft fleet mission would be conducted as follows: The 
microspacecraft would cany a power source consisting of 20 Wt of RHU thermal power, which 
would be converted to 1 We by thermoelectric means. This would be used to trickle charge an 
onboard battery, such as a 1 kg Li-ion unit capable of storing up to 120 W-hrs of electricity. The 
20 Wt RHU unit would also provide enough heat to support thermal control of the 
microspacecraft, maintaining key electronic components above -20 C. The microspacecraft would 
remain dormant until its battery had built up a full charge, then it would wake up and operate its 
camera or other instruments until the battery charge dropped to 50%, after which the 
microspacecraft would go dormant again. During the time of instrument operation all data acquired 
would be compressed at about 10: 1 and then stored in the microspacecraft’s 1 Gbit memory. 
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Fig. 21 Microlander operating on the surface of Jupiter's volcanically active moon Io. 

Assuming pictures composed of 512 X 512 pixels, with 8 bits per pixel, each picture taken by the 
microspacecraft would required 2 Mb, which after data compression would be 0.2 Mb. With 1 Gb 
of the memory, the microspacecraft would thus be able to store up to 5000 pictures (or comparable 
non-photographic data) at a time. The microspacecraft has insufficient power to transmit this data 
to Earth. However the PDB spacecraft is orbiting through the Jupiter system and occasionally 
makes a close approach to each of the microspacecraft. The PDB spacecraft would carry a beacon, 
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which would constantly be emitting a signal to anyone listening in the area saying “here I am, here 
I am.” The microspacecraft would carry receivers tuned to the beacon’s signal which would cycle 
on for 0.1 seconds once every 500 seconds. If the receiver picked up the beacon with a volume 
above a certain threshold indicating proximity, it would send a signal that would activate the 
microspacecraft, which for power economy reasons would generally be dormant. Upon awakening 
the microspacecraft would emit a signal that would be picked up by the PDB spacecraft, allowing 
the two to perform a computer “handshake” in preparation for the dumping of stored data from the 
microspacecraft to the PDB spacecraft at the time of the PDB’s closest approach. The PDB 
spacecraft then trains one of its 3 meter dishes upon the microspacecraft. Assuming a characteristic 
velocity for the PDB spacecraft relative to the microspacecraft of 18 km/s and a characteristic 
distance of 72,000 km (lRJ), this would imply roughly 4000 s available for transmission. A data 
transmission rate of about 250 kb/s would thus be required to dump all of the microspacecraft’s 
memory during the PDB’s fly by. Assuming that the microspacecraft carries a 0.1 m X-band dish, 
transmission at this rate over 72,000 km would require about 6 W of electric power. The total 
energy required for the data dump would only be about 7 W-hrs, or 5% of the total microspacecraft 
battery capacity. 

The most unique of the Jupiter system microspacecraft are the atmospheric gliding probes (Fig. 
22). The purpose of these probes is to assess chemical composition deep within Jupiter’s 
atmosphere. Using 1-way descending probes employing parachutes (such as that on the Galileo 
mission) assessment to depths of greater than several tens of bars is not possible, because once the 
probe has descended deeper than this all radio contact with orbiting relays are lost. Balloons have 
been proposed as a means of accomplishing descent followed by ascent back to transmission 
distance, but such systems are likely to be unworkable, as Jupiter’s atmosphere is almost entirely 
hydrogen, and so very large amounts of pure hydrogen buoyancy fluid (and thus a very large 
balloon) are required is significant gondola masses are to be floated. Hot gas balloons are poor 
probe candidates as well, since the atmosphere provides a massively convective environment and 
so a very large power supply would be needed on the balloon to maintain a significant temperature 
differential between the balloon gas and the atmosphere. 

But consider instead a glider, operating between the 5 bar (-0 C )  and 100 bar (-250 C )  levels of 
Jupiter’s atmosphere, a depth distance on the order of 100 km. At the 5 bar level the density of the 
atmosphere is about 0.45 kg/m3, and so assuming an airspeed of 100 m/s and a lift coefficient of 
0.5, and taking into account Jupiter’s gravity of 2.53 times Earth, we find that the required wing 
area for a 10 kg aircraft to remain aloft is: 

Mg = C,p(V2/2)A ----> 10((2.53)(9.8)) = (0.5)(0.45)(5000)A ---> A = wing area = 0.22 m2 
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within 2000 km of horizontal travel the odds are very high that both updrafts and downdrafts will 
be encountered. Since the speed of such updrafts is likely to be much greater than the glider’s 5 
d s  descent speed (typical wind speeds on Jupiter are on the order of 100 d s ) ,  a glider which 
finds such an updraft will be able to ascend by circling in it much as seagulls do on Earth. Using 
this technique the glider will be able to ascend and descend in a controlled manner, repeatedly 
sampling the chemistry and other environmental parameters of Jupiter’s deep atmosphere. 
Assuming lo00 km of horizontal travel per descent, about 113 dives would be needed for a given 
glider to navigate through 90 degrees of latitude. 

Like the other spacecraft, the glider would also be power limited. Therefore it would also adopt a 
strategy of cycling it’s instruments on for 0.1 seconds once every 100 seconds, taking a chemistry, 
pressure, temperature, E and B field and acceleration readings. Such a data set may be estimated at 
1000 bits (8 bits each for P,T, E, B, acceleration, and each: of 120 chemical substances). If such a 
data set is taken every 100 seconds, the aircraft will be able to store 10 million such sets, or 32 
years worth of data in its 1 Gb memory. This is much longer than the probable time for an 
encounter between the glider and the PDB S/C once it is in its 15 day 5 RJ X 26 RJ orbit. Put 
another way, because they do not perform imaging, the glider’s data burden is low, amounting to 
less than 3 Mb per month. This would allow the gliders to transmit all their data to an orbiter relay 
without the use of a directional antenna. The ability to get frequent reports from the gliders could 
be enhanced further by using the low Jupiter microspacecraft orbiters as intermediate relay stations 
for glider data. 

Mission to Saturn 

Similar missions to the above can be envisioned for Saturn and the other major planets. However 
each planet has its own particular targets of interest. For example at Saturn, the cloud covered 
moon Titan is almost of as much interest as Saturn itself. This suggests the alternative mission 
strategy for Saturn, which is described below. 

The PDB microspacecraft augmented mission to Saturn begins with the bimodal spacecraft 
launched by an Atlas 2AS to LEO. The bimodal spacecraft then ejects itself from LEO onto a 
2EGA trajectory which returns it to Earth with a C3 of about 80 kmz/s2. This is not quite enough to 
reach Saturn, so after the Earth encounter about 1 km/s of AV (2 W s  with gravity losses 
included) must be generated by electric propulsion to accelerate the spacecraft to a C3 of about 100 
kmz/s2, which allows it to reach Saturn in 3.9 years (5.9 year total flight time). Alternatively, if the 
mission is launched in a year for which a Jupiter gravity assist is available (3 years in a row out of 
every 12), the 2EGA trajectory becomes sufficient to reach Saturn via Jupiter without NEP 
acceleration on the outbound leg. In this case Jupiter is encountered about 4.5 years into the 
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mission, at which time if a PDB spacecraft is operating in orbit around Jupiter a few 
microspacecraft can be released to reinforce the investigations there, after which the main 
spacecraft flies on to encounter Saturn about 7 years after launch. In either case, electric propulsion 
is used to reduce the hyperbolic velocity on approach to about 3.9 km/s (see Fig. 15) after which 
the spacecraft captures into an 2 RS x 100 day elliptical orbit using its high thrust bimodal 
propulsion system with NH, propellant. The total electric AV prior to capture is 1.5 km/s (0.5 year 
burn time) for the 2EJGA mission, and 4.5 km/s (1.5 year burn time) for the 2EGA mission. Such 
short NEP burn times make this mission highly feasible for near-term NEP technology. 

After capturing the PDB S/C releases a micro-orbiter (Fig. 23), leaving it in the initial moderately 
inclined, (Saturn’s equator is inclined 27 degrees to the ecliptic) highly elliptical orbit from which it 
can survey the whole Saturn system from above. 

Fig. 23. Bimodal SIC releasing a microspacecraft orbiter at Saturn. 
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The PDB S/C then performs an apoapsis bum with its electric propulsion system to raise itself into 
an equatorial orbit with its periapsis at 3 RS (AV=216 d s ) ,  which is safely outside the ring system 
of Saturn (except for the ethereal E ring). It then releases a microspacecraft orbiter in this orbit. 
This second microspacecraft will thus be in an orbit that allows it to periodically fly by Mimas, 
Enceladus, Tethys, Telesto, Calypso, Dione, Helene, Rhea, Titan, and Hyperion (which are all in 
equatorial orbits), and get fairly close to Iapetus (14.7 degree inclination) as well. The PDB S/C 
then performs another NEP AV of 659 m / s  to raise its periapsis from 3 RS to 20 RS which is the 
distance of Titan from Saturn. A series of gravity assists are then performed to lower the apoapsis 
from 132 RS to close to 43 RS, which puts the spacecraft into a 32 day orbit around Saturn which 
is synchronous with Titan (which has a 16 day orbit). At Titan encounter two microspacecraft 
orbiters are released into elliptical orbits which later are turned into low polar orbits with 
perpendicular orbit planes, also released are 8 entry probes each carrying a small robotic aircraft 
(Fig. 24) 

Fig 24. Tilt-rotor aircraft weighing 10 kg and powered by 20 Wt RHU can land and take off 
anywhere on Titan. Required air speed is 10 mph. 
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The aircraft each have a mass of 10 kg and a wing area of 0.5 m2. Titan has a surface atmospheric 
density of about 5 kg/m3 and a gravity 1/7th that of Earth, conditions that are very favorable for 
heavier-than-air aviation. Under these conditions the aircraft will only have to move at an airspeed 
of 4.8 m/s to stay aloft, and assuming an UD of 10, will require a thrust of 1.4 N and thus an 
effective propeller power of 6.8 W. This can easily be provided by the aircraft’s 20 Wt RHU, 
since in Titan’s 90 K atmosphere, dynamic conversion of heat to electricity at efficiencies greater 
than 70% should be feasible. The aircraft thus has 14 We, which allows it to fly continuously as 
well as operate strobe flashlights to support imaging in the visible light range, as well as continual 
radar sounding of the ground to reveal subsurface features and assure safe flight. If the plane is 
designed as a tilt-rotor with pontoons, it can be made capable off soft landing on the ground/ocean, 
allowing direct sampling of the surface. Ascent from such a condition requires burst power of 70 
W, which can be made available by expenditure of a small charge stored in the aircraft’s batterry. 
The aircraft will come into contact with the low orbiting microspacecraft about once every other 
day, at which time they can uplink all their data. The microspacecraft are equipped with 10 Gb 
memories, allowing each one to store up to 50,000 512 X 512 black and white images, or 
comparable data. Every 32 days the PDB S/C will fly by, and the orbiters will dump all the 
collected data for relay to Earth. 

The science payload mass required for this mission is shown in Table 4. 

Table 4. Science Payload of PDB Microfleet Carrier Saturn Exdoration Mission 
PDB S/C Instruments 20 kg 
Saturn High Inclination Orbiter 13 
Saturn Highly Elliptical Equatorial orbiter 13 
(2) Titan Micro-Com Orbiters 50 
(8) Titan Aircraft 160 
Total Science Payload 256 kg 

As shown in Fig. 5, the PDB S/C launched by an Atlas 2AS has more than enough launch margin 
to support delivery of a science payload of this size. 
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Mission to Neptune 

A generalized chart showing a selection of good mission options for delivering the PDB spacecraft 
to Neptune orbit is given in Fig. 14. However, in response to recent interest at NASA in the design 
of very fast orbiter missions to the Neptune, it was decided to make a special study of the potential 
of the PDB system for accomplishing such a plan. 

The trajectory chosen for this mission analysis was a Jupiter gravity assist with a January 2006 
launch. A graph showing both required launch C3 and approach hyperbolic velocity for this 
trajectory as a function of flight time is shown in Fig. 25. It can be seen that for flight times less 
than 8 years, the hyperbolic velocity is enormous. There are thus only two ways that this mission 
can be accomplished. NEP could be used to take out a very large chunk of hyperbolic velocity 
prior to entry, so that high thrust propulsion systems can deal with the remaining AV required for 
orbital capture. Alternatively, aerocapture can be employed. If short flight times to Neptune are to 
be achieved, both of these strategies become very difficult. We examine each of them in turn. 
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Fig. 25 Launch C3 and hyperbolic approach velocity of fast Neptune missions as a function of 
flight time. 
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Turning first to the case of propulsive capture, we see in Fig. 26 the required NEP deceleration AV 
for fast Neptune missions on the selected trajectory as a function of flight time if various amounts 
of high thrust propulsion is used for final orbital capture. It can be seen that if an 8 year mission is 
desired, for example, that NEP AV 's between 7 and 16 km/s are required. 
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Fig. 26. Required NEP deceleration AV for fast Neptune orbiter missions as a function of flight 
time and high thrust capture AV. 

The severe mission flight time constraints that result from the AV data shown in Fig. 26 is shown 
even more clearly in Fig. 27. Here we see the NEP bum time of the PDB system as a function of 
flight time and high thrust deceleration. Now the NEP burn time can clearly not be greater than the 
total flight time. In fact, realistically, the NEP bum time can not be greater than half the flight time. 
If these limits are taken into account we see that accomplishing all propulsive Neptune orbiter 
missions with the PDB spacecraft with flight times less than 8 years is just about impossible. 
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Fig. 27. NEP burn times as a function of flight times and high thrust AV for fast Neptune JGA 
missions. 

In Fig. 28 we show the mass in LEO for 9 year flight time Neptune orbiter missions performed by 
the PDB spacecraft on the chosen JGA trajectory. It can be seen that this mission can be performed 
within the payload capability of the Titan 4, provided that the high thrust AV is kept to 2 km/s or 
less. Much higher high thrust AV 's would be required if the flight time were to reduced below 8 
W s .  This would increase initial mission mass well beyond the capability of any existing launch 
vehicle. 
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Mass in LEO of 9 year JGA Neptune Missions 
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Fig. 28. Initial mass in LEO of 9 year flight time JGA Neptune orbiter mission done with the PDB 
spacecraft. 

The alternative method of attempting a fast Neptune orbiter mission would be by employing 
aerocapture. The fact that aerocapture of a spacecraft into orbit around any planet has never been 
done makes such a strategy somewhat speculative. This is especially true in this case, because the 
entry velocities required to accomplish aerocapture at Neptune are extremely high, as shown in 
Fig. 29. As a point of comparison, Apollo capsule entry velocities were 11 M s .  On the other 
hand, entry velocities for the Galileo entry probe are about 60 km/s. 
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Aerocapture at Neptune 

n 
VI 
\ 

Y 
E 
v 

h 

E 
Q) 
0 

Q 

L 
CI 

ti 
> 

45 

40 

35 

30 

For Comparison: > 
Galilee Entry Velocity = 60 km/s \ 

\ L I - V aeroentry \ JGA Trajectory 
Jan. 2006 launch 
JPL Trajectory data 

25 
5 6 7 8 9 1 0  1 1  1 2  

Flight time (yr) 
Fig. 29. Aeroentry velocities of spacecraft at Neptune as a function of flight time. 

Assuming that appropriate aerobraking technologies are developed, however, in principal the PDB 
spacecraft could use them to accomplish a very fast Neptune orbiter mission. The flight plan would 
be as follows: 

The spacecraft would be launched from Earth on a Proton on Jan. 25, 2006. After reaching LEO, 
the PDB would use its direct thrust capability with hydrogen propellant to engage in a series of 
orbit-raising perigee kicks and then escape Earth with a C3 of 81 km2/s2. NEP would then be used 
to accelerate this trajectory to a C3 relative to Earth of 125 km2/s2. The spacecraft would then reach 
Jupiter on June 5,2007, flying by at a distance of 5 RJ. It would then reach Neptune on Jan. 25, 
201 1, and hit the atmosphere with an entry velocity of 44  km/s. Assuming that the aerocapture 
goes well, the spacecraft would emerge from Neptune's atmosphere a few minutes later and then 
perform a small periapsis raising burn to achieve stable orbit. The science mission at Neptune 
would then begin, 5 years to the day after Earth departure. 

A mass breakdown for this mission is given in Table 5. 
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Table 5. Mass Breakdown of Fast Neptune Orbiter Mission 

10 kWe PDB Spacecraft 2200 kg 
Microspacecraft fleet 100 kg 
NH, Propellant and tanks (0.2 km/s AV) 200 kg 
Xenon propellant and tanks (5 km/s AV) 795 kg 
Aeroshell(20% of decelerated mass) 1200 kg 
Hydrogen tank 1515 kg 
Hvdrogen urotxllant 10100 kg 
Total 161 10 kg 

In principal, either a bullet shaped aeroshell replacing the launch fairing, or an umbrella shaped 
folding aerosheild surrounding the spacecraft from below within the launch fairing could be used 
to accomplish this mission. If a Proton is used as the launch vehicle, launch margin would be 
about 12%. 

Conclusions 

In summary, we see that the PDB spacecraft launched by an Atlas 2AS is capable of delivering 
large science payloads to orbit around any of Jupiter, Saturn or Neptune with electric propulsion 
burn times of 1 to 3 years. Furthermore, the science return from the delivered instruments is 
greatly enhanced by the fact that the PDB spacecraft can provide about 2 orders of magnitude 
higher data transmission rate than a conventional RTG powered outer solar system spacecraft. By 
exploiting these capabilities, outer solar system explorations missions providing an enormous 
science harvest can be readily designed. While cost analysis was not addressed in the study, the 
large reduction in launch cost associated with moving the spacecraft from a Titan IV to an Atlas 
2AS, combined with the elimination of the RTG needed by a conventional mission is likely to more 
than offset the added recurring cost of the bimodal nuclear power and propulsion system required 
by the PDB spacecraft7 If that should prove to be the case, then the development of the bimodal 
system will allow outer solar system missions that return much more science at significantly lower 
cost than is possible using state of the art technology. We therefore recommend that the bimodal 
technology and its potential mission applications be studied further. 
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