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,

A technique has been developed by which air can be shock-compressed
by helium to 366oo RanMne to generate a 6~-foot -per-second air stream
with a flow duration of @ milliseconds. The resulting equipment is
described. Experiments were conducted to determine rates of heat trans-
fer to transverse circular cylinders of 0.003-, 0.012-, and 0.020-inch-
diameter and length-to-diameter ratios greater than 100. The cylinders
were tested at a nominal Mach number of XL with a stagnation Reynolds
number (evaluatedwith free-stream mass flow andstagnation viscosity)
of 4.00XI.04per foot. For tests normal to the air stream (zero yaw),
average Nusselt numbers of these ,cylinderswere found to be in good agree-
ment with earlier data, even though there were large differences in test
conditions.

The influence of yaw on rates of heat transfer to the same circular
cylinders was investigated at angles of yaw up to 70°. Results of these
experiments were compared with earlier data and with theoretically pre-
dicted reductions in heat-transfer rates due to yaw. It was found that
these heat-transfer rates decreased with increasing yaw angle, 1,
as cos~~=h.

INTRODUCTION

Intelligent design of hypervelocity vehicles is seriously hampered
by the lack of data on the aerodynamic heating which such vehicles will
experience in the earth’s atmosphere. Some theoretical studies of aero-
dynamic heating at high Mach numbers have been made for ting leading edges
and nose shapes. For example, an approximate theory was developed in I

*Title, Unclassified.
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reference 1 for predicting the rate of heat tiansfer to a cylindrical
stagnation region in hypersonic flight. It was predicted that rates of
heat transfer to cylinders at large yaw would be substantially lower than

#

rates of heat transfer to cylinders normal to the air stream, especially
‘inthe case where the wall temperaturewas much lower than the stagnation
temperature. It has been theoretically demonstrated by Reshotko and
Be+cwtth (ref. 2) that for compressible laminar boundary-layer flow the
effec~.:,fyaw on the heat-transfer coefficient at the stagnation line
depends markedly on the free-stream Mach nuniberup to values of about 7;
thereafter an increase in Mach limber does not appreciably influence heat-
transfer reductions due to yaw.t Goodwin, Creager, and Winkler (ref. 3)
have developed correlation parameters, or dimensionless groupings, which
can be used to correbte experimental transverse cylinder data and have
considered means by which .Jlusseltnumbers can be predicted. In addition,
the effect of yaw s@le upon local and stagnation point heat-transfer
coefficients of transverse cylinders has been treated in reference 3.

The need for heat-transfer data with which the accuracy of these and
other theoretical solutions can be evaluated has led to the development
of equipment for generating a hypervelocity air stream with flow times
up to 40 milliseconds. Heat-transfer data can be obtained in this equip-
ment at higher air-stream-to-body temperature ~tentials than previously
reported (see refs. 1 and 3 through 7,for exsmple). The analysis, con-
struction, and operation of the new equipment are described in this
report. An additional purpose of this report is to present heat-transfer
data obtained in the new equipment. Average Nusselt numbers of circular
cylinders normal to the air streem are presented and compared with other
experimental data. Reductions in heat-transfer rates at angles of yaw
are presented along with’other experimental yaw data and are compared
with the predictions of existing theory.

SYMBOLS

Primary Symbols

a speed of sound

A cross-sectional area

% specific heat per unit mass of body materials

Cp specific heat per unit mass at constant pressure

Cv specific heat per unit mass at constant volume

d diameter

-.
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a

average heat-transfer coefficient

coefficient of thermal conductivity

Mach number

~onent of temperature in thermal conductivity and viscosity
functions, k - Pandy.@

average Nusselt numiberbased on a length ~ and stagnation

fidb
temperature condltlons, —

kt

static press~e

resezwoir pressure

pitot pressure

Cpv
Prandtl nuniber,~

-c pressure

average rate of heat transfer per unit area

gas constant

radius of cylinder

stagnation Reynolds nuniber,based on cylinder dls.meterand
evaluated with free-stream mass flow and stagnation viscosity
conditions

time

absolute temperature

absolute stagnation temperature

stream velocity

distance along axis of pump tube, measured from diaphragm

e
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A yaw angle

B coefficient of viscosity

P density

Subscripts

b body conditions

r reflected shock

s incident shock

t stagnation conditions

w conditions in the free stream

A yaw angle
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ExmRmEm

Test Apparatus

An apparatus has been developed in which heat transfer to aerodynamic
shapes can be measured in a steady-state hypersonic air stream at the same
temperature potentials which occur in high-speed flight. This apparatus
is shown in figure 1. The design criteria for this apparatus were estab-
lished by the method discussed in appendix A. A brief description of
this equipment and its calibration will be given here.

Description.- A schematic diagram of the test apparatus is shown
in figure 2. A light gas (helium) is stored In the compressor chamber
at high pressure and is separated from the low-pressure air in the pump
tube by a copper diaphragm. Shock compression in the pump tube is hi.-
tiated when the diaphragm is pierced by a punch. The incident shock
traverses the pump tube to the nozzle where it is reflected back toward
the compressor chamber. In appen&Lx A it is shown that the gas flow into
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the pump tube can be regulated so that a one-cycle shock process results.
‘TMs is accomplishedby the perforated plates in the inlet to the pump
tube which throttle the flow of the helium into the pump tube to estab-
lish the shock strength required for equilibrium at the contact surface
between the helium and the air. The perforated plates also attenuate the
reflected shock as it comes back to the compressor chamber. If the
reflected shock is so attenuated, no further disturbances are propagated
into the pump tube. The high-pressure, high-temperature air produced at
the end of the pump tube is then at rest in a reservoir of about 5 per-
cent of the total length of the pump tube. This air is expanded through
the nozzle to provide a high-velocity test stream with a high stagnation
temperature. The advantages of producing the high-temperature reservoir
of air with a one-cycle shock compression are discussed in appendix A.
These include the eMmination of pressure and temperature fluctuations
producedby multiple shock reflections and the elimination of disadvan-
tages inherent in such fluctuations. In addition, from the instant the
primary shock is reflected from the nozzle end of the pump tube a hot
hypersonic air stream is generated with sufficient duration that heat-
transfer measurements can be made in a steady-state flow field.

For the tests described in this report, heLhxnwas stored in the
compressor chaniberat 1665 pounds per sqmre inch absolute and at room
temperature. The chsmber (see fig. 1) has a ~-inch bore &Lameter and a
volume of approximately 1000 cubic inches. For these tests, a diaphragm
of 0.019-inch-thick annealed copper separated the compressor chamber and
the pump tube. In figure 3 are shown a diaphragm before installation
and one that has been ruptured. Rupture of the diaphragm was startedby
the punch shown in figure 4. This punch was actuatedby an electrically
ignited powder charge. The relative alinement of the punch and the dia-
phragm is shown in figure 5. In this figure are also shown the perforated
plates with which the flow into the pump tube was controlled. A more
detailed schematic view of the inlet section (fig. 6) shows the holes in
the center of the plates through which the punch was guided to pierce
the diaphragm. The plates were 2k-gage commercial stainless steel having
holes of 0.045-inch diameter with 27-percent open area. tio such plates,
spaced as shown in figure 6 , were used for this ~erimental program.

The pump tube (see fig. 1) consists of a 20-rmnsmooth-bore barrel
5 feet long. It is secured to the compressor ckwiber by a f-e in
which the inlet assembly (fig. 6) is installed. For these tests, the
pump tube was initially charged with dry air at 12 psia. The end oppo-
site the diaphragm is fitted into the reservoir block, shown in figure 1,
in which a piston-operated resistance strain gage is installed.

The nozzle (fig. 7(a)) is fitted to the reservoir block in line with
the pump tube (fig. 1). The inlet and sonic throat section are machined
as an insert which canbe replaced (see fig. 7(b)). Inserts with 0.040-,
0.C63-, and 0.091t-inch-di~eter sonic throats are provided. The nozzle
has a simple conical contour of 9° total angle with a 2-inch exit diameter.
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Although the flow is thus expanding conically, in the region of the models
the rate of expansion is slow and for most practical purposes the flow .?
can be considered uniform.

The 2- by 2-inch test section, shown in figure 1, is 14 inches long.
Since models are mounted in the test region (see fig. 2) where the Mach
number is not affected by the shape of the test section, no attempt need
be made to.provide for flow transition from the conical nozzle to the
squaretest section. The flow from the test section passes through a
simple tiverging diffuser into a 10-cubic-foot vacuum tank. An adhesive-
backed film diaphragm covers the inlet to the nozzle to provide a seal
between the pump tube and the test section. Thus, the nozzle, test sec-
tion, and vacuum tank canbe evacuated to pressures less than 0.1 mm of
mercury. This provides compression ratios which are high enough to main-
tain hypersonic flm in the test section until all the air in the reser..
voir is expanded through the nozzle. Evacuation to pressures below 0.1 mm
of mercury is also necessary to prevent shock-heating of air in the nozzle
at the start of flow, since air so heated causes noticeable spurious
initial temperatures on heat-transfer models.

Calibration.- Properties of the test stream were determined from
measurements of reservoir pressure, pitot pressure, and stream velocity.
It should be noted that the calibration of the test region did not include
static-pressuremeasurements. However, it will be seen later that the
static-pressuremeasurements are not needed for relating the experimental
heat-transfer parameters used in this report to the stream properties.

Reservoir pressures for each test were measured from the side of the
reservoir block with the strain-gage unit shown in figure 1. The gage
and its operation have been described in reference 1. In addition, res-
ervoir pressures were measured at the nozzle end of the pump tube with a
quartz-crystal piezoelectric pressure transducer with a ~-kilocycle
natural frequency. The transducer was mounted in the resemof.r block in
the position to be used later for the nozzle. The pressure-induced out-
put ‘ofthe transducer was passed through a calibrator-attenuatortnto an
oscilloscope. The sweep of the oscillosco~.was triggered by the same
electrical impulse which ignited the powder gharge of the punch. Thus,
a continuous record was taken of the reservoir pressure from the instant
the punch was actuated. Typical photographic.recordsof the outputs of
thestrain-gage unit and the piezoelectric transducer are shown in
figures 8 and 9.

—

—

The resezwoir pressure records were also used to determine conditions
required for total equilibrium after one-cycle shock compression. The
conditions included the spacing, geometry> and number of perforated
plates needed to control the flow of helium into the pump tube. Shown

.

in figure 8 are two records of resenoir pressure fluctuations which
occur when no plates are used for throttling. Similar fluctuations .
occurred when throttling with plates was only partially effective. Shown

~mf-
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in figure 9 are two pressure records for the throttling arrangement
selected as the most effective. In figure 9(a), the record shows a pres-
sure jump to within 10 percent of the final pressure at the instant the
primary shock was reflected from the end of the pum~ tube. The final
pressure was reached in less than 2 milliseconds and thereafter did not
differ from the equilibrium pressure by more than *5 percent. This inti-
cates that the contact surface %etween the helium and the air had been
brought essentially to rest with respect to the ~p tube by the inter-
action tith the reflected shock, and that the reservoir air was disturbed
only by minor pressure waves. These minor fluctuations in resenoir
pressure are shown in figure 9(b) to decay to half their initial smpli-
tude in less than 10 ndlliseconds. Essentially, then, the reservoir
pressure remained constant at 1615 psia from the moment the incident
shock wave was reflected from the end of the pump tube.

The pitot pressure was measured with a conventional strut-mounted
probe. The 0.040-inch-diameter sonic throat was used for these tests.
A photograph of the test section with the pitot probe installed is shown
in figure 10. The 0.065-inch O.D., 0.070-inch I.D. probe was supported
by a 5° included-angle wedge with a sharp leading edge and the piezoelec-
tric trmsducer used for the reservoir pressure measurements was mounted
in the supporting strut. The calibrator-attenuatorpreviously mentioned
In conjunction with the transducer is also shown in the photograph. Two
pitot-pressure records are shown in figure IL. The oscillations are

G beM.eved to be due to the internal flow characteristics of the pitot .
probe. Since the rese?noir pressure was constant the pitot pressure was
deduced to be constant and was taken to be the mean value of the trace
shown in figure XL(a). Since it was known that the reservoir pressure
jump was essentially instantaneous (see fig. 9), it canbe judged that
the pitot pressure probably reached an equilibrium value of 2.2 psia in
less than the 2 milliseconds indicated by the recordof figure n(b).

The stream velocity was determined by means of the technique discussed
in reference 1. Briefly, a disturbance is producedby a high-voltage
spark ikk.chargebetween the electrodes shown in figure 12. As the dis-
turbance passes through the test section, its position is recorded @oto-
graphicallyby a schlieren apparatus. The time of travel is the time
interval between the dis~arge of the disturbance spark and the discharge
of the spark light source of the schlieren apparatus. From the location
of the centers of the disturbsmce b the schlieren photograph (see fig. 13),
the distance traveled from the tips of the electrodes canbe determined.
Thus, the average velocity can be determined by dividing the distance
traveled by the time interval of travel. Measurements of velocity were
made in separate tests over a range of times from 2 to 90 milliseconds
after the start of flow. In figure 14 it can be seen that the velocity.
is constant at 6500 feet per second for the first 50 milliseconds of flow
with deviations of only f100 feet per second. Note that the velocity

. data are for the 0.063- and O.Og&inch-&ismeter sonic throats. The
schlieren @otographs of the air flow for the tests in which the

.“ -?W%&@ --
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O.OkO-incl.;iameter sonic throat was used lacked sufficient detail for
accurate location of the centers of the disturbances. Note, however,
that the stream velocity in hypersonic flow does not change appreciably

w

with Mach number, increasing, for example, by only 2 percent from M = 10
to 12. As will be seen, this is within the Mach number range of these
tests. Therefore, it is within the accuracy of the experiments to assign
the 6500-foot-per-secondair-stream velocity to the tests in which the
0.040-inch-diameter sonic throat was used.

—
With the stream velocity and

pitot pressure known, an estimate was made, using ideal-gas equations, of
the stagnation temperature and stream density.

—
The time required for the

stream to reach chetical equilibrium was calculated from relaxation times .
given by Logan (ref. 8). The calculations @tlcated that the stream
should reach equilibrium within the nozzle.

—
Therefore, stream properties

presented in this report have been evaluated for air in chemical equilib-
.—

rium. Furthermore, the heat-transfer parameters presented herein deviate
by not more than 5 percent from those estimated from real-gas properties

—

presented by Hansen (ref. 9).

The stream properties needed to determine the aerodynamic parameters
include the density and the total temperature. The reservoir pressure
was not used directly to determine these properties but was used to deter-

—

mine an approximate pitot-pressure Mach number. From the ratio of meas-
ured pitot pressure to measured reservoir pressure, p’/pt = 1.4x10-3, the
pitot-pressure Mach nuniberwith the 0.040-inch-diameter sonic throat
and Y = 1.4 was found to be approximately 11.8. Since the true Mach

-.

number is usually somewhat lower than the pitot-pressure Mach numiber,a
second method was used to estimate the Mach number range. The schlieren
photographs shown in figure 15 are of flow over the pitot-pressure probe.
The shock from the end of the semispan strut can be seen in each photo-
graph. Since downstream of the strut the sho~k wave angle is approximately
equal to the hfachangle, the Mach number of Z1OW can be est~ted from ._ _
these shock waves. The Mach nuniberwas estimated from shock-wave angles,
for y = 1.4, to be 9.5 for the 0.094-inch-diameter sonic throat and 10,4
for the 0.C63-inch-diameter sonic throat. A shock wave was discernible
in a photograph of flow with the 0.040-inch-di.ametersonic throat but

—

lacked sufficient detail to be measured. It is likely, however, that the
—

true Mach number for this sonic throat should be higher than the true
Mach number for the 0.C%3-inch-diametersonic throat. Thus, the true
Mach number of flow with the 0.040-inch-diameter sonic throat is undoubt-
edly between 10:4 and 11.8, the pitot-pressure Mach number. Now, the
heat-transfer-rate comparisons made in this report do not depend on Mach
nuniberof flow; therefore, it is sufficient for reference purposes to
state that these data were taken at a nominal Mach number of 11.

At hypersonic.Mach numbers, the ratio of pitot pressure p’ to
dyaamic pressure ~ is approximately independent of Mach nuniber;namely,

‘=–” ‘(’)“(Y(++TI P’
2PM pmumz

(1)

*.

.
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Since r(y) is very nearly constant, varying, for exam@e, from 0.920
to 0.935 as 7 varies from 1.4 to 1.3, the stresm
calculated from measured properties p’ and %:

1

Pm=— &2

The stream density was assumed constant during the
ent with the constant value of velocity and of the
was calculated to be 7.9XL0-8 slugs per cubic foot
2.2 psia for the pitot pressure and 7 = 1.4.

The stagnation temperature, Tt, is calculated
integrated energy equation

Tt = %02

()
2% l-~

density pm canbe

(2)

test interval consist-
pitot pressure, and
from the value of

from a form of the

(3)

The term (1 - T/Tt) is a very weak function of Mach nuniberin hypersonic
flow equations; therefore, its evaluation at exactly the true Mach num-
ber is not necessary. Since the velocity of the stream was found to be
constant, the stagnation temperature was deduced to be constant and was
calculated to be 3660° R for c =

f
6.0X103 ft-lb/slug %. ~is stagna-

tion temperature will be used a ong with the stream density and velocity
.

to provide a basis for relating Nusselt nuniberwith Reynolds nuniberin a
manner which is relatively independent of Mach number (ref. 3). Since
the stagnation-point mass flow equals the free-stream mass flow according
to mass consenation requirements, a stagnation Reynolds number can be
computed from free-stresm density and velocity and the coefficient of
viscosity evaluated at stagnation conditions. This stagnation Reynolds
number was found to be 4.0Xl.04per foot with ~ = 1.3XL0-e slug/ft sec
(the free-stresm Reynolds number corresponding to flow at the nominal
Mach number of IL would be 5.2Xl@ per foot with L = l.OXLO-T slug/ft see).

The purity of the air strean was also investigated. Since the helium
in the pump tube could possibly mix with the air, an optical detector was
developed to indicate qualitatively the presence of helium in the test
stream. A schematic diagram of this helium detector is shown in figure 16.
A continuous corona discharge at the spark electrodes ionizes the test
stresm. A photomul.tiplieris fitted with an interference filter which
till pass only the prominent helium lines of 5875 & The electrical out-
put of the photonmltiplier is fed into a recording oscilloscope. A
typical photographic record of the output is shown in figure 17. The
presence of helium in detectable quantities begins approximately 40 milli-
seconds after the start of flow. Model surfaces were examined optically
after each test for the presence of solid phase impurities; no such
impurities were detected.



10

Heat-Transfer Models and Reduction of Data

NACARMA58E19

The models used in the heat-transfer experiments were butt-welded
iron-constantan thermocouple cylinders of 0.003-, 0.012-, and 0.020-inch
diameter. These were Chosen because iron and constantan have nearly
equal thermal capacities. Thus, the weld junctions were representative
of a cross section of a ‘homogeneouscylinder. The cylinders were exam-
ined microscopically, and those used showed no visible imperfections at
the welded junction. The cylinders spanned the test section with the
junction on the stream center line. They were tested normal to the flow
(zero yaw) and at 22.5°, 45°, and 70° angle of yaw. A typical installa-
tion, a 0.020-inch-diameter cylinder at 45° angle of yaw, is shown in
figure 18. It should be noted that although the 0.063- and 0.094-inch-
diameter sonic throats were used to obtain stream velocity data, only the
O.OkO-inch-diameter sonic throat was used for heat-transfer measurements.

Heat-tmnsfer parameters were deduced from measured rates of the
change of cylinder temperature by the method of reference 1. Temperature
gradients across the thermocouple junction and along the cylinder were
assumed to be negligible, Under these conditions the average rate of
heat transfer per unit area to the models is proportional to the rate of
change of temperature indicated by the thermocouple junction. Thus, the
average heat-transfer rate satisfies the relation

.

—

.

*

(k)

where dTb/dt is the rate of change of temperature of the cylinder with
a radius ‘~, specific heat ~, and density ~.

For cylinders at zero yaw, an average heat-transfer
defined by the equation

Qii=—
Tt-~

wherein Tt is the total temperature of the stream and
cylinder temperature at the beginning of flow. Then the
number =, based on stagnation temperature conditions

coefficient is

(5)

~ is the
average Nusselt

(kt = 1. 95k0-5 Btu/sec ~ ‘R) and ; characteristic length equal to the
diameter of the cylinder, is given by the equation

ma
2Erb %2%% %

‘—=kt(Tt -~)=kt
(6)

The
has been
yaW with
rates is

effect of yaw on the aerodynamic heating of a circular cylinder
treated by comparing rates of change of temperature measured at
rates measured at zero yaw. The ratio of average heat-transfer
given by the equation
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(7)

A typical temperature-rise record is shown in figure 19(a). Since
the initial temperature rise was of principal interest, oscilloscope sweep
speeds were ad@sted to give a slope of the temperature time curve of
approximately 45° whenever possible. The record shown includes the first
8 milliseconds of flow. The rate of temperature rise for this run was
determined to he 51,600° R per second.

It was previously noted that pressure records were used to evaluate
the effectiveness of the throttling p@tes. Temperature-rise records
were also used for this evaluation. The record shown in figure 19(b) was
taken with a 0.003-inch-dismeter cylinder at zero yaw. For this run, no
throttling plates were used. The changes in heating rate indicatedby
the waviness of the trace correspond in time with the pressure fluctua-
tions of figure 8. Note that such waviness is hardly detectable on the
trace of figure 19(a). This was interpreted as evidence that the stag-
nation pressure fluctuations indicated by the records of figure 9 do not
influence aerodynamic heating rates.

RZSUITS AND DISCUSSIONSJ.

Experimental Results

Average heat-transfer rates have been calculated from rates of
temperature rise of circular cyLLnders tested. These cylinders were
tested normal to the air stree.zu(zero ww) and at various -es of yaw.
The data obtained at zero yaw are presented in figure 20(a) along with
the data of references 1, 4, 5, and 6. Specifically, there are shown
average Nusselt numbers as a function of the reciprocals of stagnation
Reynolds numbers. It should be noted that there is a large difference
in test conditions at which the various data were taken. For exsmple,
the data of Stine (ref. 6) are for Mach nuuibersless than 1.4 with stag-
nation temperatures less thsn 590° R. Nevertheless, the agreement between
the present data and the earlier data is reasonably good.

The ssme data are presented in the manner of Staider, Goodwin, and
Creager (ref. 4) in figure 20(b). In this figure are shown average Nusselt
numbers as a function of stagnation Reynolds nunibers. The Nusselt num-
bers from the present tests were found to be proportional to the 0.65 pwer
of the stagnation Reynolds nunibers. However, it was shown experimentally
in reference 1 that, in high Mach number flow, Nmselt numbers are pro-
portional to the sqpare root of the stagnation Reynolds numbers. This is
essentially the result deduced experimentally by Kovaznay and Tormarck
(ref. 5) and by others for average Nusselt numbers of cylinders transverse
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to subsonic and low Mach nmiber supersonic continuum flows. On the other
hand, in reference 4, experimental values for Nusselt nuuibersin rarefied
gas flow were reported to be proportional to the 3/4 rower of stagnation
Reynolds numbers.

Consideration of the flow &nu3sen numbers may account for the
obsened differences in the exponential relationship of the Nusselt num-
bers and stagnation Reynolds numibersfor the various investigations. If
the exponent should be one-half for fully developed continuum flow and
should approach unity for free-molecule flow, it is likely that the expo-
nent would lie between umity and one-half in a slip-flow regime. It was
shown in reference h that noncontinuum flow occurs at Himzdsennunibers
greater than 0.1. The Klmdsen numbers of the cylinders of the present
tests were calculated from nominal Mach numbers and Reynolds numbers to
lie between 0.02 and 0.14. The relationship Nu = 0.16 Ret””m
(figs. 20(a) and 20(b)) followed by these experimental data maybe con-
sistent with a hypothesis that these data pertain to the domain between
continuum and free-molecule flow.

The effect of yaw on the aerodynamic heating of a circular cylinder
will nowbe considered. Experimentally determined heat-transfer reduc-
tions with increasing yaw are shown in figures 21 and 22 with the analytic .

curves, Q~Q A+) = cos
L

s/2>* Note that for the data shown in figure 21 the
scatter at 2 -1/2° yaw angle is no more than *2 percent. This represents
an error in reading the initial slope of the temperature trace (fig. 19(a)) “
of no more than +0.02 cm per cm. However, this limit in reading accuracy
results in somewhat greater deviations at higher angles of yaw. Because
of these deviations and because of the small Reynolds number range of

—

these tests, it is not possible to determine the extent to which the
reductions shown in figure 21 are influenced by Reynolds number.

There are shown in figure 22 data from r&erences 1 and 7. Observe
by comparing figures 22.and 22 that although the data from reference 1
and the present tests are for high Mach number flow, the present data’
show greater heat-transfer reductions at 70° yaw angle. This variation
may be a result of the differences in model suppotis in the two investi-
gations. In reference 1, the cylinder supports projected well into the
test stream. In ccurtrast,for the present tests the cylinders completely
spanned the test section (see fig. 18) with no projecting supports. Thus,
it is believed that the present heat-transfer data have been obtained in
a more nearly two-dimensional flow field than was achieved in the tests
of reference 1.

Obsene by comparing figures 21 and 22 that heat-transfer reductions
reported in reference 7 differ from those of the present tests. Note that
the present tests were conducted with a body-to-stagnation temperature

.

ratio of 0.14; whereas the temperature ratio of reference 7 was approxi-
mately 0.5. In addition, the fineness ratios of the cylinders in the pres- -
ent tests were over 100; whereas the fineness ratios of the cylinders of
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reference 7 were 12. These
reductions in heat-transfer

two factors could
rates observed.in

13

account for the larger
the present tests.

Comparison of Theory With ~eriment

The predictions of heat-transfer rates to circular cyL1.ndersat yaw
will now be considered. Theoretical methods for determining the influence
of yaw on heat transfer to cylindrical stagnation regions have been given
in references 1, 2, and 3. These.theories can be compared with experiment
if it can be established that measured average heat-transfer rates to
solid circular cylinders are proptiional to calculated stagnation-region
heat-transfer rates. The theoretical considerations outlined in refer-
ences 2 and 3 show that the average heat-transfer coefficient is propor-
tional to the local heat-transfer coefficient when the local velocity at
the boundary-layer edge is directly proportional to the azimuth angle.
In reference 3, it was shown that this condition is also true for yawed ‘
cylinders if the Mach number is greater than about 2.5. This finding
(h -hlocal) has been verified experimentallyin reference 3 for M= 3.9.

The solutions given in reference 1 are for cases in which viscosity,
themal conductivity, and specific heat are arbitrary functions of tem-
perature. These solutions include the following equation for predicting
the effect of yaw on heat-transfer rates:

QA _ cos(n+~)h

‘(A-) 1 - (Tb/Tt)n+’
{Coq+k!jn+]+

r

1(n + l)Pr ~ 1 (8)

J

Reshotko and Beckwith (ref. 2) present equations for compressible
lsminar boundary-layer flow over a yawed infinite cylinder. These eqm-
tions include the effects of heat transfer and arbitrary Prandtl number.
Expressions are given for stagnation-line heat transfer and the variation
of heat-transfer coefficient with yaw angle. The ratio of yawed to nor-
mal heat-transfer coefficient for a cy~nder with the same conditions of
free-stream and surface temperature appears to approach a limiting curve
at Mach numbers greater than 7. This limiting ratio is given as

(9)
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in the notation of reference 2. The yaw parameter to/%o is a local
static temperature ratio relating Mach number and yaw angle, whereas ~’
is the rate of change of a normalized enthalpy function evaluated at the
wall.

.

.

The influence of yaw on the heat-transfer coefficient at the forward
stagnation point of a cylinder has also bea treated in reference 3. An
expression was derived for the ratio of heat-transfer coefficients at yaw
to the heat-tmnsfer coefficient at zero yaw. This ratio of heat-transfer
coefficients was presented as a function of yaw angle and Mach number.
It maybe noted that the ratio approaches a cossl~ limit for M = m
and lies very close to this limit for Mach nimibersin excess of 7.

Possible reductions in heating rates at angles of yaw have been
calculated by the theories of references 1, 2, and 3. The method of
reference 1 was used to treat two surface-to-stagnationtemperature ratios,
namely, Tb/Tt = O and Tb/Tt = 0.14. The latter value corresponds to the
test conditions in the 2-inch hypervelocity wind tunnel. According to
equation (8), the stagnation-regionheat-transfer rates are influenced by
yaw in the manner shown in figure 23. The Prandtl number was taken equal
to three-fourths and the temperature exponent for the thermal conductivity
and viscosity functions was taken as one-half. The method of reference 2 s

was used with equation (9) to calculate the effect of yaw on stagnation-
line heat-transfer rates. The resulting curve shown in figure 23 includes
the influence of variable Prandtl number and surface-temperaturelevel as

= -“

discussed in reference 2. Also shown in figure 23 is the cos312A curve
previously noted as the limiting value of the equation derived in refer-
ence 3 for heat-transfer reductions due to yaw in very high Mach number
flow.

—

How well these predicted reductions agree with the present data is
seen by comparing figures 21 and 23. The data are observed to decrease
with increasing yaw slightly more than the cos~~%. However, the experi- - ~
mental scatter is seen to be at least as much as the differences in the
theoretical values shown in figure 23, with the exception of the
~/Tt = 0.14 case at yaw angles greater than 50°. Therefore, it is not
proper to select one theory as the most representative,but it is appar-
ent that within the accuracy of the experimental data, reductions of the
order of COS31ZA can be effected by yaw. Thus, a means for estimating
pssible reductions in average rates of heat transfer can be set up with
the relationship Q~/Q(Aa) = COS3/2A.

CONCLUDING REMARKS
.

An apparatus has been developed in which heat-transfer rates can be
measured in a 6500-foot-per-secondhypersonic air stream for at least
40 milliseconds. Measured average rates of heat transfer to circular
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cylinders normal to high-velocity air flow were found
to the 0.65 power of the stagnation Reyuolds number.
rates were in good agreement with heat-transfer rates
+eriments, including those obtained in considerably

15

to be proportional
These heat-transfer
obtained in earlier
lower velocity flow.

The value of the exponent, 0.65, leads one to conclude that these data
may have been taken in a region of transition between continuum and free-
molecule flow. Average rates of heat transfer to circular cylinders in
high-velocity air flow were found to decrease with increasing yaw angle, A,
about as cos~iq . These reductions in average heat-transfer rate agree
reasonably well with reductions which are predicted with stagnation-region
heat-transfer theory.

Ames Aeronautical Laboratory
National Advisory Comnittee for Aeronautics

Moffett Field, Calif., May 19, 1958

.
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ANALYSIS OF ONX-CYCLE SHOCK PROCESS
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One of the problems associated with simulation of aerodynamic heating
of hypervelocity vehicles is the generation of an air stream with which
flight velocities and Reynolds numbers can be duplicated. One technique,
shock compression of air in shock tubes, has been used extensively to gen-
erate high Mach number flows. This process has been reported by Glass
and Patterson (ref. 10), Hertzberg, Smith, Glick, and Squire (ref. 11),
Dosanjh (ref. 12), and by several others. For high Mach number flow,
testing times are of the order of 0.01 millisecond per foot of shoc$-tube
length (ref. U.). However, testing times with high Mach number flow are
limited by the rapidly changing stream properties due to marked attenua-
tion of the incident shock wave. Such attenuation was reported by
Hertzberg (ref. 13), for example. Because of this attenuation, flow time
cannot be increased merely by the use of longer shock tubes. If an
attempt were made to compensate for the attenuation with stronger inci-
dent shocks, the density, and thus the Reynolds number of flow, would be
lower because of practical limits on compressor chsniber pressures. --—

Longer flow times can be realized, however, if the incident shock
wave is reflected from the end of the shock tube. In this process, the .

air in the shock tube is compressed into a high-temperature reservoir
and can be expanded through a nozzle into a conventionalwind-tunnel-type
test section. One such device, reported in reference 1, was used with an
exploding powder charge and valving system to provide testing times up to
one second, with stream stagnation pressures and temperatures up to
4500 pounds per square inch and 2200° R. In the operation of that equip-
ment at higher equilibrium temperatures and pressures, the excessive
pressure and temperature peaks produced by the exploding powder charge
eroded the reservoir and nozzle surfaces. This resulted in damaged
equipment and contaminated air in the test stream. It was decided to
modify this equipment, retaining the reflected-shock compression technique
but eliminating, if possible, the use of an exploding powder charge and
valving system.

.-

It has been established (see ref. 10, for exsmple) that a light gas
in the compressor chamber of a shock tube can be used to produce strong
shocks in air. Thus, an energy source equivalent to an exploding puwder
charge is available for shock compression. When a nozzle is incorporated
in the closed end of a shock tube and is used without a valving system,

— -,

a test stream is generated as soon as the incident shock is reflected
from the end of the shock tube.

-L
However, when no valve system is used,

testing times maybe limited by reflected pressure waves disturbing the
reservoir air. It would be desirable, then, to provide shock compression
with a one-cycle shock process so that pressure and tempemture

.
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fluctuations can be eliminated. If no disturbances are reflected into
the reservoir of air, flow times wouldbe limited onlyby the mass of air
in the reservoir and the flow rate through the nozzle. With such a PZ’O-
cess the air in the reservoir would be at zero velocity after compression
by the reflected shock. This should minimize erosion of the reservoir
surfaces by the scrubbing action of moving, high-temperature, high-pressure
air. The following analysis is concerned with the feasibility of the gen-
eration of a hypervelocity air stream with one-cycle shock compression of
air in a closed-end shock tube, or pump tube.

A wave di.agrmnof the reflected shock system showing a reflected
compression wave which disturbs the air at rest in state 5 is shown in
sketch (a), while a reflected rarefaction wave is shown in sketch (b).

t Reflected compression

Airat zerovelocity

4

x

4

Sketch (a)

i

\
\

Reflected rarefaction

7
wave

6

l!!.~ }

Transtnitfed
\

Shock 5 Air at zero velocity

‘eflecfed
3 2 ‘hock

UrfaceN
c+ ‘+cidefi t ehOc~

@q/
_/

I

Sketch (b)

It should be noted that if the nozzle throat diameter is much less than
.#

the pump-tube diameter, air flow through the nozzle has a negligible
effect on the strength of the reflected shock. In addition, this air
flow will not Mluence the pressure of the air in state 5. Therefore,
air flow through the nozzle need not be represented on the wave diagram.
The flow time with constant stagnation pressure, when these disturbances
are present, is of the order of 0.1 millisecond per foot of pump-tube
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length for high incident shock strengths. An analysis of shock phenomena
has shown that these disturbances can be eliminated when a light-gas .
driveris used. Thus, if there are no reflected disturbances, the contact
surface will be at equilibrium (zero velocity) and the pressure ratio
P7/P

E
will be unity. It was shown in reference 10 that the character

of t ese disturbances depends on the energy of the gases in states 2
and 3, shown in sketches (a) and (b). The energy ratio

42 = (CWT)J(C+7)2 appears in the equation —

,+(jf$’J&ii)(”?J
(+)(’$+J-1 =0 (Al)

5

When the energy ratio e.=.=ea3-s less thm

P
a4 ~+1

.=
P=

U=—+l
P2

a reflected compressionwave results; whereas for an energy ratio greater
than

P=
a4 ~+1

P:
a=—+l

P2

a reflected rarefaction wave is produced. It follows, then, that for no
reflected disturbances in state 5, the energy ratio %Je2 must be, for
a pressure ratio p7/p5 = 1,

>+1
‘3 _ a4 P2

(A2)
‘2 P~

al—+l
P2

Now, the rate at which the driver gas flows into the pump tube
controls the incident shock strength as well as the energy ratio eJe2
and thus has an influence on equilibrium at the contact surface. Ideally,

.

.

—

—

.
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equilibrium will occur at different shock strengths for different inlet
. areas (for the same initial energy ratio and pump tube cross-sectional

area). Since the pressure in state 5 depends only on the shock strength,
under certain conditions this pressure will be equal to the final pres-
sure in the compressor chamber. In addition, while traversing the pump
tube, the reflected shock is weakened by interaction with the forward
moving rarefaction wave. If the attenuation of the reflected shock is
complete, no appreciable disturbances will be transmitted into the pump
tube when the reflected shock enters the compressor chamber.

Thus, with matched final pressures and no reflected disturbances at
the contact surface or inlet section, the gases at all stations will be
at the same pressure and at zero velocity. This condition of total equi-
librium results in a one-cycle shock process. Thus, the air in state 5
will be at constant pressure and temperature after the incident shock has
been reflected from the end of the yump tube. Since the properties of
the air in state 5 depend only on the initial conditions in the pump tube
and the incident shock strength, these properties can be determined with
the general shock tube equations (see ref. 10, for example). The calcu-
lation of
iterative

. ideal gas

Note

Thus, the

the initial conditions required for total equilibrium is an
procedume. For this report, these calculations are based on
relationships.

that the limiting shock strength for <e=/e4 =lis

(1)P2
r’

PJP4=o “’+td($

temperature, pressure, and velocity ratios

5(”.+*)
l+a=~

(A3)

are computed:

(A4)

(A5)

(A6)
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5=(3(8

U2
—=
al

[($1 1 + al

‘1[“l(a+’‘)15

(A7)

(A8)

(A9)

.

.

(A1O)

.

(All) .-

2 P2

%= [(al+ ‘ii-i

The contact surface, when brought to rest by the interaction with the
reflected shock, will be a dis&ce x~s from
distance, per foot of pump tube, is

%= ’-69(2)
Now, for no reflected disturbances at the

reflected shock and the contact surface, it is

the diaphragm. This
.—

(A12)

interaction of the
required that the energy

ratio e3/e= be givenby equation (A2). For equilibrium in the compres-
sor chamber the Initial pressure p4 must be such that the final pressure
after one-cycle shock compression is equal to the reservoir pressure I?5.
To get total equilibrium, a finite volume compressor chamber must be used
with suitable throttling at the inlet to the pump tube to produce a shock
system which will satisfy equation (A2). The analysis concerning the
effect of inlet area ratio on shock strength and equilibrium at the con-

.

tact surface is given in appendix B. It was found that for total equi-
librium, inlet flow should be throttled to simulate an effective inlet
area ratio of 1.

.
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To continue with the determination of initial conditions reqtired
for total equilibrium, the initial energy ratio, for an effective inlet
area ratio of one (AJAl = 1) is

(A13)

From this energy ratio, the initial temperature and presmre ratios for
each value of incident shock strength can be determined. The temperature
ratio is

The pressure ratio is

1.

.%(74 - 1)

a’x=T

e4—
e=

L)1-%-1
1

(A14)

-—;4
(A15)

The shock strength corresponding to a given temperature ratio is
determinedly iteration from e~uation (A13)~ The initial pressure ratio
can be determined with equation (A15) at this shock strength. Equa-
tions (Al) through (A15), then, can be used to calculate the initial con-
ditions required to provide a shock system with no reflected disturbances
at the interaction of the reflected shock and the contact surface. This
system, together with the throttling technique discussed in appendix B,
will produce a reservoir of air at equilibrium pressure and temperature.
This air canbe expanded through a nozzle to provide testing times from
10 to 100 times longer than would be possible if there were no equilibrium
at the contact surface.
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CONTROL OF FLOW INTO PUMP TUBE

The strength of the incident shock in a shock tube depends on the
inlet area ratio as well as the initial energy and pressure ratios. It
was shown by Glass, Martin, and Patterson (ref. 14) that the shock
strength can be detemined for inlet area ratios from 1 to infinity.
The equations used in this appendix were derived from expressions given
in reference 14. Inlet flow is represented schematicallywith the wave
diagram shown in sketch (c).

t

Q*‘It ..:;””’’’”’’’
‘i/’

*tiy
4

Compressor gas
$?!

/
iY,= Air in Pump tube before compression

the initial conditions
then sonic velocity is

x
Sketch (c)

are such that behind the contact surface
reached at the diaphragm. Then, with

the pressure ratio PJP* is

-1

Pa

[

74+1

1

~—=
P* 2 + (yA - 1)M82

(Bl)

(B2)

The pressure ratio for a rarefaction wave R1 which accelerates the gas
from rest to Me is given by the unsteady flow equation

(,
1

P4 ?’4-1
—= l+T
P~ )

~c (B3)

Finally, to reach ~ > 1, a second rarefactlon wave R2 is required
such that

~!t~

.

.
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&

P*

[ 12 + ()’4- l)% PA—=
P3 74+1

(B4)

Thus for a known idet area ratio, when ~ > 1, the over-all pressure
ratio across the rarefaction waves (and diaphragm) is given by

2=(%X%)(5) (B5)

With p = p=, it is desired to select the incident shock for which
there are nosreflected disturbances when the reflected shock interacts
with the contact surface. This condition is satisfied when

.

(B(5)

and the energy ratio e2/~ has been computed according to equation (A2)
.

P5
a4—+1

. ‘3 Pa—=
‘2 P5

—+1
al P=

Since & differs for each value of incident shock strength Pa/p=,
the pressure ratio p4/P3 will be different for each shock strength for
each inlet area ratio chosen. By iteration, the initial pressure
ratio p4/p= can be calculated for each inlet area ratio, since

%(2)(3 (B7)

NOW, the shock strength P2/P1 required for equilibrium at the contact
surface will be set by the initial temperature ratio T4/T=. ThiS shock
strength can be determined by iteration for a known temperature ratio and
inlet area ratio with

(m)

(B9)
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For total equilibrium, the final air pressure in state 5 must be
equal to the final gas pressure in the compressor chamber. The pressure
ratio p4/& is determinedly iteration using equations (A2)to(A15) and
equations (Bl) to (B9).’ For equilibrium at the contact surface, it is
found that this ratio is approximately constant for each inlet area ratio,
regardless of shock strength. This means that for a given temperature
ratio and inlet area ratio there is but one shock strength with which
equilibrium at the contact surface can be produced. Since the final
pressure in a finite volume compressor chamber wil.1be less than the ini-
tial pressure, p~, because of gas flow into the pump tube, a shock strength
must be chosen that will result in a final air pressure less than P4.
It is found that the pressure ratio will be only slightly greater than
one for an inlet area ratio of 1 with a helium to air drive and an ini-
tial temperature ratio T4/Tl equal to 1. If the compressor chamber
diameter is larger than the pump tube diameter, the flow into the fip
tube must be controlled to produce an inlet area ratio that effectively
is unity. This can be done by throttling the flow tith a set of porous
plates. To be effective, throttling should reduce the inlet flow velocity
to a value consistent with ~ @cfiatedtith equation (A6). ~ereas
some analytical work has been done relating flow velocity to screen poros-
ity (see ref. 15, for example), the porous plates used in the present
apparatus were selected experimentally. These plates and their locations .
in the inlet section are shown in figures 5 and 6.

*

Since the final pressure of the compressor chamber depends on the .

mass flow Into pump tube, the compressor chamber volume must be selected
to take account of this flow. The gas which flows into the pump tube at
a temperature “T3 occupies a volume that can be calculated. From equa-
tion (A12) this volume is, for a pump tube of diameter ~t and length Z,

V3
x

= Xcs z Cs 3C
4 %t2 .Yr 2~t2 (B1O)

Thus, with p~ and T3, the mass of’the helium which moves from the
compressor chamber is known. If atiabatic expansion of the gas in the
compressor chamber is assumed for this mass removal, then the required
volume of the compressor chanber can be computed with

‘4RX%)[’-($3%]‘= (Bll)

where Te is the temperature of the compressor gas in the pump tube
after it has been compressed by the reflected shock. This temperature,
tith P6 = P5 and Ue = 0, is

.

.
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(B12)

Since it was found that the %est match for the pressure ratio p4/~
would occur with an effective inlet area ratio only slightly greater
than 1, the initial conditions required for total equilibrium were cal-
culated, following the method described in appendix A, for an inlet area
ratio of 1. ,,.
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(b) Schematic diagram of nozzle.

Figure 7.- Nozzle for the test apparattis.
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Figure 14.- Free-stream velocity as a function of time.

‘Shock WOVe

37

(a) 0.063-inch-diameter eonlc throat, M= IO.4.

(b) 0,094-inch-diameter sonic throat} M= 9.5.

Figure 15.- Mach number determined from the angle of the shock wave from
.

pitot-~robe strut.
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Glow discharge

~

from spark electrodes

, ,

‘Test section

.

window

j FIHers passing the helium line II+ 5875 angstrom units

l--n ,ho~om:,;b,ier

45 Recording oscilloscope

Figure 1.6. - Schematic diagram of helium detector.
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40 milliseconds after

start of flow
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Figure 17. - !t!y@cal record of the output from the he~um detector.
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Figure 18.- Photograph of t~ical installation
a 0.020-inch-di.ameterthermocouple cylinder
at 45° angle of yaw.

of heat-transfer model;
mounted in the test section
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12

0

(a) Test in which throttling plates were used.

.

.

(b) Test in which no throttling plates were used.

Figure 19.- Typical records of temperature rise of 0.003-inch-diameter
thermocouple cylinder at zero yaw as a function of time.
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Experiment

(um = 6500 fps,

T+= 36fX3° R)

O .003 in. dia., Ret =9.9

❑ .012 in. dia., Ret =39.6

0.020 in. dia., Ret =66.1

A Hypersonic gun tunnel

experiments (ref. I)

r.
A

.08 J39 .10 .11 ,12

Reciprocal of stagnation Reynolds number, I /Re+

(a) Variation of ~ with l/Ret.

Figure 20. - Comparison of average Nusselt numbers for cylinders transverse

to flow.
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Stagnation Reynolds number, Ret

(b) Variation of R with Ret.

Figure 20. - Concluded.
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Experiment

0.003 in. dia., Ret =9.9
•l .012 in. dia., Ret =39.6
0.020 in. dia., Ret =66. I

(cosS/z x)

e
\

10 20 30 40 50 60 70
Angle of yaw, A, deg

F@ure 21.- Comparison of theory and experiment of the influence of yaw
on the rate of heat transfer to cymders in high-velocity flow;
M = 11, Tt = 3660° R, Ret = 4.OXl.04per foot.
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Fiwre 22.- Experimental data from references 1 and 7 showing the
‘influence o; yaw on average rates of heat transfer to cylinders in
high Mach number flow.
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Figure 23.- Influence of yaw on heat-transfer
stagnation region in high Mach number flow
theories.
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