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INTRODUCTION

This document contains reproductions of technical papers presented
by staff membersof the NACALaboratories at the NACAConference on
High-Speed Aerodynamics held at the AmesAeronautical Laboratory of the
NACA,_rch 18, 19, and 20, 1958. The primary purpose of the conference
was to convey to the military services and their contractors the results
of recent research and to provide those attending with an opportunity
to discuss the results.

The papers in this documentwere prepared for presentation at the
conference and are considered to be complementary to, rather than sub-
stitutes for, the Committee's more complete and formal reports.

A list of the conferees is included.
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STUDYOFMOTIONANDHEATINGFORENTRY

INT0 PLANETARYATMOSPHERES

By DeanR. Chapman

AmesAeronautical Laboratory

INTRODUCTION

Oneof the manychallenging problems associated with space flight
is the so-called reentry problem. Intense aerodynamic heating of the
structure and possibly severe decelerations of humanoccupants may occur
when orbiting vehicles enter either the atmosphere of the earth or the
atmosphere of another planet.

Previous analytical studies of the entry problem have been made
with more specific vehicles than those in the present study. By limiting
consideration to specific vehicles it is possible to disregard various
combinations of the forces which appear in the overall problem. For
example, in a study of ballistic vehicles, Allen and Eggers (ref. i)
have shownthat very good results can be achieved even though the gravity
forces and the centrifugal forces are disregarded. Also, in the case of
glide vehicles operating at hypersonic Machnumbers or orbital velocities,
it is possible to disregard the vertical componentof drag force and the
vertical acceleration but not possible to disregard the gravity or cen-
trifugal forces. The early studies of S_nger (ref. 2) have been madeon
this basis. For the case of a satellite entering an atmosphere through
the process of a naturally decaying orbit, however, a realistic solution
is not obtained if either the gravity force or the centrifugal force or
the vertical componentof drag force is disregarded. Full consideration
is given herein to these various forces by meansof a mathematical trans-
formation which reduces the problem to a form simple enough to handle
these various forces without undue complication. In fact, all of the
results of this paper are based on the discovery of a mathematical trans-
formation which reduces the relatively complicated pair of motion equa-
tions to a single ordinary differential equation that is amenableto
solution. This paper is concerned with the problem of entering planetary
atmospheres and provides a generalization and extension of previous ana-
lytical studies of the entry problem to a wider class of vehicles and to
different types of entry than have previously been studied with analytical
methods. A more complete report of this study is given in reference 3.
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SYMBOLS

The notation employed is illustrated in fig_e i, wherein the flight
path is illustrated for a vehicle entering the atmosphere of a pl_et.

r dist_ce from center of pl_et

force of gravity acting upon vehicle tow_ds center of planet

L lift force, normal to flight path

D _ force, p_allel to flight path

flight-path angle relative to local horizontal direction, or
entry angle

u componentof velocity in local horizontal d_ection

dimensionless independent v_iable; _ = 1.0 when velocity is
equal to local circul_ orbital velocity, _d _ = _ when
velocity is equal to escape velocity

Z dependent v_iable proportional to density of _dist_bed
atmosphere ahead of vehicle

p exponential decay p_eter P = e-_y

y altitude

A reference _ea for _ (D = CD _V2A '

result_t velocity, u/cos

wetted _ea

factor for total heat absorbed

factor for heating rate

total heat absorbed

V

S

q

Q

m_ heat_grate

CO_IDE_I_
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ANALYSIS

The basic principle of the method is that, when the horizontal com-
ponent of velocity is taken as the independent variable and the function Z
(proportional to density) is taken as the dependent variable, the complete
pair of motion equa%ionscan be transformed into a single, second-order,
ordinary differential equation:

Vertical Vertical Gravity minus Lift
acceleration drag force Centrifugal force

(I)

In completing this transformation, two terms in the complete equations

which are small compared with the others are disregarded (ref. 3). For

the present analyses an explanation of the physical significance of the

various terms appearing in this differential equation is sufficient.

In equation (i) it can be seen that the first term on the left-hand side

represents the transformed vertical acceleration and the second term

represents the vertical component of drag force. The first term on the

right-hand side of equation (i) represents the gravity force minus the

centrifugal force and the last term represents the vertical component of

lift force.

Inasmuch as this differential equation is of second order, two initial

conditions suffice for determining a solution. For these conditions the

value of the function Z at some initial velocity _i and the value of

the derivative Z' at the same initial velocity are selected: [ = _i;

Z(_i) = O; Z'(_i) = _ 9i" It is noted that the initial value Z' ([i)

i3 proportional to the initial angle of descent _i (negative for descent).

The dimensionless parameter _ is essentially constant for any planet

and is approximately 30 for the planet Earth. The following example

illustrates the initial conditions for the decay of a satellite orbit:

[i = i; Z(1) : O; Z'(1) = O. In this case the dimensionless initial

velocity is 1.0. The initial angle of descent is negligible, as is the

initial density compared with the density at conditions near peak heating

or maximum deceleration. Consequently, the initial conditions are simply

those indicated.
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In order to obtain a better understanding of this differential
equation, assumethat all of the terms on the rlght-hand side of equa-
tion (1) were neglected - that is, the gravity force, the centrifugal
force, and the lift force. Then, the remaining terms on the left-hand
side of this equation form a linear differential equation, the solution
of which yields exactly the solution of Allen and Eggers for ballistic
entry (ref. 1). This should not be surprising inasmuch as they dis-
regarded the forces represented by the terms on the right-hand side of
this equation. On the other hand, assumethat the terms on the left-
hand side of the equation were disregarded - that is, the vertical accel-
eration and the vertical componentof drag force - then, the solution to
the remaining terms on the right side is a simple algebraic solution for
the Z-function which is exactly the sameas the solution for equilibrium
gliding flight of hypersonic vehicles originally advanced by S/nger
(ref. 2). In the present paper, however, none of the terms in this equa-
tion are disregarded, so that all of the subsequent results are numerical
solutions based upon equation (1) as given.

DISCUSSION

Someexamples that illustrate the types of results which can be
obtained from the method are now considered. In figure 2, a plot is
shown of the maximumdeceleration together with the miss distance in range
due to a 0.5 ° error in the initial angle of entry 9i for nonlifting
vehicles. It is seen that, if a nonlifting vehicle were intended to enter
at an angle of 2° initially but inadvertently entered at either i._ ° or

2.5 °, the change in impact point would be roughly 100 miles. Therefore,

as would be expected, the larger the initial entry angle, the smaller is

this error in entry range for a given error in initial entry angle. As

can be seen in figure 2, however, arbitrarily large initial entry angles

cannot be employed if the device is to carry a human occupant. At an

initial entry angle of approximately 3°, the approximate limit of human

tolerance to accelerative stress is reached. At lower angles, such as

0° < -_i < l° the maximum deceleration is seen to be a little over 8g.

This certainly would not be comfortable but is well within the limit of

human tolerance. In this figure and subsequently in figure 7, where the

approximate human limit to deceleration stress is indicated, it is to be

tu_derstood that this limit corresponds to transverse orientation of the

acceleration loads (that is, with the stresses either in the back-to-chest

or chest-to-back orientation). This limit takes into account the approxi-

mate duration of the acceleration stress in a manner that is believed to

be conservative. It is regarded as only an approximate limit.
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As would be expected, the maximumrate of heating also increases
with an increase in the initial angle of descent, as indicated in fig-
ure 3, where the curve for _ is seen to be quite similar to the
curve for maximumdeceleration already discussed in figure 2. The larger
the initial angle of descent, the lower is the altitude at which the
intense heating takes place and, hence_ the higher are the density_ the
deceleration, and the maximumrate of heating. As is shown in figure 3,

however, the total heat absorbed follows an opposite trend to the maxi-

mum heating rate. What happens, of course, is that, although the maxi-

mum heating rate is increased, the time duration over which the intense

heating occurs is very much reduced for the larger initial angles of

entry. The net effect is a reduction in the total heat absorbed with

increasing entry angle. For example, the heat absorbed at an initial

entry angle of 0° is twice that absorbed at an initial entry angle of 3 ° •

There is a simple and general equation developed by Allen (ref. i)

in his studies on ballistic entry, which helps to understand the quali-

tative variations of total heat absorbed, as presented in figure 3 and,

also, as presented in figures 5, 6, 9, ii, and 12 wherein curves of total

heat absorbed are included. The equation for total heat absorbed is

CF S A
_Q-_D A

(2)

This equation was developed in the study of ballistic-type entry but

actually is general and can be applied to an arbitrary entry path. The

equation states that the total heat absorbed for a given change in kinetic

energy A(_mV 2) is proportional to the ratio of the wetted area S to

the reference area A and, also, is proportional to the ratio of the
t

effective skln-friction coefficient CF to the drag coefficient CD.

It is the known qualitative variation of skin-friction coefficient with

Reynolds number which explains the qualitative variation of total heat

absorbed in figure 3- As the initial angle of descent is increased,

the reduction in kinetic energy does not change but heating takes place

at lower altitudes, where the densities and Reynolds numbers are higher

and, hence, where the skin-friction coefficients are smaller. Thus,

equation (2) shows that, in this case or in any other case where heating

occurs at lower altitudes for a given loss in kinetic energy, the total

heat absorbed is less than if heating occurs at high altitudes.

The entry of lifting vehicles starting with a negligible initial

angle of descent (_i _ 0), as would be the case for the orbital decay
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of a satellite, is now considered. Figure 4 represents a plot of the
Reynolds numberper foot at the conditions of maximumheating as a func-
tion of the parameter W/CDA where W is the vehicle weight in Earth
pounds. It is seen from the equation in the figure that the Reynolds
number is proportional to the Z-function. The point of practical inter-
est, however, is that for typical values of the loading parameter W/CDA,
say, in the range between lO and lO0 pounds per square foot, the Reynolds
number at peak heating is only of the order of 103 to lO4 per foot.
These values are low enough to expect extensive runs of laminar flow.
For this reason, the calculations of heat transfer in equation (2) and
for figures 4 to 6 and 8 to 12 are based upon the assumption of laminar
flow. As may be noted in figure 4, the relative values of Reynolds num-
ber for the planets Venus, Mars, and Jupiter are not greatly different
from those of Earth. Consequently, for entry into the atmospheres of
these planets the Reynolds numbers at conditions near maximumheating
are sufficiently small to expect much laminar flow on many types of
vehicles.

In figure 5, somecurves are presented that illustrate the effect
of lift-drag ratio on the maximumheating rate experienced during entry
from a decaying satellite orbit. The equation for maximumheating rate,
shownin the upper right side of this figure, is seen to consist of a
series of factors. The group of factors within the braces represents
the influence of the particular planet - that is, the coefficient of
viscosity _, the gravitational acceleration g, the planet radius r,
and the exponential decay parameter _ of the atmosphere. The group
of factors under the radical represents the influence of the physical
characteristics of the vehicle - that is, the mass, shape, and dimen-
sions. The factor _ is related to the Z-function and, as indicated,
depends only upon the lift-drag ratio of the vehicle. If the drag coef-
ficient were maintained constant and the llft-drag ratio were increased,
such as might be conceived if reaction lift were employed rather than
aerodynamic lift, then the maximumheating rate during entry would con-
tinually decrease as the lift-drag ratio is increased, as indicated by
the dashed curve in figure 9. For aerodynamic lift, however, the drag
coefficient and the lift-drag ratio are always coupled in the sense that
the lift-drag ratio cannot be indefinitely increased without eventually
decreasing drag coefficient. As the formula given in figure 9 indicates,
a decrease in the drag coefficient would correspond to an increase in
the maximumrate of heating. This coupling between CD and L/D is
different for each family of aerodynamic shapes, three families of
which are illustrated in figure 9. The solid curves represent the quan-

_/C_D. The family of half-cones and the family of half-parabololdstity
are maintained with the flat surface in the flight direction; the lift-

# -

drag ratio is changed by changing the fineness ratio. For the family of

flat plates, however, the lift-drag ratio is changed by changing the

angle of attack. In all cases, the forces are computed by use of the
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Newtonian theory. It is seen that the net effect of the coupling
between drag coefficient and lift-drag ratio is such that about the
best that can be expected by the use of aerodynamic lift is that the
peak rate of heating can be reduced roughly 50 percent for lift-drag
ratios in the neighborhood of ,0.5 to 1.O. Inasmuch as the dashed curve

is closely proportional to 1/_ (ref 3), it follows from the equa-

tion given in figure 5 that the maximum heating rate would be nearly

proportional to l/C_ and, hence, would be a
minimum for vehicles

entering at CLMAX. Thus, for practical purposes, the maximum heating

rate may be minimized by entering in this manner.

In figure 6, a plot similar to that presented in figure 5, in which

radiation is disregarded, is shown only for the total laminar heat

absorbed. In this case the structure of the corresponding equation for

Q also is composed of a series of factors; the group within braces again

represents the influence of the planetary atmosphere, the group under the

radical represents the influence of the physical characteristics of the

vehicle, and the factor Q is related to the Z-function and, as indicated,

depends only upon the lift-drag ratio. The interesting point in this fig-

Lure is that for a given drag coefficient the variation in total heat

absorbed with lift-drag ratio is just opposite that observed for maximum

rate of heating. The explanation for this may be understood by reference

to equation (2). As the lift-drag ratio is increased, the overall loss

in kinetic energy does not change but the heating takes place at higher
altitudes where the friction coefficients are larger and, hence, the

total heat absorbed must also be larger. In figure 6 the coupling between

drag coefficient and lift-drag ratio is seen to result in an optimum at

negative lift-drag ratios in the vicinity of approximately -0.5. The

minLmum value of total heat absorbed, however_ is not greatly different

from the value for nonlifting vehicles. When it is considered that the

use of negative lift-drag ratios, at least for entry into the Earth's

atmosphere, results in large deceleration, it may be concluded that the

practical optimum for minimizing total heat absorbed will be achieved by

essentially nonlifting vehicles. A large penalty in total heat absorbed

by the use of a lifting vehicle is evident from figure 6. Also shown in

this figure is a point representing an optimum skip starting from circular

orbital velocity. This optimum skip occurs at a lift-drag ratio of about

0.7 (which corresponds to ClimAX) and is seen to result in much less

total heat absorbed than for the case of smoothly gliding entry. The

difference amounts to about a factor of 3- The reason for this may

again be seen from equation (2). As compared wlth a gliding vehicle,

a skip vehicle penetrates deeper into the atmosphere where the density
is lower and the friction coefficients are lower and, hence, much less

heating occurs for a given loss in kinetic energy.
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A comparison of the decelerations and aerodynamic convective heating

problems for several neighboring planets is now considered. A plot is

presented in figure 7 of the maximum deceleration in Earth g units as a

function of the vehicle lift-drag ratio for the planets Mars, Venus,

Earth, and Jupiter. These curves correspond to entry from satellite

velocity starting with _i = O. The pronounced effect of lift-drag ratio

in reducing the maximum deceleration is evident from this figure. For

example, a lift-drag ratio of the order of a few tenths reduces the maxi-

mum deceleration for Earth from about 8 to 2 or 3. Inasmuch as the cir-

cular orbital velocity for Mars is only 12,000 feet per second as compared

with roughly 25,000 feet per second for Earth and Venus and 140,000 feet

per second for Jupiter, the relative positions of the various curves in

figure 7 are to be expected. The decelerations for entry into Mars are

sufficiently low that even vehicles with negative lift can be employed

without exceeding the approximate limit of human tolerance to decelera-

tion. These limits indicated in figure 7 are different for the different

planets, inasmuch as the duration of the deceleration is different for

each planet. For example, the duration of entry into Mars is much less

than into Jupiter and, therefore, the maximum deceleration tolerable is

greater (fig. 7)- Entry into Jupiter would impose many problems not

imposed by entry into Venus or Mars, inasmuch as the gravitational accel-

eration even for a vehicle at rest would be at least 2.7g and the velocity

necessary to escape from Jupiter is 200,000 feet per second. These fac-

tors impose very severe problems indeed and, hence, Jupiter cannot be

given practical consideration but is included in figure 7 and in other

figures merely for purposes of comparison.

For the same type of entry as was considered in figure 7, the cor-

responding maximum-temperature parameter experienced during entry for

radiation equilibrium is shown as a function of the lift-drag ratio for

these planets in figure 8. The quantity c represents the surface emis-

sivity and would be 1.O for a black body. In order to understand the

numbers on the ordinate, assume that the radius Z of the stagnation

point is lO feet and that the parameter W/CDA has a value of lO pounds

per square foot. Consequently, the denominator --(W/CDAZ)I/8 would be

1.O and, hence, for a black body the numbers indicated on the ordinate

scale would represent nearly the maximum surface temperature in OR. For

Mars the maximum surface temperatures are not really severe (as low as

1,500 ° R) when compared with those of the other planets. For Earth and

Venus the maximum surface temperature can be as low as roughly 2,000 ° R,

which is within the limitations of current metals. For Jupiter, however,

the temperatures are of the order of at least 5,000 ° R and would impose

a much more severe problem for any radiation-cooled device. As can be

seen from the curves in figure 5, the minimum surface temperature occurs

in the region of lift-drag ratio between about 0.5 and 1.O.
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Curves for total laminar heat absorbed during entry from satellite
velocity are shownin figure 9 for the sameplanets. As would be expected
from their relative orbital velocities, the planets in this figure bear
the samerelative position to each other as in figure 8. The ordinate
in this figure represents the total heat absorbed per unit area at a
stagnation point of radius of curvature _. The units are as indicated
in figure 9. In this figure the minimumheat absorbed occurs at negative
lift-drag ratios, as would be expected from the discussion of figure 6.

A different type of entry - namely, atmospherebraking - is now
considered. In order to land on any of the planets, it is assumed,
first, that the velocity must be reduced from somevalue near escape
velocity (_ = _) to a vaSuenear satellite velocity (_ = i). If
this reduction in velocity is attempted by meansof chemical rockets,
it would be very inefficient in terms of weight. If it is attempted by
meansof a low-thrust space engine, it would be inefficient in terms of
Zime. Consequently, there is interest in the process of making successive
passes through the atmosphere in order to decrease the velocity from
roughly escape velocity to satellite velocity. This type of entry is
illustrated schematically in figure i0. The solid line represents a
pass through the atmospherewhich slows the vehicle down and reduces the
apogeeof the orbit in preparation for another entry to reduce further
the velocity and apogee, etc., until circular velocity is obtained. The
ordinate in this figure is the sameas that in figure 8. The abscissa
is the maximumacceleration experienced during the braking process. A
nttmber of other parameters could have been plotted as the abscissa. For
ex_nple, the altitude of closest approach to the planet's surface could
be employed inasmuch as the closer the vehicle passes to the surface,
the greater the maximumdeceleration experienced during this pass. Of
course, if the vehicle passes too close to the surface, then in a single
pass the velocity would be reduced sufficiently to cause an impact with
the surface in the first pass. This type of entry is indicated by the
long-dash lines in figure i0. From this figure it is seen, for example,
that, in order to limit the maximumtemperatures to the order of 2,500° R,
about the greatest number of g units that can be experienced during a
s.ingle pass is only a few tenths. As it turns out, this is sufficient
to complete the reduction from escape velocity to circular satellite
velocity in roughly six or seven passes. If the vehicle experiences
greater decelerations, as would be the case by making the pass closer to
the planet's surface, it is seen that the maximumdeceleration is steadily
increased up to a certain point where it discontinuously increases to a
value corresponding to the completion of entry in the first pass. In
the case of Earth, for example, the curve in figure i0 shows that, when
the maximumdeceleration is somewhatless than 4g, the single pass will
slow the vehicle down sufficiently to complete the entry in the first
pass. This meansthat circular orbital velocity is obtained before
leaving the atmosphere. At this point (represented by a small vertical
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bar in fig. i0) the maximum value of the deceleration suddenly increases

to about 7.2g as the vehicle completes the entry, but the temperature

does not increase inasmuch as the maximum temperature already has been

experienced before the vehicle has been reduced from escape velocity to

satellite velocity. About the largest deceleration that can be experi-

enced in the process of atmosphere braking on Mars is somewhat less

than 1 g. For Jupiter, as would be expected, much more deceleration can

be experienced without completing the entry in the first pass, but the

temperatures also become very large.

The heat absorbed during a single pass through the atmosphere is

presented in figure ll. The ordinate is the same as that in figure 9.

Again, the same relative position of the different planets is noted.

In figure ll, however, it is seen that, once a sufficient deceleration

is experienced to slow down a vehicle to circular orbital velocity, a

further increase not only discontinuously increases the maximum decelera-

tion but also discontinuously increases the heat absorbed. This of course

is because of the additional heat which must be absorbed in reducing the

velocity from satellite velocity to zero. Up to the point beyond which

a single pass to impact occurs, the heat absorbed in the single pass of

atmosphere braking increases because of the greater loss in kinetic energy.

Where only a single pass occurs (long-dash curves in fig. ll), the total

change in kinetic energy is the same. As may be seen for Mars, the greater

the maximum deceleration, the lower is the total heat absorbed. The

reason for this can again be seen from equation (2). As the vehicle

passes closer to the planet's surface and experiences increased decelera-

tion upon entry, heating occurs at lower and lower altitudes where the
friction coefficients also are lower and, hence, the total heat absorbed

is lower. It is seen in figure ll that, if the heat absorbed in a single

pass is kept within the same limitations as for the heat absorbed during

the entire reentry from satellite velocity to impact (about 3,000 for

Earth), the maximum deceleration which can be experienced during the

braking process is about 1.Sg. As it turns out this is sufficient to

complete the reduction from escape velocity to satellite velocity in two

passes. In such a procedure, of course, the heat absorbed in the first

pass could be radiated away before the satellite returns to begin the

second pass.

The curves in figure 12 illustrate the effect of lift-drag ratio on

the heat absorbed during a single pass through the atmosphere. In this

figure, the abscissa is now the dimensionless velocity _ex at the exit

of the braking process, that is, at the exit of the single pass. The

pass in all cases starts with an initial velocity representing escape

velocity. A given value of _ex represents a given loss in kinetic

energy per unit mass; hence, for a given change in kinetic energy during

a single pass, the heat absorbed is reduced as the lift-drag ratio is

increased. This is just opposite the trend observed in figure 6, where
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it was noticed that the greater the lift-drag ratio the greater is the
total heat absorbed during entry from satellite velocity. The explana-
tion is as follows: in order to reduce the velocity by a given amount
in a single pass, a lifting vehicle must penetrate deeper into the
atmosphere than a nonlifting vehicle. This meansthat, for a given
change in kinetic energy, the greater the lift the lower is the altitude
at which heating occurs; hence, the lower the friction coefficient the
less is the heating (eq. (2)). Although it is desirable, insofar as
heat absorbed is concerned, to use a vehicle with lift in the process
of atmospherebraking, once the velocity is reduced to circular satel-
lite velocity it is desirable to use a nonlifting vehicle or even a
vehicle with negative lift.
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PRELIMINARY STUDIES OF MANNED SATELLITES

WINGLESS CONFIGURATION: NONLIFTING

By Maxime A. Faget, Benjamine J. Garland,

and James J. Buglla

Langley Aeronautical Laboratory

INTRODUCTION

This paper is concerned with the simple nonlifting satellite vehicle

which follows a ballistic path in reentering the atmosphere. An attrac-

tive feature of such a vehicle is that the research and production expe-

riences of the ballistic-missile programs are applicable to its design

and construction.

The ballistic reentry vehicle also has certain attractive operational

aspects which should be mentioned. Since it follows a ballistic path

there is a minimum requirement for autopilot, guidance, or control equip-

ment. This condition not only results in a weight saving but also elim-
inates the hazard of malfunction. In order to return to the earth from

orbit, the ballistic reentry vehicle must properly perform only one maneu-

ver. This maneuver is the initiation of reentry by firing the retrograde

rocket. Once this maneuver is completed (and from a safety standpoint

alone it need not be done with a great deal of precision); the vehicle

will enter the earth's atmosphere. The success of the reentry is then

dependent only upon the inherent stability and structural integrity of

the vehicle. These are things of a passive nature and may be thoroughly

checked out prior to the first man-carrying flight. Against these advan-

tages the disadvantage of large area landing by parachute with no cor-

rective control during the reentry must be considered.

In a previous paper, Dean R. Chapman has shown that the minimum

severity of the deceleration encountered during a ballistic reentry is

related to the fundamental nature of the planet. Thus it can be con-

sidered a fortunate circumstance that man can tolerate this deceleration

with sufficient engineering margin.
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SYMBOLS

L

D

W

CD

A

Cm_

I

m

P

an

ax

Rd

Tj

M

Cm

CN

d

Y

lift

drag

weight

drag coefficient

cross-sectional area (frontal)

normal-force coefficient slope per radian

lift coefficient slope per radian

pitching-moment coefficient slope per radian

moment of inertia (general)

ross

period

normal acceleration

acceleration (longitudinal)

Reynolds number based on diameter

thrust of jet

Mach number

pitching-moment coefficient

normal-force coefficient

diameter

distance

For aerodynamic coefficients, the frontal area is the reference area and

the diameter is the reference length.
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DISCUSSION

Figure i showsman's approximate tolerance to "g" loads for sev-
eral positions in which he maybe supported. The information shownwas
obtained from reference i. It should be noted that the tolerance to
acceleration varies for different individuals and that figure i does not
give a complete picture of the problem. It does, however_ neatly estab-
lish an approximate basis for consideration of the acceleration loads to
be described.

The deceleration history of a typical reentry is presented in fig-
_re 2. For this case the reentry angle is -0.8 ° and results in a maxi-
mumdeceleration of 8.5g. It should be noted that the buildup in decel-
eration is very gradual and that the overall severity is well within
humantolerances. In fact, larger reentry angles resulting in a more
severe deceleration history should be tolerable.

The acceleratiofl loads which my be encountered during launching
are presented in figure 3. The acceleration history shownwas calculated
by using elements of a present-day ballistic-missile propulsion system
as a basis. The severity of this acceleration history is approximately
the sameas the deceleration history in figure 2 and is well within the
humantolerance limit.

The one maneuverwhich the ballistic reentry vehicle must perform
is the retrograde maneuver. This maneuverconsists of deflecting the
orbit by the proper application of an impulse provided by the retrorocket.

The performance required from the retrorocket to initiate reentry
from a circular orbit of $OO,OOOfeet altitude is shownin figure 4.
This figure shows the flight-path angle that would be obtained at the
350_O00-foot level when the retrorocket "kicks" the satellite with vari-
ous velocity changes. It can be seen that use of a rearward impulse is
muchmore effective than a downwardone. The downwardone has somemerit,
however, in that it would cause reentry to occur muchsooner after the
impulse was applied. With a rearward impulse the satellite would travel
approximately halfway around the earth before reentering the atmosphere;
with a downwardimpulse the satellite would travel only about one-fourth
of the way around before reentry.

There are someparticular advantages to be gained if reentry is made
from an elliptical orbit. Figure 5 is a schematic drawing of an elliptical
orbit and will help illustrate this. The elliptical orbit has a perigee
point where it passes close to the earth's surface and an apogeepoint
which is 180° away and is the point of highest altitude. Inasmuch as the
satellite is closest to the earth at the perigee, the perigee forms a bucket
as far as determining the landing point is concerned. Since the landing
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point naturally tends to be in vicinity of perigee, the accuracy of the
reentry maneuver is improved when the landing point is purposely made
in the vicinity of the perigee.

Inspection of figure 5 suggests an interesting possibility. If the
satellite is given a moderate rate of spin about its longitudinal axis
at last-stage burnout, it can be attitude-stabilized in space and will
be traveling exactly backward at the apogee in the correct attitude for
firing the retrorockets. Also at the perigee it will be in the correct
nose-first attitude for entry. The required spin rates are well within
the tolerance of a supine or prone pilot. This technique of spin stabi-
lization might simplify considerably the guidance and control equipment
necessary for attitude stabilization.

Figure 6 shows the required performance of the retrorocket when
used in initiating reentry from the apogee of an elliptical orbit. It
can be seen that increasing the height of the apogee decreases the amount
of impulse required to produce a given reentry path angle.

During the last several years the National Advisory Committee for
Aeronautics has been intensively studying the important aerodynamic
aspects of ballistic-mlssile reentry bodies. Muchof this work is
directly applicable to the problem at hand. Thus, fairly well established
information is available to help in the choice of the configuration for
the ballistic reentry vehicle. Table I summarizessomeaerodynamic char-
acteristics for four different types of nose shapes.

The nose shapes shownin table I are comparedon a basis of equal
weight and diameter. A weight of 2,000 pounds was chosen as being reason-
able for the ballistic reentry satellite. A diameter of 7 feet was chosen
as being adequate for the occupant supported in the prone or supine posi-
tion. The aerodynamic characteristics shownin the table are those asso-
ciated with the forebodies (shown by the solid lines). The afterbodies
are arbitrary shapes. Four different nose shapes are shown. They are a
hemisphere, a heavily blunted 15O cone, a 55° cone, and a nearly flat nose
consisting of a spherical segment. The position of the neutral point and
an arbitrary center-of-gravity location are indicated for each of these
noses.

Values of W/CDA, total heating load, and maximumheating rate are
also listed for these noses. The heating was computedfor reentry
starting at 350,000 feet with a path angle of -0.8 °. Computations were
based upon the methods shownin references 2 and 3 and the experimental
data presented by William E. Stoney in a subsequent paper. It should be
noted that the heating is dependent upon both the shape and the W/CDA.
The peak heating rates are of an order of magnitude less than those
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experienced by ballistic missiles. The other aerodynamic derivatives
shownare of interest when the motion of the body during reentry is
considered.

The heating shownis based on the assumption that laminar flow
exists over the entire face of the nose. This assumption at least seems
to be justified for the nearly flat nose and is illustrated in figure 7.
Figure 7 shows the variation of Reynolds numberbased on nose diameter
with _ch numberfor several possible reentry paths in which the initial
path angle is varied from -0.5 ° to -2.5 ° . Also shownare two flights of
rocket poweredmodels (refs. 4 and 5) in which laminar flow was measured
over the entire flat nose of the model. Although these flights do not
indicate the maximumReynolds numberwhich could be obtained with lami-
nar flow, they do show that laminar flow does exist at Reynolds numbers
greater than those which would be expected during the reentry.

Based upon the foregoing statements_ a specific configuration was
chosen in order to bring into focus someof the more detailed reentry
problems. This configuration is shownin figure 8. This space capsule
is conceived of as traveling in two directions. During launching it
would provide a fairly low-drag nose for the boosting system, but during
reentry it would have the desired heat shield in the front. This rever-
sal in attitude also simplifies the support system for the occupant,
since the same.couchis properly alined for both the acceleration and
deceleration phases of the flight. The heat shield chosen is the one
with the lowest heating of the four shapes studied.

During reentry the attitude control system will be used to aline
the vehicle with the flight path. Although this alinement should usually
be accomplished with sufficient precision, one can expect that either
through error or malfunction the capsule will occasionally enter the
atmosphere with an attitude error. It is assumedthat if no corrective
control is applied_ the capsule will develop a pitching and yawing
oscillation.

In a subsequent paper, John D. Bird will show that the limit enve-
lope of this oscillation is not affected by the degree of static stabil-
ity and is independent of dynamic stability downto the point of maximum
deceleration. From this framework it is easy to study the violence of
the residual oscillation at maximum g. Figure 9 shows the period and
normal acceleration that would be encountered during an oscillating
reentry. The equations shownfor P and an were developed by simply

axW
substituting q = -- into the standard expression for these quantities.

Inspection of the resulting equation shows that the length of the

period is directly proportional to the square root of CD/Cm . Thus to
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decrease the severity of the oscillation, the period may be lengthened

by choosing a shape having a high value of CD/Cm . Similarly, the

severity of the oscillation may be decreased by reducing the resulting

normal acceleration for a given angle of attack. Here it is desired to

have a large ratio of CD to CN . It can be seen that from both these

considerations the nearly flat nose is very favorable. It is estimated

that this configuration would have a period of roughly 1 second at maxi-

mum deceleration and that, with an initial attitude error of l0 ° at the

start of reentry, the maximum normal acceleration would be approxi-

mately O.ig.

The particular configuration shown may have negative damping and,

as John D. Bird will show, this situation will result in a buildup in

the oscillation amplitude after the point of maximum deceleration is

passed. This amplitude will approximately equal the initial attitude

error of reentry when sonic velocity is reached. In order to determine

the limit that the oscillation might build up to in the subsonic region,

some tests (unpublished) were carried out in the Langley 20-foot free-

spinning tunnel. These tests showed that the configuration oscillated

at an amplitude of approximately 45 °. The use of a small drogue chute

about one-half the diameter of the capsule reduced the amplitude of the

oscillation to about 20 ° . An extendable flared skirt originating at

the maximum diameter essentially eliminated any oscillatory motion.

However, such a device may be unduly complicated to be practical. An

alternate configuration, the 53 ° cone shape, was tested and proved to

have very little oscillatory motion.

It appears very likely that, after initial flights of the ballistic

reentry type of satellite, the need to reduce the size of landing area

which must be kept under surveillance may result in the desire to improve

the landing-point accuracy. For this reason several simple means of pro-

ducing small amounts of lift have been investigated. Figure l0 illustrates

three such schemes.

The use of the attitude Jets provide a simple method since they would

already be in existence. Because of a low value of Cm_ , a high moment

arm, and a high negative CL_ , these Jets appear to be fairly effective

in producing lift. With this arrangement an L/D of 0.1 could be pro-

duced during the entire reentry deceleration with an expenditure of

approximately 80 pounds of H202. A drag flap is shown to be very effec-

tive by some tests carried out in the Langley ll-inch hypersonic tunnel

and presented by John A. Penland in a subsequent paper. A trimmed L/D

of 0.2 may be obtained with a flap area 4.5 percent of the frontal area.

Similarly, a small center-of-gravity shift is also very effective in

producing lift.
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Figure ii illustrates the effect of a small amount of lift during
reentry. It is seen that with a lift-drag ratio of 0.2 the maximum
deceleration is roughly half of that with no lift. This value will also
stretch the range by 280 miles. Similarly, the landing point may be
deflected to the side by the use of lift. A 90° bank angle, for instance,
will provide a lateral displacement of roughly 60 miles with a lift-drag
ratio of O.1.

These possibilities of variations in range or lateral displacement
of the landing point maybe looked upon in two ways. As previously
stated it maybe considered as a useful method of correcting errors in
the ballistic path.

However it should be pointed out that this condition should also
be considered as an indication that, in the case where a pure ballistic
reentry trajectory is desired, the ballistic path will be highly sensi-
tive to small aerodynamic mlsalinements and center-of-gravity displace-
ments. The employmentof a slow rate of spin to produce an averaging
effect mayprove to be a necessity in order to avoid this difficulty.
The use of a shape Which is incapable of producing lift such as the
sphere would also avoid this difficulty.

CONCLUSION

In conclusion it appears that, as far as reentry and recovery is
concerned, the state of the art is sufficiently advanced so that it is
possible to proceed confidently with a mannedsatellite project based
upon the ballistic reentry type of vehicle.
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TABLE I

COMPARISON OF NOSE SHAPES
WEIGHT, 2,000 LB; DIAMETER, 7 FT

NOSE SHAPE _a

15o-.._ ,
-1

W//CDA 57 t04 57 55

TOTAL HEAT INPUT, BTU :..558,000 414,000 295,000 256,000

MAXIMUM HEATING
RATE AT STAG POINT 125 215 166 64.5

BTU/(SQ FT) (SEC)

CNa .92 .97 .69 .24

CLa 0 .47 -.71 - I..52

Cma -.16 -.09 -.22 -. 15
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PRELIMINARY STUDIES OF MANNED SATELLITES

WINGLESS CONFIGURATIONS: LIFTING BODY

By Thomas J. Wong, Charles A. Hermaeh, John 0. Reller, Jr.,

and Bruce E. Tinling

Ames Aeronautical Laboratory

INTRODUCTION

An exploratory study has been made of a manned satellite inwhieh

the man is considered to be an active part of the system during orbiting

and reentry flight. The maximum horizontal deceleration on a fixed-

geometry nonlifting vehicle is of the order of 8g. In order to take

this kind of loading, the man may have to be so securely supported that

he is essentially immobilized. On the other hand, a lifting vehicle

with a lift-drag ratio of 0.5 experiences a maximum deceleration of

about 2g. This is within the tolerable limit for a man in a sitting

position and is sufficiently low to permit him to have active control

over reentry. Because of the effectiveness of low lift-drag ratios in

reducing decelerations and the effectiveness of high drag in reducing

total heat convection (ref. i), the possibility of using a modified

ballistic-missile shape as a lifting element was considered. Another

attractive virtue of high-drag shapes is that they are known to have

aerodynamic characteristics which are relatively insensitive to changes

in Mach number and Reynolds number at high supersonic speeds in the

continuum-flow regime. Therefore, high-drag shapes can be investigated

in existing test equipment, and the aerodynamic characteristics obtained

are representative of those to be expected at the hypervelocities of

reentry.

Now consider how lift might be developed on a ballistic-missile

shape such as that shown in figure 1. A symmetrical high-drag shape of

the type shown at the top left of the figure has a small lift-curve

slope so that increasing angle of attack is a relatively ineffective

method for developing lift. On the other hand, lift can be effectively

developed on a high-drag shape simply by removing the upper portion of

the body. On the resulting shape, the pressures which previously devel-

oped only high drag now develop high lift as well.

A configuration based on this concept is shown at the bottom of

figure 1. A cone with a semiapex angle of 30 ° was selected as a basic
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shape for this configuration. A blunter cone would, of course, have a
smaller amount of heat conveeted to it during reentry. However, a
blunter configuration would have less satisfactory stability character-
istics and would experience higher decelerations during reentry than
the configuration chosen. The body was madeslightly deeper than a
half-cone to provide more usable depth for a given length, the corners
and nose were rounded to reduce local heat-transfer rates, and trailing-
edge flaps were provided for longitudinal and lateral control. Drag
can be increased by flaring all controls simultaneously, which provides
a method for varying the longitudinal glide range. The aspect ratio of
the controls was kept low (0.6) to minimize the effects of shock-wave--
boundary-layer interaction and Machnumber on control effectiveness.

AERODYNAMICCHARACTERISTICS

Theoretical Calculations

The aerodynamic characteristics of this configuration were calcu-
lated by using Newtonian impact theory for the nose, conical surface,
and controls and two-dimensional shock-expansion theory for the upper
surface; the pressure coefficient on the base was assumedto be 0.7 of
the vacuumpressure coefficient. Calculations were madefor Machnumbers
of 3 to 6 and _. The calculations indicated that the configuration
would be stable and controllable at supersonic speeds.

Experiment

A series of wind-tunnel tests was conducted to verify these calcula-

tions and to determine the static stability and control characteristics

of the configuration at subsonic and low supersonic speeds. A representa-

tive portion of the results is shown herein. All force and moment coeffi-

cients are referred to the fuselage plan area (S = 0.9L2), pitching-moment

coefficients are referred to body length, and yawing- and rolling-moment

coefficients are referred to body diameter.

Performance

The calculated and experimental values of trim lift coefficient and

lift-drag ratios are shown in figure 2. At M = 3 and above, the con-

figuration self-trims (i.e., with controls undeflected) at an angle of

attack of about lO ° as shown. Also at M = 3 and above, theory and

experiment are in good agreement. At these speeds, little variation

with Mach number is observed, and the calculated values at M = _ are

very close to the values obtained at M = 3 to 6.
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The configuration should therefore glide at a constant lift coeffi-

cient and a constant lift-drag ratio of about 0.5 throughout most of the

reentry speed range. Experimental data for this configuration were

obtained up to a Mach number of 6. Tests at Mach numbers from 3 to

12.2 of a similar configuration having a small wing also showed very

little change in aerodynamic characteristics at Mach numbers greater

than 4. At lower Mach numbers, the configuration is not self-trimming

at lift coefficients below the maximum. At these Mach numbers, the con-
figuration was trimmed with the lower controls deflected. The maximum

control deflection used was about 45 ° at M = 0.25.

Stability Characteristics

The static stability characteristics are presented in figure 3.

Values for longitudinal stability Cn_ , directional stability Cn_ , and

dihedral effect C_ are plotted as functions of Mach number. The

results indicate that the configuration is stable about all three axes

and at all test Mach numbers. Again at M = 3 and above, theory and

experiment are in good agreement, little variation with Mach number is

noted, and all measured values are close to the estimated values for

M = _. Preliminary calculations were made for the Dutch roll oscilla-

tion using the vehicle weight and trajectory to be discussed subsequently.

Assuming zero rotary and cross derivatives_ it is indicated that the

oscillation is stable (although lightly damped) and has periods varying

from about 5 seconds at a velocity of 25,000 feet per second to a mini-

mum of 1.6 seconds at 5,500 feet per second.

Control Characteristics

High-speed control characteristics are given in figure 4. Incre-

mental changes in forces and moments with changes in control deflection

are given. Moments due to aileron deflection are shown on the left and

forces and moments due to elevator deflection are shown on the right.

The control loads, in general, are fairly well estimated by the Newtonian

impact theory. Thus, the effects of Mach number and shock-wavewboundary_

layer interaction are apparently negligible. The ailerons produce yawing

moments having the same sign as the rolling moments. This is desirable

for the proposed two-control operation of the vehicle. Preliminary cal-

culations indicate that these controls should have adequate effective-

ness when the dynamic pressure increases to about 7 pounds per square

foot. As mentioned previously, drag can be increased by flaring all

controls simultaneously. It is shown that the upper controls deflected

60 ° and the lower controls deflected about 35 ° have lift and pitching-

moment increments which are approximately equal and of opposite sign.

w
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With controls in this position the trim lift coefficient remains
about the same; however, L/D is reduced from about 0.5 to about 0.44.
This reduction in E/D represents about i0 percent reduction in longi-
tudinal glide range or, for the trajectory to be considered in the fol-
lowing section, a variation of about 700 miles in longitudinal location
of the landing point. The results of this investigation indicate that
a vehicle of this shape can be made stable and controllable throughout
the reentry speed range.

TRAJECTORY

In order to calculate the trajectory, a total reentry weight of
4_000pounds and a body length of _ feet were assumedfor the vehicle.
The vehicle was assumedto be in a circular orbit at an altitude of
lO0 statute miles, and it was assumedthat sufficient reverse thrust
was used to bring the vehicle downto an altitude at which aerodynamic
drag becomessignificant (in this case, about 70 miles). From this
altitude the vehicle follows an equilibrium glide path calculated by
the method of Eggers, Allen, and Neice (ref. 2).

The variations of altitude and flight velocity with reentry range
are shownin figure 5. The total reentry range is about 20,000 miles.
It is apparent that the flight velocity remains close to satellite speed
over 80 percent of the range and that the glide phase amountsto about
1/} of the total range. The total time of descent is 76 minutes. The
amount of reverse thrust employed (Tr = _ pounds) was fixed by the

requirement that the angle of descent and velocity at the end of reverse
thrust match up with the corresponding quantities at the beginning of
the equilibrium glide trajectory. Thus, the transition to the glide
phase is accomplished without introducing an oscillatory or skipping
motion.

HEATINGANDSTRUCTURE

The convective heating experienced by the vehicle during reentry is
shownin figure 6. Heating rate q at various parts of the body is
plotted as a function of reentry range. The indicated heating rates are
for the case of a cool wall immersedin continuum flow and include the
effects of dissociation calculated by the method of Eggers, Hansen, and
Cunningham(ref. 3). Stagnation-point heating rates calculated by this
method comparewell with measuredvalues obtained by Rose and Stark
(ref. 4). Laminar flow was assumedin calculating the heating rates
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since the flight Reynolds numbersbased on maximumdiameter were less
than 106 throughout the critical heating range. It can be seen that
the majority of the heating occurs in the last half of the glide phase,
with the peak stagnation-region heating rate of about 71 Btu per square
foot per second Occurring at an altitude of about 40 miles and a velocity
of 23,000 feet per second. Average heating rates at the bottom and top
surfaces are about 1/4 and 1/20 of the stagnation-reglon value, respec-
tively. The total amount of heat convected to this configuration is of
the order of 106 Btu for the entire period of descent. These heat loads
determine the heat-shield requirements for the configuration. Oneattrac-
tive heat shield mayconsist of a heat-sink material covered by an exter-
nal layer of ceramic insulation. The use of insulation appears attrac-
tive inasmuchas it permits higher surface temperatures with a resultant
increase in the portion of the total heat that can be radiated to the
atmosphere. The weight of heat-sink material required is thereby reduced.
The effectiveness of this approach in relation to other possible
approaches will be discussed in a subsequent paper by William A.
Brooks, Jr., Roger A. Anderson, and Robert T. Swarm.

For the preliminary study made, a conservative unit weight of
7 pounds per square foot of surface area was used. The resultant weight
breakdown for the vehicle is presented in figure 7 along with a sketch
of the vehicle. It can be seen that the heat-shield weight is about
1/4 of the total weight of the vehicle. A possible arrangement for the
pilot and internal equipment are shown. Also shownare the aerodynamic
and reaction controls at the rear. In this structural concept, the
pilot and the equipment are contained in a pressurized capsule and the
external heat shield is thermally isolated from the capsule.

CONCLUDINGREMARKS

As a result of this investigation it appears that a high-lift high-
d_ag configuration of the type discussed has attractive possibilities
for the reentry of a satellite vehicle. Decelerations are low enough
to permit the pilot to perform useful functions during the reentry period.
The configuration appears to be stable and controllable downto subsonic
speeds and is sufficiently maneuverable to allow a lateral deviation of
about ±230 miles and a longitudinal variation of about 700 miles in the
choice of a landing point. Moreover_ it appears that this type of con-
figuration mayhave an acceptably low structural weight.
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CONVECTIVE HEATING DURING RE-ENTRY

75

6O

45

q, Btu
Fr-Tr sec

30

15

TOTAL HEAT LOAD _ 106 Btu

___ _ ,,,STAGNATION

J /-'X

,
8 12 16 20 X I03

RANGE, STATUTE MILES

Figure 6

STUDY VEHICLE

_'-- --- 6'8"-- "H__ " ,0'

A. CAPSULE

I. Capsule Structure 500
2. Pilot and Equipment 880
3. Flight and Guidance Instruments 850
4. Control and Recovery Equipment 650
5. Research Instrumentation 22_0

B. EXTERNAL STRUCTURE

3100 LB

I100 LB

TOTAL WEIGHT IN ORBIT 4200 LB

Figure 7

CONFIDENTIAL



CONFIDENTIAL 45

PRELIMINARYSTUDIESOFMANNEDSATELLITES

WINGEDCONFIGURATIONS

By John V. Becker

Langley Aeronautical Laboratory

PROBLEMSOFWINGEDC_IGURATIONS

Previous studies of hypersonic gliders have been concerned mainly
with those having a high lift-drag ratio (L/D). (Symbols used herein
are defined in the appendix.) In figure i it is seen that designs of
this type have undesirably long glide ranges for a typical reentry con-
dition. (This type of high L/D glider is shownin fig. 2.) Obviously,
operation at a lower lift-drag ratio would be preferable for satellite
reentry since long range within the atmosphere is of little significance.
With this low lift-drag-ratio modeof operation, the high-convective-heat
load characteristic of the glider with high lift-drag ratio can also be
avoided. A method of achieving low lift-drag ratios, which is particu-
larly favorable from the heating viewpoint, is to operate at high angles
of attack, extending upward to maximumlift. Because the requirements
for high lift-drag ratio configurations (such as slender fuselage pro-
portions, small leading-edge radius, and thin wings) are not necessary,
configurations like that shownin the lower sketch of figure 2 can be
considered. A range of the design lift-drag ratio from about 0.7 near
maximumlift coefficient to perhaps 2 at an angle of attack of 25° would
permit the reentry range to be varied by somei0,000 miles. This range
would provide a large margin for correcting errors madein the initia-
tion of the reentry. In a subsequent paper by Hubert M. Drake, Donald
R. Bellman, and Joseph A. Walker, the large lateral range capability,
which is also inherent in this type of winged vehicle, is discussed.

! \

The deceleration rates for the maximum-lift-coefficient ,[CL,MAX_]

type of reentry are very low, a fraction of i g; thus, at no part of the

reentry would the pilot's ability be limited by high deceleration rates

as it would be in the high-drag reentry vehicles.

Another mode of reentry for a winged vehicle is illustrated in

figure i. The reentry is made without lift (or with only small lift)
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until low supersonic speeds are reached, at which point a transition is
n_zdeto the normal glide attitude. In addition to permitting a normal
landing, the wing serves to produce a relatively low W/CDA with the
associated low heating rate. As has been brought out in the previous
papers, the use of low lift with high drag will reduce the peak decel-
eration rmte to a more acceptable level than that of the nonlifting
reentry. A brief review of the problems and potentialities of these
low-lift-drag-ratio modesof operation will be presented.

HEATINGPROBLEMSCONSIDERED

The structure is assumedto be of the type in which nearly all the
imposedheat is disposed of by radiation rather than by absorption into
the structure. (Previous studies have shownthat the absorption type
of structure tends to be excessively heavy for winged gliders.) The
primary design factor for the radiation structure is the peak heating
rate, which determines the peak or design value of the skin temperature.
The extent to which the use of high lift can alleviate the heating
environment will be considered first. In figure 3, machine-calculated
trajectories are shownfor the optimum-lift case (_L,MAX), the optimum-
dr_g case (_CD,MAX), and an intermediate case for high drag and low lift.
Of interest is the condition for peak heating which occurs in all cases
near V = 22,000 ftlsec. Since the velocity is essentially fixed, the
leak stagnation heating rate depends mainly on the atmospheric density
and radius of the body nose. For the present, only the density or envi-

i/2
ronmental factor is considered; that is, the parameter qMAX r will be

investigated as a function of the factors W/S, CL; and CD which con-

trol the trajectory. The corresponding parameter qMAX xl/2, for the

lower surface of the wing, will also be evaluated for comparison pur-

posely. Figure 4 presents these heating parameters plotted against wing

loading (or disk loading for the bodies). These parameters increase as

(W/S) I/2 Comparison of the two upper curves for the spherical nose

shape indicates the extent to which the use of CL_MA X has alleviated

the heating problem; the optimum-lift case has about one-half of the

heating par_mmeter of the optimum-high-drag case, a result which agrees

with that obtained by Dean R. Chapman. The flat-faced shapes, such as

the _]rplane at _ : 90o , have the benefit of a more favorable nose

shape which reduces their stagnation-heating parameter to about the

_<ame level as that of the spherical nose in the lifting case. The

_urface-heating parameter is considerably lower than the stagnation-

heating parameter because of the lower pressures on the surface.
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These comparisons (illustrated in fig. 4) show the beneficial
effect of lift on the heating environment. An additional favorable nose
shape factor effect is present in the lifting case. That is, a spherical
nose faired into a flat wing surface at a high angle of attack will have
a lower stagnatio_ heating rate than the isolated spherical nose shape
operating at the samealtitude. This shape effect will reduce the
heating-rate parameter to a level below that of the lifting case of
figure 4 which includes only the environmental effect. This shape fac-
tor is not knownaccurately for the angle-of-attack range and for the
wing plan forms of greatest interest in this problem.

The leading edge is of greater practical importance than the nose
of the configuration because of its muchlarger area. The basic heating
rate for the leading edge will be less than that of the nose by a fac-
tor of about 0.7 in transforming to quasi two-dimensional flow. Some
further beneficial effect can be achieved by sweep. Obviously, how-
ever, the effective sweepangle AEFF at high angles of attack is less
than the plan-form geometric sweepangle A0 according to the rela-
tion sin AEFF : sin A0 cos _. An estimate of the leading-edge maximum-
heating-rate parameter in which all the above modifying effects were
included indicates values of about the samelevel as the surface heating-
rate parameter of figure 4. Further heat-transfer research on wings
with blunt swept leading edges at high angles of attack and high Mach
number is needed.

In figure 5 the peak heating rate is calculated from the parameters
of figure 4 for typical dimensions of lifting and nonlifting vehicles.
_e long-dashed line (fig. 5) applies to the surface at a distance of
0.5 foot from the leading edge of an assumedsharp-edged wing. A leading-
edge radius of the order of 0._ foot is estimated to produce about the
sameheating rate as the surface at x = 0.5 foot. (In practice a
somewhatsmaller radius should be possible if internal radiation from
the leading edge to the upper surface of the wing occurs. Heat conduc-
tion through the structure will also tend to reduce the skin tempera-
ture at the stagnation point.) It is interesting to note that the
average rate for the lower surface of the wing in the high-drag zero-
lift reentry is slightly lower than the lower surface lifting case.
Thus, the samebasic wing structure would be adequate for either type
of reentry. The horizontal short-dashed line (fig. 5) represents the
rate at which heat can be radiated from a blackened surface at
2,000° F. This rate represents a nominal upper limit for pertinent
metallic structures. Evidently, wing loadings of 30 pounds per square
foot or less are required for radiation structures for this applica-
tion. Whenthe winged vehicle is comparedwith a capsule of 2.5-foot
radius, it is clear that the capsule will generally require the heat-
sink approach, since the disk loading will usually be 50 pounds per
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square foot or higher. An exception to this requirement can be achieved
by use of a parachute or similar drag device capable of reducing the
capsule disk loading to i0 pounds per square foot or less. (It should
be noted that the drag capsule has a comparatively low total heat load
as has been pointed out in the previous papers. Thus, it is not depend-
ent on the use of a radiation structure for low weight to the sameextent
as the lifting case.)

An important heating problem for winged vehicles arises during the
initial dip into the atmosphere and the subsequent pull-up to the desired
glide path. Reentry will occur at an angle ranging upward to perhaps
as high as -3° , depending on the shape of the orbit, the retrograde
action utilized, and the_type of vehicle. The typical path shownin fig-
ure 6 is for a 7 = -l° reentry at CL = I that is followed by the
indicated pushover into either glide path. A peak in the skin tempera-
ture will occur at the bottom of the dip (see fig. 6); this peak temper-
ature cannot be allowed to exceed the peak design temperature that is
reached later in the glide at V _ 22,000 ft/sec. By using machine
calculated trajectories for the atmosphere (ARDCmodel 1956), T1 has
been evaluated for the range of reentry angles shownin figure 7. Evi-
dently, angles as high as -i ° are feasible for a design temperature of
2,000° F. Thus, the radiation structure, contrary to what is sometimes
believed, is not restricted to the gradually decaying orbit type of
approach to the glide path. The results of figure 7 can be extended to

other wing loadings or CL values from the relation TI _ CL

EXPERIMENTALLIFT RESULTS

Exploratory experiments at M = 7 and i0 for several winged con-
figurations at high angles of attack have recently been completed. The
static stability, control, and trim results are discussed in a subsequent
paper by Robert W. Rainey. Additional data for both lifting and non-
lifting configurations are included in a subsequent paper by Jim A.
Penland and William D. Armstrong. These papers conclude that statically
stable trimmed configurations for high angle-of-attack operation can be
achieved. However, additional data are required at angles of attack
above 30° (the limit of most of the tests to date) and at higher Mach
numbers.

One of the objects of this experimental program was to determine
the maximumlift capability of these vehicles, since this factor is
important in the heating problem. Figure 8 summarizesthe available
experimental data at M = 6.9 for delta wings of various plan form and
cross section. The lift is referenced to the theoretical two-dimensional
value for a flat plate and is plotted against angle of attack. An
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extrapolation from 30°, the limit of the tests, to 45° is involved as
is shownby the long-dashed lines. Examinefirst the sharp-edged wings
of increasing sweepand note that in all cases the flow is detached
from the leading edge at the high angles of attack and significant
losses in lift occur as the sweepis increased. A thick wing with a
sweepof 70o and a large leading-edge radius (indicated by short-dashed
lines), which is representative of an all-wing satellite vehicle, is
comparedhere with the sharp thin wing. A loss in llft of about i0 per-
cent is noted for the thick wing. A wing-body combination, which had a
large leading-edge radius and blunt fuselage (configuration 3-B in the
subsequent paper by Jim A. Penland and William D. Armstrong), is com-
pared with the 75° sharp wing, and a loss of some5 percent is noted.
These results can be interpreted to indicate that a configuration with
a 70° swept wing and a large leading-edge radius would have a llft
coefficient CL of about 0.8, the value assumedin the previous heating
evaluations.

In the extrapolation of these results to the muchhigher speed (but
still continuum flow) regime where heating is critical, no large dete-
rioration of the lift from the values indicated in figure 8 are antici-
pated. For example, the Newtonian maximumlift is 0.77, and the shock-
expansion value at shock detachment is of the order of 1.0 at M _ 22.

CONFIGURATIONSCONSIDERED

Consider first a possible configuration for the high-drag type of
reentry winged vehicle. The aerodynamic and structural supporting
studies of this type of vehicle are in a less advanced state than those
for the hypersonic glider but, nevertheless, a few generalizations can
be made. A significant feature of the high-drag reentry vehicle is that
the wing plan form is not subject to any obvious restrictions. Further-
more3 since all componentsare completely shielded by the wing during
reentry, they can be shaped to produce an optimum configuration for low-
speed approach and landing. (The boost phase would probably present
the most serious structural problem for these componentswhich are
shielded during reentry and might impose someadditional shape restric-
tions that are not considered here.) A design which capitalizes on the
potentialities of the drag-type reentry is shown in figure 9. The cir-
cular section on the lower surface of the wing is intended to promote
static stability in the reentry attitude. The wing tips fold outward
to effect the transition to normal gliding flight and to provide static
stability at subsonic speeds. A lift-drag ratio of the order of i0, a
turning radius of less than 1,000 feet, and a landing speed as low as
75 knots should be possible with this type of configuration.
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A minimumwinged vehicle capable of reentry from orbit is repre-
sented in figure i0. This design is intended primarily for the high-
lift hypersonic-glide type of reentry, but it would also be capable
structurally of the high-drag reentry. The leading edge and the lower
surface are designed to radiate all the imposedheat load with a maxi-
mumdesign temperature of 2,000° F. A discussion of the structural
concepts applicable to this type of vehicle is given in a subsequent
paper by William A. Brooks, Jr., Roger A. Anderson, and Robert T. Swarm.
The fuselage is a pressure capsule essentially independent of the wing
structure. Someupward tilt of the nose of the wing is required for
trim at high angles of attack. The flaps extend rearward for low-speed
stability. With an estimated low-speed lift-drag ratio of about 4, this
vehicle could be landed under favorable conditions but, obviously, it
would be less satisfactory in this respect than the previous design.
Aerodynamically, the design might be improved by using less sweep,
extending the flaps outward instead of rearward, and by using a smaller
leading-edge radius. The use of a smaller leading-edge radius would,
of course, require substitution of a material that would withstand
higher temperatures or the use of a coolant in the leading edge. The
use of a small jet engine would greatly simplify the landing operation.

The weight estimate for this minimummannedwinged satellite vehi-
cle is noted. A payload of 1,400 pounds is assumed(a payload that is
200 pounds more than that considered necessary in the drag capsule vehi-
cle discussed by MaximeA. Faget). The structural and systems weights
are estimated to be 1,660 pounds on the basis of the analysis of William
A. Brooks, Jr., Roger A. Anderson, and Robert T. Swarmfor their unpro-
tected thick-wing case. The gross weight of 3,060 pounds is only about
1,000 pounds higher than that of the minimumdrag vehicle. Thus, it may
be concluded that the minimumwinged satellite vehicle is not prohib-
itively heavier than the drag type. The weight is sufficiently low to
permit launching by booster systems similar to that for the drag vehicle
described in a previous paper by MaximeA. Faget, BenJamineJ. Garland,
and JamesJ. Buglia.
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SYMBOLS

fl_f2 functions

at tangential acceleration

angle of attack

V velocity

L lift

D drag

W weight

S surface area

CL lift coefficient

CD drag coefficient

q convective heat-transfer rate

p density

x distance

r radius

T temperature

7 reentry angle

A sweep angle

A cross-sectlonal area

M Mach number

emissivity

Subscripts:

0 zero angle of attack
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i

SAT

MAX

EFF

DESIGN

initial

satellite

maximum

effective

design
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PRELIMINARYAERODYNAMICDATAPERTINENTTOMANNED

SATELLITEREENTRYCONFIGURATIONS

By Jim A. Penland and William 0. Armstrong

Langley Aeronautical Laboratory

SUMMARY

Somerecent experimental data, together with calculations madeby
the modified Newtonian and shock-expansion theories, are presented for
a variety of aerodynamic shapes considered for use as mannedreentry
vehicles. These vehicles were grouped in three basic categories: non-
lifting bodies, lifting bodies, and airplane-like vehicles. The results
indicate that from aerodynamic considerations, all of these configuration
types are suitable for consideration as mannedreentry vehicles.

INTBODUCTION

The aerodynamic characteristics of satellite reentry vehicles at
hypersonic speeds are essential for adequate prediction of their reentry
characteristics. The purpose of the present paper is to present some
basic data of this type obtained in the Langley ll-inch hypersonic tun-
nel at M = 6.9 in air. The data concern three types of configurations:

(i) Axisymmetrical nonlifting bodies that would follow purely
ballistic reentry paths.

(2) Bodies equipped with flaps capable of being trimmed to produce
finite lift. These are referred to as lifting bodies.

(3) Highly swept airplaz_-like configurations.

Comparisonsof the experimental results with theoretical predictions are
included.
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A

CD

CL

CL)TRIM

Cm

Cp

%,MAX

d

if

iN

I

L/D

(L/D) TRIM

M

R

r

Sf

SYMBOLS

frontal area

mean aerodynamic chord

drag coefficient, based on wing area or maximum body cross

section

drag coefficient at zero angle of attack

lift coefficient, based on wing area or maximum body cross

section

lift coefficient at Cm = 0

pitching-moment coefficient, based on mean aerodynamic

chord or body length

pressure coefficient

maximum pressure coefficient

diameter

elevator incidence angle

nose incidence angle

body length

lift-drag ratio

lift-drag ratio at Cm = 0

Mach number

Reynolds number based on mean aerodynamic chord or maximum

body diameter

radius

unshielded area of flaps
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SREF

W

Xcp

OL

b

8

reference area

we ight

center of pressure 3 percent body length

angle of attack

flow-deflection angle

cone semiapex angle

CONFIGURATIONS

Sketches of the test configurations are shown in figure i. The

configurations include seven nonlifting bodies, two lifting bodies, and

two airplane-like configurations.

RESULTS AND DISCUSSION

Nonlifting Bodies

For nonlifting reentry vehicles, the aerodynamic characteristic of

main interest is the drag coefficient, since W/CDA is the predominant

variable in determining range and heating. Figure 2 compares the meas-

ured drag at M = 6.9 of a series of cones and cone-cylinders of various

apex angles at zero angle of attack with predictions made by shock-

expansion theory and by modified Newtonian theory; that is, the local

pressure coefficient is given by Cp = Cp,MAXsin28 where 8 is the

flow-deflection angle (refs. i and 2). Calculations by shock-expansion

and modified Newtonian theory were made for only the cones, with no

allowance for skin friction. Additional experimental data are given in

reference 3 for cones and cone-cylinders in which the afterbodies were

4 diameters long.

Figure 2 shows good agreement between the predictions by shock-

expansion theory and experimental data up to a semiapex angle near shock

detachment (56.7 ° for M = 6.9). Modified Newtonian theory shows rather

poorer agreement with experiment and tends to underpredict drag for the

less blunt cone shapes and to overpredict drag for the more blunt shapes.

It may also be seen from this figure that the increase in experimental

(CD)_= 0 with increasing apex angle beyond shock detachment is relatively

CONFIDENTIAL



62 CONFIDENTIAL

I \

small. This variation in [CD)___O follows a linear path beyond shock

detachment, with the value for a circular disk normal to the stream

(0 = 90 °) falling between the values calculated by assuming stagnation

pressure and static pressure behind the normal shock.

The drag coefficients and center-of-pressure location for a repre-

sentative group of nonlifting reentry shapes over a wide Mach number

range are shown in figure 3. All data shown in this figure other than

that at M = 6.9 were obtained from references 4 to 8. The drag coef-

ficient (lower half of figure) predicted by modified Newtonian theory

remains relatively constant with Mach number above a Mach number of

about 4. This prediction is fairly well verified by experimental data

taken on the cylinder and sphere, which were tested up to Mach numbers

of about 7 and lO, respectively. The measured data indicate that there

is little change in drag with Mach number in the hypersonic speed range

from 7 to lO and it appears reasonable to assume that in continuum flow

these data are representative of the entire hypersonic speed range.

The upper half of figure 3 shows that modified Newtonlan theory

fairly accurately predicts the center=of-pressure location for those

bodies shown. It appears that these bodies can be made statically stable

in the hypersonic speed range with practical center-of-gravity locations.

Lifting Bodies

The second group considered in this paper consists of high=drag

configurations which can utilize some lift to decrease reentry decelera-

tions and provide limited range control.

The accuracy with which predictions may be made on simple bodies

over a wide angle-of=attack range is of fundamental interest when con-

sideration is given the aerodynamics of high=drag lifting configurations.

Figure 4 compares the experimental drag coefficient of a series of cones

of various apex angles at M = 6.9 and at angles of attack up to 130 °

with calculations made by the modified Newtonian theory. It is seen

that the modifledNewtoniantheory gives an excellent representation of

the trends of the drag coefficient f6r cones with angles of attack from 0°

to 130 ° .

Figure 5 shows the details of configuration 2-A, a drag-type reentry

vehicle with flaps for trimming the vehicle at some positive angle of

attack, to obtain lift for trajectory-path control. This configuration

consists of a frustum of a 15 ° half-angle cone with a spherical nose.

The untrimmed experimental and modified Newtonian longitudinal char-

acteristics of this configuration are shown in figure 6. The configuration
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is statically stable about a momentreference center at 50 percent of
the body length. Theory and experiment are in excellent agreement for
pitching moment. The lift-curve slope is positive and the lift coef-
ficient is also predicted fairly well by theory through the angle-of-
attack range. The predictions of CD and L/D are much less accurate
than are the predictions of CL and Cm, as is to be expected, since
theory underpredicts drag for this configuration.

The experimental trim characteristics of this configuration at
M = 6.9 are shownin figure 7. The flaps used for trim have an effec-
tive area equal to 8.84 percent of the body base area. The configura-
tion is statically stable for all conditions of the tests. With flap
deflections of -20° and -40o3 the vehicle was trimmed at angles of
attack of 4° and lO°, respectively. There is a noticeable reduction in
L/D due to increasing trim drag with increasing trim effectiveness.

Figure 8 is a detailed sketch of configuration 2-B, which repre-
sents a more blunt reentry vehicle. This model consists of a reverse
frustum of a 15° half-angle cone with spherical bases. The vehicle is
trimmed with a drag-type flap, located on the circumferential edge of
the front surface, which has an area 4.5 percent of the base reference
area. Figure 9 presents the untrimmed (flap removed) longitudinal sta-
bility characteristics of this reentry vehicle through an angle-of-attack
range from 0° to 90°. This figure gives an indication of the general
aerodynamic characteristics of a very blunt reentry body over a wide
angle-of-attack range and comparesthe results of experimental data with
that obtained by modified Newtonian theory.

The trends of CL, CD, and L/D are predicted reasonably well by
the modified Newtonian theory; however, pitchlng-moment coefficient is
not very accurately predicted. It can be seen from the pitching-moment
data that this body is statically stable up to an angle of attack of 45°.
The lift-curve slope for this vehicle is negative and maximum L/D is
about 0.5 at an angle of attack of -40°. Configuration 2-B has approxi-
mately the samevolume as configuration 2-A (shown in fig. 5), but as
a result of the increase in body bluntness, configuration 2-B has approx-
imately three times the drag of configuration 2-A.

The experimental trim characteristics of model 2-B with the flaps
on are shownin figure lO. The pitching momentand lift-drag ratio are
presented for various flap angles through an angle-of-attack range
from 0° to 45° . This vehicle is statically stable throughout the range
of angles of attack of the tests and was trimmed at angles of attack up
to 23° with flap deflections up to 140°. The momentreference for these
tests was 29 percent of the body length from the nose. The lift-drag
ratio for this vehicle is negative for positive angles of attack, and
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shows little changedue to trim. Because of the negative lift-curve
slope, this configuration would have to be flown at negative angles of
attack to generate positive lift.

Airplane-Like Configurations

The final category of mannedreentry vehicles considered in this
investigation is the airplane-like configuration, or glider, utilizing
both high lift and high drag to control reentry decelerations. This
vehicle can be operated at a higher L/D than the other two basic
reentry categories discussed. This higher L/D permits the glider to
exercise greater control over range and position, and therefore more
latitude is allowed in landing-site selection and touchdown. Figure ll
shows the all-wing configuration 3-A. This delta-plan-form configura-
tion is trimmed longitudinally by a combination of nose and flap deflec-
tions. As indicated in this figure the nose can be deflected upward to
an angle of 20° and the flaps can be deflected from 20° to -20° . Direc-
tional control can be maintained by lateral deflection of leading-edge
side plates located at the rear of the model.

Figure 12 presents the untrimmed longitudinal-stability character-
istics of this vehicle at a Machnumber of 6.9. The experin_ntal values
of Cm, CL, CD, and L/D are comparedwith values obtained by shock-
expansion theory over the angle-of-attack range. The two-dlmensional
theory used here would be expected to overestimate the lift and drag
at high angles of attack because of leading-edge-flow-detachment effects.
However_the theory does predict fairly accurately the pitching-moment
coefficient throughout the range of angles of attack. This configuration
is statically stable with the center of gravity located at 42 percent
meanaerodynamic chord and has a maximumuntrimmed L/D of about 2.

The trim capabilities of configuration 3-A are presented in fig-
ure 13 for various nose and flap deflections. Plotted in this figure
are I CL)TRIM, _(L/D)TRIM_and flap incidence for trim against angle of
attack for nose settings of 0°, lO°, and 20° . The data cover a trim
angle-of-attack range up to 30° . If the experimental data are extrapo-
lated, it appears that with various combinations of nose and flap
settings this vehicle can probably be trimmed at angles of attack
approaching 50° . Maximum (L/D)TRIM is about 1.7 at c_= lO° and
decreases to values less than 1.O at the higher angles of attack.

Figure 14 shows details of configuration 3-B, which consists of a
flat delta-wing model with a spherical nose, a large uniform leading-
edge radius, and a cone-shapedbody mounted on the upper surface.
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The untrimmed longitudinal characteristics of this configuration
at M = 6.9 are shownin figure 15. This model appears to have a region
of low static stability at small angles of attack but shows increasing
stability with increasing angle of attack. The maximum L/D is
about 2.9 and occurs at an angle of attack of l0 °.

CONCLUDINGREMARKS

Results are presented of an aerodynamic investigation at Machnum-
ber 6.9 of several configurations of interest for satellite reentry
in the nonlifting-body, lifting-body, and winged categories. Prelimi-
nary analysis of these data indicates that trimmed, statically-stable
arrangements are attainable for practical designs in each category.
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CONFIGURATIONS TESTED

NONLIFTING BODIES LIFTING BODIES

,J ,-o
O I-E

r _t_

I-G

_J_I2-B

AIRPLANE-LIKE BODIES

PLAN FORM

SIDE VIEW
3-A

PLAN FORM

SIDE VIEW
3-B

Figure i

(CD) o 0o=

VARIATION OF CONE DRAG WITH SEMIAPEX ANGLE

M = 6.9; a = 0"

1.8

CD FROM STAGNATIONs.._
PRESSURE BEHIND _--"
NORMAL SHOCK 11 0

1.6 SHOCK ,4 /"

DETACHMENT-/,_09 / "_C D FROM STATIC

I:_ // PRESSURE BEHIND

.8 // 0 CONE CYLINDER

_// o CONE
.la/ - SHOCK EXPANSION

.4 "_),_/// - MODIFIED NEWTONIAN

J I I I I l
0 15 30 45 60 75 90

SEMIAPEX ANGLE, 8, DEC

Figure 2

CONFIDENTIAL



68
CONFIDENTIAL
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DETAILS OF CONFIGURATION 2-A
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EXPERIMENTAL TRIM CHARACTERISTICS OF CONFIGURATION
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LONGITIDUAL STABILITY CHARACTERISTICS
OF CONFIGURATION 2-B
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DETAILS OF CONFIGURATION 3-A
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TRIM CAPABILITY OF CONFIGURATION 3-A
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STRUCTURAL DESIGN CONSIDERATIONS FOR BOOST-GLIDE

AND ORBITAL REENTRY VEHICLES

By William A. Brooks, Jr., Roger A. Anderson,

and Robert T. Swann

Langley Aeronautical Laboratory

INTRODUCTION

The preceding papers have discussed the aerodynamics and heating

of several vehicles designed for atmospheric reentry from satellite

orbits. Because of large heating inputs, some fundamental questions

about the structure of these vehicles are also raised. Although there

are many factors which influence structural design, only a brlef exam-

ination of the relationship between heating input and structural weight

is discussed here. For this purpose the heating inputs associated with

the four vehicles shown in figure 1 are employed.

SYMBOLS

Be

M i

q

T
e

6

beryllium

bending moment per inch (intensity)

heating rate

equilibrium temperature

emissivity

Subscript :

MAX maximum
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DISCUSSION

The first vehicle shown in figure i (vehicle A) is a high-drag
zero-lift reentry body; the second (vehicle B) is a reentry body which
develops a small amount of lift; the third (vehicle C) is a reentry
glider which utilizes a large amount of lift; and the fourth (vehicle D)
is a boost glider with a high llft-drag ratio. The heating histories
for all three of the reentry vehicles were calculated for a small
entrance angle to the earth's atmosphere. The heating for the boost
glider is associated with a boost to 18,000 feet per second at an alti-
tude of 180,000 feet and a glide to earth over a 5,000-mile range.
Individual histories show significant differences in time duration of
heating and in maximumheating rate as well as in total heat input
which is given by the area under each curve.

The vehicles which develop the highest lift-drag ratios_ vehicles C
and D, have the lollgest duration of heating and the highest total heat
input. Total heat input varies from about 6,000 Btu/ft 2 in the case of

the zero-lift body to over 20,000 Btu/ft 2 for the boost glider. It
should be noted that the heating history for the ballistic reentry
capsule (vehicle A) has a peak rate of heating about an order of magni-
tude less than for comparably shapedballistic missiles which reenter
at steeper angles, whereas the duration of heating is about an order of
magnitude greater.

The curves shownin figure i are applicable to particular areas on
each vehicle. For vehicle A the heating history applies to the stagna-
tion region but is very close to the average over the entire face. For
vehicle B a large variation in heating rate is encountered along the
under surface. The curve showngives the average rate along the center
meridian of the under surface. In the present analysis this average
rate is taken as indicative of the heating problem for the vehicle.
For both of the gliders (vehicles C and D), the heating history applies
to a point one foot rearward of the leading edge on the lower surface
of the wing and is taken as indicative of the structural problem for
the wing. In the present paper, the heating of the leading edges of
the gliders is not considered, inasmuch as the appropriate structural
treatment for this region depends heavily on the degree of leading-edge
bluntness.

The heat inputs are next considered from the standpoint of the
structural design problems that they present. A very important design
consideration is the level of temperature that maybe encountered. An
indication of potential structural temperature is provided by the scale
at the right in figure i. These are the surface temperatures at which
a balance is achieved between the convective heat input and the radiation
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output from a surface having an emissivity of 0.8. If 2,000° F is
taken as the maximumtemperature at which present structural metals can
be used with somereliability_ it is apparent that the maximumequilib-
rium temperatures for important areas of these vehicles are equal to or
greater than present structural-material operating limits. Basic struc-
tural approaches for handling this situation are shownin figure 2.

The first approach is that of an unprotected structure represented
by a sandwich skin of high-temperature material. Structural tempera-
ture in this case is controlled only by the heat capacity available in
the skin and the ability of the structure to radiate the incoming heat.
This approach can be used in those areas of the vehicles where struc-
tural weight is not greatly increased by operation at high temperatures.

The remaining approaches are basically methods to either block or
absorb a portion of the convective heat input in order to limit the
rise in structural temperature. The simplest method is to supply a
thicker structural skin (approach 2) in order to obtain the required
capacity to absorb heat. Alternatively, heat capacity of the structure
can be raised by the incorporation of materials of higher specific heat,
such as beryllium, or by the addition of a coolant, such as water. This
type of approach is ideally suited to the vehicle with a high peak
heating rate but with a small total heat input.

A third approach makesuse of an external heat shield or insulation
to retard the flow of heat to the structure and_ hence, increase the pro-
portion of heat which is radiated. The heat which passes through the
insulation must be absorbed by the structure or by a cooling system
which is indicated here (fig. 2) by somepiping. With this approach,
someof the problems in the design of the primary structure are trans-
ferred to the heat shield which must withstand the effects of a high-
temperature boundary layer. This approach is considered for vehicles B_
C, and D.

The fourth approach, which is known as ablation, makesuse of an
external layer of material which absorbs heat as it is consumedduring
the heating period. Application of this technique may be feasible for
the high-drag bodies which have higher rates of heat input.

The weight associated with the use of an unprotected structure for
the wings of the glide vehicles is considered first. Figure 3 shows
how the weight of the wing primary structure is affected by design tem-
peratures. Twotypes of structures are considered: One is a thick wing
with sandwich cover skins and maybe suitable for a reentry glider
with blunt leading edges. The other is a thin wing of full-depth honey-
combconstruction which maybe suitable for a boost glider of higher
aerodynamic efficiency. The weights were computedby using a value of
bending momentof 5,000 in-lb/in., which is conservative for the

CONFIDENTIAL



78 CONFIDENTIAL

maneuver loads but which provides a needed margin for carrying thermally
induced bending momentsin a hot structure. Structural materials appro-
priate for the temperature range were used. These materials are in cur-
rent use for engine construction. Haynesalloy No. 25 is a cobalt-base
alloy and Ren4 41 is a nickel-base alloy superior to Inconel X. For the
thin wing, the wing depth was allowed to vary between 2 and 4 inches in
order to obtain the least weight at any given temperature. In the
design temperature range for these vehicles, which is 1_600° F and
higher_ it is seen that the weight begins to rise sharply because of
rapid deterioration in the strength of available materials.

In the case of the thick wing, a constant weight with increasing
temperature is obtained up to 1,900° F. This result simply reflects
the fact that for a thick_ lightly loaded wing the weight is determined
by minimumsheet gages rather than by loads. It was assumedthat a
minimumgage of at least 0.010 inch is desirable for the construction
of sandwich panels which are to be subjected to a hypersonic airstream.

It is of interest now to comparethese basic structure weights with
the weight required to provide adequate insulation to a wing of a glide
vehicle. Figure 4 gives the combinedweight of insulation and coolant
required to maintain the wing structure at specified temperatures.
Theseweights were computedby using the particular boost-glider heating
history which has a maximumequilibrium temperature of 1,900° F. The
lower curve showsthe weight when a highly efficient insulating material
is used in combination with a cooling system. The cooling system is
assumedto be capable of absorbing 1,000 Btu/ib of cooling-systemwelght.
This analysis indicates that insulation and cooling weights of between 2

and 2½ib/ft 2 of wetted wing area are required to maintain structural tem-
peratures at values significantly below the maximumequilibrium value of
1,900° F. In an alternate calculation, the cooling system was replaced
by beryllium in order to augment the heat capacity of the structure, and
from the resulting upper curve it is seen that larger weights are
obtained. Although the weight difference between the two curves maynot
be considered large, it was found that the optimum-weight combination
of insulation and beryllium gives rise to insulation thicknesses that
may be unacceptable, particularly at low structural temperatures. At
500° F the insulation thickness associated with the upper curve

with about i@ inches for the lowerapproaches 5 inches, as compared

curve. However, at allowable structural temperatures of 1,000 ° F and

higher, this difference in insulation thickness is not so large, and

the nonmechanical system begins to compare favorably with a mechanical

cooling system.

If the heat-protection weights and the weight of the primary struc-

ture for corresponding design temperatures are now added together, the
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total weights shownin figure 5 are obtained. Inasmuch as primary
structure weight increases and heat-protection weight decreases with
increasing design temperature, a nearly uniform trend in combined struc-
ture and heat-protection weight prevails. It is seen that minimum
weight is achieved by keeping the structure at a low temperature with
insulation and a cooling system. However, if the structural tempera-
ture is allowed to rise to 13300° F, both an insulated structure with a
cooling system and an insulated structure augmentedby a beryllium heat
sink provide essentially equal weights.

The weights for the insulated wing maybe comparedwith the weight
of an unprotected thin wing shownby the solid-curve segment on the
right in figure 5. This curve is a portion of the weight curve for thin
wings shownin figure 3 and spans the range of probable design tempera-
tures for the particular heating history being examined. The lower end
of the curve is at 1,7_0° F_ which is the estimated temperature of the
lower surface of the wing whenheat is transferred by radiation to the
cooler upper surface. The upper end of the curve is at 1,900° F, which
is the maximumpossible structural temperature for this heating history.
It is obvious that at these temperature levels, small changes in the
design temperature for the structure produces large changes in the weight
of unprotected wings, and for this reason, on a weight basis, there is
not a clear-cut choice between protected and unprotected wings. It is
evident, however, that by considering both of these approaches, the
weight of the wing of a boost glider is bracketed between 3 and 4 ib/ft 2
of wetted area, or 6 to 8 ib/ft 2 of plan-form area. On the other hand,
for a small lightly loaded reentry glider which could use a thick wing,
it does not appear that an insulated structure will provide a weight
saving unless structural design temperatures exceed 2,000° F.

A corresponding weight analysis has been madefor fuselages where
cooling of the contents was assumedto be a design necessity. This
analysis showsthat it is desirable, from weight considerations, to
externally insulate the fuselage structure for a vehicle such as a
boost glider which may have large pressurized areas; however, for a
reentry glider with only a small lightly pressurized cabin, an unpro-
tected structure with internal insulation appears to lead to the least
weight.

High-drag reentry vehicles which are subjected to higher peak rates
of heating and, hence, must have protection in someform for a successful
design are considered next. Figure 6 gives the heat input that must be
absorbed in order to keep structural temperatures in the range under
2,000° F. The left-hand end of each of these curves gives the total
amount of heat that must be absorbed for only a minor temperature rise
in the structure. These values maybe assumedto represent the heat
input to an ablation shield. The amount of heat that must be absorbed
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by a metallic heat sink which is permitted to rise in temperature is
given by the solid curves, while the dashed curves give the heat capacity
required in an ideal cooling system. The difference in required heat
capacity between the heat-sink and cooling-system curves for each vehicle
arises because radiation cooling is more significant for the cooling
system.

This difference is explained with the use of figure 7- Here the
heating-rate histories for the two high-drag vehicles A and B are shown.
The operation of an ideal cooling system can be defined in the following
manner: The cooling system is not operated during the initial heating
period; therefore, the structure, having very little thermal inertia,
rapidly reaches somedesired temperature limit as shownby the dashed
line. At this time the cooling system is put into operation, and a con-
stant structural temperature is maintained until the heating rate reaches
the peak value and drops back to the material limit line. The total heat
absorbed by the coolant is equal to the cross-hatched area above the
dashed line_ and the area beneath the dashed line represents heat that
is radiated by the hot structure. On the other hand, a metallic heat
sink designed for the sametemperature limit has a much slower tempera-
ture response, shownby the lower solid curves, and does not reach peak
temperature until near the end of the heating cycle. The bounded areas
above the curves represent the heat which must be absorbed, whereas the
areas below the curves represent the heat radiated by the hot structure.
It is apparent that with heat-sink designs, a smaller proportion of the
heating input can be radiated and more must be absorbed by the metal.
The difference between the amount of heat that can be radiated by a
heat-sink structure and a structure with a cooling system is seen to be
fairly significant for the heat input for vehicle B but of much less
importance for vehicle A. This fact is also reflected by the differences
between the curves of figure 6. From the standpoint of practical opera-
tion_ it maybe expected that the heat absorbed by actual cooling sys-
tems will lie between the extremes represented by the ideal cooling
system and by the simple metallic heat sink.

The weight associated with these two methods of absorbing heat is
shownin figure 8 for the high-drag zero-lift vehicle. The weight of a
heat sink obviously depends on the specific heat of the material and
the temperature rise permitted. Beryllium was chosen for the material
because of its high specific heat, and a temperature rise less than its
melting point, which is about 2,300° F, was utilized. For the cooling
system a constant cooling efficiency of 1,000 Btu/ib, which, for example,
can be achieved by boiling water, wasassumed. The weight of actual
systems of this efficiency will lie in the hatched band between the
curves, with the weight of the ideal system given by the lower edge of
the band. From this comparison it is seen that a temperature rise of
1,600° F in a beryllium heat sink leads to the sameweight as does the
mechanical cooling system. It is believed that a temperature rise of

CONFIDENTIAL



CONFIDENTIAL 81

this magnitude can be permitted in a beryllium shield backed by a load-
carrying structure. The required beryllium weight is about 6 ib/ft 2.

The weight of an ablation heat shield maybe estimated from the
coolant curve if it is assumedthat an effective heat of ablation of
1,000 Btu/ib can be realized under these low-heating-rate conditions.
On this basis, the least weight of such a shield would also be 6 ib/ft 2.
This weight represents the weight of material actually consumedand
makes no allowance for an additional thickness required to prevent heat

from flowing into the structure during the heating period. Relatively

little is known about the ablation of materials under heating rates of
less than 75 Btu/f t2-sec, but it is obvious that acquisition of a suit-

able ablating material will provide an attractive alternate to a metal
heat shield.

Analyses similar to these have been carried out for the semibal-

!istic reentry vehicle (vehicle B), and the results are shown in fig-

ure 9- Because a larger total heating input is involved for this

vehicle_ several methods for absorbing heat were investigated. In

addition to results for the cooling system and the beryllium heat sink,

results are sho_n for a beryllium-oxide heat sink_ a beryllium heat

sink insulated with ROKIDE "Z", and a beryllium heat sink insulated

with a very low conductivity, lightweight ceramic. A beryllium-oxide

heat sink offers no weight advantage over a beryllium heat sink for an

equal temperature rise, but it does offer a possibility for operation

at higher temperatures. At these higher temperatures, radiation of

heat becomes very significant, and a beryllium-oxide heat sink operating

at a very high temperature can provide a weight saving over a beryllium

heat sink operating at a lower temperature. A more promising method

for achieving higher surface temperatures and, hence, more benefit from

radiation is to insulate the heat sink externally. With a presently

available insulating material, ROKIDE "Z", which can be applied by

flame spraying, a weight advantage is obtained over an uninsulated

beryllium shield for equal temperature rise in the beryllium. Sub-

stantially larger reductions in weight are possible with insulating

materials of lower conductivity and density, as shown by the lower curve.

The properties used in this calculation correspond to those of commer-

cially available ceramic refractories. Because of the large temperature

gradients which exist in the insulating ceramic_ it may be premature to

assume that the weights given by the curve can be achieved in a practical

design at the present time. However, the potential benefits of current

research effort'in this direction are clearly indicated.

If the cooling-system curve is used as a guide to the weight of an

ablating shield, it is apparent that such a shield will have to absorb

heat with an efficiency substantially greater than 1,000 Btu/ib in order

to obtain savings in weight over the other systems indicated.
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CONCLUDINGREMARKS

It has been shownthat for glide vehicles which utilize large
amounts of lift (vehicles C and D), large total heat inputs are encoun-
tered, but the maximumrates of heating are low enough that, for the
temperatures generated, available engine materials are satisfactory.
It appears, therefore, that the major part of the heat can be radiated,
and structural unit weights maybe obtained which are comparable to low-
aspect-ratio winged aircraft of contemporary design.

For a semlballistic vehicle (vehicle B) which develops a small
amount of lift, the problems of higher temoeratures and large total heat
input are present. The consequenceis that with the present state of

the art, estimated structural weight per unit of heated area is somewhat

larger than that fob a high-lift reentry vehicle (vehicle C); however,

total surface area should be less than that for a winged vehicle, and

this factor is of equal importance in determining total structural weight.

At the extreme is the case of the zero-lift high-drag vehicle (vehicle A)

which encounters high heat rates for a relatively short period of time,

with the total heat input being at a minimum. For this case, a light-

weight structure can be obtained with a relatively simple heat-sink

design, and a considerable amount of engineering experience has been

accumulated for this purpose.
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HEATING-RATE HISTORIES FOR TYPICAL VEHICLES
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WING WEIGHT FOR GLIDE VEHICLES
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WEIGHT COMPARISON FOR UNPROTECTED AND HEAT-

PROTECTED WING STRUCTURE
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CHARACTERISTICS OF HEAT-PROTECTION SYSTEMS
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OPERATIONAL PROBLEMS OF MANNED ORBITAL VEHICLES

By Hubert M. Drake, Donald R. Bellman,

and Joseph A. Walker

NACA High-Speed Flight Station

INTRODUCTION

Manned vehicles of orbital performance potential introduce many

operational problems as a result of their extreme performance and the

relative inflexibility of their operations. The present paper attempts

to discuss some of the major problems and to indicate their possible

effects on flight research operations.

The vehicles being considered for possible use as manned satellites

fall in the three general categories that were discussed by the previous

speakers and are shown in figure 1. Briefly, the first vehicle is the

ballistic type, characterized by the use of drag alone for entry decel-

eration and for reducing the heat load. The second category, the semi-

ballistic vehicle, employs lift to reduce the peak decelerations and to

provide some degree of aerodynamic flight-path control. The final cate-

gory consists of what might be called winged vehicles, that is, vehicles

capable of aerodynamically efficient flight. It should be pointed out

that this category may also be considered of the semiballistic type

because it can obtain lift-drag ratios as low as zero by operating at

high angles of attack. In general, only the ballistic and winged types

will be discussed in detail, inasmuch as the capabilities of the

semiballistic type fall between these extremes. The general problem

areas of escape, piloting_ orbit selection, entry, flight termination,

range requirements, and flight-test program are discussed briefly.

Although both vertical rocket-boost take-off and air-launch might

be considered for orbital flight, the major operational problems for the

two types of launch differ only during the initial phases. Since the

vertical take-off presents the more stringent problems, it is the type

considered herein.

ESCAPE AND SURVIVAL

The presence of the human in the orbital vehicle requires that mal-

functions be either nondestructive or such that an escape system can
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provide survival. The provision of a meansof escape from all reason-
able emergencyconditions requires an escape system with all the char-
acteristics of the final vehicle. It therefore appears that the final
stage should be designed to serve as the major element of the escape
system. A primary goal should be the design of the final stage and the
tailoring of the entire flight operation to provide the greatest possible
survival potential for this stage. A positive meansof pilot separation
from the final-stage survival vehicle, such as a high-performance ejec-
tion seat, is also required.

The presence of propellants, the take-off operation, stage separa-
tion and ignition, and high dynamic pressure combine to makethe launch
operation (fig. 2) the most critical escape region. Significant survival
regions are indicated by the lettered areas on the launch trajectory of
figure 2 and are further described in table I. Only two areas, A and
C, are discussed in any detail.

Escape at lift-off, region A, is difficult in that the use of the
ejection seat would require its reorientation, and the normal final-stage
powerplant possesses insufficient acceleration to permit satisfactorily
rapid separation from a malfunctioning first stage. A possible escape
technique consists of providing high-thrust, jettisonable, solid rocket
units attached to the final stage. Rockets sufficient to place the final
stage at an altitude of 1,O00 feet and a speed of 300 knots within 3 to
4 seconds will probably be adequate for escape from all take-off acci-
dents that do not involve an actual detonation. This end condition per-
mits airplane final stages to be airborne and allows sufficient time for
an attempted engine start. Should the engine fail to start, a gliding
landing is made, if possible, or the ejection seat maybe used. Bal-
listic or semiballistic vehicles can makea normal parachute landing.
These auxiliary rockets and any necessary stabilizing surfaces should be
retained to the altitude at which a normal separation and recovery can
be made. An example of such a system has been investigated_ and it was
found that carrying the system to an altitude of about 20,000 feet reduces
the first-stage burnout velocity by only about 40 feet per second.

Another critical area for escape and survival is that indicated as
region C in figure 2 and table I, where escape by use of final stage
may subject the man to excessive decelerations or the vehicle to exces-
sive heating. The extent of this region is greatly influenced by such
design and operational factors as the type of vehicle, firing of final-
stage power, launch trajectory, lift-drag ratio_ and lift or drag loading.

With the ballistic vehicle in this region there is a danger that the
manwill be subjected to excessive decelerations in case of booster mal-
function as shownin figure 3. The solid line indicates the decelerations
encountered in the event of a malfunction during the normal gravity-turn
launch of a vehicle similar to that discussed in a previous paper by
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MaximeA. Faget. The decelerations in this case reach values of about
22g. It might be well to point out that the final satellite vehicle
would also have a peak deceleration near 22g at malfunction speeds near
2,000 feet per second if it were separated from the boosters at this
point. The lower decelerations shownresult from retaining the final
boost stage with the vehicle to increase its sectional density during
the coast to high altitude following malfunction. Separation of the
final vehicle at the peak of the coasting period results in the low
decelerations shown. Possible meansof reducing the decelerations at
high speed of course include the use of lift (the semiballistic vehicle),
provision of thrust to reduce flight-path angle, and variable drag geom-
etry. Another possibility is the use of a launching trajectory which
has been modified in such a manner that the vehicle will, in case of
booster failure, always enter the atmosphere at a sufficiently flat
angle to keep the accelerations to a tolerable level. A first approxi-
mation to such a trajectory has been calculated and the resulting decel-
erations are shownas the line labeled "safety" trajectory. In this
case the peak decelerations have been reduced by one-half, the peak
value being about llg.

Figure 4 shows that the safety trajectory is considerably flatter
than the optimum launching path; thus, the boosters are subjected to
higher aerodynamic and control loads and to increased heating. These
factors may result in a further performance penalty above that incurred
by the use of the nonoptimumtrajectory. This performance penalty would
have to be judged against the costs of other means of insuring survival
in this region. It might be mentioned that figure 4 does not show the
entire launch operation for the safety trajectory. The conditions at
burnout yield an elliptical orbit having an apogee at 150 miles; an
additional speed increment must be applied at this point to obtain a
circular orbit.

A similar condition exists for the winged vehicle in region C. In
this case there is a possibility, following booster failure, that the
vehicle will be forced to perform a skipping entry under conditions that
will expose it to excessive heating. A similar trajectory modification
maybe madeto avoid this region. Here, again, possible use of final-
stage thrust can greatly alleviate the problem. The investigation of
safety trajectories has been a neglected field of research which must
be explored for mannedsatellite vehicles.

It is difficult to envision a reason for evacuating the vehicle in
orbit; however, a malfunction in orbit maymake the entry operation
hazardous. Examplesof such malfunctions are the failure or explosion
of auxiliary power units, or fuel tanks, and the failure of stabilization
systems. Adequate reliability, isolation, and duplication of such crit-
ical systems are the best safety and survival provisions. The prevention
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of such accidents should be a primary design goal. In somedesigns if
adequate reliability cannot be attained it mayeven be desirable to
incorporate a special escape capsule of the drag-entry type for orbital
or entry escape.

It might be well to emphasize a point that has been inferred through-
out the foregoing; that is, that the final stage should be designed with
the most reliable powerplant and auxiliary power system possible. The
final-stage powerplant can, by reliable stop and restart capabilities_
greatly alleviate manyotherwise dangerous emergencies.

PILOTING

Consider now the piloting of a satellite vehicle, particularly during
the launching phase. Although complete automatic stabilization and con-
trol is feasible, it would be desirable to take advantage of the abilities
of the pilot to simplify the system and thus increase the reliability and
safety of the operation. An exploratory simulator investigation has been
madeto determine the accuracy with which a pilot could fly a three-stage
vehicle to a desired orbit. The guidance used consisted of a presenta-
tion of error between programed and actual pitch angle and indications
of altitude, rate of climb, velocity, and angle of attack. Figure 5 shows
someof the results of this investigation. The plot on the left side of
the figure indicates the accuracy in angle and velocity required to obtain
an orbit having a perigee above 75 miles and indicates the manner in which
an error in angle can be compensatedby an increase in velocity. The plot
on the right side of the figure showsthe piloting accuracy for various
conditions. The basic condition, using a rate-of-cllmb instrument of
25 ft/sec indication for guidance, gave a piloting accuracy of ±0.i °.
Using sensitive or insensitive altimeters increased the errors as shown.
Reducing the damping augmentation to zero caused the vehicle to become
difficult to control with sufficient accuracy to consistently approach
the desired orbital conditions. It appears that the damping system must
be of extreme reliability. Although not shown, loss of the static sta-
bilization system, resulting in an extreme value of aerodynamic insta-
bility during the first 200,000 feet of the trajectory, had little effect
on the pilots' ability to establish a satisfactory orbit.

The effect of inaccuracy or malfunction of the pitch programing
presentation was also investigated. With normally operating presentation
the pilot could attain the desired orbital altitude to an accuracy of
±2,000 feet. The malfunctions simulated included inaccurate computations,
and complete failure, as early as 20 seconds after lift-off. It was found
that the pilot was able to place the vehicle at the desired orbital con-
ditions to an accuracy of ±8,000 feet using the altitude and speed indi-
cators and several checkpoints during the climb. The early loss of
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guidance, or automatic control, would probably be sufficient reason to
abort the flight; however, if failure occurred at a later stage in the
launch it might well be safer to proceed under pilot control and attempt
to establish the orbit.

Although the simulation used was by no meansoptimum or even desir-
able, the results indicate that pilot guidance of a launching vehicle
with adequate accuracy was feasible. It appears that proper design of
presentation and use of the pilot may considerably reduce the complexity
of the vehicle and increase its overall reliability, particularly in
case of malfunctions.

ORBITSELECTION,ENTRY,ANDLANDING

The orbital factors of primary importance in mannedoperations are
altitude and inclination. The altitude of the orbit will be determined
primarily by the desired lifetime, at least for the purposes presently
being implemented, and will probably be between I00 and 300 miles.

The inclination of the orbit may determine, or be determined by,
the factors of use, survival, and operational ease. With regard to use,
military satellites will require, and geophysical satellites will prob-
ably desire, orbits as steep as 90° . Satellite research vehicles have
less stringent requirements; whereas, permanent, high-altitude, space
terminals will undoubtedly have equatorial orbits, inasmuch as this orbit
has the greatest stability and passes over the samepoints on the earth
on each rotation, thus considerably simplifying the supply and rendezvous
problems.

The vehicle survival potential of an orbit is primarily associated
with the problems of entry, landing, and rescue following landing and is
therefore discussed in that aspect. Considering first the ballistic
vehicle, malfunction during the launching operation could possibly
cause the vehicle to land anywhere around the world, approximately on
the first orbital path. In actuality, malfunctions over 90 percent of
the boost period would cause impact in the first 6,000 miles and use of
the retrorockets could, in any case, limit this distance to about
12,000 miles. Intentional landings from later orbits, in general, can
occur anywherebetween the extreme latitudes obtained by the orbit. The
only azimuth control, in this case, is the crude one of choice of orbit
on which to enter. To offset this lack of azimuth control, and thus
minimize the area to search for rescue, the equatorial orbit is an obvi-
ous choice if the mission permits.

The passenger does, of course, have complete freedom of choice in
range, since he is able to fire his recovery rockets at any point in his
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orbit and thus land wherever he desires. It was pointed out in a previ-
ous paper by MaximeA. Faget that the prediction of the impact point is
least sensitive to errors if the retrorockets are fired at the apogee
of an elliptical orbit. The determination of the apogee point by the
pilot will be relatively easy by use of a radio altimeter and clock.
If everything progresses satisfactorily, a rather unlikely event, the
point of landing can be predicted before launch within a circle perhaps
60 miles in diameter. In the more probable case in which the flight
and recovery are not executed with the desired precision, the area to
be searched maybe muchgreater. Consideration of the launch malfunc-
tion problem mentioned before indicates a possible maximumarea of
12,000 miles by lOOmiles for landing. The difficulties of search and
rescue in an area this large composedof open sea or Jungle cannot be
overemphasized. This problem may give the ballistic vehicle an inher-
ently lower survival potential than the other two types.

The winged vehicle places fewer requirements on the inclination of
the orbit because the pilot is able to modify the entry path and
approach and land at preselected area which maybe considerably off
the orbital path. In an emergencythis would require that only about
six or seven emergencylanding areas be available on the first orbital
path. Figure 6 shows the lateral deviation available to the semiballis-
tic or winged vehicles as a function of lift-drag ratio for entry from
a lOO-mile orbit. Even the lower lift-drag ratios result in making
available a large area for landing. In addition, a curve is shownfor
the case where aerodynamic heating requires the initial entry to be made
at a lift-drag ratio of unity downto a velocity of 16,000 ft/sec, and a
lift-drag ratio of 4 is available for the remaining distance. An indi-
cation of what this meansto the pilot is given in figure 7 which depicts
this region superimposed on a map. The large elliptical region indicates
the area whlch_ if intersected by the orbital track, will permit a landing
anywherewithin the smaller elliptical area. The orbits from which a
possible landing could be madefor these orbital conditions are indicated.
In this case a landing could be madefrom any of the first four orbits
and then from the tenth through the eighteenth. This gives the pilot
greatly increased flexibility of operation. An interesting point indi-
cated here is that only slightly greater maneuverability would be required
to enable landing in the continental United States from an equatorial
orbit. Such maneuverability can also be attained by use of thrust in
space. However, the amount of maneuverability shownin this figure would
require a massratio of about 2.5 at a specific impulse of 250.

Consideration of the actual landing maneuver indicates a high prob-

ability of a water landing for the ballistic vehicle and a possibility

of a similar landing for the other types. The vehicles should be designed,

therefore, with water landing capability. The landing can be made by con-

ventional landing gear or parachute with the winged vehicle or by para-

chute with the ballistic vehicle.
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The factor of operational ease is indicated only briefly. It is
thought that the maximumoperational ease will probably be attained
with a winged-type vehicle launched and recovered within the continental
limits of United States. The ballistic vehicle in an equatorial orbit
has the operational problems of shipboard or island launch of extremely
large vehicles, search and rescue of a large area roughly 22 percent
jungle and 78 percent water, and the problems of establishing the sea-
borne range. The problems of shipboard or island launch and seaborne
range are of course associated with the equatorial orbit and would also
be true of the winged vehicle in such an orbit.

RANGEREQKFIREMENTS

Undoubtedly, mannedoperations will require exact position and
trajectory data, monitor and commanddata link, communications, long-
range GCA,and homing in certain parts of the orbit. The coverage
desired of these facilities is again affected by the type of vehicle,
while the numberof installations is determined by this desired coverage
and by the limits of line-of-sight radio propagation. This effectively
limits any one installation to a radius of about 850 miles for an orbit
altitude of i00 miles. This distance can be increased by about
1,200 miles for tFHFcommunications by employing a repeater station in
an aircraft at high altitude.

The range requirements of the ballistic and winged vehicles differ
considerably, with the ballistic vehicle substituting complexity of
ground installations for vehicle complexity. The minimumcoverage
required for a ballistic vehicle is shownin figure 8. This vehicle
requires complete coverage, as shown, for a distance of about one-half
that around the world for location and rescue in case of launch malfunc-
tion. An additional station at 180° from the launch site is desirable
for orbit verification and for aiding in entry initiation. The darker
region shownin the Pacific Ocean is the primary launch and data-taking
region while the other areas are, as indicated, only for location and
communication. At the other extreme the coverage required for the winged
vehicle in a nonequatorial orbit is shownin figure 9. This coverage
consists of the first 3,000 miles after take-off, the intermediate sta-
tions shown, and the last 2,000 miles before landing. The first region
is used to monitor the take-off and initial portion of the orbit to make
an initial determination of the orbit and check the pilot's instrument
indications. The intermediate points are selected for orbit verifica-
tion, to insure communication with the pilot at least once per revolu-
tion, and to assist the pilot in initiation of entry. The final cover-
age is in the nature of long-range GCAfor the final approach. The
vehicle itself must, of course, incorporate the required communications,
beacons, telemeters, and homing equipment.
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It would probably be desirable during the launch operation, and
the first orbits, to have the maximumco_nunications coverage possible.
The stations shownfor the ballistic vehicle of course provide complete
coverage for the first 12,000 miles, leaving about a 40-minute gap;
whereas, those for the winged configuration leave gaps of as muchas
20 minutes in which communications are lacking. As mentioned previously,
this coverage can be improved easily and quickly by use of airborne
repeaters. The pilots have a natural desire for continuous worldwide
communications; however, it appears improbable that such coverage can
be achieved with earthbound stations. A promising solution in this case
is the provision of communication satellites in the "stationary"
(22,000-mile altitude) orbit. The ability to establish such facilities
maywell precede the capability of establishing mannedsatellites.

FLIGHTTESTING

Onefinal matter that should be mentioned in any discussion of
mannedsatellite operations is the flight-test program. Any flight-
test program should utilize the usual procedure of a rational buildup
of performance on successive flights in order to explore, with reason-
able safety, successively higher performance ranges. This procedure
would have the desirable effect of providing the longest period possible
for the improvement and demonstration of booster reliability. The pro-
vision of boosters of sufficient reliability is, of course, one of the
greatest obstacles to the accomplishment of mannedorbital flight.

CONCLUDINGREMARKS

Although this cursory survey has not indicated any insurmountable
operational problems to mannedorbital flight regardless of configuration
type, the problems of the various satellite configurations do materially
affect operations and must be considered early in the design. Safety and
survival requirements must be taken into consideration in mannedopera-
tions and may force considerable deviation from optimumprocedures.
Although the presence of man in the vehicle requires increased emphasis
on reliability and safety, proper use of his abilities can considerably
simplify design and increase reliability.
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TABLE I

LAUNCH ESCAPE REGIONS

C

APPROXIMATE CONDITIONS

H, MI V, FT/SEC q, LB/SO FT

0 0 0

TO TO TO

4 I ,000 6OO

4 I, 000 300
TO TO TO

20 5,000 _ I ,500
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TO TO TO
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> 90 24,000
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EXAMPLES OF MANNED ORBITAL VEHICLES

BALLISTIC SEMI-BALLISTIC WINGED

L/D = 0 O- I O- 5

Figure i

LAUNCH ESCAPE

ff

BURN OUT C_ i

D

Figure 2

CONFIDENTIAL



] 6y CONFIDENTIAL 99

DECELERATIONS FROM ABORTED LAUNCH

BALLISTIC VEHICLE, 150 MILE ORBIT
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Figure 3
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Figure 4
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PILOTING ANGULAR ACCURACY AT BURNOUT
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Figure 9
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LANDING ORBITS
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Figure 7

RANGE REQUIREMENTS
BALLISTIC VEHICLE

°

ACQUISITION, TRAJECTORY, COMMUNICATION,DATA MONITOR, COMMAND LINK,

VISUAL BEACON.

::::.;::::_:_:: ACQUISITION, COMMUNICATION, VISUAL BEACON.

Figure 8
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RANGE REQUIREMENTS

WINGED VEHICLE

ACQULSITION, TRAJECTORY, COMMUNICATION,DATA MONITOR,COMMAND LINK, HOMING

TRAJFCTORY_ COMMUNICATION, DATA MONITOR, COMMAND LINK

iiiii;i: ACOUISITION_ TRAJECTORY I COMMUNICATION, VISUAL BEACON

Figure 9
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STABILITYOFBALLISTICREENTRYBODIES

By John D. Bird
Langley Aeronautical Laboratory

and David E. Reese
AmesAeronautical Laboratory

SUMMARY

Various features of the stability of ballistic reentry shapes are
discussed, including those considerations pertinent to ballistic-missile
and manned-satellite reentry capsules. Calculations and aerodynamic data
are used to indicate the problems involved. It is concluded that, with
proper allowance for desirable geometrical features, the attainment of
satisfactory stability of reentry bodies having subsonic terminal veloc-
ities is not too difficult but, in efforts to minimize weight in solution
of the heating problem, undesirable features may be introduced which

will cause marginal stability characteristics. The attainment of satis-

factory stability of reentry bodies having supersonic terminal velocities

appears to offer fewer problems.

INTRODUCTION

The analysis of Allen (ref. i) indicated the essential features

of the problem of reentry stability in terms of Bessel functions. In

this work and the related work of others, the powerful constraining

effect on the motion of the rapid increase of dynamic pressure was

shown in addition to the destabilizing influence of the drag force.

The criterion of stability was expressed by Allen in reference 1 in

terms of a now well-known damping factor which includes the drag, lift,

and pitch-damping coefficients. This solution is good for the range

of Mach numbers where the stability derivatives are essentially con-

stant as assumed in the analysis and only undergoes some modification

near and below the transonic region where the aerodynamic character-

istics change radically and the motion has slowed to the point where

the influence of gravity becomes significant. In this work it was

shown that satisfactory directional stability was the factor of primary

concern down to an altitude in the vicinity of 100,000 feet for the

densities of missiles generally under consideration and that the
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damping derivatives, that is, the drag, lift-curve slope_ and the
damping in pitch, madethemselves felt primarily below that altitude.

The purpose of the present investigation is, first, to discuss some
aerodynamic characteristics of blunt reentry shapes and to give some
indication of the significance of these characteristics as related to
the dynamics of ballistic-missile reentry bodies, second, to discuss the
dynamics of a mannedlightweight reentry capsule and, third, to mention
a few points in connection with work on slender, high-terminal-velocity
bodies for ballistic missiles.

SYMBOLS

CD

Cmq+

H

(%

_E

W

A

CN_

Iy

?,

o

V

drag coefficient

lift-coefflcient derivative with respect to angle of attack,

per radian

pitch-damping derivative based on 2-V

characteristic length, generally maximumdiameter

radius of gyration

Mach number

angle of attack

angle of attack on reentry to atmosphere

weight of reentry body

reference area, generally maximum cross-sectlonal area

normal-force derivative with respect to angle of attack,

per radian

moment of inertia

flight-path angle, positive up

pitching-moment-coefficlent derivative with respect to

angle of attack, nondimensionalized by reference area

and length, per radian

forward velocity
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R Reynolds number

f f requency

qmax maximumdynamic pressure

t time

DISCUSSION

Examplesof the pitch damping obtained for blunt shapes at various
Machnumbersare shownin figures i and 2. The data shown in these
figures in the subsonic Machnumberrange were obtained in the Ames
12-foot pressure tunnel by Donald A. Buell, whereas those in the super-
sonic Maehnumberrange were obtained in the Ames8- by 7-foot Unitary
Plan wind tunnel by. Benjamin H. Beam. Figure i shows results obtained
on a very shallow reentry shape. It can be seen that unstable pitch
damping is obtained in the supersonic region for this shape with a mod-
erately sized afterbody. This would result in an undesirable dynamic
behavior of this configuration unless there is an appreciable modifica-
tion of the pitch damping in the lower or higher supersonic Machnumber
range.

One of the most interesting points in connection with these data

is the influence of afterbody shape. At the supersonic Mach numbers

increasing the size of the afterbody was beneficial (made the pitch

damping more negative), whereas at both subsonic and supersonic speeds

reducing the size of the afterbody was beneficial. This beneficial

effect of afterbody-size reduction at subsonic speeds is better shown

by the data of figure 2 which are for a parabolic configuration. For

this configuration, reduction of afterbody size produced a pronounced

effect at subsonic speeds but had essentially no effect at the super-

sonic speeds. Also, the pitch damping for this configuration was stable

in the supersonic region as contrasted with the results for the more

shallow configuration of figure 1.

A factor that has been given some attention in connection with

damping measurement is that of the influence of a small angle of attack

that may arise from unsymmetrical distortion of the body. In the case

of the blunt shallow reentry shapes this effect has been found to be

quite significant at a Mach number of 2.5. (See fig. 3.) Small angles

of attack are sufficient to cause marked changes in the pitch damping.

In the case of the configuration with a moderate afterbody the damping

is changed from an unstable value to a stable one by a change of 2° in

angle of attack. Damping of the configuration with a small afterbody,
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however, becomesunstable at 2° angle of attack. These results show a
decided nonlinear damping behavior which dictates the study of pitch
damping to amplitudes co_nensurate with those to be tolerated in the
particular application in order to obtain a reasonable perspective.
The results shownin figure 3 indicate the strong probability of limit
cycle operation for the model with the moderate-sized afterbody.

The effect of a change in pitch damping on reentry body motion is
shownin figure 4. Calculations are shownin this figure for optimum-
range intercontinental-ballistic-missile (ICBM) reentry conditions for
which the aerodynamic derivatives used are given in table I. These
calculations were madeby use of an IBMtype 704 electronic data proc-
essing machine. The complete nonlinear equations of motion were
employed. In one case in figure 4 the aerodynamic characteristics
correspond generally to those of the shallow body with moderately sized
afterbody, and in the other case the aerodynamic characteristics corre-
spond generally to those of the shallow body with a small afterbody.
It can readily be seen that an increase of damping is beneficial. The
calculation diverges to considerably greater amplitude prior to a Mach
number of I for negative pitch damping than for zero pitch damping.
Whenthe stable subsonic pitch damping comesinto play, the motion of
the body with small afterbody subsides. The calculation with negative
pitch damping was not carried completely to the ground. It should be
rememberedthat limit cycle performance will very probably prevent
bodies similar to the shallow model with moderately sized afterbody
from exceeding a certain relatively small amplitude. In general, con-
siderable divergence can be tolerated prior to a Machnumberof 1.0 if
good subsonic damping is present and care is taken not to have too
great an angle of attack at reentry. Pitch damping as great as -0.5

would give an almost linear decay of the pitching motion to zero ampli-

tude at about an altitude of 40,000 feet. Artificial pitch damping as

great as -3.0 would cause the motion to subside by the time an altitude

of i00,000 feet is reached.

One possibility for improving the stability characteristics of sub-

sonic reentry bodies in the transonic region that has been given some

thought involves the use of a spool-like form as shown in figures 5 and 6.

These data were obtained in the Langley transonic blowdown tunnel and

Mach 3 jet by Lewis R. Fisher and William Letko, respectively. The

theory behind the use of this configuration is that the flare at the

end of the body will be extremely effective in the near transonic region

and, hence, will contribute to the pitch damping in large measure at low

speeds but will not greatly affect the aerodynamic characteristics nor

will the flare encounter great heating loads at the higher speeds, because

of its location, if it is made sufficiently small. Some beneficial effect

should be obtained for this arrangement at the extremely high reentry

altitudes because of the improvements in directional stability at the

large angles of attack that may be encountered without precise orienta-

tion by automatic means. It can be seen that a surprisingly large value
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of directional stability is obtained with this arrangement in comparison
with that obtained with the simple flared model at the left in figure 5.
Results at a Machnumberof 5.0 on somewhatdifferent models indicate
that spool models do not experi@nce as great an increase of stability
over simple flared models for supersonic speeds as was the case for
transonic speeds(fig. 6). The damping in pitch of a spool model can
be seen from the data of figure 7. These data were obtained in the
Langley high-speed 7- by lO-foot tunnel by HermanS. Fletcher. The
simple flared model showsunstable damping at the higher subsonic speeds,
whereas the spool model shows a powerful damping influence. It is quite
likely that an optimum spool shape would have less flare than the models
for which data are shownbecaase these models have more directional sta-
bility than is required.

The unstable pitch damping shownfor the simple flared model as
the transonic region is approached has been obtained for other shapes
in greater or lesser degree and has caused someconcern. However, a
considerable degree of unstable damping maybe tolerated in the transonic
region for subsonic-terminal-velocity bodies which make rapid transit of
the transonic region if the subsonic pitch damping is stable. This
unfavorable pitch damping effect can be seen from the calculations shown
in figure 8, the conditions for which are given in table I. It can be
seen in figure 8 that a reversal in sign of the pitch damping in the
transonic region does not impose an intolerable burden because not too
great an amplitude is reached before the transonic region is passed.
The result maybe entirely different, of course, for a reentry body
having a transonic terminal velocity; this body would be exposed to any
transonic peculiarity for a much longer period of time.

Recently there has been a general belief that a high-drag bluff
body would makean adequate minimumreentry body for a man-carrying
satellite (ref. 2). In such an application a low angle of reentry
would be employed in order to minimize the acceleration on the occupant.
An example of the motion of a vehicle on reentry to the atmosphere is
shownin figure 9. Aerodynamic data for the reentry capsule shownin
this figure were used for the present calculation. The various mass
and aerodynamic quantities used in the calculation are given in table I.
The equations for these calculations included the effect of the earth's
curvature and were integrated by use of an I_M type 704 electronic data
processing machine. The sketch in figure 9 shows the general character
of this reentry. A maximumdeceleration of 9.9g is encountered at an
altitude of 145,000 feet. Also shownin this figure is a plot of the
amplitude envelope of the oscillation during reentry for an assumed
error in alinement with the flight path of i ° at reentry. The first
few cycles of the oscillation are shownas a dashed line in the right-
hand side of this plot. The amplitude of oscillation at Mach number i
is much the sameas that at reentry. Thereafter, an increase in
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divergence occurs in spite of the stable subsonic pitch damping. The
damping factor is unstable in this region as well as for the remainder
of the reentry because of the negative lift-curve slope. An increase
of pitch damping in the subsonic region to -0.20 effected by adding a
tail assembly or flare produces a more stable behavior. The frequency
history of the capsule during reentry is presented in figure i0. It is
evident from the figure that the frequency and dynamic pressure are not
excessive. The maximumfrequency is about 1.0 cycle per second which
occurs at an altitude of 145,000 feet. The maximumnormal acceleration,
which is extremely low because of the small normal lift-curve slope and
small error in alinement of the satellite on reentry, is about 0.12g
and occurs at an altitude of about 125,000 feet. These results indicate
this to be a reasonable form of reentry vehicle from the stability point
of view.

An example of the negative lift-curve slopes of several forms of
blunt reentry bodies which contribute to the low-altitude divergence
shownfor the satellite is given in figure ii. These data were obtained
in the Langley transonic blowdowntunnel by Lewis R. Fisher and Joseph R.
DiCamillo. In this figure the lift-curve and pitching-moment-curve
slopes are shownfor several blunt shapes at a Machnumber of 1.0. It
can be seen that the very blunt forms have destabilizing negative lift-
curve slopes and that there is a pronounced Reynolds numbereffect for
one of the intermediate shapes. The negative lift-curve slopes for the
blunt rounded-corner forms shownin figure ii becomesomewhatsmaller
as the supersonic region is entered and the aerodynamics approaches the
Newtonian consideration more closely. Instability from this particular
source maybe well in evidence in the terminal phase of flight for bodies
with relatively low pitch damping.

Recently, it has becomeapparent that, for ballistic missiles,
terminal velocities to a Machnumber of 2.0 or higher are not unreason-
able with present methods and materials. As a result, increased emphasis
has been given to long slender shapes having low rather than high drag
coefficients. An examination of the Allen damping factor (ref. i)

indicates that this trend is favorable inasmuch as the destabilizing
drag quantity is reduced considerably whenlong slender shapes are used.
In addition, the sometimestroublesome transonic region is avoided com-
pletely, and the possibility of destabilizing negative lift-curve slopes
is eliminated because the lift-curve slope of slender, more pointed
bodies is positive.
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Oneapproach to the design of ballistic missiles having high ter-
minal velocities might be to utilize slender arrangements in the form
of artillery shells that have no stabilizing surfaces to protect from
heating. Such an arrangement would generally have somedegree of insta-
bility if packagedmore or less uniformly which would have to be counter-
acted by sufficie_nt spin or by other meansto provide stabilization. An
examination of the spin stability criterion indicates that the required
spin rates are likely to be excessive for so complicated a device as a
reentry warhead or a man-carrying satellite. Also_ the higher gyroscopic
stiffness introduced tends to maintain large amplitudes of yaw well into
the region of high heating. Suchbehavior may be advantageous for appli-

cations in which appreciable loss of heat by radiative coolimg is obtained_

in this case a body could be toasted more or less evenly on all sides.

Because of the difficulties of spin stabilization one of the most

promising considerations in conjunction with the design of adequate sta-

bility and damping into slender reentry bodies having high terminal

velocities involves the use of flares. It has been shown by rocket-

propelled-model tests conducted at the Langley Pilotless Aircraft

Research Station at Wallops Island_ Va., that heating loads obtained

on the flared portion of blunt bodies are not unreasonable. The loca-

tion of the flare at the end of the body is advantageous from the stand-

point of damping because lifting elements generally contribute to pitch

damping in proportion to the squares of their lever arms and lift is

not generated by expanding portions of the body in front of the center

of gravity which tend to cancel the contributions to stability of the

rearward portions.

Work by Becker and Korycinski (ref. 3) has shown a tendency for

slender flared bodies to develop large regions of separated flow in

front of the flare for low Reynolds numbers at Mach numbers near 7.0.

The net effect of this phenomenon is to reduce the efficiency of the

flare in contributing to directional stability. This reduction in

efficiency necessitates a greater area of flare than might be antici-

pated otherwise.

A measure of the pitch damping of two of these rocket-propelled

models from a program conducted by John C. McFall, Jr._ together with

data from tests of a flared rounded-nose model at Thompson Aeroballistics

Laboratory, is given in figure 12. These data are referenced to frontal

body diameter and area rather than to base diameter and area. Adequate

pitch damping is shown for all of the models in the supersonic region,

but definite unstable values exist for the flared and the blunt cylinder

models in the subsonic region. Similar results have been obtained at

subsonic Mach numbers for a flared blunt model in wind-tunnel tests at

the Langley Laboratory. Rocket-propelled-model tests on simple i0° cone

models have indicated good damping at Mach numbers of approximately 6.0.
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In one rocket-propelled-model flight, a i0 ° amplitude wandering
motion of a flared model was obtained in the transonic region. Fig-
ure 13 shows the time history in this particular flight of the flared
model comparedwith a time history for a more stable configuration.
At least one wind-tunnel measurementhas indicated that this flared
configuration has unstable damping in the subsonic region. It is quite
possible, of course, that the sharp corner is an undesirable feature of
the flared configuration with regard to damping.

CONCLUDINGREMARKS

With proper allowance for desirable geometrical features, the attain-
ment of satisfactory stability of reentry bodies with subsonic terminal
velocities is not too difficult but in efforts to minimize weight in
solution of the heating problem undesirable features, such as, extremely
flat noses, short skirts, and bulging afterbodies, maybe incorporated
into the system. Use of these features will require a muchmore precise
determination of stability because they may produce marginal character-
istics. The attainment of satisfactory stability of reentry bodies with
supersonic terminal velocities appears to offer fewer problems but a
number of good measurementsof pitch damping are needed for low drag
shapes.
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TABLE I

CONDITIONS FOR MOTION CALCULATIONS

AFTERBODY
SHAPE

TRANSONIC
DAMPING

SATELLITE
REENTRY

W I Cmq+
CD---O'-A-' CD SPIN,

_B/SQFT Cme CNa Cm_ RPM

1.05 M>I .2 M>I

113 .70M<I -.2 .89 -.I M<I 0
1.05 M>I 0 M>I
.90 M< -.2 M<

108 I. II -.36 .89 VARIES 0

29 1.55M>1 O.04M>I 0
.90M< -.2 .28 -DSM<I

Iy,
SLUG- 7",

FT 2 DEG

230 -22{

230 -22½

340 -3
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EFFECT OF BODY SHAPE ON PITCH DAMPING
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EFFECT OF CONTRACTION NEAR CENTER OF BOOY
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Figure 5

EFFECT OF CONTRACTION NEAR CENTER OF BODY
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EFFECT OF CONTRACTION NEAR CENTER OF
BODY ON PITCH DAMPING
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EFFECT OF UNFAVORABLE DAMPING IN TRANSONIC REGION
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MOTION OF BALLISTIC REENTRY CAPSULE
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MOTION OF BALLISTIC REENTRY CAPSULE
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PITCH DAMPING OF HIGHER FINENESS RATIO MODELS
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MOTION OF ROCKET-PROPELLED MODELS
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AERODYNAMICPERFORMANCEOFHYPERSONICGLIDERS

By C. A. Syvertson
AmesAeronautical Laboratory

and Charles H. McLellan
Langley Aeronautical Laboratory

INTRODUCTION

There are three major considerations which influence the design of
a hypersonic glider. First, there is aerodynamic heating; second, aero-
dynamic performance; and third, stability and control. The heating and
structure problems were discussed in a previous paper by William A.
Brooks, Jr., Roger A. Anderson, and Robert T. Swann. Aerodynamic per-
formance will be discussed in this paper; and stability and control are
discussed in reference i. Since aerodynamic heating is one of the most
important factors at hypersonic speeds, the attainment of high aerody-
namic performance is not always desirable since it can prolong flight
times at conditions of high heating rates. This situation exists par-
ticularly at speeds in the neighborhood of 20,000 feet per second. At
somewhatlower speeds as might be required for ranges of the order of
5,000 nautical miles, however, aerodynamic performance or lift-drag
ratio has its usual importance in determining range (ref. 2). Since
there seemsto be little problem in obtaining low lift-drag ratios at
hypersonic speeds, the discussion in this paper will be confined to the
achievement of high lift-drag ratios and to the discussion of some
recently obtained results. Someprevious work on this subject maybe
found in references 3 to 5.

RESULTSANDDISCUSSION

L) are presented forIn figure l(a), maximumlift-drag ratios D MAX
three simple glider configurations as a function of equivalent Machnum-
ber MEQ. All three configurations had the samearrow-plan-form wing
with 77.4° of leading-edge sweepand an aspect ratio of 1.4. Three dif-
ferent fuselage locations were tested. In one case the fuselage was a
half-cone mountedentirely beneath the wing in a flat-top arrangement.
This model is shownin figure l(a). With this flat-top arrangment, the
wing experiences favorable lift interference from the pressure field of
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the fuselage (refs. 3, 5 to 8). In the second case, the fuselage was
symmetrically disposed relative to the wing. In this case, the body had
a smaller diameter to keep the volume the sameas that for the flat-top
model. In the third case, the fuselage was a half-cone located entirely
above the wing in a flat-bottom arrangement. According to impact theory,
this arrangement should be the most efficient at hypersonic speeds. (See
refs. 9 to ii.)

All of the results have been corrected to flight conditions with
an assumedtransition Reynolds numberof 3 x i0 ° and with base drag

i
included. The base-pressure coefficient was assumedto be -_. The
methods employed to correct the skin friction are given in references 12
to 15.

At Machnumbersfrom 3 to 6, the results were obtained by standard
test techniques and are shownby the open symbols. At these speeds, the
results support preyious findings that the use of favorable lift inter-
ference can significantly improve aircraft performance.

At Machnumbersgreater than 6 the results were obtained by appli-
cation of the hypersonic similarity rule and are shownby the solid sym-
bols. This rule is thoroughly treated in references 16 to 18, and in
the present tests it was employed as follows: A second set of models
were constructed with thickness-to-chord and span-to-chord ratios doubled
relative to the original models. These models were also tested at Mach
numbersfrom 3 to 6 and with the aid of relations given by the similarity
rule; the data were transformed to give results applicable to the orig-
imal models at twice the actual test Mach number. Since these data
were obtained in this manner, the abscissa of figure l(a) is labeled
equivalent Machnumber.

The two sets of results overlap at a Machnumberof 6 and showgood
agreement, and the differences between corresponding points is 2 percent
or less. These results showthat the differences between the three fuse-
lage arrangements decrease with increasing Machnumberand are of the
order of a few percent at a Machnumberof 12.

Similar trends are shownin figure l(b) for uncorrected wind-tunnel
test results. For Machnumbers M of 6.9 and 9.6, the results were
obtained from tests in air at a Reynolds number R of 0.69 x 106. Those
for a Machnumberof 13 were obtained from tests in helium at a Reynolds
number of 3.1 x 106. This muchhigher test Reynolds numberaccounts for
the lift-drag ratios being higher at this Machnumber. The upper part
of figure l(b) is for a model with a modified-arrow-plan-form wing and
a minimum-drag body of revolution (ref. 19). In this case, a symmetric
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model with the samevolume distribution was also tested at a Machnumber
of 6.9. The configuration shownin the bottom part of figure l(b) had
an arrow wing and a conical fuselage of slightly different cone angle
th_n the configuration shownin figure l(a). The trends shownin fig-
ure l(b) are essentially the sameas those shownin figure l(a). In
this case, however, the symmetric model was slightly more efficient than
the flat-top model at a _ch numberof 6.9. In addition, the differ-
ences at the higher Machnumbersare even less than those shownin fig-
ure l(a). In fact, no difference was measuredat the higher Machnum-
bers. The conclusion here is clear. At the higher M_chnumbers, the
effect of fuselage arrangement is small and the choice for a particular
glider will depend on factors other than performance.

None of the models discussed thus far were, of course, directionally
stable. One schemesuggested for achieving directional stability is to
use deflected wing tips (ref. 3). Someindication of the performance
penalty this schemeinvolves is shownin the bar graph in figure 2.
These results are for the models shownin the upper part of figure l(b)
and are at a Machnumber of 6.9. In all cases the tips were deflec-
ted 45° . The results indicate that deflection of the wing tips always
produces a penalty, but for either a flat-top or flat-bottom model the
penalty is smaller if the tips are bent downward. For the symmetric
model there is no difference.

With these results in mind, the performance of gliders which are
stable both longitudinally and directionally will be considered. Since
fuselage location has a small effect, first, a flat-top design is con-
sidered and then a flat-bottom design is considered. The aerodynamics
of both configurations has been studied in somedetail, but only a sum-
mary of the results will be discussed herein.

The flat-top glider is shownin figure 3(a). The dimensions shown
are those estimated for a full-scale vehicle which could, if so desired,
be mancarrying. The fuselage is formed from a minimum-dragbody of
revolution. The weight was estimated to be about 22,000 pounds exclu-
sive of fuel with the center of gravity at 76 percent of the root chord.

The wing is of essentially arrow plan form with the tips expanded
to provide for controls. The leading-edge sweepis 77.4o; the aspect
ratio, approximately i; and the wing loading is 20 pounds per square
foot. The wing and fuselage are bltuuted because of aerodynamic heating.
To provide directional stability, the wing tips have a droop of 45°
about a line toed in 3° with respect to the plane of symmetry. To sup-
plement directional stability at Machnumbers less than 6, a retractable
ventral fin is provided. Longitudinal and lateral control are obtained
from plane trailing-edge flaps at the wing tips. Directional control
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at low Machnumbers is provided by a conventional rudder on the ventral
fin and at high Machnumbersj by body flaps which can also function as
dive brakes.

For this glider, a scale model and a hypersonically similar model
with thicknessIto-chord and spanIto-chord ratios doubled were tested in
air at Machnumbersfrom 3 to 6 in the mannerdescribed previously. In
addition, the scale model was tested in helium at a Machnumberof 12
and the similar model was tested at a Machnumberof 9 in order to pro-
vide data for a Machnumberof 18.

The performance results are summarizedin figure 3(b) where trim
lift-drag ratios are shownfor equivalent flight Machnumbersfrom 3
to 18. At Machnumbers less than 6_ the symbols are flagged to indicate
that the ventral fin was extended. Although these results were obtained
from four test techniques, the overall variation of lift-drag ratio
appears to be consistent. The decrease in lift-drag ratio at lower Mach
numbers is associated with the increased contribution of base drag. The
decrease at higher Mach numbers is associated in part with the relative
increase in skin friction and in part with the increased drag due to
lift. In generalj the results indicate that lift-drag ratios between
about 5 and 6 are obtainable with the flat-top glider.

The flat-bottom glider is shownin figure 4(a). Again the dimen-
sions are those estimated for a fullISCale man-carrying vehicle. The
weight was also about 22,000 pounds and the center of gravity was estl-
mated to be at 42 percent of the meanaerodynamic chord which was the
center of pressure at low subsonic speeds and which was used in
reference 20.

The wing has a triangular plan form with 78.2° of leading-edge sweep.
The nose and leading edge are blunted as indicated. In order to provide
a positive trimming momentand thus reduce trim-drag penalties, the for-
ward section of the glider has been camberedupward 6° . Directional
stability is provided by fins located at the wing tips. These fins are
toed in 6.8° to improve their effectiveness. Longitudinal and lateral
control are provided by trailing-edge flaps and directionalcontrol is
provided by rudders on the tip fins.

The aerodynamic performance at flight conditions for this glider
is shownin figure 4(b). The curves shownwere obtained theoretically,
allowing the altitude and Reynolds numberto vary as required to main-
tain the wing loading. The base-pressure coefficient was assumedto

1
be -_. For the upper set of curves_ laminar boundary layer was assumed
and the glider was untried and had no directional surfaces. The dif-
ference between the dashed and solid curves indicates the magnitude of
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boundary-layer displacement effects (refs. 15 and 21) on maximumlift-
drag ratio for flight conditions. It is observed that in this case the

effect on (_I is small. The effects of the boundary-layer displace-
kD! MAX

ments are discussed in references 15 and 21. The assumption of a laminar

boundary layer is undoubtedly optimistic and for the three lower curves

a local transition Reynolds number RZ, t of 3 x 106 was assumed, be

middle curves are for the glider without directional surfaces and show

the effect of trim. A very small trim penalty results when a cambered

nose is used; in fact, the two curves are so nearly coincident that they

(L) was
appear as a single heavy line. Experimentally, no loss in D MAX

detectable when the nose camber was incorporated. For the bottom curve,
the configuration is trimmed and the directional surfaces are included.

Achieving directional stability results in a decrement in lift-drag ratio

of about 0.5. The tip fins used, however, have not been optimalized from

the standpoint of lift-drag ratio.

Experimental results corrected to flight conditions are shown for

comparison; the flagged symbols correspond to the lower curve. In gen-

eral, the agreement is good and provides considerable confidence in the

theoretical estimates. Essentially, the same methods have been used in

calculating the boundary layer as were used in references 15 and 21 where

excellent agreement was found in predicting model skin friction in the

tunnel. For the trimmed and directionally stable glider, the llft-drag

ratios varied between about 5 and 6. These values are essentially the

same as those for the flat-top glider and, in fact, the trends in lift-

drag ratio with Each number are also very similar.

CONCLUDING REMARKS

These results have shown sometb_ing of the aerodyna_lic performance

obtainable with hypersonic gliders. From the lift-drag ratios obtained

in these studies, estimates have been made of the range capabilities

of the gliders. The results were essentially the same for both flat-

top and flat-bottom configurations. With an initial glide velocity of

12,000 feet per second, the range was estimated to be about 2,200 nau-

tical miles. For an initial velocity of 18,000 feet per second, it

was P,700 nautical miles.
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EFFECT OF BODY-WING ORIENTATION AND WING-TIP DROOP
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FLIGHT(L)MAX FOR FLAT-TOP GLIDER
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FLIGHT (L)MAX FOR FLAT-BOTTOM GLIDER
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STATIC STABILITY AND CONTROL OF HYPERSONIC GLIDERS

By Robert W. Rainey

Langley Aeronautical Laboratory

SUMMARY

A study has been made of the static stability and control problems

associated with several hypersonic boost gliders. It appears that_ in

general, it is possible to obtain the desired trim features. The flat-

top configuration was found to be essentially self trimming, whereas for

the flat-bottom configuration negative camber provided an effective

means to trim. Furthermore, at the low angles of attack, directional

stability and control were adequate for the complete configurations

investigated_ however_ there is a need for further study of directional

stability in the high angle-of-attack range and of lateral stability at
all angles of attack.

INTRODUCTION

The aerodynamic characteristics of two categories of winged hyper-
sonic boost gliders have been studied. One of these includes moderate

range vehicles which operate in the sensible atmosphere at relatively

high lift-drag ratios_ the other includes vehicles which might be used

for manned reentry and do not require high lift-drag ratios. Some lift-

drag characteristics of the high lift-drag-ratio vehicles are discussed

in reference i. Some aspects of the static stability and control will

be presented herein.

SYMBOLS

b wing span

CD drag coefficient_ Drag

Lift
CL lift coefficient,

q_S w
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CK rolling-moment coefficient,

Cm pitching-moment coefficient,

C n yawing-moment coefficient,

C

i

L/D

M

q

S

CL

chord

mean aerodynamic chord

incidence angle, deg

lift-drag ratio, CL/C D

Mach number

dynamic pressure

plan-form area

angle of attack, deg

angle of sideslip, deg

control deflection angle_ deg

Subscripts:

EQ

e

f

N

R

r

equivalent

elevator

flap

nose

wing root

rudder

Rolling moment

q sb

Pitching moment

q_Sw_

Yawing moment

CONFIDE_IAL



CONFIDENTIAL 133

w

OO

wing (with tips undrooped for flat-top configuration)

free stream

DISCUSSION

Since a substantial portion of the flight of gliders will be at, or

near, trim conditions, it is instructive to consider the approximate

range of interest in trim characteristics. (See table I.) In table I,

the high-lift-drag-ratio type of glider is envisioned as being the type

that operates in the atmosphere at values of trimmed L/D of the order

of 5 to obtain ranges of the order of 5,000 nautical miles. The low-

lift-drag-ratio type of glider is applicable to global missions or pos-

sibly orbital reentry missions. Trimmed angles of attack greater than

45°, as indicated in table I, would undoubtedly be necessary to obtain

values of trimmed L/D of the order of one-half for the winged vehicles
considered.

High-Lift-Drag-Ratio Type of Gliders

Firstly, a flat-top configuration will be considered (fig. i). Lon-

gitudinal and lateral control is obtained by use of wing-tip flaps. Direc-

tional control at subsonic and supersonic speeds is obtained by use of the

rudder on the ventral fin. At hypersonic speeds (M _ 6), body flaps pro-

vide the directional control and may serve as speed brakes at all speeds.

Studies of the static stability and control characteristics have been made

by _omas J. Wong of the Ames i0- by 14-1nch Supersonic Wind Tunnel Branch.

The longitudinal stability and control characteristics at trim for

this flat-top configuration are presented in figure 2. The open symbols

are for results obtained by use of scale models at the Mach numbers indi-

cated. The flagged symbols indicate that the ventral fin was extended.

Solid symbols designate results obtained with hypersonically similar

models at the equivalent free-stream Mach number as obtained from the

hypersonic similarity law. (See ref. i.) At supersonic speeds, the

variation in pitching moment with lift coefficient was reasonably linear

and Cmc L was essentially invariant with Mach number. The usual desta-

bilizing shift at subsonic speeds is about 0°0_ and the glider is neu-

trally stable. At subsonic speeds in the high-lift range, however, a

pitch-up tendency was found. Elevator deflection required for trim is

shown on the lower part of figure 2. The deflections required are

small_ thus the glider is essentially self-trimming.
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Directional stability is shownin figure 3 as a function of equiva-
lent Machnumber for two angles of attack, 3° and 7° . It is clear that
the glider maintains directional stability throughout the ranges of Mach
numberand angle of attack shown, although at lower Machnumbersthis
stability is achieved with the aid of the ventral fin. At Math numbers
around 3, there is someloss in stability with increasing angle of attack.

Lateral stability is shownin figure 4. Here it is observed that
CZ_ is sometimes positive; that is, the effective dihedral is negative,
particularly at the higher Machnumbersand lower angles of attack. Some
roll instability is, therefore, indicated. Automatic roll stabilization
for the glider has been studied, but the situation is complicated by the
fact that the roll controls are located on the drooped wing tips. Thus,
aileron deflection produces yawing as well as rolling moments. A satis-
factory roll-stabilization schemewas found only after both the ailerons
and body-flap controls were employed in combination.

Secondly, a flat-bottom configuration is considered (fig. 5) which
has negative camber to provide trim, trailing-edge flaps for longitudinal
and lateral control, and rudders on the toed-in wing-tip fins for direc-
tional control.

Calculations of the longitudinal stability characteristics of the
basic body-wing combination without negative camberhave been madeat
free-stream Machnumbersfrom 6.9 to 18. The configuration is shownin
figure 6 along with the flow fields assumedin the theoretical analysis.
It was assumedthat the half-cone and cylinder of the body operated in
the local flow of the upper wing surface throughout the ranges of
and M. The interference region is shownshaded and boundedby the
inviscid shock wave generated by the nose cone and the average expansion
from the cone-cylinder juncture. Constant pressure was assumedin the
region between the two average expansions as well as between the wing
leading edge and nose-cone shock waves. Two-dimensional analysis was
applied to the lower wing surface. Finally, through the use of experi-
mental results, the induced effects and effects of leading-edge shock
detachment were included. This was accomplished by first plotting the
ratio of measured CL to calculated CL (using two-dimensional shock-
expansion theory) as a function of the hypersonic similarity parameter M_
(where M_ = M times _ in radians) for the wings of reference 2. This

ratio of measured CL to calculated CL was plotted for each wing,

and each curve was designated as having a specific value of M c (where

M e = M times e in radians, and 6 is the wing half-apex angle). Then,

by use of the hypersonic similarity relations_ M_ and Me, the appropri-

ate CL ratios were obtained and multiplied times the calculated values for
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CL of the vehicle at the four Machnumbersand various angles of attack.
Application of this CL ratio was also madeto the pitching moments.

In figure 7 it is indicated that the calculations predicted Cm
very well and overestimated CL somewhat. TheMachnumbereffects
upon Cm are small and CL is reduced somewhatas the Machnumber is
increased. It is also noted that in the desired range of trim CL
(around 0.08), there is a sizeable pitching momentto be trimmed out.

The use of several devices considered for trim and control are shown
in figure 8. The trailing-edge flaps maybe considered for longitudinal
and lateral control; in this instance somemeansmust be provided for
directional stability and control. The three wing-tip-mounted controls
maybe considered for longitudinal, lateral, and directional stability
and control.

In figures 9 and i0 are presented the characteristics of the con-
figuration with these controls at deflection angles of 0° and -20° at
M = 6.9. These results demonstrate the inability of these controls to
produce trim in the desired lift-coefficient range of about 0.08. The
highest values of trim CL were obtained with the trailing-edge flap,
and this was only about 0.045.

Obviously a better method for trim is required, and the use of nega-
tive camber appears adequate as shownin figure ii. The measuredand
calculated results of the sameconfiguration untrimmed and trimmed by the
use of negative camber are presented. By this meansa trim lift coeffi-
cient of about 0.09 and a trim angle of attack of about 9° were obtained
and maybe accurately predicted. A loss in stability was realized by
trimming_ however, the configuration is longitudinally stable at trim.
Similar results were obtained at M = 9.6.

In figure 12 are presented the measuredand predicted Cn_ charac-
teristics of the configuration without and with two types of tip controls.
For these predictions, the assumptions for the flow field were similar to
those for the longitudinal calculations. It is seen that the configura-
tion without controls is directionally unstable. The directional stability
parameter Cn_ with either control is about the sameat M = 6.9 and
essentially invariant with Machnumber. The predictions of Cn_ are con-
servative. Additional results at M = 6.9 indicated that the use of nega-
tive camberhad little effect upon Cn_. Also, the control effectiveness
parameter Cn5_ appeared to be adequate and was predicted with reasonable
accuracy by using conical-flow theory for the tip cones and oblique-shock
relations for the tip fins at M = 6.9. Someadditional results of
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wind-tunnel tests at M = 6.9 indicate that Cn_ increases with a in
the a range from 0° to 16° and that the configuration had positive
dihedral effect at _ greater than 5° .

Low-Lift-Drag-Ratio Type of Gliders

Consider now the low-lift-drag-ratio type of vehicles which may oper-
ate in the atmosphere or might also be considered as orbital reentry vehi-
cles. As indicated in table I, it appears desirable for these vehicles to
trim at angles of attack from 20° to 45° , or greater, at lift coefficients
of from about 0.3 to 0.8.

In figure 13 are presented two configurations which are of the low-
lift-drag-ratio type. For the vehicle on the left_ trim is accomplished
by the use of trailing-edge flaps_ the combineduse of deflected nose and
flaps accomplishes trim for the vehicle on the right. In both instances,
the flaps in the upper and lower surfaces deflect in the samedirection.
Cavities (shown as darkened regions on the rear of the vehicles) provide
a meansto deflect the flaps within the vehicles. Both vehicles were
directionally stable at _ = 0° (no results for a > 0°). Directional
control was accomplished by deflecting the rearward portion of the leading
edges (shownby dashed lines in the plan views in fig. 13).

The experimental results in figure 14 indicate for this vehicle a
trim capability at CL of about 0.2 at an angle of attack of about 15°
with the flaps deflected -20°. For the other vehicle (fig. 15), a trim
CL of about 0.45 and a trim a of about 30° was obtained with i N = 20°
and 5f = -i0 °. Extrapolation of additional measuredresults (with
i N = 20° and 5f = -20° ) show a trim capability at a CL greater than
0.7 and an a in excess of 45° . For both vehicles, optimization of the
combination of nose and flaps would undoubtedly increase the attainable
trim CL and a.

CONCLUDINGREMARKS

It appears that, in general, it is possible to obtain the desired
trim features. _he flat-top configuration was found to be self-trimming,
whereas for the flat-bottom configuration negative camberprovided an
effective meansto trim. Furthermore, at the low angles of attack,
directional stability and control are adequate for the complete configu-
rations investigated_ however, there is a need for further study of
directional stability in the high angle-of-attack range and of lateral
stability at all angles of attack.
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TABLEI

DESIRED CHARACTERISTICS AT TRIM

PARAMETER

L
D

a.,DEG

CL

TYPE OF BOOST GLIDER

HIGH L_.
D

4TO 6

6T09

0.06 TO 0.09

LOW L
D

.5 TO 2

20 TO 45

0.3 TO 0.8
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FLAT-BOTTOM GLIDER
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COMPARISON OF CALCULATED AND MEASURED
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EFFECT OF CONTROL ON LONGITUDINAL

AERODYNAMIC CHARACTERISTICS
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EFFECT OF NOSE AND FLAP INCIDENCES UPON
LONGITUDINAL AERODYNAMIC CHARACTERISTICS
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HYPERSONIC BOOST GLIDER

Figure 13

LONGITUDINAL AERODYNAMIC CHARACTERISTICS

OF BOOST-GLIDER WITH LOW LIFT-DRAG RATIO
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DYNAMIC lATERAL BEHAVIOR OF HIGH-PERFORMANCE AIR_

By Martin T. Moul and John W. Paulson

Langley Aeronautical Laboratory

SUMMARY

Several proposed high-performance aircraft have been studied

analytically and by model flight tests to define some problem areas in

dynamic lateral behavior of high-speed aircraft which require specific

attention. In particular, aileron control problems and Dutch roll

characteristics with and without artificial damping were considered.

The results indicate that effective dihedral and cross-control deriva-

tives can have gross effects on the lateral stability and controllabil-

ity of hypersonic gliders.

INTRODUCTION

Hypersonic gliders have been proposed which would extend regions

of manned flight to speeds of 20,000 feet per second and altitudes

above 200,000 feet. These airplanes, although they would fly to much

higher altitudes than current aircraft, experience dynamic motions and

control responses similar to those of current aircraft. This is so

because the dynamic pressures encountered throughout the flight regime

are appreciable; thus, significant aerodynamic forces and moments and

airplane natural frequencies comparable to those of today's aircraft

are obtained. As a result, dynamic stability and response character-

istics remain important. In this paper several possible problem areas

related to the lateral behavior of high-performance aircraft are

examined.

SYMBOLS

b wing span

S wing area

M Mach number
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q

h

kl

½

k5

Ix

Iz

tl/2

C Z =

C n =

5a

5r

Cn[ = _Cn/_

cz_ _ 8c z/8_

dynamic pressure

altitude, ft

autopilot gain, 5r/_

autopilot gain, 5rj'_a

autopilot gain, _a/_

moment of inertia about x-axis, slug-ft 2

moment of inertia about z-axis, slug-ft 2

time to damp to i/2 amplitude_ sec

Rolling moment

qSb

Yawing moment

qSb

angle of attack

angle of sideslip

rolling velocity

aileron deflection

rudder deflection

Cr_a = 8Cn/_5 a

C_$a = 8C_/88a
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Cnsr = _Cn/_5r

CZSr = _Cz/35r

DISCUSSION

Several stability and controllability problems related to lateral

behavior of high-speed aircraft, such as effects of static lateral deriv-

atives Cn_ and C_ on Dutch roll stability, aileron divergence cri-

teria, and effects of C_ and cross-control derivatives on damper

design, are considered.

In reference to the Dutch roll stability the following expression

defines a parameter which is generally a primary factor in determining

the undamped natural frequency of the Dutch roll mode. Negative values

of this parameter

I Z

Cn_,DYN = Cn_ Ix _Cz_ (i)

may lead to a divergence. Although the exact expression for the Dutch

roll spring constant includes rotary derivative effects, this approxi-

mation which depends only on the static lateral derivatives Cn_ and

CZ_ is adequate for most cases. For flight conditions in which rotary

derivatives are large, these effects must be considered.

The contributing factors in Cn_,DYN are now considered. In addi-

tion to the directional stability, there is a contribution of effective

dihedral which is proportional to the inertia ratio Iz/l x and angle of

attack. For long, slender, high-speed aircraft, inertia ratios Iz/l x

of i0 or more are common. Thus the term involving C_ can have a pre-

dominant effect even at moderate angles of attack. For example, if the

aircraft has negative effective dihedral_ this term can overcome direc-

tional stability and lead to a divergence. In an effort to obtain posi-

tive directional stability at high Mach numbers and angles of attack,

designers are considering configurations_ for example_ ventral fins,

which may lead to negative effective dihedral. Thus, although Cn_ is

CONFIDENTIAL



150 CONFIDENTIAL

improved, Cn_,DYN maybe decreased, and a marginally stable or unstable
airplane will result.

Nowconsider the other condition of positive effective dihedral.
With positive effective dihedral this term can compensate for negative
directional stability and produce a stable airplane. An illustration
of this favorable effect of positive effective dihedral and the impor-

tance of Cn_,DYN will now be presented.

Figure i showsplots of

tion discussed in reference i.
angle of attack.

Cn_ and Cn_,DYN for a canard configura-
These parameters are plotted against

For this particular configuration having twin inboard vertical
tails, Cn_ decreased with increasing angle of attack and reached large
negative values in the high-angle-of-attack range, where negative values

of Cn_ are normally associated with a directional divergence. The loss

of Cn_ is attributed to an effective change in the angle of sideslip
of the vertical tail associated with the vortex flow from the canard
surfaces. However, the Cn_,DYN criterion indicates the airplane to be
stable up to an angle of attack of 34° •

A model of this configuration was tested in the Langley full-scale
tunnel by the free-flying-model technique at angles of attack of 28°
to 35° . The model flew smoothly and was easy to control, but at the
higher angles of attack where Cn_,DYN goes to zero, the pilot observed
that the model was becoming difficult to control as expected.

The following expressions are criteria that should be satisfied
whenusing rudder and aileron controls to maintain zero bank angle:

For the aileron alone:

(2)

For the aileron plus rudder proportional to sideslip (8r : kiP):

>0 (3)
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For the aileron plus rudder proportional to aileron (5 r = k25a):

Cn_ + CZ_ C_5 a + k2CZSr

(4)

The first expression (eq. (2)) is a divergence criterion when

aileron alone is used. This expression must be positive to avoid a lat-

eral divergence. Divergence can result for combinations of (i) positive

effective dihedral __(-C_ and adverse yaw, since Cn_a/CZ6a- would be

negative, and (2) negative effective dihedral and favorable yaw with

Cn_a/CZ5a- being positive. The importance of this criterion has been

demonstrated in flight tests of airplanes having positive effective

dihedral and adverse aileron yaw.

Some unconventional controls proposed for preliminary hypersonic

configurations have actually produced cross-control derivatives of the

same order of magnitude as the basic control derivative_ and results

have been obtained recently at low speeds with free-flying models of

such configurations. Figure 2 shows the ratio of aileron effectiveness

parameters (yawing moment to rolling moment) of three hypersonic glider

configurations (a flat-top, a flat-bottom, and an all-wing configura-

tion) plotted against angle of attack. Positive direction corresponds

to favorable aileron yaw.

Notice that the flat-top and all-wing configurations have aileron

yawing moments twice as large as the rolling moments, whereas the flat-

bottom configuration has relatively small aileron yaw. All three con-

figurations have positive effective dihedral and in terms of the aileron-

alone divergence criterion, the all-wing configuration with large adverse

yaw is predicted to be divergent.

Models of these three configurations were flown at angles of attack

of i0 ° to 20 ° using aileron control only. The flat-bottom model flew

smoothly and was easy to control. The flat-top model experienced con-

siderable yawing motion because of the low level of Cn_,DYN and the

large aileron yaw. The all-wing model was rapidly divergent, as

expected, and could not be controlled. After this test, the rudder of

the all-wing model was linked to the aileron to reduce the aileron yaw

effectively and the model became controllable. In general, when both

rudder and aileron are used for control, the two cross-control deriva-

tives, yaw due to aileron and roll due to rudder, are important in

determining the divergence characteristics. Two automatic-control

schemes for introducing deflections to alleviate this divergence con-

dition have been examined.
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The divergence criterion (eq. (3)) whenthe rudder is used propor-
tional to sideslip angle in order to reduce sideslip has been given.
The first part of this equation is identical to that of equation (2) and
the second part is a function of the aileron and rudder effectiveness
derivatives. For configurations which would be divergent with aileron-
alone control, the possibility exists for stabilizing the system by the
effect of the second term. Of course, the second term can be destabil-
izing too for values of cross-control derivatives having like algebraic
signs and exceeding the primary derivatives C and ._Sa Cr_sr

The divergence criterion whenthe rudder is deflected proportional
to the aileron in order to counter aileron yaw is given in equation (4).
The aileron-alone criterion (eq. (2)) is modified by a k2Cn8r term in

the numerator and a k2Cz5r term in the denominator. If k2 is set equal
to Cr_sa this destabilizing term becomeszero. Thus, feedbacks in the

Cnsr'
form of rudder deflections proportional to sideslip angle and aileron
deflection maybe effective in alleviating divergence conditions.

These cross-control derivatives can also have an important effect
on damper design. Both yaw and roll dampersmaybe required to provide
satisfactory lateral characteristics at high altitudes. Next, a stability
problem arising from the use of damperswith a hypersonic glider configu-
ration is considered.

Figure 3 shows the effects of large variations of the cross-control
derivatives on Dutch roll damping for a flat-bottom hypersonic glider
configuration for a flight condition of M = 6.86 and an altitude of
130,000 feet. The ratio of Cn_a to CZ6a is plotted as the ordinate.

The ratio C_Sr/Cn_r" is plotted as the abscissa. Curves of constant time
to dampto 1/2 amplitude of l, 2_ and 5 seconds, and infinity are shown.
This figure indicates the variations in the Dutch roll damping for com-
binations of cross-control derivatives up to ±2 after roll and yaw damper
gains were selected to provide a Dutch roll damping just under 2 seconds.
Generally large changes in damping can result from variation in these
parameters. In particular for the range of cross-control derivatives
shownfor this airplane_ large losses in Dutch roll damping can result
for favorable aileron yaw and negative rolling momentdue to rudder
deflection (first quadrant). In fact, for somecombinations of the
ratios (l:l_ for example) the damping is actually reduced to zero. This
is by no meansa general result. Other airplanes might experience damping
losses for different combinations of these parameters.
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In recent designs of damper systems, such problems have already

arisen and in one case, for example, the problem was solved by feeding

a yaw-rate signal into the roll channel to offset the rolling moment

due to the rudder. Also interconnections between rudder and aileron

have been used to alleviate the effect of large cross-control deriva-

tives. Since airplanes are being designed to fly through a wider range

of flight conditions, it is becoming increasingly difficult to avoid

large values of cross-control derivatives, and this problem may become
more critical.

In addition to the cross-control derivatives, dihedral effect CZ_

my also have an important effect on damper design. The effect of posi-

tive and negative effective dihedral on Dutch roll frequency has been

discussed, and in figure 4 the results of a study to investigate damper-

gain requirements for values of CZ_ of 0.027 and -0.027, are presented.

i
Damping as is shown for the two lateral modes of primary concern,

tl/2

the Dutch roll oscillation and the damping-in-roll mode, as a function

of roll-damper gain k3 for a flight condition of M = 6.86 and an

altitude of 130,000 feet. The cross-control derivatives were considered

to be zero. The solid lines on the figure correspond to the case of

CZ_ : 0.027 or negative effective dihedral. A yaw-damper gain was

selected for which the Dutch roll oscillation would damp to 1/2 amplitude

in 2.5 seconds, based on a one degree of freedom in yaw response. With

this yaw damper and zero k3, no roll damper, the damping-in-roll mode

is unstable and indicated a rapid roll divergence. The Dutch roll oscil-

lation has good damping at this point. As k_ is increased, the damping-

in-roll mode is made stable but the damping of the Dutch roll oscillation

decreases markedly.

For the case of CZ_ = -0.027, positive effective dihedral, two

important differences should be noted. First, the damping-in-roll mode

is stable even for kI : O, and, secondly, as kI is increased_ the

Dutch-roll damping is higher. A comparison of both sets of curves

clearly indicates the importance of CZ_ in determining roll- and yaw-

damper gains and the poor damping which may result with negative effec-

tive dihedral.
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CONCLUSIONS

In conclusion, some studies of high-performance aircraft have
indicated that:

i. For recently proposed high-performance aircraft having high

inertia ratio IzIlx, the effective dihedral parameter C_ assumes

greater importance in affecting the lateral stability characteristics

of the airplane. In particular, negative effective dihedral may lead to

a divergence.

2. Attention must be given to the cross-control derivatives of

hypersonic aircraft in avoiding divergence conditions and adverse effects

of dampers.
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DIRECTIONAL STABILITY PARAMETERS OF

CANARD CONFIGURATION
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SIMULATORINVESTIGATIONOFCOMMANDREACTIONCONTROLS

By Euclid C. Holleman and Wendell H. Stillwell

NACAHigh-Speed Flight Station

INTRODUCTION

Exploitation of the ballistic capabilities of present or contemplated
mannedvehicles requires someform of reaction control so that attitude
control will be possible beyond aerodynamic flight limits. Figure i shows
the pertinent control regions for a plot of altitude against Machnumber
with an indicated area that represents a dynamic pressure q from 5 to
i0 pounds per square foot. In general_ it is believed that above this
region reaction controls will be required.

Initial investigations of reaction-control usage were madewith an
analog simulator. These studies investigated on-off acceleration reaction
controls which gave adequate control, but which required constant atten-
tion to the control task. Such a reaction control system was designed
for the X-IB airplane and has been ground-tested with the use of a three-
degree-of-freedom simulator. Flight tests of these reaction controls
have been initiated.

The purpose of this paper is to evaluate the effectiveness of reac-
tion controls that commandvelocity and attitude and to comparethese
systems with the acceleration commandsystem. Although manyof the data
were obtained for ideal systems at zero dynamic pressure, someresults
are also available to assess the effects of low dynamic pressure as well
as assumedrocket-system lags.

METHOD

The present study was performed by utilizing a closed-loop simulator
consisting of an analog computer, oscilloscope for presentation, control
stick, and pilot.

The analog computer was used to solve the differential equations
that represented the airplane and control system. Three degrees of free-
domwere assumedfor the zero-dynamic-pressure case, and five degrees of
freedom were assumedfor the finite-dynamic-pressure case. The mass and
basic aerodynamic characteristics of a representative research airplane
at a Machnumber of 4.5 were used for the assumedproblem. A three-axes
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control stick (fig. 2), which is similar to the controllers being used in
the X-IB airplane, was used. This stick required up-and-downmotion for
pitch control, side-to-side motion for yaw control, and rotation for roll
control. Also shownin the figure is the presentation to the pilot; that
is, a trace on an oscilloscope movedup and downto represent pitch and
rolled to signify roll whereas yawwas indicated on a meter.

Since it was desired to use these control systems for orientation as
well as stabilization in the reaction-control region, several evaluation
tasks were employed. The response and precision of control were evalu-
ated by making pitch, yaw, and roll changes in attitude and by coordi-
nating these changes. This task will be referred to as the orientation
task. Another control task consisted of attempting to retain initial
attitude after the imposition of a suddenconstant angular acceleration
of 2 degrees per second per second in pitch or yaw, and will be termed
the stabilization task.

RESULTSANDDISCUSSION

Previous studies of acceleration on-off reaction controls have indi-
cated desirable levels of control effectiveness and proportioning. A
summaryof these results is presented in figure 3, which shows satis-
factory control regions that are functions of roll control effectiveness
and control effectiveness ratio. Control effectiveness is defined as the
angular acceleration produced by full control. Control effectiveness
ratio is the ratio of roll control effectiveness to yaw or pitch control
effectiveness. For a stabilizing task the on-off acceleration controls
were satisfactory in the triangular region shown. Higher control effec-
tiveness resulted in overcontrol tendencies. Also shownis the value
presently being flight tested with the X-IB airplane. The limits of the
present study are shownby the bars. Although this study was not as
comprehensive in determining the limits of satisfactory control as the
previous on-off study was, the three systems - proportional acceleration
command_velocity command,and attitude command- gave satisfactory con-
trol over the range shown, which is a much larger range of control
effectiveness than was obtained with the on-off controls. Somewhat
arbitrary values of roll control effectiveness of 20 degrees per second
per second and a control ratio of 4 were used for all the results pre-
sented. The discussion that follows compares the results obtained from
proportional acceleration, velocity, and attitude commandsystems.

For an auxiliary control system such as the reaction control, econom-
ical operation is of great importance. The fuel requirements are one
indication of the effectiveness of the closed-loop control. Figure 4
shows the effect of feedback gain for the velocity commandand the atti-
tude commandsystems on the relative fuel required for the stabilization
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task. The fuel requirements have been normalized to the acceleration
commandsystem, which is represented by the intersection at zero gain.
For the velocity commandsystem_ the relative fuel required decreases
with increasing feedback gain. A feedback gain of 1.5 gave good
response as well as reasonably good economyfor the velocity command
system and was used for most of the tests. For the attitude command
system, the relative fuel required was rather insensitive to feedback
gain in the range from 0.i to 0.5. A value of 0.25 gave desirable
response characteristics for the attitude commandsystem and was used
subsequently.

In figure 5 the fuel required to change pitch attitude 30° and
stabilize in different time intervals is compared for the three systems.
Yawand roll results are not presented, but these results would be com-
parable. As might be expected, the slower maneuversrequire less fuel
than the faster maneuvers. It is apparent that the velocity and attitude
commandsystems are about as economical as the acceleration command
system.

The curves shownin figure 5 represent near-minimum fuel require-
ments for these maneuversand are muchmore easily realized with the
velocity or attitude system than with the acceleration commandsystem.
This is illustrated in figure 6. Note that the pilot control manipula-
tion for the velocity and attitude commandsystems is much less than
for the acceleration commandsystem for satisfactory completion of the
orientation task. Initial attempts to change attitude with the accele-
ration system usually resulted in overcontrol and invariably resulted
in more control manipulation.

The results discussed thus far were for ideal systems with ideal
rocket characteristics. The effect of practical rocket thrust response
on the relative fuel required for the stabilization task is shownin
figure 7. Practical rocket response is characterized by a delay and
buildup time. Thrust buildup times to 0.4 secondwere investigated
and had no measurable effect on the performance of the systems. Delays
up to 0.4 second, which should cover the range of practical delays, had
little effect on the relative fuel for any of the three systems. The
X-IB had a lag of 0.2 to 0.4 second. For the large delay of 0.8 second
the velocity and attitude systems showedonly a small increase in rela-
tive fuel, but the acceleration system showeda large increase in rela-
tive fuel. These trends were even more evident during orientation tasks.

In order to gain someinsight into the effect of dynamic pressure on
the control task with reaction controls, stabilization tasks were per-
formed at constant dynamic pressure. The results of these tests are shown
in figure 8. It can be seen that with the velocity and attitude command
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systems, there was little effect of dynamic pressure. With the accelera-
tion commandsystem, dyns_c pressure can have a marked effect, depending
on pilot technique and effort expended. With very close attention to the
task, the efficiency of this system can approach that of the velocity or
attitude commandsystems, but manymaneuvers, though not out of control,
resulted in the fuel required that is indicated by the upper bounds of
the cross-hatched area. The dynamic-pressure region of 5 to i0 pounds
per square foot appears to be a very demandingregion for precise control
with the acceleration system due to dihedral effect.

In figure 9, these results are extended by simulating the initial
buildup in dynamic pressure during a typical entry without damper
augmentation. Shownare time histories of dynamic pressure, sideslip,
yaw control, bank angle, and roll control for the acceleration (shown
by solid lines) and velocity (shown by dashed lines) commandsystems.
It was the task of the pilot to recognize a sideslip misalinement, to
zero sideslip, and to maintain control of the airplane during the
dynamic-pressure buildup. Successful entry could be accomplished with
either of the control systems. As dynamic pressure increased, it
becamenecessary to control the sideslip precisely to prevent large
excursions in roll. The velocity commandsystem minimized this task;
whereas, with the acceleration system, the task was more difficult.
Roll excursions of considerable magnitude were evident especially in
the higher dynamic-pressure range. It should be noted, however, that
in this dynamic-pressure range the aerodynamic controls would be of
increasing importance. With the attitude commandsystem, entry was
accomplished without pilot control.

CONCLUDINGREMARKS

In conclusion, it may be said that a velocity or attitude con_nand
reaction control system would facilitate the task of orientation and
stabilization in regions of low dynamic pressure. All the systems were
insensitive to lags that might be encountered in practical rocket systems,
but at large lags the effectiveness of the proportional acceleration sys-
tem deteriorates muchmore rapidly than does the effectiveness of the
other control systems. Dynamicpressure complicates the stabilization
and orientation problem by aerodynamically coupling yaw and roll, but
this complication only serves to emphasize the superiority of the veloc-
ity and attitude commandsystems over the acceleration system. The
attitude commandsystem was superior to the velocity commandsystem as a
stabilizing device, but the velocity commandsystem was preferred for
orientation. Finally, additional studies would be desirable to determine
whether the more sophisticated reaction control systems are required
during critical entry conditions.
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SIMULATION STUDY OF A HIGH-PERFORMANCE AIRCRAFT

INCLUDING THE EFFECT ON PILOT CONTROL OF

LARGE ACCELERATIONS DURING EXIT

AND REENTRY FLIGHT

By C. H. Woodling, James B. Whitten, Robert A. Champine,

and Robert E. Andrews

Langley Aeronautical Laboratory

SUMMARY

A discussion is given of a simulation study of a high-performance

aircraft conducted on the human centrifuge at the U. S. Naval Air

Development Center, Johnsville, Pa. The centrifuge, in combination with

an analog computer, provided a pilot-controlled simulator which subjected

the pilot to linear accelerations similar to those he would encounter in

exit and reentry flight.

Results of this study indicated that accelerations of the magnitude

considered in this program did not significantly affect the pilot's abil-

ity to carry out his flight task when "flying" the airplane with auxiliary

dampers operating. However, large oscillating acceleration patterns during

reentry flight, such as might be encountered with certain damper failures,

were found to make some reentries marginal and some impossible because

of the effect on the pilot's ability to see and read instruments and

satisfactorily control the airplane.

It is believed that the centrifuge simulator is a significant advance

over static or "fixed-base" simulators for evaluation of pilot restraint,

controls, instrument display, and pilot and airplane response.

INTRODUCTION

In the past, simulation studies of pilot control capabilities,

including an analog-computer representation of the motion of the air-

plane, have been found to be valuable in the investigation of difficult

piloting problems. For example, simulation studies have been made of
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roll coupling, pitch up, and pilot control during landing. In such
studies, however, the pilots were not subjected to the sometimes violent
motions that the airplane would encounter. At present, studies are being
conducted of mannedvehicles which will be required to exit from and
reenter the earth's atmosphere and in which the pilot will be subjected
to large accelerations during the exit and reentry phases. Due to the
lack of actual flight experience under such conditions, it is desirable
that the vehicle and its flight environment be simulated as closely as
possible if the pilot and airplane responses are to be predicted with a
certain degree of confidence. The subject of this paper is a discussion
of a simulation study of a high-performance aircraft conducted on the
humancentrifuge at the U. S. Naval Air Development Center, Johnsville,
Pa. In this study the pilot was subjected to the large linear accelera-
tions that he would encounter in flight. This study was conducted as
a joint effort between NACAand NADCand this opportunity is taken to
acknowledge the excellent cooperation of the NADCpersonnel and particu-
larly Dr. Carl Clark of the Aviation Medical Acceleration Laboratory for
his efforts and supervision which contributed largely to the success of
this program.

SYMBOLS

h

M

ax

aZ

altitude, ft

Mach number

longitudinal acceleration, g units

normal acceleration, g units

DESCRIPTION OF SIMULATOR SETUP

A portion of a trajectory, typical of that planned for the North

American X-15 research airplane, was considered in this investigation and

is shown in figure 1. In this figure, altitude h, Mach number M, longi-

tudinal acceleration ax, and normal acceleration a Z are plotted against

time which is given in seconds. This part of the trajectory starts at

48 seconds prior to engine burnout at an altitude of 60,000 feet, a Mach

number of 2, on a zero lift or zero angle-of-attack flight path, and at

a climb angle of 45 °. During the powered phase of the exit, the thrust

acceleration increases from 2g to about 4g. While under this acceleration

and in the presence of out-of-trimmoments in pitch and yaw due to mis-

alinement of the thrust, the pilot's task is to fly with the wings level
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at zero angle of attack and sideslip. At burnout the acceleration
rapidly approaches zero and disturbances are encountered due to the
sudden termination of the misalinement moments. As the airplane reaches
the higher altitudes_ aerodynamic control becomesless effective and
reaction control is used to keep the airplane at the proper attitude.
If the pilot is able to perform his task properly during exit, the air-
plane will level out at about 250,000 feet. For reentry, the pilot pulls
up to a prescribed angle of attack at about 200,000 feet, holds this
angle of attack until the normal acceleration builds up to about 5g
because of the increasing dynamic pressure, and then decreases the angle
of attack in order to retain nearly constant acceleration until the rate
of descent approaches zero. The angle of attack is then further reduced
until level flight at i g is obtained.

The main objectives of the centrifuge program were to answer the
following questions:

Can the centrifuge under closed-loop control provide a useful
dynamic simulation of a high-performance aircraft under large
accelerations?

What are the effects on the pilot's ability to control the dynamic
simulator whenhe is subjected to longitudinal accelerations of the order
of 4g during exit and normal accelerations of the order of 5g during
reentry?

What is the effect of various angles of attack and associated accel-
erations on the pilot's ability to fly the reentry?

Howwell can the pilot perform his task during reentry when sub-
jected to large and rapidly oscillating acceleration patterns, such as
might be encountered with certain damperfailures?

The humancentrifuge is located at the Aviation Medical Acceleration
Laboratory at NADC. A photograph of this centrifuge is presented in
figure 2. 1 The centrifuge consists of an enclosed gondola mounted in a
two-gimbal system on the end of a 50-foot rotating arm. The gimbal sys-
tem consists of an outer gimbal which rotates about a horizontal axis
perpendicular to the centrifuge arm and an inner gimbal which rotates
about an axis in the plane of the outer gimbal and perpendicular to the
axis of the outer gimbal. The total acceleration of the centrifuge gon-
dola when the arm is set in motion is comprised of a radial component
proportional to the square of the angular velocity of the arm, a tangen-
tial componentproportional to the angular acceleration of the arm, and
the vertical acceleration of gravity. The controlled gimbals allow

1A motion-picture film (L-312) showing the operation of the facility
and someresults of this study has been prepared and is available on loan
from NACAHeadquarters, Washington, D. C.
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positioning of the centrifuge gondola with respect to these accelerations
so that the pilot is subjected to linear accelerations similar to those
he would experience in flight. It should be noted that, since the cen-
trifuge has only three degrees of freedom as comparedwith the six of
the airplane, the accurate simulation of the linear accelerations must
be done at the expense of angular motions which are not like those expe-
rienced in an airplane. However, it was found that under the large
linear accelerations that were utilized in this study, the pilots were
not significantly disoriented or distracted by these wrong angular motions
or accelerations. The design capabilities of this centrifuge are a maxi-
mumradial acceleration of 40g with a maxlmumrate of 10g per second. A
more detailed discussion of the centrifuge operation and capabilities
is given in references i and 2.

Figure 3 shows a diagram of the closed-loop simulator that was used
in this program. The simulator included an analog computer, a coordinate
converter, and the centrifuge in which the subject pilot was placed. The
closed-loop control was accomplished by feeding the three linear acceler-
ations of the pilot, as determined by the analog computer from the equa-
tions of motions of the airplane, to a coordinate converter. Here the
accelerations were converted to centrifuge commandsin the form of gimbal
angles and arm angular velocity and acceleration. The centrifuge then
subjected the pilot to the three desired accelerations as indicated by
the analog computer. While under these accelerations, the pilot observed
the instrument panel, on which were displayed necessary quantities from
the analog computer, and applied stick and rudder deflections which were
fed back as input signals to the analog computer. Thus, the loop was
completed, since the pilot's inputs actually controlled the motion of the
centrifuge. The two main parts, that is, the analog computer and the
centrifuge were located at a distance of approximately 3,500 feet apart
and were tied together operationally by telephone lines.

The analog setup included a six-degree-of-freedom representation of
the airplane motions, control equations (including auxiliary damperterms
and pilot inputs), and computation of the dynamic pressure as a function
of altitude and velocity. The aerodynamic characteristics were simulated
as a function of both Machnumberand angle of attack.

A simulated cockpit was mounted in the centrifuge gondola and
included a right-hand console stick, rudder pedals, a left-hand ballistic
or reaction control stick, and, for comparative purposes, a standard cen-
ter control stick. An instrument display panel, which is shownin fig-
ure 4, was provided for the pilot. The primary instruments used in this
program included an attitude ball indicating roll and pitch angles, and
indicators presenting angle of sideslip, angle of attack, normal accel-
eration, inertial altitude, inertial velocity, inertial rate of climb,
roll rate, and heading. Positioned below the panel were damper-malfunction
indicator lights and associated switches.
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The pilot was secured in the gondola by an integrated harness

arrangement. For head restraint the subject's helmet was fastened inside

a bucket-type headrest by a steel cable which was attached to the helmet

and fixed to the back of the headrest.

RESULTS AND DISCUSSION

The remaining part of this paper discusses some of the more perti-

nent findings of this study. Included in these results are some of the

pilots' comments and their evaluation of the dynamic simulator.

A typical run on the centrifuge was started by manually bringing

the centrifuge up to the initial condition of 2g thrust acceleration.

From this initial condition, the pilot would actually start his flight

and assume control by turning on the engine switch on the instrument

panel. This switch started the integrators of the analog. The angular

velocity of the centrifuge would then increase, and the pilot was sub-

jected to the increasing thrust acceleration. During this period of

prolonged acceleration, the pilots experienced a drainage of the sinus

and a feeling of fullness in the throat which resulted in frequent

coughing. Breathing during this time was difficult, usually rapid and

shallow. At burnout, oscillations started because of the sudden removal

of the thrust misalinement; these oscillations could be stopped by the

use of aerodynamic control if the pilot reacted promptly. If the pilot

reacted slowly, the oscillations persisted to higher altitudes and the

use of reaction control was found necessary. At burnout, the centrifuge,

unable to simulate less than i g, would come to rest. The pilot would

then fly the Og portion of the trajectory (about 2 minutes duration)

statically (with the centrifuge at rest) at ig. As the airplane reen-

tered the atmosphere_ the centrifuge would again rotate in response to

the buildup of normal acceleration. The reentry required rapid scanning

of a relatively large number of instruments and a high degree of concen-

tration. The high rate of scanning found necessary in this study indi-

cated that the relocation and possibly combining of certain instruments

for a more nearly optimum display should be considered. With all dampers

operating, three reentry conditions were considered. These were an angle

of attack of 15 ° with an acceleration of 5g until recovery, 20 ° with 4.5g,

and 25 ° with 4g. Little difference was noted in these reentry conditions

except that the 25 ° case required slightly more control than the 20 ° or

15 ° reentries. The difference between 4g and 5g normal acceleration had

no noticeable effect on the pilot's ability to reenter. Only moderate

"greyout" was experienced during the reentries. Safety stops were

included in the simulator which would automatically terminate the run

if the commanded acceleration exceeded 8g; however, the subjects rarely

received an acceleration over 6g.
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It is of interest to note here, before discussing someof the damper
failure results, a few comments concerning the comparison of the center

control stick with the right-hand stick. The majority of the flights

were made with the right-hand stick. However, for the few flights with

the center stick, the pilots felt that it was a good controller at low

accelerations. Above about 2g, however, two hands were used and the

center control stick was considerably more difficult to use than the

right-hand stick because of the acceleration effects on the hand and

arm positions.

An important part of the investigation was to determine the ability

of the pilot to control the airplane during reentry under certain damper

failures. Figure 5 shows the effect on reentry of one of the damper

failure conditions investigated. Shown are the lateral accelerations

during a 25 ° angle-of-attack reentry (starting 190 seconds after the

beginning of the flight) for the case of all dampers operating and the

case of a yaw-damper failure. It should be mentioned that in the pres-

ent investigation the damper system consisted of dampers about all three

axes and, in addition, a crossfeed of yaw rate to the roll control sur-

face. In the reentry shown in figure 5, the crossfeed and yaw damper

were both not operating. This condition would correspond to a failure

of the yaw-rate sensing gyro. With all dampers operating, the pilot was

able to maintain practically zero lateral acceleration during reentry.

However, with the damper failure a maximum lateral acceleration of about

±2g was encountered. Even though the pilot was able to fly the airplane

to recovery under this failure, he experienced some difficulty in reading

the instruments during the motion and considered the system used for body

and head restraint necessary in avoiding loss of orientation and minimizing

distractions from being jostled about.

Another type of damper failure that was simulated is shown in fig-

ure 6. Shown in this figure is the normal acceleration during reentry

with all dampers operating and with the pitch damper failed. At about

225 seconds, the pilot was unable to cope with the high oscillating

accelerations, and the run was automatically terminated when the safety

stop was reached at 8g. It is of interest to note the change in fre-

quency of the oscillation as the airplane reenters the atmosphere. It

should be mentioned that in the static or "fixed-base" simulation tests,

where the pilot was not subjected to normal accelerations, he was able

to reenter under this condition of pitch-damper failure about 60 percent

of the time. However, the pilots never did reenter successfully in the

dynamic tests on the centrifuge. The pilots believed that the oscil-

lating acceleration was such that it did not permit them to control as

precisely as required.

Although no specific results will be discussed for reentries with

roll-damper failure, reentries with this failure were found to be
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extremely difficult. For a small percentage of the cases, recoveries
were madewith very precise control of a low-angle-of-attack reentry.

CONCLUDING_S

The centrifuge simulator was found to be a useful dynamic simulation
of a high-performance aircraft under large accelerations. It is believed
that this simulator is a significant advance over fixed-base simula-
tors for evaluation of pilot restraint, controls, instrument display,
and pilot and airplane response.

For the trajectory considered in this study, and with all the dampers
operating, the pilots were generally able to carry out successfully their
flight task while under longitudinal acceleration of the order of 4g and
normal acceleration of the order of 5g, even though somephysiological
effects were noted. However, large oscillating acceleration patterns,
such as might be eneountered in the case of certain damper failures,
were found to makesomereentries marginal and someimpossible because
of the effect on the pilot's ability to see and read instruments and
satisfactorily control the airplane.
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HYDRODYNAMIC CHARACTERISTICS OF MISSILES

LAUNCHED UNDER WATER

By John R. Dawson

Langley Aeronautical Laboratory

SUMMARY

Some of the hydrodynamic problems associated with the launching of

an air missile fromunder water are examined briefly. From a limited

hydrodynamic investigation that has been made in this field, some experi-

mental results are presented to illustrate the problems that may be

expected.

INTRODUCTION

Much interest is currently being given to the possibility of

launching an air missile from a submerged submarine in such a manner

that the missile rockets can be fired after the missile emerges from

the water surface. In order to examine some of the problems encountered

in such launchings, the NACA has made some hydrodynamic experiments in

Langley tank no. 2 with a dynamic model of a typical missile.

SYMBOLS

d

t

e

ei SEC

depth of launching catapult

time after emergence

launch angle (cant of launching tube)

angle of deviation of missile from vertical

angle of maximum deviation I second after emergence
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APPARATUS AND PROCEDURE

Experiments have been made with a small-scale dynamic model repre-

sentative of a suitable missile configuration (fig. i). The weight,

moment of inertia, and center-of-gravity location of the model were

scaled from representative full-scale values.

The launching method used is illustrated in the sketch included in

figure 2. As is shown, the missile was launched by means of a submerged

catapult. This simple catapult used compressed air in a manner currently

being considered for full-scale launching, but it was not a model of any

particular full-scale catapult. The catapult was placed on a small car-

riage which was towed along underwater rails by means of an electric

winch when it was desired to simulate the forward motion of the submarine.

A few tests were made with the catapult tube inserted in a streamline

body as shown in figure 2, but it was determined that for the submarine

speeds under investigation, the effect produced by this body was small,

and most of the tests were made with the launching tube alone. The

deviation of the model from the vertical after emerging from the water,

designated the angle e, was determined from motion-picture frames. I

RESULTS AND DISCUSSION

The data in figure i are for a launching depth of i00 feet and an

emergence speed of 90 feet per second. The deviation angle 8 is

plotted against time after emergence from the water surface. It is, of

course, necessary that the angle e be within limits that will permit

control by the missile guidance system at the time when the rockets are

fired. Each test point shown represents the maximum deviation obtained

from a group of test runs made for each condition. In the calm-water

condition only random disturbances affect the model, which is statically

unstable, and the area shown represents a cross section of the cone of

dispersion of e values. It is advantageous to fire the rockets as

soon as possible after the missile emerges, because of the increase in
deviation with time. The value of 8 1 second after emergence (repre-

senting a reasonable delay for rocket firing) is used as a simple figure

of interest. The 12-foot wave introduced maximum angular deviations

(after 1 second) of about 20 ° more than the 8° obtained in calm water.

The water in a wave crest moves in the direction of the wave train while

i

1A short motion-picture film supplement (L-313) illustrating the

effects indicated in this paper is available on loan from NACA

Headquarters, Washington, D. C.
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that in the trough moves in the opposite direction. Accordingly, emer-

gences through the crest and through the trough gave deviation angles

in opposite directions but of about the same magnitude.

The effect of the forward speed of the submarine is shown in fig-

ure 3, where the maximum angle of deviation i second after emergence

(designated BI SEC) in calm water is plotted against the vessel's speed

of advance. These data were taken with the launching tube vertical.

The launching vessel was traveling on rails and its reactions from the

catapulting forces were therefore negligible. In all cases the devia-

tion angle was opposite to the direction of the vessel's forward motion.

At 3 knots the deviation was about 45 ° and even at i knot the deviation

was more than twice that obtained in the static condition. The advan-

tage of getting the submarine speed down to a low value is emphasized

by these data.

The curved path of the missile, when the submarine is under way,

can be made more nearly tangent to the vertical after emergence by

canting the launching tube forward at a launch angle _ as shown in

figure 4. The data in this figure are for a "hovering" speed of I knot.

Under the conditions shown, the deviation was least at a launch angle

of about 6 °, for which case the measured deviation i second after emer-

gence was 12 ° . Thus, about half the deviation introduced by the 1-knot

forward speed has been recovered by canting the launching tube at opti-

mum launch angle. Although the optimum angle is not critical, the prac-

tical use of this trend will depend on the accuracy with which the sub-

marine trim can be maintained. Somewhat similar results would be expected

if the submarine itself instead of the launching tube in the submarine

were inclined at the launch angle.

In figure 5 the effect of launching depth is shown. For these data

the launching vessel was fixed and the speed of emergence from the water

surface was maintained constant at 90 feet per second. A rapid increase

in the deviation angle occurred with increase of depth. At depths

greater than 200 feet the model would not consistently emerge from the

water.

The model tests reviewed here were made at scale speeds, for which

no cavitation occurred. At actual full-scale speeds of the order of

90 feet per second, appreciable cavitation has been observed on a mis-

sile of this shape. Force tests made in Langley tank no. 2 and in the

Langley high-speed hydrodynsunic facility have indicated relatively small

effect of this cavitation on static stability. Effects of cavitation

on dynamic stability have not yet been evaluated.

While the actual values of deviations indicated in this investiga-

tion might perhaps be reduced by refinements in catapulting techniques
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that reduce the initial disturbances, there still remain unavoidable
disturbances due to motions of the sea and of the launching vessel.
These brief experiments have indicated that such environmental disturb-
ances have substantial effects, and the limits in operating conditions
for satisfactory missile launching may therefore be imposedby hydro-
dynamic behavior. Where these operating limits are found to be too
restrictive, it would be logical to increase the stability of the mis-
sile with tail fins or other devices.

CONCLUDINGREMARKS

The effects of somepertinent operating parameters on the behavior
of an air missile when launched from a submergedsubmarine have been
examined experimentally. It was found that for the case of a typical
unstable missile, the motions of the sea and of the launching vessel,
as well as the depth of the launching catapult, had considerable effect
on the attitude that the missile would have at the time its rockets
are fired.
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MISSILE CONFIGURATION

Figure i L-58-I022
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THERMODYNAMIC AND TRANSPORT PROPERTIES AND CHEMICAL

REACTION RATES FOR HIGH-T_2_PERATUREAIR

By C. Frederick Hansen and Steve P. Heims

Ames Aeronautical Laboratory

INTRODUCTION

It is axiomatic that the science of aerodynamics must be based on

a good understanding of the atmospheric medium through which vehicles

are to fly. It is well known that vehicles traveling at high speed

excite the air tohigh temperatures, with the result that air properties

deviate considerably from those of a simple gas which obeys the ideal

gas law and which has a constant specific heat. For example, figure 1

shows the major chemical reactions which are produced in the stagnation

regions of vehicles traveling at high velocity through the atmosphere.

At about 3,000 feet per second the vibrational energy of air molecules

begins to become important. Oxygen dissociation begins at 6,000 to

8,000 feet per second, nitrogen dissociation occurs at velocities in

excess of 15,000 feet per second, and, finally, ionization of atoms

becomes of major importance near escape velocity. The dissociation and

ionization reactions are pressure dependent because each particle yields

two product particles, and such reactions are inhibited by high pressure.

Therefore, higher temperature and, consequently, higher velocity are

required to produce the reactions at sea level than at high altitudes

where much lower pressures occur. Vibrational energy is excited wher-

ever molecules exist at high temperature, and so the domain in which

vibrational excitation is important continues throughout the regions of

the dissociation reactions as well. It can be intuitively appreciated

that these reactions will affect many of the properties of air. Some

of these properties which will not be considered herein may have impor-

tant aerodynamic effects; for example, the electrical conductivity is a

fundamental parameter in magnetohydrodynamics. The present discussion,

however, is limited to the thermodynamic and transport properties and

to the reaction rates for the chemical processes which occur in air.

The thermodynamic properties include the energy, enthalpy, entropy,

specific heats, and the speed of sound for air; the transport properties

to be considered are the viscosity and thermal conductivity; and the

most important reaction rates are those for the chemical processes indi-

cated in figure 1. In the absence of magnetohydrodynamic effects, these

parameters are the fundamental ones that determine the characteristics

of air flow.
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THERMODYNAMICPROPERTIESOFAIR

The equilibrium thermodynamic properties of air can be calculated
to very high temperatures with considerable confidence, since the molec-
ular and atomic energy levels on which these calculations are based
are knownvery precisely from spectroscopic data (refs. i and 2).
Gilmore (ref. 3) and later Hilsenrath and Beckett (ref. 4) have prepared
accurate tables of thermodynamic functions for air. Before discussing
the features of these functions in detail, it will be helpful to review
briefly the expressions for energy of atoms and diatomic molecules.

Figure 2(a) shows a ball and spring model for the diatomic molecule
which is vibrating and rotating at the sametime that it is in transla-
tional motion. The energy of this molecule is a function of its veloc-
ity u, the rotational quantumnumber J, and the vibrational quantum
number n, as shownin the following equation:

mu2
e(u,J,n) - 2

h2
---+ j(J+ l)_y+ rmv

where

m mass of molecule

h Planck's constant

moment of inertia

characteristic frequency of molecular bond (the spring)

At high temperatures, the electrons may also be excited to quantum states

above the ground state, but this contribution to total energy is gen-

erally rather small and, therefore, is omitted herein for purposes of

simplification. If one averages this molecular energy over a large num-

ber of molecules in an isothermal sample of the gas, the average energy

per mole is given by the following equation:

3 RT + RT + RT e - i
E:_

%

The translational motion contributes _ RT, and the rotation contributes

an average energy which asymptotically approaches RT. The characteris-

tic temperature Tr at which rotational energy is half excited is of
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the order of 5° K, so that, for most practical purposes, air molecules
in the gas phase are always fully excited in rotation. On the other
hand, the molecular bond is so stiff that at normal temperatures the
molecules are essentially rigid rotators. However, as temperature
increases, the molecular collisions eventually becomeenergetic enough
to set the bond into vibration. The characteristic temperature Tv at
which vibrational energy is half excited is rather high, being of the
order of 3,000° K.

The specific heat at constant density is the derivative of the
average energy with respect to temperature. This specific heat for
diatomic molecules is showngraphically in figure 2(a). It approaches
5R/2 at very low temperatures and maintains a relatively constant value
throughout the range of temperatures encountered at subsonic and low
supersonic flight speeds. As vibrational energy becomesimportant at
higher temperatures, the specific heat approaches 7R/2.

At still hig_ler temperatures, the molecular impacts becomeso
intense that the bond is often stretched to the breaking point. Fig-
ure 2(b) illustrates a collision between two molecules which has just
resulted in the dissociation of one of the molecules into two atoms.
Again, if electronic energy is neglected, the energy of each atom is
its kinetic energy plus one-half the energy stored in the broken bond
eo/2 _ as shownin the following equation:

e(u)= eo
\2] 2 + 7

The average energy for an isothermal mole of atoms is

s=ffs¢+ n_
2 2

As before, the kinetic energy contributes _ RT. The constant eo is

independent of temperature or velocity and contributes to the average

energy the heat needed to dissociate i mol of the molecules D. The

ratio D/R is of the order of 50,000 ° K for oxygen and i00,000 ° K for

nitrogen, so that the dissociation energy term is much larger than the

average kinetic energy at the temperatures of interest in this study

(up to about 15,000 ° K). The specific heat dE/dT of the atoms, from

figure 2(b), is about _ R.
2
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Figure 3 showsthe energy and specific heats for molecule-atom mix-
tures in equilibrium. In the following equations:

Energy:

E = (i - x)Em + xEa

Specific heat:

d_ dEa 8x _T(l- x) +x--- (Ea)_T aT

Em and Ea are, respectively, the average energy per mol of molecules

and of atoms, which has Just been considered. The mol fraction of

atoms x is a function of the chemical equilibrium constant K and

pressure p, which can be calculated precisely (ref. 3), and the mol

fraction of molecules is I - x. In the equation for specific heat,

the first two terms on the right-hand side are the sum of the specific

heats for the components of the mixture, whereas the last two terms

give the contribution due to the change in mol fractions. The deriva-

tive _x/ST, which can be expressed as a function of x and the loga-

rithmic derivative of the equilibrium constant, possesses a rather sharp

maximum. The value of _x/_T is small, but the value of Ea is so

large, because of the dissociation energy, that, where the mol fraction

derivative is a maximum, the last term in the specific-heat equation is

overwhelmingly predominant.

The graph in figure 3 shows the specific heat for air as a function

of temperature at a pressure of 0.01 atmosphere and illustrates the

striking effect of the chemical reactions. Near 3,000 ° K the specific

heat has a pronounced maximum due to dissociation of oxygen, and again

near 5,000 ° K the nitrogen dissociation is responsible for another peak.

The last peak, near I0,000 ° K, is due to the reactions for single ioni-

zation of nitrogen and oxygen atoms. These two reactions occur together

in the same range of temperature and a similar set of relations is

obtained as for the dissociation reactions, except that the ionization

energy I is larger than the dissociation energy (I/R is of the order

of 150,000 ° K). The effect of pressure is that the maximums become larger

and more peaked and shift to lower temperatures as pressure decreases.

It is convenient to relate the chemical reactions in air to the

compressibility factor Z. This factor is the number of moles of gas

which arise from a mol of air originally at normal conditions or,

alternatively, it is the ratio of the molecular weight of normal air
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to the mean molecular weight of the equilibrium gas. It represents the

correction factor to the ideal gas equation of state. Figure 4 shows

the compressibility factor for air as a function of temperature for

pressures of 1.0, 0.01, and 0.0001 atmosphere.

The important reactions in air are also indicated in figure 4.

These are: (i) the dissociation of oxygen

0 2 _20

(2) the dissociation of nitrogen

N 2 _ 2N

and (3) the reactions for single ionization of nitrogen and oxygen atoms

N__eN++e -

O_O++e -

The ionization reactions occur at very nearly the same temperature and

with the same energy changes so that they may be classed together as a

single reaction, for purposes of approximation.

The foregoing reactions are the ones which largely determine the

equilibrium concentration of the major components of air, and these com-

ponents, in turn, establish the thermodynamic properties. At high pres-

sures, nitric oxide NO becomes a sizable minor component of air but the

thermodynamic properties of NO are about the average of those for N2

and 02, and, since the nitric oxide formation does not change the balance

between molecules and atoms_ it does not greatly influence the thermo-

dynamic functions of air.

The compressibility is not influenced by vibrational excitation

and, therefore, is equal to 1.0 until oxygen dissociation begins. Since

air contains about 20 percent oxygen, the compressibility approaches 1.2

when oxygen dissociation is complete. It increases further to a value

of 2.0 when nitrogen dissociation finishes the conversion of molecules

into atoms. Single ionization of the atoms doubles the number of gas

particles again, so that the compressibility approaches 4.0 when these

reactions are complete.

The effects of the chemical reactions are most intense where the

slope of the compressibility is a maximum. The most interesting feature
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of these functions is that the slope of Z is nearly zero at the transi-
tion from one major reaction to another (fig. 4). This showsthat one
reaction is essentially complete before the next reaction starts, and in
reference 5, for example, complete independencebetween the reactions is
assumedin order to derive analytic solutions for the properties of high-
temperature air. It is found that these analytic solutions are generally
within 2 percent of the precise answers obtained by iteration (ref. 4).
The most time-consuming portion of such calculations is finding the com-
pressibility factor (or its equivalent, the componentmol fractions).
If less accuracy is sufficient, of the order of i0 percent, the compres-
sibility function can be fitted empirically with hyperbolic tangents.
The approximate formulas for compressibility, energy, and the specific
heats through the range of the oxygen dissociation reaction (i < Z < 1.2)
are as follows:

Z(T,p) _ 2.5 + 0.i tanh - _ log _oo _

5oo
(i)

Z°v (2
R

Zcp Zcv mfazk_ _ -t- Z -I'-
R R (4)

(log signifies the logarithm to the base i0). In view of the order of

the approximation, an average vibrational frequency is assumed for both

oxygen and nitrogen, the particles are treated as though they are all

in the ground state of electronic excitation, and the difference between

the partial derivatives of compressibility at constant pressure and at

constant density is neglected. Note that the displacement of the com-

pressibility function varies as the logarithm of pressure and that the

thermodynamic properties are all given as functions of compressibility

and temperature. Similar formulas are available, accurate to the order

of i0 percent, through the nitrogen dissociation reaction and up to

i0 percent ionization (Z < 2.2) and over a range of pressure from

i00 to 10 -4 atmospheres. This is a sufficient range of variables for
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most practical aerodynamic problems (ref. 5).
approximate formulas is as follows:

The compressibility is given by

A complete set of these

Z _ 2.5 + 0.i tanh(_o0 1 + 0.4 tanhIl_O 0

where the reduced temperature is

T* = T - g log pPo

- + tanh _0 5
(5)

(6)

and the reference pressure Po is i atmosphere. The dimensionless

energy is

For case I, oxygen dissociation only (i.0 < Z < 1.2):

IeZE (2 - Z) + 3000 3000
R-T-- -9- xp T + (z-1)(3+ 59}oq) (7a)

For case II, nitrogen dissociation only (1.2 < Z < 2.0):

I_ 3ooo _ 3ooozs (2 - z) + T _

(To)

For case III, ionization reactions only; up to about i0 percent ioniza-

tion (2.0 < Z < 2.2):

___,_z_(_+_o_o}__,__)(__ooo)
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The enthalpy H is easily found from the relation

ZH ZE

RT RT
+Z (8)

For cases I and II, the entropy S is approximately given by

zI -, ,,_lo,e[,_
(e ooo3000 xp - - log e +

T T 7

2(Z - i) (log e T + i) + 2.3 - log e 2(Z - 1
Z

(9a)

and for case III,

7,--_-(log e + i) + - - log e Z
m +

14.2) - (4 - Z)log e 4 Z- Z
(gb)

The electronic excitation has been accounted for in the entropy functions

by adding constant values equal to the average of the logarithm of the

electronic partition function over the temperature range of interest.

For the specific heat, the derivative of compressibility with tem-

perature is required. It is given by

(io)
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If the correction for taking the partial derivative at constant
pressure is disregarded, the specific heat at constant density becomes

For case I:

For case II:

(_ O00_3Z+ 3(z - i) + + 59, )5_
(11a)

R i:n_h

For case III:

-- + -- + 167,00R 2

The specific heat at constant pressure is

(11c)

ZcP _ ZCv + Z + T 3Z
R R _ (12)

and to the order of these approximations the speed of sound is given by

(13)

The dimensionless energy is shown in figure 5 as a function of tem-

perature for pressures of 0.0001, 0.01, and 1.0 atmosphere. The results

given by the approximate formulas compare favorably with more precise

calculations (refs. 4 and 5). The greatest errors occur in the region

of the ionization reactions, where a simple empirical form for the com-

pressibility function does not seem entirely adequate.
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As expected, the accuracy of the approximate formulas for the
specific heats is not as good as for energy, since derivatives of com-
pressibility are involved. Still, the ratio of the specific heats is
not greatly different from more precise calculations of the speed-of-
sound parameter a2o/p, as shownin figure 6. This parameter is useful_
for example, in computing solutions for air flow by the method of char-
acteristics. The largest deviations occur at the transitions between
one reaction and the next, where the speed-of-sound parameter is a
maximum.

TRANSPORTPROPERTIESOFAIR

The transport properties of gases can all be related to the effec-
tive size of gas particles during collisions (refs. 6 and 7). The
smaller the size, the larger is the meanfree path between collisions_
then the transpor_ occurs between regions of the gas having greater
differences in momentumand energy. Consequently, the coefficients of
viscosity and thermal conductivity vary inversely with the size of the
gas particles. Figure 7 shows qualitatively the form of the potential
functions between the particles from which the collision diameters are
determined. Consider first the potential between inert molecules. At
long range, the potential has a very shallow minimumwhich at normal or
higher temperature is very small comparedwith the kinetic energy of
the colliding molecules. This is the portion of the potential associ-
ated with the weakVan der Waals forces of attraction. At shorter range,
the potential rapidly approaches very large positive values and the
interparticle forces are strongly repulsive. The path of one molecule
with respect to another during collision is shownfor two typical cases
by the black balls which roll into the potential well, penetrate the
positive column_ and are deflected back into potential-free space. The
depth of the penetration increases with increasing kinetic energy of the
relative motion between molecules.

The effective collision diameter q is roughly the diameter of the

molecular volume which is not penetrated by the collisions and, on the

average, it is approximately the diameter where the molecular potential

equals +kT. The collision cross section is by definition _q2. From

the shape of the potential, it can be seen that the collision diameter

depends on the energy of the collisions and is, therefore, a function

of temperature. At high temperatures, however_ the extremely steep por-

tion of the potential is penetrated and the collision cross section is

relatively constant, independent of temperature. Then the molecules

behave essentially as hard elastic spheres, for which the coefficient

of viscosity varies as the one-half power of the temperature. The

Sutherland correction to the coefficient of viscosity accounts reasonably
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well for the effective increase in collision diameter at low temperatures.

Where more precise estimates are required, the methods developed by

Hirschfelder and others (ref. 6) are very useful for calculating the

transport properties of inert gases.

The transport properties of air at high temperatures are in doubt

mainly because of uncertainty about the cross sections for atom-atom

and atom-molecule collisions. Two atoms, for example, may approach one

another along any one of a number of different potentials depending upon

how the electron spin vectors add up. This multiplicity of potentials

is indicated by the dashed lines on the atom-atom potential diagram of

figure 7. The only one of these potentials which is known quantitatively

at present is the lowest lying potential associated with the lowest total

electron spin. This is the potential responsible for the vibrational

energy levels observed in the stable diatomic molecule. The distinctive

feature of this potential is its negative well which is very deep com-

pared with the kinetic energy of collisions at the temperatures of

interest herein. In fact, the depth of this well is Just the dissocia-

tion energy of the diatomic molecules. As pointed out previously this

energy corresponds to temperatures of about 50,000 ° K for oxygen and of

about i00,000 ° K for nitrogen. Consider the collisions illustrated by

the paths of the three black balls rolling into this potential well

(fig. 7)- The atom, which has a kinetic energy much larger than the

absolute value of the potential field through which it traverses, will

not be greatly deflected. Now it is the absolute value of the deflec-

tion produced by a collision which influences the flux of mass, momentum,

or energy through the gas; hence, for practical purposes this collision,

which produced only a small deflection, may be considered a miss. On the

other hand, an atom which penetrates the volume where the potential

change is about equal to its kinetic energy will suffer a considerable

deflection_ and such a collision will count. It is not essential that

the repulsive, positive portion of the potential be penetrated, as in

the third collision shown on the right in figure 7. In the subsequent

estimates of the transport properties, it will be assumed that the effec-

tive diameter for atom-atom collisions is where the lowest lying poten-

tial equals -kT and that the diameter for atom-molecule collisions is

the arithmetic average of the atom-atom and the molecule-molecule diam-

eters. This latter assumption corresponds to the concept that the col-

lision diameter is a measure of the effective range of the electron dis-

tribution about the nucleus and that a collision occurs whenever these

electron distributions overlap. In the case of collisions between ions

or between electrons, the well-known coulomb potential ee2/r may be

used in a similar way. For collisions between a neutral and a charged

particle, the potential for the interaction between the charge and the

induced dipole is used.
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The coefficient of viscosity, which is based on the preceding
assumption (ref. _), is shownin figure 8 as a function of tempera-
ture for three pressures: 1.O, O.01, and O.O001atmosphere. The ordi-
nate is the ratio of the viscosity coefficient to the value given by a
Sutherland type formula

_o = 1.46 x 10-5T1/2 + (14)

(in _ts of g/cm-sec). The ratio is uni_ until dissociation of _le-

c_es beco_s appreciable; then the mean free path between _lec_ar

collisions becomes larger because the collision di_eters for the atoms

are smaller than for the molecules, the _nt_ exchange ta_s place

between more wide_ separated planes in the gas, and the viscosity

increases. On the other hand, the co_Ision dieters beco_ ve_ lar_

in an ionized gas, and then the reverse effect causes the viscosity to

drop to ve_ low _lues. Again, because of the re_i_ of the f_c-

tions, it is possible to establish an empirical formula which approxi-

_tes the te_erature and press_e effect on vlscosi_. Such a formula

is

- + 0.025 T i log X

_o _ + t_ 1

1.5 + _ log Po

e_ -I _ .... (19)

•9 + 0.i log Po

(log signifies the logarithm to the base i0). The comparison between

equation (15) and the viscosity function is shown in figure 8.

The coefficient of thermal conductivity is shown as a function of

temperature for pressures of 1.O and O.O1 atmosphere in figure 9. Again,
the coefficient is referenced to a coefficient of the Sutherland form:

(16)

(in units of cal/cm-sec-°K). The calculation of these coefficients is

based on the method outlined by Hirschfelder (ref. 8) and developed fur-

ther by Butler and Brokaw (ref. 9). In this method, the energy transfer
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through the gas is treated in two independent parts. Onepart is the
energy transferred by collisions as in ordinary thermal conductivity of
nonreacting gases. The other part is the energy transferred by d_ffusion
of the gas particles and the reactions which occur to reestablish chemi-
cal equilibrium. This latter part predominates wherever the compressi-
bility derivative with respect to temperature becomesa maximum. The
effect is very much like the effect on the specific heats. In fact_ the
thermal conductivity ratio k/k o is nearly proportional to the specific
heat Just as for inert gases, so that a reasonably good approximation is

k Cp
k-__ 3.5R (iVa)

The comparison between the thermal conductivity and the approximate
specific heat given by equation (12) is indicated in figure 9.

The relation given by equation (17a) is good only for the dissocia-
tion reactions. Whereionization occurs, the thermal conductivity is
greatly increased because of the high thermal velocity of the lightweight
electrons. Then the thermal conductivity is approximately given up to
about i0 percent ionization by

ko _ _ + _ log Po/3.5R

It is desirable to check the foregoing theoretical calculations and
approximations with experiment. Oneof the more striking effects pre-
dicted by the theory is the pronounced effect on thermal conductivity of
gases in which chemical reactions occur. This effect has been observed
experimentally in dissociating N204by Coffin and 0'Neal at the Lewis
Flight Propulsion Laboratory (ref. i0). As figure i0 shows, their
experiments are in very good agreement with the theoretical prediction
for the equilibrium gas. The results strongly suggest that the basic
relations established by Hirschfelder (ref. 8) are essentially correct.
Unfortunately, the thermal dissociation of air cannot be studied at such
tractable temperatures as in the case of N204. However_high-temperature
air can be produced in the shock tube for short intervals, and figure ii
shows the correlation between measuredand theoretical thermal conduc-
tivity in air, which has been obtained at the AmesAeronautical Laboratory.
In these experiments, strong shock waves are reflected from the closed
end of a shock tube, and a temperature is measuredat the interface
between th_ hot stationary air and a quartz glass plug. The temperature
is deduced by measuring the change in resistance of a thin film of nickel
evaporated onto the glass. If it is assumedthat the air is in equilib-
rium and has a constant thermal diffusivity k/cpO, the interface
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temperature rises instantaneously to a constant value which is related

to the diffusivity of air and of the glass plug (ref. ll). As will be

pointed out later, the dissociation of air may be rapid enough to jus-

tify the assumption of instantaneous equilibrium. Thermal diffusivity

will not be constant in the air, of course, but at least the strong

variations in heat capacity and thermal conductivity will cancel each

other. In any event, when the experimental data are correlated in this

manner, they compare reasonably well with the theoretical predictions.

No consistent data exist yet in the really interesting region where a

maximum in the coefficient is predicted because of oxygen dissociation.

Ordinarily, the equilibrium thermodynamic and transport properties

that have Just been discussed would be sufficient to determine the char-

acter of gas flow uniquely. However, the chemical reactions in air pro-

ceed with a finite rate. When the time required for approach to equi-

librium compares with the time needed for a sample of air to pass through

a disturbed region of the flow field, the chemical reaction rates become

another set of independent parameters on which the flow depends. These

parameters are discussed in the following section.

CHEMICAL REACTION RATES

Before discussing the finite reaction rates, simple flows are com-

pared for the two limiting cases: (i) The reaction is frozen and (2)

the reaction is in equilibrium.

The effect of chemical reactions in equilibrium on the flow behind

a normal shock wave is well-known (ref. 12) and detailed calculations

are available for air (refs. 13, 14, and 15). Figure 12 shows typical

effects on the density, pressure, and temperature. If the reactions

were infinitely slow, air would behave as an ideal gas, and this condi-

tion is designated as frozen flow. However, the reaction rates are

finite and, as the flow approaches equilibrium, the temperature is

greatly reduced because thermal energy is soaked up in exciting vibra-

tions and in breaking chemical bonds. The pressure is not greatly

influenced by the reactions, and the drop in temperature is compensated

by a large increase in density.

Reference 16 gives an analysis for flow that maintains chemical

equilibrium while expanding around a corner, and a numerical example

is given in figure 13 for air which is initially at 6,140 ° K and

1.2 atmospheres. The effect of the reaction in this case is to increase

the temperature over the nonreacting value because the recombining gas

now gives up the energy that is contained in dissociation and vibration.

Thus the gas cools _ch more slowly during the expansion than a non-

reacting gas. From figure 13 it is seen that, during the Prandtl-Meyer
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expansion, it is the density which is relatively little affected by the
reactions and that it is the pressure which adjusts with the temperature
change this time. This is in marked contrast to the effects of reactions
on the shock compression.

Nowthe reaction rates depend on the numberof molecular collisions
per unit time, and these collisions are more frequent the higher the
density and the higher the temperature. At the high densities which
occur in low altitude flight, the rates are very rapid and air flows
are essentially in complete equilibrium. On the other hand, at very
high altitudes where densities are very low3 the reaction rates are so
slow that flow maybe essentially frozen. At intermediate altitudes,
it is necessary to consider the reaction rate_ from which can be derived
the characteristic time in which the gas decays to chemical equilibrium.
In a flowing gas, the quantity of interest is a characteristic length
obtained by multiplying the time by the flow speed. This characteristic
length is used for example in calculations of one-dimensional flows in
references 17 and 18.

Figure 14 shows the lengths required to reach vibrational equilib-
rium in the flow downstreamof a normal shock wave at various altitudes
and velocities. Relaxation effects are important where this length com-
pares in magnitude with a length such as the shock-detachment distance.
At low velocities, where low temperatures occur_ the reactions have a
trivial effect, as indicated by the shadedportion of the figure. It
is seen that, for a wide range of speeds and altitudes, the vibrations
maybe regarded as being in equilibrium. At altitudes below 150,000 feet_
the finite length generally needs to be considered only for vehicles
moving slower than i0,000 feet per second. At 240,000 feet, the vibra-
tional relaxation will be important at the stagnation region for vehicles
traveling less than 25,000 feet per second. The calculations for these
curves are based on Blackman's experimental values for vibrational
relaxation (ref. 19). These agree fairly well with the theory of
Schwartz and Herzfeld (ref. 20) and the calculations are probably cor-
rect within a factor of 5, at least. In contrast, the existing knowledge
of dissociation rates is extremely uncertain. The theoretical calcula-
tions require somesevere mathematical approximations (ref. 21), and
experiments have been madeonly recently which fix the reaction rates
within several orders of magnitude (refs. 22 and 23). Despite the value
of these recent data, the state of knowledge is still far from satis-
factory, as is illustrated in figure 15. This figure shows the three-
body recombination rate as a function of temperature for the recombina-
tion of oxygen and nitrogen atoms and for the recombination of atoms in
air. The third body M in the collision serves to carry away the excess
energy released by the recombination so that the newly formed molecule
can be stable. In view of the uncertainty in the experimental data, the

theory developed by Wigner (ref. 21) has been used to calculate the char-

acteristic reaction lengths in dissociating flow. In applying this
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theory it has been assumedthat the third body in the recombination
reaction is a hard elastic sphere and that the potential between atoms
is the sameone used earlier to evaluate the transport properties. The
sameexpression is used for the recombination rate of both the oxygen
and nitrogen atoms.

Figure 16 shows the results for the flow lengths required to reach
oxygen dissoc_atlon equilibrium downstreamof a normal shock. The same
functional relations occur as for vibrations; that is, relaxation becomes
increasingly important at higher altitudes and lower velocities. For
nitrogen dissociation, all curves in figure 16 would be shifted to the
left so that the curve for a velocity of 10,O00 feet per second for
nitrogen roughly coincides with the curve for a velocity of 15,000 feet
per second for oxygen; it would fall in the "reaction negligible" region.
(See fig. 1.) Similarly, the curve of 15,000 feet per second for nitro-
gen shifts roughly to the curve of 20,000 feet per second for oxygen.

Above an altitude of 250,000 feet, the typical vehicle enters slip
flow and, as the altitude increases further, the shock wave eventually
disappears. Under these conditions, molecular impact on surfaces is a
more important phenomenonthan those associated with the continuum air-
flow properties. Thus, in any case, the relaxation effects need to be
considered only over a finite range of velocity and altitude.

CONCLUDINGREMAHKB

It has been found that a fairly satisfactory state of scientific
knowledge exists with respect to the equilibrium thermodynamic properties
of air, that the knowledge of the transport properties leaves something
to be desired, and that the state of theory and experiment on chemical
reaction rates is quite inadequate. For example, equilibrium thermo-
dynamic properties can be calculated very precisely by iteration methods,
to the order of 1/2 percent or better; closed-form analytic solutions for
these properties are accurate to the order of 2 to 5 percent; and approxi-
mate semiempirical formulas are available for rough engineering estimates
which are good to the order of lO to 20 percent. For transport properties,
good theoretical methods for calculating collision cross sections are not
yet available; the approximations used have an uncertainty of the order
of 50 percent, but the order of magnitude and the functional relationships
which have been estimated for these properties are probably correct.
Vibrational relaxation rates are approximately known, but the dissocia-
tion rates are still uncertain by several orders of magnitude. However,
mucheffort is being focused on these problems_ and it is reasonable to
anticipate that adequate solutions for aerodynamic purposes will soon be
forthcoming.
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STAGNATION REGION CHEMISTRY
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THERMAL CONDUCTIVITY OF DISSOCIATING N204
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TRANSITION ON SOME COOLED BLUNT AND SLENDER BODIES

By Richard J. Wisniewski

Lewis Flight Propulsion Laboratory

INTRODUCTION

The most important requirement in the design of a successful reentry

vehicle is an accurate prediction of the heating rates. Since the tur-

bulent heating rates are an order of magnitude greater than the laminar

rates, optimum design cannot be accomplished without a knowledge of when_

where, and whether transition from laminar to turbulent flow will occur.

The present generation of reentry shapes will be a family of high-

drag (blunt) shapes having low values of W/CDA (where W is weight,

CD is drag coefficient, and A is cross-sectional area of the body).

This is a most logical choice from a consideration of aerodynamic heating;

since, for a given flow condition, laminar or turbulent, the high-drag

shape absorbs less heat than the low-drag shape. Numerous experimental

programs have been initiated to determine where transition will occur

on the various shapes. At present, analysis of the transition results

of these programs has not been too successful.

Although from a heating point of view, the high-drag shape offers

more advantages as a reentry shape than the low-drag shape, it may be

desirable to attain higher impact velocities and hence less error from

wind drift. Therefore, low-drag bodies may be of interest as reentry

shapes. In the present paper the prospects for laminar flow with large

amounts of cooling for some high-drag (blunt) and low-drag (slender)

bodies will be discussed.

A

CD

D

h

SYMBCLS

cross-sectional (frontal) area of body, sq ft

body drag coefficient

body diameter, in.

enthalpy
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T

k

M

Re k

Res.

ReTR

Re 8

d

s

U

W

5*

8

temperature, OR

roughness height, ft

Mach number

roughness Reynolds number, PkUkk

displacement-thickness Reynolds number,

transition Reynolds number,
PeUe s

_e

momentum-thickness Reynolds number,

nose diameter, in.

surface distance, ft

velocity, ft/sec

PeUe e

P'e

PeUe 5.

_e

weight, Ib

boundary-layer displacement thickness, ft

momentum thickness, ft

v kinematic viscosity,

p density, slugs/cu ft

Subscripts:

e

k

w

O

viscosity, slugs/ft-sec

_/p, ft2/sec

local free-stream conditions at edge of boundary layer

at top of roughness

couditions at wall

stagnation conditions behind shock
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OO

TR

free-stream conditions ahead of shock

conditions at transition

HIGH-DRAG SHAPES

The typical high-drag body that has been chosen for discussion

is the hemisphere. Although the hemisphere is generally not considered

to represent a realistic reentry shape, it does afford a basic geometric

shape on which to study transition. Experimental data on cooled hemi-

spheres are plentiful and any correlation of transition data should

provide some sort of basis for correlating transition results on other

high-drag shapes.

Summary of Hemisphere Transition Data

In figure i the available transition data for cooled hemispheres

from free-flight and wind-tunnel tests are presented as the ratio of

wall enthalpy to local stream enthalpy hw/h e plotted against the local

transition Reynolds number based on momentum thickness ReS,TR. When

these data are analyzed in terms of hw/h e and Ree,TR , no correlation

is indicated and, furthermore, no apparent effect of cooling is noted.

The cause of transition on cooled hemispheres is not known, and

therefore several correlations have been attempted to determine what

parameters strongly influence transition on cooled hemispheres. The

most widely attempted correlations have relied on roughness as the cor-

relating parameter.

Roughness as a Correlation Parameter

Two of the most logical roughness correlation parameters are pre-

sented in figure 2. In figure 2(a), the ratio of roughness height to

momentum thickness k/8 is plotted against the transition Reynolds

number based on momentum thickness ReS,TR for several sets of cooled-

hemisphere data. Examination of the NACA Langley data reveals that the

highest values of k/e yield the smallest values of Ree,TR, whereas

the smaller values of k/e yield the largest values of ReS,TR.

Examination of the l_ckheed X-17 data, however, shows no evident trend

with the value of k/e. Therefore, although some type of roughness

effect is suggested, it appears that k/8 is an inadequate parameter

for correlation.
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In figure 2(b), the meanvalue of the critical roughness Reynolds
number for the NACALangley and the LockheedX-17 hemisphere flights and
for various three-dimensional distributed-roughness tests is presented.
The data for the hemispheres are from tests with very large amounts of
cooling. The three-dlmensional distributed-roughness tests, discussed
in greater detail in a subsequent paper by Albert L. Braslow and
Elmer A. Horton, are on bodies with little or no cooling. The roughness
Reynolds number is defined in terms of the roughness height and local
conditions evaluated at the roughness height. The critical roughness
Reynolds number is that value of the roughness Reynolds numberfor which
transition first moves from its natural position. In figure 2(b), the
meanvalue of the critical roughness Reynolds numberfor a subsonic wing,
a subsonic hemisphere, and a supersonic cone, is approximately 600. The
roughness Reynolds number obtained in flights of cooled hemispheres,
evaluated by using the roughness height measuredbefore flight, yields
values between 0.05 and 20. Therefore, assuming no large order change
in the measured roughness during flight, it must be concluded that the
roughness is not large enough to effect transition in the samemanner
as that found for the three-dimensional distributed-roughness tests of
Braslow and Horton.

Correlation of Hemisphere Data

Since doubtful, or little, success has been achieved with correla-
tion parameters based on roughness, it is reasonable to examine correla-
tion parameters that are independent of roughness. An empirical
correlation parameter of this type is presented in figure 3. In fig-
ure 3(a), data from smooth hemispheres (1/2 to 6 microin.) are presented
on a log-log scale as the ratio of wall enthalpy to total enthalpy
hw/ho plotted against the ratio of the local displacement-thickness
Reynolds numberto the local Machnumber Res_/M_Ie" Examination of
figure 3(a) shows that the transition data are well correlated and that
the region between laminar and turbulent flow is well defined. It is
also interesting to note in figure 3(a) that, at a constant value of
the correlation parameter3 cooling will cause the boundary layer to go
from laminar flow to turbulent flow.

Presented in figure 3(b) are all the data I of figure 1 classified
in terms of surface roughness and shownplotted as hw/ho against
Re6_Me. Again, three regions are clearly defined: laminar, transi-
tional, and turbulent. Now, however, the transition region is seen to

1The log-log scale restricts the inclusion of additional points
that fall on the correlation curve but have negative values of the cor-
relation parameter.
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be influenced by the amount of roughness present on the hemisphere.
Nevertheless, the data appear to be well correlated.

The method of applying the suggested correlation is presented in
figure 4. In addition to the various correlation curves for the various
degrees of surface roughness, the variation of the correlation parameter
between an angular position of 20° and 80° is also included under three
different conditions in a trajectory having a constant value of hw/ho.
The correlation indicates that, at a given enthalpy ratio, three regions
can be distinguished. Whenthe variation of the correlation parameter
along the body is such that it falls in region one, the flow on a body
will be laminar even if the surface is quite rough. A second region
exists where the flow is transitional. In this region the transition
position depends a great deal on the roughness; that is, for a rough
body, transition will occur far forward whereas, for a smoothbody,
transition will occur well back on a body. In a third region, the flow
will be turbulent over most of the body even if the body is smooth within
practical limits.

This correlation does not represent an answer to the entire problem
of transition on cooled blunt bodies. The correlation parameter is of
an empirical nature, and no physical model exists to base it on.

Correlation as Applied to Typical Reentry Conditions

In figure 5, the smooth-hemlsphere correlation curve has been
plotted on a regular scale, and the variation of the correlation param-
eter between angular positions of 20° and 80° is included for a hemi-
spherical intercontinental ballistic missile (ICBM). The trajectory is
for a 6-foot-dlameter hemisphere having a value of W/CDA of 130 pounds
per square foot. Extrapolating the correlation to the lower enthalpy
levels and extending the correlation to include large-diameter bodies,
as has been done in figure 5, clearly show that transition will occur
on or near the 20° position during the entire time of reentry. The
results presented in this figure indicate a serious question as to the
possibility of obtaining extensive laminar flow on a hemisphere under
full-scale reentry conditions.

Extension of Correlation Parameter to Other Shapes

Since the actual ICBMreentry nose cones will not be hemispherical,
it is desirable to showthat the correlation of transition data from
other shapes can be attained with the parameter Re6,/M e. A plot of the

correlation parameter for both the hemisphere and a large blunt cone is
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shown in figure 6. This figure shows that the correlation works equally

well for the large blunt cone and that two distinct correlation curves

are obtained. In fact, at a given enthalpy ratio, the blunt cone shape

yields a larger value of Res,/M e than the hemisphere. This fact should

not be interpreted to mean that, insofar as transition is concerned, one

shape is superior to the other. Such a conclusion could be made only

after studying both configurations under identical trajectories.

At this time it should be pointed out that the hemisphere is by no

means the most suitable high-drag body for laminar flow. For example,

under the same free-stream conditions, the flat-face body has demonstrated

both lower heating rates and more extensive laminar flow than the hemi-

spherical body. Although in this paper no attempt has been made to find

the most suitable high-drag body for laminar flow, the parameter which

correlates transition on at least two high-drag shapes have been presented.

LOW-DRAG SHAPES

A typical low-drag shape is the slightly blunted cone. Since it

has been demonstrated that transition data on sharp- and blunt-tip cones

are in good agreement when local stream conditions are used, consider-

able data from sharp-tip cones will be considered applicable to blunt

cones.

Cooling Delays Transition on Cones

The ratio of wall temperature to local stream tenperature Tw/T e

plotted against the local transition Reynolds number ReTR for the

transition data of both sharp- and blunt-tip cones is presented in fig-

ure 7. Examination of these data indicates that, with cooling, transi-

tion Reynolds numbers as great as 32 x lO 6 have been obtained in flight

with sharp-tip cones.

At the present time, it appears that long laminar runs on slender

reentry bodies are certainly feasible. However, two recent adverse

trends have been found which raise questions regarding the possibility

of extensive laminar flow on slender reentry shapes: transition rever-

sal and early transition as found with excessive blunting.
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Transition Reversal

Experimental transition data obtained in a wind tunnel on a slightly

blunted 9° 30' total-angle cone-cylinder indicate that, under certain

conditions, cooling can have an adverse effect on the transition Reynolds

number. This phenomenon, termed "transition reversal," is presented i_

figure 8. The data of this figure reveal the usual increase in the tran-

sition Reynolds number with moderate cooling. However, with increased

cooling the trend is reversed, and transition occurs far forward on the

cooled body. This transition-reversal phenomenon has been substantiated

in free flight and in wind-tunnel tests in references 1 to 5. At present,

no explanations have been completely successful in explaining all the
various transition-reversal data. The data of reference i indicate an

effect of roughness on transition reversal. However_ analysis of all the

available reversal data in terms of any roughness parameter suggested

to date has not proved to be too successful. Therefore, although rough-

ness certainly affects reversal, roughness as the cause of reversal has

not been definitely established as yet. Furthermore, a combination of

conditions with cooling are required to obtain transition reversal. At

present, it has been established that, on reasonably smooth surfaces

(less than i_ microin.), transition reversal has been obtained under a

proper combination of local Mach number, unit Reynolds number, and low-

temperature ratios.

Transition as Affected by Blunting

Since all low-drag reentry bodies will require some amount of

blunting, a flight program was initiated at the Lewis Flight Propulsion

Laboratory to determine the effect of various amounts of blunting on

transition. Preliminary results of this program are presented in fig-

ure 9- In this figure, the local transition Reynolds number ReTR has

been plotted against the ratio of nose diameter to cone base diameter

d/D for constant-base-diameter cones under the same ambient conditions.

These data show that, beyond a value of d/D of 0.5, transition was

observed at transition Reynolds numbers less than I x 106. Similar

results at higher Mach number, which show the same trend, have also

been obtained but are not presented here. It should be noted that,

because full-scale slender reentry bodieswill traverse approximately

the flight conditions covered herein, the absolute tip size rather

than the tip size in percent of cone base diameter is the important

dimension. For these flight conditions the apparent limiting diameter

was between 2 and 3 inches. Additional data are needed before any firm

conclusions can be presented concerning this phenomenon. However, it

does appear that there exists some degree of blunting beyond which low

transition Reynolds number will be obtained on slender bodies even with
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large amounts of cooling. Local conditions on the tip are in the lami-

nar region of the blunt-body correlation when this downstream transition

occurs.

CONCLUDING REMARKS

In conclusionj it has been shown that a reasonable correlation of

transition data for a hemisphere and a large blunt cone has been

attained. Whether the parameter will be useful for other high-drag

shapes remains to be seen. Furthermore, although the correlation does

indicate that under certain conditions with cooling, transition will

occur on the smoothest practical surfaces, an effect of roughness on

transition is noted for the high-drag body.

On the low-drag body, examinationof transition data reveals that

long laminar runs are feasible, providing a determination can be made

of the part transition reversal and blunting play in the transition

picture.
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TRANSITION ON COOLED HEMISPHERES
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ROUGHNESS AS A CORRELATION PARAMETER
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CORRELATION OF HEMISPHERE DATA
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METHOD OF APPLICATION
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TRANSITION REVERSAL ON A CONE-CYLINDER
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AERODYNAMICHEATINGOFBLUNTNOSESHAPES

AT MACHNUMBERSUPTO 14

By William E. Stoney, Jr.

Langley Aeronautical Laboratory

SUMMARY

Results are presented from recent investigations of the aerodynamic
heating rates of blunt nose shapes at Machnumbersup to 14. Data
obtained in flight and wind-tunnel tests have shownthat the flat-faced
cylinder has about 50 percent the stagnatlon-point heating rates of the
hemisphere over nearly the entire Machnumberrange. Tests madeat a
Machnumberof 2 on a series of bodies madeup of hemispherical segments
of varying radius of curvature showedthat slight amounts of curvature
can decrease the local rates at the edge of the flat-faced cylinders
with only a slight increase in the stagnation rate. The total heat
transfer to such slightly curved bodies is also somewhatsmaller than
the total heat transfer to flat-faced cylinders.

Comparison of several tests with theoretical heating-rate distri-
butions showedthat both laminar and turbulent local rates can be pre-
dicted by available theories (given the pressure distribution about the
body) reasonably well, although the scatter of the available data still
leaves open the choice between the theories at the edge of the bodies,
where they usually differ.

Tests on a flat-faced cylinder at a Machnumberof 2.49 and at
angles of attack up to 15° showedthe movementof the apparent stagna-
tion point from the center o_ the body to the 50 percent windward sta-
tion at 15° angle of attack. The heat transfer near the windward edge
increased about 30 percent while that near the leeward edge decreased
about 20 percent at 15° angle of attack.

Preliminary results on a concave nose have indicated the possibil-
ity that this type of design maybe developed to give heating rates
significantly lower than even the flat-faced cylinder rates. The test
results have also shown, however, the existence of an unsteady flow
phenomenonwhich can increase the heating rates to extremely high values.
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IIFFRODUCTION

The importance of bl_nt noses as a means of reducing the heat trans-

fer to high velocity missiles has recently received much publicity. The

question of just what blunt shape is best is still moot, and it is the

purpose of this paper to present and examine some recent experimental

results which may throw some light on this problem.

SYMBOLS

h

M

P

Q

R

r

s_x

STOTAL

T

ll

(L

Subscripts :

d

F

HEMIS

LAM

heat-transfer coefficient

Mach n_nber

pressure

total heat input

Reynolds number

radius

distance along surface measured from center line

total distance along surface measured from center line to

edge of body

temperature

velocity

angle of attack

based on diameter

flat face

hemisphere

laminar flow

local
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TH theoretical

TURB turbulent flow

t stagnation

w wall

free stream

Superscript:

'(prime) hemispherical segment

DISCUSSION

4

Stagnation-Point Heating on Hemispherical

and Flat-Faced Cylinders

Hest is apparently an elusive thing, and the prediction and meas-
urement of its transfer rates is still not the most exact of sciences.

This fact is illustrated in figure i, which presents the heat-transfer

coefficients measured at the stagnation points of hemispheres and flat-

faced cylinders as a function of free-streamMach number. All the meas-

ured rates are divided by theoretical rates for the hemisphere deter-

mined either by the theory of Sibulkin for low Mach numbers (ref. i) or

by the theory of Fay and Riddell for higher Mach numbers (ref. 2). The

latter theory includes the real gas effects due to the very high stagna-

tion temperatures obtained at these flight conditions. The measured

results were obtained on rocket models (refs. 3 to 6) and in wind tun-

nels (refs. 7 to ii and unpublished data).

It is apparent from the scatter shown that both methods of measure-

ment have their troubles. There is the possibility that a variable not

accounted for by the theories is responsible for some of the scatter.

It seems probable, however, that the scatter in the data is principally

the result of heat losses of various types, errors in the measurement

of the very thin skins usually used, and, in the case of the flight data,

errors in the measurement of the flight conditions of the models. This

last type of error is responsible for the fact that heating-rate distri-

butions measured on flight models often show considerably less scatter

if they are nondimensionalized by division by the measured stagnation

rates rather than by theoretical rates. The agreement of the data taken

in this way is due to the invariance of laminar heating-rate distribu-

tions with Mach number and Reynolds number.
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With these qualifications, it then appears reasonable to say that
the measuredvalues support the theoretical values of the stagnation
heating rates on the hemispheres throughout the Machnumberrange and
that the stagnation heating rates on the flat-faced cylinder are roughly
one-half those on the hemisphere. The markedly lower rates shownfor
the flat face indicate its possible value as a low-heating-rate shape,
but a final evaluation requires the examination of the heating rates
over the entire surface.

Local Heating Rates on a Flat-Faced Cylinder

Local heating rates on a flat-faced cylinder are presented in fig-
ure 2. The local heating rates measured in flight (refs. ll and 12)
and in wind tunnels (ref. 10 and unpublished data) are divided by their
measuredstagnation rates and presented as functions of local distance
from the center line divided by the radius of the body. The scatter of
someof the data is indicated by the spread of the rails through the
symbols. The data are comparedwith the predictions of two laminar the-
ories, the solid line representing the theory of Lees (ref. 13) and the
dashed line, the theory of Stine and Wanlass (ref. 14). For both these
theoretical distributions a pressure distribution measuredat M_ = 2
in a wind tunnel (ref. lO) was used. This use is Justified by the
experimentally obtained fact that the local flow over blunt shapes
"freezes" at Machnumbersabove about 2, which meansthat the local Mach
numbersdo not change significantly with free-stream Machnumberabove

that Machnumber. Lees' theory is derived for the condition T-_w<< l,
Tt

which is the condition of all high Machnumberflight tests. For this
condition Lees argues that the direct influence of a local pressure
gradient is small and can be neglected. The Stine and Wanlass calcula-
tions include a local-pressure-gradient effect, and this is the princi-
pal source of the difference shownbetween the two theories.

In figure 2 the data scatter is again large enough that it is
impossible to decide which of the two theories better fits the data.
A comparison of the two parts of the figure shows the invariance of the
distribution with Machnumberand Reynolds numbermentioned previously.
In spite of the data scatter it is also obvious that the flat-faced
cylinder loses someof its advantages over the hemisphere by the
increased heating rates at the edge of the face.

Stagnation-Point Heating Rates on Hemispherical Segments

In an attempt to decrease the edge heating rates while keeping low
stagnation rates, a series of bodies were tested which were shapedby
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hemispherical segments of different radii. Figure 3 presents the ratio

of stagnation-point heating rates measured on these hemispherical seg-

ments to the stagnation-point heating rate for the hemisphere of equal

body radius plotted (open symbols) as a function of the ratio of body

radius to the radius of curvature of the hemispherical segment. The

results of two systematic investigations are shown and the agreement

between them is fair in spite of the large Mach number and stagnation

difference between them. All the results of figure 1 could, of course,

be plotted in figure 3 at r__ = 0 to give a band of data from about 0.4
r'

to 0.8. The results of the two investigations shown have the advantage

of being parts of a systematic series of tests, and they agree with the

general results of figure l, namely, that the stagnation-point heating

rates for the flat face are about 50 percent of those for the

hemisphere.

Plotting the solid points which were obtained from pressure meas-

urements (ref. 15) as heating-rate ratios is not strictly honest since

these points are actually the square root of the velocity gradient

ratios; that is,

VCdul )'

However_ stagnation-point heating-rate theory shows that the heating

rate is a direct function of the square root of the velocity gradient

and, thus, the two types of data can be plotted in the same figure with

the purpose of allowing the data to reinforce each other. The scatter

in the pressure data is smaller, and the data show a small Mach number

influence. The combination of pressure and heatlng-rate data allows a

fairly decent llne to be drawn through the data to show the effect of

changing the nose radius of curvature. The use of theory allows a cal-

culation of heating-rate ratios to be made from the Newtonian pressure

principle also and this result is shown by the solid line. The compari-

son of this solid line with the data is interesting because it shows

that the data depart from this line for that body for which Newtonian

theory predicts a Mach number of 1 at the shoulder (i.e., slope at the

shoulder = 45o).

The bodies tested had sharp or nearly sharp corners, and thus a

Mach number of 1 occurred at or very close to the corner. It has been

suggested (ref. 15) that for bodies of varying radii of curvature (for

example, a body with a flat meridian near the stagnation point faired

into the cylinder with a radius of curvature of 25 percent of the

cylinder radius), the value of r on a plot such as shown in fig-

ure 2(b) should be taken at that point at which the local flow is
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sonic, this point to be determined as best as possible, usually by means

of pressure distributions. Although the present data can throw no light

on the value of t_is procedure the reader should be aware that the cor-

ner can influence the results discussed for this figure and the fol-

lowing local-heating-rate-distribution figures, and that it does this

through the mechanism of the sonic-point location. A more general dis-

cussion of a closely similar point is given in reference 16, where it

is pointed out that the corner shape effects can be felt even if the

position of the sonic line is known and is ahead of the corner, at least
for Mach numbers less than 3 for bodies of revolution.

Local Heating Rates on Hemispherical Segments

Again the local heating rates must be examined to permit an evalua-

tion of the various noses tested. In figure 4 the local rates measured

on the series of M = 2 tunnel models for which the stagnation rates

were presented in figure 3 are presented as a function of the ratio of

local surface distance from the center line to the total surface dis-

tance from the center line. The local rates have been nondimensiona-

lized by division by the stagnation rate of the flat face. The

resulting ratios have been adjusted so that the stagnation-point ratios

fit the dashed curve shown in figure 3. This has been done in an effort

to remove some of the scatter shown in this figure and means that it has

been assumed that the difference shown in the stagnation rates was

shared by all the measuring stations. This assumption is partially

justified at least by the consistency of the measured values of the

first two or three stations away from the center line. This consistency

appears on the figure as the flatness in the faired curves near the cen-

ter line. For comparison the laminar-theory distributions of Stine and

Wanlass (ref. 14) for the flat-faced cylinder and the hemisphere are

also shown (solid lines). (The theory of Stine and Wanlass was used for

the flat fa_e since the condition predicted by Lees, namely T--w<< i_
Tt

is not true for the tunnel conditions being compared herein.)

The effect of changing the radius of curvature of the nose is about

as might be expected_ that is, as the radius of curvature of the nose is

increased above that of the hemisphere, the stagnation-point heating

rates are reduced but the edge rates are increased. Similarly, as the

radius is decreased from the infinite radius of the flat face_ the stag-

nation rate increases and the edge rate decreases. Thus it is possible

to reduce the peak local heating rates somewhat by slight amounts of

curvature. Although the edge data are not too accurate because of high

conduction losses near the corner and because of unknown effects on the

local conditions caused by small and varying amounts of radius at the

edge, integration of the local rates over the entire surface shows that
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small reductions in the total heat-transfer rates are obtainable for
bodies with small values of r__. Note that the hemisphere has about

r'
50 percent more total heat transfer than the flat face, principally
because of its I00 percent greater area.

Comparisonof Turbulent and Laminar Rates

With Theoretical Calculations

Up to this point only laminar flow has been discussed. For hemi-
spheres it has been shown (ref. 7) that turbulent rates as high as three
times the laminar stagnation rates can occur. A similar situation exists
for the blunter shapes. Figure 5 presents heat-transfer rates measured
on a blunt nose of radius ratio _ = 0.50 for two conditions of the

r'
model surface. Again the measured rates have been divided by the meas-
ured stagnation rates. The circular and the square symbols give the
distributions measuredwhen the body was relatively smooth, while the
diamond symbols represent the data obtained when the body was sand-
blasted to a roughness of about 200 microinches. (The data shownby the
square symbols were obtained on the body with a small 1/4-inch spot
of 200-microinch roughness at the stagnation point only. The body was
4 inches in diameter.) As on the hemisphere, heating rates as high as
three times the stagnation-point values were obtained.

The rough-surface data are comparedwith flat-plate turbulent theory
derived from Van Dreist (see ref. 17, and appendix of ref. i0). The
agreement is fairly good and is similar to the agreement shownfor flat-
plate theory with data from hemispherical noses. (See ref. 7.)

The laminar data are comparedwith the laminar-distribution theories
of Lees (ref. 15) and Stine and Wanlass (ref. 14) based on measuredpres-
sure distributions. Again the scatter of the data is Just enough to pre-
clude any choice between the theories near the edge where they indicate
a marked difference. There is the possibility that the high point
(square symbol) is the start of transition. The lateral heat flow around
the corner has not been calculated because of the lack of temperature
data right in the small-radius corner region, and thus it is possible
that the results for the outer two stations are somewhatlow. In gen-
eral, these comparisons are representative of the local measurements
madeon the remaining bodies of the series shownin figure 3.
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Effect of Angle of Attack

For hemispherical noses the effect of angle of attack on the local
heating distributions is fairly small, as can be seen from geometric
reasoning alone, but as the body is blunted, the possibility of larger
changes due to angle of attack must be considered. Somerecent data
from the Langley Unitary Plan wind tunnel give an indication of these
changes for a flat-faced cylinder for angles up to 15°.

In figure 6 both the pressure and the heating-rate distributions
are plotted as a function of local surface distance from the center line.
The local pressures have been divided by the total pressure behind the
shock. The lines faired through the data (there were pressure measure-
ments at all the stations indicated by the symbols in the heating-rate
plot) indicate that the apparent stagnation point movedfrom the center
to S/STOTAL = 0.25 at _ = 7.5 ° and to S/STOTAL = 0.50 at _ = 15°
on the windward side.

Tne local heating rates have been divided by the stagnation rate
for the zero-angle-of-attack case. As can be seen in the figure the
rates are increased about 30 percent on the windward side and decreased
about 20 percent on the leeward at 15° angle of attack. These results
are also representative of tests at M = 3.59 and several other Reynolds
numbers of the sameorder of magnitude.

ConcaveNose

Somerocket-model tests of a series of small specimens indicated
the possibility of extremely low heating rates on concave shapes and
thus a large-scale flight test was initiated. The flight-test results
were so startling that several wind-tunnel investigations were initiated
and rushed to completion. The results of all these tests (refs. 18 and
19 and unpublished data) are presented in figures 7 and 8.

A sketch of the configuration, which is simply a concave hemisphere
with slightly rounded corners_ is presented in figure 7. The ratio of
local heating rate to the stagnation-point heating rate of a hemisphere
of the samesize and flight conditions (calculated by the theory of Fay
and Riddell (r_f. 2)) is presented as a function of the ratio of local
surface distance from the stagnation point to the total distance for
both the flight tests (on the left) and the wind-tunnel tests (on the
right). The rails indicate the spread of the data.

The low heating rates over most of the inside of the cup increase
to only the order of the flat-face stagnation-point heating rates at
the inside of the edge (see sketch in fig. 7). The agreement between
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the flight and tunnel data in this case is fairly good; however, other

wind-tunnel results do not compare so well.

Some of the wind-tunnel tests were made on a small model on which

only the stagnation-point heating rates were measured. These tests

which are presented in figure 8 indicated unstable flow phenomena in

the cup. The schlieren photographs are typical of the two states noted,

(1) where the shock was apparently steady, and (2) where the shock was

asymmetrical and apparently unsteady in that the asymmetry changed

erratically from lip to lip. An independent test at M = 3.9 and

R_, d = 1.9 x 106 was made by Robert W. Dunning of the Langley High Mach

Number Jet Group on a nose similar to that used in the heat-transfer

tests except that the lip was sharp. I Motion pictures of this test show

one especially interesting feature in that at small angles of attack

(_ 2° ) the flow inside the cup appeared to be turbulent even when the

shock was apparently symmetrical and steady. This turbulence would then

explode for some unknown reason and the apparently unsteady condition

would follow.

The stagnation-point heat-transfer data for all the tests are pre-

sented in figure 8, again as a ratio of the theoretical hemispherical

stagnation-point results and as a function of free-stream Mach number.

Note that the flight-test data extend from M = 2.5 to 6.5 and that the

heating rates repeat themselves as the model decelerates to M = 4.0. As

the Mach number increases, the free-stream Reynolds number (based on

diameter) changes from 9 x 106 to 14 x 106 at the peak M down to

5 x 106 at M = 4.0, indicating little or no effect of Reynolds number

on the data.

The wind-tunnel data fall roughly into two groups - the heat-

transfer rates when the unsteady shock condition exists (solid symbols)

and the rates when the steady shock is formed (open symbols). These

data, especially those for the unsteady flow, show a strong Reynolds

n_ber dependence which is not shown in the flight data. The triangles

presented on the right part of figure 7 show the data obtained in the

Unitary Plan wind tunnel for the one case in which the flow was appar-

ently unsteady. This particular case occurred at M = 2.49 and
io

_,d = i x 106 and with the model at an angle of attack of 7_ • Results

from some of the tests from the Langley Gas Dynamics Branch and especially

the film supplement to the present paper indicated that the instability

which in their tests was almost certain to exist at _ = 0, was gone at

IA motion-picture film supplement (L-316) has been prepared and is

avmilable on loan from I_CA Headquarters, Washington, D. C.
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> 2°. (It should be noted here that the flight model showedno indi-
cation of lateral movementon its normal and transverse accelerometers.)

To date the data on the concave shapes have shownthat extremely
low heat-transfer rates can be obtained over most of the surface of a
concave nose; however, the existence of an unsteady state with extremely
high rates has also been found. A comparison of all the s_agnation-
point wind-Gunnel and flight-test data for the apparently steady shock
case indicates the possibility that other, and as yet unknown, param-
eters are important in this phenomenon.

Shape is certainly one of these important factors in this phenome-
non. Unpublished results from tests madeby John O. Relier, Jr., of the
AmesLaboratory on a series of cups of different deepness on the front
end of an ogive nose at M = 4 indicated that the depth of the cup is
important in determining the stability of the flow. The depth of the
cup was varied by changing the radius of the hemisphere in a manner simi-
lar to the method of obtaining the hemispherical segmentnoses of the
present paper. From shadowgraphsof the shock wave it was found that
the cup with rb°dy = 0.76 remained steady during the tests while the

rcup
next body in the series for which rb°dy = 0.95 exhibited the asym-

rcup
metrical shock associated with the unsteady flow phenomenonduring
nearly all the test time.

SUMMARYOFRESULTS

Recent investigations of the aerodynamic heating rates of blunt
nose shapes at Machnumbers up to 14 have yielded the following results:

i. Data obtained in flight and wind-tunnel tests have shownthat
the flat-faced cylinder has about 50 percent the stagnation-point heating
rates of the hemisphere over nearly the entire Machnumberrange.

2. Tests madeat a Machnumber of 2 on a series of bodies madeup
of hemispherical segments of varying radius of curvature showedthat
slight amounts of curvature can decrease the local rates at the edge of
the flat-faced cylinders with only a slight increase in the stagnation
rate. The total heat transfer to such slightly curved bodies is also
somewhatsmaller than the total heat transfer to flat-faced cylinders.

3. Comparison of several tests with theoretical heating-rate dis-
tributions showedthat both laminar and turbulent local rates can be
predicted by available theories (given the pressure distribution about
the body) reasonably well, although the scatter of the available data
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still leaves open the choice between the theories at the edge of the

bodies, where they usually differ.

4. Tests on a flat-faced cylinder at a Mach number of 2.49 and at

angles of attack up to 15° showed the movement of the apparent stagna-

tion point from the center of the body to the 50-percent windward sta-

tion at 15 ° angle of attack. The heat transfer near the windward edge

increased about 30 percent while that near the leeward edge decreased

about 20 percent at 15 ° angle of attack.

5. Preliminary results on a concave nose have indicated the possi-

bility that this type of design may be developed to give heating rates

significantly lower than even the flat-faced-cylinder rates. The test

results have also shown, however_ the existence of an unsteady flow

phenomenon which can increase the heating rates to extremely high
values.
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THEEFFECTOFINJECTION

OFFOREIGNGASESONSKINFRICTIONOFTHE

TURBULENTBOUNDARY LAYER

By C. C. Pappas

Ames Aeronautical Laboratory

Transpiration cooling systems may prove to be useful for high-speed

aircraft experiencing aerodynamic heating. Fluid injection has an effect

on turbulent-boundary-layer skin friction as well as on heat-transfer

phenomena. The primary concern in this report is the assessment of the

effects of gas injection on the skin friction of the turbulent boundary

layer at supersonic speeds. Emphasis should be laid on the fact that

the surface heat transfer with transpiration may be obtained directly

from the skin friction. Light gases such as hydrogen and helium are

attractive because of their known effectiveness; air may be used for

convenience, and certain heavy gases will emanate from ablating materials.

Figure i gives some idea of the orders of magnitude of the effects

of gas injection. The theoretical predictions obtained from NACA TN 4149

(ref. i) show the influence of foreign-gas injection into a turbulent

boundary layer for an isothermal incompressible flow. The ordinate is

the ratio of the skin-friction coefficient with injection to the skin-

friction coefficient with zero injection. The abscissa is the ratio of

the injection parameter F to one-half the zero-injection skin-friction

coefficient. The injection parameter F is used subsequently in other

figures and is defined as the coolant mass flow rate per unit area normal

to the surface divided by the mass-flow rate per unit area of the main

stream at the edge of the boundary layer. These coordinates are used

because, theoretically for air injection, they largely eliminate the

effects of variations in Mach number, Reynolds number, and ratio of wall

to free-streamtemperature. The results are shown for a Reynolds number

of 107 and it is apparent that the light gases hydrogen and helium show

marked reductions of the skin friction as compared with air injection;

the heavy gas Freon-12 (CCI2F 2) which has a molecular weight of 120.9

shows less reduction in skin friction than does air injection. Similar

reductions in heat transfer are indicated by the theory; that is, the

heat transfer drops off as shown by the skin friction. Reductions in

skin friction of 80 percent are shown for air for injection rates of

the order of 3/1000 of the main stream flow. These theoretical results
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might encourage one to look further into the problem and, of course,
this has been done to a somewhat limited scale.

An instrumented test cone was used in this series of experiments

to measure the average skin friction with foreign-gas injection. This

cone, shown in figure 2, has a 15 ° total included angle, is l_ inches

long, and has a porous surface of resin-bonded fiber glass. The cone

is mounted on one side of a strain gage and the other side of the gage

is fixed to the sting support. The injection gas enters the cone through

a flexible tube and then passes through the porous wall. Acting in the

stream flow direction are the external pressure force and the external

skin-friction force. Acting in the opposite direction are the base-

pressure force and the indicated strain-gage force. Simple addition of

forces yields the desired skin friction.

At this point it might be asked what are the physical effects on

the boundary layer when a gas is injected through the porous surface.

The boundary layer would be expected to become thicker and a normal

laminar boundary layer might be expected to be tripped by the action of

the finite jets of injected gas. In figure 3 are shown shadowgraph

pictures of a boundary layer on the test cone without a trip. The

bottom shadowgraph is of the undisturbed normal boundary layer; this

boundary layer is laminar. The other three shadowgraphs show the bound-

ary layer for about equal injection mass-flow rates of Freon-12, air,

and helium. It is apparent that the boundary layer is markedly disturbed

and thickened. Large swirls or eddies are especially noticeable for the

helium injection. The boundary layer with helium injection is eight

times as thick as the undisturbed boundary layer. Also, the edge of the

boundary layer is much more irregular for helium and air injection.

These large swirls may be due to the action of small Jets emitting from

the porous surface. The nature of the boundary-layer flow is complicated,

and it would appear difficult to synthesize a suitable flow model on

which a theory might be based.

It has been assumed by many people that injection of gases into a

boundary layer would cause the boundary layer to become turbulent from

the initial point of injection. In_nediate tripping does not occur;

however, the transition point of the boundary layer is adversely affected

by injection. In figure 4 the location of transition is shown for one

set of wind-tunnel test conditions as a function of the injection param-

eter F. As expected, helium initially causes the largest change in

transition location, followed by air and Freon. The movement of transi-

tion location per unit change in injection for helium is 3.6 times that

for Freon. This comparison should be considered as relative only,

because transition location as determined from wind-tunnel tests may be

influenced by the individual characteristics of the wind tunnel. The

transition location for the Freon tests appears to be asymptotic at a
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Reynolds number of about 1.8 × 106 and complete tripping does not occur.

Limitations in viewing the model and the limitation in injection rates

for air and helium prevented extension of the respective curves for these
wind-tunnel test conditions.

Fundamental to this report were tests to determine skin friction

(made with the 15 ° cone model) of a tripped fully turbulent boundary

layer using as injected gases helium, air, and Freon-12. The molecular

weights of the gases are 4, 28.9, and 120.9, respectively. The results

of these tests for a cone Mach number of 3.2 are shown in figure 5.

Plotted again is the ratio of the skin-friction coefficient with injec-

tion to the zero-injection skin-friction coefficient as a function of the

injection parameter F divided by one-half the zero-injection skin-

friction coefficient. The curves are faired through the data points.

It should be remembered that the skin-friction coefficient for zero

injection is a variable with Mach number, Reynolds number, and ratio of

wall to free-stream temperature. The relative effectiveness of the

light gas, helium, in reducing skin friction is apparent. Less reduc-

tions in skin friction were obtained for air and Freon. Model limita-

tions prevented higher injection rates for air and helium.

The experimental results for a turbulent boundary layer for a cone

Mach number of 4.3 are presented in figure 6. Higher rates of injection

were obtained for these test conditions. Superposed over the data points

are the faired curves of the data for a Mach number of 3.2. The reduc-

tion in skin friction for helium and air is slightly less for the higher

Mach number. Maximum reductions of 40, 54, and 88 percent are shown in

this figure for Freon, air, and helium injection. It is of interest to

note that for zero injection the laminar skin-friction coefficient is

35 percent of the value for turbulent flow for these test conditions.

Three conclusions are evident from the test results: (i) substantial

reductions in skin friction are attained with injection; (2) the relative

effectiveness of the various gases is in accordance with the theory of

reference I; and (3) heavy gases which may emit from ablating surfaces

are not very effective in reducing skin friction. At the present, the

experimental data, even for air injection, are very limited and a com-

parison of available test results with some of the theories is warranted.

This comparison is made in figure 7 for air injection. The condi-

tions for comparison are for a wall temperature approximately equal to

the stagnation temperature of the flow, for a Mach number range from 0

to 5, and within a Reynolds number range of 3 x 106 to 107. The two

theories, that of Dorrance and Dore (ref. 2), and that of Rubesin

(ref. 3), cover the shaded regions as indicated in the figure. The

dashed curves indicate the experimental skin-friction results. The

low-speed (M _ O) results are from reference 4. The skin-friction data

for a Mach number of 2.55 (ref. 5) were obtained on a cone with a rough
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surface, and the zero-injection skin-friction coefficients are high.
For the higher injection rates the influence of surface roughness dimin-
ishes; therefore, the skin-friction coefficients should be referenced
to smooth-cone values consistent with those of the present tests. The
ratio of the skin-friction coefficients has been adjusted upward as
indicated by the two vertical arrows. Note that neither theory predicts
the variation with Machnumberof the skln-friction ratio as obtained
from experiment from a Machnumberof zero to a Machnumber of 4.3.
Also, the major change in skin-friction ratio occurs in the range of
Machnumber from zero to 2.55. Small changesdue to Machnumber are
shownat the higher Machnumbersand the injection is least effective
at the highest Machnumberwhere transpiration systems will find their
probable application.

Surface heat transfer for a transpiration system should follow the
trends indicated for skin friction. Caution should be exercised when
applying the available theories to predict heat transfer and skin fric-
tion with transpiration. Additional experimental results will be needed
to clarify the effect of Machnumberon skin friction with foreign-gas
injection.
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COMPARISON OF BOUNDARY LAYER WITH
INJECTION OF VARIOUS GASES
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EFFECT OF INJECTION ON AVERAGE SKIN FRICTION
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A THEORETICAL STUDY OF NOSE ABLATION

By Leonard Roberts

Langley Aeronautical Laboratory

INTRODUCTION

It is now well-known that an important feature of an atmospheric

reentry vehicle is the bluntness of its nose. Such a shape causes a

thickened boundary layer so that a shield of air over the nose reduces

heat transfer to the body. This reduction in heat transfer is not in

itself sufficient to achieve desirable body temperatures, however, and

further shielding of some sort is required.

This shielding is accomplished by providing an expendable material

which soaks up heat; thus, a copper nose of sufficient thickness soaks

up enough heat to shield the interior of the body. Alternatively, the

material may be supplied as a fluid which is injected through a porous

nose into the boundary layer and allowed to flow over the body. If the

injection could be made in a controlled way and only when needed, it

would be an improvement over the solid copper shield since it causes a

reduction in one source of heat - skin friction. However_ the structural

problems involved in devising such a porous wall may outweigh the

advantages.

The thirdalternative is to let ablation take place. This is not

just a negative approach of allowing heat to expend itself in the sub-

limation or depolymerization of unimportant material; it is also an

extension of the original blunt-nose idea of using the thickened bound-

ary layer to shield the nose. The convection of heat by the foreign

gas produced can make the main contribution to the shielding at suffi-

ciently high temperatures.

Previous theoretical studies of ablation have been concerned mainly

with the melting of glass and the melting of ice, and solutions of the

boundary-layer equations have been obtained by Sutton (ref. i). These

solutions involved a seventh-order system of differential equations with

appropriate boundary conditions. A simplified analysis has been made

by Lees (ref. 2) when there is no gaseous phase of the material.

When the general problem of shielding by ablation is considered,

the following question arises: Which material will have the best
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s

overall heat capacity per pound? In order to answer this question it is

necessary to look into the mechanism of shielding and to ask why one

material can absorb more heat than another.

The purpose of this paper is to show that these questions may be

answered by a simplified analysis provided it contains all the correct

physical ingredients of the problem. The analysis presented herein

avoids the solution of a seventh-order system of differential equations

but nevertheless respects all heat-transfer and mass-transfer boundary

conditions. It shows in a very simple way the important properties

that make a good heat shield. Only the case in which the nose sublimes

directly to the gaseous state is considered here, although the extension

to the more general case of solid-liquid-gas ablation is easily made.

A comparison with experimental results for the material Teflon

shows that the theory is useful and may be used in the evaluation of

the effective heat capacities of other materials.

SYMBOLS

B

cb

Cp

D

HEFF

k

L

NNu

Npr

NSc

q

R

burning heat

specific heat of body material

specific heat of mixture

coefficient of diffusivity

effective heat capacity

conductivity

latent heat

rate of mass loss

Nusselt number

Prandtl number,

Schmidt number,

k

pD

rate of heat transfer per unit area

Reynolds number
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T

U

U_ V

V

W

x_ y

Z

Z

B

P

T

Subscripts:

0

i

2

b

O

T

U

W

W

temperature

tangential velocity at edge of boundary layer

velocity components

velocity

concentration of foreign gas

rate of weight loss per unit area

coordinate axes

value of z outside boundary layers

oy _ dy, Ow

shape factor

boundary thickness

coefficient of viscosity

density

time

stagnation conditions

foreign gas

air

body

no ablation

temperature

velocity

wall

concentration
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ANALYSIS

Experiments carried out at the Langley Aeronautical Laboratory show
that the nose of a body in ablation soon achieves a blunt shape even if
it was not initially blunt and then recedes steadily due to ablation
without further appreciable change in shape. Becauseof this effect,
the main features of the flow can be obtained by considering only the
region in the near vicinity of the stagnation point. It is convenient
to fix the coordinate system in the ablation surface so that the interior
of the nose moves toward its surface with a constant velocity Vb equal
to the unknownablation rate. (See fig. I.) The problem of heat con-
duction in the solid is first considered and attention is then turned
to the problem of heat transfer and masstransfer in the boundary layer
of constant thickness near the stagnation point.

Conduction of Heat in the Solid Nose

The transfer of heat in a solid moving with constant velocity Vb
in the y-direction is governed approximately by the following equation:

PbVbCb_yy= _yy

where heat transfer is considered to take place normal to the constant-
temperature surface.

The solution of equation (i) which satisfies the conditions

at y = 0 and T = Tb as y _ -_ is

T = Tb + (T w - Tb)exp( -cbpbvb y) (2)\ kb

From equation (2) the rate of heat transfer at y = 0 is

and the heat content of the nose is approximately

Vb W

T=Tw

(3)

(4)
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per unit cross-sectional area which must be supplied before ablation
starts.

The Integrated Boundary-Layer Equations

The integral forms of the boundary-layer equations are written
as follows:

For heat transfer_

(5)

which expresses the heat balance in the boundary layer.

For mass transfer_

Z

Io _ dz (6)-v(z)+ vw = _ u

The left-hand side of equation (6) denotes the rate of introduction of

mass into the boundary layer whereas the right-hand side is the convec-

tion of mixture in the x-direction in the boundary layer.

For foreign-gas transfer_

Z

Io u az (7)Vw = _ w U

The rate of introduction of foreign gas is balanced by the convection

of foreign gas in the boundary layer. In equations (5), (6), and (7)

_0 y 0
Z _ m dy

Pw
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and

13- dU _ u (8)
dx x

and is the velocity gradient at the stagnation point.
of the mixture is

c-_ = Cp,lW + Cp,2(l - W) (9)

The transfer boundary conditions at the ablation surface are

PbVb = PwVw = m (i0)

-PwD(_zZ)w = (i- Ww) PwV w (ll)

_'(_z)=_"-,,_,v,,+_b(_,,-_b/_v_ _-_
W

The following simple profiles are now inserted into the integral

equations:

The specific heat

TO T : f1-___2

w,,-(

(13)

where 5u, 5T, and 5W are, respectively, the thicknesses of the veloc-

ity, temperature, and concentration boundary layers.

The boundary-layer thicMness when ablation takes place is greater

than that of the corresponding no-ablation thickness and is given by

2 Vw (14)
3 5u = 3(_u)o + --n
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and the no-ablation thickness (_u)o is related to the dimensionless
heat-transfer parameter by equations (5) and (13) by

The value ( NNu _ : 0.72 was taken from the exact solution

\Rwl/2).Pr,w=1
of reference 3-

(m5)

The integral equation for the transfer of foreign gas (eq. (7))

together with the boundary condition (eq. (ii)) gives the following

approximate expression for the concentration of foreign gas at the wall:

_sc,w2/3

t,=,<W.pr,,,:__(o.0)Ii=

which may now be used in the calculation of the specific heat Cp of

the mixture.

In a similar way the heat-transfer integral equation (eq. (5))

together with the boundary conditions (eqs. (iO) and (12)) gives the

approximate relation

(..u/ _{.pr,,_tl_ll2 j + S "Pr, w-2/3 ( .,l/2 1 + Cp,a(mo - row)
PP'P)w

+

A

^,1/2
PPP)w

(17)

In terms of the rate of heat transfer qo to the unshielded nose_
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%
- q°"2-(To - Tw)f NNu _ equation (17)may be expressed in the

"_r,-., %_/_Jo'

form

where

-iCp = _ NSc,w r,w - - _ Pr,w jCp,2 +

(19)

is interpreted as an effective specific heat for the mixture in the

boundary layer.

The effective heat capacity HEF F is given by

HEFF= qo= L - B+ %(T_- %) +-
m

Npr, w qo

\_,_1_)o '<

(20)

It is seen that HEF F increases linearly with qo . For high

(_)_12

NNu

heating rates m t Cp'2 t RI/2)W, a finite limit, although

(OF _)I/2 c-_ Npr, w
w

continues to increase slowly because of the increase in (p_)_/2.
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Thus at high heating rates the effective heat capacity continues
to increase even though the rate of mass loss is almost constant. (See
figs. 2 and 3.)

The effective specific heat Cp is seen to be a function of Cp,l,
Cp,2, Npr,w, and Nsc,w so that it depends on the thermal and diffusive
properties of the mixture of gas and air. Typical curves showing the
variation of _p/Cp,2 with Cp,1/Cp,2, Npr,w, and Nsc,w are shownin
figure 4.

DISCUSSIONGFRESULTS

The steady nondimensional rate of mass loss

figure 2 as a function of

pendent of the nose shape.
%

plotted against
1/2"

is shown in

%
which has units Btu/lb and is inde-

nt/2'

The effective heat capacity HEF F is also

(See fig. 3.) In order to make a comparison

with experimental results_ the experimental values were corrected to

take account of the time T required to heat up the body before abla-

tion could take place; this corrected value is given by equation (4) as

kb Tw - Tb

Vb qo

The results presented here do not differ appreciably when other

boundary-layer profiles are used; this agreement shows that the impor-

tant conditions are the mass,transfer and heat-transfer boundary condi-
tions at the surface of the nose. Since these conditions have been

respected, it is not surprising that good agreement with the experimental

results is obtained. (See figs. 2 and 3.)

The effective specific heat of the mixture Cp given by equa-

tion (19) is shown in figure 4 as a function of Cp,I/Cp, 2 for different

values of Npr,w and Nsc,w. Figure 4 shows that, for Cp,i/Cp, 2 > i,

Cp increases as the Schmidt number Nsc,w decreases but, for

Cp,i/Cp, 2 < i, c-_ increases as Nsc,w increases.
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An increase in Prandtl number Npr,w, however_ causes an increase

in Cp for both Cp,llCp,2_ _ i and Cp,I/Cp,2o _ i. These diffusive
effects are explained very simply in the following way.

Whenthe Prandtl number Npr,w is large, the velocity boundary-
layer thickness is greater than the thermal-layer thickness so that
most of the convection in the x-direction takes place in the hot fast-
moving layers of gas and the effective specific heat of the layer is
high (see fig. 5); this is true for any value of Cp,I/Cp, 2.

The Schmidt numbereffect is explained by noting that the highest
Cp is obtained whenthe gas of higher specific heat is convected in the
hot fast-moving layers furthest from the wall; thus, for Cp,I _ Cp,2_
a low value of the Schmidt numbergives a high value of Cp since the
foreign gas diffuses easily away from the wall before being convected.
When Cp,I _ Cp,2 and the Schmidt number is large, however, a high

value of Cp is obtained; thus, the foreign gas does not diffuse easily
but rather pushes the air into the hot fast-moving layers. (See fig. 5.)

CONCLUDINGREN_S

The shielding of a body by ablation of a suitable material at the
nose is a very effective method; the mechanismis such that the effec-
tive heat capacity increases with heat transfer and, as the theory shows,
the rates of mass loss tend to increase only very slowly even whenthe
rate of heat transfer increases considerably. The very simplicity of
this method suggests that it deserves a great amount of effort in the
processing of materials which have the appropriate thermal properties
in the solid and gaseous state.
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COMPARISON WITH EXPERIMENTAL RESULTS FOR TEFLON MODELS
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EXPLANATION OF SHIELDING
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EXPERIMENTALABLATIONCOOLING

By Aleck C. Bond, Bernard Rashis,
and L. Ross Levin

Langley Aeronautical Laboratory

S_Y

This paper presents the results of an experimental investigation on
the ablation of a numberof promising materials for heating conditions
comparable to those which may be encountered by unmannedreentry satel-
lite vehicles, as well as for higher heating conditions comparable to
those associated with reentry ballistic missiles. Materials tested
included the plastics Teflon, nylon, and Lucite; the inorganic salts
ammoniumchloride and sodium carbonate; graphite; a phenolic resin and
fiber glass composition; and the commercial material Eaveg Roeketon.
Results of these tests indicated heat-absorptlon capabilities which are
several times greater than those of current metallic heat-sink materials.
The results with Teflon showedthat for hemispherical noses there was no
apparent effect of size or stagnation-point pressure on ablation rate
for the range of variables covered in the tests. For flat-faced configu-
rations, however, there was a definite increase in the ablation rate with
increased stagnation-point pressure. The results for the several
materials tested at heating rates associated with reentry ballistic
missiles showedconsiderable increase in the effective heats of ablation
over the results obtained at lower heating rateg. This trend of
increased effectiveness with increased heating potential is in agree-
ment with the predictions of ablation theories. Comparisonsof the
results for several materials tested at the higher heating rates showed
graphite to have the lowest ablation rate of all materials tested.

INTRODUCTION

Ablating surface materials appear to hold considerable promise as
a cooling or heat-shielding system for high-speed vehicles, from the
standpoint of simplicity as well as efficiency. A theoretical treatment
by Leonard Roberts of the Langley Laboratory, for ablating materials which
sublime rather than melt, has indicated the desirable properties for such
materials. Likewise the theoretical treatments of ablation systems with
materials which exhibit the intermediate liquid phase by such investiga-
tors as Lees (ref. l) and Sutton (ref. 2) have also indicated the prime
requisites for such systems. Further, these studies have all shownthat

w
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the absorption of heat by ablation involves a number of complex mechanisms
which require considerable knowledge of material properties in the various
states (solid, liquid, and gaseous) for complete analytical treatment, and
therefore detailed experimental investigation of the ablation phenomenais
necessary. The purpose of this paper is to present somerecent experi-
mental data on the ablation of a number of promising materials for condi-
tions of mediumto high aerodynamlc-heating rates. Thesedata were
obtained in three hot-air Jet facilities of the Langley Laboratory.

SYMBOLS

hEFF

q

S

Tw

Tt

t

W

W

m

q Btu/Ib
effective heat of ablation, --_,

free-streamMach number

surface pressure at model stagnation point, lb/sq in. abs

average aerodynamic heating rate (for a nonablating surface) for

flat face or hemispherical nose at a surface temperature equal

to the melting or decomposition temperature of the material,

Btu/(sq ft)(sec)

surface area of flat face or hemispherical nose, sq ft

surface temperature, °F

stagnation temperature, OF

time, sec

weight, ib

average rate of weight loss from nose of model, (AW)NoSE/At ,
ib/sec

TEST FACILITIES AND MODELS

The ceramic-heated Jets (laboratory scale model and pilot model)

of the Langley Pilotless Aircraft Research Division and the 700-kw

electric-arc-powered air Jet of the Langley Structures Research Division

were used to conduct the present tests. The laboratory scale model,

which is a M_ = 2.0 Jet (ref. 3), was utilized to make exploratory
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tests at moderate heating rates on the materials Teflon, Lucite, nylon,
ammoniumchloride, sodium carbonate, phenolic resin and fiber glass, and
HavegRocketon. Hemispherical-nosed models 1/2 and 5/8 inch in diameter
were used in these tests. The pilot model jet, which is a similar but
larger facility (M_ = 3.65), was used to investigate the effect of such
factors as size, shape, and surface pressure, as well as heating rate,
on Teflon. Both hemispherical and flat-faced models from 1/2 to 2 inches
in diameter were tested in this facility. The electric-arc-powered air
jet (M_ = 2.0) was used to investigate the performance of nylon, Teflon,
Rocketon, and graphite at extremely high heating rates. The test stag-
nation temperature was approximately ii,000 ° F in this facility and
hemispherical-nosed models of i/4-inch diameter were employed in the
tests.

TESTTECHNIQUEANDDATAREDUCTION

The method of data reduction employed in these tests is illustrated
in figure i. The sketches at the top of the figure indicate the modeof
ablation which was generally observed for both the hemispherical and
flat-faced models. The hemispherical noses tended to maintain their
hemispherical shape, and likewise the flat-faced models tended to main-
tain their flat face with someslight rounding at the corners. The
weight loss of the nose was determined in most cases by weighing the model
before and after testing to obtain a total weight loss and applying a cor-
rection to account for the material loss from the sides of the model. In
somecases the nose weight loss was determined by calculating volumetric
changes from enlargements of high-speed motion-picture film. It was
found that this latter method agreed rather closely with the weighing
method except for the materials which have high coefficients of expansion.

The average ablation rate of the nose w was determined by simply
dividing the nose weight loss by the elapsed test time. Test times of 2
to 7 seconds were used for the ceramic-heated jet tests, and for the
electrlc-arc-powered-jet tests the test times were 1/2 to 2 seconds
except for the graphite test which was conducted for a period of about
4 seconds. In order to comparethe several materials, the data were
reduced to an effective-heat-of-ablation parameter hEFF, defined as

Laminar heating distributions were assumedfor all the ceramic-
heated-Jet tests since the Reynolds number (based on diameter) for the
largest model tested was less than 600,000. Also, the nose surfaces
eroded as would be expected with laminar heating distributions. Inte-
gration of the laminar heating distribution at M_ = 2.0 on a hemisphere
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gives the result that the average heating rate to a hemisphere is equal
to 1/2 the stagnation-point heating value. Likewise, integration of the
laminar heating distribution for a flat face at Moo= 2.0 from the
results of reference 4 yielded the result that the average heating rate
to the flat face is about 3/4 of the stagnation-point heating ratio of a
hemisphere of the samediameter. The theory of reference 5, modified for
conditions behind the normal shock and including the appropriate velocity
gradient, has been found to agree quite well with calorimeter measurements
of the stagnation-polnt heating of hemispherical noses in these two
facilities and was thus used to obtain the stagnation-point heating rates.

In the case of the electric-arc-powered air Jet the average heating
rate to the hemispherical-nosed models was obtained by converting calorim-
eter measurementsof the heating rates to a copper model. Since the
test Reynolds number (based on model diameter) is also quite low in this
facility, and since the models here too eroded as would be expected with
laminar heating distributions, it was assumedthat the heating to these
models was also laminar.

Surface temperatures used in calculating heat transfer for the
various materials are given in the following table:

Materials

Teflon
Phenolic resin and glass
HavegRocketon
Nylon
Lucite
Ammoniumchloride (NH4CZ)
Sodiumcarbonate (Na2C03)

Melting or decomposition
temperature, OF

1,000
2,000
2,000

600

250
635

1,56o

Current literature on properties of Teflon (refs. 6 and 7, for

example) does not give any fixed sublimation or decomposition tempera-

ture for this material, but indicates that it tends to become soft and

jellylike at temperatures approaching 600 ° F. Some data on mass loss

rate with temperature are given in reference 7, from which it may be

deduced that for high heating rates the decomposition temperature may

be in the range from 1,OO0 ° to 1,2(30° F. Some simple laboratory tests

were conducted in an attempt to determine the stabilization temperature

of a metallic plate heated electrically at relatively high heating

rates and covered on both sides with pieces of Teflon. When this sta-

bilization temperature was extrapolated to eliminate the effect of the
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gas layer produced between the heated plate and the Teflon, the resulting
temperature was approximately 1,000° F.

The surface-temperature values used in the calculations for the
phenolic resin ahd glass and for HavegRocketon were estimated from
static-test measurements. Somerecent measurementsmadewith an optical
pyrometer with models tested in the jets have substantiated the estimated
values. The melting temperature of nylon was obtained through private
correspondence with E. I. du Pont de Nemours& Company,Inc. Surface tem-
peratures for the remaining materials, Lucite, ammoniumchloride, and
sodium carbonate, are handbook values and were obtained from reference 8.

RESULTSANDDISCUSSION

Exploratory Tests

Results of the exploratory ablation tests conducted at moderate
heating rates in the laboratory scale model ceramic-heated air jet and
at high heating rates in the electric-arc-powered air jet, all at a Mach
n_nber of 2.0, are shownin figure 2. The data are presented as the
effective-heat-of-ablation parameter hEFF plotted against the average
aerodynamic heating rate and were obtained with 1/2- and 5/8-inch-
diameter models in the ceramic-heated jet and i/4-inch-diameter models in
the arc-powered jet. The heating-rate scale is broken in this figure in
order that the trends in the lower range of heating will not be obscured.
The lower heating-rate range (75 to about 350 Btu/(sq ft)(sec)) is compar-
able to the heating rates which maybe encountered by unmannedreentry sat-
ellite vehicles, whereas the higher heating rate (_1,570 Btu/(sq ft)(sec))
is in the category of heatimg rates associated with reentry ballistic mis-
siles. Another range of heating rates exists for the mannedreentry sat-
ellite vehicle, from 0 to about 75 Btu/(sq ft)(sec), as has been indi-
cated in heating studies for such vehicles of reference 9. It is felt
that caution should be used in extending the present data to this lower
range of heating, since these materials may be affected by heat conduc-
tion and hence exhibit deterioration of physical strength under prolonged
low heating rates.

For the lower heating rates the plastic materials Teflon, nylon,
and Lucite show a decreasing effectiveness with increasing heating rate.
The high values of effectiveness indicated for these materials at the
lower heating rates are believed to be influenced somewhatby conduction
into the solid and hence do not reflect values of effectiveness for
steady ablation. This conduction effect was investigated experimentally
for Teflon by testing a series of models at an approximately constamt
heating rate (_ _ 68 Btu/(sq ft)(sec)) for successively lomger periods
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of time in order to determine the elapsed time at the actual beginning of
ablation. At this low heating rate it was found that approximately
0.7 second elapsed before noticeable ablation began. At approximately
2.0 seconds the ablation rate was 90 percent of the leveling-off or
asymptotic value. Applying this data correction to the value of hEFF
(3,100 Btu/lb) at _ _ 76 Btu/(sq ft)(sec) results in
hEFF = 2,830 Btu/lb. Therefore, conduction accounts for only about
I0 percent of the uncorrected value of hEFF. The correction for conduc-
tion would, of course, decrease with increasing heating rate and should
be well within the experimental accuracy at heating rates of 200 to
300 Btu/(sq ft)(sec).

In the case of the phenolic resin and fiber glass ccmpositlon and
the Haveg Rocketon, which is a resin-asbestos composition, it is seen
that hEFF increases with increasing heating rate. This can be explained
by the fact that the resin in these materials burns readily, and hence at
the lower heating rates the heat of combustion of the resin must counter-
act a significant portion of the shielding effect. However, as the heat
input is increased the shielding effect apparently also increases.

Both sodium carbonate and ammoniumchloride displayed higher average
effective heats of ablation than any of the other materials at the lower
heating values at which they were tested. The ammoniumcD1oride has an
effectiveness more than twice as great as that of the other materials at
a heating rate of about 200 Btu/(sq ft)(sec). It should be mentioned
that both these materials displayed low resistance to thermal shock, pos-
sibly because of the method of manufacture, which consisted of simply
cold-pressing crystals of these materials to form the test specimen.

This difficulty might be overcome by the use of suitable binders or

reinforcement materials during manufacture.

The values of hEFF_ for Teflon, nylon_ and Rocketon at the higher

heating rates of the arc-powered jet show an increasing trend of effec-

tiveness with heating rate. The Rocketon and nylon show more than a

200 percent increase in effectiveness over the values at lower heating

rates; however, Teflon does not show such a marked increase in perform-

ance. This larger increase for nylon and Rocketon may be due to the more

complete vaporization of the liquid layer which was seen to form on these

materials at the lower heating rates. Teflon, on the other hand, did not

display this liquid phase at any of the test heating rates but went

directly from the solid to the gaseous state. 1 The trend of increased

effectiveness with increased heating rate agrees with the theory of Lees

1These observations can be seen in a motion-picture film supplement

L-296 which is available on loan from NACA Headquarters, Washington, D. C.
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(ref. i) which predicts increased effectiveness with higher enthalpy
potentials. The trend of increased effectiveness for Teflon at higher
heating rates is also predicted by the previously mentioned theory of
Leonard Roberts, which was specifically developed for materials which
sublime rather than melt.

A photograph showing several materials after test in the laboratory
scale model ceramic-heated jet is given as figure 3. It can be seen
that the plastic materials Teflon, nylon, and Lucite ablated quite
uniformly with relatively small change in the hemispherical-nose shape.
The Rocketon does not show as uniform ablation as the plastics and
exhibits somecharring at the nose due to burnout of the resin binder.
The specimen of phenolic resin and fiber glass shownhere was tested for
a shorter period of time than the other materials and hence shows prac-
tically no effect. Other models of this material, tested for longer
periods of time, showedconsiderable charring action as the resin binder
was consumed.

The effect of the resin content of the phenolic resin and glass
s_ecimens on the average effective heat of ablation was investigated by
testing specimens of different resin content for constant stagnation
temDerature or constant heating rate. Results of these tests for stag-
marion temperatures of 2,900° and 3,800° F are shownin figure 4. These
r_su]ts indicate decreasing effectiveness with increased resin content_
_u_ of course to the lower effectiveness of the resin binder itself.
_L_@icationsare (private correspondence with the General Electric Company)
_na_ at higher heat fluxes (from 1,000 to 1,500 Btu/(sq ft)(sec)), the
_r_mdis reversed. The chemical breakdown of resin at these hig_ heating
_tes apparently results in the formation of light gases which are rela-
_ivel3_efficient in their shielding action.

Further Teflon Tests

In the initial tests at the moderate heating rates of the laboratory
model ceramic-heated Jet, the models utilized were all essentially the
samesize (1/2 and 5/8 inch in diameter), the stream total pressure was
maintained constant for all the tests, and the aerodynamic heating rate
was varied simply by changing the stagnation temperature. In order to
investigate the effect of such test conditions as temperature_ pressure,
and model size and shape, a program was lald out for a somewhatsystematic
variation of these test conditions. Teflon was chosen as the material,
since it is relatively easy to handle and fabricate, it ablates rather
uniformly, and it also has the characteristic of going directly from the
solid to the gaseous state without any intermediate liquid phase. The
program as outlined for this series of tests is shown in figure 5, and
includes the previously discussed initial tests. As previously stated, the
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initial tests in the laboratory scale model ceramic-heated jet were all
conducted at constant stream total pressure, and hence Pt,2, which is
the surface pressure at the model stagnation point, is constant in all of
these tests. In the pilot model ceramic-heated jet, systematic varia-
tions of heating rate were accomplished for 1-inch-diameter flat-faced
models by varying stagnation temperature for two levels of stagnation
pressure. Likewise the effect of size on both flat-faced and
hemispherical-nosed models was investigated at the higher pressure level
and at near-constant stagnation temperature. The test conditions for
the electric-arc-powered air Jet are also included here.

The data from these various tests on Teflon are presented in fig-
ure 6 as the average rate of ablation per unit surface area as a func-
tion of the average aerodynamic heating rate. The open symbols denote
the data for hemispherical-nosed models and the partially and com-
pletely filled symbols denote the data for the flat-faced models. In
general, the points for the hemispherical-nosed models tend to lie
along one line without any discernible effects resulting from changes
in model size or stagnation-point pressure. It should be noted that
here again the heating-rate scale has been broken and, hence, the one
data point for the highest test heating rate, if plotted on an unbroken
scale, would show a reduction in slope of the average rate of ablation
at the higher heating rates. The points for the flat-faced models at
the lower pressure level (denoted by the half-filled squares) also tend
to agree with the trend of the data for the hemispherical-nosed models;
however, the data for the flat-faced models at the higher pressure
level show a pronounced effect of pressure on ablation rate.

The ablation-rate data of figure 6 have been reduced to the
effective-heat-of-ablation parameter hEFF and are presented in fig-
ure 7 again as a function of the average aerodynamic heating rate _.
All the data for the hemispherical-nosed models show essentially the
sametrend with _, and the flat-faced models tested at the lower
stagnation-pressure level (denoted by the half-filled squares) also
agree with this trend. The three points for the flat-faced models at
the higher stagnation-polnt pressure (denoted by the filled squares)
gave lower values of hEFF, but tend to approach the trend established
by the other data at the higher heating rates. The data point at the
higher heating rate of the electric-arc-powered jet, which is the same
as that presented previously for Teflon in figure 2, indicates the
gradually increasing trend of effectiveness with heating rate for rates
greater than about 250 Btu/(sq ft)(sec).

It is known that the heat of depolymerization of Teflon decreases
with increased pressure, and hence the reduction in effectiveness for
the flat-faced models at the lower heating rates maypossibly be a
result of the higher pressure loading on the flat face. As heating rate
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is increased the heat of depolymerization becomesa less significant
part of the total effectiveness, since the shielding effect is becoming
more predominant.

Photographs of several typical Teflon models after test in the pilot
model ceramic-heated Jet are shown in figure 8. In general, these photo-
graphs show that the smaller models, up to 1 inch in diameter, ablated
quite uniformly with little change in basic shape. Both the flat-faced
and the hemispherical-nosed model of 2-inch diameter showedsomelocal
pitting or cratering which maybe attributed to transition to turbulent
flow, or possibly to increased heating due to impact of ceramic dust with
the model surface.

As a matter of interest a comparison is madein figure 9 of the
experimental effective heat of ablation of Teflon (presented in fig. 7
for hemispherical-nosed models) with the effectiveness for a nitrogen-
transpiration-cooled hemispherical nose shape of the samediameter as
the Teflon models. The lower curve for nitrogen was calculated for a
surface temperature of 1,000° F, the temperature used in the calculation
of heating rates for Teflon. The upper transpiratlon-cooling curve was
calculated for a surface temperature of 1,500° F, which is considered a
practical limit of surface temperature for porous stainless-steel mate-
rials employed in transpiration cooling systems, and thus represents
the most effective cooling that can be achieved with nitrogen for the
aerodynamic heat fluxes to which the Teflon models were subjected.

Both nitrogen curves indicate less cooling effectiveness than those
for Teflon for the range of q from about 75 to 225 Btu/(sq ft)(sec).
At the very high heating rate of 1,570 Btu/(sq ft)(sec), however, the
nitrogen transpiration effectiveness is calculated to be more than twice
the effectiveness of Teflon. It should be noted that the calculations
of the nitrogen values were based on the theoretical curve of Stanton
number ratio as a function of the flow-rate pars_ueter given in Lees'
analysis (ref. l) and not on experimental values. The theoretical
curves are based on the assumption that the exiting coolant has proper-
ties identical to those of the local stream flow. For the electric-arc-
powered air Jet, the local stream properties may very well be substan-
tially different from those of the transpired coolant.

If a lighter gas such as helium had been chosen for the comparison,
it would have been shownto be considerably more effective than the
Teflon ablating system. Nitrogen was chosen for the comparison since it
was estimated that the properties of the Teflon gas resemble those of
nitrogen. Likewise, the comparison could have been madewith someof
the other ablating materials which show considerably higher effective-
ness than Teflon.
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Graphite Test

Considerable interest has been expressed in the use of carbon as an
ablating material in view of its extremely high heat of vaporization.
Reference lO i_dicates values of about 26,000 Btu/lb for the heat of

vaporization of carbon. In order to take advantage of these high heats

of vaporization, carbon or graphite should be used at conditions where

the surface can reach the vaporization or sublimation temperature of

these materials. Test temperatures in the ceramic-heated Jets are not

high enough to achieve surface vaporization; however, the test temper-

ature (_ll,O00 ° F) of the electric-arc-powered air Jet is more than

adequate. A test was conducted in this facility with a 1/4-inch-

diameter hemlsphere-cyllnder model, made of AGR graphite, and the

measured ablation-rate data are shown in figure l0 and are compared

with the previously discussed ablation-rate data for the several other

materials tested in this facility. The graphite model was tested for

a period of 4 seconds in order to obtain a measurable weight loss. As

can be seen from this bar-graph presentation, the graphite is consider-

ably better than any of the other materials tested at these high heating

conditions. It has only about 1/8 the erosion rate of the better of the

other materials, Rocketon.

Some additional tests conducted with graphite in the laboratory

scale model ceramic-heated Jet at a stagnation temperature of 4,000 o F

showed that in spite of the fact that graphite suffers from oxidation

at such temperatures, the ablation rate was only about 1/2 that measured
in the arc-powered Jet.

CONCLUDING

The experimental results given in this paper have indicated several

ablating materials that have effective heat-absorption capabilities

several times greater than those of current metallic heat-sink materials.

Since the ablating materials investigated herein are rather unconven-

tional, the choice of a glvenmaterial for application to an actual

vehicle should, of course, involve consideration of strength, workabil-

ity_ ease of manufacture and handling, and so forth. The results with

Teflon showed that for hemlspherical-shaped noses there was no apparent

effect of size or stagnation-point pressure on the trend of ablation

rate for the range of variables covered in the tests. For the flat-

faced configuration, however, there was a definite increase in the

magnitude of ablation rate with increased stagnation-point pressure.

The results for the several materials tested at heating rates comparable

to those encountered by a reentry ballistic missile showed considerable

increase in the effective heats of ablation over the results obtained
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at lower heating rates. This trend of increased effectiveness with

increased heating potential is in agreement with the prediction of

theory. Cc_parisons of the results for several materials tested at the

higher heating rates of the electric-arc-powered air Jet showed graphite

to have the lowest ablation rate of all materials tested in this facility.
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DATA REDUCTION
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SUMMARY OF TEST CONDITIONS FOR TEFLON
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hEFF'

BTU/LB

EFFECTIVE HEAT OF ABLATION OF TEFLON

4,000

3,000

2,000

1,000

DIAM., IN. FLAT FACE HEMISPHERE
2 • 0

I • _1 O

_5 ©
8

I • A
2

i /1X

• II e •

/1

))

O IOO 200 300 4.00 HI,500 1,600

_, BTU/(SQ FT)(SEC)

Figure 7

r

SEVERAL TYPICAL TEFLON MODELS AFTER_

HEMISPHERICAL DIAMETER

_IN.

Figure 8

CONFIDENTIAL



39Y CONFIDENTIAL 283

hEFF'

BTUILB

COMPARISON OF EFFECTIVENESS OF ABLATION

AND TRANSPIRATION COOLING

5,000 - Tw = 1,500 °F

Tw = 1,000 °F4,000 -

3,000 -

2,000 - _X_ TEFLON TEFLON -'_

Tw: ,,500
',000 N2 ./_.."_

L Tw= 4000 F

, , , , !ISiO '
0 I00 200 300 400 I, 0 1,600

q, BTU/(SO FT)(SEC)

Figure 9

AVERAGE RATE OF ABLATION OF SEVERAL
MATERIALS IN ELECTRIC-ARC-POWERED AIR JET

Me) _2.0; Tt s= I1,000 "F

8-

.6-

W
m_

S
• 4 --

LB/(SO FT)(SEC)

.2

0

TEFLON
...,.,....,.
... • • ,...

i iiiiiiiiii
°.,,,,,,,,..

iii!iiiiiiii...... ..._.NYLON

............ :':':':':': _.,_,,ROCKETON!i:!:i:!:i:i: :::::::::::
...... ,.,..,,....

:::::::::::: ':':':':':" I :':':':';':
,........ ...... ,...,, ,..

:::::::::;::: .'.','.'." :.:,:.:,:.

:::::::::::: !iiiiiiiiii :::::::::: f-GRAPHITE (AGR)
............ ,.,,...,,.

• .'.'.'.-.', :,:.:.:.:.1
:i:i:i:i:i:i::::::::::::
._,...._.-., ,*.-......, .;.;-:._.:

MATERIAL

Figure i0

CONF IDENT IAL





CONFIDENTIAL 28_

PRELI_ilNARYEXPERIMENTALSTUDYOFENTRYHEATING

USINGTHEATMOSPHERICENTRYSIMULATOR

By Stanford E. Neice

AmesAeronautical Laboratory

INTRODUCTION

The continuing interest in long-range missiles has stimulated the
search for new experimental techniques which can reproduce in the labora-
tory the effects of aerodynamic heating associated with the missile's
flight. Oneof the new experimental techniques which has been developed
at the AmesAeronautical Laboratory is the atmospheric entry simulator
in which the total h@atper unit mass as well as thermal stresses asso-
ciated with the atmospheric entry of a ballistic missile can be duplicated
in a scaled model launched upstream through a specially designed super-
sonic nozzle.

A schematic diagram of the apparatus, indicating the component
parts, is presented in figure I. The apparatus consists of four main
parts: pressure tank_ test section, vacuumtank, and model launcher.
The pressure tank is initially separated from the test section by a
diaphragm which can be ruptured to permit high-pressure air to flow
through the test section into the vacuumtank. The model launcher serves
to put models into flight, at the speed desired, upstream along the axis
of the test section. Models can be recovered in a catcher located in
the pressure reservoir. As the model proceeds through the test section,
a time-distance history is deduced from electronic counters which
operate on photobeamsignals "triggered" by the model's passage. From
the time history, a velocity record can be obtained. The photobeam
signal also operates through a time-delay circuit to take spark shadow-
graphs of the model at a point downstreamof each photobeamstation.
Conditions of flight can be adjusted to simulate the total convective
heat per unit mass associated with the atmospheric entry of a ballistic
missile.

The theoretical basis for simulation was discussed in reference i.
A subsequent report, reference 2, presented the practical significance
of the method. Also included in reference 2 were the results of an
investigation of the atmospheric entry of a cylindrical shape employing
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the heat-sink principle whereby the entire heat imparted to the model
during atmospheric entry is to be absorbed in an outer shell of high heat
capacity and conductivity.

In the case of the heat-sink vehicle, the required amount of heat
absorbing material can becomeprohibitive; hence, the interest in a
second method whereby the latent heat of vaporization of a lightweight,
nonconducting material is utilized as the heat-absorbing process. Thus
the outer shell would be continuously diminished during descent through
the atmosphere.

An examination of the factors involved in establishing a given
temperature distribution in a material - namely, dimensionless parameters
which include heat-transfer coefficient, time, dimension, and diffusivity -
indicates that the conditions previously used to duplicate total con-
vective heat input per unit massand thermal stress will also tend to
duplicate the vaporization-ablation process. The model will experience
ablation due to convection heating to the samedegree as the missile;
the percent weight loss of the model from such ablation during traverse
through the simulator will duplicate that of the missile during atmo-
spheric entry.

SYMBOLS

A

CD

D

R

VE

W

0E

cross-sectional area of body, sq ft

drag coefficient

body diameter, ft

nose radius, ft; also, range from launch, nautical miles

entrance velocity, ft/sec

weight, ib

entry angle, deg

METHOD

In the current tests, solid models are used. Since missiles
will employ ablating materials only as an outer shell, the similarity
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relating to internal conditions merits explanation. The ablation process,
including thermal stresses, is confined only to the outermost portion of
the surface. Any shell, therefore, where the thickness is large in com-
parison with the "disturbed region" of the surface should very nearly
produce the sameresults as the so-called "infinitely thick shell." Any
surface phenomenonsuch as ablation or spalling should therefore be
duplicated by a solid model. Structural failures occurring near the
surface tend to be transmitted throughout the particular material. The
initial surface consequenceof such failure should also be duplicated,
whereas the end effect, such as complete destruction of the model, would
not.

Certain phenomenawhich may not be simulated in these experiments
should be mentioned. In particular, there are the reaction times for
such processes as the sublimation of surface material as well as chemical
processes taking place in the boundary layer. Sufficient data to deter-
mine these times for synthetic long-chain molecules, such as nylon and
Teflon, do not appear to be available. These reaction-rate phenomena,
therefore, remain a subject for future study. Radiation phenomenaare
not simulated. For the velocity range of the current tests, the total
heating by radiation to the body from the hot gases surrounding the
body as well as from the body to the surrounding mediumis muchsmaller
than the total convective heating. The lack of simulation of radiation,
therefore, is not important in these present tests.

DISCUSSION

The shapes used in this investigation are shownin figure 2. The
first shape was the blunt spherical-nosed cone-cylinder with a nose radius
about one-quarter of the body diameter and having a one-half-caliber
cylindrical afterbody. The second shape was the one-half-caliber cyl-
inder, as shown. The first series of models weighed ii0 milligrams and
the second, 77 milligrams. Both models had diameters of 0.222 inch and
were constructed of nylon. In figure 3, the corresponding missiles that
these models simulate are shown. The simulated missiles have a diameter
of 2.70 feet. The spherical-nosed cone-cylinder has a nose radius
of 0.65 foot, a cylindrical afterbody of 1.35 feet in length, and a
weight of 710 pounds; the cylinder, on the other hand, has an overall
length of 1.35 feet and weighs 540 pounds. The ratio W/CDA for both
simulated vehicles is also presented. According to an analysis reported
in reference 3, both missiles should have a total range of 1,620 nauti-
cal miles when launched at an angle of 38° to the horizontal with a
velocity of 15,800 feet per second.
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In this first series of tests all models were launched at velocities
between 15,200 and 15,800 feet per second. A typical velocity profile
as obtained for a spherical-nosed cone-cylinder is shownin figure 4.
In this figure the theoretical velocities for the simulated missile along
with the experimental model velocities are plotted according to simulated
altitude. The altitude range duplicated by the simulator is as shown.
The agreement between theoretical and experimental values demonstrates
that one of the requirements for simulation has been satisfied; namely,
that the velocity at corresponding points in the trajectory be the same
for model and missile.

A spherical-nosed cone-cylinder model, as recovered, after completed
flight is shown in figure 5 and is comparedwith a similar model which
has not been fired. Noticeable features of the recovered model are the
appearance of a small crater at the stagnation point and the pattern of
cracks which emanatefrom that point. Contrast this with figure 6 which
shows a cylindrical model as recovered after having completed traverse
through the simulator. The appearance of pits on the surface can readily
be seen. There are, however, no surface cracks or other indications of
failure as have been observed on the spherical-nosed cone-cylinder.

The failure of the spherical-nosed model, as seen here, was not
always sufficiently extensive to cause complete destruction during simu-
lation. This is illustrated in the spark shadowgraphspresented in
figure 7, which showsthe model in a completed flight at three representa-
tive locations in its traverse through the simulator. For this model,

the point of maximum convective heat-transfer rate to the stagnation

point occurs at an altitude of about 108,000 feet. In the second shadow-

graph, the model has passed the altitude of maximum heating rate and

thermal stress at the stagnation point. The lower shadowgraph shows

the model intact and adequately centered in the airstream.

In contrast to this particular test, a series of shadowgraphs

showing an abortive flight is presented in figure 8. Launching and

flight conditions were nearly identical to those in the successful flight.

Of all models launched, about two-thirds failed in the manner shown here.

Such failure might be caused by the launching forces. The intact appear-

ance of the model in the upper shadowgraph would tend to preclude such

failure. Damage to the model in the form of small cracks would, however,

not show in the shadowgraphs and hence launching as a factor contri-

buting to model failure cannot be ruled out. The stresses encountered

at impact into the catcher, where the model was embedded only a fraction

of an inch in balsa wood, would scarcely produce such failure. The

remaining possibility is, of course, the thermal stress encountered

during flight.
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The recovered spherical-nosed models, no matter how they were

cracked, were in sufficiently good condition for weighing and measuring.

Recovered cylindrical models were, of course, quite suitable. The results

obtained from simulator tests of five spherical-nosed (blunt) cone-

cylinders and five half-callber cylinders (each constructed of nylon and

launched at velocities between 15,200 and 15,800 feet per second) indi-

cated that the percentage weight loss was 2.6 percent for the blunt cone-

cylinders and 1.4 percent for the half-caliber cylinders. In both cases,

the weight loss in launching, corresponding to the diameter decrement,

has been subtracted from the total loss. For the spherlcal-nosed cone-

cylinder, the weight loss to the simulated missile would amount to

about 18 pounds corresponding to a uniformly distributed loss of about

0.4 inch of nylon over the entire front portion. For the cylindrical

shape, the full-scale weight loss would be 7.5 pounds corresponding to

a uniformly distributed loss of about 0.2 inch of nylon over the entire

front face.

In the final tests with nylon, an attempt was made to determine

the maximum velocity at which the spherical-nosed model would remain

entirely intact throughout flight. Several launchings were performed

at continuously reduced velocities until models were recovered intact.

The velocities for each of these launchings were 10,300 feet per second

after prior abortive runs at 11,700 feet per second. A recovered model,

initially launched at 103300 feet per second, is shown in figure 9 and

is compared with a similar model launched at 15,800 feet per second.

The intact appearance of the lower velocity model is evident. From the

standpoint of material loss, nylon appears to be quite satisfactory.

The failure of models launched at velocities greater than 10,300 feet

per second causes doubt as to whether nylon would survive the thermal

loading. Results in this respect are not conclusive, since the effects

of launching forces must still be assessed. However, these particular

nylon shapes will survive the thermal stresses during atmospheric entry

for entrance velocities of at least 10,300 feet per second.

CONCLUDING R]_IARKS

m

Tests using other materials are proceeding. Recent results of

launching spherical-nosed Teflon models at velocities near 14,100 feet

second indicate a percentage weight loss of about _ percent withper

the models remaining intact through the flight. Efforts are continuing

to augment this velocity to values near 20,000 feet per second. Such

velocities would permit the simnlation of atmospheric entry of inter-

continental ballistic missiles. Other materials will also be considered.
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Tests, similar to those considered here, will be repeated with graphite
and boron nitride and such other materials as may appear feasible.
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SMALL-SCALE ATMOSPHERIC ENTRY SIMULATOR
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MISSILES SIMULATED
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Figure 3
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Figure 4
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SPHERICAL-NOSED CONE-CYLINDER
LAUNCHED THROUGH SIMULATOR

BEFORE AFTER

Figure 5

CYLINDERS LAUNCHED THROUGH SIMULATOR

BEFORE AFTER

Figure 6
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COMPLETED FLIGHT OF SPHERICAL-NOSED

CONE-CYLINDERS THROUGH SIMULATOR

vE = 15,800 FT/SEC

VELOCITY : 14,900 FT/SEC

SIMULATED
ALTITUDE: 134,500 FT

VELOCITY : 9,860 FT/SEC

SIMULATED
ALTITUDE: 85,900 FT

VELOCITY : 5,600 FT/SEC

SIMULATED

ALTITUDE: 70,600 FT

Figure 7

ABORTIVE FLIGHT OF SPHERICAL-NOSED

CONE-CYLINDERS THROUGH SIMULATOR

v E = 15,800 FT/SEC

VELOCITY: 14,900 FT/SEC

Sl M ULATED
ALTITUDE: 134,500 FT

VELOCITY: 9,860 FT/SEC

SIMULATED
ALTITUDE: 85,900 FT

VELOCITY : 5,600 FT/SEC

SIMULATED

ALTITUDE: 70,600 FT

Figure 8
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MODELS AFTER FIRING IN SIMULATOR

VE= 15,800 FT/SEC VE :I0,.500FT/SEC

Figure 9

C ONFI DENT IAL





CONFIDENTIAL 297

HEATTRANSFERTOSURFACESANDPROTUBERANCESIN A

SUPERSONICTURBULENTBOUNDARYIAYER

By Paige B. Burbank and H. Kurt Strass

Langley Aeronautical Laboratory

SUMMARY

The presence of large protuberances that are only partially
immersedin a turbulent boundary layer effects a large increase in heat
transfer upstream and on each side of the protuberance wake. Extreme
care must be taken in locating a protuberance in the influence of
another one. The ratio at a particular thermocouple of the heat-
transfer coefficient for the flat plate with the protuberance to the
heat-transfer coefficient of the flat plate alone can be as great as
12 in the more adverse location.

INTRODUCTION

The importance of minimumweight and maximumfuel volume has led
in somecases to the location of major piping on the outer shell of
large missiles. In the absence of a suitable theory for calculating
the heat transfer to protuberances totally or partially immersed in a
turbulent boundary layer, tests were conducted to determine experi-
mentally the distribution of heat transfer to the protuberance and the
adjacent skin area. Tests were conducted on several configurations
with circular cylinders mountednormal to a flat plate to simulate

antennas or externally mounted pipes.

SYMBOLS

NSt

d

h

Stanton number

diameter, 2.8 in.

heat-transfer coefficient
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h L

h o

M

R

T

5

heat-transfer coefficient based on free-stream conditions for

laminar flow on cylinder of infinite length

heat-transfer coefficient of flat plate alone

Mach number

Reynolds number

wall temperature

boundary-layer thickness

meridian angle

Subscript:

x distance from leading edge of flat plate

MODEL DESIGN

The perspective drawing in figure 1 illustrates the instrumented

cylinder mounted on the 4- by 10-foot flat plate that spans the test

section along the horizontal center plane of the Langley Unitary Plan

wind tunnel. A 1-inch-wide band of No. 60 carborundum grains located

4 inches rearward of the leading edge was used to insure a turbulent

boundary layer. The leading-edge wedge was alined so that no flow

deviation occurred on the test surface, and pneumatic seals prevented

flow around the edges of the plate.

The instrumented portion of the flat-plate surface is composed of

two interchangeable panels, each instrumented with iron-constantan

thermocouples, having a uniform skin thickness of O.050-inch stainless

steel, and insulated from the support structure by a 1/2-inch honeycomb

of Fiberglas. The panel used for a protuberance support has 84 thermo-

couples9 the filler panel, 9 thermocouples.

The instrumented cylinder also constructed of stainless steel has

a height of 12_ inches_ a diameter of 2.8 inches, and a uniform skin
2

thickness of 0.050 inch. The cylinder is insulated from the flat plate

by a O.ll-inch sheet of Micarta. Twenty-four thermocouples were

located along the stagnation line and 45 ° and 90 ° from the stagnation

line, as shown in figure i.
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ME_HODOFDATAREDUCTION

The heat-transfer coefficients are obtained from the basic heat-
transfer equation by using the transient temperatures resulting frcm a
stepwise increase in the stagnation temperature. The individual ratios
of equilibrium temperature to stagnation temperature are determined
prior to the stagnation temperature bump. The transient thermocouple
measurementsare obtained every 1/2 second for 1 minute on a Consoli-
dated Engineering Corporation Millisadic.

RESULTSANDDISCUSSION

The heat-transfer coefficients were first determined for the flat
plate alone at Reynolds numbersper foot varying from 1.33 X 106
to 3.98 x 106 and at free-streamMach numbers of 2.65 and 3.51. The
resultant Stanton numbersfor locations within 5 inches of the center

line of the flat plate are shownfor M = 2.65 at R = 2.58 x i06 per
foot and M = 3.51 at R = 2.86 x 106 per foot in figure 2. The exper-
imental Stanton numbers for the plate are somewhatlower (8 to 25 percent)
than predicted by the Van Driest theory. Similar differences have fre-
quently been noted by others.

The results of the protuberance tests are presented as a ratio at
a particular thermocouple of the heat-transfer coefficient for the flat
plate with the protuberance to the heat-transfer coefficient of the
flat plate alone. This ratio will be referred to hereinafter as h/h o.

The heat-transfer distribution is shown in figure 3 for a single
cylinder mounted on the flat plate for a free-streamMach numberof 3.51
and a Reynolds numberof 23.4 × l06.

The boundary-layer thickness, calculated by the method outlined in
reference l, at the position of the cylinder is 43 percent of the cylin-
der diameter. The distribution of thermocouple locations, denoted by
crosses, permits considerable freedom in determining the location of
the h/ho contours; the regions, therefore, are representative rather
than exact. The influence of the cylinder is propagated upstream on
the flat plate a distance of 2 diameters and the ratio h/h o increases
to 8 at the stagnation line of the cylinder. The region of high heat
transfer is washeddownstreamon each side of the cool region of the
wake. The low heat transfer in the region of low-density separated flow
in the wake is confined to a distance of less than 1 diameter; then
h/h o increases to almost 2.

w
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Increasing the Reynolds numberper foot by a factor of 21 at a
Machnumber of 3.51 as shown in figure 4 has a negligible effect on
the area influenced by the cylinder but decreases h_o at the stag-
nation point (of the cylinder) from _21to 6-21.

The Machnumberwas varied with a constant Reynolds numberper
foot. The most significant effect was shownto be an increase of h/ho
at the stagnation line of the cylinder from 5 at a Machnumber of 2.65
to 8 at 3.51 with no systematic effect in the wake.

The heat transfer on the cylinder is presented in figure 5 as the
ratio of the measuredheat-transfer coefficient to the calculated heat-
transfer coefficient based on free-stream conditions for laminar flow
on a cylinder of infinite length as presented in reference 2. This
ratio will be referred to hereinafter as hlh L. The ratio is shown
for M = 2.65 an_ 3.51 at the stagnation line; at three vertical dis-
tances from the flat plate the variation of the ratio about the forward
90° of the cylinder is shown. The shock pattern caused by the inter-
action of the cylinder bow shock with the flat plate_ as shown in fig-
ure 16 of reference 3, causes a high-density separated flow and a
resultant thickening of the boundary layer that causes a region of high
heat transfer whoseproximity to the flat plate increases with increasing
Machnumber. The portion of the cylinder uninfluenced by the flat plate
is in good agreement with theory. There is no measurable effect of
Reynolds number on the distribution of h/h L on the cylinder.

The effect of locating the instrumented cylinder at several posi-
tions in the wake of a second cylinder was investigated at a Machnum-
ber of 3.51 and approximately R = 2.8 x lO6 per foot. The contour
plot in figure 6 illustrates the heat-transfer distribution resulting
from placing the instrumented cylinder 3.2 diameters downstreamof a
dummycylinder. The region of high heating upstream of the dunm_cylin-
der should be of the samemagnitude as that for the single cylinder; the
comparatively low indicated value of h_o of 5 is due to the lack of
instrumentation about this cylinder. The resultant wake and very mixed
flow cause a reduction in heat transfer upstream of the instrumented
cylinder. The thermocouple in the flat plate at the stagnation point
indicates a value of h/h o of less than 4 in comparison with a value
of 8 for the single cylinder. Figure 7 illustrates that the separated
flow reduces the heat-transfer coefficient on the second cylinder; the
value of h/hL varies from 0.3 to 0.8 along the stagnation line. The
circumferential plots indicate flow reattachment resulting in a value
of h/h L 25 to 50 percent higher than that predicted at the 45° and
90° stations.
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In figure 8, the result of positioning the instrumented cylinder
6.4 diameters downstreamof the dummycylinder is shown. The relatively
large distance between the two cylinders permits the flow field to
reestablish a heat-transfer distribution similar to that for the single
cylinder. The thermocouple on the flat plate at the stagnation line of
the cylinder indicates a value of h/h o of 6 as comparedwith the value
of 8 for the single-cylinder configuration. The heat-transfer distribu-
tion on the instrumented cylinder in figure 9 indicates that the large
influence of the wake of the dummycylinder on the stagnation line noted
in the preceding configuration is considerably dampedand the overall
distribution is similar to that for the single cylinder. The reattached
flat-plate boundary layer is thinner and the region of high heating is
closer to the flat plate than with the single-cylinder configuration.
The circumferential distribution of h_L on the portion of the cylin-
der uninfluenced by the flat plate indicates that the measuredvalues
are less than predicted, and the deviation increases with increasing _.

Figure i0 shows the h/ho distribution resulting from placing the
instrumented cylinder 3.2 diameters downstreamof the dummycylinder and
offset so that a line connecting the centers of the cylinders forms an

angle of 26-2I° with the free stream. Superposing the contour plot for

the single cylinder on the dummycylinder indicates that the instrumented
cylinder is Just downstreamof the region of high heat transfer associ-
ated with the bow shock of the leading cylinder, and the thermocouple
reading at the stagnation line is only slightly higher than that of the
preceding configuration. The distribution of h/hL on the cylinder
shownin figure ii indicates that the leading cylinder bow shock produces
a slight increase in heat transfer closer to the flat plate than that
associated with the single cylinder with maximumheating occurring at
the edge of the boundary layer. The portion of the cylinder not influ-
enced by the flat plate is in good agreement with theory.

In figure 12, the instrumented cylinder is 3.2 diameters downstream
of the dummycylinder, a llne connecting the centers of the cylinders
from an angle of 45° with the free stream. The region of elevated
heating from the leading cylinder bow shock impinges oll the instr_mented
cylinder between 0 and 90° and results in extremely high values of h/h o
ranging from 9 to 12 adjacent to the cylinder. The cylinder heat trans-
fer shownin figure 13 indicates that the region of maximumheating
along the stagnation line occurs somedistance from the flat plate with

maximum h/h L of 2_. The circumferential plots indicate a value ofa

h/h L of 2 for angles up to 45 °.
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Exploratory tests have also been conducted on roughness elements
that are small comparedwith the boundary-layer thickness. Figure 14
illustrates the skin of a sandwich-construction element that had been
deformed by abnormal heating rates. A model was constructed to dupli-

cate this surface with the bottom of the dimples 0.020 inch below the

surface. Tests were conducted in the ceramlc-heated Jet (pilot model)

with a free-streamMach number of 4 and stagnation temperatures of

approximately 2,500 ° F. The test specimen was the surface of a 30 ° wedge

and resulted in a surface Mach number of 3 and a free-stream Reynolds

number of 6 × l06 per foot. Detailed temperature measurements failed

to indicate any significant change in the level of the heating in the

region of the dimpled surface as compared with that of a smooth surface.

Similar tests were conducted on stainless-steel Phillips-type screw-

heads in a stalnless-steel surface. The location of the screws in rela-

tion to the model surface is shown in the upper sketch in figure 15. In

order to simulate normal manufacturing tolerances, the surfaces of the

screws were 0.015 inch above the model surface, flush, and 0.015 inch

below the surface. Thermocouples on the back face of the screwheads

and temperature measurements of the surface made by a photographic tech-

nique showed that all the screwheads reached temperatures which averaged

approximately lO0 ° hotter than those of the adjacent skin. The photo-

graph of the model in figure 16 was taken during the latter portion of

the test; the luminescence is a function of temperature. With the assump-

tion that the high screw temperatures resulted from the fact that the

mass of the screw is substantially less than that for a cylinder of skin

of equal face area, the screwhead temperature time history was computed,
with consideration of the conduction across the metal-to-metal interface

as outlined in reference 4 and the assumption that the heat transfer was

the same as that of the adjacent skin. The results in figure 17 show

good agreement with theory. In order to check the assumption that the

screwhead temperature is dependent upon the area exposed to aerodynamic

heating and the conduction across the interface, a second model, illus-

trated in the lower portion of figure 15, was constructed. All three

plugs have the same volume, one plug was cylindrical, the other two plugs

were tapered with a ratio of two to one. On face areas with the same

test conditions as those used on the honeycomb deformed skin, the plug

with the large area outboard had a temperature lO0 ° greater and the

inverted plug had a temperature of lOO ° cooler than the cylindrical plug

that had the same temperature as the model skin.

CONCLUDING REMARKS

In conclusion, the presence of large protuberances that are only

partially immersed in a turbulent boundary layer effects a large increase

in heat transfer upstream and on each side of the protuberance wake.
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Extreme care must be taken in locating a protuberance in the influence
of another one. The ratio at a particular thermocouple of the heat-
transfer coefficient for the flat plate with the protuberance to the
heat-transfer coefficient of the flat plate alone can be as great as
12 in the more adverse location.
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CYLINDERHEATTRANSFER
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SPECIMENS TESTED IN PILOT-MODEL
CERAMIC-HEATED AIR JET
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Figure 15

SCREWHEAD MODEL AT ELEVATED TEMPERATURE

Figure 16
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COMPARISON OF GALGULATED AND MEASURED
TEMPERATURE TIME HISTORY OF SCREWHEADS
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EXPERIMENTAL STUDY OF BALLISTIC-MISSILE

BASE HEATING WITH OPERATING ROCKET

By J. Cary Nettles

Lewis Flight Propulsion Laboratory

Early attempts to launch IR_4- and ICBM-type missiles indicated

that a very probable cause of malfunction of the missile was excessive

temperature in the motor compartment. The existence of this condition

was evident in failures of the motor directional drives and premature

shutdown of the rocket-motor fuel supply. Current successful firings

are made with missiles that have closed-in bases and insulation around

all of the vital parts. Although this arrangement does make the missile

operational, it is not considered satisfactory because the base closure

and insulation add weight that reduces the final velocity of the missile

and, consequently, its range. In addition, the closing-in of the motor

compartment makes this cavity highly susceptible to explosions due to

fuel and oxygen leaks.

A rocket of the l,O00-pound-thrust class was installed in the Lewis

8- by 6-foot supersonic tunnel to permit a controlled study of some of

the factors affecting the heating of a rocket-missile base. Liquid oxygen

and JP-4 fuel were used as propellants. A photograph of the rocket in

operation is shown in figure i. The model body diameter is 7.875 inches,

and the rocket-nozzle discharge diameter is 3.4 inches with a throat-to-

discharge area ratio of 8. The nozzle was contoured according to present

large-scale motor designs. All of the test firings reported herein were

made with a chamber pressure of 500 pounds per square inch absolute. The

duration of firing was controlled by the time required to reach an appar-

ent stable temperature in the base region. Average firings were about

45 seconds in duration.

A simplified diagram that depicts the flow in the base of a typical

missile is shown in figure 2. The idea that bound-vortex flow exists in

a base such as this has been advanced in numerous references dealing with

the study of base pressure. The generation of vortex flow is associated

with mixing profiles that are found between the base region and both the

stream and jet flow. Quantities of stream and exhaust gas are trans-

ported into the base and mixed together to create a base temperature.

The gas that enters the base from the Jet also contains unburned products

that become potentially combustible when mixed with the stream air.
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A calorimetric process for the base was assumed, and the resulting
computedtemperatures are shownin figure 3. The values of jet-gas con-
centration wj/w a of 0.03 and 0.06 that were selected for the computa-
tions were based on experimental measurementsmadewith an NACAfuel-air
ratio meter. For the mixing calculations, all the jet gas was assumed
to arrive in the base at jet temperature. The curves indicate that with
mixing alone the base temperature can range from 300° to 500° F for the
jet-gas concentrations considered. The changeof temperature with oxygen-
fuel ratio is small. For the case where burning is occurring, the addi-
tional assumption was madethat all the heat of combustion available in
the jet gas was released in the base. The values of temperature indi-
cated, therefore, are theoretical limits and have no special significance.

It is important to note from the curves of mixing plus burning that
large temperature rises can occur even with moderate concentrations of
jet gas if the mixture is ignited. Also, with burning, the trend is
toward reduced temperature rise as the oxygen-fuel ratio is increased
toward the stoichiometric value of 3.4. In fact, the reason that the
computedtemperature rise due to burning does not coincide with the
mixing value at an oxygen-fuel ratio of 3.4 is that the rocket-motor
combustion efficiency is less than unity.

Data are shownin figure 4 for firings madewith an open base that
simulates a missile configuration. Each test point shownrepresents an
individual rocket firing. The temperatures presented are the maximum
values observed with thermocouples mounted to measure air temperature;
however, the spread between the maximumand the minimumwas not great.
The temperatures are the result of operation of the rocket motor only;
the effect of accessory discharge will be discussed later. In spite of
the apparent scatter, the data at a Machnumber of 2.0 (circles) and a
Math numberof 1.6 (squares) tend to fall in two categories. One is a
relatively low level, and the other is muchhigher - the higher level
being about 1,2OO° F at a Math number of 2.0. Photographic observations
confirm that the high-temperature data coincide with visual burning in
the base. A trend of decreasing temperature with increasing oxygen-fuel
ratio is observed in most of the high-temperature data.

The base of the missile was closed, and the data from this configu-
ration are shownin figure 5. Temperatures inside the closed cavity
were just slightly above stream stagnation temperature and are not shown
in this figure. The temperature outside the closed base was somewhat
different from that in the open base, but the overall level was about
the same.

The data presented in the previous figures were obtained with nitro-
gen as the pressurizing gas for the liquid oxygen. Nitrogen dissolves
in liquid oxygen and causes a deterioration of the combustion efficiency
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at a given indicated oxygen-fuel ratio. The use of nitrogen was an

expedient, and the reduction in combustion efficiency was not at first

considered to be important. Data obtained with helium as the pressur-

izing gas are shown in figure 6, where it can be seen that the improved

combustion efficiency has reduced the temperature, presumably because

a smaller quantity of combustibles is present. The difference in com-

bustion efficiency is about 8 points.

If the simplified base flow of figure 2 is recalled, it is logical

to surmise that one way of reducing the amount of Jet gas entrained in

the base is to move the jet rearward so that the mixing zone intercepted

by the base streamlines is reduced. The data that were obtained with

the motor extension increased from 0.32D to 0.59D, where D is the

diameter of the base, are presented in figure 7. It is apparent that

moving the motor relative to the base was very effective in reducing the

temperature, even though the base was open. Pursuing the idea that, if

a little helps, a lot is better, the motor was extended to 0.78D, and

the data for this configuration are presented in figure 8. The tempera-

tures indicated in figure 8 are essentially the stagnation values for

the tunnel. Independent measurements of the Jet-gas concentration in

the base indicated that the amount of Jet gas in the base was also

greatly reduced, being essentially zero for the 0.78D configuration.

Extending the motor out of the base introduces the possibility

of increased pressure on the motor, especially as the trailing shock

is approached in the supersonic case. Typical pressures measured on the

motor shroud at a Mach number of 2.0 are presented in figure 9- The

computed expansion angle for flow around the base corner into the base

pressure region is shown schematically for reference. The pressure rise

indicated for the two extended-motor cases is probably due to a feeding

forward of the pressure rise of the trailing shock. It is apparent that

an estimate of loads on a motor actuator would be very difficult because

of the complex flow field.

Four configurations of turbine exhaust are shown in figure lO.

Propane was used to simulate the fuel-rlch turbine discharge gas. The

configuration at the upper left is an early design that proved to be

very poor from the base-heating standpoint. The temperatures measured

were well above 1,500 ° F, and violent burning was observed in the base.

The configuration at the lower left was an attempt to keep the burning

downstream of the base in the hope that the hot gas would be swept away

instead of being trapped in the base. The temperature and burning with

this configuration was, if anything, worse than with the first configu-

ration. The configurations on the right were a result of a more compre-

hensive study of the base flow. The discharge at the upper right is

located outboard of the base by an amount that was believed to be out-

side of the base stagnation streamline. This configuration showed no
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increase in base temperature even when hydrogen was discharged. Another
version of this sameconcept is shownat the lower right. This configu-
ration also showedno temperature rise with propane.

This work, to date, can be sunlnarized as follows:

1. With single rocket-type missiles, very high temperatures can
occur in the base region because of ignition of burnable rocket gases.
Onemight presume that multiple rocket installations will suffer from
the additional complication caused by Jets impinging on adjacent Jets.

2. The spacing between the end of the base and the end of the

rocket motor is a very important parameter affecting the base tempera-

ture. Rational methods for selecting the proper spacing are not readily

apparent.

3- The estimation of alrloads on the rocket motor is difficult

because a pressure rise feeds forward from the trailing shock.

4. Combustibles that are dumped into the base by accessories seri-

ously aggravate the base-burning temperature rise. Discharges that

extended well past the base radius or that were located in such a manner

as to protrude outside of the base stagnation streamline were effective

in eliminating the burning of accessory exhaust in the base.
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ROCKET INSTALLATION IN 8x6

Figure I
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INCREASED MOTOR EXTENSION
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PRESSURE RISE FOR INCIPIENT SEPARATION

OF TURBULENT BOUNDARY LAYERS

By Donald M. Kuehn

Ames Aeronautical Laboratory

INTRODUCTION

Any aerodynamic device which has boundary layer flowing through an

adverse pressure gradient can experience boundary-layer separation if

the gradient and pressure rise are sufficiently severe. This separation

can exist for a number of common devices, such as deflected flaps, ailer-

ons, compressor blades, supersonic diffusers, and spoilers. Since some

design procedures depend on the flow being attached, it is essential that

designers have data available to estimate the operating limits of the

devices which are subject to boundary-layer separation. A continuing

program is being performed at the Ames Aeronautical Laboratory to study

laminar, transitional, and turbulent separated boundary layers. One

phase of the program will be described. It is concerned with the pres-

sure rise which a turbulent boundary layer will tolerate with no separa-

tion. The purpose of this paper is to present a brief r4sum4 of the

design data obtained and to point out significant physical trends.

The experiments were conducted in the Ames i- by 3-foot supersonic

tunnel No. I over a Mach number range of approximately 1.6 to 4.2 and a

Reynold s number range, based upon boundary-layer thickness, of about

1.5 × 104 to 7.5 × 104. The investigation was restricted to turbulent

boundary layers, and the boundary-layer flow approaching the interaction

region was one of essentially zero pressure gradient. Models used were

two-dimensional compression corners (to simulate the flow over deflected

flaps or ailerons), curved surfaces (to simulate the flow over a compres-

sor blade), and incident shocks (to simulate the type of pressure rise

common with supersonic diffusers).

SYMBOLS

M

P

Mach number of flow approaching pressure rise

static pressure
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r

R5

5

radius of curved portion of curved surface model

boundary-layer Reynolds number

boundary-layer thickness at beginning of pressure rise

Subscripts:

0 conditions upstream of pressure rise

1 conditions downstream of pressure rise

RESULTS

The results of the investigation indicate three variables to be of

considerable importance as affecting the pressure rise which is required

to cause a turbulent boundary layer to separate. They are Mach number,

Reynolds number, and body shape. Typical data are presented which illus-

trate the trend of incipient-separation pressure rise with these three

variables.

Static-pressure distributions along a curved surface and the corre-

sponding shadowgraphs for separated and attached turbulent flows are

shown in figure i. The left portion of this figure illustrates the hump

in the pressure distribution which is characteristic of separated regions

for all body shapes of this investigation. The point of boundary-layer

separation is indicated in the figure. The right portion of this figure

shows the pressure distribution and corresponding shadowgraph for an

attached flow. The first occurrence of separation was detected by

decreasing Mach number from a condition of no separation until the char-

acteristic hump in the pressure distribution first appeared. The pres-

sure rise for incipient separation is thus defined as that pressure ratio

achieved just before separation is evident (indicated as (Pl/PO_
INCIPk

% \ /

in fig. i). An important point to be observed is the widely different

flow fields and pressure distributions possible for only a slight differ-

ence in Mach number; that is, a Mach number of 3.74 as compared with a

Mach number of 3.86.

Figure 2 shows the effect of Reynolds number on the pressure ratio

for the incipient separation of turbulent boundary layers in compression

corners. Pressure ratio is plotted as a function of Reynolds number,

based upon boundary-layer thickness, for Mach numbers varying from 2 to

4. This Reynolds number effect is predominant in the high Mach number

range and in the low Reynolds number range. The Reynolds number effect

shown for compression corners is typical of that found for curved sur-
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faces and incident shock models. A possibly surprising feature of this

Reynolds number effect, and one that is opposite to that for subsonic

flow, is the ability of a turbulent boundary layer at low Reynolds num-

ber to tolerate a larger pressure rise with no separation than can a

boundary layer at high Reynolds number. This trend is opposite to the

generally accepted idea that adverse flow conditions, resulting from low

Reynolds number effects, can usually be improved by increasing the

Reynolds number. This same trend has, however, been noted in previous

work (ref. i) with respect to other pressure ratios associated with

separation and was attributed to the decrease of local skin-friction

coefficient with increasing Reynolds number. It is possible that the

Reynolds number trend noted herein is also associated with this skin-

friction variation.

The effect of Mach number on the pressure ratio for incipient turbu-

lent separation for several body shapes at a constant Reynolds number is

shown in figure 3. The pressure ratio for incipient separation is plotted

as a function of Mach number approaching the pressure rise. In a previous

publication (ref. 2), comparison of compression-corner data obtained at

Ames Laboratory with incident shock data obtained by Bogdonoff at

Princeton University indicated a large difference to exist between these

two models with respect to the pressure rise required for separation

above a Mach number of 2. Reynolds number was not constant in the com-

parison. Incipent separation data at constant Reynolds number obtained

in the present investigation, however, show the compression-corner and

incident-shock-model data to be quite similar. In view of the Reynolds

number effect observed in this investigation, the apparent difference

(fig. 3) between these two models is believed to be due to Reynolds num-

ber. The curved-surface models demonstrate the large gains to be real-

ized in the pressure-rise ratio with no separation by decreasing the

pressure gradient. Values of radii, expressed in terms of boundary-

layer thickness, of approximately i0, 20, and 30 are represented and

pressure ratios up to 16 are shown with no separation. In the upper

Mach number range, body shape, Reynolds number, and Mach number are

important variables affecting the incipient separation pressure ratio.

However, as Mach number is decreased to a value less than 2, a pressure

ratio of approximately 1.8 will suffice to describe incipient separation

conditions for all body shapes and Reynolds numbers of this investigation.

These data show clearly that the pressure rise which will cause a turbu-

lent boundary layer to separate can be considerably higher than the values

of about 2 to 3 which have been used in various design methods.

CONCLUDING REMARKS

Three main variables have been pointed out as having considerable

influence on the pressure rise for incipient turbulent separation. First,
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there was a Reynolds numbereffect which had not been detected in previ-
ous supersonic data and which is opposite in trend to that for subsonic
flow; second, there was an extremely large effect of Machnumberfor all
body shapes; and third, reduction of the pressure gradient by increasing
the radius of the curved surface had a large influence on the pressure
rise possible with no separation.
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EFFECTSOFBOUNDARY-lAYERDISPLACEMENTANDLEADING-EDGE

BLUNTNESSONPRESSUREDISTRIBUTION,SKINFRICTION,

ANDHEATTRANSFEROFBODIESAT HYPERSONICSPEEDS

By Mitchel H. Bertram and Arthur Henderson, Jr.

Langley Aeronautical Laboratory

SUMMARY

Results are presented of an investigation to determine the effect
of boundary-layer displacement and leading-edge bluntness on surfaces
in hypersonic flow. The presence of the boundary layer and the blunt
leading edge induce pressure gradients which in turn affect the skin
friction and heat transfer to the surface. Methods for predicting these
phenomenaon two-dimensional surfaces are given and a brief review of
recent three-dimensional results is presented.

INTRODUCTION

In hypersonic flow large pressure and temperature gradients can be
induced on a plate without the plate itself having an inclination. In
pure form two main types of induced effects maybe detected. Oneis
the pressure gradient induced by the presence of thick boundary layers
on sharp leading-edge plates and the other is the pressure gradient
induced on surfaces following very blunt leading edges. These induced
effects, together with the manner in which they are influenced by plan

form and angle of attack, are the main consideration of this investi-

gation. In addition, since purity is not often attained and the cases

in which the two induced effects act simultaneously are often of more

practical significance, the case of mixed effects is also considered.

The important progress that has been made in these areas is demonstrated.

SYMBOLS

a I

A

skin-friction constant in viscous-interaction theory

aspect ratio
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C c

m

Cc,p

2_c,p

Cc,t

CD, N

%

chord-force coefficient

inviscid pressure chord-force coefficient

increment in pressure chord-force coefficient due to

boundary-layer-displacement effects

pressure-chord-force-coefficient contribution due to finite

thickness of leading edge

nose drag coefficient based on forward projected area of

nose

average skin-friction coefficient for one side of flat plate

including boundary-layer-displacement effects

increment in average skin-friction coefficient due to

boundary-layer-displacement effects

total skin-friction coefficient of flat plate with zero

pressure gradient

CF,T

_wT_

C_ =

_eT_

Cl/,e - I/_Te

d

L

M_

Ma

total skin-friction coefficient of flat plate including

boundary-layer-displacement effects

flat-plate normal-force-curve slope including boundary-layer-

displacement effects

flat-plate normal-force-curve slope (inviscid)

nose diameter

plate length

free-streamMach number

asymptotic Mach number on flat plate (inviscid sharp-leading-

edge value)
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NS t

%t

NSt,_

P

P_

Pa

Pc

Pw

Ra, x

Roo_ c

R_, d

R_ 3t

Roo 3 x

RS

S

t

T e

Stanton number including pressure-gradient effects

Stapton number on flat plate with zero pressure gradient

Stanton number based on free-stream conditions

local pressure

local pressure rise due to blunting with sweep

free-stream pressure

asymptotic pressure on flat plate (inviscid sharp-leading-

edge value)

theoretical inviscid pressure on code surface

surface pressure

Reynolds number based on asymptotic conditions on flat

plate (inviscid sharp-leading-edge values)

Reynolds number based on free-stream conditions and root

chord of delta wing

Reynolds number based on free-stream conditions and nose

diameter

Reynolds number based on free-stream conditions and nose

thickness

Reynolds number based on free-stream conditions and

streamwise distance

Reynolds number based on sharp-cone surface conditions and
surface distance from the nose

distance along surface

nose thickness

recovery temperature
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W w

T o

X

CL

5

A

7

_w

_e

X_, S

wall temperature

stagnation temperature

streamwise distance along axis

angle of attack

plate deflection angle

sweepback angle

ratio of specific heats

dynamic viscosity at wall temperature

dynamic viscosity at recovery temperature

viscous interaction parameter based on free-stream

 on  t oos,
viscous interaction parameter based on free-stream conditions

and using the square root of the plate area as the char-

acteristic length in the Reynolds number

RESULTS FOR TWO-DIMENSIONAL CONFIGURATIONS

Boundary-Layer-Displacement Effects

Surface pressures.- The effect of the boundary layer in displacing

the flow around flat plates is most familiar through its effect on the

pressure distribution. Recently high Mach number data have become avail-

able for pressure distributions on flat plates with very sharp leading

edges. Published data of this type are given in re_erences 1 and 2.

More recent data are given by some measurements in the Mach number 9.6

nozzle of the Langley ll-inch hypersonic tunnel to test both changes in

Reynolds number and angle of attack shown in figure 1. These results

were obtained with, for this setup, an unavoidable heat transfer. The

abscissa in figure 1 is a parameter first shown by Lees and Probstein

(ref. 5) to be that for which correlation of boundary-layer induced

effects should be obtained. In it Mach number, Reynolds number, and

comfficient in the linear formula for viscosity are used at the local

asymptotic flow conditions, that is, the conditions that would be
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w

J

obtained on the plate at each angle of attack were there no boundary

layer present. Also the viscosity coefficient C_ is evaluated at

estimated recovery conditions designated C_, e. The pressure param-

eter in the ordinate is the pressure rise above asymptotic pressure

divided by the asymptotic pressure.

large pressure rises are obtained as the leading edge is approached.

Although all the angles of attack correlate well_ the original data (the

open symbols) fall below the line given by insulated-plate theory (Lees'

first-order strong interaction, ref. 4) due to heat transfer from the

boundary layer to the plate wall during these transient tests. The

inset in figure i shows the measured temperatures along the plate nor-

malized with respect to stagnation temperature, together with the poly-

nomial fitted to these data for use with the theoretical method of

modifying the data to insulated-plate conditions. In the same manner

that was found to be successful in reference 2_ the original data were

modified to the insulated-plate case. The result is shown by the solid

symbols in figure i and is in general agreement with the theoretical
line.

Skin friction.- These large pressures_ of course, have an effect

on both skin friction and heat transfer. The results of strong-

interaction theory and the hypersonic equations for pressure as a func-

tion of plate deflection angle are used to obtain figure 2_ which shows

the contribution of each surface of a two-dimensional wedge wing to

the total skin friction. This contribution of each surface is normal-

ized with respect to the total skin friction of a flat-plate wing (both

surfaces) with a zero pressure gradient at zero angle of attack. The

hypersonic boundary-layer-interaction parameter is evaluated at undis-

turbed free-stream conditions ahead of the plate. So long as the wall

temperature is constant the plot is independent of the wall temperature.

The constant a' is a function of wall temperature and is tabulated

and plotted graphically in reference 2. When X_ = O, the classical

flat-plate skin-friction values result.

Utilizing these same equations but adapting them to the delta

wing according to reference 2 permits a similar plot to be constructed

for a delta wing. Such a plot is shown in figure 3. For the delta

wings the Reynolds number utilizes the square root of the projected

wing area as the characteristic length. This is done to facilitate

the use of area as a comparison basis.

As an illustration of the use of the results from figures 2 and 3,

figure 4 has been prepared. Figure 4 gives the total skin friction

for a two-dimensional and a delta-plan-form flat plate as a function

of the hypersonic similarity parameter for various values of the
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hypersonic interaction parameter. Of course, a similar plot can be

constructed for a wing of given wedge angle from figures 2 and 3. Note

the appreciable increases in total skin friction due to boundary-layer-

displacement effects, even at moderate values of the hypersonic inter-

action parameter.

Both flat-plate and delta-wing data for skin friction at Y4o = 6.8

have been presented in reference 2. The magnitude of the increase in

skin friction which could be ascribed to boundary-layer-displacement

effects was correctly predicted. Recent data obtained at Mach num-

ber 9.6 for the variation of chord force with angle of attack for a

delta-wing--half-cone combination obtained by W. O. Armstrong in the

Langley ll-inch hypersonic tunnel are shown in figure 5- For the pres-

ent purposes the presence of the half-cone complicates but need not

obscure the comparison. The lines at the bottom of this figure outline

the various contributions to the pressure chord force such as the

inviscid-pressure chord force (Cc,p), the increment in pressure chord

force due to boundary-layer-displacement effects (ZhCc,p) , and the

leading-edge-thickness contribution to the chord force (Cc,t). The

large area immediately above the pressure contributions is the skin

friction for a delta-plan-form flat plate with zero pressure gradient

C_)' and the area above this (designated ACF)is the increment in
\

skin friction calculated to be due to boundary-layer-displacement

effects. This increment alone is, in general, larger than the pres-

sure drag from all sources on this model. Because of the shielding

effect on the cone, the negative angles of attack are relied upon for

comparison between theory and experiment. Throughout the entire range,

however, the prediction of theory is considered good.

Normal force.- The results discussed have been concerned with the

effect on the skin friction attributable to boundary-layer displacement;

however, there is a corresponding effect on the normal force, so that

the L/D of the wing is probably less affected than would be indicated

by displacement effects on skin friction alone. The predicted effect

on normal force for a two-dimensional insulated flat plate is compared

in figure 6 with data obtained by Tellep in the University of California

low-density tunnel at a Mach number of about 4 (ref. 5). Shown are

Tellep's original data for various aspect ratios and the data modified

to infinite aspect ratio according to Tellep. The increases in normal

force can be large, and one factor illustrated in figure 6 is the need

of more attention to the effect of aspect ratio.
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Blunt-Leading-Edge Effects

Blast-wave theory correlation of surface _ressures at zero swee_

and zero angle of attack.- Thus far, only the viscous or boundary-

layer induced effects have been treated. As mentioned previously, the

conditions on a plate with a blunt leading edge represent another exam-

ple of an induced effect that assumes significance at hypersonic speeds.

The increase in pressures on a plate following a blunt leading edge has

been known for some time and has been demonstrated both theoretically

and experimentally (refs. 6 to 8). Cheng and Pallone (ref. 9) and Lees

and Kubota (ref. i0) more recently have given the proper correlating

parameters for this phenomenon. Their work stems from the so-called

"blast-wave" theory in which the two-dimensional blunt leading edge is

taken as the origin of an explosion in which the energy released is

proportional to the leading-edge drag. The theoretically predicted

correlation parameter has been found to correlate the results from

characteristics theory where a sonic wedge is utilized as the blunt

leading edge (ref. ii). This correlation of surface pressures over

an extended range of Mach number in air and helium is shown in figure 7.

The correlation parameter from blast-wave theory is the abscissa in

the figure. This correlation parameter combines the effect of distance

from the leading edge, Mach number, and nose drag. The ordinate is

the nondimensionalized wall pressure rise above free-stream pressure

induced by the blunt leading edge. The correlation is good except

very near the nose (within the first 3 to 4 nose diameters) where the

theory is not expected to apply. First-order blast-wave theory is

also shown on this plot. Note the departure of this theory from the

characteristics solutions at large values of x/t. This first-order

blast-wave theory again is not expected to apply at these larger values

of the distance parameter.

Effect of an61e of attack on surface _ressures at zero sweep.-

For comparison of the theory with experiment, Princeton helium-tunnel

data obtained at M_ = 11.4 with viscous effects believed to be negli-

gible have been utilized, and the data were found to be in reasonable

agreement with theory (ref. ii). Some recent data bearing on this

problem have been obtained by W. V. Feller on a hemicylinder leading-

edge plate in the Langley ll-inch hypersonic tunnel. Although the

Mach number is somewhat low (M_ = 6.9) a number of test variables are

covered, and for this reason the data are valuable. Experimental and

theoretical data for the zero-yaw plate are presented in figure 8

for several angles of attack. The ordinate in this figure is the

increment in pressure ratio due to the blunt leading edge at each angle

of attack. A positive angle of attack refers to the windward surface

of the plate, while a negative angle of attack indicates the leeward

or shielded side of the plate. The abscissa is distance from the

leading edge in terms of leading-edge thickness. The theoretical
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lines are the result of the characteristics solutions for the sonic-
wedge leading-edge plate. Note that the trend with angle of attack is
well predicted by theory.

In order to determine trends to be expected from similar results
at a higher Machnumber, figure 9 has been prepared from characteristics
solutions for the flat plate with sonic-wedge leading edge at a Mach
number of 20. This figure presents the pressure rise on the wing sur-
face due to a combination of angle of attack and leading-edge bluntness
as a function of surface distance. The rise in pressure above the

asymptotic pressure (the sharp-leading-edge plate pressure) is con-

siderably reduced, percentagewise, as the angle of attack is increased.

Note the large induced pressures, especially on the low-pressure side

of the plate. At _ = -I0 °, pressure-difference ratios as high as the

order of i0 are predicted while the inviscid pressure for a sharp-

leading-edge plate is essentially zero absolute.

Effect of sweep on surface pressures.- The effect of sweep on the

blunt-leading-edge induced pressures is also of considerable practical

significance. Sweep has been investigated by again resorting to blast-

wave theory and assuming that the induced pressures are a function only

of the cross-flow component of the Mach number. At zero angle of attack

the induced-pressure rise at a given streamwise location on a wing

with sweep is found to be reduced from the pressure rise on an unswept

wing by a factor equal to the cosine of the sweep angle to the 8/3 power.

This relationship is shown in figure i0. The effects of sweep can be

large; for example, at a sweep angle of 60 ° the induced-pressure rises

are predicted to be about 1/7 of those for zero sweep.

Figure ii presents the pressure data for the hemicylinder-leading-

edge plate at zero angle of attack at M_ = 6.9 in a form designed to

test this prediction of the effect of sweep. The pressure rise modi-

fied by the cosine function is plotted against streamwise distance in

terms of nose thickness. The cosine function is found to correlate

the pressure-rise data for 0 ° and 40 ° sweep with excellent accuracy.

However, the data for 60 ° sweep are about 15 percent higher than the

data for the two lower sweep angles. This discrepancy is that which

would be expected were viscous effects present, inasmuch as the cosine

function is not a correlating factor for viscous effects. The agree-

ment with theory, from the sonic-wedge leading-edge correlation by

blast-wave theory presented earlier, is considered good.

The effect of sweep at an angle of attack of 5° is shown in fig-

ure 12. Again the cosine function correlates the pressures for each

side. Here again the pressure is presented as the increment in pres-

sure due to the blunt leading edge. The positive values of _ = 5°
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refer to the windward side of the plate while -5° refers to the leeward
side. The main exception to correlation is for the 60° swept plate on
the leeward side.

CombinedViscous and Leading-Edge-Bluntness Effects

Thus far, the viscous and blunt-leading-edge effects have been
treated separately. In actual applications_ however, they will prob-
ably more often than not be found to be acting simultaneously. A fair
amount of pressure data of this type has been obtained in the Princeton
helium tunnel (refs. 8 and 12). Recently pressure data of this mixed
viscous and blunt-leading-edge type have been obtained on a flat plate
in a 2-inch helium jet at the Langley Laboratory, in which the avail-
able data are extended to very high Machnumbers (Mach numbers in the
range 17 to 23). SomePrinceton data are shownin figure 13(a) and
someLangley data in figure 13(b). By choice, the pressure-rise param-
eter has been plotted against the viscous-correlation parameter. For
clarity only the highest and lowest Machnumbers and Reynolds numbers
for the Langley tests have been shown. A simple linear addition of
the pressure predictions of viscous theory and sonic-wedge character-
istics theory modified according to blast-wave theory is presented for
comparison with the data. The viscous theory was obtained by the method
of reference 13 with a continuously variable Machnumbergradient.
There is no large consistent disagreement between theory and experiment.
The very large pressure rises that can be obtained on a flat plate at
zero angle of attack from a combination of viscous and blunt-leading-
edge effects should be noted.

Heat Transfer

The next problem to be considered is that of heat transfer to these
surfaces. A simple solution to the problem of laminar heat transfer
to surfaces on which pressure gradients occur in hypersonic flow is
available from similarity theory. This solution which is restricted
to power-law variations of pressure with surface distance was pointed
out by Li and Nagamatsu(ref. 14), who worked out in detail the case
of the strong-interaction self-induced pressure gradient by this method.
M. H. Bertram of the Langley Laboratory has determined the results from
this solution for general use. The result for Stanton number is shown
in figure 14_ where NSt represents the Stanton numberwith zero pres-
sure gradient and NSt represents the point values of heat-transfer
coefficient normalized by the sameconditions as the NSt values.
Note that the pressure gradient reduces the heat transfer but a high
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local pressure increases the heat transfer. The value of n = -0.875

corresponds to infinitely favorable velocity gradient in the transformed

plane with 7 = 7/5-

This theory has been utilized for comparison with some available

data, namely, that of Crawford and McCauley (ref. 15) and Creager

(ref. 16) shown in figure 15. Crawford and McCauley's data were obtained

on hemisphere-nosed cylinder at Mach number 6.8. For purpose of analy-

sis, these data were assumed to be equivalent to flat-plate data.

Creager's data were obtained on a hemicylinder-leading-edge flat plate

at zero angle of attack and Mach number 3.9. In order to obtain the

curves from similarity theory, power laws were fitted to the measured

pressure distributions. In general, good fits to the pressure data

could be obtained. The exception was Creager's pressure data which at

the higher values of x/t showed a variation of pressure with inverse

distance higher than the 2/3 power so that lateral and trailing-edge

effects were indicated. Thus, for these data only the lower values of

x/t were theoretically evaluated. The correlation parameter for laminar

theory NSt,_\ R_,x is plotted in figure 15 against the streamwise

distance in terms of nose thicknesses. The data from reference 15 and

from reference 16 (in the range considered) are found to be well pre-

dicted by similarity theory. These pressure-gradient effects will of

course assume greater importance at very high Mach numbers where the

induced pressures are much larger.

THREE-DIMENSIONAL CONFIGURATIONS

Pressures on Blunted Rods

In the discussion of the effects considered thus far_ three-

dimensional bodies in general have not been considered. A short review

of some recent results on simple bodies at high Mach numbers will now

be presented. In figure 16 are shown surface-pressure results from

blunt-nose rods immersed in hypersonic helium flow. Data from two

sources are shown: results from the Princeton helium tunnel (ref. 17)

and unpublished results from the Langley 2-inch helium jet. The

pressure-rise parameter is shown plotted against the blast-wave-theory

correlating parameter for a given nose shape, that is, distance (in rod

diameters) divided by Mach number squared. In figure 16(a) are the

results for the hemisphere tipped rod. These data appear to separate

into two main groups; one, the Mach number 12 to 14 data, the other the

Mach number 17 to 21 data. From flat-plate calculations based on the

Mach number 21 data_ the difference between the two sets of data appears,

roughly, to be attributable to boundary-layer-displacement effects.
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The data for the flat-nosed rod in figure 16(b) show somewhat

better correlation at the higher values of x/d, although the Mach num-

ber 11.7 data are somewhat lower than the rest of the data. At the low

value of x/d _he familiar phenomenon of overexpansion around the 90o

corner is noted.

Pressures on Blunted Cones

A next step in this study is to investigate a blunt-nosed body

with finite afterbody angle. Pressure measurements have been obtained

on a flat-nosed I0° half-angle cone in a 2-inch helium jet at the

Langley Laboratory. These results are shown in figure 17 for Mach

numbers of 17 and 23 and various nose diameter Reynolds numbers. The

pressure change from inviscid sharp-cone pressure divided by the sharp-

cone pressure is plotted against distance in nose diameters along the

cone axis. Before the data are examined in detail, note the general

level of the measured pressure rises, which are quite small compared

with data from flat plates in both air and helium presented earlier in

figures i and 13. The magnitude of these pressure changes is in tenths

whereas the flat-plate pressure rises ranged from values as high as i0

to 40. The theory shown in figure 17 is Probstein's for hypersonic

laminar-boundary-layer interaction over a cone (ref. 18). Only sharp

cones are considered in the theory.

For the two lowest Reynolds numbers, the agreement of experiment

with theory is considered good, that is, at least for the region beyond

about 17 diameters of the nose. Here viscous effects appear to be

dominant. However, the picture changes at the two highest Reynolds

numbers. The inviscid flow field in the vicinity of the nose exerts its

influence and the pressure distributions resemble those measured on flat-

nosed cones in air at Mach number 6.85 (ref. 19) with a characteristic

overexpansion in the region of i0 diameters which is qualitatively

similar to the pressure distributions predicted by Chernyi (ref. 20).

Viscous effects, though present, appear to be considerably modified or

even subordinate to the inviscid flow field effects.

Heat Transfer to Sharp and Blunted Cones at _ = 0°

Heat-transfer data have been obtained in air at a free-stream

Mach number of 6. 7 on cones similar in configuration to those tested for

surface pressures in helium. These cones had a i0 O half-angle with

sharp, flat, and tangent sphere tips. The tests were conducted at a

stagnation temperature of about 1,120 ° R with a ratio of wall (essen-

tially isothermal) to stagnation temperature close to 1/2. The exper-

imentally determined recovery factor for laminar flow was 0.843 (based
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on sharp-cone surface conditions). This value of recovery factor was
used throughout in determining values of Stanton numberfrom the tem-
perature data.

Results at zero angle of attack are shownin figure 18. The
ordinate is the laminar-heat-transfer correlation parameter in which
Stanton number, Reynolds number RS, and the coefficient in the linear

formula for viscosity C_ are evaluated at the theoretical surface
conditions on the sharp-tip cone at zero angle of attack. The abscissa
is the sameReynolds numberused in the correlation parameter of the
ordinate.

Although experimental values for the sharp-tip cone are somewhat
higher than the laminar-theory values, the Stanton numberparameter is
essentially independent of the surface Reynolds numberup to the
Reynolds number at which the start of transition is indicated (about
4.5 X 106). Whenthe tip of the cone is blunted, this insensitivity
of the Stanton numberparameter to Reynolds numberno longer applies.
There is a decided decrease in heat transfer relative to the heat trans-
fer on the sharp-tip cone as the blunt tip is approached. The effect
of blunting on the geometry alone (pressure assumedconstant) when the
Mangler transformation is used appears to account for substantially all
of this decrease in heat transfer. In the theory the boundary layer
is assumedto start two-dimensionally from the shoulder at the blunt
nose and to approach the cone value asymptotically. Note that the
blunt nose delays transition to surface Reynolds numbersof from
5 x 106 to 6 × 106.

Heat Transfer to Sharp and Blunted Conesat _ = 5°

Next to be considered is the effect of angle of attack on the heat
transfer to these cones. Shownin figure 19 are the heat transfers to
the 0°, 90o, and 180° meridians of the sharp- and flat-faced cones at
5° angle of attack in the sameStanton numberparameter form as were
given the zero-angle-of-attack results. All parameters are normalized
or computedfrom the cone theory at zero angle of attack and thus are
directly comparable to the zero-angle-of-attack results. As expected,
the heat transfer over most of the length was highest along the most
windward meridian (0°) and more or less continuously decreased to the
top meridian (180°). The results at the side meridian (90°) were not
greatly different from the zero-angle-of-attack results which are
shaded in this figure. The effect of blunting is similar to that
obtained at zero angle of attack. The most striking effect is that of
angle of attack on transition and thus on the heat transfer to the
180° meridian. (Comparefigs. 19(a) and 19(b).) Transition occurs
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along this meridian first, and on the sharp cone (fig. 19(a)) the
heat transfer becomesequal to or slightly higher than the heat trans-
fer to the most windward meridian at the rearward stations (highest
values of RS). The 90° meridian has an increase in heat transfer
well above the other two meridians at the most rearward station.
Bluntness appears to delay transition along the 180° meridian, but the
trend of the data appears to be much the samefor the blunted cone as
for the sharp-tipped cone. The initial points on the 180° meridian
are believed to have a high indicated heat transfer because of lateral
heat conduction, which was not taken into account in the analysis of
the data since it was negligible in most instances.

CONCLUDINGR_

The results presented indicate that muchof the viscous and nose-
blunting phenomenathat have been studied in the past in a rather
academicway are nowunderstood to the point where engineering esti-
mates of manyof their effects are now possible. However, a large area
for additional research remains to be explored.

v
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AERODYNAMIC HEATING OF HYPERSONIC CONFIGURATIONS

By Leo T. Chauvin, B. Leon Hodge,
and Andrew G. Swanson

Langley Aeronautical Laboratory

INTRODUCTION

At a time when rocket-airplane and missile speeds are rapidly

increasing, the need for the ability to predict correctly the heating

rates on all exposed surfaces is evident. Heat-transfer data so far

available have been primarily for isolated components at zero angle of

attack. The aim of the present paper is to present component heat-

transfer data at high angle of attack and especially to present configu-

ration data for the important regions where the mutual aerodynamic inter-

ference of configuration components affects the heating rates.

SYMBOLS

@

A

(L

X

d

NSt

R_

C

R_, c

r

P

Cp

V

angle of sweep

angle of attack

distance along nose

diameter

Stanton number

free-stream Reynolds number

meridian angle

chord

free-streamMach number

free-streamReynolds number based on chord

radius

density of air

specific heat of air

velocity
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b

s

length of body

span

distance from leading edge

OGIVE-CYLINDER WING-BODY CONFIGURATION

In figure i are shown two ogive-cylinder bodies having sweptback

wings of 39 ° and 75 ° . The two c6nfigurations were mounted on the front

of a Nike rocket motor in a fork-like arrangement such that the models

were at an angle of attack of 8° . Further description of the test vehi-

cle and basic measurements for evaluating the heat transfer have already

been published and are presented in reference i.

Some heat-transfer data typical of those measured at other Mach

numbers are shown for the nose section of the configuration having a

swept wing of 39 ° in figume 2 (for the windward and leeward sides of the

nose). The Stanton number expressed as a free-stream condition is

plotted as a function of the ratio x/d where x is the distance from

the nose tip to the measurement station and d is the body diameter.

The measurements are presented for M_ = 4.4 and a unit Reynolds number

of 19 x 106 • Indicated in the figure by the solid line is the theory of

reference 2 for heat transfer to yawed cones, which is in good agreement

with the measurements for both sides of the body. The dashed line repre-

sents the theory of reference 3 for turbulent heat transfer to cones at

zero angle of attack. Fair agreement is obtained with the measurements

when the local conditions for an equivalent tangent cone and distance

from the nose tip to measurement station are used in the theory. For

comparison, the estimated Stanton number for e = 0 ° at _ = 1.0 and 2.5d

is 2 x 10 -3 and i × 10 -3 , respectively. These estimates were derived

from reference 3 and local conditions obtained by the method of charac-

teristics. For a simple body free of protuberances such as the one at

an angle of attack of 8°, the figure shows that the theory gives a good

prediction of the heating,

The influence of the wing on the heat transfer to the body is shown

in figure 3 where the measurements are presented as plots of the free-

stream Stanton number as a function of distance along the configuration

for M_ = 4.2, _ = 8°, and for various meridian stations _. At _ = 0

(at the windward station), the measurements are about constant. At

= 67 ° the Stanton number decreases behind the leading edge and then

rises to a magnitude of twice that at _ = 0. Heat transfer on the

leeward side is less than half the value for _ = 0. For comparison,
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the calculated Stanton numberfor zero angle of attack (no interference
being assumed) is approximately 0.7 x 10-3. Measurementsmadeon the
wing-body configuration with 75° sweepshowedthe sameheat-transfer
rise. It appears from these tests that severe heating might be exper-
ienced in the wing-body junctures and that a better understanding of
the complex flow fields in the wing-body region maybe required before
the heat transfer can be predicted.

Heat-transfer measurementsmadeon the wing are presented in figure 4
as plots of the free-stream Stanton numberas a function of x/c. Meas-
umementsare presented for both sides of the 39° and 75° swept wings at

= 8° for M_ = 4.4 and R_,c = 16 X 106 based on the chord of the
wing at the measurementstation. The data are comparedwith the Van
Driest theory (ref. 3) based on sharp-wedge flow conditions parallel to
the body axis and distance from the leading edge to the measuredpoint.
For this angle of attack, previous tests (ref. 4) have shownthat for an
isolated wing good agreement was obtained. For these tests, however,
the effects of the body on the wing were such as to reduce the heating on
the windward side by approximately 20 percent and by a considerable amount
on the leeward side.

x-z5 AIRPLANE

Shown in figure 5 is a sketch of the North American X-15 airplane.

A 1/15-scale model of this research airplane has been tested in the Langley

Unitary Plan wind tunnel at M_ = 3.0 and a Reynolds number per foot of

4.4 × 106 . Note the large external fairings on both the top and side

views which alter local flow conditions and thereby alter the heat trans-

fer. A complete heat-transfer investigation of this configuration has

been made; however, only the data at the forward station at x/_ : 0.13,

and further back along the body at x/Z = 0.50 and along the wing chord

at 50-percent semispan are presented. In order to provide testing in a

turbulent boundary-layer, roughness (No. 60 carborundum) was added along
the bottom of the model.

In figure 6 is shown the distribution of the measured free-stream

Stanton number around the body at x/Z = 0.13 for M_ = 3.0 and for

angles of attack of 0°, 15 ° , and 28 °. For zero angle of attack the dis-

tribution of the measured Stanton number is symmetrical about the fuse-

lage and is in agreement with the turbulent cone heat-transfer theory of
reference 3 except for the point at _ = 0 where the measurement is

higher, probably owing to the influence of the roughness strip. For an

increase in angle of attack to 15° , the heat transfer at the stagnation

point is increased by a factor of 2.0 at _ = 0 and decreases around
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the model to a value of 1/5 that at _ = 0° (windward) at _ = 180°
(leeward). Although increasing the angle of attack to 15° doubled
the heating at @= O, a further increase to 28° madelittle change on
the entire heating distribution. This has also been observed in similar
tests (ref. 5) when the crossflowMach numberapproaches 1. The theory
of reference 2, which was comparedwith a similar body in figure 2 but for
a lower angle of attack, now greatly underestimates the heating for these
large angles of attack.

At station x/_ = 0.5 where the body is cylindrical, figure 7 shows
the distribution of the measuredStanton numberaround the fuselage and
fairing. At zero angle of attack the distribution around the fuselage
is symmetrical and agrees with the turbulent flat-plate theory of refer-
ence 3. As the angle of attack is increased to 15° the heating at
@= 0o is increased about 2.5 times and the heating remains high around
the fuselage until the side of the fairing (at _ = 90°) is reached. On
the leeward side the Stanton number is about half of that on the wind-
ward side. Increasing the angle of attack to 28°, the heat transfer on
the windward side is further increased to about 3.5 times that of zero
angle of attack, and the heating remains high along the windward side
up to the side of the fairing. On the leeward side the heat transfer
for 28° is about the sameas that for 0° and 15°. The theory of Ivan E.
Beckwith (unpublished) for turbulent heat transfer for an infinite swept
cylinder is presented for the windward side. This theory is based on
Reynolds number (based on body diameter) and local crossflow conditions
and applies only at the stagnation point. The theory shows only fair
agreement at an angle of attack of 15° but gives perfect agreement at 28°
where truer crossflow conditions prevail. These data indicate that, for
high angles of attack, crossflow theory predicts the heat transfer very
well.

The measuredheat transfer for the wing of the airplane is shownin
figure 8 for the 50-percent semispanwhere the data are presented as plots
of free-stream Stanton number as a function of x/c for M_ = 3.0 and
R = 2.2 × l06 based on wing chord. The wing had an NACA66-005 airfoil
section and roughness added close to the leading edge to trip the boundary
layer. Tests were madeat angles of attack of 0°, 15°, and 28° . The
measurementsat zero angle of attack are in good agreement with the tur-
bulent flat-plate heat-transfer theory of reference 3 where the Reynolds
number in the theory is based on distance from the leading edge parallel
to the axis of the body. For the windward side the measuredheat trans-
fer for an angle of attack of 15° is about 15 percent higher than that
for the theory and for an angle of attack of 28° is.20 percent higher
than that for theory. For the leeward side, experiment and theory are
in good agreement. The theory for these tests was based on wedge flow,
a sharp leading edge being assumedand the distance being that from the
leading edge parallel to the body to the measured point. It appears
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that, for even a simple shape such as a wing, as the angle of attack is
increased to large angles, the theory underestimates the heat transfer
on the windward side.

HYPERSONICGLIDERTESTS

In figure 9 are showntwo rocket glider shapes that were simulated
by rocket-propelled model tests at M _ i0 and a Reynolds numberper foot
of 1.2 X 106• The arrangement of the flat surfaces on the test vehicle
was such that three of these surfaces formed a pyramid nose shape. On
the right-hand side of the figure is shownone of the flat surfaces
having a sweptback leading edge of 75° at an angle of attack of 8° . The
sketch on the left-hand side of the figure is the sameflat surface with
a conical body, which simulates a wing at an angle of attack of 8° with
an underbody. Shownin figure 9 are the stations at which heat-transfer
measurementswere made. The Reynolds numberfor these tests is such that
the test model simulates the first 30 feet of the full-scale airplane at
an altitude of 160,000 feet.

The experimental heat transfer to the simulated glide vehicles was
obtained from temperature-time histories measured in free-flight rocket-
model tests. The temperatures were measuredwith thermocouples welded
to the inside surface of the skin of the test model. These inside tem-
peratures were used to compute outside surface temperatures which in
turn were used to compute heating rates; the method of reference 6 was
used for these computations. The leading-edge heating data were cor-
rected for lateral conductive heat flow to the cooler flat surface of
the simulated wings.

The theoretical leading-edge heating rates were computedfrom a
modified three-dimensional stagnation-point theory. The basic theory
used was that of Fay and Riddell (ref. 7) which was evaluated by using
a Lewis number of 1.0, a Prandtl numberof 0.71, the Sutherland viscosity
variation with temperature, and ideal-gas-flow properties. The validity
of this method of evaluation of the Fay and Riddell theory is discussed
in reference 8. This three-dimensional heating rate was multiplied
by I/_ to convert it to a two-dimensional stagnation-line heating rate
as was done in reference 9. This heating rate was then reduced, to
account for the alleviating effects of sweep, by the factor (cos A)3/2.
This factor has theoretical justification for M _ _ (ref. i0, for
example), although someexperimental data from wind-tunnel tests have
indicated that the heating reduction due to sweepis more nearly pro-
portional to cos A. Heating rates were reduced to free-stream Stanton
numbersby using the free-stream stagnation temperature as adiabatic wall
temperature.
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It can be seen (fig. i0) that the experimental data obtained from
both of the simulated glide vehicle tests are in reasonable agreement
with the theoretical prediction obtained from the method outlined above.
It is interesting to note that, for the high sweepof the configurations
tested, the use of cos A in the theory would result in a theoretical
level almost twice as high as that obtained using (cos A)3/2. Some
recent experimental data obtained by Cunninghamand Kraus (ref. ii) have
also indicated that the (cos A)3/2 parameter is the more valued one;
these data were obtained, however, at very low Reynolds numbersand the
possible existence of slip flow must be suspected. Data from refer-
ences i0 and 12 have also shownthe validity of (cos A)3/2 at the lower
sweepangles although the agreement is better with cos A at the higher
sweepangles.

The experimental heat-transfer rates to the flat-undersurface glider
configuration were determined by the samegeneral procedure as those for
the leading edge and are given in figure ii. The data, however, were
reduced to free-streamStanton numbersby using local adiabatic wall
temperatures. Theoretical Stanton numberswere computedfrom the
Van Driest theories for flat plates (refs. 3 and 13) for laminar and
turbulent flow, respectively. The modified Reynolds analogy Ch = 0.6Cf
(ref. 14) was used. Local flow conditions were those for an 8° wedge
having an oblique shock at the leading edge. Local adiabatic wall tem-
peratures and free-stream values of CppV were again used to obtain the
free-stream Stanton numbers.

The data are correlated on the basis of length from the glider wing
leading edge measuredparallel to the surface center line. The data show
better correlation whenplotted in this manner than when correlated on the
basis of ray length from the model nose (or wing apex). The data indicate
that the flow was laminar over the flat surface.

The experimental heat-transfer rates to the body of the conical under-
body configuration were determined by the samemethod as used for the
leading-edge and flat-surface heating and are given in figure ]2 as a
function of azimuth angle around the body. The rates were reduced to
free-stream Stanton numbers by using the stagnation temperature as the
adiabatic wall temperature. In order to determine local flow conditions
for calculation of theoretical heating rates, a pressure distribution for
yawed cones (ref. 15) was assumedto exist over the conical underbody.
By using the pressure distribution and the ideal gas relation and assuming
a normal shock at the model nose, local flow conditions were computed.
These local flow conditions were used with the theory for laminar and
turbulent heat transfer for cones (ref. 3) to compute local Stanton num-
bers which were then converted to free-stream Stanton numbers. The data
are plotted on polar coordinates with Stanton number given as a function
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of azimuth position on the body. The dashed line is the turbulent theory

for a cone and the solid line is the laminar theory. For the 4.5-inch

station the experimental data are as high as those of the turbulent

theory, except for a point close to the wing where the measurement is

lower than that of the laminar theory. At the 8.5-inch station the

measurements are higher than the value given by laminar theory. At this

low Reynolds number the agreement with turbulent theory appears to be

entirely fortuitous. The reason for these high heating rates is not

known at this time.

CONCLUSIONS

From a number of wing and body components tested separately and in

combination, the following conclusions were reached:

i. As might be expected, good agreement between theory and experi-

ment was obtained for slender nose shapes and wing surfaces at low angles

of attack when not subject to mutual interference. However, substantial

discrepancies occurred even in these simple cases at high angles of

attack. For the cylindrical portion of a body, crossflow theory cor-

rectly predicted the heat transfer only at high angles of attack. The

leading-edge heat transfer to a wing swept 75 ° was in good agreement

with theory which indicates a reduction of leading-edge heating that is

proportional to the cosine of the angle of sweep to the 3/2 power.

2. When wing-body combinations were subjected to mutual interference,

important discrepancies between theory and experiment were found in almost

every case; for example:

(a) Heat transfer on portions of a cylindrical fuselage in the

vicinity of a wing was about twice as high as that predicted by theory,

and the heat transfer on a conical body under a low-aspect-ratio delta

wing was similarly about twice as high as the theoretical values.

(b) Conversely, heat transfer to a wing in the vicinity of a cylin-

drical fuselage was found to be substantially alleviated.
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OPT_[IZATION THEORY FOR T_-VARIANTMISSILE SYSTEMS

AND NONSTATIONARY INPUTS

By Elwood C. Stewart and Gerald L. Smith

Ames Aeronautical Laboratory

INTRODUCTION

The design of automatic control systems is often based on the

response to stauldard inputs such as a step or r_ip. However, the a_:tual

inputs to most systems can only be described statistically. For example,

th_ problem of target interception must be treated statistically for two

r_asons: (i) Target motions can only be described statistically, sin_e

quite obviously the target may maneuver in many possible ways, and

(2) in most systems information about the t<mrget is obscured by unwanted

signals called noise, which are also statistical in nature. Consequently,

it is necessary to base design of guidance systems on statistical com-epts.

Tl_ee previous papers (refs. i to 3) have dealt with the design of

guid_ice systems from the viewpoint of statistical filter theory, specif-

i<'ally the Wiener filter theory and certain of its modifications. Two

main assm_Lptions which are generally made in this and similar work are:

(i) the systems are time-invariant and (2) the inputs can be represented

by stationau'y random time series. Although certain problems can be
described without violating these assumptions, others cannot. There-

fore, the purpose of this paper is to discuss how the theory can be

extended so that these assumptions need not be made.

T_4E-VARIANT MISSILE SYSTEMS

w

The first ass_nption to be considered is that the guidance system

be non-time-varying. There are many classes of guidance systems which

must be considered as essentially time-varying because of their mode of

operation. For example, in figure i is shown a homing missile attacking

a target. Guidance of this missile is accomplished by employing line-

of-sight information which therefore involves range. Since the range

changes continuously during an attack, the equations describing this

problem are necess_<rily time-varying. In contrast, a beam-rider-type
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guidance system, also shownin figure i, is non-time-varying because range
is not normally transmitted to the missile, and therefore the missile
merely flies down the beam. The time-varying problem shownin figure i
is a general one_ typical of manyguidance problems. Later, however, in
order to be specific, the discussion will be confined to examples of a
short-range, air-to-air homing missile attacking a large bomber.

Such problems as the time-varying one illustrated in figure i can
be described in terms of time-varying differential equations or, as is
completely equivalent, in terms of the block diagram shown in figure 2.
The essential feature of this diagram is the box shownas I/R(t) which
represents the time-varying nature of the problem. The problem to be
solved can be stated simply as follows: Given the time-varying range,
the statistical properties of the target motion, and the noise, find
the optimum control system which will minimize the error c at the
interception time T and yet not exceed the available control-motion
capabilities of the missile at any time t 2 during the flight. Math-
ematically, such problems are handled by minimizing the error with a
restriction on control motion as indicated by the following expression:

c2(T) + ]K _2(t2)

where T is time of interception, t2 is any time during flight, and

is the Lagrangian multiplier. From physical reasoning, the restric-

tion on control motion should be constant at the maximum permissible

value throughout the entire flight.

There are four distinct steps involved in the solution of the prob-

lem as stated. The first step is to convert the solution of differential

equations in the real time domain to a new kind of time called adjoint

time. It is known that for time-varying systems the mean-square-ensemble

average of the error is given by the following equation:

c2(t2) =L_ 2 h2(t2,tl)dtl
(i)

where h represents the error response at time t 2 due to an impulse

introduced at time t I. (See fig. 3.) For example, if an impulse is

introduced into the system at time tl' , the error response shown would

be obtained. The value of h for this case is indicated in figure 3.

If the impulse were introduced at another time tl" as shown, a different
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response would be obtained, and so forth. Note that these responses

are plotted as a function of time t for a fixed time tl. However,

in equation (i) it is necessary to have h as a function of t I for

a fixed t since the integration is with respect to tI. Such a response

could be obtained by cross-plotting the curves given, and the result would

appear as given at the bottom of figure 3. However, this procedure is

not only unwieldy, but it is simply not adapted to the synthesis problem.

The basic trouble in this approach is that too much information is

contained in the solution of the differential equations, that is, the

response at all times t, whereas only the response at a very particular

time t2 is of interest. This extraneous information can be discarded

by transforming the real-time differential equations to what is known

as adjoint differential equations. Such a transformation is related to

the principles of reciprocity which are familiar in many other fields

such as aerodynamic flow, mechanics, and circuit theory. It will suffice

here to point out that, physically, the transformation amounts to inter-

changing the inputs and outputs positionwise, and also timewise by running

time backwards, starting from the end of flight and proceeding backwards

to the beginning of flight. The end result of the transformation is that

the solution of the adjoint differential equations or the error output of

the adjoint block diagram gives the desired response h as a function

of tI .

By following such a line of attack, the differential equations or

the block diagram in figure 2 can be converted to the corresponding

adjoint equations or diagram. Although these representations are not

shown, the analysis would be concerned with the adjoints of the guidance

system and control system rather than the systems themselves. The second

step in the solution now is to utilize the adjoint equations or block

diagram to write expressions for both the error and the control motion

in terms of the adjoint of the unknown control system. From the expres-

sion _2(T) + _ _2(t2) , the following adjoint differential equations

which give the desired response h can be written:

For miss distance:

c2(T ) h(T-X)hN(X) 2 h('r-x)] 2-- + (T-x) - _(x)_x a_ (2a)

h(_) = _i kac(T)dT dT - _I h(_) kac(r,£)dT dT d_ (2b)
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For control-motion requirements:

_2(t2) = _ g(V-x,'l)hN(X)dX]2 + _[u0(,-x-TI)- g(T-X,,I) ] hT(x)dx dT (3a)

T

()b)

Although it will not be necessary to understand all of the details of

these equations there are certain points of interest. It can be seen

that there are two equations describing the miss distance and two equa-

tions describing the control motion. The first miss-distance equation

(eq. (2a)) is due to noise and the second is due to the target motion.

The only unknown in equation (2a) is the impulse response h which

represents the adjoint of the guidance system. The second equation

(eq. (2b)) is an integral equation with two unknowns h and c, where

c represents the impulse response of the adjoint of the control system.

These miss-distance equations suffice to relate miss distance to the

unknown control system c by means of the intermediate parameter h.

An examination of the two control-motion equations reveals a similar

situation. Consequently, the quantity to be minimized c2(T} + h b2_t2)'\

is expressed in terms of the unknown control system by means of the four

equations given.

Now, the problem is one of finding the optimum control system which

will minimize the quantity e2(T) + h 62(t2). Unfortunately, these equa-

have not been solved. As a consequence, some approximate solution has

been sought. A clue to such a solution can be found when the control-

motion restriction is eliminated by allowing the missile to have unlimited

acceleration capability. In this case h = 0, and the equations can be

solved for the minimum theoretical miss distance. For illustration, the

solution for a typical air-to-air homing-missile situation is given in

figure 4 by the dashed curve where the minimum miss distance is plotted

against one of the important parameters, the magnitude of the noise spec-

tral density. The important clue is that this curve is identical with

that which is obtained for a constant-coefficient guidance system as

indicated by the solid curve. This result for no restrictions suggests

that even with a restriction on control motion, the performance of both

systems would be the same. There are many compelling arguments to support

this view. For example, when both problems are defined in terms of a sim-

ilar coordinate system, it can readily be seen that both systems are

attempting to solve the same problem. That is, both missiles are

attempting to fly the same constant-true-bearing course, although neither

CONFIDENTIAL



COICFXDE_XAL 377

one can quite succeed in doing so. Furthermore, both systems have a

missile with the same acceleration capability, and both systems have

available the aame input information. After the answer is obtained, a

back check would verify that the approximation is a good one.

It is interesting to compare these results with the performance

which would be obtained by disregarding noise theory in the design. As

an example, the upper curve in figure 4 shows the noise performance of

a system optimized for a target motion with no noise present. A com-

parison of this curve with the curves with restrictions and without

restrictions shows that a significant reduction in miss distance should

be possible.

The third step in the solution is to synthesize the guidance system

to achieve the desired miss-distance performance indicated in figure 4.

From the first miss-distance equation (eq. (2a)), it can be seen that

only the impulse response h need be the same as for the equivalent

constant-coefficient guidance system. Then, from the second miss-

distance equation (eq. (2b)), it can be seen that the desired h can

be achieved by solving this integral equation for the control-system

adjoint c. However, there is another difficulty here, and it appears

to be in the manner of representing the control system by a single

impulse response. Systems which are physically very simple often have

impulse responses which are quite complicated. Consequently, it has

been necessary to find another representation.

A more suitable representation for the control system is shown

in figure 5_ where the control system has been broken up into three

parts: a time-varying multiplying part, and two non-time-varying

parts representing the radar and the servo system. This representation

not only makes the system easy to construct, but it is exactly the for-

mulation which is needed in order to synthesize an optimum control

system. An equation quite similar to the second miss-distance equa-
tion can now be derived - one that relates h not to c, but to the

components of the control system as it has been broken up in figure 5.

This equation is

r

For certain time-varying functions f(T)_ this equation can be solved

for the optimum control system. Thus, the desired miss-distance per-

forrr_mce which is given in figure 6 can be achieved. Actually, there

are a great many control systems which satisfy equation (4), and so a

whole class of systems is generated all of wh$ch have that miss-distance

performance.
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The fourth and last step is to satisfy the desired control-motion

restriction which has been temporarily ignored. This can be done as

follows: Of all the homing systems which satisfy the miss-distance

performance in figure 6, it is clear that each system will have dif-

ferent control-motion requirements throughout flight. Thus, from this

whole class of systems, the one or more having the desired restric-

tion can be chosen. If a system with uniform control requirements is

chosen, the level of control motion, of course, is identical with that

for the constant-coefficient guidance system.

As an example, the method just given can be illustrated by showing

the performance of a couple of very simple homing systems. For the

first system, take f(t) to be a constant, which means that the con-

trol system is constant-coefficient; for the second, take a time-varying

control system in which f(t) equals range, that is, a range-

multiplication-type control. On solving the necessary equations it is

found that the first control system turns out to be proportional naviga-

tion. Furthermore, for both systems the form of required radar is such

that under static or very low-frequency operation, the radar would meas-

ure rate of rotation of the llne of sight. This result is very grati-

fying because it is precisely this quantity which all radars do measure.

It is clear that the miss-distance performance of both these sys-

tems is the same and is given by the dashed curve in figure 6, provided

that the allowable or desired control restriction is not exceeded. As

seen in figure 7, however, the control-motion requirements are quite

different. For the proportional-navigation control system, it is seen

that in close to the target, the demands on the missile considerably

exceed its capabilities, as indicated by the design value. Consequently,

limiting would occur, and the miss-distance curve in figure 6 would tend

to move up, the exact amount of increase depending on the specific situa-

tion. On the other hand, the demands on the range-multiplication con-

trol system are essentially uniform. Note that the level is virtually

identical with that for the constant-coefficient guidance systems indi-

cated by the dashed curve. It is clear also that since the level of

required control is the same as the design value, no limiting would

occur, and the desired miss-distance performance indicated in figure 6

would be obtained. Thus, an approximate solution to the optimization

problem has been achieved.

NONSTATIONARY INPUTS

Consider now the other assumption generally made in filter theory -

the assumption of stationarity. There are principally two ways in which

the inputs may not be stationary, and the Wiener theory can be extended

to apply to these cases.
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The first case is illustrated in figure 8 by a target maneuver
process which is stationary and which therefore must extend in both
directions to infinity as indicated. However, a real target maneuver
will have a finite beginning and a finite end. For this reason the
process is certainly nonstationary, al_hough it might be classified as
"stationary within a certain interval. The usefulness of the station-
ary theory in such cases might be questioned; however, it can readily
be shownthat it is. The reason is that if the impulse response time
of the missile guidm_ce system is shorter than the flight time of the
missile, maneuverswhich occur before the beginning of the flight have
no effect on the miss at the interception time. Fortunately, in the
interception problem practically all situations fall into this category.
Thus, although all real missile problems are nonstationary according to
the strict mathematical definition of the term, in practice such prob-
lems can be handled with the stationary theory.

The second case of interest is one in which the input process is
nonstationary even within the interval of interest, that is, the flight
time of the missile. An interesting example of such an input is a step
of target acceleration as indicated in the following sketch, where the
beginning of the step is equally likely to occur anywhere within the
flight interval 0 to T:

TARGET
ACCELERATION

0

0

t

t

Wiener's theory can be extended to this and similar nonstationary proces-

ses. This extension can be accomplished by utilizing the adjoint theory

discussed previously to write an expression for the mean-square-ensemble

miss distance. By making certain simplifications, the following expres-

sion for the nonstationary input can be derived:

The Y(_) refers to the guidance-system transfer function, and the

factor in parentheses will always be related to the nonstationary input.
In this case it refers to the step maneuver. The corresponding expres-

sion for a stationary process is
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i'l I

From comparison of these two expressions, it is apparent that the factor

in parentheses for the nonstationary process behaves exactly as does the

spectral density @(_) for the stationary process. Thus this factor

may be used in the Wiener theory to derive minimum miss distances and

optimum transfer functions even though the process is distinctly

nonstationary.

CONCLUDING RR_4AREB

It is important to emphasize that optimization theory does not

eliminate all problems in the design of guidance systems. There may be

so many factors involved in the design of a particular system that

application of the theory to all of them would be very difficult.

Nevertheless, it is clear that filter theory must be enlarged in scope

to encompass more and more such factors. In this paper two very impor-

tant factors have been considered - time-varying systems and nonstation-

ary inputs. Although emphasis has been on the short-range homing-missile

problem, it is clear that many other important problems can be cast in

a similar form - the fire-control problem, for example. In fact, all

systems utilizing active radars would have a similar problem. Finally,

on a broader scale it can be seen that in the filter-theory field and

in many other diverse fields such as rocket staging, trajectory opti-

mization, and so forth, the problems are strikingly similar.
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TWO CLASSES OF MISSILE SYSTEMS

RADAR BEAM __

CON STANT-COEFFI CI ENT
BEAM-RIDER MISSILE SYSTEM

TIME-VARYING HOMING-
MISSILE SYSTEM

Figure I

HOMING-MISS ILE GUIDANCE SYSTEM

NOISE

i

P--_ION-I i Rt_ I

I ERROR c

MISSILE .__1 AERODYNAMIC SPOSITION

CONTROL
COMMAND SYSTEM

CONTROL MOTION (_'_

MINIMIZE: c2(T} +A 82(t2)

WHERE: T =INTERCEPTION TIME

12=ANY TIME DURING FLIGHT
)_ =LAGRANGIAN MULTIPLIER

Figure 2
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CONTROL-MOTION REQUIREMENTS FOR HOMING SYSTEMS
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RESEARCH ON THE ROTARY DERIVATIVES

By Benjamin H. Beam, Henry C. Lessing,

and Bruce E. Tinling

Ames Aeronautical Laboratory

INTRODUCTION

t

Analysis of the dynamic motions of vehicles designed to fly within

the atmosphere depends upon a knowledge of the aerodynamic stability

derivatives. The stability derivatives which depend on the rate of

rotation of the aircraft about its center of gravity_ commonly called

the rotary derivatives, have an important influence on the divergence

or subsidence of oscillatory motions. It is difficult to generalize as

to the importance of aerodynamic rotary derivatives in the overall

suitability and flying qualities of an aircraft. Much depends on the

type of aircraft under discussion and on whether deficient aerodynamic

damping can be supplemented by some other means. There is general

agreement, however, that knowledge of the rotary derivatives is a nec-

essary starting point in most cases and certainly desirable in all

cases.

On reviewing the literature on the subject of rotary derivatives

at supersonic speeds, it is impressive to note the number of theoreti-

cal reports that were written from 5 to i0 years ago. The state of

development of the theory, at least for idealized configurations in

linearized supersonic flow, is well advanced. References to experi-

mental studies of the derivatives are encountered much less frequently.

The tests are difficult and the data necessary for an appraisal of the

theory are accumulated much more slowly. The data on the rotary deriv-

atives presented in this paper were gleaned from the results of

oscillation tests conducted on a number of specific airplane configu-

rations in several of the Ames Aeronautical Laboratory wind tunnels

over the past few years. A description of this method of testing with

a discussion of its advantages and limitations may be found in refer-

ence i. The primary aim of the present paper is to correlate theory

and experiment in such a way as to bring out important features which

are well defined and which have wide application.
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SYMBOLS

Forces, moments, and deflections are referred to a body system of
axes defined in figure 1.

A aspect ratio, b2/S

a lift-curve slope of a lifting surface in undisturbed flow

referred to its plan-form area

b wing span

C_ rolling-moment coefficient, Rolling moment

21-pV2Sb

bC

C_p - b(pb/2V)

bC_

C _r _(rb/2V)

bCt

cz_ b_

C m pitching-moment coefficient,
Pitching moment

21-0V2S_

8Cm
C
mi H _iH

bCm

Cmq = b(q6/2V)
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CN

C n

Cnp -

Cnr -

Cn_ -

(tan 5]
G\ tan _/

iH

Z

M

P

q

r

S

V

normal-force coefficient, Normal force

V2S

yawing-moment coefficient,
Yawing moment

oV2Sb

_C n

_(pb/2V)

8C n

 (rb/2V)

8c n

8_

8c n

wing mean aerodynamic chord

function defined in reference 14

incidence angle of horizontal tail

projection on longitudinal axis of distance of center of
lift of tail behind moment reference

Mach number

rolling velocity

pitching velocity

yawing velocity

wing plan-form area; other areas are indicated by subscripts

on S

velocity
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X,Y,Z

Xb

C_

5

£

k

0

coordinate axes

projection on longitudinal axis of distance of base of fuse-

lage behind moment reference

angle of attack, radians except where noted

angle of sideslip, radians except where noted

semiapex angle of wing

angle of downwash

tail efficiency factor

taper ratio

Mach angle

mass density

angle of sidewash

Subscripts :

b

F

H

V

W

time.

referred to aerodynamic center of wing

fuselage base

fuselage

horizontal tail

vertical tail

wing

A dot over a symbol indicates the first derivative with respect to

DISCUSSION

Damping in Pitch and Yaw of Bodies of Revolution

The starting point in the analysis of the rotary derivatives of

elongated bodies of revolution is the "slender body" theory (ref. 2).

The method has been generalized and extended to compressible flows
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(e.g., refs. 5, 4, and 9). Results of these analyses indicate that

the damping in pitch or yaw of pointed bodies depends only on the area

of the base and the distance from the base to the pitching or yawing

axis of the body. Similar analyses using unsteady source-sink poten-

tials for compressible flows (ref. 6) result in the same expressions

for the damping in pitch of slender bodies of revolution at low angles

of attack performing oscillations in which the wave length is long

compared with the body length.

The equation is

+ = b2 \ --r - $6 2
(i)

Equation (i) provides a basis for c_nparing the results of a num-

ber of tests on different fuselage configurations over a wide range of

Mach numbers. The slender-body-theory damping from equation (1) is

represented by a value of unity in figure 2. The experimental points,

representing the ratio of measured damping to that estimated from

equation (1), were obtained from a number of recent tests of different

fuselage arrangements. The fuselage configurations were not strictly

bodies of revolution and included canopies, side fairings along the

fuselage, and in some cases wing surfaces where the contribution of

these surfaces was estimated to be negligible. The motions included

both pitching and yawing. The scatter in the data is largely that

between different fuselage configurations or between yawing and

pitching modes with the same fuselage.

It is immediately obvious from a study of the damping-in-pitch

and damping-in-yaw data in figure 2 that the slender-body theory

underestimates the measured damping by a considerable margin at

supersonic speeds. At subsonic speeds the theoretical and measured

values of damping are in better agreement. At Mach numbers between 2

and 3, however, the measured damping increases to two or three times

the estimated value.

An explanation for these differences is found in a study of the

limitations of the theory in predicting the force characteristics of

elongated bodies at very small angles of attack. Some data on the

slope of the normal-force curve with angle of attack for these con-

ditions are shown in the lower part of figure 2. Here again the

slender-body theory has been used as a basis of comparison and is

represented by a value of unity in the figure. The experimental data

were obtained from references 7 and 8 and apply to bodies of revolu-

tion having ogival noses and cylindrical afterbodies. The fineness

ratio of the afterbodies is 6. The effects of viscosity on the normal

forces which may become significant at higher angles of attack (ref. 9)
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are negligible for the data presented in figure 2. These data then

indicate the differences which can be expected in estimating the

normal-force characteristics of bodies of revolution by the slender-

body theory. The differences are not so great as they are for damping

in pitch but are in the same direction and have the same trend with

Mach number. Syvertson and Dennis, reference 8, have obtained

extremely good agreement with experiment by accounting for the dif-

ferences in normal force at small angles of attack on the basis of

second-order effects. It can be presumed that these second-order

effects also account for the differences noted in the damping-in-pitch

data. Second-order calculations for damping in pitch and damping in

yaw have not as yet been made.

At speeds beyond the range of the present data, it is expected

that the damping would gradually approach the values given by the

Newtonian impact theory. This probable trend has been indicated by

the dashed llne at the top of figure 2.

Damping in Pitch of Horizontal Tail

The contribution of a horizontal tall to damping in pitch has

always been significant. In fact, in the past for subsonic speeds it

has generally been found that a reasonably good estimate of total air-

plane damping in pitch could be made by merely increasing the estl-

mated tail contribution by an arbitrary factor of about 25 percent to

account for the contribution of the other parts of the airplane. One

instructive way of approaching the damping contribution of a horizontal

tail is to consider first the tail contribution to static stability

(ref. lO), which can be expressed in terms of tail length, tail normal-

force-curve slope, tall efficiency, and the downwash at the tail as

(2)

By following a line of reasoning analogous to that used in expressing

the static stability, it can be shown that the dynamic stability

derivative becomes

The two equations have a strong similarity. In fact, they contain the

same terms but are arranged in different ways. The tail-length term is
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squared in the equation for damping so that its sign is always positive,

which implies that both canard and conventional tails will have similar

damping characteristics.

Another significant point is illustrated in figure 3. In this fig-

'are is presented the contribution of a horizontal tail to the static

stability and damping in pitch of an unswept-wing interceptor-type air-

plane having a high horizontal tail. This configuration is interesting

because of the impingement on the horizontal tail of the shock and

expansion field from the wing, as shown in the sketch, in the range of

Mach numbers from 1.5 to 3.5-

The experimental values of horizontal-tail contribution are the

differences in static stability and dancing with the tail on and off.

The theoretical values were calculated from equations (2) and (3). It

can be shown from linearized-supersonic-flow theory that where the tail

is outside the field enclosed by the Mach lines from the leading and

trailing edges of the wing the downwash term de/d_ will be zero.

Where the tail is completely inside Mach lines from the wing leading

and trailing edges de/d_ should be 1.0. In between these two extremes

intermediate values of de/d_ should apply.

At a Mach number of approximately 1.5 the leading edge of the hori-

zontal tail is just behind the Mach wave from the wing trailing edge.

The downwash here should be near zero and, as shown in figure 3_ the

static stability (C_ is near the theoretical value for zero down-

wash. According to theory (Cn_)H and Cmi H should also be equal for

zero downwash, and, as shown in figure 3, the theoretical value for

de/d_ = 0, if qH is assumed to be 0.90, is very near the experimental

values of Cmi H. Further increases in Mach number bring the tail inside

the expansion field from the wing and, as indicated by equations (2)

and (3), result in decreased static stability and decreased dynamic

stability in accordance with the increased values of de/d_. At a Mach

number of approximately 3.5 the horizontal tail emerges ahead of the

wing flow field, and it is seen that the experimental values of the

tail contribution at this Mach number correspond quite closely with

those obtained for zero downwash.

Values of de/d_ calculated from the differences between theory

and experiment for (Cm_ can be used to obtain the second theoretical

curve for damping in pitch in figure 3_ which corresponds reasonably

well with the experimental data. For Mach numbers between 1 and 1.5

the agreement between theory and experiment is rather poor. Part of the
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discrepancy is clearly caused by secondary effects, such as impingement

of shock waves from the tail on the fuselage, which would exist between

Mach numbers of about 1 to 1.2. At subsonic speeds the theoretical

values again agree with experiment (ref. ll).

Damping in Yaw of a Vertical Tail

The contribution of a vertical tail to the damping in yaw is esti-

mated by a procedure exactly analogous to that for damping in pitch of

a horizontal tail, and it is therefore of interest to consider the

vertical tail at this point. The equations for static directional

stability and damping in yaw, by following the s_ne reasoning employed

in obtaining equations (2) and (3) and also assuming cos _ = i, became

!Cn_]iV =- _)av S_-__V<I + _)
(4)

: V (5)

The rate of change of sidewash angle with sideslip angle d_/d_ enters

into these equations in the same way that the downwash parameter de/d_

enters into equations (2) and (3)- The sidewash at the vertical tail is

primarily due to the presence of the fuselage. Various investigators

(refs. 12 and 13) exploring the effects of the presence of a lifting

fuselage ahead of the vertical tail have shown that a pair of vortices

shed by the fuselage results in sidewash at the vertical tall which is

unfavorable to static stability. This sidewash effect becomes, in

general, more adverse with increasing angle of attack. The vortex

position at a transverse cross section through the vertical tall is

illustrated in figure 4. The effect of these vortices on the variation

of the experimental tail contribution to ICn_)_ with angle of attack,

also shown in figure 4, is as expected from the vortex distribution.

( ) and (Car - Cn_ cos _I calculatedTheoretical values of Cn_ V V

from equations (4) and (5), assuming dG/d_ = 0 and _V = I, are also

shown in figure 4. It is seen that these estimates are rather poor and

that some consideration must be given to the sidewash to account for

the variation in the derivatives with angle of attack.
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The explanation for the poor agreement between theory for zero

sidewash and experimental data for the static stability derivative

k!{Cns_ has been considered elsewhere (refs. 12 and 13). It is there-V

fore assumed that \j_Cn_ is known either from theoretical calcula-V

tions or from experimental data. The point to be made here is the

close relationship between the static directional stability and the

damping in yaw with regard to the sidewash effects. The difference

between the theoretical values of (Cn_) for dc/d_ = 0 and the
V

experimental values can be taken as a measure of the sidewash term in

equation (4). At each angle of attack these values of d_/d_ can be

used to revise the previously estimated value of _(Cnr - Cn__ cos _)V-

for d_/d B = O. This process has been employed to obtain the additional

theoretical curve for damping in yaw in figure 4 which is in reasonable

agreement with the experimental values. Methods of considering sidewash

which have been found applicable for steady flow at lower speeds are

evidently applicable to dynamic phenomena at supersonic speeds.

Before leaving the subject of the tail surfaces there is one

further point to be made that is illustrated in figure 5. At subsonic

and transonic speeds the vertical-tail contribution to the damping in

yaw is of major importance. For Mach numbers above 2, however, the

increased damping contribution of the fuselage and the decreased tall

effectiveness combine to reduce the importance of the vertical tail.

As shown in figure 5, the contribution of the vertical tail at a Mach

number of 3.5 is of secondary importance. At these Mach numbers the

damping of the fuselage emerges as the most important item.

Damping in Pitch of Wings

The direct contribution of the wing to damping in pitch is small

for airplanes having horizontal tails and wings with small sweep. The

indirect effect of the wing due to its downwash and sidewash acting on

the tail surfaces has been considered previously in connection with the

tail. In the case of the tailless airplane, however, the contribution

of the wing to the total damping in pitch becomes important. In fact,

for the notched-triangular-wing configuration shown in figure 6, the

damping would be almost entirely due to the wing.

An abundance of theoretical work has been done on the contribution

of plane wings to damping in pitch at supersonic speeds (refs. 14, 15,

and 16, e.g.), and the comparisons between theory and experiment indi-

cate reasonably good agreement (refs. 17 and 18). Application of pre-

vious theoretical results to the configuration shown in figure 6 is

• CONFIDENTIAL



394 CONFIDENTIAL

made difficult because of the drooped wing tips and partial span sweep
of the trailing edge. These factors are considered in the following
manner. The expression for damping in pitch about the aerodynamic
center of a triangular wing can be shownfrom reference 14 to be equiv-
alent to

_ _ b G/tan _ (6)

The aerodynamic center was selected since the test data indicated that
the model was very nearly statically balanced about the actual point of
rotation. In the application of equation (6) to the notched-triangular-
wing configuration shownin figure 6, the value of the meanaerodynamic
chord _ was that for the configuration shown. The drooped wing tips
were considered by decreasing the span b. Values of G as a function
of tan 5/tan _ were obtained from reference 14. The results of this
calculation are shownas the dashed line in figure 6. The correspondence
between theory and experiment shownin figure 6 is reasonably good. How-
ever, this agreementmay be somewhatfortuitous and more detailed theo-
retical calculations for the actual geometry and more corroborating
experimental data would be desirable. The importance of figure 6 is that
it illustrates a method of applying the extensive theoretical results of
triangular- and arrow-wing configurations to plan forms that depart
slightly from these idealized shapes.

Rolling Derivatives

The rolling wing has been studied extensively by linearlzed-
supersonic-flow theory and numerical results are available for a wide
variety of plan forms having arbitrary sweep, taper, and tlp rake.
Manyof these results are summarizedin reference 19.

Someresults comparing theoretical and experimental values of
damping in roll are presented in figure 7- The theoretical values
were obtained from the sources sun_narized in reference 19 and are shown
as dashed lines in figure 6. Experimental data were obtained from
oscillation tests on the three wing-fuselage combinations sketched in
figure 7 and the results are shownas solid lines.

The agreement between theory and experiment is rather good for the
unswept wing having a taper ratio of 0.4 and somewhatless satisfactory
for the unswept wing with a taper ratio of 0.2. In determining the
theoretical values, the effects of the fuselage on the damping in roll
have been assumedto be negligible. Although ordinarily it would seem
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that this assumption is justified, the extended side fairings along the
fuselage of the model having a wing with a taper ratio of 0.2 may con-
tribute some interference effects which would account for someof the
differences shownbetween theory and experiment.

The data for the notched triangular wing shownin figure 7 require
additional explanation. As indicated in the sketch, the tips of the
wings of the test model, from about 65 percent of the span outboard,
were drooped 45°. Analysis shows that (for a roll axis located below
the plane of the wing) this droop reduces the pressures due to rolling
velocity at the surface of the drooped section by the cosine of the
droop angle, and the rolling momentabout the longitudinal axis due to
the surface pressures is also reduced by the cosine of the droop angle.
For a droop angle of 45° the incremental rolling momentsfrom the tip
sections are reduced by 50 percent. Since muchof the loading from a
rolling wing is confined to the tip sections, it becomesobvious that
wing-tip droop can have a powerful influence on the damping in roll.

These effects can be illustrated in the following manner: The
theoretical curve for a plane notched triangular wing having the s_me
developed span and plan-form area as the test model is indicated in
figure 7 by the plane notched triangle. The theoretical curve for the
notched triangular wing having drooped tips was obtained by first
evaluating the damping in roll for a notched triangular wing having
the samespao and notch span as the projected plan form of the test
model and, second, referring the ds_nping-in-roll derivatives to the
developed span and plan-form area of the test model. The agreement
with the experimental data, which was also referred to developed span
and plan-form area, is reasonably good.

The comparison of the two theoretical curves illustrates the power-
ful effects on damping in roll that seemingly innocuous geometrical
changes can produce. In figure 8 a small sketch of the cross section of
the notched-triangular-wing test model is shown. The inclination of the
pressure force vectors at the drooped tips under rolling conditions is
shownand it is seen that the componentat the drooped wing tips which
produces roll is reduced from that for the plane wing. It is also
apparent that the vertical location of the center of gravity can be very
important in determining damping in roll for wings having very low
aspect ratio. If the vertical location of the center of gravity were
above the wing plane, in approximately the position shownin the phantom
view in the sketch, the damping in roll for a triangular wing with
drooped tips would be greater than that for a plane triangular wing
rather than less as in the data shownin figure 7-

Wing-tip droop can have powerful effects on other lateral-directional
derivatives. Large side forces and yawing momentsresult from rolling
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because the lateral componentof the pressures at the drooped tips acts
in the samedirection for each tip, as indicated in the sketch in fig-
ure 8. The situation is thus quite different from that for the plane
wing which, at 0° angle of attack, experiences no side force or yawing
momentsdue to rolling. Experimental data for this configuration at a
Machnumberof 3.5 reveal that the magnitude of the yawing momentdue
to rolling Cnp + Cn_ sin _ can be larger than the damping in roll

CZp+ CI__ sin _, as shownin figure 8. It seemsclear from these data
that the most important influence on the yawing momentdue to rolling
is that due to the drooping of the wing tips. Although not presented in
this paper_ similar results would be expected and are apparent in the
data for the rolling momentdue to yawing derivative CZr - Cl_ cos
for this configuration.

CONCLUDING REMARKS

The foregoing discussion of the results of recent research on the

rotary derivatives is intended to place in better perspective some of

the problems encountered in estimating these derivatives for current

and future aircraft. It must be said frankly that the subjects were

deliberately selected to emphasize certain points. 0ther,aspects, even

those for which appreciable experimental data are available, are not

well enough understood at the present time to discuss with any clarity.

In this category are the derivatives which depend on sideslip and

sideslip velocity at higher angles of attack. Those who have studied

the rolling moment due to sideslip derivative C_ will recognize the

important influence that viscous and interference effects can have on

the sideslip derivatives, even to the point that the theoretically

predicted trends are masked by these other effects. S_ne anomalous

influences of the wing on the tall surfaces under rolling conditions

have been noted. An understanding of these and other related problems

depends on further investigation.

CONFIDENTIAL



CONFIDENTIAL 397

REFERENCES

i. Beam, Benjamin H.: A Wind-Tunnel Test Technique for Measuring the

Dynamic Rotary Stability Derivatives at Subsonic and Supersonic

Speeds. NACA Rep. 1258 , 1956. (Supersedes NACATN 3347.)

2. Munk, Max M.: The Aerodynamic Forces on Airship Hulls. NACA

Rep. 184, 1924.

3. Jones, Robert T.: Properties of Low-Aspect-Ratio Pointed Wings at

Speeds Below and Above the Speed of Sound. NACA Rep. 835, 1946.

(Supersedes NACA TN 1032.)

4. Sacks, Alvin H.: Aerodynamic Forces, Moments, and Stability Deriva-

tives for Slender Bodies of General Cross Section. NACATN 3283,

1954.

5. Bryson, Arthur E., Jr.: Stability Derivatives for a Slender Missile

With Application to a Wing-Body-Vertical-Tail Configuration. Jour.

Aero. Sci., vol. 20, no. 5, May 1953, PP. 297-308.

6. Dorrance, William H.: Nonsteady Supersonic Flow About Pointed Bodies

of Revolution. Jour. Aero. Sci., vol. 18, no. 8, Aug. 1951,

pp. 505-511, 542.

7. Grimminger, G., Williams, E. P., and Young, G. B. W.: Lift on

Inclined Bodies of Revolution in Hypersonic Flow. Jour. Aero. Sci.,

vol. 17, no. ii, Nov. 1950, PP. 675-690-

8. Syvertson, Clarence A., and Dennis, David H.: A Second-0rder Shock-

Expansion Method Applicable to Bodies of Revolution Near Zero Lift.

NACA TN 3527, 1956.

9- Allen, H. Julian, and Perkins, Edward W.: A Study of Effects of

Viscosity on Flow Over Slender Inclined Bodies of Revolution.

Rep. 1048, 1951. (Supersedes NACA TN 2044.)

NACA

i0. Perkins, Courtland D., and Hage, Robert E.: Airplane Performance -

Stability and Control. John Wiley and Sons, Inc., 1949, p. 220.

ii. Buell, Donald A., Reed, Verlin D., and Lopez, Armando E.: The Static

and Dynamic-Rotary Stability Derivatives at Subsonic Speeds of an

Airplane Model With an Unswept Wing and a High Horizontal Tail.

NACARMA56104, 1956.

CONFIDENTIAL



398 CONFIDE_rfIAL

12. Spearman,M. Leroy, and Henderson, Arthur, Jr. : SomeEffects of
Aircraft Configuration on Static Longitudinal and Directional
Stability Characteristics at Supersonic MachNumbersBelow 3.
NACARML59LIga, 1996.

13. Nielsen, Jack N., and Kaattari, George E.: The Effects of Vortex
and Shock-Expansion Fields on Pitch and YawInstabilities of
Supersonic Airplanes. Preprint No. 745, S.M.F. Final Preprint,
Inst. Aero. Sci., June 19_7.

14. Ribner, Herbert S., and Malvestuto, Frank S., Jr.: Stability
Derivatives of Triangular Wings at Supersonic Speeds. NACA
Rep. 908, 1948. (Supersedes NACATN 1572.)

15. Brown, Cinton E., and Adams,Mac C.: Dampingin Pitch and Roll of
Triangular Wings at Supersonic Speeds. NACARep. 892, 1948.
(Supersedes NACATN1_66.)

16. Malvestuto, Frank S., Jr., and Margolis, Kenneth: Theoretical
Stability Derivatives of Thin SweptbackWings Tapered to a Point
With Sweptbackor Sweptforward Trailing Edges for a Limited Range
of Supersonic Speeds. NACARep. 971, 19_0. (Supersedes NACA
TN 1761.)

17. Henderson, Arthur, Jr.: Investigation at MachNumbersof 1.62,
1.93, and 2.41 of the Effect of Oscillation Amplitude on the
Dampingin Pitch of Delta-Wing - Body Combinations. NACA
RML53H25, 1953.

18. Tobak, Murray: Dampingin Pitch of Low-Aspect-Ratio Wings at Sub-
sonic and Supersonic Speeds. NACARMA52LO4a,1953.

19. Jones, Arthur L., and Al_ksne,Alberta: A Summaryof Lateral-
Stability Derivatives Calculated for Wing Plan Forms in Super-
sonic Flow. NACARep. 1052, 1951.

CONFIDENTIAL



CONFIDENTIAL 399

BODY SYSTEM OF AXES

X-,._ • # cN

HORIZONTAL __

Z

WIND Cn, rS -  Cr/oN

REFERENCE '\_

_CN

Z

Figure i

A COMPARISON OF EXPERIMENTAL DATA FOR SEVERAL

FUSELAGE ARRANGEMENTS WITH SLENDER-BODY

THEORY, a=O o

o OGIVE CYLINDER

n PITCH DATA, BODY-WING
3 r.. I_ I_ r_ 0 PITCH DATA, BODY ALONE

, _'^l_ I_ _ YAW DATA, BODY-WING

._Nt_'_ ---_ ...... r_ YAW DATA, BODY-WING

SLENDER-BODY THEORY

DAMPING 2

Cmq+Cma
OR EXP

Cnr-Cn_, THEO I

0 I I I I I I I I

EXP

CNe' THEO iI-- /THEORY 8, EXP, REF8

XP DATA, REF 7

SLENDER-BODY THEORY

t i I I I I I I

0 i 2 3 4 5 6 7 8

MACH NUMBER

Figure 2

CONFIDENTIAL



400 CONFIDENTIAL

A COMPARISON OF EXPERIMENTAL DATA WITH THEORY FOR

THE CONTRIBUTION OF A HIGH HORIZONTAL TAIL BEHIND A

WING, cz=O °

STATIC-LONGITUDINAL-STAB. DERIVATIVE

\

-.024 - ,.:.., O_.._. , Cm:' FROM EXPERIMENT

-o,, °,

I I

0 o o OSCILLATION DATA
" D STATIC-FORCE DATA

12- ,4_ DAMPING-IN-PITCH DERIVATIVE

8 - _""Je'L(__ o_,., \ ,,THEORY, dc/d_ INCLUDED

"_ "-.'-- __ _ -- ..__._ ^(C mq + Cm&)H 4

0 I 2 3

M

Figure 3

CONTRIBUTION OF VERTICAL TAIL TO THE

STATIC-DIRECTIONAL-STABILITY AND DAMPING-IN-
YAW DERIVATIVES

.006 -

.004 -

.002 -

0 I I

M: .3.0

THEORY ' de -O -

] I I J

o
o

I

o

--.6--

.4

--.2-

O
-8

THEORY, d-d-d_ INCLUDED

.....'\\

- -"'_- \ do"

I I I I I I

-4 0 4 8 12 16

n%DEG

Fi_e4

CONFIDENTIAL



CONFIDENTIAL &Of

-I

Cnr-Cn _

-.5

DAMPING IN YAW OF AIRPLANE MODEL

WITH AND WITHOUT VERTICAL TAIL

o_ FLAGGED SYMBOLS-TAIL OFF

I I I

0 I 2 3

Figure 9

DAMPING IN PITCH OF A NOTCHED-TRIANGULAR-

WING CONFIGURATION, a=O °

.8

E
(,,3

+ .6
O"

E
.4

.2

/- mq a 4 \TAN
/ " a.c.

Q /

/

_" ......,...,....._ _
Q

1 I I

2 3 4
MACH NO.

Figure 6

CONFIDENTIAL



)4-O2 CONFIDENTIAL

C1F.3

.2

.I

CORRELATION OF DAMPING-IN-ROLL PARAMETER WITH
ASPECT-RATIO PARAMETER FOR SEVERAL WING PLANFORMS

ii_

- / ¢/_._,,c:_ _ THEORY

//i._/ --EXPERIMENT

/'t" i ] t I I I I I
0 I 2 5 4 5 6 7 8

A V/M 2 -I

Figure 7

ROLLING DERIVATIVES FOR NOTCHED-TRIANGULAR-WING-
CONFIGURATION HAVING DROOPED TIPS

M :5.5
-.08- r _ J_

•_ P

%-.o_____ F, _ ______ FZ
o ol , i , i i , i_

/-'1\, \ , / "_,

d o' , , l I , _ J
-16 -12 -8 -4 0 4 8 12

_., DEG

Figure 8

CO_l_l_



_4 Y 403
CONFIDENTIAL

EVALUATION OF SOME AERODYNAMIC CONTROLS FOR A

MISSILE HAVING LOW ASPECT RATIO

By Warren Winovich and Nancy S. Kigdon

Ames Aeronautical Laboratory

INTRODUCTION

f

The selection of a particular control for a given missile is fre-

quently a compromise over conflicting requirements. From the control

viewpoint, the inherent advantage of the small center-of-pressure travel

that is characteristic of delta configurations having low aspect ratio

places a premium on control types that preserve or improve this feature.

The purpose of this paper is to discuss the results of a static-

stability-controls investigation carried out with the missile configura-

tion shown in figure 1. Besides small center-of-pressure travel with

Mach number , the low-aspect-ratio configuration was chosen because of the

inherently small induced rolling moment developed during maneuvering

conditions. The basic wln_-body combination (fig. l) consists of a

3-caliber ogive nose with a cylindrical afterbody fitted with a cruci-

form wing. Overall body length is l0 diameters. The cruciform wing

has a delta plan form wlth an aspect ratio of 3/8. Wing panels consist

of flat plates with leading and trailing edges beveled. The model was

tested with three basic control types (fig. 1): a tail control, a canard

control, and a nose control. The center-of-gravlty positions to allow a

static margin of 0.2 diameter at Mach number 2 resulted in shorter moment

arms for the canards; all center-of-gravity stations are in the range of

45 to 59 percent of the body, which represents realistic values.

DISCUSSION

D

The details of the controls are shown in figure 2. Three types were

tested: a diamond-plan-form control with a balanced hinge line; a rec-

tangular control with a balanced hinge llne; and a swiveling nose control.

The planar types both have wedge-shaped cross sections to reduce center-

of-pressure movement on the control. The swivel nose control consists of

a forward position of the ogive nose that pivots in the pitch plane rela-

tive to the body axis. The swiveling portion was designed to have the
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sameplan-form area as two of the planar surfaces to makecontrol effects
comparable on an area basis.

For the diamond-plan-form cases, the controls were tested interdigi-
tated with respect _to the wings as well as inline with the wings. H_nce,
all four panels were deflected, and the effective control area in the
pitch plane was increased by a factor equal to the square root of 2. This
factor should be recognized when comparisons are madebetween inline and
interdigitated controls, particularly in the case of control effectiveness.

An assessment of control adequacy depends on prerequisites estab-
lished by the intended mission. Amongthe desirable control qualities
of an interceptor type of missile is that of possessing stable equilib-
rium over its operational range with regards to angle of attack as well
as Machnumber. For simplicity of the guidance system, there should be
no control reversal. Further, the missile should be able to fly at trimmed
conditions without unduly high trim-drag penalties. Also, control effec-
tiveness should be sufficiently high to allow for development of large
normal forces to yield rapid response rates.

The criteria just given are satisfied for a missile that is able to
operate at a small static-stability margin with no inherent control rever-
sal introduced by configuration nonlinearities and one which possesses a
control with high effectiveness. This discussion specifies for the
given configuration which control type, tail control or canard control,
inline or interdigitated, or nose control, has the best qualities.

The effect of the addition of controls to the basic wing-body combi-
nation is shownin figure 3. The center of pressure measured from the
nose of the missile x/d is plotted as a function of angle of attack
for 0° control deflection at Machnumber 3- The small center-of-pressure
travel for the basic wing-body combination is retained up to Machnum-
ber 5. For comparison, the body-alone center-of-pressure travel is also
shownto illustrate the advantage gained by using a low-aspect-ratio wing.
Adding canard surfaces in the interdigitated position causes an increase
in the center-of-pressure travel at small angles of attack. On the other
hand, adding the tail control in the interdigitated position improves
the center-of-pressure travel of the basic wing-body combination. For
this case, center-of-pressure travel is independent of angle of attack
and lies on the centroid of plan-form area. Thus, for the configuration
of the present test, addition of control area behind the centroid of area
of the basic wing-body combination reduces center-of-pressure travel
whereas addition of control area ahead of the centroid of area increases
the center-of-pressure travel.

The extremely small center-of-pressure travel shownfor the inter-
digitated tail controls results in linear pitching-moment curves that,
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in turn, allow the missile to be trimmed to small values of static margin
with no inherent control reversal. On the other hand 3 the center-of-

pressure travel indicated for the canard case results in nonlinearities

in the pitching moment at small angles of attack, and therefore yields

higher trim penalties.

In figure 4 the control effectiveness at Mach number 2 for the

canard and tail controls is shown. The incremental pitching-moment

coefficient Z_ is plotted against control deflection 5 for angles

of attack of 0° and 14 ° . At 0°, as would be expected, the incremental

pitching-moment coefficient for the interdigitated cases is greater than

that for the inline case by a factor approximately equal to the square

root of 2. A comparison of the canard and tail-rearward types shows

that the canards are much more effective at small control deflections.

This indicates that, for this specific canard configuration where the

control span is the same as the wing span, unexpected favorable inter-

ference occurs. When operating at combined angle of attack and control

deflection at this Mach number, the canard configurations show a reduc-

tion of control effectiveness which is of the order of 50 percent at an

angle of attack of 14 ° and large control deflection. This is caused by

the stalling of the canard surfaces which are deflected positively to

trim. For the interdigitated tail control, however, there is essentially

no change in control effectiveness at combined angle of attack and con-

trol deflection. The inline tail controls exhibit a constant control-

effectiveness reduction of about 15 percent at combined angle of attack

and control deflection owing to their location in the wake of the wing.

Therefore, the interdigitated tail realizes a gain in control effective-

ness which is greater than the square-root-of-2 factor.

In figure 5, the effect of Mach number on control effectiveness is

shown for the canard and tail controls. The arrangement is the same as

that for the preceding figure except that the Mach number is 3- At

0° angle of attack, the incremental pitching-moment coefficient is

decreased by the inverse ratio of _ = M__ - i in accordance with linear

theory. This holds for all of the planar control types tested. At com-

bined control deflection and angle of attack at Mach number 3, the inter-

digitated canard control exhibits favorable interference, Just the opposite

of the effect found at Mach number 2. The interdigitated tail control,

however, shows a negligible effect of angle of attack at both Mach numbers.

The rectangular-plan-form tail control develops the same control

effectiveness at small angles of attack as does the diamond-plan-form

control. At combined angle of attack and control deflection the

rectangular-plan-form control with one-quarter-chord gap retains control

effectiveness. The effect of decreasing the gap from one-quarter chord

to zero was to linearize the pitching moment. The linearizing effect of

the zero-gap rectangular-plan-form tall control can be attributed to
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viscous effects which prevent the flow from passing through the wing-
control gap as the control imports initially. The more linear variation
of pitching-_ment coefficient resulted in slightly higher trim normal-
force coefficients than were obtained for both the inline diamond con-
figuration and the one-quarter-chord gap rectangular tail configuration.

Yor the swivel nose control it was found that control effectiveness

increased slightly between _ch numbers 2 and 3. An analysis in which

control effectiveness was calculated_ assuming that the swiveling ogive

can be replaced by a cone_ predicts such an increase. However, the

effectiveness of the nose control is low; for example, at Mach number 3

it is less than half the value corresponding to the interdigitated tail

control.

The effect of bank angle on pitching-moment effectiveness is shown

in figure 6. For the cmse shown, the missile receives a command to

maneuver toward a target that is at an angle _ relative to the missile.

The maneuver is accomplished by deflecting all four control panels to go

directly to the target without rolling. The control effectiveness Cm$

shown on the ordinate is developed in the plane of the target. The

dashed lines represent linear theory with no regard for interference

effects. The points are results of wind-tunnel tests at Mach number 3

and an angle of attack of 12 ° .

The theory indicates no advantage for either type of control owing

to symmetry at 45 ° . However. at 45 ° the inline configuration does not

realize the theoretical prediction because of the location of the control

panels in the wakes of the wings. The interdigitated control, which is

positioned more favorably, has no wake interference effects and develops

practically as much pitching effectiveness as the inline control at 4_ °.

Thus, the interdigitated control has a slight advantage in this maneuver

over a wider angle range.

For the long-chord low-aspect-ratio configuration at combined angles

of attack and sideslip_ tests at the Langley Aeronautical Laboratory and

the Ames Aeronautical Laboratory have shown that there is adequate roll

control up to Mach number 6.

In figure 7_ the trim capabilities of the control types are compared.

In this figure trim normal-force coefficient CNTRI M is plotted as a func-

tion of the trim control deflection 5TRIM at Maeh number 3. All types

were trimmed to the same static margin to make this comparison. Owing to

the excellent center-of-pressure characteristics the interdigitated tail

control develops the highest normal force for a given control deflection.

Although the interdigitated canard showed the largest center-of-pressure

travel, the favorable interference that was observed to exist enables

this control type to develop high normal for_:es _Iso. The lowest curw_
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represents the swivel-nose-control case as well as the inline diamond

and rectangular tail and canard controls. As shown, the maximum trim

normal-force coefficient for this group is only slightly greater than 2.

By resorting to interdigitation of the control panels it is possible,

therefore, to develop over twice the trim normal force relative to the

inline types.

The trim lift-drag polars are shown in figure 8. The trim lift

coefficient is shown as a function of the trim drag coefficient at Mach

number 3 for the various configurations. The dashed line represents the

untrimmed case which is essentially the same for all control types. The

minimum drag for the canard types is slightly higher than that for the

tail-rearward types. For any given lift coefficient the plot shows that

the drag penalty is least for the interdigitated-tail-control types.

In figure 9 the comparison is made of the agreement between experi-

mental and predicted control effectiveness as a function of Mach number.

The dashed curve is the result of linear theory which has been modified

to account for panel-body interference. The circles represent experi-

mental data for the interdigitated tail control. Theory overpredicts

control effectiveness by an almost constant percentage. The trend pre-

dicted by linear theory of the falloff of effectiveness with Mach number

holds for Mach numbers up to 6. Although the control effectiveness

decreases with Mach number, the good moment characteristics of the inter-

digitated tail control at combined control deflection and angle of attack

still allow large trim forces to be developed at the higher Mach numbers.

In figure i0 the same comparison is shown for the interdigitated

canard control. For this case, theory underpredicts the experimental

values. This occurs over the entire Mach number range and illustrates
that favorable interference acts to increase the control effectiveness

at 0° angle of attack for this particular canard surface. However, at

combined control deflection and angle of attack it has been noted that

the interference can be unfavorable. The decrease of control effective-

ness with Mach number is again closely predicted by linear theory.

CONCLUDING REMARKS

For the delta configuration having low aspect ratio tested in this

investigation, the interdigitated tail control comes closest to satisfying

the criteria given. This control actually improves the stability of the

basic wing-body combination. Small center-of-pressure travel allows

trimming at small stability margin with subsequent small trim-drag pen-

alties. Larger trim normal forces can be developed for this control than

can be developed for inline-control types. Finally, the favorable locatio_
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of the control panels away from the wing wake minimizes interference
effects so that the control effectiveness is maintained over wide limits.
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MANEUVER PERFORMANCE OF INTERCEPTOR MISSILES

By David G. Stone

Langley Aeronautical Laboratory

SUMMARY

From an analysis of a point defense against ballistic missiles with

an intercept near an altitude of 140,000 feet, a lift coefficient from 2

to 3 is shown to be required of the antimissile missile. This lift is

readily obtained from missile configurations having small low-aspect-

ratio surfaces and even from bodies alone at higher angles of attack.

Preliminary wind-tunnel tests at Mach numbers of 4.65 and 6.8 have indi-

cated trailing-edge controls to be poor in trimming a low-aspect-ratio

configuration to the required lift, whereas an all-movable forward sur-

face with a short lever arm on a flared-skirt configuration shows ade-

quate trim lift characteristics. These preliminary analyses and wind-

tunnel tests indicate that more research should be done on controls,

either aerodynamic or reaction type, so that interceptor-missile con-

figurations may be trimmed to the angles of attack required to develop

the necessary turning force.

INTRODUCTION

The performance criterion for an interceptor missile to defend

against ballistic missiles is turning force sufficient to intercept the

target as well as drag characteristics that do not degrade the ability

of the rocket motor to obtain high altitude and range in a short length

of time.

SYMBOLS

CL

CN

CN,TRIM

lift coefficient

normal-force coefficient

trim normal-force coefficient
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g

L/D

(L/D)TRI M

M

t

At

x

x/z

CLTRn_

5, 5 c

acceleration due to gravity

lift-drag ratio

trim lift-drag ratio

length of missile

Mach number

time, sec

incremental time, sec

distance from nose to center of gravity

center-of-gravity location

angle of attack, deg

trim angle of attack, deg

deflections of control surface, deg

DISCUSSION

In order to aid in determining the aerodynamic lifting force that

may be required of an antimissile missile, a purely arbitrary problem

of intercepting an intercontinental ballistic missile (ICBM) was set

up. A point-defense problem was considered. Figure i presents the

conditions, trajectories, and requirements for an antimissile missile

that is maneuvered by aerodynamic forces and aerodynamic controls. The

arbitrary conditions for point defense were to intercept an ICBM warhead

at an altitude of 140,000 feet at a minimum range from launch of 40 nau-

tical miles. The missile considered consisted of a so-called aerodynamic

steerable stage that places the warhead stage at 140,000 feet in 40 sec-

onds so that the warhead stage may make the final correction to intercept

(in the order of 2 nautical miles) in several more seconds. In the fig-

ure, altitude is shown plotted against horizontal range. The ICBM path
enters at 20 ° and the antimissile launch point is somewhere beneath thi_

path. If atmosphere is not considered, the zero point on the range is

the extension of the ICBM path to theoretical impact. The curved tra-

jectories illustrate the paths of the antimissile for two different

turning forces or lift. In detail, the missile is launched at 70 ° and
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boosted to a Machnumber of 6 between altitudes of 20,000 and 30,000 feet
in nonguided flight. Then the missile coasts and makesan "aerodynamic
turn." For example, two turns are shown: one for a lift coefficient of
2 for a duration of 15 seconds and another for CL = 3 for a duration
of 5 seconds. A value of CL of 3 causes the missile to turn too much
for this 70o launch angle; however, if the launch angle were 80° , a value
of CL of 3 would be required to obtain a trajectory similar to the one
shownfully. At the end of this "aerodynamic turn" the sustainer rocket
is fired to accelerate the missile to M = i0 so that the desired inter-
cept point maybe reached in time. The latter part of the path is a
ballistic trajectory to the point of near intercept.

The important point of this trajectory analysis is that lift coeffi-
cients, based on body cross-sectional area, in the range of 2 to 3 are
required for maneuverperformance. This represents normal accelerations
in the order of 30g. Also, note that whenthe missile is at high angles
of attack in the denser air the Machnumber is not excessive.

Configurations that are capable of producing lift forces of this
magnitude have been tested in wind tunnels and are reported in refer-
ences 1 to 5- Two configurations having different aerodynamic controls
and their trim capabilities will be shownfor Machnumbers of 4.65 and
6.8 as obtained in the Langley Unitary Plan wind tunnel and in the
Langley ll-inch hypersonic tunnel. The two configurations are shownin
figure 2. Based on body length, the Reynolds number is 12.5 X l06 for
the data at M = 4.65 and 3 X l0b for the data at M = 6.8. Figure 3(a)
summarizesthe results at M = 4.65 for a low-aspect-ratlo long-chord
delta cruciform configuration having trailing-edge controls. Plotted
as the ordinate is the trim normal-force coefficient based on body cross-
sectional area against the center-of-gravity location for two deflections
of the controls. These data showthat in order to reach required values
of normal-force coefficient from 2 to 3, the static stability must be
quite low, in fact, near neutrally stable. The boundary mark indicates
the position of neutral stability. This is realistic because neutral
stability should be no problem inasmuch as the momentcharacteristics of
long-chord configurations are so nearly linear and have no adverse static
stability characteristics. Note that trim angles of attack around 15°
are required. The static margin to obtain values of CN from 2 to 3 is
in the order of 0.2 body diameters, the value at which Warren Winovich
and Nancy S. Higdon in the preceding paper comparedvarious controls.
Shownagain in figure 3(b) is the trimmed lift effectiveness at M = 6.8.
Note the severe reduction in effectiveness of the trailing-edge controls
that are directly behind the wing. Of course, at a Machnumberof 6.8
the trailing-edge controls are incapable of producing the required values
of CN from 2 to 3- If these controls were all-movable and interdigi-
tated with respect to the wings, the large reduction in effectiveness
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would not occur at M = 6 as pointed out in the paper by Winovich and
Higdon.

The drag penalty which goes with these trim lift conditions is
shownin figure 4 as the trim lift-drag ratio plotted against center-
of-gravlty location for a Machnumberof 4.65. These results also
emphasize the need for low static margin to obtain better values of
(L/D)TRIM. The untrimmed L/D capabilities of this configuration are
slightly better than 3 as comparedwith (L/D)TRIM of slightly over 2.
Therefore, the trailing-edge controls are incapable of producing the
full L/D capabilities of the configuration.

A different configuration is presented in figure 5(a). Shownis
CN,TRIM plotted against center-of-gravity location for a flared-skirt-
stabilized configuration with an all-movable surface Just in front of
the center of gravity. Data for two deflections of the control surface
are presented. Again for even this configuration the static stability
must be quite low at M = 4.65 to obtain the required values of CN,TRIM
from 2 to 3. Note that the trim angles of attack are near 12°. The
control lift effectiveness is quite high, accounting for the trim capa-
bilities. Shownin figure 5(b) is the trimmed lift effectiveness at
M = 6.8. At this higher Machnumber, ample CN,TRIM capabilities are
available for this configuration at trim angles of attack near 14°.

The trimmed lift-drag characteristics of the flared-skirt configu-
ration under these conditions are shownin figure 6(a) for M = 4.65
and in figure 6(b) for M = 6.8. The trimmed lift-drag characteristics
are no better than for the long-chord delta configuration, but the
untrimmed lift-drag ratio for the flared-skirt configuration is only
slightly better than 2. Therefore, the all-movable forward surface
develops (L/D)TRIM capabilities that are the maximumavailable from
the configuration.

The preceding data indicate that aerodynamic controls maybe a
problem for the antimissile missile. That is, the all-movable-surface
configurations may have severe heating and interference effects, and the
trailing-edge controls are ineffective at high supersonic speeds. How-
ever, the aerodynamic lifting capabilities are adequate. Therefore,
this suggests someform of nonaerodynamicor reaction control for trimming.

For purposes of comparison, another analysis was madefor a hypo-
thetical wingless missile to do the samearbitrary point-defense job
as the winged aerodynamic-controlled missile. The basic premise of
this analysis was that the turning force would comefrom the body lift
and the componentof the thrust vector due to angle of attack only.
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Therefore, the booster or sustainer rocket motors must be active during

the entire 50 seconds of flight to 140,000 feet. Figure 7 presents the

trajectory and requirements for this wingless configuration. Plotted

is the altitude against the horizontal range for the trajectory shown.

The missile is launched at an angle of 70° and at an altitude of about

20,000 feet the turn begins while the booster is burning. This turn

requires a lift coefficient of about 2 (based on body cross-sectional

area). Most of the turn is accomplished during boost where the Mach

number varies slowly between 4 and 6 in the denser air, the interval

between 13 seconds and 30 seconds. Then, the booster drops off near

80,000 feet and the missile, still utilizing body lift and using a two-

step-thrust or dual-thrust sustainer motor, completes the turn into

the required trajectory in the required time to place the warhead stage

at 140,000 feet in 50 seconds. Above the trajectory plot in figure 7

is shown the effective lift-drag ratio experienced during this particu-

lar programed turn. The solid line indicates the total effective lift-

drag ratio, which is the sum of the aerodynamic lift-drag ratio and the

components attributed to the rocket thrust. The dashed line shows the

aerodynamic lift-drag ratio of the body alone involved. Also shown is

the angle of attack to develop the required lift coefficient and the

tilting of the thrust vector. Note that at the beginning of the turn

most of the turn is accomplished with body lift whereas, as the altitude

increases (that is, as the aerodynamic lift and drag in pounds become

smaller), the tilting of the thrust vector is of greater importance.

CONCLUDING REMARKS

From these preliminary wind-tunnel tests of interceptor missile con-

figurations and the analysis of point defense against ballistic missiles,

it is concluded that adequate aerodynamic lift is readily available and

should be utilized when operating under high-dynamic-pressure conditions

and that more work should be done on controls, either aerodynamic or

reaction type, so that the configurations may be trimmed to the angles

of attack required to develop the necessary turning force.
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SOME PREL]]41NARY EXPERIMENTS ON HIGH-SPEED IMPACT WITH

APPLICATION TO THE PROBLEM OF DEFENSE AGAINST

INTERCONTINENTAL BALLISTIC MISSILES

By A. C. Charters

Ames Aeronautical Laboratory

INTRODUCTION

The intercontinental ballistic missile (ICBM) has been called "an

ultimate weapon" because it appears next to impossible to stop once it

has been launched. In truth the ICBM is a difficult quarry. Destroying

it in flight is like shooting down a rifle bullet. On the other hand,

this weapon is sure to be used in any major conflict, as recent events

have demonstrated conclusively, and it is vital for our own welfare that

we pursue the development of an adequate defense.

If an engineering problem is unusually difficult, a fruitful approach

sometimes is to seek a special solution which is strictly valid only for

limited conditions. Often, partial answers will point the way to a solu-

tion of the whole problem. This approach is taken here. A special solu-

tion to the defense problem is being sought out; a particular method, as

it were_ of attacking and destroying the ICBM as it approaches its target.

The essence of the method is to destroy the ICBM by perforating its

heat shield with a small projectile. Its impact on the shield will open

up a hole having a diameter greater than the thickness and will expose

the interior to a stream of hot gas similar to the flame of an oxyacety-

lene cutting torch. It is reasonable to suppose that a cutting-torch

flame played on the delicate nuclear warhead would wreak havoc in short

order. Although it is not definite that perforation of the heat shield

will be lethal, this will be the underlying hypothesis.

The ICBM will supply the velocity for the impact, of course, and it

is only necessary to place the projectile in its path. The impact will

take place at ICBM entry speed, and engineering calculations must be

based on a knowledge of impact at velocities of 20,000 ft/sec and above.

Unfortunately, little is known about impact at these speeds, and a limited

program of research is being carried out by the NACA to fill the gap.
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The purpose of this paper is twofold: first, to present the results
from the impact program to date; second, to apply these to roughing-out
the general dimensions of a weaponssystem.

PRELIMI_LRYRESULTSOFHIGH-SPEEDIMPACTRESEARCH

Experimental Procedure

The program of research has consisted of firing small spheres at
thick copper plates, since it is believed that copper is a material
whoseproperties maymake it suitable for an ICBMheat shield. The test
apparatus is shownin figure i. The spheres were fired from the gun at
the left, traversed several chambers, and struck the target at the right.
All spheres were madeof metal and had a diameter of 1/8 inch, except in
one series of tests. They were fired in a sabot, shownin the sketch,
which separated into two halves on leaving the muzzle and were trapped in
the blast tank. Spark photographs were taken in the velocity chamber,
and a typical example is shown in the bottom right-hand corner of the
figure. The targets were mountedwith their surfaces perpendicular to
the trajectory and all were massive compared to the cavities, so that
in effect they were semi-infinite solids.

Results and Discussion

The primary purpose of the impact program was to obtain information
on the depth of penetration, and the number of tests are really inadequate
for any conclusions about the physics of impact. However, at risk of
oversimplification, a few remarks will be made.

Comments on the impact process.- For small spheres fired at normal

incidence into heavy metal targets, the impact will fall into one of

three categories, as illustrated in figure 2. This figure shows the

results of firing 1/8-inch tungsten-carbide spheres into lead targets

at various speeds. The ordinate of the graph is the penetration in diam-

eters; the abcissa of the graph is a parameter proportional to the veloc-

ity. The solid line at the right represents the correlation of all the

impact data from the remainder of the program. Representative target

blocks were sectioned and photographs of the sections are inserted above

the portions of the graph to which they belong.

At low velocities, the strength of the sphere's material is greater

than the dynamic pressure of impact, and the sphere penetrates the target

as a nondeformable projectile. At high velocities the dynamic pressure

of impact is much greater than the strength of the material of either the
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sphere or target, and the sphere and target act as though they were
liquids - hence, the designation "fluid impact." In between these
regions, there is a transition zone.

The graph in figure 2 is a sort of pirate's treasure map, and, if
you're to find the treasure, you have to knowwhere you are on the map.
In other words, when in the nondeformable-projectile region, penetration
prediction can be madethroughout this region, but the point at which
transition will occur cannot be predicted and the penetration in the
fluid region cannot be described. The converse is true when in the
fluid region.

All the tests of this program, except this special series, fall in
the fluid region. The name"fluid impact" comesfrom the hydraulic model
used to explain shaped-charge penetration, because this model appears to
give a correct picture of the physical processes taking place. The cav-
ity starts to form as the sphere flows into the target and sets someof
the target material in motion. The cavity continues to grow as the tar-
get material flows away from the point of impact and reaches its full
size when the flow is stopped by plastic shear.

If the hydraulic model is correct, then the sphere would be expected
to flow out as a thin coating over the outside of the cavity. And this
is just what happens, as shownin figure 3. Figure 3 is a photograph of
the cavity formed by the impact of a lead sphere on a copper target. The
entire surface of the cavity is covered with a smooth silver-colored coat
of lead, which is seen to contrast strongly with the red color of the
copper block.

Lead is a ductile metal, of course, and it might be expected to
behave like a liquid under the action of very great forces. However,
the sameprocess takes place even though the material of the sphere is
a hard, brittle metal. This is illustrated in figure 4, which shows the
cavity produced by a high-carbon steel ball impacting a copper target.
The steel sphere does not flow smoothly as lead does. Rather it frag-
ments into manysmall pieces which float on top of the flow of target
metal during the formation of the cavity as though they were blocks of
ice floating on a river.

The use of lead as a target material to simulate hi_h-speed impact

in copper.- Copper was chosen as the target material of primary interest

in these preliminary tests, and it was desired to study impact in copper

at ICBM entry velocities of 20,000 ft/sec and above. Unfortunately, the

guns available at the time could not fire at these speeds, and a low-

speed analog was sought as a means of investigating high-speed impact

in copper.
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The key to a low-speed analog comesfrom a suggestion of J. H. Huth
and his associates, based on an analysis of experiments at the University
of Utah and the Naval Research Laboratory. Huth found that penetrations
could be correlated on the basis of the speed of sound _n the target metal
and suggested that the correct dimensionless parameter was the ratio of
the velocity of impact to the speed of sound in the target m_terial, which
he called the "impact Machnumber." If his hypothesis is correct, lead is
a good target material for a low-speed analog, because its speed of sound
is only a third of that of copper. Consequently, impact in copper at
20,000 ft/sec could be simulated by lead at 7,000 ft/sec, a velocity
within reach of the guns used for these tests.

Huth's hypothesis was tested by firing lead spheres into lead tar-
gets and copper spheres into copper targets. A comparison of the target
blocks is shownin figure 5- The lead targets are shownat the top of
the figure and the copper targets, at the bottom. The impact Machnum-
ber scale is shownin the center. The first three targets on the left
were selected to comparecavities in the two metals at the sameMachnum-
ber, and the similarity is quite evident. The lead target at the right
shows the hole that would be struck in the copper heat shield of an ICBM
by the i/8-inch sphere shownat the bottom of the figure.

Dependence of penetration on impact Mach number.- The measurements

of penetration are shown in figure 6. This graph is a log-log plot of

penetration in diameters against impact Mach number. As can be seen,

the data for lead and copper are correlated satisfactorily.

The impact Mach number was used to analyze the data from all the

tests of this program, but a note of caution should be introduced at

this point. The impact Mach number stems from a dimensional analysis

rather than from a theoretical treatment of the basic physics of impact,

and there may be some doubt as to whether the speed of sound is a truly

fundamental variable in the physics of the process.

Effect of sphere material on penetration.- A series of tests were
carried out to answer the question: "What material should the sphere

be made of to produce the greatest penetration for a given weight_"

The results are shown in figure 7, as a graph of penetration against

the density of the sphere. The material of the sphere was varied from

a magnesium alloy, on the one hand, to a tungsten compound on the other.

The weight of the sphere and its velocity were kept constant. Firings

were made into both lead and copper targets.

The answer to the question can be seen at once. The deepest cavity

is made by the sphere with the greatest density. In other words, weight

for weight, the best material is the densest available.
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Correlation of all impact data.- The linear plots of data shown

in figures 6 and 7 suggest that the penetration may be a function of a

single parameter. This was found to be the case, as shown in figure 8.

The parameter in question is the product of the density ratio and the

impact Mach number, where pp is the density of the sphere and PT is

the density of the target. All of the data from the impact program are

shown on this log-log plot of the penetration against the impact param-

eter. It can be seen that all the data are fitted reasonably well by

a straight line, the formula for which is given in the upper right-hand

corner. This formula p_ovides an engineering basis for predicting the

effects of high-speed impact.

APPLICATION TO ANTIMISSILE WEAPONS SYSTEM

The results of the impact program will now be applied to the study

of an antimissile weapons system. The impact formula will be used to

compute the diameter of the sphere required to perforate the heat shield

of the ICBM. In making this calculation the penetration will be equated

to the thickness of the heat shield, although strictly speaking the for-

mula does not apply to the case in which penetration is comparable to

the target thickness. Actually, using the formula in this way is con-

servative; as recent tests at the Langley Aeronautical Laboratory have

shown, because "thin" targets are penetrated more deeply than "thick"

targets under the same conditions of impact. Also, the Langley tests

have shown that heating the target m_terial increased the penetration.

So, here again, the formula is conservative, if the ICBM is struck part

way through the atmosphere and its heat shield is hot.

General Plan for Counterattack

The plan for counterattack is shown in figure 9. The ICBM approaches

its target along a straight line inclined to the horizon at about 20 °.

After it is identified and located, an interceptor missile is launched

and directed to intercept the ICBM at a safe distance from its intended

target.

The warhead of the missile is loaded with small spheres. As a

point of interception is approached, the spheres are spread out into a

symmetrical pattern which lies like a screen athwart the path of the

onrushing ICBM. The spacing is held close enough so that a strike is

certain if the ICBM flies through the pattern.
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Design of Interceptor Missile

The computation of the total weights of spheres required and sizes
of interceptor missiles must be based on a definite attack situation.
Consequently, a hypothetical attack is considered, although this is done
purely for the purpose of illustrating the magnitude of hardware required
to implement the proposed weapons system. The conditions of the counter-
attack are set forth in figures 9 and lO.

Let the spacing between spheres be one unit. Then the diameter of
the pattern is taken to be 1,000 units. Consequently, approximately
1,000,000 spheres will be the total numberneeded. The spheres are con-
sidered to be madeof tungsten to give the greatest penetration for the
least weight. The impact Machnumber is assumedto be 2, which is
believed to be representative.

Two materials are considered for the heat shield of the ICBM: one
with a specific gravity of lO, representative of the "heat-sink" type
of shield, and the other with a specific gravity of 2, representative
of the "ablating" type of shield. The shield, or "skin," thickness is
varied from O.1 inch, which maybe typical of a satellite, through 1 inch,
which maybe representative of a long-range, ballistic missile, to
lO inches, which might be possible for a heavily armored vehicle, called
a "space dreadnought."

The graph in figure i0 is a plot of the weight of 1,O00,O00 spheres
against the skin thickness to be perforated. The top line corresponds
to the case where the specific gravity is lO and the bottom line, to the
case where the specific gravity is 2. A rough calculation indicated
that the total weight of the pursuit missile will be about lO times the
weight of the spheres which it must carry. Accordingly, the total mis-
sile weights are given by the ordinates at the right of the graph.

It is evident that weights of spheres and missiles depend critically
on the skin thickness, for these range over 6 orders of magnitude to cover
the skin thicknesses considered. Consequently, attention is focused on
three cases.

First, the satellite: Here, only a few pounds of spheres will be
needed and the pursuit missile is correspondingly light. Destruction
by impact looks very promising in this case.

Second, the ICBM: Here, the sphere weights will range in the hun-
dreds or thousands of pounds, and the missile weights, in the thousands
or ten-thousands of pounds. So, in this case it maybe reasonable to
conclude that the weaponssystem promises to be feasible and merits
further study.
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Third, the space dreadnought: Here, the sphere weights will range
from a hundred thousand to a million pounds and the missile weights from
a million to ten million pounds. These values are very large, even com-
pared to the weights of ballistic missiles, and it is probably fair to
state that a heavily armored vehicle is safe from destruction by the
impact of a relatively small sphere.

CONCLUDINGREMARKS

This paper has been concerned with defense from the ICBM. It may

be of interest to conclude the discussion by reversing positions for a

moment and studying the effects of countermeasures on the design of the

attacking ICBM, for there is a corollary to be drawn from the results

of this investigation.

Now, the recipients of an ICBM are certain to regard its delivery

as a most unfriendljv gesture and will act with the utmost of vigor to

intercept it en route. It is possible they will throw up a screen of

pellets, as proposed in this paper. At least, the designer of the ICBM

should be prepared for this eventuality in the design of his heat shield.

If the heat shield is the ablating type, the defense will be pre-

dicted on the lower curve of figure i0 with the shield thickness probably

being a few inches. It was shown that a relatively light pursuit missile

could bring about the destruction of the ICBM. Consequently, the ICBM

designer may feel it necessary to back up his ablating heat shield with an

inner shield of armor heavy enough to defeat any attempt at perforation.

The corollary to be drawn from the present study is this: The heat

shield of an ICBMmay have to be a shield in an older military sense; that

is, a device for warding off the blows of one's opponent. The shield of

the ICBM must ward off the heat of high-speed entry into the earth's

atmosphere. It may also have to ward off the impact of a screen of pro-
jectiles intercepting its path.
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EFFECTS OF SURFACE ROUGKNESS ON TRANSITION

By Albert L. Braslow and Elmer A. Horton

Langley Aeronautical Laboratory

INTRODUCTION

It is known, at least qualitatively_ how such factors as pressure

gradients and leading-edge sweep influence the ability to maintain lami-

nar flow over smooth configurations. If, after a study of such effects,

laminar flow still appears possible_ the next hurdle to be overcome is

the adverse effect of surface roughness on transition. This paper will

review recent results obtained at supersonic speeds as well as subsonic

on the size of roughness required to promote premature transition.

DISCUSSION

For discrete particles of roughness, that is, particles of a three-

dimensional nature such as sand grains or rivets or spattered bugs_ a

critical size has been found to exist below which the roughness has no

influence on the natural transition and above which the roughness causes

premature transition. This is shown in figure i by means of several

observations of the variation of streamwise boundary-layer velocity

fluctuations with time. These measurements were made with the use of

a hot-wire anemometer on a i0 ° included-angle cone at a Maeh number of

2.01 in the. Langley 4- by 4-foot supersonic pressure tunnel.

In figure i the vertical location of the trace indicates the corre-

sponding Reynolds number per foot of the stream. The left group of

traces was obtained through a Reynolds number range for a smooth cone.

The bottom trace indicates completely laminar flow. The next higher

trace indicates occasional bursts of turbulent flow. The next higher

indicates laminar flow a small part of the time, and the top one, fully
turbulent flow. All traces were made with the hot wire at the same

location. This change in the character of the boundary layer with

changes in Reynolds number is consistent with the concept of the origin

of turbulence as turbulent spots of the type shown by Schubauer and

Klebanoff (ref. i) for subsonic speeds. A recent investigation at the

Ames Laboratory (ref. 2) verifies the existence of turbulent spots at

supersonic speeds.
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In the upper right part of the figure are shownhot-wire traces taken
behind somegranular roughness on the cone. This roughness was 0.003 inch
high but had no effect on the natural transition as seen by the fact that
the turbulence was initiated at the samevalue of stream unit Reynolds
number. In contrast, the traces in the lower right part of the figure,
taken behind a larger size roughness, show a large reduction in stream
unit Reynolds number for the initiation of turbulence. This comparison
clearly indicates that a critical size of three-dimensional roughness does
exist.

With measurementsof this kind, a criterion has been determined with
which the size of roughness required to cause transition can be predicted.
This critical size of three-dimensional roughness has been correlated on
the basis of a critical local roughness Reynolds number similar to that
used previously at subsonic speeds (ref. 3).

The critical roughness Reynolds number Rk,t was formed with the
height of the particle and the local flow conditions existing at the top
of the particle when the particle began to introduce turbulent spots into
the boundary layer. It should be rememberedthat at supersonic speeds,
there are large variations in kinematic viscosity through the boundary
layer due to the temperature distribution; therefore_ in order to reduce
the effect of Machnumber on the roughness Reynolds number, local values
of density and viscosity at the top of the particle were used as well as
the velocity at the particle height (fig. 2). Results are presented for
various sizes of granular-type roughness located at various distances
from the model leading edge. The circular symbols represent data
obtained on the i0 ° cone at Machnumbersof 1.61 and 2.01 (ref. 4) and
the square and diamond symbols represent an airfoil and a sphere tested
at low speeds in the Langley low-turbulence pressure tunnel and the
Langley full-scale tunnel, respectively. The square root of the rough-
mess Reynolds numberwas chosen as the variable because this value is
more nearly proportional to the critical projection height than is Rk,t.
For supersonic Machnumbers as well as subsonic, the value of the criti-
cal roughness Reynolds numberparameter is about constant for the
granular roughness.

The effect of the geometry of the particle is shownin figure 3 in
which #Rkk,t is plotted against the ratio d/k of the particle width
or diameter to the particle height. The circular symbols represent
spherical roughness particles; the square symbols, granular particles;
and the diamond symbols, surface craters with a raised rim around the
circumference. For the craters, the overall diameter of the crater and
not the width of the raised rim was used for the value of d and the
height of the raised rim above the undisturbed surface was used for the
value of k. Somesystematic variation is shownbetween R_,t and d/k
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which is similar to a trend previously obtained with cylindrical projec-
tions (ref. 5) where the cylinders resembling upright telephone poles,
that is, small ratios of d to k, showedan increase in Rk_,t. For all
shapes, it madeno difference whether transition was initiated by an
individual particle of roughness or by a group of particles.

The values of R_t shownin these two figures cover a 12-fold
range in roughness height, a 30-fold range in distance from the model
leading edge, a _D-fold range in the ratio of roughness width to height,
variations in roughness shape, and a range of speeds from low subsonic
to a Machnumberof 2. The values of _,t vary from about 15 to 30, a
correlation close enough to indicate the magnitude of a three-dimensional
type of roughness necessary to cause transition within a factor of 2.
With this parameter, it is also possible to determine the minimumsize of
three-dimensional roughness required to fix transition intentionally for
model tests in which it is important to minimize the drag contribution of
the roughness itself. More about this application will be found in a
subsequent paper by Albert E. yon Doenhoff.

Another point to be madeis the fact that the existence of a fixed
value of the critical local roughness Reynolds number is based on the
concept of similar flows about the roughness. This condition is very
nearly fulfilled for various ratios of roughness height to boundary-
layer thickness if the roughness is well submergedin the boundary layer.
For roughness protruding through the boundary layer, a constant value of
R_k,t would not be expected. Observations at both subsonic and super-
sonic speeds for this condition have indicated that the critical rough-
ness parameter is substantially greater.

In figure 4 is presented an indication of the magnitude of the
critical size of roughness associated with the critical roughness
Reynolds numberparameter. An example is given of the maximumroughness
size permissible for the maintenance of laminar flow for roughness
located at various distances from the leading edge of a thin wing for
flight at a Machnumberof 3 at altitudes of i00,000 feet and 50,000 feet.
At I00,000 feet, the permissible roughness height is of the order of
1/16 inch, certainly large enough to be easily found. At 50,000 feet,
however, the allowable roughness is of the order of 0.010 inch, a height
that would be difficult to detect on a large area with a reasonable
degree of inspection. It should be emphasized that it is not the root-
mean-square value of the surface roughness that determines the onset of
transition due to roughness but rather the individual projections of
maximumheight. These tallest particles reach the critical value of
roughness Reynolds number first. Becauseof a lateral spread of turbu-
lence behind the roughness, a few strategically placed particles larger
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than the root-mean-square roughness can cause turbulent flow over most

of the surface for conditions where laminar flow might be expected if

only the root-mean-square value were considered.

The possible effects of laminar boundary-layer stability on the

critical roughness size are next considered. It is known that boundary-

layer cooling, boundary-layer suction, and favorable pressure gradients

have a stabilizing effect on the laminar layer for theoretically small

disturbances. In a stable laminar layer, these theoretically small

disturbances damp out as they move downstream and the extent of laminar

flow over a smooth surface can be greater than for the unstable case.

(The effectiveness of cooling and of continuous suction is shown in

references 6 to 9 and lO, respectively.) In figure 5 are presented

additional hot-wire traces behind three-dimensional roughness elements

of finite size. The measurements were made in the Langley 4- by 4-foot

supersonic pressure tunnel on a lO ° cone for a Mach number of 2.01

(fig. 5(a)) and in the Langley Unitary Plan wind tunnel at a Mach num-

ber of 4.21 (fig. 5(b)). In each figure, the left group of traces was

made with the model surface at equilibrium temperature and the right

group for the same surface roughness but with the model cooled. The

wall-temperature distributions for the cooled model are shown in the

upper right-hand corner. At both Mach numbers_ the wall temperature

varied from almost stagnation temperature near the cone apex to about

-50 ° F ahead of the roughness.

It is clearly demonstrated that for the stream unit Reynolds number

at which the roughness was Just critical_ that is_ when turbulent spots

began to appear with the surface at equilibrium temperature, cooling the

cone surface resulted in a completely turbulent boundary layer. In fact,

for the cooled condition_ it was necessary to decrease appreciably the

stream unit Reynolds number in order to return the boundary layer to the

laminar condition. Associated with the surface cooling for given values

of roughness size and location and stream Reynolds number and Mach num-

ber is an increase in the actual roughness Reynolds number Rk caused by

(i) an increase in velocity at the top of the particle due to a thinning

of the boundary layer and an increase in convexity of the velocity pro-

file and (2) an increase in local density and a decrease in local vis-

cosity due to the lowered boundary-layer temperature. The fact that

transition resulted from this increase in roughness Reynolds number indi-

cates that the critical value of roughness Reynolds number was not

increased to any important extent by the theoretical increase in laminar

boundary-layer stability resulting from the surface cooling. This con-

clusion is verified with the aid of figure 6. The circular symbols repre-

sent values of the roughness parameter R_,t for the cooled cone where

the values are based on the cooled conditions at the top of the roughness.

Comparison of these points with the circular symbols shown previously in

figure 2 for the cone at equilibrium temperature shows that the values of
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-k,t are about the same for the surfaces whether warm or cooled. Also

presented in figure 6 are values of the roughness parameter obtained with

cylindrical roughness on an airfoil where the laminar layer was stabilized

by means of continuous suction (ref. ii), as indicated by the square sym-

bols. In addition, the diamond symbols represent values obtained with

spherical roughness on the large sphere in the Langley full-scale tunnel

where the laminar boundary layer was stable because of the favorable

pressure gradient. For this large variety of conditions, an increase in

laminar boundary-layer stability, whether by favorable pressure gradients,

boundary-layer suction, or surface cooling, had very little effect on the

roughness Reynolds number parameter for transition.

For two-dimensional roughness, such as spanwise ridges or grooves,

however, laminar stability can have a beneficial effect on the allowable

roughness. Recent evidence of this can be found in a paper by Van Driest

and Boison (ref. 9) for the laminar layer made stable by means of surface

cooling and, secondly, from some tests of spanwise wires on the large

sphere where an increase in stability resulted from the favorable pressure

gradient. This difference in the effect of laminar boundary-layer sta-

bility on the initiation of turbulence caused by two- or three-dimensional

type roughness is associated with a basic difference in the triggering

mechanism of turbulence for the two types of roughness. Hot-wire measure-

ments have shown that for the three-dimensional roughness, the turbulent

spots are initiated at the roughness when the local Reynolds number

becomes critical. For two-dimensional roughness, turbulent spots are

first noted at a rearward position with no turbulence forward and a

further increase in Reynolds number is required to move the transition

gradually forward. (For example, see ref. 12.) The disturbances pro-

duced by the two-dlmensional roughness, therefore, appear to be of the

Tollmein-Schlichting type and are subject to amplification theories

during their movement downstream. For the three-dimensional roughness,

however, transition is initiated directly at the roughness and the sta-

bility arguments are not applicable.

A final point to be made consists of the effect of laminar stabil-

ity on the lateral spread of the turbulence behind a roughness particle.

The lateral spread of turbulence was measured on the sphere behind

roughness located at various positions, where the location determined

the degree of stability due to the favorable pressure gradient. Measure-

ments were also made on a flat plate where the stability was increased

by surface cooling. In neither case did an increase in laminar boundary-

layer stability have any appreciable effect on the spread of turbulence.
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CONCLUDINGREMARKS

The transition-triggering mechanismof three-dimensional-type sur-
face roughness appears to be the sameat supersonic and subsonic speeds.
In either case, the important parameter is a Reynolds numberbased on the
height of the roughness and the local flow conditions at the top of the

With a value of this roughness parameter R_,t of about 22,roughness.
it is possible to predict with reasonable accuracy the height of three-
dimensional roughness required to cause transition. Neither the critical

three-dimensional roughness Reynolds number nor the lateral spread of

turbulence behind the roughness is changed to any important extent by

increasing the 18minar boundary-layer stability to theoretically small

disturbances. Therefore, for a given stream Mach number and Reynolds

number, surface cooling, boundary-18_ver suction, or a favorable pressure

gradient will, in the presence of roughness, promote rather than delay

transition. A favorable effect of stability on permissible two-

dimensional-type dlsturbances, however, is possible.
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ROUGHNESS REYNOLDS NUMBER PARAMETER AS AFFECTED
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THE PROSPECTS FOR LAMINAR FLOW ON HYPERSONIC AIRPLANES

By Alvin Seiff

Ames Aeronautical Laboratory

451

FACTORS AFFECTING EXTENT OF L_4INAR FLOW

Ordinarily, it is desired to obtain a maximum amount of laminar flow

on airplanes for hypersonic flight in order to cut down the aerodynamic

heat input and to improve aerodynamic efficiency. If an attempt is made

to determine where boundary-layer transition will occur on a complete

airplane, a number of factors are considered, some of which are listed

in figure i. An airplane which has the highly swept and blunt-leading-

edge airfoil which is required for aerodynamic efficiency and control of

the leading-edge temperatures is shown in this figure. The first factor

listed is the Reynolds number which is well-known to be the most important

factor. If the Reynolds number is exceptionally low, laminar flow will

occur without regard for the other factors; conversely, if the Reynolds

number is exceptionally high, fully turbulent flow will approximate what

is obtained. In the intermediate region the extent of laminar flow depends

on the other factors, and it is in this region of Reynolds number that

hypersonic lifting flight can occur. The other factors listed are the

ratio of wall temperature to boundary-layer recovery temperature, which

is well-known to have important influence on transition and which will

be treated in other papers of this volume; the surface roughness, which

has been known to be important as long as boundary-layer transition has

been known; angle of attack which affects the boundary layers on both

wings and bodies but not necesss6rily in the same way; sweepback of the

wing leading edge, which is known to have adverse effects on laminar

stability; and aerodynamic interference. The configuration of figure i

is chosen to be particularly bad from the standpoint of interference.

The possibility of such effects as the discharge of a turbulent wake by

the canard onto the surface of the wing, the crossing of the wing sur-

face by the shock wave generated by the vertical tail, and the inter-

section of the leading-edge shock waves of all lifting surfaces onto

the body boundary layer is noted. All these interactions might be

expected to cause transition to occur at flight Reynolds numbers. An

additional and general type of aerodynamic interference is the influence

on the wing boundary layer of the pressure distribution generated by the

body and vice versa.
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Undoubtedly, other factors such as the pressure gradient, important
parts of which are included in the category of aerodynamic interference,
could be added to this list. The main point, however, is that all these
factors must be considered if a rational attempt is to be madeto maxi-
mize the laminar flow or to predict the extent of the laminar flow.

SYMBOLS

x

CD

CDo

CL

d

Z

M

R

Rh

Rk

T

u

LIS

w/s

X

x n

c/,

drag coefficient

minimum d_ag coefficient

lift coefficient

maximumdiameter

representative airplane length

Mach number

Reynolds number

roughness Reynolds number for two-dimensional roughness

roughness Reynolds number for three-dimensional roughness

temperature, °R

velocity

satellite velocity

wing loading

longitudinal distance

nose length

angle of attack
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_R2 mean-square angle of attack for three-wing model

boundary-layer thickness

e body angular position

A angle of sweepof leading edge

p free-stream viscosity

p airstream mass density

Subscript s:

e boundary-layer edge

k top of roughness

r recovery

T transition

w wall

free stream
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DISCUSSION

Closer examination of the flight Reynolds number shows that it is

largely determined by the wing loading and the flight speed as indicated

by the equation presented in figure 2, which represents the fact that

for equilibrium flight the aircraft weight must be counterbalanced by

the sum of lift and centrifugal force due to the curvature of flight

around the earth. A low value of the wing loading permits a high equi-

librium altitude and, consequently, a low Reynolds number. Similarly,

as the speed becomes appreciable compared with satellite velocity, less

aerodynamic lift is required and the altitude is again permitted to

increase. The result is that the flight Reynolds number decreases with

increase in flight speed. For a wing loading of 25 pounds per square

foot and an airplane 50 feet long, the Reynolds numbers based on length

are moderate and range from 15 X 106 at a Mach number of 4 to 7 X 106

at a Mach number of 20. This result indicates that full-scale hypersonic

flight can occur in a region of Reynolds number where laminar flow has
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been observed in flight tests and in wind tunnels. It should be noted,

however, that, by doubling the wing loading and the length, Reynolds

numbers four times as great as those shown were obtained and therefore

are considerably less desirable.

How smooth must an airplane surface be in order to give laminar flow

at flight conditions such as those of figure 2? Subsonic experience was

that the surfaces had to be exceedingly smooth to permit much laminar

flow at flight conditions. In order to indicate whether this will be

the case at high supersonic speeds as well, available data on critical

roughness are shown in figure 3 as a function of Mach number at the

boundary-layer edge. Data from references i to 5 on three-dimensional

roughness, such as would be given by sandpaper or carborundum grains on
the surface or sandblasting of the surface, are shown in figure 3(a) and

are correlated by using the Reynolds number based on roughness height

and local properties in the boundary layer at the top of the roughness
elements. Data from reference 4 for distributed two-dimensional rough-

ness in the form of transverse grooves are presented in figure 3(b) in

terms of the Reynolds number based on roughness height and air properties

outside the boundary layer divided by the parameter C (C = (5/x)_)

which is constant on the surface of a flat plate and indicates the effect

of Mach number and wall temperature ratio on the boundary-layer growth

rate. This latter type of correlation for distributed roughness has

been discussed in reference 5. However, the present purpose is not to

enter into detailed discussion of methods of correlating roughness effect

but rather to point out the trend common to figures 3(a) and 3(b), namely,

a large increase in permissible roughness with increasing boundary-layer-

edge Mach number. Since figure 3(a) is based on local properties inside

the boundary layer for a constant external-flow Reynolds number, there
will be a further effect of Mach number on the permissible three-

dimensional roughness, as indicated by the equation

where the subscript e identifies properties at the boundary-layer edge

and the subscript k identifies properties at the top of the roughness.

As the Mach number increases, Tk increases and, as a result, the per-

missible three-dimensional roughness increases with Mach number at a

rate faster than is indicated in the figure. As an example, the per-

missible heights of distributed roughness at a Mach number of 7 for the

flight conditions of figure 2 are predicted to be greater than 0.2 inch

for both two- and three-dimensional roughness.
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Another factor which can lead to early occurrence of transition,

at least for the case of slender bodies of revolution, is angle of attack.

Figure 4, which is taken from reference 6, shows data for the sheltered

side of a slender body at angle of attack, the windward side remaining

laminar in this case over the entire range. The position at which tran-

sition occurred is plotted against the angle of attack in degrees. As

the angle goes above about 0.5 °, transition comes onto the body at about

27 calibers from the nose and moves forward progressively with increasing

angle. This effect is probably a result of transverse pressure gradients

on the body which cause the boundary-layer profiles to become three-

dimensional, a situation similar to that which occurs on sweptback wings.

The curves shown in figure 4 were obtained from the assumption that tran-

sition occurs at a fixed angular position on the sheltered side of the

cylindrical cross section and, if the assumed angular positions of 120 °

and 180 ° are taken, the observed points are bracketed. These curves

provide a basis for extrapolating the data to higher angles of attack.

Of course, the presence of wings on the body would tend to modify the

effect and might, in fact, help to suppress it, since the wings act like

boundary-layer fences and tend to prevent the body crossflow which leads

to transition. At any rate, the adverse effect of angle of attack on

bodies should be held in mind.

Sweepback of the wing leading edge has been known to be adverse in

subsonic flow since 1952, when flight tests and wind-tunnel tests made

in England (for example, ref. 7) brought this to light. Subsonic data

(unpublished) recently obtained by Boltz, Kenyon, and Allen in the Ames

12-foot pressure tunnel also show this adverse effect and are reproduced

in figure 5. Whenever early transition due to sweep has been observed,

there has also been observed on the surface a number of parallel lines

or streaks with streamwise direction that were made visible by the use

of subliming agents on the surface as in the photograph of figure 6.

This photograph is a view of the bottom surface of the airfoil in the

wind tunnel with the flow direction from left to right. The streaks

develop on the airfoil in the laminar region and lead individually to

separate wedges of turbulence. The white spanwise stripe on the airfoil

was painted on the surface to indicate the chordwise station and was

rubbed smooth. It does not influence this result as has been proved by

many observations of the phenomenon in which these marks were absent.

It was suspected very early that the streaks were traces of streamwise

vortices in the boundary layer, and a rake survey of the transverse-flow

components in the boundary made by Boltz confirms this.

It was first suggested by P. R. Owen and D. G. Randall of the Royal

Aircraft Establishment, Farnborough, England, that the instability causing

transition was due to the three-dimensionality of the boundary layer.

Velocities in the transverse direction are induced by transverse pressure

gradients present on the surface of even two-dimensional swept wings

because of the spanwise "shearing" of the chordwise pressure distribution.
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Owenand Randall noted that the transverse velocity profile contains an
inflection point near its outer edge and would therefore be unstable.
The instability leads initially to streamwise vortices and finally to
turbulence. This hypothesis was given further weight by the analysis
of reference 8 which considered the stability of a boundary layer with
three-dimensional profiles when subjected to transverse periodic dis-
turbances and the instability was found to occur above a critical
Reynolds number. It was found by Owenand Randall that the onset of
vortices on the subsonic airfoils occurred whenthe Reynolds number,
based on the maximumvalue of the transverse velocity componentand the
boundary-layer thickness, exceeded a critical value of 125. For the
particular airfoils of these subsonic tests, this Reynolds numberwas
found to vary approximately with the square root of the chord Reynolds
number and the square root of the nose radius. At values of 130 to 190,
transition occurred near the leading edge. In tests in the Ames12-foot
pressure tunnel, transition near the leading edge occurs at a value of
about 170 and is in agreement with the British results.

From the explanation of Owenand Randall, it might be expected that
sweepwould continue to destabilize the boundary layer at supersonic
speeds. There is, however, no indication from presently available theory
as to the effect that compressibility and heat transfer might have on
the stability of supersonic boundary layers to this type of disturbance.
The data which are shown in figure 7, however, indicate end results gen-
erally similar to those of the subsonic tests. It might be expected that
a way of combating this instability is to choose wings of constant sur-
face pressure so that no transverse pressure gradients exist. This type
of pressure distribution is obtained on triangular wings with wedgesec-
tions and sharp leading edges whenthe flow componentnormal to the leading
edge is supersonic. Tests at this condition were madeby Dunning and
Ulmann (ref. 9) at a Machnumber of 4 and are indicated in figure 7 by
the circles. Surprisingly, an adverse effect of sweepbackwas still
obtained. This effect might be due to the finite thickness of the leading
edge which is necessarily present in experimental models so that in the
vicinity of the leading edge the flow is three-dimensional; or, it might
be a result of someother factors of an as yet unknowncharacter present
in the tests. Whenthe wing section in these tests was changedto a sub-
sonic wing section so that pressure-distribution effects were introduced,
the effect of sweepbackbecamemore pronounced and thus is consistent
with the hypothesis of Owenand Randall. A test on a triangular wing
with 740 sweepback(unpublished) was madein the Amessupersonic free-
flight tunnel, again using a relatively flat wing section. The leading
edge wasmadeblunt intentionally to simulate a leading-edge thickness
of 1.8 inches at a full-scale length of 50 feet. The result obtained,
when comparedwith an earlier datum point for a body of revolution, shows
a somewhatsimilar trend to that obtained on the wedge-section wings in
the wind-tunnel test except at a higher level of Reynolds number. This
increase in transition Reynolds number can be attributed to the reduced
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wall temperature ratio and the reduction in stream turbulence for the

flight test.

The effect of a cylindrical leading edge on the transition due to

sweepback has been investigated (ref. i0 and recent unpublished data).

The results obtained from tests of yawed circular cylinders are shown as

diamond symbols in figure 7- The Reynolds number for transition at the

stagnation line has been reduced from over 4 x 106 at zero sweep to the

order of 2 X 105 at 40 ° of sweepback, based on free-stream properties and

diameter, although the data do not indicate definitely the level of the

c_ve at the higher angles of sweepback. However, Feller, from tests

at a Mach number of 6.9, has found that the cylinder flow was fully

laminar at a Reynolds number of 1.3 x 105. (See ref. ii.) For the

flight Reynolds numbers shown in figure 2, these results would imply

turbulent flow only for leading edges larger than about 1 foot diameter.

The instabilities generated on smaller leading edges, although they do

not cause transition on the leading edge, might cause early transition

back on the wing. This possibility will require further investigation.

Owen and Randall's transition criterion has not been evaluated for

these supersonic data. To do so requires lengthy calculations of the

twisted velocity profiles. In one supersonic experiment for a Mach num-

ber of 1.6 (ref. 12), the transverse critical Reynolds number was found

to be smaller than that at subsonic speeds. The promising correlation

obtained subsonically makes it appear to be well worthwhile to make

further calculations of this kind for supersonic experiments.

If the complete configurations are again considered and one is

selected which offers some opportunity for maximizing the laminar flow,

it might look like the three-wing design (ref. 13) which is shown in

figure 8. This arrangement, which has the wing, vertical tail, and fuse-

lage originating at a common point, avoids having shock waves or wakes

cross any surface. In addition, the full-length wing panels might be

expected to suppress the crossflow effects and transition due to angle

of attack. The wing leading edges are swept back 74o , and the wing sur-

faces are flat in order to avoid transverse pressure gradients. However,

the pressure field due to the body nose induces a transverse pressure

variation onto the surface of the wings and the leading edge of the wing

is extremely blunt. This bluntness corresponds to a thickness of 3 inches

at a full-scale length of 50 feet. Thus, three-dimensionality has been

introduced into the boundary layer. (The high degree of bluntness was

required to permit gun-launching the models without incurring buckling

failure of the leading edge.)

Models of this design were tested in the Ames supersonic free-flight

tunnel at a Mach number of 6 and a ratio of wall temperature to recovery

temperature of 0.25. Since the boundary-layer condition could not be
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visually observed by any available technique, it was decided to obtain

information on the amount of laminar flow from drag measurements. The

data were collected in the manner shown in figure 8, the mean-square

angle of attack being used as the independent variable in order to cor-

relate the variations in drag due to lift. In this presentation_ the

measurements for a constant boundary-layer condition should lie along

a straight line through CDo with a slope equal to the lift-curve

slope; two such lines are shown, CDo being calculated for all laminar

boundary layers and all turbulent boundary layers. The experimental

points obtained may be compared with these two lines.

The models were tested with various degrees of surface roughness,

as noted in the key to figure 8. The purpose of this was twofold:

One class of surfaces, indicated by the solid symbols, was made very

rough in order to generate an all-turbulent boundary layer to establish

the accuracy of the theoretical drag curve. These models had scratches

600 microinches deep (corresponding to i/8 inch deep on the 50-foot air-

plane) and the scratches were applied particularly across the face of

the leading edge with the thought that these scratches would be effec-

tive in causing immediate transition. The results obtained fell along

the turbulent line in a very satisfactory fashion. The other models,

the open symbols, had surface roughnesses which were well below the

critical values indicated by figure 3, and the roughness was varied in

this region to determine whether corresponding variations in drag would

be observed. Within the scatter, no dependence of the drag on smoothness

was observed. The roughest of these surfaces would correspond to a sur-

face covered with broad scratches 1/32 inch deep at full scale.

The open symbols, with the exception of one point, define a line

roughly parallel to the theoretical lines at a level about one-fourth

to one-third of the way between the laminar and turbulent lines. This

result indicates that the boundary layer is laminar over two-thirds to

three-fourths of the model surface. Figure 7 showed, for the case of

a 74 ° swept wing alone in the same test facility, a transition Reynolds

number of 3.3 X 106 • If transition is assumed to occur on the airplane

model at this value of the Reynolds number at all spanwise stations,

there results a triangular area of turbulent flow of about one-half the

length of the model, and therefore of about one-fourth the wetted area;

thus three-fourths of the wetted area is laminar. The present result

with the airplane model is therefore consistent with the result for the

wing alone (fig. 7). This correspondence of the two results would imply

that there are no seriously unfavorable effects of configuration on the

airplane as tested compared with the wing alone. It also appears that

in both cases sweepback was the predominant factor leading to transition.

The effect of angle of attack, at least for the angles represented on

the figure which range up to 6.5 ° root mean square, was evidently small

or compensating on opposite surfaces of the model; thus, if transition
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movedforward on one surface, it movedback on the opposite surface and
led to the samemeanvalue of the minimumdrag coefficient.

At higher Reynolds numbers, the results indicated in figure 9 were
obtained. _s would be expected, at Reynolds numbersbetween 12 × 106
and 13 × I0 , the measureddrag was closer to the turbulent curve and
corresponded to laminar boundary layer on perhaps 45 percent of the sur-
face. This condition continues to correspond to transition at a stream-
wise Reynolds numberof 3.3 x 106•

CONCLUDINGREMARKS

In conclusion, someof the factors which must be considered in
relation to boundary-layer transition on hypersonic airplanes have been
reviewed. It appears that the Reynolds numbers for full-scale flight
will be moderate, for vehicles of the size of fighter aircraft, if low
wing loadings are employed. Roughnesseffects give promise of being
much less severe than those in lower speed flight; however, this state-
ment does not meanthat roughness can be ignored altogether as a factor
at hypersonic speeds. Angle of attack and aerodynamic interference
effects are of sufficient importance to warrant attention in designs
which seek to obtain the maximumextent of laminar flow. The principal
deterrent to fully laminar flow is the adverse effect of sweepbackof
the wing leading edge. Up to the present time, transition has been
observed to occur at Reynolds numbersno higher than 3.3 × 106 on a 74o
swept wing with a blunt leading edge at a Machnumber of 6 under tem-
perature conditions similar to those of flight. This condition was
sufficient to give a laminar boundary layer on from one-ha]_f to three-
fourths of the model surface at flight Reynolds numbers (for a wing
loading of 25 pounds per square foot). The effect on this result of
further refinements in design cannot be foretold inasmuch as transition
due to sweepbackis only beginning to be understood. Further changes
in the results might also be anticipated from increasing the Mach num-
ber well above 6 and correspondingly reducing the ratio of wall tem-
perature to recovery temperature. These possibilities must await
further study.
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FACTORS AFFECTING EXTENT OF LAMINAR FLOW

I. REYNOLDS NUMBER

2. WALL TEMP RATIO

3. ROUGHNESS

4. ANGLE OF ATTACK

5. SWEEPBACK

6. AERODYNAMIC
INTERFERENCE
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SHELTERED-SIDE TRANSITION ON BODY
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TRANSITION PATTERN ON SUBSONIC AIRFOIL

Figure 6
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BO[_ARY-LAYER TRANSITION IN FULL-SCALE FLIGHT

By Richard D. Banner, John G. McTigue,

and Gilbert Petty_ Jr.

NACA High-Speed Flight Station

INTRODUCTION

Because of the greatly increased need for knowledge of full-scale

boundary-layer transition and the difficulty of simulating actual flight

conditions, a program has been initiated to provide a better understanding

of the boundary-layer flow as it exists in supersonic flight. This paper

shows the results obtained in the early flight tests which determined the

extent of laminar flow that could be obtained with practical wing-surface

conditions.

SYN[BOLS

R

Voo

v

R x

x

A

O_

%

M

Reynolds number per foot, V_/w, per ft

free-stream velocity, ft/sec

kinematic viscosity

nondimensional Reynolds number based on

distance from leading edge

sweep angle

angle of attack

altitude

Mach number

thickness_ in.

X
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DISCUSSION

An F-I04 airplane was instrumented, as shownin figure i, for
transition investigations on the wings. The basic wing has a modified

biconvex airfoil with a thickness ratio of 3.4 percent, a sharp leading

edge, and a slight amount of sweep (about 27°). A i/lO-inch-thick

Fiberglas glove was installed on the right wing and was instrumented

with one row of transition detectors on both the top and bottom surfaces.

These detectors provided continuous monitoring of the laminar and tur-

bulent boundary-layer-flow conditions (ref. i).

Chemical sublimation was employed for boundary-layer-flow visualiza-

tion on both wings, and cameras (fig. i) were installed for recording the

chemical indications. Many investigators have used the chemical sublima-

tion technique in both wind tunnels and in flight (refs. 2, 3, and others).

These tests have extended the use of this technique in flight to speeds

near a Mach number of 2.0.

The transition-detector signals (see fig. 2) were multiplexed and

recorded on an oscillograph. The sequencing was scheduled to conform to

the locations of the detectors on the wing. This arrangement allowed

location of the laminar and turbulent flow areas_ within about _ percent

of the chord, by inspection of the records. The reasons for using flow

visualization are illustrated in figure 2. Turbulent wedges, originating

upstream of the detectors, cause local areas of turbulent flow. As can

be seen, the third detector indicates turbulent flow in an area that
would otherwise be laminar.

From the 35-millimeter flight film of the chemical indications,

photographic enlargements have been made and a typical in-flight photo-

graph of the lower surface of the Fiberglas covered wing is shown in

figure 3. The white chemical remaining in the vicinity of the leading

edge indicates the extent of laminar flow being experienced on the wing.

The field of view of the camera includes the area of the wing from the

leading edge rearward to just behind the aileron hinge in the outboard

area and some of the inboard area of the wing. In all the tests no

laminar flow had been observed in the inboard area, and for that reason

this area is omitted in subsequent photographs of this presentation.

The area shown is outboard of the 47-percent-exposed-span station.

In some cases the airplane returned from the flight with a chemical

indication remaining on the wing. It will be of interest to look at one

such indication before proceeding with the main part of the discussion.

Figure 4 presents an enlargement of the leading-edge region of the wing.

The section seen is about i square foot. Note the striations that can

be seen in the chemical. Other investigators have also observed these

striations in a laminar boundary layer, both in wind-tunnel tests (for
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instance, Alvin Seiff's paper) and in flight (ref. 4) at subsonic speeds.
The striations have been attributed to the presence of vortices which are
shed from the swept leading edges and contribute to the breakdown of the
normally laminar flow. Although it could not be determined when this
phenomenonoccurred during the flight, it is believed to be worth men-
tioning since it appears to be a problem that must be considered in deter-
mining the extent of laminar flow that could be expected on swept wings.

Turning now to the flight photographs that were taken during the
tests, figure 5 showsthe effect of the leading-edge-flap "piano type"
hinge on producing transition. As can be seen, the hinge tripped the
laminar boundary layer producing turbulent wedgeswhich merge rearward
of the hinge to form completely turbulent flow over the remainder of the
wing. The laminar area is approximately 15 percent of the test area.
This condition of the wing is referred to as unfinished. In improving
the wing-surface conditions the flap hinge was filled to eliminate any
abrupt discontinuities. Also, all rivetheads and screwheads were ground
flush with the wing skin and filler material was applied to fill any
pits or small depressions, and then the whole surface was sanded. This
condition of the wing is referred to as the finished wing. Following
the tests with the finished wing_ the wing was painted and polished.

The effect of these improvements can be seen by comparing figure 6
with figure 5. Although the Machnumber for the test with the painted
wing is slightly different, the variation in the altitudes resulted in
the samefree-stream Reynolds numberand the sameangles of attack.

In comparing the unfinished and finished wing lower surfaces, it
can be seen that considerably more laminar flow was obtained on the
finished wing. This is primarily due to smoothing over the leading-
edge-flap hinge. Painting the wing surface reduced the average rough-
ness from about 25 to 13 microinches_ but the effect on transition was
not appreciable on either the top or bottom surface. The extent of
laminar flow on the painted wing is about 25 percent of the test area
for the upper surface and about 35 percent of the test area for the
lower surface.

Realizing that the standards that had been set for roughness were
rather arbitrary and that they might differ from those set in the wind
tunnel, it was felt, nevertheless, that the maximumin practical improve-
ments to the wing surfaca had been reached. The extent of laminar flow
that was observed on the finished and painted wing is considered to be
representative of the maximumthat might reasonably be expected for these
flight conditions. This conclusion was arrived at because the extreme
care that was taken in producing the Fiberglas surface finish had resulted
in an average roughness of only 7 microinches.
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A comparison of the finished and painted wing and the Fiberglas
covered wing is shownin figure 7. For clarity, the leading edges are
all shownto the left. Covering the wing with Fiberglas had slightly
altered the wing profile, and the leading edge ha_ been rounded to
i/lO-inch radius, instead of the sharp leading edge of the basic wing.
Also, waviness measurementsat i/2-inch increments indicated an average
deviation of about 0.003 inch on the Fiberglas covered wing as compared
with 0.006 inch on the basic wing. Exactly what effect these changes
produced locally could not be determined; however, as can be seen, no
large differences in the overall extent of laminar flow is evidenced.
In order to determine the effect of Machnumberand altitude on the
extent of laminar flow, the transition-detector installation on the
Fiberglas covered wing was utilized.

Tests were conducted at speeds from a Machnumberof 1.2 to a Mach
number of 2.0 at altitudes from 35,000 to 56,000 feet. The free-stream
Reynolds numbervaried from 1.3 to 4.3 x 106 per foot. The maximum
transition Reynolds numbers (based on free-stream conditions and the
distance to the point of transition) that were obtained on the Fiberglas
test area are shownin figure 8.

Data obtained at all angles of attack, from near 0° to near i0 °,
have been used to construct the curves. As can be seen, the maximum
transition Reynolds numberon the top surface of the wing varied from
about 2.5 x 106 at a Machnumberof 1.2 to about 4 x 106 at a Machnum-
ber of 2.0. The trend on the lower surface is generally to more laminar
flow, with the maximumtransition Reynolds numbervarying from about
2 x 106 at a Machnumberof 1.2 to about 8 x 106 at a Machnumberof 2.0.

Although no attempt has yet been madeto separate the effects of the
variables that contribute to the results presented herein, the results
are encouraging in that laminar flow has been obtained over extensive
areas of a wing surface at supersonic speeds with practical wing-surface
conditions.

CONCLUDINGREMARK

Further flight testing should include investigations to determine
what effects on the boundary layer are experienced whenthe leading edge
is altered, when the angle of attack is varied, when shock-wave--boundary-
layer interaction takes place, and when other factors enter the problem
as important variables.

CONFIDENTIAL



CONFIDENTIAL 471

REFERENCES

i. Richardson_ Norman R._ and Horton, Elmer A.: A Thermal System for

Continuous _Monitoring of Laminar and Turbulent Boundary-Layer Flows

During Routine Flight. NACA TN 4108, 1957.

2. Main-Smith_ J. D.: Chemical Solids as Diffusible Coating Films for

Visual Indications of Boundary-Layer Transition in Air and Water.

R. & M. No. 2755, British A.R.C., Feb. 1950.

3. Gray, W. E.: Visual Transition Tests in Flight on a Griffith Suction

Wing, 16% Thick. Rep. No. Aero.2076, British R.A.E., Oct. 1950.

4. Owen, P. R., and Randall, D. G.: Boundary Layer Transition on a

Sweptback Wing. Rep. No. Aero 277, British R.A.E., May 1952.

CONFIDENTIAL



472 c0NFI DENTIAL

F-IO4 AIRPLANE-TRANSITION TEST AREAS

,_ Jr. = 26.9_NWlNG /

SHARP PRODUCTIO

Figure I

TRANSITION TEST METHODS
CHEMICAL SUBLIMATION

GALVANOMETER

DEFLECTION

TRANSITION DETECTORS

_I-----
X,FT

Figure 2

CONFIDENTIAL



CONFIDENTIAL 473

IN-FLIGHT PHOTOGRAPHS
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TURBULENT SKIN FRICTION AT HIGH MACH NUMBERS

AND REYNOLDS NUMBERS

By Fred W. Matting

Ames Aeronautical Laboratory

For a number of years now, people have been making measurements of

skin friction. Formerly the main interest was at low Mach numbers; later,

measurements were made at supersonic Mach numbers. However, almost all

of these measurements were over a limited range of Reynolds numbers. On

the other hand, these measurements fairly well determined the effects of
Mach number and heat transfer on skin friction.

The purpose of this paper is to give the results of skin-friction

measurements in turbulent boundary layers at high Mach numbers and high

Reynolds numbers where data have not previously existed. The equipment

used was expressly designed to give high Mach numbers and high Reynolds

numbers. It is difficult to obtain high Mach numbers and high Reynolds

numbers simultaneously with air in a wind tunnel. In order to avoid

condensation, it is necessary to heat the air. As a result there is a

loss in density and, hence, in Reynolds number. It seemed desirable,

then, to use a gas that does not condense at high Mach numbers. This

suggested helium, which was used as a working fluid in addition to using

air. It was, of course, necessary to determine the equivalence of air

and helium in the turbulent boundary layer. At high Mach numbers in a

given wind tunnel, higher Reynolds numbers can be obtained with helium

than with air. This is mainly due to the fact that no heating of the

helium is required. The different ratios of specific heats also con-

tribute to the increase.

Figure I is a sketch of the Ames i- by lO-inch boundary-layer channel.

The test section is l0 inches wide and has a nominal height of 1 inch.

These proportions assure an essentially two-dimensional flow. Although

this is called a "channel," studies were not made of channel flows. There

was always a core of potential flow between the top and the bottom bound-

dry layers. The nozzle block is adjustable which allows the setting off

of different Mach numbers and different pressure gradients. Up to the pres-

ent, only the zero-pressure-gradient case has been studied. Direct measure-

ments of local skin friction were made by means of the skin-friction element

shown. This element consists of a disc 2_ inches in diameter suspended from

flexures. The force on the disc is measured by means of a differential
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transformer. Corrections were madefor buoyancy forces surrounding the
disc. These corrections were generally found to be negligible. The disc
was flushed to its housing to within a half-wavelength of light by means
of an optical interferometer. Both the disc and the top plate have very
smooth finishes, the disc being finished to 4 microinches and the top
plate to 15 microinches. Not shownin figure i is a heater which allows
control of the stagnation temperature of the working fluid. To date, the
stagnation temperature was always set in relation to the wall temperature,
so that the boundary layers were adiabatic. Experiments to date, then,
consisted of direct measurementsof local skin friction in turbulent bound-
ary layers on a smooth flat plate at zero pressure gradient. These bound-
ary layers were adiabatic. The speedwas varied from low subsonic Mach
numbersup to a Machnumberof 6.7. The Reynolds numberrange was from
1 × 106 to 120 × 106• At the highest Reynolds number, the stagnation
pressure was 700 ib/sq in. In calculating the Reynolds number, the length
used was from the center line of the element back to the virtual origin
of turbulence as best it could be determined. Boundary-layer surveys
were madeat a number of upstream stations to determine the point of
transition as a function of Machnumberand Reynolds number for this tun-
nel. Over most of the range of Reynolds numbers it was found that the
virtual origin was very near to the nozzle throat.

Figure 2 is a plot of Machnumberagainst Reynolds numbershowing
the test domain of the boundary-layer channel, which is everything to
the left of the hatched line. For purposes of comparison, also shown
is the so-called corridor of continuous flight, which is the approximate
Machnumber-Reynoldsnumberregime for steady continuous level flight of
airplane-like configurations. A characteristic length of 50 feet was
used in the calculation. Most previous skin-friction data were taken
in the area to the left of and below the corridor of continuous flight.
It can be seen that this equipment has extended the Machnumber-Reynolds
numberrange into a regime of considerable interest. Even a further
extension would be desirable. It should also be mentioned that certain
noncontinuous flying vehicles, such as ballistic missiles, actually oper-
ate outside (and above) the corridor of continuous flight. The shaded
area at the bottom of the figure shows the regime in which tests have
been conducted to date. Air was used as the working fluid up to a Mach
number of 4.2, and helium from a Machnumberof 4.2 up to a Machnumber
of 6.7.

On the question of the equivalence of air and helium in the turbu-
lent boundary layer, a dimensional analysis of the differential equations
of motion and energy for the turbulent boundary layer (at constant pres-
sure) shows that, in order to get dynamically similar boundary layers
with two different gases, it is necessary to match a certain parameter.
This parameter is MT_-i- i, where T = Cp/Cv. This parameter is also
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valid for the laminar boundary layer. It is only a boundary-layer param-
eter, though, and should not be used for other flows. Figure 3 shows the
equivalence relation used:

: MHeVF m _ "l

where _a is the equivalent air Mach number for a helium flow at the

actual Mach number MHe. The value of _/7He - i is approximately 1.29.
V 7Am - l

Figure 3 shows a comparison of air and helium flows at actual Mach num-

bers of 4.20 and 5.25, respectively. Both of these flows are at an equiv-

alent air Mach number of 4.20. Therefore, one would expect these two

flows to be dynamically similar in the turbulent boundary layer. Refer-

ring to the plot in figure 5 of the local skin-friction coefficient

against Reynolds number, it is seen that the air and helium points do

fall on one curve. Also, for comparison, is shown the curve for Ma = 0.

It is noted that the sizable reduction of Cf (which is a measure of com-

pressibility effects) is the same for the two gases. This is the experi-

mental verification of the equivalence of air and helium in the turbulent

boundary layer.

It was stated previously that at high Mach numbers in a given wind

tunnel one can obtain higher Reynolds numbers with helium than with air.

To illustrate this, in the Ames i- by 10-inch boundary-layer channel at

an equivalent air Mach number of 15, a Reynolds number of 25 × 106 can

be expected if helium is used. To obtain this same Reynolds number with

air would require a test section 150 feet long and the air would have to

be heated to 4,600 ° R; in other words, at this Mach number the Reynolds

number factor is about 75 to i.

Figure 4 largely summarizes the data taken to date. It is a plot

of the local skin-friction coefficient against Reynolds number at Mach

numbers ranging from 0.2 to 6.70. These are all equivalent air Y_ch

numbers. It is noted that the subsonic data agree well with those taken

by other experimenters. The broken line represents data taken in the

Ames 12-foot pressure tunnel (ref. i). The dotted line is the F_Irm_n-

Schoenherr incompressible curve. The important thing about the sub-

sonic data is that it shows no roughness effects or roughness "bend-up."

When appreciable roughness exists, the subsonic skin-friction curve will

bend up with Reynolds number and will eventually become horizontal. No

such effects are seen here. This is mentioned because it is seen that

there is a slight bend-up in the supersonic curves at the highest Reynolds

numbers. It is believed that this bend-up is not due to roughness. All

CONFIDENTIAL



LSO CONFIDENTIAL

the data were taken with the same top plate and the same skin-friction

element. A number of investigators have shown that high Mach number

boundary layers are less sensitive to roughness than are subsonic bound-

ary layers. (This is probably due to the fact that the high Mach number

boundary layers ha_e thicker laminar sublayers.) Therefore, since no

roughness effects in the subsonic measurements are to be seen, it is

felt that the supersonic measurements are free from roughness effects.

Figure 5 is a plot of the ratio of the local skin-friction coeffi-

cient to the incompressible local skin-friction coefficient at the same

Reynolds number Cf/Cfi plotted against Reynolds number. The dashed
l

lines represent calculated values of Cf/Cfi calculated by the T' or

intermediate enthalpy method. This method uses a mean reference temper-

ature to evaluate the physical properties of the gas. The method was

originally used by Rubesin and Johnson (ref. 2) for laminar flows and

was adapted to turbulent flows by Eckert, Sommer and Short, and others.

The constants used in the calculations are those determined by Sommer

and Short (ref. 3). (Constants obtained by other investigators do not

change the results much.) It is noted that the experimental data and

the T' calculations agree quite well; however, the trends are slightly

different with Reynolds numbers. To date, no satisfactory explanation

of the bend-up in Cf/Cfi at the highest Reynolds numbers has been found.

However, this effect is actually small, as is seen by referring back to

figure 4. The large effect on Cf is due to Mach number, as shown on

figure 4. (There is another large effect due to heat-transfer conditions,

but this was not in the scope of the present investigation.) It has been

known for some time that the T' method gives good predictions for the

effects on skin friction of Mach number and heat transfer at moderate

Reynolds numbers. It is now seen that the T' method gives good answers

over a surprisingly large Reynolds number range. This is probably the

most important result of this paper.

It should be emphasized again that these data were taken in adia-

batic boundary layers. To calculate Cf in a nonadiabatic boundary

layer, one could start with Cfi , say the KArm_n-Schoenherr value, and

then use the T' method. This method will give good predictions for

the effects of Mach number and heat transfer on Cf, and, as has been

shown, the T' method will also give a fairly good prediction for the

effect of Reynolds number on skin friction.
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EFFECTS OF FABRICATION-TYPE ROUGHNESS ON TURBULENT

SKIN FRICTION AT SUPERSONIC SPEEDS

By K. R. Czarnecki, John R. Sevier, Jr.,
and Melvin M. Carmel

Langley Aeronautical Laboratory

SUmmARY

An investigation has been made of the effects of fabrication-type

surface roughness on turbulent skin-friction drag at supersonic speeds.

Insofar as the present data are concerned, it was found that fabrica-

tion of the thin-skin constructions (sandwich or honeycomb) could be

done sufficiently well in practice so as to cause no increase in drag

over the smooth body; however, the juncture-type roughnesses (gaps,

steps, etc.) produced significant increases in drag as compared with the

smooth body. The results indicate that the effects of both Reynolds

number and Mach number can be correlated on the basis of changes in

flow characteristics within the inner parts of the boundary layer.

Consequently, increasing the unit Reynolds number has a detrimental

effect and increasing Mach number has a powerful alleviating effect on

drag due to surface roughness.

INTRODUCTION

As the designs of supersonic aircraft become more refined the

proportion of the airplane drag assignable to skin friction generally

increases. This fact makes it imperative, from the standpoint of

obtaining optimum performance in speed and range, that the airplane

skin friction be maintained at the lowest practicable value by keeping

the airplane surfaces aerodynamically smooth. In actual practice the

aerodynamically smooth surface is difficult to achieve and a certain

amount of surface roughness in the form of waviness_ steps, grooves,

and similar protuberances must be accepted. This paper will review

briefly some results from recent tests made to evaluate the magnitude

and other drag characteristics of a few of these types of fabrication

roughnesses in a turbulent boundary layer at supersonic speeds.
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SYMBOLS

Cf

CD,r

k

kM:l.61

M

RFT,CR

5L

(SL)M=I.61

skin-friction drag coefficient based on wetted surface area
of basic smoothbody and free-stream flow conditions

roughness drag coefficient based on total frontal area of
roughness and free-stream flow conditions

critical or allowable roughness height

critical or allowable roughness height at M = 1.61

Machnumber

free-stream unit Reynolds number

free-stream unit Reynolds number at which drag due to
roughness first appears

laminar sublayer thickness

laminar sublayer thickness at M = 1.61

BASICPROBLEM

The basic problem is illustrated by the sketch in figure i. This
sketch shows a three-quarter front view of a supersonic airplane con-
figuration and someof the external details that create the problem.
First, because of high surface temperature requirements, the airplane
will be built of sandwich construction and these sandwich panels prob-
ably will cover most of the airplane surface. If the sandwich panels
contain a honeycombcore, the external surface mayhave a "waffle" like
appearance after exposure to heat as illustrated for the panel on the
wing. If the panel is constructed of a stringer core, the seamwelding
of the external skin may leave lines of dents and protuberances resem-
bling "hemstitching" as indicated for the panel on the fuselage.
Further, the joining of the panels one to another and the provision of
access doors, as exemplified by the thin lines in the airplane sketch,
will generally result in somelocal surface imperfections. These
imperfections can be in the form of steps, grooves, waves, creases, or
combinations thereof. These types of surface roughness, however, will
not saturate the surface but will occur only at fairly large intervals.
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Whereas the sandwich-panel-type roughness distribution is measured in
square feet_ the juncture-type roughness is measured in lineal feet.

MODELSANDTESTS

In order to determine the effects of fabrication-type roughness on
skin-friction drag at supersonic speeds the investigation had to be
carried out on a simple model wherein the various componentsof total
drag could be readily measuredand/or separated; thus, the incremental
drag due to roughness is isolated. Consequently, the investigation was
carried out on the basic ogive-cylinder body illustrated in figure 2.
This basic body had a length of 50 inches and a diameter of about
4.1 inches, which gave the body a fineness ratio of 12.2. The ogival
nose was 3 calibers in length and faired tangentially into the constant-
diameter cylindrical afterbody.

For simplicity in construction, the fabrication roughnesses were
built into the cylindrical portion of the model only. In order to obtain
measureable increments in drag due to roughness in these tests, the drag
was determined for a number of the steps, grooves, or waves set apart
at intervals judged to be sufficiently large to eliminate the effects
of mutual interference. These intervals range from 1 inch for the grooves
to two inches for stepped models.

Sixteen bodies representing different types or heights of fabrication-
type roughness were investigated, exclusive of the smooth body. Some
details of the juncture-type roughnesses are shownin figure 2. Included
are O.050-inch-square grooves and two heights each of forward- and
rearward-facing steps, of protruding waves and transverse creases, and of
combinations of steps and grooves. Three of the models had waffle-like
surfaces representative of sandwich-construction panels with honeycomb
cores, and two had surfaces representative of sandwich-construction
panels with the external skin seam-weldedto stringers along lines
resembling hemstitching. Since it is difficult to describe the waffle
or hemstitching type of roughnesses_ no sketches are shownfor these
configurations. It should be mentioned, however, that the smooth
waffle model had a rather gently wavy surface with waves approximately
0.002 inch in height, whereas the coarse waffle models had rather sharp
ridges approximately 0.005 to 0.006 inch in height.

All of the models were tested at Machnumbers of 1.61 and 2.01 in
the Langley 4- by 4-foot supersonic pressure tunnel and seven representa-
tive models were tested in the Langley Unitary Plan wind tunnel at
M = 2.87. The range of free-stream unit Reynolds numbers varied from
about 0.5 x 106 to 9 x 106. For all tests, transition was fixed near
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the nose of the model by meansof narrow strips of carborundumor sand
grains. Skin friction was determined by measuring the total drag on
the models by meansof an internal strain-gage balance and subtracting
measuredvalues of forebody and base pressure drags. All tests were
limited to zero angle of attack.

BACKGROUNDINFORMATION

Before the results of the present investigation are discussed, it
appears appropriate to mention someof the physical concepts that are
involved. To begin with, a large numberof investigations of surface
roughness have been madeat subsonic speeds. (See ref. i.) These tests
indicate that when the roughness did not protrude beyond the laminar
sublayer there was little if any drag due to roughness. If the rough-
ness protruded beyond this height, it created an additional form drag
above and beyond the skin-friction drag of the basic smooth surface.
For protrusions well beyond the laminar sublayer, the drags of rough-
nesses of similar shape could be readily correlated with the use of a
drag coefficient based on the height of the roughness and the average
dynamic pressure existing within the boundary layer over the height
of the roughness. Lastly_ since changes in sublayer thickness are
indicative to a first order of the changes in local conditions in the
inner portion of the boundary layer and this thickness changesbut
little with increase in model length at constant free-stream unit Reynolds
number_the free-stream unit Reynolds numberobviously is the controlling
parameter.

It maybe expected that the basic concepts just discussed for low
speeds will also apply at supersonic speeds. Thus, it was possible in
the present investigation to test full-scale roughness at full-scale
unit Reynolds number. For example, an airplane flying at M = 3 at
about 70,000 feet altitude would be operating at a Reynolds numberper
foot of about 1.5 x 106. This Reynolds number lies in the lower part
of the test range.

RESULTSANDDISCUSSION

SmoothBodies

Someskin-friction results for the reference smooth body and for
sometypical models having the type of roughness insufficiently large
to cause any measurable penalty in drag are shown in figure 3 for the
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lowest test f,Iach number of 1.61. The ordinate in this fig_re is the

effective skin-friction coefficient based on the smooth body wetted

surface area and the abscissa is the free-streamReynolds number per

foot. As may be seen, there is little or no difference in drag for the

smooth body or the bodies with hemstitching or smooth waffle type of

roughness. This result does not necessarily mean that the dents or

protuberances on the models with roughness do not produce drag, but

that the number and size of the surface irregularities may be so small

and the smooth part of the surface relatively so large that the drag

produced by the roughness is well within the accuracy of measurement.

The main conclusion to be derived from figure 3 is that, for the well

distributed type of roughness associated with the construction of sand-

wich panels which may cover a large portion of the airplane, it appears

readily feasible to maintain the surface sufficiently smooth with nor-

mal fabrication procedures to escape any measurable drag due to roughness.

The straight line in the figure is an average "smooth" body curve

drawn through the composite data which will be used for reference in

figures 4 and 5.

Configurations With Roughness

Some typical basic test results for configurations with roughness

of the type insufficiently large to cause any measurable penalty in

drag are presented in figures 4 and 5 for M = 1.61 and 2.87. The ordi-

nate and abscissa are the same as in figure 3 and the average smooth

body curve is the reference previously described. Note that the coarse

waffle surfaces show a sizable increment in drag and are therefore rep-

resentative of the types of sandwich-panel surfaces that must be avoided

in fabrication or after exposure to heat.

The results of the investigation indicate, as illustrated by the

typical plots in these figures, two items of significance. First, the

smaller is the increment in drag due to roughness_ defined as the differ-

ence in effective drag coefficient between the curves for the models with

roughness and that for the smooth bodies_ the more closely the curves

for the models with roughness parallel the smooth body curve. This

result suggests the possibility of correlating the effects of changes

in drag increment with Reynolds number on the basis of some parameter

involving the unit Reynolds number. Second_ the data in general do not

indicate the existence of a critical Reynolds number below which the

drag of the bodies with roughness merge with the smooth body drag curve

as was illustrated supersonically for distributed surface roughness in

references 2 and 3. The explanation is that the roughnesses protrude

through the laminar sublayer, usually by a substantial marginj even at

the lowest test Reynolds number.
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Critical Roughness

As an item of interest at this point, it maybe pointed out that,
as the Machnumber increases, the temperature of the boundary layer near
the surface also increases rapidly and the density decreases while
viscosity increases. The laminar sublayer thickness, therefore, increases
rapidly with M and it maybe expected that the critical or allowable
roughness height, below which no drag due to roughness appears, will also
increase. This statement is shownto be true in figure 6. The allowable
roughness is defined as indicated by the sketch on the right of the fig-
ures as the maximumroughness which will not cause an increase in skin-
friction drag below somearbitrary critical Reynolds number. For larger
values of roughness, the skin-friction curve for the model with rough-
ness will diverge from the smoothbody curve at lower values of RFT
and create a drag increment at the reference Reynolds number such as is
evident above the critical Machnumber. In the plot on the left of
figure 8 is presented the ratio of critical or allowable roughness
height at the test Machnumber to allowable roughness height at M = 1.61
as a function of M at constant Reynolds number for distributed sand-
grain type of roughness. The experimental points are plotted as circular
symbols while the theoretical curve, which assumesthat the first appear-
ance of the drag due to roughness occurs at a constant value of the ratio
of roughness height to laminar sublayer thickness, is shownas a dotted
line.

The results of figure 6 indicate excellent agreement between theory
and experiment. The accuracy of the experimental data is probably on
the order of ±i0 or ±15 percent so that the nearly perfect agreement may
be somewhatfortuitous. Still, the data do show that the basic concept
is probably correct and that increasing the Reynolds numberhas a power-
ful alleviating effect on the critical or allowable roughness height.

Reynolds NumberCorrelation

In the form presented thus far the results for the juncture-type
roughnesses are not in a form suitable for application to model config-
urations other than the ogive-cylinder tested. In figures 7 and 8,
therefore, someof the results obtained at M = 1.61 and 2.87 have been
reduced to a more useful form wherein the increment in drag coefficient
due to roughness is based on free-stream flow conditions and the total
frontal area of the roughnesses investigated. At the sametime this

increment has been divided by _/RFT. The minus i/5th power ofdrag
the Reynolds numberper foot corresponds to the slope of the skin-
friction curve of the smoothbodies. The test points in these figures
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&

represent average values of drag increment picked from data such as shown

in figures 4 and 5 at the various Reynolds numbers indicated.

The results indicate that the effects of Reynolds number can be pre-

dicted quite well except possibly at the lowest Reynolds numbers. In

this range, however, the accuracy of measurement is quite low due to low

tunnel dynamic pressure and the problem of fixing transition. Also, only _

a few of the many configurations investigated show this disagreement at

low Reynolds numbers per foot and all have been included here. It should

be noted, however_ that the correlation must eventually break dlown at low

Reynolds numbers if a critical Reynolds number is to exist. A similar

Reynolds number correlation is obtained for the distributed type of

roughnesses except that the drag generally cannot be expressed in terms

of roughness dimensions because of the difficulty of measuring the rough-

ness height or density of distribution.

For subsonic speeds Hoerner (ref. i) has demonstrated that the drag

juncture-type roughnesses increases approximately as _8 R/_FTof the

because of the combined effects of decreasing boundary-layer thickness

and the consequent projection of the roughness into a higher dynamic pres-

sure region within the boundary layer. In these tests the increase is

_/RFT" The reason for this faster increase is not known atonly as

present, inasmuch as there is no change in this factor in the Mach num-

ber range from 1.61 to 2.87. The final answer awaits completion of the

breakdown of the roughness drag into its components of wave and vortex

drag. The correlation of the results for the various roughness heights

also awaits completion of this analysis.

In using the data of figures 7 and 8, the procedure requires that

the type and size of roughness on an airplane be identified. The drag

coefficient parameter based on roughness frontal area can then be

estimated from these data for the proper Mach number. This parameter

multiplied by the flight \5/_T and the drag coefficient convertedis

from roughness frontal area to wing area on the basis of the number of

lineal feet of roughness existing on the airplane and the height of the

roughness. Thus the smaller the number and heights of juncture-type

roughness on an airplane the smaller is the increment in drag due to

roughness in terms of airplane coefficients.

f Mach Number Effects

The effects of Mach number on drag due to roughness are illustrated

in figure 9. In this figure, the ordinate is the drag parameter
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CD,r as was used in figures 7 and 8 and the abscissa is the test Mach

number. Results are shown for only a few cases but are representative

of configurations not shown. The results show that, as the _ch number

is increased, the drag coefficient decreases. The rate of decrease

appears to be roughly proportional to the magnitude of the coefficient

involved.

Inasmuch as changes in drag due to roughness with Mach number can

logically be expected to vary in direct proportion to the changes in
the flow characteristics of the inner parts of the boundary layer and

these changes can be described to a first order by the changes in laminar

sublayer thickness, a correlation of the Mach number effects was made

on the basis of the expected changes in sublayer thickness with Mach

number. The results for a few typical cases are shown in figure i0.

In this figure the ordinate is the roughness drag parameter multiplied

by the ratio of the thickness of the laminar sublayer at the test Mach

number to that at M 1.61 5L= The correlation exhibits a

considerable amount of scatter, but the corrections for Mach number

effects appear to be correct.

CONCLUDING REMARKB

The results of this investigation of the effects of fabrication-

type surface roughness on turbulent skin-friction drag at supersonic

speeds indicate that the effects of both Reynolds number and Mach num-
ber can be correlated on the basis of changes in flow characteristics

within the inner parts of the boundary layer. Consequently, increasing

the unit Reynolds number has a detrimental effect and increasing Math

number has a powerful alleviating effect on drag due to surface rough-

ness. The correlation of the effects of changes in roughness height

or shape requires a more comprehensive analysis than was attempted in

this paper. Further investigation must be made of the effects of

roughness sweep and possibly mutual interference effects.
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EFFECT OF MACH NUMBER ON ROUGHNESS-DRAG PARAMETER

CD,r

.012

.008

.004

0

o 0050 PROTRUDING WAVES
[] .020 REARWARD STEPS
0 050 TRANSVERSE CREASES
a .017 TRANSVERSE CREASES
v ,050 TRANSVERSE GROOVES

I.5 2.0 2.5 3.0
M

Figure 9

MACH NUMBER CORRELATION

CD,r _L

5R,5,5,5,5,5,5,5,Sv_(SL)M= 1.61

.012

.OO8

004

o 0.050 PROTRUDING WAVES
o .020 REARWARD STEPS
O .050 TRANSVERSE CREASES
A .017 TRANSVERSE CREASES
v .050 TRANSVERSE GROOVES

I-_ _, I v- I
I. 5 2.0 2.5 3.0

M

Figure i0

CONFIDENTIAL





CONF IDENTIAL 501

PREDICTION OF FULL-SCALE SKIN-FRICTION DRAG

By Albert E. von Doenhoff

Langley Aeronautical Laboratory

INTRODUC TI ON

The problem of predicting full-scale flight drag from wind-tunnel

tests has been of interest for many years and appears to be giving rise

to as much heated debate now as it ever did. One approach to the problem

would be to collect flight drag data for a number of airplanes and to

compare these data with wind-tunnel drag data for models of these air-

planes. Such a comparison would presumably lead to the setting up of

certain empirical correction procedures. Unfortunately, flight drag

data are difficult to obtain with accuracy sufficient for this purpose

and, in addition, the actual flight configuration usually differs sig-

nificantly from the corresponding model configuration, with the result

that available data suitable for making the empirical correlation are

extremely limited.

On the other hand, the basic skin-friction laws for laminar and

turbulent flow are well known and firraly established over a very wide

range of Reynolds numbers and Mach numbers (ref. i). Some additional

data on turbulent skin friction were presented in a previous paper by

Fred W. Matting. Another obvious approach is, therefore, to make use

of this knowledge in attempting to predict flight characteristics from
the tunnel data. As a matter of fact recent NACA research on skin

friction has been planned in such a way as to implement this approach.

PROCEDURE

%

The proposed procedure is not particularly new. The main purpose

here is to present what is considered to be the rational approach to

this problem. The procedure based on this conception of the problem is

given schematically in figure i. The upper line is the curve for the

all-turbulent flat-plate skin friction for the proper Mach number. The

lower curve is the one for the corresponding laminar flat plate.

It is presumed that the model test has been made with transition

fixed. More will be mentioned later about the method of fixing transition.
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This value of the friction drag of the model is then reduced by the
decrease in turbulent skin friction of a flat plate over the Reynolds
number range from model conditions to flight conditions. If the airplane
designer feels confident, after a realistic appraisal of the situation,
that certain areas of the airplane have laminar rather than turbulent
flow, he would be justified in reducing the extrapolated drag to allow
for this effect.

Finally, examination of any actual airplane will reveal a myriad of
defects in the surface - for example, rivets, wrinkles, butt joints, and
control-surface gaps - that were not simulated on the model. An allowance
must be included for such drag-producing elements in order to arrive at a
reasonable value for the airplane drag coefficient. This, in brief, is
the proposed procedure. It should be noted that the value of the drag
measured in the wind tunnel maybe very nearly equal to the predicted
flight value. This fact can be quite confusing unless it is realized
that a numberof compensating influences are involved.

DISCUSSION

It is necessary to examine the feasibility of carrying out the pro-
cedure. The first step in the process is to fix transition for the model
test. In doing this, it is desirable to use a device that has a negli-
gible intrinsic drag of its own. In accomplishing this aim, research of
the type discussed in a previous paper by Albert L. Braslow and Elmer A.
Horton has been a big help. In order to bring transition up to a given
point it is only necessary to glue somegranular particles to the surface,
the size of the particles being governed by the condition that R_ be

greater than about 25, where Rk is the roughness Reynolds numberformed
with local values of the density, velocity, and viscosity at the top of
the roughness and the height of the roughness. It should be emphasized
that the number of such particles need not be very large. A typical
example of the application of such particles to a i0 ° cone is given in
figure 2. It is evident that, if a turbulent wedgeoriginated at each
of the particles, these wedgeswould overlap a very short distance down-
stream of the particles. The optimum distribution of particles is, of
course, a line of particles spaced a uniform distance apart. In practice,
however, it has not been found necessary to be so careful.

Figure 3 illustrates this point. The drag polar of a typical high-
speed fighter configuration at a Machnumber of 1.57 obtained in the
Langley Unitary Plan wind tunnel is given for the model without roughness,
with 0.003 to 0.005 inch roughness, and with O.Oll-inch size roughness
applied. The density of application was about as shownin figure 2. It
is evident that even the larger size of roughness had no effect on the
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drag. The reason for the agreement of the smooth-modeldata with the
data with roughness in place is that, in this particular case, the flow
was turbulent at the position of the roughness without the transition
trip. In fact, it was desirable to choose a model having this charac-
teristic in order to avoid the extraneous effect, so far as the rough-
ness drag is concerned, of moving the position of transition. The point
to be madeis that roughness large enough to cause transition does not
necessarily result in a significant increment in the drag if the rough-
ness is properly applied. In this case the No. 60 roughness was defi-
nitely large enough to cause transition, as indicated by criteria based
on the results of a previous paper by Albert L. Braslow and Elmer A.
Horton. There are limits, of course. At very low test Reynolds numbers
it becomesincreasingly difficult to trip the laminar layer without
causing significant extra _rag due to the trip, but for wing Reynolds
numbersof the order of i0 U or more, no trouble is experienced.

The second step is to justify the allowance for the decrease in
turbulent skin friction between the model and the full-scale airplane.
Not muchdoubt exists regarding this effect on flat plates or simple
body configurations. Somequestions have been raised occasionally as to
whether the samerules apply to a complex complete airplane configuration.
Several investigations have indicated that the normal turbulent scale
effect is experienced at transonic speeds. (See, for example, ref. 2.)
A comparison of the results from tunnel and rocket-propelled model tests
of a complete airplane configuration at widely different Reynolds numbers
is given in reference 2. In order to try to answer the question at super-
sonic speeds, figure 4 has been prepared. These data are for a complete
configuration, which is discussed in reference 3. The model was tested
with transition fixed near the leading edge over a wide Reynolds number
range in the Langley Unitary Plan wind tunnel.

In figure 4 a first-order estimate of the skin friction was taken
as the ratio of wetted area to wing area times the skin friction for a
flat plate at the proper Machnumber, 3.0. It was assumedthat the dif-
ference between the measureddata and the estimated skin friction at the
highest test Reynolds numberwas a measure of the wave drag. This quantity
was then subtracted from the data at lower Reynolds numbers. It is evident
that the measuredscale effect is just about equal to that estimated on the
basis of flat-plate skin friction. These data are typical of manyother
cases that could have been cited to Justify the scale effect correction on
turbulent skin friction.

A word now about the allowance for laminar flow. Although the mecha-
nism of transition at supersonic speeds appears to be very similar to that
in incompressible flow, there are somefactors that deserve special mention
in connection with obtaining extensive laminar flow at supersonic speeds.
Experience has indicated that it is very difficult, if not impossible, at
practical Reynolds numbers, to obtain laminar flow behind the intersection
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of a shock wave with the surface. The effect of cooling the surface as
shown in a previous paper by Albert L. Braslow and Elmer A. Horton is to
increase the sensitivity of the boundary layer to roughness; that is,
cooling decreases the maximumallowable roughness height. There is some
evidence, as indicated in a previous paper by Richard D. Banner, John G.
McTigue, and Gilbert Petty, Jr., that increasing Machnumbermakes the
unfavorable influence of leading_edge sweepmore severe. Aside from
these effects, the factors affecting the possible extent of laminar flow
are qualitatively very much the sameas for incompressible flow. All of
these factors must be very carefully and realistically studied if signifi-
cant extents of laminar flow are actually to be achieved.

Third, to obtain an estimate of the airplane drag, the allowance pre-
viously mentioned for surface roughness and excrescences must be made.
In making this estimate, the order of magnitude of the roughness which is
just large enough to affect turbulent skin friction must be kept in mind.
This critical roughness is usually somewhatsmaller than that necessary
to cause transition. In incompressible flow a quick crude estimate of the
critical roughness size can be obtained from the relation that the criti-
cal roughness Reynolds number, formed with the free-stream velocity, den-
sity, and viscosity, and the height of the roughness, is about i00. The
allowable height of the roughness has been shownby Czarnecki, Sevier, and
Carmel (ref. 4) to increase with Machnumber. It may be expected to
decrease with surface cooling.

A large amount of data has been accumulated at low speeds through
the years and has been conveniently su_arlzed in reference _. An esti-
mate of the extra drag items on a North American F-86 airplane based
on these data and a close examination of the airplane are given in
table I. It has been shownthat no laminar flow exists on this airplane
and thus no laminar flow was assumedin this analysis. As is evident, the
number of different kinds of items is fairly large and the drag contribu-
tion of most of them is rather small. Leakage mayalso be a significant
drag item, although the magnitude of this effect could not be estimated
from a visual inspection of the airplane. Nevertheless the sumof all
the items considered represents an important fraction of the total drag.

Sufficient data to make this sort of a drag analysis at supersonic
speeds have not been available. The data presented in reference 4 repre-
sent a significant contribution in this respect and represent part of a
continuing program. It seemsreasonable to expect, however, that, except
for the very smallest grade of roughness, the drag contributions at super-
sonic speeds will be at least as large as at subsonic speeds because of
the production of wave drag. The classes of items of greatest importance
on future airplanes maybe different from those considered in the case of
the F-86 airplane.
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CONCLUDINGREMARKS

A rational procedure has been presented for predicting full-scale
airplane drag from fixed-transition model data. It has the advantage of
taking into account all the pertinent factors in as accurate a manner as
available data permit. For example, as opposed to the previously men-
tioned empirical approach, the present procedure allows for any possible
decreases in drag associated with improved construction methods and sur-
face condition. It would be very difficult to do this without analyzing
the problem in terms of a number of distinct phenomenaas has been done
in the present proposed procedure.
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TABLEI

ROUGHNESS-DRAGESTIMATEFORA NOR[[}{AMERICANF-86 AIRPLANE

Roughnessitem

Scratches
Leading-edge slat gaps
Control-surface gaps
Butt joints
Cover plates
Rivets
Projections
Slots (screw heads)
Holes
Gouges

Drag
coefficient

O.0006
•00144

.ooo27
•ooo49

.0002

.00017

•OOO]_5
•000002

.00001

•000002

Total 0.0053
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EFFECT OF TRANSITION TRIPS ON FULLY
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IDEALIZED WINGS AND WING-BODIES AT A MACH NUMBER OF 3

By Elliott D. Katzen

Ames Aeronautical Laboratory

THEORETICAL CONSIDERATIONS

Theoretical possibilities for obtaining high lift-drag ratios at

M = 3 are given, and some experiments which were designed to exploit

the theory are described. In discussing the theoretical maximum lift-

drag ratios of idealized arrangements, it is convenient to consider, as

a standard of comparison, the lifting flat plate.

Included in figure i are the maximum lift-drag ratios for flat plates

having two types of plan forms, the delta and the arrow. The maximum

lift-drag ratios have been computed for M = 3 (for symbols, see appen-

dix) and for an assumed minimum drag coefficient of 0.005. These values

correspond to those for a very large airplane flying at a high Reynolds

number so that the friction drag coefficient would be relatively low.

The maximum lift-drag ratios are shown as a function of the slender-

ness parameter _ tan c where B is defined as @ - i and e is the

semiapex angle of the leading edge of the wing. In addition to the results

for flat plates, the improvement in lift-drag ratio predicted by cambering

and twisting the wings is shown. For both types of plan forms with super-

sonic leading edges and for the subsonic-leading-edge delta wings, the

drag-due-to-lift results of references i and 2 were used to compute the

improved lift-drag ratios. For the arrow wings with subsonic leading

edges, the drag due to lift was optimized by using a four-term load dis-
tribution in the manner of references 3 and 4. The calculations were

made at one point, _ tan ¢ = 0.5. The curve of lift-drag ratio was then

faired from this calculated point to the points calculated for arrow wings

with supersonic leading edges.

It can be seen from figure i that (L/D)MA X for the arrow wings is

higher than that for the delta wings. The improvement caused by warping

decreases as the slenderness is decreased, and for wings with highly

supersonic leading edges the improvement becomes negligible. These trends

would be the same if a higher minimum drag coefficient had been assumed,

but the magnitudes would be different. For example, if CDo = 0.015 had

been chosen, the (L/D)MA X for the very slender arrow wing would be

about 7 instead of over ii, as shown in figure i. For the very slender
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arrow wing, _ tan c = 0.5, relatively high lift-drag ratios are predicted
for either the flat plate with subsonic flow or for the sameplan form
camberedand twisted. Experiments were designed then in an attempt to
attain this high lift-drag ratio.

EXPERIMENTALINVESTIGATION

Four models are shownin figure 2 which were camberedand twisted
for low drag due to lift. (See refs. 3 and 4.) Models i and 2 were
designed for a lift coefficient of 0.i; therefore, the wings are rather
extreme, as can be seen from sections taken at various stations along
the wing. The forward part of the wing is raised considerably above the
Z = 0 plane. Since the trailing edge of the root chord lies in the
Z = 0 plane, the resulting angle of attack of the root section is rela-
tively high, about 7.5°, comparedwith the tips which lie in the Z = O
plane at about zero angle of attack.

Model 2 has the samecamber and twist as model i, but the dihedral
has been changed in an attempt to change the separation pattern on the
wing. At the midchord station it is seen that model 2 is turned below

the Z = 0 plane, comparedwith model i which is above the Z = 0 plane.
This change in dihedral with no changes of camberand twist leaves the
forward part of the wing "dished out." Onemethod of adding volume to
the wing is, therefore, suggested, and model 3 is simply model 2 with
volume added as shown.

Model 4 was designed for a lift coefficient of 0.05. The optimum
lift is, therefore, to be obtained half by camberand twist and half by
angle of attack. The wing is less extreme than that of the previous
models; the forward portion is only half as far above the Z = 0 plane
as is model 3-

The wings, except for model 3, have 12-percent-thick sections nor-
mal to the leading edge. The wing section used, normal to the leading
edge, is the Clark Y. For the models shown, the symmetrical part of the
Clark Y was wrapped around the calculated meanlines. The resulting
sections, in the stream direction, are about 3.4 percent thick. With
this thickness, for this very slender shape, the wings resemble bodies
more than wings, especially in the forward region.

Experimental results for models i and 4 are shownin figures 3 and 4.
It can be seen in figure 3 that reducing the design lift coefficient
reduces the lift at a fixed angle of attack with little change in lift-
curve slope. The less extreme wing (model 4) has less drag thsn the wing
designed for a lift coefficient of 0.i (model i). It can be seen that
with the pitching momentstaken about an axis at 35 percent of the mean
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aerodynamic chord, model i trims at the optimum lift coefficient. Model 4,
however, trims at a lower lift coefficient9 therefore, a control surface or
flap would have to be deflected, and a trim drag penalty would result. Both
models are stable throughout the test range of lift coefficients, but there
is a tendency for the pitching-moment curve to flatten at the higher lift
coefficients.

Figure 4 shows that the maximumlift-drag ratio for model 4, the less
extreme wing, is 8.4 comparedwith about 7.4 for model i which was designed
for a lift coefficient of 0.i. Model 2, also designed for a lift coeffi-
cient of 0.i, had a different separation pattern but had about the same
maximumlift-drag ratio as model i. Increasing the volume of model 2, as
shownin figure 2, reduced the maximumlift-drag ratio from 7.4 to about 6.0.

Calculated drag coefficients for models i and 4 at their design lift
coefficients are shownby solid symbols (fig. 3). Calculated maximumlift-
drag ratios are shownin the samemanner (fig. 4). It is seen that for
the wing designed for a lift coefficient of 0.05_ theory and experiment
are in good agreement at the design point. This is not th9 case for the
wing designed for a lift coefficient of 0.i.

The results shown in figure 5 are for the maximumtest Reynolds num-
ber of 3.5 × 106, based on the wing meanaerodynamic chord. At this
Reynolds number and lower test Reynolds numbers separation occurs on the
wing as shownin the figure. In this figure, results of visual-flow
studies madeby using the liquid-film and vapor-screen techniques are
presented. The evaporation pattern of a film of white lead applied to
the upper surfaces of model i shows two rows of bubbles, indicating
separation, near the leading edge and further inboard. Sketches made
from vapor-screen studies also indicate separation. In the vapor-screen
technique, light is madeto shine through the wind-tunnel windows in a plane
perpendicular to the model axis. Water vapor introduced into the wind
tunnel shows regions of separation and vortices as dark areas in the
plane of light. Regions of separation for the light plane near the mid-
chord station of the model are shownin figure 5. The separated region
approximately corresponds to the region between the two rows of bubbles
seen in the liquid-film pattern. Further downstreamthe region of separa-
tion is wider and raised higher off the wing. Still further downstream,
the separated region rolls up into discrete vortices.

Calculations madeby C. E. Brown of the Langley Laboratory indicate
that even for the very slender wing with a _ch numbernormal to the
leading edge of 0.5, the local Machnumber on the upper surface of the
wing exceeds the critical Machnumber. Thus, transonic effects including
shock waves maycombine with viscous effects and cause the separation
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shownon the wing. Supersonic wing theory, the basis for the design of
the wings studied_ does not take account of these effects, and differ-
ences between theory and experiment are thus to be expected.

Additional visual-flow studies using sublimation and shadowgraph
techniques indicate that the boundary layer was turbulent on both upper
and lower surfaces of the wing except for a narrow region (enough to
support laminar separation) near the leading edge. For these highly
sweptback wings the transition pattern was constant for the angle-of-
attack and Reynolds numberranges of the tests_ thus, the results pre-
sented herein are for an essentially turbulent boundary layer.

Figure 6 showstwo wings, models 5 and 6, of the sameplan form as
the previous models, but the camber and twist are different. Model 5
is untwisted and has a camberedwing section. The section normal to the
leading edge is the Clark Y (12 percent thick). Model 6 is the samewing
twisted in the direction indicated by theory for the previous models; the
tips are "washedout."

The experimental results for models 5 and 6 are presented in fig-
tares 7 and 8. It can be seen in figure 7 that washing out the tips
reduces the lift at fixed angles of attack with little change in lift-
curve slope. There is also little change in the minimumdrag coefficient,
but the drag polar is shifted and, therefore, the maximumlift-drag ratio
is increased from 8.4 to 9 (fig. 8). Twisting the wing had a large effect
on the pitching moments_for the untwisted wing there would be a drag
penalty involved in trimming the wing. The twisted wing trims at optimum
lift coefficient.

The effect of adding volume to model 6 is shownin figure 9. Volume
was addedby placing the wing on a circular-cylindrical body and also by
placing wedgesunder the wing in order to obtain favorable interference
lift at the sametime the volume was increased. The wedgeheight for the
model shown is 4 percent of the total wing length. In addition, the wing
was tested with a wedgehaving a height of 2 percent of the total wing
chord. The maximumlift-drag ratio and volume for the latter wing-wedge
model were approximately the sameas for the wing with the circular-
cylindrical body.

Model 6 (the wing alone) has a large volume. If the wing had as
large an area as is currently being considered for someairplanes, for
example_ 5 or 6 thousand square feet_ the volume would be about i0 thous-
and cubic feet, almost that of the Boeing B-52 fuselage.

Also shown in figure 9 are the lift-drag ratios for a series of delta-
wing models (ref. 5)- For these models the maximumlift-drag ratio reaches
a peak for the wing with a sonic leading edge. Further increases in wing
aspect ratio, or area, result in decreased lift-drag ratios.
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In figure iO the calculated and experimental maximumlift-drag ratios
for model 6 are shownas a function of Reynolds number. The only change
with Reynolds number in the calculated curve is the result of skin fric-
tion. Experimental results given by Fred W. Matting in a previous paper
on turbulent boundary layers were used in the calculations. Also shown
in figure i0 is a calculation in which a drag increment is added to that
of model 6, and the results are extrapolated to high Reynolds numbers
in a manner to be expected from skin-friction considerations. The added
drag increment includes an estimated allowance for vertical fins to pro-
vide directional stability and for nacelles. If additional volume were
needed_the drag increment would be increased and the lift-drag ratio
decreased further.

It can be seen from figure i0 that the experimental lift-drag ratios
for model 6 increase at a faster rate with increasing Reynolds numberthan
is to be expected from skin-friction considerations alone. It is believed
that this increased rate is caused by changes in separation effects as the
Reynolds number is increased.

CONCLUDINGREMARKS

In summary, it is seen that the relatively high lift-drag ratios
calculated are only partly realized at low wind-tunnel Reynolds numbers.
Further experiments are desirable where conditions closer to actual
flight can be obtained.
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APPENDIX

SYMBOLS

C

CD

CDo

CL

Cm

L/D

M

R

uo

wing root chord

drag coefficient

drag coefficient caused by air friction and wave production
due to volume

lift coefficient

pitching-moment coefficient

ratio of lift to drag

Mach number

Reynolds number

body ordinate, measured perpendicular to the flight axis at the

design attitude

angle of attack

c semiapex angle of the wing leading edge

Subscripts :

DES des ign conditions

MAX max imum
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VISUAL FLOW STUDIES
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AIRPIANECONFIGURATIONSFORCRUISEAT A MACHNUMBEROF3

By Donald D. Baals, ThomasA. Toll, and OwenG. Morris

langley Aeronautical Laboratory

SUMMARY

Relative to the problem of efficient cruise at a Machnumberof 3,
wind-tunnel tests have been madeof four complete configurations based on
widely different aerodynamic approaches and giving promise of high lift-
drag ratios. These designs included a highly camberedarrow-wing con-
figuration with 75° of sweep, a 70° swept-wing configuration with con-
trol surfaces on boomsoutboard of the wing tip, a canard configuration
with a low-aspect-ratio clipped delta wing employing tip ventrals, and
a delta-wing configuration having an aspect ratio of 3. These model
designs met, in most cases, minimumrequirements of volume_ engine
simulation, stability and trim applicable to a long-range bomberdesign.
The design concepts and results, however, are believed to be generally
applicable.

Although the experimental programs were not sufficiently complete
for an evaluation of the special features, high lift-drag ratios were
obtained in all cases. Maximumlift-drag ratios of about 6 were meas-
ured at a Machnumber of 3 for conditions of fixed transition at test
Reynolds numbersof 2 to 4 million. These values extrapolate to maximum
lift-drag ratios on the order of 7.5 for full-scale Reynolds numbers of
about iOOmillion. The various configurations differed appreciably in
minimumdrag and in drag due to lift. There is reason to believe that
significant performance improvements can still be achieved, perhaps by
combining someof the more attractive features of the different
configurations.

INTRODUCTION

The problem of efficient cruise at a Machnumber of 3 has placed
great emphasis on the achievement of high lift-drag ratios. Relative
to this problem, certain aerodynamic approaches appear to have merit.
These approaches include optimumizing the total lift distribution for
minimuminduced drag, the development of favorable lift interference,
and the decrease of minimumdrag through componentdesign.
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For the most part, experimental support at a Machnumberof 3 for
these approaches has been limited to rather elementary models; that is,
studies involving wing-body combinations or single components. During
the last year the National Advisory Committee for Aeronautics has made
experimental studies wherein essentially complete configurations incor-
porating someof the more promising ideas were investigated in the Mach
number range near 3.

Results of four of these model studies are presented. To provide

a valid basis for comparison, these model designs usually met minimum

requirements of volume, engine simulation, stability, and trim. In

general, these configurations were laid out to meet requirements for a

long-range-bomber design; however, the design concepts and results

should be generally applicable. All test results were obtained under

conditions of transition fixed near the leading edges of all surfaces.

Inlet air flow wasprovided for all models, and a drag correction was
made for the measured internal momentum losses.

It should be noted that the configurations presented in the present

study are not regarded as optimum, and comparative results should not be

considered indicative of the ultimate potential of each approach.

SYMBOLS

The lift, drag, and pitching-moment results are given with respect

to the wind-axes system; whereas, lateral stability results correspond

to body axes. All of the basic moment data are nondlmensionalized in

terms of wing areas, wing spans, and assumed center-of-gravlty locations

as given for the various models in the following table.

Model

Arrow-wing

Outboard-tail

Canard

Delta-wing

Wing area,

S, sq ft

3.49

i. 74

4.18

.13

Wing span,

b, ft

2.50

2.00

1.94

.625

Wing mean

!aerodynamic

chord,

_, ft

i. 70
l.O8

2.25

• 277

Center-of-gravity

location

Distance

from

nose,
ft

2.33
2.37
3.36

• 277

Fraction

0.65

.24

.50
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CL

CL,OPT

CD

CD,MIN

CD,0

CD,O

Cm

Cm,o

Cf

L

D

q

S

A

A

b

_he coefficients and symbols are defined as follows:

lift coefficient, Lift
qS

lift coefficient at maximum L

drag coefficient
q_

minimum drag coefficient

zero-lift drag coefficient

nomin_l zero-lift drag coefficient

pitching-moment coefficient, Pitching moment
qS_

zero-lift pitching-moment coefficient

skin-friction coefficient

lift-drag ratio

maximum lift-drag ratio

dynamic pressure, Ib/sq ft

wing area, sq ft

b 2
wing aspect ratio, -_-

wing taper ratio, Tip chord
Root chord

leading-edge sweep angle, deg

wing span_ ft

wing mean aerodynamic chord, ft
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t
c

R

M

5h

5 c

Cn_

Cz_3

_D

_CL 2

_C m

_CL

ratio of section thickness to section chord

ratio of wing-root thickness to wing-root chord

Reynolds number based on

Mach number

incidence of wing-tip horizontal trimming surface,

relative to adjacent wing chord line, deg

incidence of canard trimming surface, deg

angle of attack, deg

directional stability derivative

effective dihedral derivative

drag-due-to-lift parameter

longitudinal stability parameter

PRESENTATION OF RESULTS

The Arrow-Wing Model

Figure i shows the configuration characteristics of the arrow-wing

model. This model is an application of the arrow-wing approach to the

problem of obtaining a high lift-drag ratio. This approach was dis-

cussed by Elliott D. Katzen in the previous paper. For the complete

configuration presented herein, the wing leading edge has a 75 ° angle of

sweep. A minimum fuselage is employed with the main volume in the wing.

Engine simulation is provided by six separate nacelles, each alined with

the local streamlines for minimum drag. All moving control surfaces are

located at the wing tips in order to provide longitudinal and directional

stability and control.

The wing was designed on the basis of linear theory by using an

optimum combination of four loads based on an adaptation of methods

presented in references I and 2. The wing plan form and idealized
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loading distribution were modified in the region of the wing tip in an
attempt to reduce the local lift coefficients. The foregoing analytical
procedures provided theoretical values for the drag due to lift and the
lift-curve slope. The zero-lift wave drag for the complete configura-
tion was estimated from linear theory as the sumof the individual drag
of the various componentswithout correction for interference effects.
To this value was added the theoretical skin-friction drag (ref. 9) for
a turbulent boundary layer at test Machnumberand Reynolds number con-
ditions for evaluation of the minimumdrag.

Figure 2 shows the basic longitudinal characteristics of the arrow-
wing model at M = 2.87 for two control deflections (ref. 4). fl_e com-
puted linear-theory values are also shown. The minimumdrag coefficient
of 0.0110 agrees well with the estimate_ but the experimental drag due
to lift is considerably higher than calculated. This high induced drag
caused the _ to fall considerably below the estimate, but the

MAX
value of 6.2 obtained is still relatively high.

The arrow-wing model has a positive value of Cm,0 due to the

"washout" at the wing tips, and the configuration trims at MAX
a very small control deflection. The pitching-moment curves are fairly
linear up to the test limit of about 0.2CL, although it appears that
somereduction in stability has begun at that point.

Outboard-Tail Model

The cCnfiguration of figure 3 is referred to as the outboard-tall
model. The underlying aerodynamic approach resembles, in somerespects,
that of the previous arrow-wing design. The lifting surfaces are con-
tained essentially within the Machcone from the wing apex with the
lifting outboard tails providing variation in spanwise as well as longi-
tudinal loading distributions. Favorable drag due to lift is expected
to result from the upwash field at the horizontal tails, which allows
them to carry an upload at negative tail incidence. Similarly, the
sidewash field at the vertical tails can be utilized to provide some
additional drag reduction.

This particular arrangement of componentswas influenced by research
directed at obtaining favorable lift characteristics in take-off and
landing as well as acceptable stability characteristics through the
speed range. A detailed discussion of the design concept is given in
reference 5- Engine simulation is provided by a "three-over-three"
engine pack exhausting at the fuselage base.
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Figure 4 shows the longitudinal characteristics of the outboard-
tail configuration at M = 2.97 for two control deflections. All coef-
ficients and the given aspect ratio are based on wing plus horizontal-
tail area and on the total span. The results presented were obtained
as a part of the investigation reported in reference 6.

The maximumlift-drag ratio is about 5.85, with a minimumdrag
coefficient of about 0.0150. 1_nishigh value of minimumdrag results
in part from the fact that this model has approximately double the
specified minimumvolume. _le agreement of experimental with the esti-
mated characteristics is shownto be reasonably good up to maximum
L but only fair at higher lifts.

In estimating the model lift, only the wing and the horizontal tails
were considered. For each of these components, the linear-theory lift
slope of the isolated surface was calculated. Also, a calculation of
the wing-generated flow field at the tails indicated a rate of change
of effective upwashangle with angle of attack of 0.7. _lis interference
effect along with the characteristics of the isolated surfaces yielded
the lift estimate shownfor the model. Drag due to lift was assumed
to be determined by the reciprocal of the lift-curve slope of the wing
and of the horizontal tail, with appropriate consideration again given
to the vector componentsof the upwashfield. Zero-lift drag was
obtained by simple addition of the wave and skin-friction contributions
of the components, as in the case of the arrow-wing model.

The outboard-tail model has a positive value of Cm,0 caused by

3° of washout at the wing tip and this model trims at (D)MAX for essen-
tially zero control deflection. In its present form_ however, this con-
figuration at M = 2.97 becomeslongitudinally unstable somewhatabove
the cruise lift coefficient. Subsonic tests, however, indicate that no
zerious problem exists through the range of take-off lift coefficients.
A modified configuration with a 60° sweephas been developed in an
attempt to alleviate this supersonic stability problem.

CanardModel

Figure 5 shows the configuration characteristics of the canard
model. _e engine-wing combination is designed to optimumize inter-
ference lift at M = 3 by positioning the shock from the inlet wedge

just behind the leading edge of the wing lower surface. Wing-tip fins

mre used to reflect these shocks for a further lift increment and to

provide directional stability at angles of attack. On the upper surface

cf the wing the location of the wing ridge line and the shape of the

fuselage afterbody have been selected to improve lift-drag interference.
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Canard controls along with a modified elliptical fuselage having a nose
cant of about 3° have been incorporated in order to achieve efficient
trim characteristics.

Figure 6 presents the basic longitudinal characteristics plotted
against lift coefficient at M = 3. These results were obtained for a
configuration revised from the preliminary model reported in reference 7.
The revision consisted of the upward nose cant and addition of upper-
surface area to the wing tip fins. The maximumvalue of lift-drag ratio
for the canard configuration is about 6.0, and the minimumdrag coeffi-

cient Is about 0.0120. The configuration is trimmed at maximum _ with
a very small canard deflection but with a low stability margin. Note
that the pitching-moment curves are essentially linear over the test
lift-coefficient range.

The evident correlation with the estimated characteristics, shown
as dashed curves, is an indication that the configuration is performing
as anticipated. The estimates are admittedly approximate, however. The
configuration lift was estimated as the sumof the isolated canard lift
plus the lift of the wing assumedto be a full delta wing in an attempt
to approximate the effect of the tip fins. A linear-theory calculation
of the interference lift and drag of an undersurface wedgewhich simu-
lated the solid volume of the engine pack was also included in the esti-
mate. Drag due to lift was assumedequal to the reciprocal of the lift-
curve slope, while the zero-lift drag was obtained by simple addition
of the componentcontributions of wave and skin-friction drag.

Delta-Wing Model

Figure 7 showsthe configuration characteristics of a delta-wing
model having a leading-edge sweepof 53°. The configuration chosen was
the result of a systematic study madeof a family of wings in the Langley
9-inch supersonic tunnel, the initial phases of which are reported in
reference 8. The 2-percent-thick wing is of relatively high aspect
ratio, and its leading edge is supersonic at M = 3. This configuration
was designed to obtain high lift-drag ratios by a simple combination of
low-drag elements. A small _ power body was located on the underside

3-
of the wing with engine simulation provided by six separate internal-

compression nacelles.

It should be noted that this configuration is not strictly compa-

rable to the previous models. It has only about one-third the equivalent

internal volume of the canard and arrow-wing models, and no control sur-

faces are provided for trim. The rather large base area has been cor-

rected to free-stream static-pressure conditions.
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Figure 8 presents the longitudinal characteristics at M = 2.91.
The maximumlift-drag ratio for the untrimmed delta-wing configuration
is about 6.5, with a minimumdrag coefficient of 0.0094 which is the
lowest of all configurations tested. The experimental agreement with
the theoretical estimates for the delta-wing model is very good. The

4
lift-curve slope was assumed equal to the linear-theory value of

M2Y TUT_i'
which is applicable to delta wings with supersonic leading edges. Drag

due to lift was assumed equal to the reciprocal of the lift-curve slope,

while the zero-lift drag was estimated by methods similar to those for

the previous models.

Lateral Characteristics

Lateral characteristics of the four models that have already been

discussed are summarized in figure 9. This figure shows the directional

stability derivative Cn_ and the effective dihedral derivative C2_

plotted against angle of attack for the test Mach number nearest 3.0.

Note that all models are directionally stable at the test angles of

attack. The arrow-wing, outboard-tail, and canard models have fairly

substantial values to angles of attack of at least i0°; whereas_ at the

single test condition of a 0° angle of attack, the delta-wing model was

marginally stable. The derivative Cl_ ranged from essentially zero in

the cruise range for the outboard-tail model to fairly large positive

effective dihedral (negative Cl_) for the arrow wing. No results were

obtained for the delta-wing model.

ANALYSIS OF RESULTS

f\
Variation of _} With Mach Number

MAX

Figure i0 presents the variation of experimental maximum lift-drag

ratio with Mach number for the four basic configurations. In general,

_;_ decreases with increasing Mach number, as would be expected

_DIMAX

from the theoretical increase in drag due to lift.

in (L) with Mach number occurs for theThe most rapid decrease
MAX

arrow-wi_ configuration. This rapid decrease near M = 3 is believed

to result from a combination of insufficient sweep and the use of air-

foil sections having excessive thickness. This combination leads to
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local transonic shocks and attendant flow separation.

configuration accordingly exhibits muchmore favorable
istics at the lower test Machnumber.

The arrow-wing
character-

D

The canard configuration, on the other hand, showsa marked peak in

(_) at M = 3. This might be expected, since the inlet-wing combi-MAX
nation was designed for peak efficiency at this Machnumber. Supple-
mentary data, wherein the Machnumberand angle of leading-edge sweep
were varied, show that the peak may occur rather abruptly near M = 3-
It should be noted that although the canard configuration has a rela-

low aspect ratio of 0.9, values of _ comparable to those of thetively
configuration of muchhigher aspect ratio are obtained.

It will be noted that at Machnumbers near 3, all configurations
have a maximumlift-drag ratio of about 6. This fact is more of a coin-
cidence than a general conclusion, for the resulting lift-drag ratios
are shownlater to result from widely differing characteristics.

Drag Polar Analysis

In order to achieve a better understanding of the lift-drag ratio
trends, it is necessary to study the elements that contribute to the
form of the drag polar. Figure ii showsthe method that has been adopted
in this study. The objective is to divide the total drag into a drag
coefficient at zero lift and a drag-due-to-lift term. The experimental
drag data are plotted against CL2. As is generally true with wings
having camber, twist, or somemeansfor obtaining favorable lift inter-
ference, CD does not vary linearly with CL2. Therefore, in a strict
sense the drag due to lift cannot be defined precisely by a single term
proportional to CL 2.

For practical purposes, however, a single-termmethod can be devised

to represent the most significant portion of the drag polar by drawing a

straight line tangent to the experimental curve of CD plotted against

CL 2 at the point corresponding to _-,(_)MAX" The slope of the tangent

8C D
gives the value of --, and the intercept at zero lift is a nominal

_CL2
!

drag value of CD, 0 usually slightly less than the experimental minimum

drag but close to the minimum drag that would be measured for a
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symmmetricalmodel with the twist and camberremoved. With the parameters
!

_CD and CD_ 0 determined, the effects of independent variation of the

_CL 2

on (_ and on the optimum lift coefficient can be studiedparameters
MAX

through simple equations such as those shown in figure ii. These equa-

tions form the basis for estimating the effects of Reynolds number on
D

and CL,OPT presented later. For the subsequent analysis, values of
I

CD, 0 are not presented, but data are given for CD_MI N which, for the

configurations considered, is generally only slightly greater than CD, $.

$cD
Variation of CD,MI N and With M

_CL2

_CD
Figure 12 shows the variation in CD,MI N and with Mach num-

_CL2

ber for the four basic configurations. Relative to the minimum drag at

M = 3, it will be noted that there is about a 50-percent variation in

CD_MIN_ from the low value for the delta-wing model to the high value

for the outboard-tail model. This difference is caused, in part, by

the greatly differing levels of internal volume. The delta-wing model
has about one-third the volume of the arrow-wing and canard models,

while the outboard-tail model has about twice their volume.

Relative to the minimum drag of these configurations, the skin

friction at test Reynolds numbers is the major component and ranges from

i_ to 3 times the value of the estimated pressure drag. Theseabout

values indicate the great importance of testing under known boundary-

layer conditions, for any variation in skin friction can completely mask

the pressure drag.

The drag-due-to-lift characteristics are also shown in figure 12.

In all cases the drag due to lift increases with increasing Mach number

as predicted by linear theory. The outboard-tail configuration is shown

to have the lowest value of all configurations tested, which indicates

the effectiveness of its design concept. The low drag due to lift com-

pensates for the high minimum drag of this configuration in determining

its lift-drag ratio.

The arrow wing, however, has a drag due to lift which increases

rapidly with Mach number and attains a maximum value of about 0.7 at

M = 3. This value is about 40 percent greater than the theoretical

estimate and corresponds in theory to that of a plane wing with super-

sonic leading edges such as for the delta-wing model.
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_e arrow-wing approach, however, is considered to have merit, for
the design deficiencies of the initial model are nowbetter understood
and are capable of improvement. Although this configuration has attrac-
tive characteristics near M = 3, the optimum application maybe found
to occ__ _t somewhatlower Machnumbers.

It should be noted that there are considerable additional wing-body
data available at Machnumbers of about 3 which bear on the general
problem <_flift-drag ratio but which are not included herein. Although
no positive statement can be madeconcerning their potential as to com-
plete configurations, the drag-due-to-lift factors are, in general, less
attractive than those of the complete configuration presented here.

$CmVariation of Trim L With
D $CL

Thus far mainly m_ximumlift-drag ratio characteristics of the
various configurations have been considered. The cost of trimming over
a range of stability margins is now considered. Figure 13 shows the

vari_ion in trim --\uj(_X with stability level _Cm for values of test8CL
Math numbernearest ]. The curves were established from experimental
data for which different control settings were used. For any of the
configurations shown, trim at rather large stability margins can be

obtained for rather s_ll pen_ities in UgMAX" The trim MAX for

the canard model, however; begins to decrease at a somewhat lower sta-

bility margin than for the other models.

At the bottom of figure 13 are noted the supersonic stability mar-

gins required for neutral subsonic stability. These margins were deter-

mined from subsonic tests of the basic configurations and merely repre-

sent the shift of the aerodyng-mic center with Mach number. The plot

shows that the e×perimental stability levels at M _ 3 for the arrow-

wing and outboard-tail models are higher than needed in order to main-

tain neutral subsonic stability. The particular canard configuration

sho_¢n, however, would require an increase in supersonic stability level

from the test conditions. Some performance penalty would result, there-

fore, unless special aerodynamic or mechanical methods are employed.

The shift of the aerodyn_mic center shown is believed more a function

of body-wing-inlet design rather than any inherent characteristic of
the canard control. Canard models have been tested which have shown

considerably less shift than that indicated here. (For example, see

reference 9 and the paper by Charles F. Hall and John W. Boyd.)
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Figure 14 showsthe predicted extrapolation to full-scale Reynolds

of the _-,(_)MAXvalues for a Machnumber of 3. A theoreticalnumbers
variation of skin friction with Reynolds numberfor adiabatic conditions
(ref. _) is assumedas well as the constancy of drag due to lift with

L have been adjusted toReynolds number. The experimental values of
M = 3 and are shownplotted at their respective test Reynolds numbers.

The dashed line is the theoretical extrapolation in lift-drag ratio
starting from a meantest value of about 6 at a Reynolds number of 3 mil-
lion. A ±lO-percent spread from the theoretical turbulent skin-friction
variation is also shown. This variation is indicative of the range from
a small amount of laminar flow to all-turbulent flow with someroughness
drag. As pointed out in the paper by K. R. Czarnecki, John R. Sevier, Jr.,
_nd Melvin M. Carmel, and in the paper by Albert E. yon Doenhoff, such
an extrapolation presumes extreme care has been exercised in minimizing
the drag due to protuberances, air leakage, and auxiliary inlets and out-
lets in order tc justify limiting the model scale corrections to skin
friction only. She problem of exit drag is discussed in a following
paper by John M. Swihart and William J. Nelson.

The extrapolation is considered to provide evidence that values of

I L) of the order of 7-5 maybe achieved at M = 3 for complete con-MAX
figurations at a Reynolds number of about i00 million. This value repre-
sents an attractive level of lift-drag ratio and results in a product of

L
M X _ for the basic range equation which exceeds the value for the best
subsonic configurations.

(L) occursAn extrapolation of the lift coefficient at which _ MAX

that CL,OPT_, whenmadeon the basis of conditions identical withis,
!

those used for MAX' shows that the full-scale values of CL, OPT

would be expected to fall within the range from 0.09 to 0.ii for the

configurations investigated.

CONCLUDING REMARKS

Results have been presented for essentially complete airplane con-

figurations based on widely differing aerodynamic approaches to the

problem of obtaining a high lift-drag ratio. Although the experimental

programs were not sufficiently complete for an evaluation of the special

features, high lift-drag ratios were obtained in all cases.
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Maximumlift-drag ratios of about 6 were measuredat a Mach number
of 3 for test Reynolds numberconditions. These values extrapolate to
a maximumlift-drag ratio value on the order of 7.5 for full-scale
Reynolds numbersof about lOOmillion.

The various configurations differed appreciably in minimumdrag
and in drag due to lift. There is reason to believe, therefore, that
significant performance improvements can still be achieved, perhaps by
combining someof the more attractive features of the different
configurations.

Certain deficiencies noted for the various configurations, particu-
larly with regard to trim and stability characteristics, do not appear
to present prohibitive problems of solution.
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OUTBOARD-TAIL MODEL
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CANARD MODEL
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DELTA-WING MODEL
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DRAG POLAR ANALYSIS
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EFFECTS OF CANARDS ON AIRPLANE

PERFORMANCE AND STABILITY

By Charles F. Hall and John W. Boyd

Ames Aeronautical Laboratory

INTRODUCTION

In considering the use of a canard in preference to a trailing-edge

flap or tall control, the designer may ask the following questions:

(1) What is its effect on llft-drag ratio and maximum trim llft at

cruise and high-speed flight? (2) Is the control effective throughout

the Mach number range and will it trim the airplane to a sufficiently

high llft in the landing and take-off attitude? (5) Will the control

affect adversely the longitudinal and lateral stability of the configu-

ration? (4) What effect will the configuration variables have on the

answers to these questions? To answer these questions an extensive

investigation has been conducted at the Ames and Langley laboratories

during the past year on canard airplane configurations.

Wide ranges in control plan form, size, and position and in wing

plan form have been examined, as shown in figure i. Also shown in fig-

ure 1 are several trailing-edge flap and tail-aft arrangements which

have been used for comparison purposes in discussing the various char-

acteristics of the canards. In addition to plan-form effects, experi-

mental investigations of the effects of canard height with respect to

the wing and body and of wing height with respect to the body have been

made on several of the configurations in figure i. Various arrangements

of vertical tails and ventral fins in combination with canard controls

have also been studied experimentally.

It is beyond the scope of this paper to discuss in detail the char-

acteristics of the many configurations shown in figure i. The purpose

of this paper is to give an overall picture of canard characteristics,

stressing those characteristics which make the canard either a desirable

or an impractical control, and to select data for configurations of fig-

ure i which are illustrative of these trends. More detailed information

on the configuration characteristics can be found in references i to 13.

An obvious advantage of canard controls over control-aft arrange-

ments stems from the present-day trends in high-speed aircraft, that is,
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an increase in the fineness ratio of the body, a rearward movementof
the center of gravity as the engines are brought closer to the fuselage
base, and a corresponding rearward movementof the wing with respect to
the body. Such trends permit the distance from the control to the center
of gravity to be larger in general for the canard than for the aft con-
trol arrangement. This geometric advantage permits the control size,
force, and hence drag to be less for a canard than for an aft control.
Thus, in comparing the trim characteristics of canard and aft control
arrangements it should be realized that any advantage of the former over
the latter control can result from this geometric advantage. Neverthe-
less, the comparisons to be made subsequently are considered valid and
worthwhile because manyof the configurations shownin figure 1 repre-
sent actual airplanes presently used by the Air Force or are very simi-
lar to proposed airplanes.

PERFORMANCE

Before discussing the experimental trim-drag characteristics of
canard and control-aft arrangements a few simplifying concepts will be
considered to determine whether one type of control has certain char-
acteristics which make it superior to the other type and to provide
orientation for the experimental data. Figure 2 represents a wing with
either a canard or aft control arrangement. The normal forces on these
surfaces for trim and stability are indicated as follows: N is the
force on the wing, N_ the control force due to angle of attack, N5
the control force due to control deflection, and Ni the force on the
wing due to canard interference. The center of gravity must be located
to assure static stability; that is, it must be ahead of the resultant
of N and N_. For the canard the single case is shownin which 5/_
is equal to or greater than O. For the aft control two cases are
important, that in which 5/_ is between 0 and -1 and that in which
5/_ is less than -1; in the first case the control is positively
inclined to the free stream and in the second case it is negatively
inclined.

Considering first the canard arrangement, figure 2 showsthat the
canard carries positive lift to balance the wing lift, a beneficial
effect. However, the drag componentof this lift is greater than that
of a comparable lift carried by the wing because of the greater incli-
nation of the force vector to the free stream. Whenthe zero-lift drag
of the control is added to the drag due to lift it is seen that the
drag of the trimmed wing is higher than that of the untrimmed wing. It
is also seen that this difference in drag increases as 5/_ increases
because of the greater inclination of the force vector. The diagram
shows that the horizontal componentof Ni is in the thrust direction.

J
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However, this thrust is always smaller than the drag increase resulting
from the increase in wing angle of attack to compensatefor the loss in
lift due to interference, and thus canard-wing interference results in
a net drag increase.

Considering the wing and aft control with 5/_ between 0 and -i
and with the center of gravity behind the wing center of pressure, the
diagram showsthat the control carries positive lift, which is a bene-
ficial effect. This lift will have a drag componentbecause of its
rearward inclination, but the diagram cannot present a clear-cut com-
parison of this drag increment with that which would occur if the wing
were carrying this lift. Nevertheless, whenthe zero-lift drag of the
control is considered it is probable that the drag of the trimmed wing
is higher than that of the untrimmed wing. Furthermore, as with the
canard arrangement, interference between the wing and aft control
increases the trim drag. An increase in downwashfrom the wing neces-
sitates a clockwise rotation of the control from the position shown in
figure 2 to obtain the samenormal force, and hence an increase in the
horizontal componentof the force.

For the second case of a wing having an aft control wherein 5/_
is between 0 and -i, the center of gravity is ahead of the wing center
of pressure. The control thus carries a negative lift to balance, which
is an adverse effect. Due to a large downwashfrom the wing the control
force is inclined into the free stream so that a tkn_ust exists, which
is a favorable effect. The thrust is smaller, however, than the drag
increase resulting from the increase in wing angle of attack to compen-
sate for the negative lift on the control. Whenthe zero-lift drag of
the control is considered it is seen that the drag of the trimmed wing
is greater than that of the untrimmed wing. Nevertheless, it is seen
that for 5/_ between zero and -i the trim drag can be small either
because the control is carrying positive lift, as in the first case, or
because the negative lift has a horizontal component in the thrust
direction, as in the second case.

In the last case, for 5/_ less than -i, the control force is
downto balance the wing lift and its horizontal componentis in the
drag direction. Both effects are adverse, and therefore the trlm drag
is high. Furthermore, as 5/_ becomesmore negative the inclination
of the force vector to the free stream increases, and thus causes an
increase in trim drag.

It is evident that the simplified force diagrams of figure 2 do
not showwhich is the better control. They show that the trim drag is
reduced as 5/_ reduces toward zero for the canard and increases
towards -i for the aft control because of a reduction in the inclination
of the force vector, and they serve to aid in the analysis of the data.
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Therefore they will be applied to a comparison of the trim drag for
canard and aft-control arrangements.

The trim characteristics of an unswept wing having either a canard,
an inline tail, or a high tail are comparedin figure 3- The center of
gravity for each configuration is set so that the minimumstatic sta-
bility occurring in either the subsonic or the supersonic speed range
is comparable for all configurations. For the canard and inline-tail
arrangements, the results showthat the absolute value of 5/m was
greater than 1 in each case so that the forces are as indicated on the
left side and right side of figure 2. The results for a Machnumber
of 1.3 showthat the trim drag of the canard was slightly less than that
of the tall even though the absolute values of 5/_ were approximately
the same. Possibly of greater importance is the effect of Machnumber
on the characteristics. The wing is the samein each case, but its
center of pressure is movedaft and each control lift-curve slope is
reduced with Machnumber. Both effects tend to increase the absolute
value of 5/m and hence to increase the trim drag. However, the center
of lift on the canard and the associated interference lift on the body
move forward with increasing Machnumber. This movementtends to reduce
the required control force and, hence, the deflection, so that 5/_ is
essentially constant in the Machnumberrange of figure 3. In general
this forward movementof the center of pressure with increasing Mach
numberbetween Machnumbers of 1 and 2 has been characterlstic of the
canard configurations investigated, and in the case illustrated in fig-
ure 3 amountedto 15 percent of the control length. Furthermore, a
significant reduction in the interference lift with increasing super-
sonic Machnumberresulted in the increase in the ratio of trim-lift
drag to wing-body llft drag. This reduction in interference with Mach
numberhas also been characteristic of the various canards investigated.
On the other hand, for the inllne-tail configuration no effect existed
to compensatefor the rearward travel of the wing center of pressure
and the decreasing control lift-curve slope with decreasing Machnum-
ber, and therefore the control force and negative deflection increased.
Furthermore, the wing downwashdecreased with Machnumberso that the
negative deflection of the control was increased to maintain an equal
force. From the force diagram on the right of figure 2 it is evident
that increasing the download and negative deflection results in an
increase in the drag componentof the control force and hence an increase
in trim drag.

It should be mentioned that in both cases the trim drag could be
reduced if at subsonic speeds artificial stability devices were used,
or if the canard were permitted to free-float so that the center of
gravity could be movedcloser to the wing center of pressure and the
value of 5/_ for trim could be reduced. Nevertheless, the relative
effects of increasing supersonic Machnumberwould be the same.
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The adverse effects of Math numberfor the inline tail are not
necessarily characteristic of an aft control arrangement, as indicated
by the results for the high tail. The data show that for the high-tail
arrangement 5/_ was between 0 and -i, and therefore the control forces
are as indicated by the lower center diagram of figure 2. The low value
of 5/_ resulted from two factors. First, the control drag produced a
positive trimming momentand thus reduced the normal force required for
trim. This effect would also reduce the canard trim drag if the canard
were movedabove the center of gravity by negatively cambering the body,
as has been done on several of the configurations shownin figure i.
Second, interference between the vertical and horizontal tails induced
a download on the tail with no corresponding increase in negative deflec-
tion. The results showthat the effect of Machnumberwas favorable for
the high-tail arrangement. This favorable effect resulted from the fact
that the downwashfrom the wing in the vicinity of the tail increased
betweenMachnumbersof 1.3 and 2. Thus the inclination of the tail to
the free stream was increased to maintain an equal load and the result
was a greater thrust componentof the control force and, hence, less
trim drag. This favorable effect of Machnumber on the high-tail char-
acteristics is determined by the location of the tail with respect to
the shock waves from the leading and trailing edges of the wing. When
the horizontal tail is outside of the region boundedby these two shock
waves the downwashfrom the wing is small and therefore 5/_ is more
_<_cative and the trim drag is greater than shownin figure 3 for a Mach
n_r_oerof 2. Thus, these favorable effects of Machnumberwill dis-
appear at somehigher Machnumberwhere the shock wave from the wing
±ea_ing edge is depressed below the horizontal tail. Also, raising the
horizontal tail or moving it forward will lower the range of Machnum-
bers in which this favorable effect is present. Although the character-
istics of the high-tail arrangement shownin figure 5 are very desirable
it should be mentioned that these benefits of a high tail may be out-
weighed by longitudinal-stability and structural problems associated
with the arrangement.

Another comparison of the trim-drag characteristics of canard and
aft control arrangements is made in figure 4, in which results for a
canard and a trailing-edge flap in combination with a triangular wing
(configurations 1 and 15) are shown. At low supersonic Machnumbers
the absolute value of 8/m was greater for the canard than for the
trailing-edge flap as a result of lower control effectiveness for the
canard configuration; the trimdrag of the canard configuration was
therefore higher. With increasing Machnumberthe canard becamecon-
siderably superior to the trailing-edge flap, partly because of the
beneficial characteristics mentioned in conjunction with the unswept
wing and canard arrangement of figure 3, that is, a forward movementof
the center of pressure due to canard llft and its associated interference
lift on the body and a reduction in canard-wing lift interference.
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In addition to the aforementioned favorable effects of Machnumber
on the trim-drag characteristics of canard configurations with either
unswept or triangular wings, another favorable characteristic was pres-
ent in the case of the triangular wing which was primarily responsible
for its more impressive beneficial effects with increasing Mach number.
This additional beneficial effect was the large forward movementof the
wing and body center of pressure with increasing Machnumber, as indi-
cated in figure _. The position of the center of pressure is expressed
as a percentage of the meanaerodynamic chord of the respective wing,
and thus the large differences in the characteristics of the triangular
and the unswept wing are due in part to the fact that the meanaero-

chord of the former wing is approximately 11 times that of thedynamic

latter wing for the samearea. Nevertheless, even accounting for these
differences, the results of figure 5 indicate that the maximumrearward
travel of the center of pressure between subsonic and supersonic speeds
was less and the forward movementof the center of pressure with
increasing supersonic Machnumberwas faster for the triangular wing
than for the unswept wing. The forward movementof the center of pres-
sure of the triangular wing and body, coupled with the aforementioned
forward shift of the center of pressure of lift due to the canard as
supersonic Machnumber increased, caused the center of pressure of the
triangular wing with canard to be the sameat a Machnumberof 3.4 as
at a Machnumber of 0.7. The data thus raise the interesting possi-
bility that the position of the center of gravity for a triangular wing
and canard arrangement similar to this may be dictated by characteris-
tics at Machnumbers above approximately 3.5 rather than at subsonic
speeds.

Returning to trim-drag characteristics of canard and aft control
arrangements, figure 6 presents the results for manyof the configura-
tions of figure 1 in order to show general trends. Tb_ two diagonal
lines are synm_etrlcal about a value of 8/_ of zero and are drawn to
aid in the comparison of the general trends of canard and aft control
configurations. In general the data for the aft control arrangements
lie near the diagonal line, whereas those for the canard arrangements
are above the line, indicating that for the sameabsolute value of _/_
the canard trim drag will in general be less. As before, the results
show that the trim drag of inline-tall arrangements increased with Mach
number (configurations l_, 16, and 18) whereas the trim drag decreased
with increasing Machnumberfor high-tail arrangements (configurations 19
and 20). Also (as for configuration 1 in fig. 4) the trim drag of con-
figuration 2 (a triangular wing and canard) decreased considerably with
increasing Machnumberbetween Machnumbersof 1.3 and 2. Configura-
tions 1 and 2 are the sameexcept that the distance from the control to
the wing is larger in the latter case and the control effectiveness is
therefore larger. Comparisonof the data for these configurations in
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figure 6 shows that increasing the distance between control and wing
is an effective way of reducing 5/_ and, hence, trim drag. Within
limits, another effective way of increasing the control effectiveness
and thereby reducing 5/_ and the trim drag is to increase the con-
trol area, as indicated by the results for configurations 7, 8, and 9,
in which the exposed area of the control was increased from 5.1 percent
to 7.6 percent of the wing area.

Beneficial effects of the canard on maximumtrim lift-drag ratio
also extended to higher lifts, as shownin figure 7. The configurations
comparedare the sameas those in figures 3 and 4. It will be noted
that the lift-drag ratios for these configurations are lower than those
for the configurations discussed in previous papers by Elliott D. Katzen
and by Donald D. Baals, ThomasA. Toll, and OwenG. Morris. These
higher ratios are due in part to the fact that in the present case the
body volume is considerably larger relative to the wing than in those
previous cases. The body size should not affect significantly the com-
parisons shownherein. More impressive than the drag characteristics
is the large increase in maximumtrim lift, which was as muchas 60 per-
cent greater for the canard than for the aft control arrangement, even
though the maximumcontrol deflection was the samein both cases. More
than half of this beneficial effect of the canard was due to the fact
that the canard had a large positive lift and the canard-wing interfer-
ence lift was small, whereas a negative lift existed on the aft control.

STABILITYANDCONTROL

In view of the beneficial effects of canard arrangements on lift-
drag characteristics, it is advisable to investigate other aspects of
canards, such as their control effectiveness and their effect on longi-
tudinal and lateral stability. Figure 8 presents the lift-curve slope
with respect to angle of attack and control deflection for various plan
forms as obtained experimentally and theoretically. The theoretical
methods were those discussed in reference 14. The experimental results
from which the derivatives were obtained were essentially linear in the
angle-of-attack and control-deflection ranges up to i0 °. The compari-
son indicates that the theory is adequate for predicting the effects
of plan form on lift, such as reduced lift with increasing supersonic
Machnumber, increasing leading-edge sweep, and decreasing aspect ratio.
These data were obtained from the differences between canard-body data
and body-alone data in order to eliminate canard-wing interference.
They contain the mutual interference between canard and body, however,
which in this angle-of-attack and deflection range was favorable, as
predicted by theory. At higher angles of attack the effect of inter-

ference between the canard and body was such as to suppress the body
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lift resulting from viscous cross flow (ref. 15) and, to a smaller

extent, the potential lift. Thus at angles of attack near 16° the

interference lift on the body was negative, as indicated by a compari-

son of values for body lift with and without the canard and the meas-

ured lift on the canard in the presence of the body. That is, at high

angle of attack the canard reduced the lift on the body.

At subsonic speeds an important characteristic of canard arrange-

ments is the maximum lift effectiveness in the presence of a ground

plane, and this characteristic is shown in figure 9. The curves labeled

"required" are the pitching moment necessary to trim the triangular wing

and body combination at various heights above the ground plane. The

results indicate a considerable increase in pitching moment and lift at

a constant angle of attack; that is, the ground induced a lift on the

aft portions of the wing as the wing and body approached the ground.

The maximum available trimming moment of the canard, as shown in fig-

ure 9, was obtained from an envelope of data for various angles of
attack and control deflections. As might be expected, the ground plane

did not affect the maximum available trimming moment since the height

of the canard above the ground; expressed in terms of its own chord,

was considerably greater than that of the wing. Thus, as a result of

the large influence of the ground on the wing-body characteristics and

the lack of a corresponding influence on the canard, the maximum trimmed

lift coefficient for this configuration was reduced approximately 0.2,

or 18 percent, as it reached a distance of 0.6 of the wing mean aero-

dynamic chord above the ground.

Since the ground plane had no effect on the canard characteristics,

the effects of canard plan form on the maximum available pitching moment

required for trim can be obtained in the absence of a ground plane.

Such data have been obtained for canards of various aspect ratio, taper

ratio, and sweep, and are shown in figure 10. For these data the exposed

canard area and the distance from the control to the center of gravity

of the wing are the same in each case. In general the results indicate

an increase in maximum pitching moment available for trim with increasing

leading-edge sweep or decreasing aspect ratio, or combinations thereof.

This is Just opposite to the effect of these parameters on the lift

effectiveness. For canards, an increase in llft effectiveness produces

a destabilizing contribution at low angles of attack. Thus, if it were

desired to use one of these canards of higher aspect ratio and lower

sweep in combination with the wing-body configuration of figure 9, it

would be necessary to increase the stability of the wing-body combination

by forward movement of the center of gravity to offset the increased

destabilizing moment of the canard. Thus, increasing the aspect ratio

or reducing the sweep of the canard has the double deleterious effect

on maximum trim-lift coefficient of reducing the available moment and

"increasing the required moment. In fact, for the triangular wing and
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body of figure 9 in combination with either a triangular or an unswept
canard, both configurations having the samestatic margin, the maximum
trim lift of the unswept canard arrangement was only about 1/2 of that
for the triangular canard configuration.

Interference effects between the canard and the wing or vertical
tail maybe sufficiently large to prohibit the use of a canard arrange-
ment, and therefore it is necessary to examine these effects. The lift
interference between the canard and wing affects primarily the lift-
drag characteristics and is shownin figure ii. The experimental data
were obtained from the difference in the incremental lifts due to addi-
tion of canard to the body in the presence of the wing and in the
absence of the wing. The theoretical results are based on the assump-
tion that a vortex originates at the trailing edge of each canard panel
and these vortices stream rearward over the wing, altering the flow in
the vicinity of the wing and hence the lift on the wing. The spanwise
origin of these vortices is determined in the manner presented in ref-
erence 14. In this method the spanwise loading on the exposed canard
panel must be known. In the present calculations the assumption was
madethat at zero angle of attack the spanwise loading was elliptical,
and that it changed with increasing angle of attack until, at an angle
of attack of 30° , it had the sameshape as the wing plan form. Thus
for the triangular canard the vortex is located at _/4 of the exposed
span at 0° angle of attack and 1/2 of the exposed span at 30o angle of
attack. It is next assumedthat the vortex flows in the free-stream
direction from the canard trailing edge to the wing shock wave, where
it is deflected downwardby the wing downwashfield. The downwashfield
above the wing was determined by the methods of reference 16. The
strength of the vortex is determined from the theoretical lift on the
exposed canard panel, which includes interference from the body, and
the spanwise distance from the body to the vortex at the canard trailing
edge. The strength and position of the vortex in the vicinity of the
wing are used to determine its influence on the wing lift by meansof
strip theory. In this method the lift induced by the vortex at any
wing section is the product of the angle of attack induced by a two-
dimensional vortex and the section lift-curve slope (assumedto be equal
to the two-dimensional value 4/_). The results of figure ii show that
the trends of the canard-wing lift interference with increasing Mach
number are predictable. The agreement is not entirely satisfactory,
however, and studies are continuing to determine the cause of the
dis crepancie s.

The pitching-moment interference between the canard and wing shown
in figure 12 can be serious in that the stability of the configuration
may be changed. Two sets of experimental data are shownin figure 12.
The symbols represent data measured for the complete configuration and
the dashed curves represent the condition of no wing-canard interference
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as determined from tests of the separate componentsof the configura-
tions. The centers of gravity were selected to provide the samestatic
margin for all configurations at subsonic speeds, and the Machnumber
at which the largest interference effects occurred was used for each
conflguxation. The theoretical results were obtained by the methods
discussed for the wing-canard lift interference. The experimental and
theoretical results showthat for wings in which the stabilizing moment
of the tip upload resulting from the upwashfield of the canard is
small, either because of a small tip chord in the case of triangular
wings or because the tip is in line with the root chord as for the
unswept wing, the interference effects are small. In the cases shown
the interference effects are slightly favorable and are unaffected by
angle of attack. However, for wings having a sizable tip chord swept
considerably behind the center of gravity, the interference effects
can be large, particularly at high control deflection and small angle
of attack, and as shownin figure 12 can affect adversely the stability
of the configuration. As shown, the stabilizing contribution of the
upload at the tip of the sweptback wing can becomesignificant at small
angles of attack and a control deflection of 20°. However, with
increasing angle of attack the tip movesbelow the canard-vortex field
faster than the root section of the wing. This condition reduces the
influence of the tip with respect to that of the root section and thus
significantly reduces the stability of the configuration. At higher
angles of attack, where the tip effect is small, the interference
becomesfavorable; that is, for the conditions shownthe interference
effect has increased the trim angle of attack. However, for small
control deflections trim would occur in those regions of reduced sta-
bility which might be sufficiently pronounced, for highly swept wings
with a sizable tip chord, to determine the center of gravity of the
configuration.

Because the directional stability of high-speed aircraft may
becomemarginal at high angles of attack at moderate supersonic Mach
numbers, it is necessary to examine the interference effect of the
canard on this characteristic. In order to showthe relative importance
of the canard interference on directional stability, in figure 13 the
directional stability of the complete configuration BWVCis sub-
divided into the stability contributions of the vertical tail, V, the
body-wing, BW,the body-wing interference on the vertical tail, VBW,
the canard interference on the vertical tail and body at zero deflec-
tion_ VC, and the canard interference on the body and vertical tall
due to canard deflection, B8 and V5. The results show that the
largest interference effect was that of the body-wing on the vertical
tail, VBW. This effect is due to an increase in the high-velocity
field and a reduction in dynamic pressure in the vicinity of the vertical
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tail resulting from the wing and body effects which reduced the lift-
curve slope of the vertical tail (ref. 17). Calculations have shown
that approximately 80 percent of VBW could be attributed to these
causes.

The interference of the canard on the body, BC, was stabilizing
at high angles of attack. This effect can be traced to the aforemen-
tioned reduction in body forces near the canard due to canard inter-
ference at high angles of attack.

The interference of the canard on the vertical tail_ VC, was desta-
bilizing throughout the angle-of-attack range for the single vertical-
tail arrangement shownin figure 13. This destabilizing effect of the
canard on the vertical tail results from the interference between the
canard-vortex field and the vertical tail. For a configuration in
sideslip the interference is such that the flow below the core of the
windward-side vortex is in a destabilizing direction, whereas that for
the lee side is in a stabilizing direction. Therefore, with increasing
sideslip angle the vertical tail moves toward the destabilizing flow
field and away from the stabilizing flow field. With increasing angle
of attack the vertical tail movesdownwith respect to these vortex
cores and the vortex strength increases. Thus more of the vertical tail
is affected by a stronger flow field beneath the core and the adverse
interference effect increases. It can be seen that if the vortex cores
are lowered with respect to the vertical tail the destabilizing influ-
ence of the canard on the vertical tail will be reduced. At high angles
of attack V5 is stabilizing since in this case the vortex core is
moveddownwardas a result of control deflection.

The interference of the canard on the vertical tail, VC, depends
to a large extent on the vertical-tail arrangement, as shownin fig-
ure 14. The results show that, as in figure 13, the effect of the
canard is destabilizing for a single-tail arrangement. However_for
the twin-tail arrangement the interference of the canard on the verti-
cal tail is stabilizing. In contrast to the single vertical tail, the
twin vertical tail movedaway from the destabilizing flow field beneath
the windward vortex and toward the stabilizing flow field of the lee-
ward vortex. Tests of another configuration having twin tails closer
together than those of the configuration in figure 14 have indicated
that the tail space should be at least equal to the canard span to
obtain favorable interference between the canard and vertical tails.

The effects of Machnumberon the directional stability of a canard
configuration are presented in figure 15 in a manner similar to that
of figure 13. The results show that the destabilizing influence of the
canard on the vertical tail becameessentially zero above a Machnumber
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of 2.2, whereas the stabilizing contribution due to canard interference
on the body extended up to a Machnumberof 3.5, the limit of the tests.
In fact, it apparently was the favorable body-canard interference that
maintained positive directional stability at Machnumbersabove 2.5.

For all configurations investigated, canard interference made C_
(rolling momentdue to sideslip) more negative; that is, it increased
the dihedral effect. Since this interference results from a leeward
shift of the center of the canard interference lift on the wing with
increasing sideslip, the effects of Machnumberand angle of attack on
the interference CZO are similar to those on interference lift; that

is, C_ reduces with increasing supersonic Machnumberand increases
with angle of attack.

CONCLUDINGREMARKS

The data have indicated factors which cause the trim-drag char-

acteristics of canard configurations to be superior to those of trailing-

edge-flap and tail arrangements. The effect of plan form and control

lift at low angles is predictable by theory and is opposite to the plan-

form effect on the maximum available pitching moment. Interference

effects between the canard and other configuration components were not

serious, except possibly those which affect the directional stability,

and these latter effects can be reduced by rearrangement of the verti-

cal tail.
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ESTIMATION OF DIRECTIONAL-STABILITY CONTRIBUTIONS

OF AIRPLANE COMPONENTS

By George E. Kaattari

Ames Aeronautical Laboratory

SUMMARY

Available theories accounting for interference effects between com-

ponents on airplane stability have been demonstrated to have experimental

verification over moderate angle-of-attack ranges. This verification

establishes design principles useful in increasing directional stability

of supersonic airplanes.

INTRODUCTION

The flight of airplanes at supersonic speeds has introduced a num-

ber of problems in pitch and yaw stability. The underlying causes of

instability are pointed out in reference 1. It is the purpose of the

present paper to examine in detail one phase of the stability problem;

namely, the decay of the directional coefficient Cn_ with increasing

angle of attack and Mach number. Theoretical methods are presented for

calculating the stability contribution of lifting and stabilizing sur-

faces. These methods reveal means by which Cn_ for supersonic aircraft

may be improved. In this regard, particular attention will be given to

the stabilizing effects of body shape, of wing plan form and location,

and of stabilizer plan form and location. Extensive data from wind tun-

nels at the Ames and Langley Aeronautical Laboratories were compared with

theory (e.g., ref. 2).

DISCUSSION

Small-Angle Considerations

Determining the directional coefficients of a complete airplane at

low angles of inclination is a linear problem. Consider the fighter-type
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configuration shownin figure I. In most cases the direct contribution
of horizontal surfaces to stability is negligible. As far as Cn_ is
concerned, add together Cn_ of the body alone, the change in Cn_ of
the body resulting from the addition of the wing, and the Cn_ contri-
bution of the tail in the presence of the body-wing combination. These
incremental values of Cn_ associated with the addition of each com-
ponent are determined by suitable interference constants K times the
Cn_ capability of the isolated componentin question. The significance
of K, as for example pertaining to the tail, is then that it is the
ratio of Cn_ of the tail in the presence of the body-wing combination to

Cn_ of the tail if mounted on a perfect reflection plane. The con-
stant K is a function of the ratio of componentspan to body radius
and can be determined by slender-body theory. Values of K have been
evaluated for determining interference effects for a wide variety of
componentarrangements. These values were determined with the aid of
slender-body solutions of reference 3.

The question arises as to the validity of slender-body theory in
application to nonslender configurations at supersonic speeds. This
question is resolved by experimental verification. In figure 2 are
presented increments of Cn_ contributed by componentsof a large num-
ber of configurations at both subsonic and supersonic Machnumbers.
Experimental increments of Cn_ are plotted against corresponding theo-
retical values. Test points denote the contribution to Cn_ of the
surfaces designated by the dashed llne in each of the sketches. Good
correlation exists both at subsonic and at supersonic Machnumbers.
Body protuberances, such as duct intakes and canopies, wing nacelles,
and jet exhausts, can contribute additional interference effects. A
discussion of these effects, however, is not pursued in this brief
dissertation.

Large-Angle Considerations

The foregoing discussion dealt with linear or small-angle theory.
In the remainder of the paper the effects of large angles of inclination
and Machnumber on Cn_ are considered. Body-alone characteristics
are an important source of airplane instability at large angles of incli-
nation. Twobodies of equal volume and length are shownin figure 3.
Both have identical circular noses. The top body has a circular cross
section along its entire length. The lower body has an afterbody of

deep, nearly rectangular cross section. The experimental Cn_ of the
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bodies is plotted as a function of angle of attack. Both have about
the same Cn_ at low angles of attack. Whenangle of attack is
increased, the loading on both bodies shifts rearward because of the
development of viscous cross-flow forces on the afterbody. These forces
are larger on the rectangular cross-sectional body (hereinafter referred
to as rectangular body) than on the circular cross-sectional body (here-
inafter referred to as circular body). The rectangular body then has
the greater weathercock stability with increasing angle of attack. Iden-
tical tails are added to each body. The resulting Cn_ variations with
angle of attack are compared. The stability of the circular-body--tail
combination is greater than that of the rectangular-body_tall combina-
tion over the greater portion of the angle-of-attack range. This unex-
pected result can be traced to the greater adverse sidewash due to body
vorticity that is associated with the strong viscous cross-flow field
about the rectangular body. Smaller vorticity effects characterize flow
about the circular body. Thus, smaller losses in tail effectiveness
re sult.

It is evident that the simple superposition of body and component
characteristics permissive in linear theory is not valid at large angles
of inclination. Additional methods for estimating the nonlinear effects
attending large angles are required. Developmentof such methods is
undertaken by first determining the effect of angle of attack and Mach
numberon side-force interference between body and wing. There are two
effects of the wing on body side force. The first effect is shown in
figure 4. Viscous cross-flow forces about a body and a body-wing com-
bination are comparedat combined sideslip and angle of attack. The
body alone senses the side-force component YB of the large total
force R associated with combined _ and _. The body in the presence of
the wing senses only the viscous effects due to pure sideslip since the
wing has intercepted the _ componentof total inclination. The amount
of viscous side force developed is thus reduced. The reduction maybe
estimated by the method of reference 4. This interference effect of
the wing on the body depends on the extent of wing root chord along which

suppression takes place. Wings with long root chords or with strakes
are effective in linearizing body-wing directional characteristics.
The second effect of the wing on the body is shownin figure _. A rear
view of a wing mounted on a body in a high tangent location is repre-
sented. Becauseof the effect of yaw-induced side flow around the body,
opposite wing panels encounter differential angles of attack, that is,
+£_ due to upwashon the windward side and -Lk_ due to downwashon
the leeward side. A differential pressure field then exists between
the wing panels and reacts on the interposed body. This mechanism
accounts for the body reaction which is taken into account in pure side-
slip by the linear-theory interference constant KB(W). If the wings
are lifting at high angles of attack_ the wing-body interference zone
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indicated by the shaded area is in an environment of increased pressures
and reduced Machnumber in respect to free-stream conditions. The com-
bined effect of local pressure and Machnumber increases the body reac-
tion nonlinearly with angle of attack and flight Machnumber. These
effects may be calculated with shock-expansion theory. The total effect
of the wing on the body is then the sumof viscous effects and pressure
effects. Estimates of this total effect can be computedand compared
with experiment. A typical correlation of theory and experiment is
shownin figure 6 for three body-wing combinations. Side-force incre-
ments due to adding a wing to a body are plotted as a function of angle
of attack. Wings in high, low, and mldbody position are considered.
In each case, experiment and theory are in accord over the angle range
shown. It is pointed out that this interference force on the body
arises from any horizontal surface such as canards and conventional
pitch stabilizers. These interference forces maybe exploited for
increased directional stability. Midbody surfaces give negative inter-
ference forces. Such surfaces should be attached to the body forward
of the airplane center of gravity for positive directional stability.
Canards and wings of highly sweptback plan form meet this requirement
of position in respect to airplane center of gravity. High-body sur-
faces give positive interference forces. Such surfaces should be
attached to the body rearward of the airplane center of gravity. Con-
ventional pitch stabilizers and unswept or sweptforward wings meet this
requirement of position in respect to airplane center of gravity.

The next consideration is to determine the Cn6 increment due to
the addition of a tail to a body-wing combination. For this purpose
divide the airplanes into two classes: (1) airplanes which have large
bodies and small wings and (2) airplanes which have large wings and
small bodies. The stability characteristics of the first class are
dominated by body-tail interference and those of the second class by
wlng-tail interference. The upper sketch in figure 7 depicts the mech-
anism of body-tail interference. At high angles of attack, separated
flow about the body forms into two vortices that pass near the empen-
nage shown in the cross section. Their influence on the tail can be cal-
culated (ref. 1). It is a destabilizing effect which increases approx-
imately as the square of the angle of attack. The lower sketch showsthe
tail in combination with a body-wlng combination. The wing has the
several indicated effects. Because of the viscous cross-flow suppressing
effect of the wing, body vorticity is prevented from developing in
strength along the wing root chord. An indirectly favorable effect of
the wing results in this respect_ however, the vorticity remains a
destabilizing influence. In the zone above the wing and between the wing
shock lines originating at the leading and trailing edges, the dynamic
pressure is reduced and the Machnumber is increased in respect to

free-stream conditions. The effectiveness of Cn_ of a stabilizer in
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thls zone is reduced; however, highly sweptback tall plan forms can, to

some extent, avoid this unfavorable region. The opposite effect takes

place below the wing in regions where a ventral fin may be located.

The effectiveness of a ventral fln, then, increases with angle of attack.

Wing vortices are usually a m/nor consideration in closely coupled wing-

tall cases such as considered here. A typical correlation of experiment

and theory for zNDn contributed by a tail to a body and to a body-wlng

combination is presented in figure 8. The ZhCn of a tall in presence

of a body at _ = 5° is plotted as a function of angle of attack on

the left-hand side of the figure. Experimental values are denoted by

the small circles. The dashed curve gives theoretical values resulting

when the effect of body vortices is taken into account. The agreement

between theory and experiment is satisfactory over the angle-of-attack

range considered. The ZNDn of a tail in the presence of a body-wing is

plotted as a function of angle of attack on the right side of the

figure. Two locations of wing on body are considered with a conven-

tionally positioned stabilizer. The top curve of these two cases per-

tains to the low wlng and the lower curve, to the high wing. Theory

and experiment are again generally in good accord. A significant point

demonstrated here is that while the stability of the high-wing model

is less than that of the low-wing model, its stability is less sensitive

to angle of attack. At higher Mach numbers than considered here, it is

possible for a high-wing airplane to have the greater stability in a high

angle-of-attack range. The other curve pertains to a ventral-tail con-

tribution in presence of a high-wing--body combination. Experiment and

theory are in fair accord. The effect of the wing compressive field on

the ventral-tail contribution is evident by the increasing value of

Z_Cn with angle of attack. The degree of correlation between experiment

and theory, as shown in figure 8, extends over a wide range of compo-

nent plan form and supersonic Mach number.

CONCLUSIONS

On the basis of experimental and theoretical studies of the con-

tribution of components to airplane directional stability, it Is con-

cluded that the following items are of particular importance in

increasing the dlrectlonal stability of airplanes at supersonic Mach

number :

I. The destabilizing effect of body vortlcity may be reduced

through use of wings with long root chords and by selection of suitable

afterbody cross sections.
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2. Lifting and pitch-control surfaces can be madeto contribute
directional stability through plan-form effects and location on the
body.

3. Ventral fins are highly effective at large angles of attack.
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VISCOUSFLOWSIN INLETS

By Richard Scherrer, John H. Lundell,
and Lewis A. Anderson

AmesAeronautical Laboratory

INTRODUCTION

It is well knownthat total-pressure ratios approaching 0.9 at
Machnumbers of about 4 are desirable but have not been attained because
of a group of problems termed "viscous effects." The purpose of this
paper is to demonstrate how viscous effects can be minimized. Results
of the basic research are first presented; these results are then
applied to the design of an idealized inlet and the performance of this
inlet is described.

The primary effect of viscosity at increasing free-stream Mach
numbers is to increase the total pressure losses due to friction. This
effect, coupled with the increasing positive pressure gradients in
inlets, results in difficulty in preventing separation. It may not be
possible to do muchabout this primary viscous effect other than to
remove the low energy flow; however, there are a group of secondary
viscous effects that can be eliminated at their sources. Someof these
occur in the inlet shownin figure i. This inlet is rectangular and
has partial internal contraction. The effects of corners and of the
oblique pressure fields on the side walls are typical secondary viscous
effects. These effects result in local regions of thickened boundary
layer, and the first separations, in strong positive pressure gradients,
would occur in these regions. Whenthe positive pressure gradient is
continued downstream, the regions of separation grow into wakelike flows
having strong large-scale low-frequency mixing. The transonic region
in inlets is particularly sensitive to the development of wakelike flows
because of the effect of fluctuations in effective throat area on the
throat Machnumber and thus on the total pressure losses at the terminal
shock and in the subsonic diffuser. It appears that care must be exer-
cised in inlet design to maintain uniform steady boundary-layer and
core flows in the throat. The initial reaction to such an idealized
requirement is that it is unnecessarily restrictive, but that this is
not the case will be demonstrated.
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SYMBOLS

M

Pt

Pt_

r

R

S/A t

Mach number

total pressure

ambient total pressure

peak-to-peak fluctuation in total pressure

distance from surface

local duct radius

ratio of wetted area of supersonic diffuser to throat
cross-sectional area

BASIC RESEARCH RESULTS

The basic research has been directed toward providing sufficient

understanding of unsteady transonic diffusing flows to allow the design

of a Mach number 4.0 inlet with a weak terminal shock and steady tran-

sonic flow. The most important result of this research is demonstrated

with motion pictures. These pictures have been taken by use of an

instrumentation system which provides a continuous display and record

of transient-total-pressure profiles in boundary layers. The test

apparatus is shown in figure 2. A four-tube total-pressure rake with

transient-pressure transducers and a similar wall-static-pressure trans-

ducer are located at the exit of an 8 ° conic diffuser in which super-

sonic flow exists to a Mach number of about 1.1 Just downstream of the

throat. The outputs of the transducers are displayed on an oscillo-

scope, as shown in figure 5, with total-pressure ratio as the abscissa

and radial position in the duct as the ordinate. Fluctuations in local

total pressure appear as horizontal motions of the spot at each tube

position. The local static pressure is plotted at the wall to provide

an indication of separation.

The first flow that is shown is called unsteady; that is, large-

scale, low-frequency total pressure losses occur with separation at the

wall and simultaneous large losses in pressure at the tube farthest

from the wall. Selected frames from the first motion picture are repro-

duced in figures 4(a) and 4(b). The time between frames is 0.125 second.
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The second flow is relatively steady in that the largest and lowest fre-
quency disturbances have been eliminated. The total pressure farthest
from the wall is almost constant and the flow at the wall is not quite
separated. Selected frames from the secondmotion picture are repro-
duced in figure 5. The time between frames is 0.125 second. The differ-
ence between the two flows is due to an improvement in initial flow uni-
formity of less than i percent in total pressure. This is so small
that the critical disturbances maynot be total-pressure fluctuations,
but rather small fluctuations in local stream angles or vorticity. In
either case, the conclusion is that the initial flow should be uniform
and steady in order to attain steady exit flows in diffusers.

The sensitivity of diffusing flows to small initial disturbances
was unexpected and it was believed that somerational explanation was
essential if the result was to be employedwith confidence. The gen-
eral question is: Howdoes large-scale turbulence grow from someini-
tial shear? This is one of the most basic fluid-mechanics problems
and one possible explanation of the phenomenonis shownin figure 6.

It is assumedthat someinitial shear exists in a field of random
three-dimensional disturbances. Whenangular momentumis conserved,
somesPectrum of random streamwise vortices is produced, each of which
is a conventional secondary-flow vortex. (See ref. i.) Any vortex has
a low-energy core which grows in diameter with distance downstream, and
because of this growth a positive static-pressure gradient must exist
along the axis. Now, assumethe existence of a single disturbance suf-
ficiently strong to slow the core appreciably. The core must expand
rapidly in response to this pulse and maybe forced to continue to
expandbecause of the abrupt increases in positive pressure gradient
demandedby the growing diameter and because of the deflection of the
ambient flow about the rapidly growing core. Thus, someof the vortices
in the shear layer can be unstable and explode, as indicated. This con-
cept is consistent with the requirement of self-preservation of turbu-
lent flows because each explosion results in the two features required
for more explosions, namely, new vortices and a pressure wave. In such
a flow it would be expected that each generation of vortices and explo-
sions would becomelarger in size.

Whenthis hypothesis is applied to the flow in a choked diffuser,
it is apparent that the effect of the additional positive pressure gra-
dient, the confining effect of the duct walls on the pressure pulses,
and the effect of the terminal shock are to accentuate the growth of
initial shear into large-scale turbulence. The effect observed in the
motion pictures appears to be consistent with this simple physical rea-
soning and the physical reasoning is consistent with manydiverse fea-
tures of turbulence. (See ref. 2.) Thus, both the unsteadiness obser-
vations and the hypothesis can be used with someconfidence.
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SUPERSONIC-INLETDESIGNANDTESTRESULTS

The need for maintaining uniform and steady throat flows has been
emphasized. This result will now be applied to the design of an inlet
for a Machnumber of about 4. The inlet shownin figure 7 is one of
several possible designs that can satisfy the need for uniform throat
flow. All the features of this inlet - axial symmetry, internal con-
traction, isentropic compression, scoop location, terminal-shock com-
pensation, and the 4° diffuser - were selected to allow attainment of
steady, uniform throat flow.

Two features of this axisymmetric isentropic inlet are unusual;
namely, the location of the boundary-layer scoop Just ahead of the
inflection point and the abrupt growth in cross-sectional area in the
terminal-shock region. The scoop location provides a thin boundary
layer in the region of maximumpressure gradient, which should prevent
separation and thus provide steady flow in the throat. Terminal-shock
compensation has been used for several reasons and the most interesting
reason can be demonstrated by use of the shear-to-turbulence hypothesis
presented earlier. It is well knownthat turbulent boundary layers
have two basic components: eddies, or small finite-lengthstreamwise
vortices, and "balls" of turbulence. If it is assumedthat the terminal
shock will increase the local production of turbulent balls from the
eddies, the local flow cross section must be expandedto allow for the
local total pressure loss in the turbulence. Thus, the use of terminal-
shock compensation allows for departure from the assumeduniform throat
flow. It should be noted that the mixing due to production of new

eddies at the terminal shock is probably of some significance in separa-

tion or reattachment just downstream of the shock.

It is somewhat incidental to the main subject of this paper, but

the question of flow-starting with internal-contraction inlets always

occurs. In the inlet shown in figure 7, the top half of the supersonic

flow region was arranged to move upward and forward on links to allow

the excess air to be bypassed around the throat during starting.

Tests have been conducted with components of the idealized inlet

at Mach numbers from 3.6 to 3.94, and tests of the complete inlet were

conducted at Mach numbers of 3.70 to 3.83 for several configurations.

The test Reynolds numbers were from 1.3 X 106 to 2.6 x 106 , based on

inlet diameter. The component tests were conducted to allow boundary-

layer surveys at the inflection point and at the minimum-area station.

Further flow profiles were measured just downstream of the terminal

shock and at the duct exit with the complete configurations. Typical

profiles obtained at these stations are presented in figures 8 and 9 in
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terms of the meantotal-pressure ratio and the peak-to-peak total-
pressure-fluctuation ratio. It should be noted that there is no exit-
fluctuation profile because the meanprofile was obtained with a liquid
manometer.

At the inflection point (fig. 8), the meantotal-pressure profile
shows the concavity that is due to the friction total pressure loss.
The fluctuation profile (fig. 9) indicates large fluctuations to occur
well off of the surface, and this result is an indication of separation
ahead of the inflection point. Unfortunately, in this investigation it
was not possible to move the scoop forward; therefore, the next best
thing was to remove all the separated flow. As a result, the shock
waves due to the separation remain in the core flow and prevent attain-
ment of isentropic compression. At the minimum-area station, the mean
input to the terminal shock is not unusual and the fluctuation profile
has a low-amplitude peak near the surface. The output from the terminal
shock in terms of the meanprofile appears favorable; however, the
fluctuation profile, as well as the examination of the oscillograph
records, suggests occasional separation. The last meanprofile is at
the duct exit and the distortions, both radial and circumferential, are
small - less than 3 percent. This, in view of the occasional separation
at the diffuser entry, indicates that the choice of a 4° divergence in
the subsonic diffuser was judicious.

The overall performance of the idealized inlet is shown in figure i0
as the variation of total-pressure ratio with Machnumber. Test data
for the present inlet are for a Reynolds number of 2 x l06 because no
improvement in recovery occurred with further increase in Reynolds num-
ber. The best available results from several other inlet investigations
at Machnumbers above 3 are shownfor comparison. (Someof these data
are presented in refs. 3, 4, and 5.) Values of the ratio of supersonic
wetted area S to throat cross-sectional area At are listed in fig-
ure lO to indicate roughly the relative size per unit mass flow of the
various inlets. The inlet of the present investigation is r@latively
short, but it can be seen that it has the highest pressure recovery.
A pressure recovery of 85 percent was obtained at a Machnumberof 3.70
and of 82 percent was obtained at a Machnumber of 3.83. Since the
boundary-layer-bleed flow rates are roughly from 20 to 25 percent of
the total flow in all the inlets presented, the comparison in figure l0
is sufficient to indicate relative merit. Although the level of pres-
sure recovery that has been achieved is unusual, it is evident that
the goal of 90-percent pressure recovery has not been achieved. How-
ever, by using the total-pressure profiles, the componentlosses in the
duct can be evaluated to find out why the goal was not achieved.

A summaryof the componentlosses in the idealized inlet is as
follows:
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Subsonic diffuser, percent Pt_ .................. 2

Terminal shock, percent Pt_ ................... 1

Scoop-to-throat friction, percent Pt_ .............. 6

Supersonic core flow, percent Pt_ .............. 9
18

Total loss, percent Pt_ .....................

The data shown are temporal mean values and were obtained at M = 3.83

from total-pressure profiles with the assumption that the flow is actu-

ally axisymmetric. It should be noted that the possible error in each

of the component losses is about ±O.OlPt_ and the possible error in

the total loss is ±O.O0_Pt • The total pressure loss in the subsonic

diffuser is small, which was also indicated qualitatively by the fact
that the exit distortions were small. The Mach number ahead of the

terminal shock is about 1.1 and the total pressure loss at the terminal

shock is less than 1 percent. The fact that a Mach number as low as 1.1

was measured is evidence that the flow must have been steady and rela-

tively uniform in the throat. The friction loss from the boundary-layer

scoop to the throat is about 6 percent and the remainder of the total

pressure loss is in the supersonic core flow and is roughly 9 percent.

In theory, there should be no supersonic core-flow loss, but the separa-

tion ahead of the boundary-layer scoop has prevented attainment of the

theoretical flow. It would be expected that elimination of the separa-

tion, by moving the scoop forward or decreasing the local pressure gra-

dient, would reduce the core-flow loss substantially. This should
result in a pressure recovery near 90 percent at a Mach number of 3.83,

and thus the initial goal is not unrealistic.

CONCLUDING REMARKS

It has been shown that the favorable end result of the present

investigation has been obtained because of a basic research program

directed toward understanding unsteady flows. A new experimental tech-

nique, the continuous display of transient-total-pressure profiles, has

been used to demonstrate one origin of unsteady internal flows, and a

qualitative understanding of such flows has been achieved. This has

resulted in a useful hypothesis regarding one possible origin of turbu-

lence and has indicated that uniform and steady throat flows are required

for efficient inlets. Rigid application of this design requirement has

produced an efficient inlet and thus it has been shown that, for the

Mach numbers of this investigation, adverse viscous effects can be

minimized.
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Figure 3
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SOMECONSIDERATIONSINFI/JENCINGINLET SELECTION

By Leonard J. Obery

Lewis Flight Propulsion Laboratory

INTRODUCTION

The designer of high Machnumberairplanes finds, as he has in the
past, that the overall performance of the aircraft is critically depend-
ent on the powerplant performance and that in the high Machnumberrange,
a large amount of the potential performance of the engine can be lost
through the air-inlet system. It is the purpose of this paper to explore
the state of the art in air-inlet development and to examine someof the
characteristics or peculiarities of the various types of inlets that
would be considered in the selection of an inlet by a powerplant
designer. Furthermore, this paper will deal only with the on-design
performance of the inlets, and none of the characteristics at off-design
conditions, either angle of attack or Machnumber, will be included in
the comparisons madein this paper.

Neglecting, for the moment, the geometry or the particular type of
installation on the aircraft, the two factors which primarily affect the
engine performance are the inlet pressure recovery and the drag produced
by the inlet. Other factors, of course, enter into the inlet selection:
whether it should be two-dimensional or three-dimensional in geometry;
the length, complexity, and starting requirements if it has high inter-
nal contraction; and the control problems, amongothers. The two pri-
mary factors, the inlet recovery and the associated drag, will be
examined first.

Many of the data to be presented herein are as yet unpublished. A
short bibliography of available published data is included.

TOTALPRESSURERECOVERY

External-Compression Inlets

Figure l(a) shows total pressure recoveries that have been meas-
ured recently from all-external supersonic-compression inlets at
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free-streamMach numbersup to 9.0, and in figure l(b) are sketches of
the inlets used in the various investigations. As the sketches show,
all the supersonic compression is accomplished ahead of the cowl llps,
and for best performance the terminal shock would stand at the cowl lip
as shown. The isentropic spike inlet has a compression surface which
compressesthe supersonic flow as muchas possible. The limiting com-
pression at any design Machnumberoccurs whenthe focused waves at the
point of coalescence develop a pressure rise equivalent to the normal-
shock value as explained in reference 1. This maximumturning limits
the pressure recovery that can be attained with this inlet type, and
the isentropic inlets presented in this paper have all been designed
for that limit. Most of the inlets presented also have a flush slot
bleed at the throat for compression-surface boundary-layer control.
The total pressure recoveries of these inlets (fig. l(a)) are believed
to be about the highest that have been measuredto date with this inlet
type and lie at a kinetic-efficiency level of about 97 percent at the
lower Machnumbers and of about 99 percent at a Machnumberof 9.00.
This dropoff in recovery directly reflects the limiting compression that
can be designed into the all-external-compression inlets, and as shown
by a comparison with the theoretical limiting curve, not a great deal
of improvement in the recovery levels of all-external-compression inlets
can be expected.

Internal-Compression Inlets

The obvious way to hurdle the external-compression limit is_ of
course, to incorporate internal compression into the inlet designs.
This course was pursued several years ago at the AmesLabOratory with
the axisymmetric center-body type of inlets shownin the top sketch of
figure 2(a). These inlets had low-angle center bodies which translated
forward along their axis to vary the throat area and to provide the
reduced contraction to allow the supersonic flow to "start" in the
inlet. The low-angle compression in this case was required to keep the
compression-surface boundary layer from excessive thickening or sepa:
rating, and it results in a characteristic long supersonic diffuser
passage. The inlet shownin the middle sketch represents a design
tested recently at the Lewis Laboratory. The supersonic compression is
formed by the inside of a frustum of a cone, and the boundary layer
generated along the walls of the supersonic diffuser is bled away from
the inlet ahead of the entrance to the subsonic diffuser. Starting of
this device was accomplished by opening most of the top half of the
supersonic diffuser until the internal compression was sufficiently
reduced to establish the supersonic flow. The third inlet shownin fig-
ure 2(a) is two-dimensional, each jaw pivoting to reduce the capture
area and increase the throat area until supersonic flow can be attained.
Again the boundary layer is diverted away from the subsonic diffuser by
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a bleed system at the throat. In contrast to the all-external-
compression inlets, no theoretical limits exist to the amount of super-
sonic compression that maybe built into these inlets. Practical con-
siderations, possibly attendant with fluctuations in the internal bound-
ary layer, however, usually limit the minimumsupersonic Machnumber
just ahead of the inlet throat to about 1.2 at free-stream Machnumbers
below 3.0 and, in the case of the investigation at a_ach numberof 5.0,
to about 1.7 at the end of supersonic compression.

The recovery obtained with the internal-compression inlets
(fig. 2(b)) is the highest measuredto date over the whole Machnumber
range. The data shownrepresent essentially the peak pressure recov-
eries of various inlets near their design Machnumber. No single inlet
is shownover the entire Machntunber range.

Near the design Machnumbers, kinetic-energy efficiencies of
97 percent have been obtained by internal-compression inlets at Mach
numbersup to 5. As shownby the reference points_ the recoveries of
the all-external- and all-internal-compression inlets are comparable
at Machnumbersbelow about 3.0, but above 5.0 the restrictions of
limited compression begin to drop the pressure recovery of the all-
external inlet well below that obtained with all-internal compression.
The high values of recovery shownfor the all-internal-compression
inlets were obtained, however, with large amounts of boundary-layer
bleed. In most cases, bleed of the order of 20 to 30 percent of the
air entering the inlet was required to maintain the high recoveries.
Whenthis bleed was reduced, the recovery level was also reduced as
shownby the data for a Machnumberof _.0. Reducing the bleed by
enlarging the subsonic-diffuser entrance caused the recovery to drop
to 60 percent with 18 percent bleed and to 41 percent with 6 percent
bleed. Here with comparable bleed, about the samerecoveries were
measuredwith all-internal- or all-external-compresslon inlets.

These all-internal-compression inlets apparently will require a
large amount of bleed and as shownin the sketches of figure 2(a) have
long supersonic passages which require large geometry variations for
starting. In an effort to cut downon the amount of boundary-layer
removal required and to shorten the internal supersonic passage, a
third type of inlet has been designed and investigated recently. As
shownin figure 3(a), this type of inlet co_ined external compression
with high-pressure-gradient internal compression.

External-Internal-Compression Inlets

The high pressure gradients of the external-lnternal compression
inlets result in a very short internal contraction passage; however,
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inasmuchas the pressure rise across the focal point of the internal
shocks is more than enough to separate a boundary layer, the boundary
layer developed by the external-compression surface had to be removed
ahead of the point of impingement of the high-strength internal shocks.
Without this bleed the inlets could not be brought to their design
conditions.

The pressure recoveries obtained with this inlet type are shown
in figure 3(b). Reference values of the all-external inlets presented
previously are shownfor comparison. To date, recoveries nearing a
kinetic-efficiency level of 97 percent have been measuredat Machnum-
bers of 3 and below. At a Machnumberof 5.0 a two-dimensional combined-
compression inlet again gave a pressure recovery comparable to the best
value measuredwith an all-external-compression inlet to date. This
inlet type has no apparent limitation on potential recovery and should
be capable of recoveries at least as high as the all-internal-compression
inlets. It is expected that recoveries comparable to the best measured
to date can be attained with more refined compression surfaces or with
a boundary-layer-control system in the region of the terminal shocks.
For, as with any other inlet, the interaction between the inlet terminal
shock and the boundary layer formed along the diffuser walls can cause
very large losses in pressure recovery, and the attainment of high pres-
sure recovery will probably depend largely on the degree to which the
internal boundary-layer separation can be controlled.

INLETDRAG

The other factor that has a primary influence on powerplant per-
formance is the drag produced by or directly chargeable to the inlet.
This drag maybe produced by projecting surfaces, such as the cowl lip
or the side fairings of an inlet, or may result from the spilling or
diverting of air by the inlet such as that which occurs, for example,
with boundary-layer bleed air. In any case, the drag directly reduces
the net propulsive thrust available to power the aircraft.

The general levels of the drag produced by the three types of
inlets are shownin figure 4. The drag is presented over the Machnum-
ber range as a percent of the engine propulsion thrust; that is, the
thrust that the engine could actually deliver at the pressure recovery
being produced by the respective inlets. In computing the thrust, the
assumptions have been madethat at Machnumbers less than 3.0 the after-
burner temperature will be 3,500° R and at Machnumbers above 3.0,
4,C00° R. It was further assumedthat the pressure ratio across the
engine, or the ramjet combustor, as the case might be, was equal to 1.
This appears to be a reasonable assumption for high Machnumber turbojet
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engines, or for ramjet engines it requires the assumption that the loss
across the combustor be neglected. The bleed drags for all the inlets
were computedby assuming axial discharge through a sonic nozzle with
100 percent velocity coefficient at either a measured recovery in the
bleed duct or at 70 percent of diffuser-exit total pressure recovery.
The 70-percent value would essentially correspond to the static pres-
sure behind the inlet terminal shock, and it requires the assumption
that the bleed system could recover all the static pressure at the
beginning of subsonic diffusion. If the bleed air could be used else-
where, the drag charged to the inlet could be reduced; however, since
the purpose of the present paper is a comparison of inlet types, exter-
nal mitigating factors are beyond its scope.

The external-compression inlets generally yielded the highest drag
values, primarily because of the cowl drag. Even with low cowl projected
areas, on the order of only 20 percent of the projected area, the drag
at a Machnumberof 3.0 accounted for about 13 percent of the thrust
that could be produced by the engine. The difference in the drag levels
of the external compression inlets at a Machnumberof 3.0 resulted
from subcritical spillage. The point shownat about 19 percent is the
drag of the highest total-pressure-recovery point presented in fig-
ure l(a) at a Machnumberof 5.0.

The drag of the internal-compression inlets resulted entirely from
the momentumchange in the boundary-layer air spilled from the inlets.
These drag values generally fell on a single line and indicate the thrust
penalty that can result from the high spillage rates.

The low values of drag shownfor the external-internal-compression
inlets resulted from the low cowl projected areas and the small amounts
of spillage necessary for their satisfactory operation. For the cases
shown, only about 2 percent spillage was required at a Machnumber
of 3.0 and less than 5 percent at a Machnumberof _.0.

INLETEVALUATION

The combined effects of drag and pressure recovery largely deter-
mine the overall performance of the engine package. In order to compare
the relative worths of the various inlets, they must be applied to some
particular type of operational requirement. For comparison, therefore,
these inlets will be used on two distinct, diametrically opposed types
of aircraft configurations. First, consider a missile that would be
required to accelerate rapidly up to its design speed and altitude and
makesharp maneuvers. For this configuration the primary interest is
in obtaining the maximumthrust minus inlet drag from the engine.
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Figure 5 shows the net propulsion thrust which the inlet-engine combi-
nation could deliver to the aircraft as a percent of the ideal (or
100-percent recovery - no drag) thrust. Here the net thrust produced
by the all-internal-compression inlets is shownto be highest over the
whole Machnumberrange. This, of course, results from the high recov-
ery of these inlets in spite of their relatively high drag. It is
interesting to note that over most of the Machnumberrange the drag
of the all-internal-compression inlets was 3 to 4 times the drag of the
combined-compression inlets, but because of their higher recovery their
net thrust was higher by i0 to 20 percent.

Of course, it might be expected that the internal-compression inlets
will be heavy and will weigh considerably more than the other types.
The question naturally arises of how muchthe engine weight can be
increased and take advantage of the higher recoveries. Calculations of
allowable weight increases were madefor a hypothetical nn[ssile with a
total weight of lO,O00 pounds. An engine weight of 29 percent of the
missile gross weight was assumedto makechanges in the engine weight
as significant as possible. The calculations showedthat, if a change
were madefrom the highest thrust external-compression inlet to the
high thrust internal-compresslon inlet at a Machnumberof 3.0, the
engine weight could be increased by 62 percent, or some1,900 pounds
could be added to the original 10,000-pound missile without a reduction
in acceleration potential. Any increase in weight less than that amount
would, of course, give a higher acceleration to the internal-compression
inlet. It appears then that a considerable amount of weight can be a
added to an acceleration-type aircraft to obtain better performance.
The conclusion appears inescapable: for the acceleration vehicle the
pressure recovery obtained by the inlet has a very great effect on the
overall performance, and it will not be possible to sacrifice pressure
recovery to any great extent in the interest of obtaining lower drag.

Consider now an inlet-engine installation on a second type of air-
craft for which range is of paramount importance and the highest impulse
will be needed from the powerplant. Figure 6 presents impulse ratios
computedfrom the previous inlet-engine characteristics. The impulse
ratio is defined as the impulse that the engine package would deliver
(that is, the pounds of net propulsive thrust per pound of fuel burned)
divided by the impulse that would be obtained from a powerplant which
operated at lO0-percent recovery and zero drag. Again the propulsion
figure of merit (here the impulse) must be balanced against an engine
weight increase. Consider a heavy bomber-type configuration. For this
case the engine weight is only about 6 percent of the total weight and
intuitively it probably could be expected that large increases in engine
weight could be madewith only minor effects on the airplane range.
Calculations indicated that such indeed is the case and that, at least
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to a first order, the aircraft ranges can be compareddirectly from
their impulse ratios.

Nowthe inlets which had the lowest drag gave the highest impulse
or would give the longest range and conversely the high-drag inlets
gave the poorest impulse and hence the shortest range. Here, in con-
trast to the previous curves of net thrust ratio (fig. 5), the pressure
recovery developed by the respective inlets had considerably less effect
on the impulse ratio and, hence, would have a smaller effect on the
aircraft range. Even at the highest Machnumber, where the recovery of
the internal-compression inlet was nearly 20 percent of the total pres-
sure higher than the combined-compression inlet, this higher recovery
did not offset the drag penalty.

From the two analyses presented, several conclusions can be reached.
First, it appears from the calculations that for either of the two types
of applications relatively large increases in inlet weight will be per-
missible for reasonable increases in performance; therefore, at least
to a first order, the overall performance will depend primarily on the
total pressure recovery and the drag. Of these two factors, the inlet
total pressure recovery will be the dominant factor for the acceleration
vehicle while the inlet drag will predominate for the long-range air-
craft. In either case, however, for the airplane or the missile, the
best inlet would be the one that produces high pressure recovery and
low drag simultaneously. The desirable high pressur_ recovery will come
from designing the supersonic-compression surfaces for maximumrecovery
but particularly from an ability to control the shock--boundary-layer
interaction inside the inlets. It seemsthat the external-compression
inlets will not be able to achieve low drag and that the maximumtotal
pressure recoveries, both expected theoretically and measuredexperi-
mentally, showthat the all-external-compression inlets will not be able
to give the high pressure recoveries needed at the higher Machnumbers
and that somedegree of internal contraction will be required.

ADDITIONALCONSIDERATIONS

With the use of internally contracted passages comeadditional
factors that must be considered by the inlet designer. Internal con-
traction greater than the Kantrowitz value will require variable geom-
etry to "start" the supersonic flow in the inlet, and, of course, vari-
able geometry of this type will add considerable complexity, structural
problems, and weight to the inlet designs.
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Figure 7 shows examples of the geometry variations required to
eliminate the internal contraction from the inlet passages to enable
starting at the lower Machnumbers. The lengths of the surfaces required
to movefor elimination of the internal contraction are shownfor two-
dimensional inlets in figure 7(a) as a function of inlet height for the
design Machnumber. The top sketch shows a current external-internal-

inlet with a starting door of only 62_ percent of the inletcompression
height. This inlet was designed for a Machnumberof 3.0, and opening
the door to the position indicated by the dashed llne allowed the inlet
to start. The door was then, of course, returned to its design position
for normal operation. The other two-dimensional inlet (shown in the
bottom sketch) varies the inlet capture area to eliminate internal
compression and start the inlet flow. In this case it is necessary to
rotate the whole length of the supersonic compression ramps. This
length for a Mach 5.0 design is equal to almost 3 inlet heights.

For the three-dlmensional inlets (fig. 7(b)) the most common method

of reducing the internal contraction is to translate the center body.

For the two cases shown in this figure, a combined-compresslon and an

all-internal-contraction inlet3 the respective translational require-

ments are 1/4 and 2½ inlet diameters. In both the three-dimensional

and the two-dimensional cases shown here (and from other inlets as

well), it appears that considerable savings in the amount of variation

required for the internal-contractlon inlets can be made by using par-

tial external compression and short internal supersonic passages having

relatively high pressure gradient shocks.

The control problem of positioning both the spike or ramp and the

internal terminal shock is similar for the two types of inlets. In

general, however, it probably would be easier to position the spike or

the ramp of the combined-compression inlets because of the distinct and

relatively high-strength shock waves set up by the cowl. The spike or

ramp of the all-internal-contraction inlets would probably have to be

scheduled as a function of Mach number and Reynolds number according

to the few preliminary control investigations that have been conducted

to date. While this type of control system is reasonable, it is undoubt-

edly more complex than the relatively simple shock-positioning system

possible for the combined-compression inlets.

CONCLUDING REMARKS

In conclusion, it appears that high pressure recovery can be

obtained from all three types of inlets considered and that the current
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level of peak recovery is about 97-percent kinetic-energy efficiency.
In order to attain high pressure recovery, particularly with low drag,
somedegree of internal contraction will be needed, especially at the
higher Machnumbers. While the supersonic-compression surfaces must
be designed to produce their maximumpotential, the most important and
probably the most difficult development work will be to control the
terminal-shock--internal-boundary-layer interaction.

With the low-angle all-internal-compression inlets comethe attend-
ant long supersonic passages and the large translational or rotational
distances, probably with complex control systems. It appears that the
combined-compression inlets will probably offer important advantages
from the small geometry variations possible with this type of inlet.
But whatever the advantages_ disadvantages, or characteristics peculiar
to each inlet type, the selection of the propulsion-system inlet will
be dictated by the aircraft requirements and, to be successful, it must
be compatible with the aircraft mission.
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THE OFF-DESIGN PERFORMANCE CHARACTERISTICS OF INLETS

By Leonard E. Stitt

Lewis Flight Propulsion Laboratory

INTRODUCTION

The factors influencing the selection of inlet systems from design-

point considerations were discussed in the preceding paper by Leonard

J. 0bery. The selection of an inlet for a particular engine, however,

requires peak performance not only at the design speed but at off-

design Mach numbers as well. It appears that, as the design Mach num-

ber of turbojet-powered aircraft increases, the off-design matching

problem of the inlet to the engine becomes intensified. It is conceiv-

able that an inlet, although it possesses high performance at the design

Mach number, could impose excessive performance penalties at some lower

speed by inadequate matching.

It is the purpose of this paper, then, to discuss the off-design

performance characteristics of various types of inlets and the thrust

penalties that occur when these inlets are matched to an engine. This

will be done in the following three steps: First, a series of basic

inlet types that appear to be attractive, strictly from design-point

considerations, will be selected. Second, off-design air-flow char-

acteristics of these inlets will be presented and compared with the air-

flow schedule of a particular engine. Finally, the thrust penalties

that occur when these inlets are matched to this engine will be indi-

cated at the design speed and an off-design Mach number.

INLET CONFIGURATIONS

Consider the four inlet configurations that are shown schematically

in figure i. Based on the results obtained by Obery, the selection is

being limited to either external-internal-compresslon or all-internal-

compression inlets. (The all-external-compression inlet is not consid-

ered herein for high Mach number turbojet application.) The first two

inlets shown in figure i have a combination of external and internal

compression with fixed capture areas, while the second two have all

internal compression and incorporate, to some extent, variations in

the capture area.
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The first configuration, which will be called the translating-
center-body inlet, is a three-dlmensional external-internal-compression
inlet that has been tested experimentally in the Lewis 10- by 10-foot
supersonic tunnel (ref. 1). The external compression resulted from a
low-angle cone, while the internal compression resulted from turning
the supersonic flow with the cowl surface. The resulting oblique shocks
were focused on the center body at a commonstation.

The second inlet, which will be called the variable-throat inlet,
has a combination of isentropic external plus internal compression_
however, the throat Machnumberat design was approximately the sameas
in the_translating-center-body inlet. This inlet is two-dimensional,
and large variations in throat area result at off-design speeds as the
ramps are lowered for optimum compression. An inlet of this type is
under development in the small supersonic wind tunnels at the Lewis
Laboratory at Machnumbersof 3.0 and 5.0.

A principal difference between the first two inlets is the amount
of supersonic spillage that occurs at off-design Machnumbers. The
translating-center-body inlet spills about 60 percent of the capture
massflow ahead of the inlet lip at transonic speeds, while the two-
dimensional inlet spills from I0 to 20 percent. It is evident that,
with the external-internal-compression technique, the projected cowl
area and initial cowl lip angle can be kept low, of the order of
i0 percent of maximumcross-sectional area and i0 °, respectively.

The other two inlets, best represented as two-dimensional, are all-
internal-compression inlets without center bodies and include somevari-
ation in capture area. The first inlet varies capture area only and
has no change in throat size. A maximumcontraction ratio between the
inlet and throat, coincident with peak recovery, is determined at each
free-streamMach numberby varying the capture area. An inlet of this
type has been tested experimentally in the small supersonic wind tunnels
at the Lewis Laboratory.

The last inlet varies both the capture and throat areas simultane-
ously by locating the pivot point between these two stations. Again,
a maximumcontraction ratio is set at each Machnumberby the variable-
geometry feature. An inlet of this type is currently under investiga-
tion (ref. 21.

AIR-FLOWSCHEDULES

Inlet-engine matching is primarily a function of the particular
engine air-flow schedule that is assumed. This example is limited to
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the Mach3.0 family of aircraft, either bomber or interceptor. The
turbojet engine receiving the most consideration for this flight regime
at this time has the air-flow characteristics shownin figure 2. The
corrected air flow of this engine, which is referenced to a Machnumber
of 1.0, decreases about 50 percent over the Machnumber range from 1.0
to 3.0.

The theoretical corrected air-flow schedule of each of the four
inlets is also shownin figure 2. The figure includes the available
experimental datum points, which verify the predicted air-flow trends
for these inlets. Estimates of massflow ratio and overall recovery
were necessary to obtain the theoretical curves. The mass flow ratio
was estimated by using the equation of continuity between the free
stream and the initial diffuser flow area at the inlet lip station.
Very close agreementbetween theoretical and measuredmass flow ratios
has been obtained with this technique. The overall total pressure
recovery, which _epends largely on the amountand type of internal bleed,
is fairly hard to predict theoretically; therefore, measured levels of
overall recovery for the various inlet types, such as those presented
by Obery, are relied on.

The translating-center-body inlet has a relatively small variation
in corrected air flow at Machnumbersfrom 1.0 to 3.0. This schedule
is characteristic of all spike-type inlets, even with translation, and
results primarily from the small change in throat area. It is obvious
that this inlet, if it were matched to the engine at a Machnumber
of 3.0, would operate supercritically in the transonic region. There-
fore, the inlet is designed to match the engine at a Machnumberof 1.0,
and this requires excess air to be spilled ahead of the engine at the
higher Machnumbers.

The variable-throat inlet, on the other hand, has large variations
in air flow over the Machnumberrange. This particular inlet has some
supercritical spillage at transonic speeds. An all-internal-compression
inlet of this type would have an even greater amount of air-flow
variation than that shown. Matching this inlet with the engine at a
Machnumberof 3.0 requires spillage of air at the lower Machnumbers
to match the engine.

The variable-capture-area inlet, which has no throat variation,
gives even less air-flow regulation than the translating-center-body
inlet. Again, this inlet has been designed to match the engine at a
Machnumberof 1.0 and spills air at the higher Machnumbersto match
the engine. This spillage might not be too bad, however, since rela-
tively large amounts of bleed are required with this inlet type to
obtain the high values of total pressure recovery that have been
reported.
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The most versatile of all the inlets appears to be the one with
variations in both capture and throat area. In fact, by a Judicious
selection of the pivot point, the engine alr-flow requirements can be
matched with this inlet.

BREAKDOWNOFLOSSES

The corrected air-flow schedules of the four inlets have been shown
and comparedwith the schedule for a particular engine. The next step
will be to indicate the penalties that occur at Machnumbers of 3.0
and 1.5 when the comparative air-flow schedules shown in figure 2 are
used with this engine. These losses, presented in figure 5 as percent

of ideal engine thrust, are made up of the following items: (1) total

pressure recovery, (2) cowl pressure drag, (5) additive drag, and

(4) bypass or bleed drag. Experimental values, which represent "state

of the art" for these inlet types, were used wherever available. Since

internal compression was assumed, the inlet will be matched to the

engine, where necessary, by bypassing air ahead of the engine. The

following paper by Milton A. Beheim and John L. Klannwill consider

using any excess air that might be available in the transonic region

for the ejector. Bypass drags were computed with the assumption of a

fully expanded nozzle and a thrust coefficient of 0.9. Bypass recovery

was assumed to be equal to the dlffuser-exit total pressure recovery,

while the bleed recovery was assumed to be 70 percent of that value.

_e translating-center-body inlet has a 28 percent loss in ideal

thrust due to total pressure recovery. To date, a total pressure recov-

ery of 79 percent has been measured with this inlet at a Mach number

of 3.0. At the present time, more refined compression surfaces are

being proposed to increase the recovery of this inlet. The low cowl

drag resulted from the use of a l0 percent projected cowl area and an

initial external lip angle of about 7° . Bypassing 30 percent of the

flow at a Mach number of 5.0 to match the engine costs about 5 percent

in ideal thrust. In the transonic range, a large part of the total loss

is from additive drag. This inlet spills about 60 percent of its air

flow ahead of the lip at the lower Mach numbers, and even though the

is behind a low-angle cone, the penalty is about 12_ percentspillage

of the ideal thrust. Although more refined surfaces would improve the

recovery at a Mach number of 3.0, they would not reduce the additive

drag at a Mach number of 1.5. In fact, the additive drag would prob-

ably increase.

A total pressure recovery of 79 percent has also been measured

with the variable-throat inlet. Since this inlet already has
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isentropic surfaces, a more refined internal-bleed system is being pro-
posed to improve its recovery. At a Machnumberof 1.5 the 30 percent
bypass required to match the engine costs about 3 percent of the ideal
thrust. This loss, as far as the inlet is concerned, could be elimina-
ted by supplying the excess air to the ejector.

The variable-capture-area inlet utilizes the 35 percent spillage
required to match the engine as boundary-layer bleed in order to obtain
the high values of recovery that have been reported with this inlet type.
With the assumption of an overall recovery of 88 percent, a 13-percent
thrust gain over the previous two inlets results from the higher recov-
ery at a cost of 6-percent thrust loss from the bleed. At a Machnum-
ber of 1.5 the reduction in capture area exposed a large projected cowl
area which costs about _ percent in ideal thrust.

In figure 2 it was shownthat by varying both the inlet capture
and throat areas simultaneously_ the engine characteristics could be
matched. However, in order to obtain the high total-pressure-recovery
values reported with this inlet type, it has been necessary to bleed
90 percent of the massflow at the throat. This bleed drag costs about
5 percent of the ideal thrust at a Machnumber of 3.0 and about 2 percent
at 1.5. However, the cowl drag at a Machnumberof 1.5 has been reduced,
comparedwith that of the previous inlet 2 by decreasing both the external
cowl angle and the projected area.

CONCLUDING

Jl.

It has been shown that large differences in the off-design inlet

air-flow characteristics can occur, depending on the type of inlet

selected and the amount of variable geometry that is included. For

example, the center-body types of inlet have little air-flow variation

and also have large values of additive drag transonically. The variable-

throat inlet has large variations of air flow and will probably require

bypassing in the transonic range. This feature may not be too bad if

this excess flow can be used for the ejector or nozzle base region. The

variable-capture-area inlet with fixed throat has relatively small

air-flow variation and, to date, has required high bleed for obtaining

high recovery. This inlet also has large values of cowl drag in the

transonic region. Finally, the most versatile inlet appears to be the

one with variations in both capture and throat areas. However3 this

inlet type also has required high bleed flows to obtain high recoveries.
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INLET CONFIGURATIONS
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BREAKDOWN OF LOSSES
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0FF-DESIGNEJECTORPERFORMANCE

By Milton A. Beheim and John L. Klann

Lewis Flight Propulsion Laboratory

INTRODUCTION

The problems of designing an efficient jet-aircraft exit have
becomemore complex as higher flight Machnumbershave been reached.
Fixed-ejector configurations, designed for particular cruise conditions,
are knownto incur thrust losses at off-design conditions. These losses
can be too large to be compensatedfor by high-thrust engines. Variable-
geometry ejectors, on the other hand, can be constructed to perform
efficiently over a wider Machnumberrange. This solution, however,
adds weight and complexity to the aircraft.

In order to answer someof these design problems, several Mach
number 3 design ejectors were investigated in the Lewis 8- by 6-foot
wind tunnel in the Machnumber range of 0.8 to 2.0.

DISCUSSION

For the purpose of comparing ejector performances, several assump-
tions have been madeand applied to each ejector. Figure i showsthe
assumedvariation of primary-nozzle pressure ratio and also the accom-
panying variation in ideal-nozzle expansion ratio with free-streamMach
number. In addition to the exit area variation of the ideal nozzle
required by the changing nozzle pressure ratio, variation of the exit
area is needed as a result of the changes in primary throat area, which
depend upon the degree of afterburning. Arbitrarily_ afterburning was
assumedto be "full on" above a Machnumberof 1.35 and "full off" below
that Machnumber. It is felt that this assumption will have no effect
on the generality of the analysis to follow. The ratio of primary-
nozzle diameter without afterburning to that with afterburning was 0.75.

Figure 2 showsthe performance of a fixed Machnumber3 design
ejector, which has a low divergence angle of ii ° and the ideal expansion
ratio 1.8, for a _ch numberof 3- The estimated on-design performance
of this ejector, in terms of an effective gross-Jet-thrust parameter,
was good; however, it can be seen that off-design performance fell off
rapidly, as was expected. The abscissa of figure 2 is the flight Mach
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number, whereas the ordinate is a ratio of gross ejector jet thrust minus
secondary free-stream momentumminus base and boattail drags and the
ideal gross thrust attainable from the primary flow.

For all data in figure 2, the secondary weight-flow ratio was held
constant at 2 percent. This is about the amountof secondary flow that
has been used in the past for engine-cooling requirements.

The off-design thrust losses of the fixed Machnumber3 configura-
tion result mainly from overexpansion of the flow in the divergent por-
tion of the ejector. Oneway of reducing this loss is to increase the
divergence angle and improve the lower Machnumberseparation character-
istics. The performance at a Machnumberof 3 of an ejector with a
divergence angle of 25° and the sameexpansion ratio (fig. 2) is esti-
mated to decrease slightly. The performance at low Machnumbersdid
improve as expected.

Another possible design compromisewould be reducing the expansion
ratio by effectively designing the ejector for a lower Machnumberand
splitting off-design losses between underexpansion and overexpansion.

As seen in figure 2, about 4_2counts in the effective thrust parameter
would be lost because of underexpansion at a Machnumber of 3 for a
1.45-diameter-ratio ejector. However, the performance at the lower
speeds has been improved.

Still another method for handling the off-design problem at the
low Machnumbers is to use large amounts of secondary air to fill a
portion of the exit area and thus prevent overexpansion of the primary
flow. This method seemsto be suited to the off-design inlet problem
discussed in the paper by Leonard E. Stitt in which large amounts of
air were available at the lower Machnumberswith certain inlet types.
In order to determine the effects of larger amounts of secondary flows,
an inlet-engine combination has been assumed. The inlet has a variable
throat and may capture a full stream tube over the flight range. The
inlet air minus the engine requirements yields the typical bypass mass-
flow schedule shownin figure 3. If all this bypass air were used as
secondary flow in the ejector, and with the assumptions that the tem-
perature with the primary afterburner on was 3j500° R, whereas the
temperature with the afterburner off was i_600° R, an upper limit of
corrected secondary weight-flow ratio can be computedand is shownin
figure 3. With an assumedinlet pressure recovery and the assumption
of additional total-pressure losses in ducti_4 the bypass air around
the engine and back to the ejector, an upper limit of secondary total-
pressure ratio can be computedand is also shownin figure 3. These
two limits on the bypass air available at the ejector will be referred
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to as bypass-air limitations. The mechanical difficulties that might
be involved in ducting this bypass air back to the ejector have not
been considered.

Figure 4 showsthe effect of such high secondary flow on the per-
formance of the 1.45-diameter-ratio ejector of figure 2. Using all the
flow that the inlet can supply produced large thrust gains. The
50-percent values of corrected secondary flow are considerably larger
than those generally considered in the past.

With respect to these large flows, it should be rememberedthat
in the effective thrust parameter the ejector has been penalized with
the full free-stream momentumof all secondary air. Therefore, if
large amounts of secondary air cannot be obtained from the main inlet
bypass, it maybe desirable to have auxiliary inlets for this purpose.
However, the problems of installing large auxiliary inlets are not
considered herein.

In turning now to the other design philosophy, that is, variable-
geometry ejectors, the upper ejector of figure 5 can be seen to be an
extreme design. It is mechanically complex. This ejector has very
long leaves in order that boattail drag be negligible and also has
multiple pivot points to vary the secondary throat, the exit area, and
the boattail angle. If this idealized configuration had been investi-
gated, it is felt that it could produce a thrust parameter of 0.97 over
the entire flight range. Somewhatsimpler geometries have been investi-
gated. The first of these designs, shownin figure 5, had a variable
boattail and exit with a single compromisedpivot point. The secondary
diameter was fixed. The simpler ejector in this figure was supplied
with 2-percent cooling air. Performance with the afterburner off
dropped at Machnumbersof 1.35 ar_ 1.00 because of afterbody drags and
the inability of this ejector to handle secondary area variations
required for operation with the afterburner off.

To explain this problem with a fixed secondary diameter further,
figure 6 presents a comparison of the ideal expansion ratio and the
actual test value of expansion ratio for the variable boattail ejector.
With the ideal expansion ratio at someMachnumber (for example, a
_ch numberof i), the ejector shroud leaves formed a convergent flow
passage, which resulted in poor internal performance. A_Ialternative
would have been to avoid such a convergent passage and permit overexpan-
sion of the primary flow by setting larger values of exit- to primary-
nozzle-diameter ratio than the ideal, as was done at a Machnumber
of 1.35 with no afterburning. In either case, performance would be less
than ideal as a result of the mechanical simplification of permitting
the secondary diameter to remain constant.
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A different approach to the problem of simplifing the complex
idealized nozzle is considered in figure 7. Here the boattail was
fixed, whereas inner leaves varied the expansion ratio. Again, secondary
diameter was fixed. As the exit area decreased, the base area increased.
This configuration was investigated with and without flow into the base.
For the case with base flow_ bypass air was used according to the schedule
of the lower curve in figure 7. The bypass-air limitations were applied
to these data. Whensecondary air and no base bleed were used, the
tertiary passage being blocked off, performance dropped off. This result
was partly due to the added base drag of the configuration and partly
due to primary flow overexpansion.

Figure 8 comparesthe schedule of expansion ratios for this ejector
with the ideal expansion ratios. It can be noted that the Machnumber3
design has been slightly compromisedand that, for performance with the
afterburner off, the ejector shroud becamecylindrical in shape. As a
result_ the expansion ratio was greater than ideal. This modification
was madein order to avoid the performance penalty resulting from a
convergent shroud, as discussed for the ejector of figure 5.

Still another variable-geometry type that was considered is the
fixed boattail and exit with a variable secondary diameter as shownin
figure 9. Engine bypass air was employed according to the lower curve
and, as in figure 7, the bypass-air limitations were applied. Perform-
ance was very good at all Machnumbers.

A summaryof the best configurations is shownin figure i0 where
the variable boattail with cooling air, the variable secondary throat
diameter with bypass air, and the fixed lower Machnumberdesign com-
promise with bypass air are compared. It appears that a variable-
geometry exit considerably simpler than an ideal exit and with only
sufficient secondary air to cool the engine can provide reasonably good
performance at all Machnumbers. If large amounts of high-pressure
secondary air can be obtained, the performance of a fixed-geometry
ejector, with suitable values of secondary diameter, can be maintained
at a high level at all Machnumbers. If a variable secondary diameter
is employedwith these large amounts of secondary air, even better
thrust performance can be obtained.
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SCHEDULE OF INLET BYPASS AIR AVAILABLE
FOR EJECTOR
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PERFORMANCE OF MULTIPLE JET-EXIT INSTALLATIONS

By John M. Swihart and William J. Nelson

Langley Aeronautical Laboratory

SUMMARY

This paper presents the results of recent exploratory investiga-

tions of the performance of clustered jet-exit installations at Mach

numbers from 0.60 to 3.05. Data presented herein were obtained with

tunnel-wall-mounted models with cold-air-Jet exhaust. The results indi-

cate that large base-pressure drag coefficients may be encountered in

the transonic and low supersonic speed range and that the best configura-

tion investigated was boattailed between the nacelles, had a cylindrical

nacelle afterbody, and a divergent nozzle with a design pressure ratio

of 15. It was also indicated that afterbody terminal fairings or base

bleed might be used to eliminate the performance losses of overexpanded

nozzles. If the terminal fairings or base bleed were applied to fixed

ejector geometry, an important saving in weight and complexity would

result.

INTRODUCTION

Recent supersonic airplane designs, where the engines are clustered

along the trailing edge of the wing in'a side-by-slde arrangement, have

raised many questions relative to internacelle and interjet interferences

on the base and afterbody drag. The purpose of this paper is to discuss

the results of some recent investigations of clustered exit installations.

Tests were conducted at Mach numbers from 0.60 to 3.05 with jet total-

pressure ratios up to 40.

SYMBOLS

mm

CD

CD, b

drag coefficient, D
qs

base-pressure drag coefficient
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CF

Cp,b

D

F

M

Pb

P_

P_

q

S

e

thrust coefficient, F_
qS

base pressure coefficient,

drag

thrust

Mach number

base pressure

Pb - Poo

q

ratio of jet total pressure to free-stream static pressure

free-stream static pressure

dynamic pressure

assumed model wing area, 0.37 sq ft

incremental thrust-minus-drag coefficient

nozzle divergence angle

boattail angle

APPARATUS

An exploratory investigation has been conducted in the Langley

9- by 12-inch blowdown tunnel and in the Langley internal aerodynamics

laboratory by using wall-mounted models which approximately duplicated half

of the configuration shown in figure 1. Interchangeable exit configurations

with different amounts of boattailing, nozzle-divergence angles, and

afterbody terminal fairings are presented subsequently. The jet exhaust

was simulated with cold air; numerous test data have shown that this

simulation is adequate for an exploratory investigation of this type.

(See refs. 1 and 2.) Base pressures, surface pressures between the

nacelles, drag, and thrust-minus-drag were measured, and flow-visualization

studies have been made over the Mach number range.
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RESULTSANDDISCUSSION

Base Pressures

Effect of _ressure ratio at transonic s_eeds.- Figure 2 shows the

base-pressure coefficients of side-by-side arrangements at transonic

speeds. The average base-pressure coefficient obtained by averaging

the pressures over the base is plotted against the ratio of jet total

pressure to free-stream static pressure at Mach numbers of 0.90 and 1.25.

Data aLre for a three-engine configuration with a jet-to-base diameter

ratio of 0.5 and sonic exits. This configuration is a basic model with

slight boattailing and a flat base and is not intended as a practical

configuration; however, configurations with similar lines have been

proposed where large amounts of secondary flow are available for base

bleed. Single-engine nacelle data are shown for comparison, inasmuch as

wide ranges of shape variables have been investigated on single-engine

nacelles at transonic and supersonic speeds. The data for the single-

engine configuration are for a cylindrical nacelle with a sonic jet exit
and the same base-to-diameter ratio as the three-engine clustered config-

uration. The data indicate that the trends of the single-engine and

the three-engine configurations are very similar; thus, the single-

engine nacelle data could probably be applied qualitatively to the

clustered exit design. The important thing in figure 2, however, is the

magnitude of the base-pressure coefficient, inasmuch as the peak nega-

tive values occur near the operating pressure ratios for supersonic

engines for each Mach number. In fact, at a Mach number of 1.25 for a

six-engine airplane with 5-foot-diameter nacelles and 6,000 square feet

of wing area, the base-pressure drag coefficient would be 0.0066. This

value of CD, b indicates that, in a region where the thrust margin of

the supersonic engine may be a minimum, the base-pressure drag may be

a maximum; consequently, there would be an increase in acceleration time

and a loss in airplane range.

Effect of Mach number.- Figure 3 shows the effect of Mach number

on base-pressure coefficient. The average base-pressure coefficient

is plotted against Mach number at pressure ratios corresponding to this

schedule of engine-pressure-ratio variation with Mach number also shown

in this figure. This pressure-ratio schedule is considered to be

typical for the supersonic engine. The data shown in the transonic

speed range are for the three-engine configuration shown in figure 2

with sonic jet exits. The data shown at Mach numbers of 1.62 and above

are for a similar flat-base configuration with convergent-divergent

nozzles with design pressure ratios of 8. The nozzles are underexpanded

for all Mach numbers above 1.62; however, this is the design condition

for some supersonic engine configurations. Expansion ratios greater

than this value would make Cp, b more negative. The data indicate
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that the base-pressure coefficient reaches a peak negative value between
Machnumbersof 1 and 1.5 and then falls rapidly with an increase in
Machnumber. The value looks small at a M_chnumberof 3.05; however,
if it were applied to the six-engine airplane with a wing area of
6,000 square feet mentioned previously, the base-pressure drag coeffi-
cient would be about O.OO10or approximately 7 percent of the expected
total drag of such a configuration.

Effect of Boattailing

The question arises - how muchshould the clustered exit configu-
ration be boattailed? Shownin figure 4 are three configurations with
various amounts of boattaillng. All three of these configurations have
the same internal nozzle contour, namely, convergent-divergent nozzles
with design pressure ratios of about 8. Configuration 1 is an idealized
configuration with zero base area and 6° of boattailing on the individual
nacelle. It is also boattailed between the individual nacelles. Con-
figuration 2 has cylindrical nacelles, a base annulus, and boattailing
between the nacelles. Configuration 3 has no boattailing whatsoever.
As was stated previously, consideration has been given to configurations
with flat bases similar to configuration 3.

Figure 5 shows the effect of boattailing on incremental thrust
minus drag coefficient. _ne incremental thrust drag is obtained by
subtracting the measured thrust minus drag of the cornfiguration from
that of configuration 1 at pressure ratios corresponding to the schedule
with Machnumberalso shownin the figure. Configuration 1 will be used
as the reference configuration in all subsequent plots of &ICF - CD)

!

in this paper. The data indicate that progressive boattailing from

configuration 3 to configuration 1 results in a reduction of drag in

that same order. It appears that the overall boattailing of the configu-

ration may be more important than that of the individual nacelle, since

configuration 2 has reduced the drag so that it approaches that of con-

figuration 1. Base pressures measured on configurations 2 and 3 at a

Mach number of 3.05 indicate that the jet interference due to the under-

expanded jet has a more marked beneficial effect on configuration 2

than on configuration 3, as is shown in figure 6. The improvement to

configuration 3 that would be obtained by the addition of base bleed is

unknown, but it is expected that base bleed would provide a small improve-

ment in base-pressure drag coefficient.

Effect of Afterbody-Nozzle Geometry

In figure 5 the effect of boattailing with fixed nozzle geometry

was shown. Figure 7 shows three configurations which represent a schedule

CONFIDENTIAL



CONFIDENTIAL 629

of afterbody-nozzle geometry over the Machnumberrange where each setting
is designed to produce optimum thrust at a particular Machnumber. Con-
figuration i is repeated from the previous figures and configuration 4
represents a maximumafterburner setting with a cylindrical nacelle and
a convergent-divergent nozzle with a design pressure ratio of 15 at a Mach
numberof 2.4. Configuration 5 represents an intermediate setting with
a design pressure ratio of ii and design Machnumberof 1.9. The varia-
tion of incremental thrust-minus-drag coefficient with Machnumberfor
these three configurations is shownin figure 8. The data are presented
for the pressure-ratio schedule also shownin figure 8. It is indicated
that configuration 4 is better than the other two configurations over
the entire Machnumberrange. It would be expected that configuration 4
would be the best above a Machnumberof 2.4_ since it has a zero pres-
sure drag nacelle and the nozzle is at or above its design pressure
ratio. In other words, it is developing more divergent nozzle thrust
above this Machnumber. The low value of _(CF - CD) of configuration 4
suggests the possibility of even better performance near M = 3.0 with
a larger nacelle and a nozzle having a higher design pressure ratio. It
is surprising that configuration 4 does not exhibit more of the expected
large overexpansion losses at speeds below design. It is noted that
somedelay in experiencing these losses has already occurred 3 probably
because of external stream and separation effects in the nozzle. It may
also be caused by the low Reynolds numberof the internal flow. If the
good perfornm_ce of configuration 4 can be maintained into the transonic
speed range by eliminating the overexpansion losses, it might be pos-
sible to operate the clustered exit over the Machnumberrange of this
investigation with fixed ejector geometry and thereby makea large
saving in weight and complexity.

Terminal Fairings

Figure 9 showsphotographs of two special devices which were investi-
gated at transonic speeds in an attempt to reduce the overexpansion losses
of fixed ejector geometry and to improve the configuration performance.
To the first device_ shownin the upper left of the figure, six bodies
have been applied to a combination of a low-design-pressure-ratio
convergent-divergent nozzle and a curved-afterbody, and these fairings
are very carefully designed to increase the effective fineness ratio
of the afterbody and to provide surfaces for the underexpanded jet to
act upon. The slotted afterbody shownin the lower right of the figure
is a variation of the terminal fairing idea which looks a little more
conventional. It consists of a basic curved afterbody with a fixed-
divergent ejector designed for a pressure ratio of i0 with longitudinal
slots cut into the ejector throat to ventilate the surface at sonic

CONFIDENTIAL



630 CONFIDENTIAL

soeeds. Both of these terminal fairing models showedsignificant improve-
ment in thrust minus drag over their basic configurations throughout most
of the transonic speed range.

Since somesuccess had been attained at transonic speeds, terminal
fairings were applied to the flat-base configuration (configuration 3),
and figure l0 shows the complete model used for the supersonic investi-
gation with the terminal fairings installed. The internal contour of
the nozzles is the sameas that of the flat-base configuration and the
boattailed configuration (configuration l) that was shownearlier. The
results shownin figure ll, where _(CF - CD) is plotted against Mach
numberfor the pressure-ratio schedule shownin the figure, indicate that
the fairings provide a significant improvementover the flat-base config-
uration. In fact, they reduce the drag about one-half the way toward
configuration 4, which was the best studied. The drag of the fairing
model was about the sameas the best of the boattail series shownhere
as the reference. Obviously, the fairings could have been applied to
a boattailed design and, of course, the fairing design has not been
optimumized in the supersonic speed range. The success gained to date
with these terminal fairings indicates the need for further research on
this type of design.

CONCLUSIONS

Recent exploratory investigations of the performance of clustered
jet-exit installations at Machnumbersfrom 0.60 to 3.05 indicated the
following conclusions:

1. There is a large amount of single-engine data available that
would apply qualitatively to the clustered-exit design.

2. The clustered-exit installations mayencounter very large base
pressure drags in the transonic and low supersonic speed range where
the exit nozzle is closed downto provide maximuminternal performance.

5. Significant effects of configuration geometry were shownwith
the indication, at least, that overall boattailing maybe more powerful
than that of the individual nacelle.

4. The best configuration investigated was a cylindrical nacelle
with boattailing between the nacelles and a convergent-divergent exhaust
nozzle with a design pressure ratio of 15. This configuration was
superior well into the region where the nozzle was overexpanded. It
appears that, if somemethod of delaying these adverse overexpansion
effects can be found, important savings in weight and complexity can be
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gained by fixed ejector geometry. Onepossible method of accomplishing
this is by the use of terminal fairings and another method maybe by the
use of base bleed.

REFERENCES

i. Love, Eugene S., and Grigsby, Carl E.: Some Studies of Axisymmetric

Free Jets Exhausting From Sonic and Supersonic Nozzles Into Still
Air and Into Supersonic Streams. NACA RM L54L31, 1955.

2. Baughman, L. Eugene, and Kochendorfer, Fred D.: Jet Effects on Base

Pressures of Conical Afterbodies at Mach 1.91 and _.12. NACA

_q E57E06, 1957.

CONFIDENTIAL



632 CONFIDENTIAL

CLUSTERED ENGINE ARRANGEMENT
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EFFECT OF MACH NUMBER ON BASE PRESSURE COEFFICIENT
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TERMINAL FAIRINGS

SiX FAIRINGS

SLOTTED AFTERBODY

Figure 9
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INCREMENTAL THRUST-DRAG

TERMINAL FAIRINGS APPLIED AT SUPERSONIC SPEEDS
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