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HEAT TRANSFER ON THE LIFTING SUFWACES OF A 60° DELTA

WING AT ANGLE OF ATTACK FOR MACH NUMBER 1.98

E& Howsrd S. Carter

summY

The heat transfer and pressures on the lifting surfaces of a 600
delta wing with NACA 6~AOO> profile are presented for angles of attack
up to 90. The tests were made under steady flow conditions in a free jet
at a &tichnumber of 1.98 and for a Reynolds number based on the mean
aerodynsmi c chord of 22 X 106.

The heat traasfer on the lower surface of the wing was within 9 per-
cent of values obtained by flat-plate theory for all angles of attack up
to 9°. The heat transfer on the upper surface dis~eed progressively
more with flat-plate theory as angle of attack increased until it was
about 30 percent less than theory at an angle of attack of 9°. The
pressures on the surfaces of the wing indicated that, at all angles of

b attack of the tests, spsmwise flow components
the wing.

.

INTRODUCTION

,-.

existed in the flow over

Most of the existing theories of convective heat transfer at high
speed (for example, refs. 1, 2, and 3) apply directly to boundary layers
in which there are no pressure nor temperature gradients along the surface.
In order to apply these theories, local.~lQw CQnditions must be known.
The convective peat transfer through the boundsry layer of flat plates,
wedges, cone~, and cylinders can usually be predicted fairly accurately
with these theories or with modifications of these ‘t.heo;ies(ref. 4).
However, these theories may not be miequate to approximate the heat
trsmsfer on surfaces which do have pressure and temperature wadients,
shock formations, crossflows in the boun&cy layer, or other phenomena

. that can influence accurate calculation of the local conditions. For
exsmple, a delta wing at zero angle of attack may have these factors
affecting the local conditions, md hence influencing both theoretical

.



2 NACA RM L56C23

8

and experimental values of heat transfer. As the angle of attack of a
delta wing is increased, these factors affecting the local conditions and .
hence the heat transfer may vsry considerably.

.

I@st of the high-speed airplmes and missiles being developed at
present are using wings, Btabil.izersy or fins that have sweptback leading
edges. It is beccming more needful that the heat-transfer characteristics
on the lifting surfaces of this type of airfoil be investigated. Hence,
the Pilotless Aircraft Research Division of the Iangley Aeronautical
Laboratory has included in its heat-transfer program an experimental
investigation to determine the heat-transfer characteristics of a 600
delta wing for various angles of attack at a Mach number of 1.98. In
order to determine the local flow conditions, the pressures were measured
at the same stations as the temperatures. The tests were conducted in
the preflight jet test facility located at Wallops Island, Va.

SYMBOLS

a

%

Nst

%

%

Cr

%

‘L

h

Pz

Pm

angle of attack, deg

specific heat of skin, Btu/lb-°F

hlocal stantOn n~~er~ ~pzvz

.

P2 - Pm
pressure coefficient,

L b

specific heat of air at constant pressure, Btu/lb-°F

wing chord at the root, ft

mass densi~ of skin, lb/cu ft

local density of air, lb/cu ft

local aerodynamic heat-transfer

local static pressure, lb/sq ft

coefficient, Btu/sec-sq ft-°F

.

free-stream static pressure, lb/sq

g@-

ft
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T

Taw

‘tjm

!rW

‘1

M

free-stresm dynamic pressure, lb/Bq ft

skin thickness, ft

time, sec

adiabatic wall temperature, OR

free-stream stagnation temperature, ~

local static temperature, ~

waJJ temperature, ~

free-stream velocity, ft/sec

local velocity, ft/8ec

Mach number

APPARATUS

Test Facility

* The investigation reported herein was conducted in the preflight
jet test facility located at the Pilotless Aircraft Research Station at
Wallops Island, Va. This jet, which is a blowdown type, is described

. in reference 5 except that, for these tests, a 27- by 27-inch nozzle
was used.

A photograph of the semispsm wing mounted at the exit of the
27- by 27-inch nozzle is shown in figure 1. The most forwsrd tip of
the wing was positioned 5 inches upstream of the nozzle exit and 6 inches
above the bottom plate of the nozzle. As shown in the photograph, the
wing assembly was mounted on a turntable which could be adjusted for an
angle-of-attack range from 0° to 10°. Not shown in the photograph but
mounted on top of the 27- by 27-inch nozzle was a retractable clamping
arm which was used to steady the wing during the highly turbulent
transient flow conditions at the beginning and ending of each blowdown
test.



,
Model

A drawing of the 600 delta semispan wing model $howing the geometry ●

and instrumentation is shown in figure 2. This wing had a mean aerodynamic
chord of l.% feet and a plan-form area of the model of 1.57 6qusre feet.
The streamwise airfoil section was NACA 65AO05.

As shown in the side view and sectional view of’the wing, the spsrs
were ~paced so as to leave several lsrge open bays over which the skin
(O.050 inch thick) was isolated from large heat sinks. To further
isolate the skin from the other wing structure, a sheet of l/l6-inch-
thick plastic was placed under the skin. The skin made contact with
the other structure of the wing through rivets and at its extreme edges.
The wing was mounted on a flat deflector plate as shQw in figure 2.
The plate had a 45° swept leading edge amd was beveled on the bottom or
all edges except the trailing edge. This plate isolated the wing from
any disturbsmces originating from the supporting strut. The leading
edge, trailing edge, and skin of the wing were made of Invsr steel.
Invar steel, which has a small coefficient of expansion, was used ‘for
these wing portions which were exposed to the airstream in order to
minimize the internal stresses and distortions cause~by a hot surface
and a relatively cool interior structure. The spars, deflector plate,
amd wing supporting structure were made of low carbon steel.

The wing had 12 static-pressure orifices (0.0625.inch diameter) on
one surface and I-2thermocouples (0.01-inch diameter, iran-constantan)
exactly opposite on the other surface. Each of these orifices and
thermocouples was placed in the skin near the center.of an open bay;

since, at these points, the skin was more nesrly isolated from the rest
of the structure. In addition, in order to permit the heat conduction
along the wing and into the other wing structure to be determined,
several other thermocouples were mourked on the skin near the edge of
the open bays and several were mounted on the inside structure halfw~
between the two surfaces of the wing.

At the top of figure 2 is a cross-sectional view of a section of
the wing which shows a typical orifice amd thermocouple installation
in one of the bays. The thermocouples on the skin were welded to the
inside surface. The temperature gradient through the thickness of the
skin was calculated amd found to be negligible. _

.

—
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ZESTS AND PR~EDURE

Rsmge of Variables

The semispsm mtiel of the 600 delta wing was tested in a vertical
position as shown in figure 1. However, to simplify the presentation
of the data and to help in visualization of the results, the wing is
treated as though it were in the horizontal plane. Tests were made at
a ~ch number of 1.98 and at angles of attack of 0°, 3°, 6°, and 9°.
The wing was instrumented to measure pressures on one surface and temper-
atures on the other. However, the data are presented in such manner
as to show both upper- and lower-surface effects on the same figure.
Temperature smd static pressure on the wing, free-stresm total pressure,
and free-stream total temperature were measured continually during each
test. All measurements were time correlated by oscillograph recorders.

At the beginning of each blowdown test, the clamping arm was in
po6ition to grip the wing nesr the outer tip in order to keep the ting
steady during the trsmsient period of the test. This was necessary to
insure that the wing did not buffet to destruction as a result of the
extreme turbulent flow during this psrt of the test. After approximately
2 seconds, the flow became steady, and the arm was withdrawn from the
vicinity of the wing.

The test then continued at sea-level free-stream conditions for
approximately 8 seconds, titer which time the free-stream total pressure
could not be maintained due to the exhaustion of the air from the stor-

. age spheres.

.
Reduction of Data

The heat-transfer parameters as presented herein are based on local
flow conditions. The flow at all measuring stations for all tests was
assumed to be turbulent, since the lowest local Reynolds number calculated

for any station was about 4 x 106. Reference 6 shows that turbulent flow

is usually established at about a Reynolds number of 3 x 106 for M = 1.98.
The values of heat-transfer parameters obtained verified that the flow
was turbulent.

The aerodynamic heat-trasfer coefficients were calculated from
data measured during the trsmsient heating of the wing after the estab-
lishment of steady air flow from the nozzle. Radiation from the wing
surface, conduction into the internal structure, and conduction along
the surface were found to be negligible. If these terms are negligible,
the convective heat transferred to the model csm be equated to the heat
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absorbed by the model skin per unit of time. This r.=lation is expressed
in the following equation:

*

The aerodynamic heat-transfer coefficient h was evaluated by using the
mass density ~ of the Invar skin as 502.5 lb/cu ft and its specific
heat ~ as given in figure 3. The specific heat of Invar presented in
this figure was obtained from tests performed in the-instrument Resear&
Division of the Iangley J_aboratory. The skin thickness t at the
thermocouple stations was 0.050 inch. The adiabatic wall temperature
was obtained from the following equation: .

in which

turbulent

T = Npr1/3Ttm-TZ)+TZ –
aw ( 9

N= 1/3 is the theoretical temperature-recovery factor for
—

convective heat transfer as based on wall temperature. Exper-
imental temperature-recovery factors were not obtained from these tests
since the skin temperature did not reach equilibrium.

The skin temperature and its time rate of change were obtained from
the measured time histories of the skin temperature. A typical skin
temperature and stagnation-temperature time history is shown in figure 4.
This figure shows that, during each blowdown test and especially at the
beginning of each test, the time rate of change of wall temperature
dTw/dT and the temperature forcing function Taw - Tw were both of ,

large magnitude. Hence, an error in wall temperature or in the temper-
ature time derivative would not affect the heat-tralsfer coefficient to
any great extent. From consideration of all known influencing factors,

h

the accuracy of the heat-transfer data is.believed to be approximately
10 percent.

Shadowgraphs of the wing as it was tested at zero emgle of attack
showed that the bow wave ahead of the wing leading edge had essentially
the same slope as the leading edge. ‘Ihefree-stremuMach number normal
to this bow wave was approximately unity. Hence, itwas assumed that
the loss in total pressure across this bow wave was geglfgible ~d that
local total pressures were equal to free-?tream totsJ pressure. There
may, however, have been some other shocks slow the W?er s~face of_

the wing at angles of attack greater than zero which may have caused a
considerable difference between local smclfree-stream total pressures.
Reference 7, which concerns a test of a somewhat
that at moderate angles of attack a lambda shock
surface near the leading edge.

sitisr wing, showed
existed on the upper .
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PressuTe Measurements

A
The variation of pressure coefficient with

three semispsm stations on the wing surfaces is

singleof attack for the
presented in figure 5.

b this figure, the symbols wed to identify the data Points me *O
shown superimposed over their respective stations on a sketch of the wing.
The pressure coefficient is plotted in this msmner to show its continuous
variation through zero sngle of attack and also better to compare effects
of angle of attack on the upper and lower surfaces. This figure shows
that the pressure variation with angle of attack is slightly ~eater on
the lower surface.

The chordwise and spanwise variations of pressure coefficient are
presented in figures 6 md 7, respectively, for four angles of attack.
Figure 6 shows that, in general, the pressures On the w~g surfaces
decreased for al-langles of attack as the flow progressed toward the
trailing edge. Likewise, figure 7 shows that the press~es on the WiM
surface, for all angles of attack tested, were ~gressively less as the
measurement station approached the tip. Figure 7 indicates also that,
at angle of attack, these spmwise pressure gradients were more pronounced
on the qper surface. The pressure gradients in these two figures just
presented indicate that the air flow over the suxface of the wing turned
toward the wing tip. Reference 7, which concerns a test of a somewhat
similar wing to the one reported herein, shows that at an angle of attack
of 9° the flow on the upwr surface at 0.70cr and at 65-percent local
semispam turned approximately 14° towsrd the tip. The 600 delta wing
reported on in this paper and also the testing conditions were sufficiently

●
different from those of reference 7 to preclude any direct comparison other
than general trends in the flow patterns.

,

Heat Transfer

In order to show the values and trends of the actual heating effects,
the heat-tr-fer coefficient is presented first (figs. 8 to 10). Then,
in order to provide a comparison of the heating characteristics of this
wing with theory, the Stanton number is presented (figs. l-lto 13). The
variations in heat-trsmsfer parameters with temperature ratio Tw/T Z

predicted by Van Driest flat-plate theory could not be determined, since
the scatter of the data was greater than the temperature effect. Hence,
all heat-tr-fer coefficients and Stanton numbers sre presented for a
temperature ratio Tw/Tz of 1.4 only.
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Heat-trsmsfer coefficient .- ~e variation of heat-trsmsfer coefficient

singleof attack for the I-2measuring stations is shown in figure 8. .
The symbols used to define the curves are also shown superimposed over
their respective stations on a sketch of the wing. The heat-trsmsfer
coefficient is plotted in this manner to show its continuity at zero angle
of attack and better to compare the effect of angle of attack on the two
surfaces. The heat-transfer coefficient decreased on the upper surface
and increased on the lower as angle of attack increased.

The chordwise and spanwi.sevariations of heat-trsmsfer coefficient
are presented in figures 9 and 10, respectively, for four angles of attack.
Figure 9 shows that the heat-transfer coefficient decreased for all angles
of attack as the flow progressed toward the trailing edge. In figure 10,
the two stations nearer the tip at 0.84 root chord show a larger change of
heat-trsmsfer coefficient with angle of attack than the inboard station.

Stanton number.- The vsriation of Stsmton number with angle of attack

for the 12 measuring stations is presentedin figure 11. The symbols used
to define the curves are again showr,superimposed over their respective
stations on a sketch of the wing. The Stanton number is plotted in this
msmner to show its continuity at zero singleof attack and to separate the
data for the two surfaces. The Stanton number on the lower surface was
essentially constant for angles of attack up to 9°. on the upper surface,
however, the Stanton number decreased as singleof attack incresxed. At
an angle of attack of 9°, the Stanton number on the upper surface had
decreased approximately 30 percent below the value for zero singleof attack.

Figure I-2presents the chordwise variation of Stanton number for fowr
angles of attack. The Stanton number on the lower surface did not wry
appreciably with angle of attack. Hence, Ornlyone curve was faired through
the lower-surface data. Added to each part of this figure is a Van Driest
turbulent-theory (ref. 3) curve for a flat plate based on local. conditions.
~is theory was mcdified as suggested in reference 8. mis theory wedicted
that the local.Stanton numbers at the measuring stations on this wing would
be constant for all singles of attack. On the lower surface, the Stant&n
numbers were in god agreement with theory for the 1~-percent and 3~-percent
semispsm stations; whereas the data were about 9 percent lower than
theory for the ~-percent semispsm station. On the upper surface, the
Stanton number for all three semispan stations disagreed progressively
more with theory as the angle of attack increased. At 9° angle of attack,
the experimental data on the upper-surface stations were about 30 percent
less thsm theory.

The reduction of Stanton number on the upper surface at angles of
attack may have been caused in part to the existence of shock waves near
the leading edge of the upper surface such as are shown to exist on a
somewhat similsr wing in reference 7. These shocks, if they did exist,

—

r

.—

.

,

.
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could cause disturbances in the boundary-layer flow which would make the
heat transfer unpredictable by pre~ent theories. Hencej the theoretical

d curves as presented may be considerably in error for the upper surface.
These shock waves could also cause an error in the reduction of the data.
The assumption that local-stream total pressure was equal to free-stream
total pressure may have been more in error on the upper surface as the
angle of attack increased.

The spanwise variation of Stanton nurber at O.@! root chord is
presented in figure 13 for the four angles of attack. A Vsm Driest
turbulent theory curve for a flat plate based on local conditions is
shown on this figure by a dashed curve. The faired experimental values
of Stanton number are all less than theory at this O.@+ root chord
station, vsrying frcm slightly less for am singleof attack of 9° on the
lower surface to about 30 percent less at an angle of attack of 9° on
the upper surface. This figure also shows that the spsnwise vaiation
in Stsaton number at this O.~ root chord station was less than that
predicted by theory. This difference from theory may have been due in
part to such phenomena as spanwise components in the boundsry-layer flow,
thickening of the boundsxy layer towsrd the tip, and erroneous Reynolds
number calculations resulting from lack of information on the path of
air flow.

CONCLUSIONS

From an experimental investigation in a free jet to determine the
? heat transfer on the lifting surfaces of a 600 delta wing at angle of

attack for Mach nuriber of 1.98, the following conclusions csm be rode:

.
1. At angles of attack up to 9°, the Stanton number on the lower

surface was in good agreement with theory for the 15-percent and 35-percent
semispsm stations and was about 9 percent less than theory for the
~-percent semispan station.

0 to 9°, the Stanton number2. As angle of attack increased from O
at all measuring stations on the upper surface disagreed progressively
more with theory, being about 30 percent less than theory at 9° angle
of attack.

3. The spsnwise variation of Stanton number along the O.,~ root
chord station was less than that predicted by theory.
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4. The pressures on the surface of the wing indicated that, at all
angles of attack of the tests, spanwise components existed in the flow
over the wing.

Iangley Aeronautical Laboratory,
National Advisory Committee for Aeronautics,

Lmgley Field, Vs., &rch 6, 1956.

.
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Figure 2.- Drawing of the 600 delta wing showing construction and instru-
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