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FIOW AND FORCE CHARACTERISTICS OF 2-PERCENT-THICK

AIKFOIISMl?TRANSONICSmEDs

Ey Walter “F. Lindsey and Ehmm Jean Landrum

A two-dimensional investigation utilizing pressure-distribution
measurements and schlieren photographs has been made of the flow and
force characteristics of sld-sided airfoils of 2-percent thickness at
transonic Mach nunibers. The airfoils had various cotiinations of ellip-
tically shaped leading and trailing edges from a fineness ratio of O
to 10. .

The aerodynamic characteristicsand an analysis of the flow past
the mcdels are presented. The results are compared with previous tests

. on airfoils of k-percent thickness and greater, and show at high subsonic
Mach nwibers that additional improvements in aercdynsdc characteristics
were obtained with the 2-percent-thick airfoils.

INTRODUCTION

Previous experimental investi~tions of two-dimensional airfoils
at high subsonic Mmh numbers from an early investigation (ref. 1)
throu@ a more recent investigation (ref. 2) have shown improvements in
the aerodynamic characteristicsat high subsonic Mach nunibers,prwily
through the use of reductions in the ratios of thichess to chord. The
shdlarity hws (refs. 3 and 4) also show that decreases M ratios of
thickness to chord result in improvements in the aerodynamic character-
istics. Although these previous experimental investigationswere con-
ducted on airfoils having ratios of thickness to chord of 4 percent and
greater, the sMLarity laws are more nearly ap@icabl.e as the profiks
become thinner (ref. 4). It was therefore considered desirable to
determine the aerodynamic characteristics of thinner profiles, and a
thickness ratio of 2 percent was chosen for the pesent investigation.

The investigation of reference 2 showed that changes h the thick-
ness distribution or shape of g-percent-thick airfoils became of
decreasing importance as the Mach nmiber was increased and approached
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sonic veloci~. Furthermore, it is readily accepted that reductions in
thickness of the profi~, sum as the NACA 6-series airfoih, wow of
necessi@ cause a reduction in the aerodynamic significance of the
profile-shape changes at high subsonic Mach nunibersas the ratio of
thickness ta chord is decreased and approaches zero. Since the effects
of changes in thickness distribution of a 2-percent-thick airfoil could
be expected to be smkll, and in order to provide maximum structural
strength for the airfoil, a slab-sided”profilewas chosen for this
investigation.

The investigationwas conducted to determine the aerodynamic
characteristicsat high subsonic Mach numbers of slab-sided profiles
of 2-percent thickness which had variations in elJ_iptica13yshaped
leading and trailing edges froma fineness ratio of O to 10. six
profiles were investigated at angles of attack between 0° and 10° over
a Mch number range from 0.5 to 1.0. The corresponding Reynolds number
range was from 1.4 X 106 to 2.1 X 106.

SYMBOLS

%

M

M&

n/d

P

section drag coefficient

design lift coefficient

section pitching-moment coefficient taken about quarter-
chord axis

section normal-force coefficient

lhch number of free stieam

nwdnnrm local M3ch nuniberalong airfoil surface

ratio of section normal force to drag

pressure coefficient, PZ-P

~

free-stream static pressure

local static pressure on model

free-stieam dynamic pressure

ratio of thiclmess to chord{

stu-%ace

.
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a angle of attack, deg

4 positive increment in
%/4

due tO ~SOIliC fb’W
.

attachment

.

Ael?ARA!rusAND TESTS

Tests were conducted in the Iangley 4- by l$kinch semiopen tunnel—.
operating as a direct blowdown tunnel from a supply of dry compressed
air (fig. 1). The tumnel test section was open along the top and bottcun
boundaries, and the chambers extending beyond those two boundaries were
connected by a duct. The test region and the calibration of the flow
are described in reference 2.

lkch model had a 4-inch chord and c&@etely spanned the 4-inch
dimension of the *umnel. me models were mounted in circular end plates
which maintained the continui~ of the tunnel walls. InasMuch as these
models were quite thin, additional stiffnesswas required. The models
extended through the end plates and external tension was ap@ied to the
ends of the tieb. @ airfoils were slab-sided with elliptical leading
and trailing edges (fig. 2). The fineness ratios of the elliptical edges
varied from O to 10. The ccmibinationsof leading- and trai13.ng-edge
shapes of 2-percent-thickairfoils tested and the corresponding airfoil
designations are as follows:

Airfoil Leading-edge Trailing-edge
designation shape shape

1-0 1:1 Square or 0:1
1-4 1:1 4:1
10-4 10:1 4:1
1o-1o 10:1 10:1
4-1o 4:1 10:1
4-1 4:1 1:1

i

Data were obtained fr~ -pressuremeasurements and schlieren photo-
graphs of the flow. Normal-force and moment data were obtained by means
of an electrical pressure integrator connected to the 44 static-pressure
orifices (fig. 2(a)) installed h the surfaces of the airfoil. The
pressure orifices were also connected to a manometer so that the distri-
bution of pressures along the surface could be recorded. Normal-force
and moment data were obtiined through an angle-of-attack range fram
00 to 10°. Drag tits were obtained at angles of attack from 0° to 8°
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by the wake-suey method, using a total-pressure survey rake located
one chord downstream of the model trailing edge. The Wch number range
of the tests extended frmn 0.5 to 1.0, and the corresponding Reynolds
number range was from 1.4 x 106 to 2.1 x 106.

The models used in obbining schMeren photographs of the flow
also required tensioning to reduce deflections. The portion of the
modeb between the 10- and gO-perceht-chord stations extended through
the tunnel walJs, and the tensioning device was attached to the lower
surface. As a consequence, the flow along the central 80 percent of
the model for the lower surface was obscured. Along the upper surface
the glass-mcdel juncture was sealed with wax. The juncture produced a
thin, irregular boundary that obscured, to scme extent, the boundary-
layer flow along the central part of the upper surface. Neither the
juncture of the model and tunnel nor the support system interfered with
light passage near the leading and trailing edges. Pictures of the
flows were taken over the speed range at a constant angle of attack by
using a 35-millimetermotion-picture camera and the technique described
h reference 5. Since each picture had an exposure of 4 microseconds,
individual frames from the motion pictures were selected as still
photographs. Photographs were taken at angles of attack of 0°, 4°, and
8° for all airfoils and at 10° for the 1-4, 10-4, and 4-10 airfoils.

JET BOUNDARY -’JS -

Aerodynamic data on aiYfoils tested in this two-dimensional
throat tu&el (fig. 1) are subject to corrections for jet boundary

.

open-

effects. The simple open-throat correction is subject-to modific;tion
because of the restraint imposed on jet deflection by the effuser and
exit cone located at the end of the test section (ref. 6). The primary
correction to which these data sre subject is be~eved to be the jet
deflection or angle of attack. For incompressibleflow, the correction
is alj-r~= ~st - 1.@~ (der’ivedfrom ref. 6). For a compressible

flow, reference 7 indicates that the incompressibleform is subject to
additional corrections in terms of 1 - I@. !lh justification for the
application of the compressible form of the correction decreases as the
Ma& number is increased beyond the attainment of sonic velocity locally
within the flow, and a suitable form of correction for application near
a M9ch number of 1.0 is unknown.’ As a consequence, data are presented
herein without any corrections applied and, as such, can be direct~
compared with the data of reference 2.

1
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RESULTS AND DISCUSSION

EWFECT OF AIRFOIL

Pressure distributions

SEAPE ON PRESSURE

for the 1-O, 1-4,
two-dimensionalflow are presented in figures

5

DISTRIBUTION

and 10-h airfoils in
3, 4, and 5, respectively.

The particular airfoils, the Mach numbers, and the angles of attack in
these figures were chosen to be representative of the range of this .
investigation. At zero angle of attack (figs. 3(a), 4(a), and 5(a)),
the flow accelerates around the leading edge to a value in excess of
the stresm velocity and then rapidly decelerates to approximately, or
slightly above, stream velocity. The velocities along the flat portion
of the airfoils remain approxin&ely constant, and an acceleration
occurs around the elliptical trailing edges. These distributions,
especially at the lower speeds, indicate that the shape of-the leading
and trailing edges exerts a local influence on the pressure distribution
without-any appreciable mutual effect, which may be expected because of
the very small chordwise extent of the elliptical portions of the”letig
and trailing edges. At Mach nunibersnear lY the extent of the influence
of a leading edge along the chord is increased, and the pressure distri-
butions appear to be primarily a function of the leading-edge shape.
The absence of trailing-edge effects on pressure distributions at a Mach
nuniberof 1.0 is entirely due to the existence-of large regions of
supersonic velocities along the surface of the profiles./

At an angle.of attack of 4° (figs. 3(b)j 4(b), and 5(b)), the shape
of the distribution at low speeds is dependent primarily on the leading-
edge shape, the trailing edge having no appreciable effect. As the l@ch
number increases, however, the differences h pressure distribution
arising from differences in leading-edge shape become less, although
there is still some influence of shape on the distribution at a Mach
number of 1.0. With a further increase in angle of attack, the shape
effect on the pressure distributions is greatly reduced, except in
figure 4.(c)at Mach number 0.79 which involves flow separation and
attachment and is discussed later.

8

The pressure distributions for the l-x airfoils (figs. 3(b) and
4(b)) at 4° angle of attack and at the highest Mmh number show etidence
of supersonic”velocities being obtained on the lower surface. This is
a direct result of decreasing circuhtion with increasing Mach number
which, occurring on a blunt leading-edge profile, provides a region on
the 16wer surface conducive to rapid acceleration to velocities
sonic velocities and necessitating shocks for recompression, as
the schlieren photographs (figs. 6(b) and 7(b)). _eningof
leading edge, however, completely eliminates this lower-surface
which is observed at lower angles of attack (not exceeding 40).

exceeding

shown by
the
shock,
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EFFECT OF AIRFOIL

General

SHAPE ON SEPARATION AND OVEREXPANSION

Result of This fivestigation

The schlieren photographs (figs. 6, 7, and 8) show that each of
the profiles under Hfting conditions encounters flow separation from
the leading edge at the low Mach numbers. The occurrence of flow
separation is substantiatedby the flatness of the pressure distribution
along the forward p&rt of the upper surface of the models (figs. 3, 4,
and 5). The only exception to this general statement is the sharp-nose
profile at moderately low angles of attack. With increasing angle of
attack, however, the sharp-nose airfoil (10-4, figs. 5 and 8) encounters
the same type of flow as the blunt-edge profiles exhibit.

At any given angle of attack, when the flow is separated from the
leading edge and the Mach nuuiberis increased in the transonic speed
range beyond a value of about 0.8, regions of supersonic flow are formed
near the leading edge. The flow around the leading edge expan@ through
a supersonic turn around a corner and eliminates the separated-flow
condition. This flow phenomenon or _&anSonic flow attachment is dis-
cussed in more detail in references 8 and 9. After flow attachment
occurs, the flow undergoes less overexpansion around the sharp-nose
profiles than around the blunt-nose profiles, as evidenced by the
moderately strong oblique shocks near the leading edge of the blunt
I-X airfoils (figs. 6 an~ 7). These shocks are required for redirection
of the flow along the model surface following an overexpansion. Fig-
ure 8 indicates that the trend toward overexpansion increases with an
increase in the extent of flow separation that exists at the low &ch
numbers.. Furthermore, the pressure distributions in figures 3, 4, and
5 show thatan increase in overexpansion, as exhibited in figures 6, 7,
and 8, effects a decrease in the local pressure near the,leading edge,
which in turn could produce significant force changes at transonic flow
attachment.

Examination of Detailed Results of This fivestigation

Additional pressure distributions and their corresponding schlieren
photographs at Mach nunbers near flow attachment are presented to provide
more detailed information on the flow changes that occur. Eata for the
l-x airfoils (figs. 9 and 10) show that the flow attachment occurs at a
Mach number that increases with an increasing angle of attack and is in
the Mach number range between O.~ and 0.86. The flow attachment occu.rs

within a Mach nuniberincrement of approxinmtely 0.02, as indicated by
the pressure distributions correspondingto the highest test B@ch number
below attachment and the lowest test Mach number above attachment which
existed within the data. From an examination of moving pictures of the

.
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flow, the attachment occurred abruptly on the blunt-nose profiles. The
pressure distributions in figure 9 show that the flow change is accom-
panied by a change in load which will have an appreciable effect on some
of the aerodynamic characteristics,especially the pitching moment which
is subject to an increase in a positive direction. The data indicate
further that these fluw chamges are confined to the upper surface since
the pressures on the lower surface me rehtively free of.any change and
therefore of any effect of the transonic flow attachment on the upper
surface.

The data presented in figures 9 and 10 for the l-x airfoils at .
8° angle of attack are compared in figures I-1and 12with similar data
from the 4-10 airfoil to show the effects of leading-edge shape on flow
attachment. As the I&ch nuniberis increased from 0.7 to 0.8 for the
4-10airfoil, there is a continuous transition in the pressure distri-
bution and, at the Mach number of 0.8 the distribution is quite similar
to the distribution observed on the blunt-nose profile at Mach numbers
above flow attachment. The transition over the Mch nuniberrange of 0.1
for the 4-I-Oairfoil is quite gradual as compared to the abrupt changes
in flow over the blunt-nose profiles. This gradual transition is a
direct result of a progressive growth of the velocities over the leading
edge, starting at a Mach ntier of 0.7 with a relatively high velociw,
as compared to the velocities on the blunt-nose profiles. While no
quantitative measurements were made <onthe extent of separation at an
angle of attack of 8°, an examination of the schlieren photographs at
an angle of attack of 4° shows that the extent of separation was greater
on the blunt-nose profiles than on the 4-x airfoils, and the 10-x airfoila
exhibit no separation.

Examination of Results from Other fivestigations

General.- The overexpansion occurring on the blunt, and not on the
sharp, airfoil appears to be in direct opposition to the description of
this flow phenomenon in reference 8 for 6-percent-thickairfoils, wherein
overeqyanaionwas shown to occur on the sharp wedge-type.airfoils but not
on the round-nose airfoib. Similarly, flow photographs in reference 2
show that at a given.angle of attack a decrease in thickness and a con-
sequent decrease in bluntness of the leading edge resulted in over-
expsmsion around the leading edge. Since the results of references 2
and 8 a~ear to be in direct contradictionwith the present investiga-
tion, data from reference 2 willbe examined for a more careful evalua-
tion of leading-edge effects on transonic flow attachment.

Effect of thiclmess.- SChlieren photographs from the two-dimensional
investigationreported in reference 2 are reproduced in figures 13, 14,
and 15 to show the flow past airfoils at M%ch nunkwrs and angles of
attack beyond those presented in reference 2. Figure 13 illustrates that,

.. . . _.. — —.— .+. _ ..— .—..— ._ -. .._. -—
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at a Mach number of 0.53 and at a constant angle of attack, an increase
in thichess of an airfoil is accompanied by a decrease in separation
from a moderately separa@d flow conditian on the &percent-thick model
to no separation on the 12-percent-thickmodel. lhcreasing the Mach
number of the flow past the thin airfoil produces a transition from
separated to unseparated flow that is accompanied by some overexpansion, -
as evidenced by the oblique shock near the leading edge. At any given
Mach number the amount of overexpansion progressively decreases with
increasing thickness, until no evidence of overexpansion is exhibited
in the flow past the 12-percent-thickairfoil.

Effect of camber.- Similar occurrences of low-speed separation and
high-s~ed overexpansion are shown in figures 14 and 15 for 6-percent-

‘ thick airfoilE having various amounts of caniberwhich, expressed in terms
of the design-lift coefficient, are O, 0.2, and 0.5. Since the ratio of
thickness to chord and thickness distribution are constantj the bluntness
of the leading edge is constant for these profiles. figure 14 shows the
three airfoils at an angle of attack of 60; the highest cambered profile
is also shown at a reduced angle of attack in order to provide a lift
coefficient s~ghtly” higher than that for the symmetrical profile. Ilg-
ure 15 shuws the three 6-percent-thickairfoils at angles of attack that
increase as the camber increases. The sngles of attack were chosen so
that at &ch nunber 0.58 the leading-edge flow separation is approximately
the same for the three mdels. These photographs (figs. 14 and 15) at
constant angle of attack show overeqanaion at high speeds is always
accompanied by leading-edge flow separation at luw speeds and is in
agreement with the results observed in figure 13.

EYfect of leading-edge radius.- An investigation of leading-edge-
radius effects on the aerodynamic characteristics of 9-percent-thick
airfoils (NACA 0009-64 and -kk) is reported in reference 10. An exami-
nation of the flow photographs at an angle of attack of 4° in refer-
ence 10 indicates that an increase in the leading-edge radius from 0.39
b 0.89 percent chord produces overexpansion around the leading edge and
flow separation from the leading edge at low speedson the NXCA 0009-64
airfoil.

Correlation of Data on Flow Attachment

The previous data indicatethaty as the degree or extent of flow
separa-tionat low speeds decreases, the overexpansion at high speeds
decreases and the Wch number for flow attachment decreases. The data
also show that, as the angle of attack is decrea~ed for any given profile,
the transonic flow attachment gradually fades out at some low-limiting
angle of attack, and consequently the lkch number for flow attachment
becomes indeterminate at the low angles of attack. me effect of airfoil
parameters on the Mach number for transonic flow attachment as obtained

.

,
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from an examination of present and former investigations (refs. 2 and 8)
is presented in fi~e 16. Data presented in figure 16(a) show the
effect of angle of attack and thickness on the Mach nuder for flow
attachment. These data illustrate that, as the angle of attack is
increased, the Mach nmiber for flow attachment on the airfoil increases.
Furthermore, at any given angle of attack the Mach number for flow
attachment decreases as the ratio of thickness to chord is increased.
Data for the canbered airfoils (fig. 16(c)) show that the general effects
of camber and thiclmess are similar.

Results from reference 8 for sharp leading-edge airfoils (at an
angle of attack of 4°, fig. 16(b)) show a decrease in the I&& nuniber
for flow attachment as the included angle of the leading edge increases.
Unpublished data on a wedge profile with 0, 25, and 50 percent of the
afterbody removed indicate that the Mach number for attachment is de-
pendent upon the forebody shape and the afterbody has no significant
effect. An increase in the leading-edge angle, therefore, can be
considered to be equivalent to an increase in the ratio of thickness
to chord. Thus, at a constant angle of attick, an increase in the
Leading-edge angk produces a decrease in the l@ch numiberfor flow
attachment, which is the same effect as an increase in the ratio of
thickness to chord.

The data of the present investigation (fig. 16(d)) show that an
increase in the amgle of attack produces an increase in the Mach number
for flow attachment and are in agreement with the preceding results.
The data, however, also show that am increase tn the fineness ratio of
the leading edge results in a decrease in the Mmh number for attachment
and, as Previously stated, a decrease in overexpansion. These results
thus appear to be in contradiction to the trend of the data showing the
effects of thictiess and leading-edge angle. The apparent contradiction,
however, is based on the assumption that there is a continuous linesr
variation of the effects of leading-edge shape throughout the rsmge of
leading-edge shapes coveredby the present and previous investigations.

The leading-edge shape is to a large extent dependent upon the
leading-edge radius. Since the data have indicated that high-speed
overexpansion and lhch number for flow attachment correlate with the
extent of the flow separation at low speeds, a simple index for flow
separation will be examined as a function of the leading-edge radius
of symmetrical airfoils expressed in percent of the thiclmess. The
probability of flow separation canbe considered a function of the
maximum negative pressure coefficient (see also ref. n). The maximum
negative theoretical pressure coefficients for NACA 0009-xx airfoils
at an angle of attack of approximately 4° and their variation with the
leading-edge radius are presented”in figure 17(a). The nonlinear var-
iation is similar to the findings in reference 11 in that a moderately
shaped nose, that is, one that is neither blunt nor sharp, produces the

.- — .-—. -. . . ——.—- -



10

.

lowest values of the msximum negative pressure coefficient and thus is
less likely to encounter flow separation. The Mach number for flow
attachment for the airfoils-which have been discussed is presented in \

figure 17(b). These data show a nonlinear variation with the leading- .

edge radius similar to the variation shownby the theoretical pressure-
distri%ution results; This figure shows that the data from previous
investigations (refs. 2 and 8) and the present investigation on the
effect of leading-edge shape on Mach number for flow attachment and
overexpansion are in agreement. Both results show that an airfoil
having a moderatdy shaped leading edge will alleviate separation and
reduce the adverse effects of transonic flow attachment.

.

EFFECT OF FLOW CHANGES AND AIRFOIL SHAPE ON AERODYNAMIC FORCES

General Effects

The normal-force, drag, and pitching-moment data are’presented in
coefficient form as a function of Mach.nuriberat constant angles of
attack for each of the airfoils in figure 18. me most noteworthy
characteristic of the normal-force coefficients observed in these basic
data is the high Mch nuniberat which the normal-force break occurs,
generalJy around a Mach number of about 0.95. This characteristicwas
unaffected by changes in leading- and trailing-edge shapes. The high
Mach number for normal-force break and the absence of a reversal is in
complete agreement wtth the characteristics of thin airfoils as evi-
denced by the data on the 4- and 6-percent-thickairfoils in reference 2.

The drag coefficients h the basic data show erratic variations with
&ch nuniber. After the usual drag-rise characteristic,most of the
profiles undergo a rapid dropoff in drag coefficient at a Mach number
between 0.8 and 0.9. At a somewhat higher Mach number, the data indicate
a reversal in drag coefficient.

The pitching-moment coefficients for all these 2-percent-thick
profiles exhibit an abrupt change at a Mach nuuiberbetween 0.75 and 0.85.
The abruptness of this change and the kch numiberat which it occurs
appear to increase with angle of attack. An examination of these data
indicates that the &ch number at which the moment pitch-up occurs ~

coincides with the Mach number at which the rapid rise in normal-force
coefficientbegins and is near the Mach number for the usual drag rise.
At a somewhat higher Mach ntier ~, a minimum value of negati~ moment

occurs and is followed by a rapid increase in negative pitching moment.
The M9chmuniber

occurs coincides

1% at which a second inflection in the pitching moment

with the Mach nuniberfor the normal-force break.

.
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EY?fect of

The initial moment

the elimination of flow

IL

Flow’Changes on Pitching Mxnent

pitch-up or break occurs at ~ as a result of

separation by the transonic flow attachment.
The flow change produces an increase in the maximum local l+kchnuniber

%- and in the chordwise extent of low pressures. The compression

shock for this flow condition generally occurs at a station ahead of
the 25-percent-chord station. The pressure changes produce a positive
increment in the pitching moment ~, and the flow conditions represent

the beginning of the range in which the normal force increases rapidly
with the Mach nuder. The normal-force increases are due to rapid
rearward-chordwisemovement of the shock.

The N&h number ~ for minimum negative pitching moment was

caused by the compression shock moving past the quarter-chord station
and thus starting to contribute toward negative pitching moments. This
Mach number is in the speed range in which the load at the leading edge
is dropping off rapidly thereby prcducing a decrease in the maximum
local ~ch numbers (fig. 19) and a decrease in the shock intensity with
increasing stream ~chn umber (fig. 20). The fact that the shock moves
rearward more rapidly than the loading over the forward part of the
profile decreases is proved by the fact thd the total normal force
continues to increase rapidly.

The Mach nunber ~ is attained when the shock on the upper

surface reaches the trailing edge. With the shock at the trailing edge,
further expansion d the low-pressure field along the upper surface is
impossible; consequently, further increases in normal force and negative
moment are halted..

Examination of Drag Distribution Across Wakes

~ an attempt to evaluate the factors that contributed to the
erratic behavior of the drag coefficients, an analysis was made, not
only of the variation in the maximum I-ocalltac hnumberwiththe stiesm
Mach nuniber,but also of the changes that occurred in the distribution
of drag across the wake of the models. Typical examples are shown in
figures 19 and 20. ,h this anslysis it was found that the lower surface
tid not contribute to my aerodynamic fluctuations of the drag coeffi-
cient. It did, however, contribute toward an increase in drag coeffi-
cient at a Mach nuder above a value somewhere between 0.9 and 0.95.
The drag”from the central yart of the wake varied for some airfoils in
a manner similar to the variation in the total drag coefficients. In-
other cases this drag in the central region of the wake was essentially
constant, and the fluctuations occurred only in the upper-surface drag.

.
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The explanation of these fluctuations in drag coefficients was not
discernible in either the pressure distributions or the schlieren
photographs. The fluctuations are probably due to a combination of
small effects which are not detectable in this investigation. similar
variations of drag coefficient
tests of rocket-powered mcxiels

lHfect of Nrfotl

A quantitative evaluation

with Mach number have been observed in
in free flight (ref. X2).

Shape on Pitching Moment

of the effects of leading- and trailing-
edge s~-pes and the normal-force coefficient on the pit~hing-moment –
break which accompanies flbw attachment at the leading edge of the
profile is shown in figure 21. The Mach nuniberat which the’pitching-
moment break occurs generally increases with normal-force coefficient
and is further increased by increasing the bluntness of the leading
edge (fig. 21(a)). The trailing-edge shape has only a minor effect,
except when in combination with a blunt leading edge at ~ between

0.6and 0.7. For this combination, increasing the bluntness of.the
trailing edge to values less than four results in increased Wch number
for the moment break.

The increinentin pitching moment at transonic flow attachment ACm
increases with the normal-force coefficient (fig. 21(b)), as was also
observed in the basic data (fig. 18). It Was also seen in figure 21(b)
that the increment increases as the leading edge becomes progressively
more blunt, and a similar effect
The effect is rather significant
fineness ratios less than 4.

AERODYNAMIC

me data from figure 18 are

is obsened for traillng-edge shhpe.
for trailing-edge

CHARACTERISTICS

shapes having ,

cross-plotted to show changes in
aerodynamic characteristics of these 2-percent-thickairfoils over the
range of variables investigated. These data, as previously described,
are uncorrected for je”t-boundaryeffects because no suitable means of
correction exists.

The variation

Normal-Force Coefficients

in normal-force coefficient with angle of attack at
selected Mach nunbers from 0.7 to 1.0 is shown in figure 22. The data
indicate that the maximum normal-force coefficient can be expected to
increase from 0.8 at a I@ch number of 0.70to a value in excess of LOO
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at Mach numbers between 0.95 and 1.00. The figure also illustrates some
effects of leading- and trailing-edge,changes. At a Mach number of 0.70,
the effects of the leading- and trailing-edge shape on the normal-force-
curve slope are rehtively large, and the airfoil having the most blunt
leading edge combined with th+ most ~lunt trailing edge has the largest
normal-force-curve slope. While the blunt leading edge retains its
ability to improve the normal-force-curve slopes at high Mach nunbers,
the improvement contributed by the blunt trailing edge progressively
decreases as lhch nuniberincreases. Furthermore, increases in the fine-
ness ratio of the leading or trailing edge from 4 to 10 have little effect
on the normal force throughout the range.

Drag Coefficients

The variation in the section drag coefficientwith section normal-
force coefficient is presented in figure 23 at E@ch numbers from 0.70 to
1.00. An examination of the data indicates that shsye has quite a large
effect on drag, particularly at low normal-force coefficients. As the
section normal-force coefficient is increased beyond 0.6, the effects of
shape on drag appear to become small. These effects, however, are
illustrated more clearly in figure 24, which shove the variation in the
section drag coefficientwith &ch nuniberat constant normal-force
coefficientas affected by profile shape. The data at a normal-force
coefficient of zero indicate, in general, that blunting of the leading
or the trailing edge, or both, causes a marked increase in the section
drag coefficient. At a normal-force coefficient of 0.4 and Mach nunibers
less than 0.95, the profiles having blunt noses and blunt trailing edges
(l-4 sad l-O) have the highest section drag coefficients. Increasing
the fineness ratio of the leading and trailing edges produces a decrease
in drag. !lheprofiles having the least drag were the 10-10 airfoilat
Mach nunibersfrom 0.50 to 0.95 and the 4-10 airfoil at Mach nuuibers
from O.96 to 1.o. At a normal-force coefficient of 0.8 the effects of
shape sre of decreased importance and somewhat erratic in nature. The
10-h profile, however, had the lowest drag coefficient over the high
Mach number range.

The variations in the ratio of normal force to drag with section
normal-force coefficient for the various airfoils, as affected by I&ch
number, are shown in figure 25. The maxlnmm ratio of normal force to
drag increases with an increase in Mach number to a maximum value at a
Mach nuniberbetween 0.9 and 0.95. Further increases in the Mach number
result-in a reduction in the maximum ratio of normal force to drag.
‘lhehighest value of the ratio of normal force to drag for each of the
airfoila occUrs at a normal-force coefficient of 0.5 or greater. The
effect of profile shape on the ratio of normal force to drag is illus-
trated in figure 26. The data show, in general, a decided effect of
shape at Mach numbers of 0.95 and below, while at a Ehh numiberof 1.00,

.—.- ..-. . . . . ..-. —.__—___ ,.._. _ ___ ___ . -..—— . . ..-– .._—______ _



14

shape has ltttk effect. At these lower Mach nunibers,profiles with
leading- and trailing-e* ccmibinatio.psof fineness ratios of 4 and 10
have the highest ratios of normal force to drag, whereas the profiles
with the blunt shapes have the luwest values. These effects are main-
tained throughout the speed range even though, as previously stated,
the ma@tude of the changes in the ratio of normal force to drag at a
Mach number of 1.0 is small.

Pitching-Moment Coefficients

Tbe variations of pitching-moment coefficient with section normal-
force coefficient are shown in figure 27. The data illustrate, as did
the normal-force data, that the largest effect of shape on the pitching
moment occurs at the lowest test Mach numbers where blunting of either
the leading edge or the trailing edge, or both, produces a negative
shift in _pitchhg mament at a lower norzual-fmce coefficient. with an
increase in Mwh nunber, the effect of shape on variations in the
pitching-moment coefficient rapidly decreases, and at Mach number of
1.0 there is Httle effect due to shape.

~ of Aer~c Characteristics

The data show that improvements in the normal-force-curve slope
are attained throughout the speed range by using blunt leading edges.
Some improvement, especially at ~ch numbers around 0.7, is produced
also by blunting the tiail.ingedge of the airfoil. These %eneficial
effects on nodmal-force coefficient, however, are accompanied by
increases in the drag coefficient. AiI’fOib having kading- and
trailing-edge cmibinations of fineness ratios of 4 ad 10 not.only
produce the highest ratios of normal force to drag, but also have the
smallest abrupt change in pitching moment at the transonic flow
attachment. ‘

The-general effect of changes in leading- and trailing-edge shapes
from fineness ratios of 4 to 10 is small. Sufficient variations
occur through the ranges of l@2h number and normal-force coefficient
to make the choice of a particular combination dependent on the require-
ments for a specific app~cation.

Effects of Tbichess

Data for the 4-10 airfoil of 2-percent thickness are compared with
similar data obtained from reference 2 on the NACA @lAO@ and @+AO06
airfoils in order to evaluate the effect of “thicknesson the aerodynamic
characteristics. Figure 28 shows that at a wch nuder of 0.7, there is

—— .—. —— .
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little effect of thickness on the section normal-force coefficient;
however, an increase in Mach nuuiberto values in excess of 0.9 results
in an appreciable increase in the section normal-force coefficient at
any given angle of attack as a result of a decrease in the ratio of
thicknessto chord. The maximum benefit is observed at the highest test
Mach nuniberof 1.0. The ratios of normal force to drag (fig. 29) ilLx3-
trate that reductions in thiclmess to 2 percent yroduce additional
improvements in the ratio of normal force to drag. At a lkch number of
0.7, the thinnest airfoil has the lowest ratio of normal force to drag.
ticrease in the Mach nunibercauses a progressive shift in the effect of
thiclmess on this ratio, and at ~ch ’numberof 0.95 to 1.0, the thinnest
profile has the highest ratio of normal force to drag.

lliepreviously observed effects of thickness.are also retained in
the variation of the center-of-pressurelocation with &ch number
(fig. 30) for normal-force coefficients of 0.2and 0.4. A reduction
in thiclmess results in an increase in the kch nuniberat which the
center of pressure starts moving rearward. Ih general, this comparison
at high subsonic Mach numbers illustrates that the beneficial effects
of reductions b thickness to 4 percent, shown by previous investiga-
tions to increase the normal-force curve slope and ratio of normal force
to drag, as well as to increase the ~ch number,at which the center of
pressure started moving rearward, are also observed in the present
investigation of 2-percent-thick airfoik.

COI?CLUDINGREMARKS

A two-dimensional investigation at transonic Mach numbers has been
made of the flow and force characteristicsof slab-sided airfoils of
2-percent thickness. The airfoib had various combinations of ellip-
tically shaped leading and trailing edges from a fineness ratio of
o to 10.

The results indicate that witham increase in Mach mmiber an abrupt
break in pitching moment occurred as a consequence of an abrupt transi-
tion from separated to unseparated flow at transonic flow attachment.
The abruptness of the flow change was reducedhy increasing the fineness
ratio of the elliptical leading edge, a result which is in agreement
with the data of NACA Technical Note 1211. Both investigations show
that a properly shaped leading edge alleviates flow separation smd
thereby reduces overexpansion at transonic flow attachment.

The data ilh.strate that airfoils having leading- sad tiiMng-edge
ccmibinationsof fineness ratios of 4 and 10 not only produce the highest
ratios of normal force to drag, but also have the smalJest abrupt change
in pitching moment at transonic flow attachment. Although the general

... ..- —— .-— .——.—.. _ .. ..—..— ——— ---- -— . .. . . .
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effect of changes in leading- and trailing-edge shapes from fineness
ratios of 4 to 10 was small,-sufficientvariations occur through the
range of hhch number and normal-force coefficient to make the choice
of a particular combination dependent on the requirements for a specific v

application.

A comparison of the aerodynamic characteristicsof the 2-percent-
thick profiles was made with the characteristic of 4- and 6-percent-
thick profiles obtained under the same test conditions. The comparison
at high su%sonic Mach numbers indicates that the beneficial effects of
reductions in thickness to 4 percent, shown by previous investigations
to increase the normal-force-curve slope and ratio of normal force to
drag, as well as to increase the l@ch number at which the center of
pressure started moving rearward, are also obsermd in the present
investigation of 2-percent-thickairfoils.

Langley Aeronautical Laboratory,
National Advisory Committee for Aeronautics,

Langky Field, Vs., September 17, 1954.
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