
sECUR17Y lhIFORMSl_lOhJ - .._.-

.

.

RESEARCH MEMORANDU

A METHOD FOR ESTIMATING THE ROLLING MOMENTS CAUSED

BY WING-TAIL INTERFERENCE FOR MISSILES

AT SUPERSONIC SPEEDS

By Sherman Edwards andKatsumi Hikido

Ames AeronauticalLaboratory
MoffettField,Calif.

CLE3FIEDDmuMnn!

ThisnmterhlcontdnsMmmtiOn afhctirgM NMOml E8ferm d b UnMd SIaw HIM tlnrman!mr
of b Womp km, ‘lltlsU, U.S.C.,-.703 d 794,h irammimlanorrewhtlcaciwhkhlauiy
—r to an tunutbarlsedprmn h pmhitdtdW W.

NATIONAL ADVISORY COMMITTEE
FOR AERONAUTICS

WASHINGTON

November 12,1953



J&@#5.r.FAzz ytkSfAk2’inn cimc Wd @f eh?n~d to, ........ .. ... ............ .........<*.

/+4dqBy..........-+.~~~,[ ),IuD,.,.,..............................................................

mm*. . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . ..\ . . ..*... *.. **9

9RADEOFofFICER MAKIItO CfIAHIIEJ

.

.



TECH LIBRARY KAFB, NM

1P
N4CA RM A53H18

m
NATIONJ!L

v

liflVISORYCOhMHqT3ZFORAERONAUTICS

RESEARCH MEMORANDUM

A METHOD FORESTIMATINGTHEROLLING

BY WING-TAILI~NCE FOR

AT SUPERSONICSPEEDS

MOMENTS CAUSED

MISSILES

By Sherman Edwards and Katsumi Hikido

SUMMARY

A method is presented
w3ni3-tailinterference for

for estimating the rolllng moments caused by
missiles composed of wing-tail-body combi-

nations. The considerations involved ii estimating-the struc~ure of theA
downwash field behind lifting cruciform wing-body combinations and in
estimating the induced rolling moments on cruciform tail surfaces trail-

k ing in this downwash field are discussed in detail. Estimates of the
induced rolling moments for several missile configurations are shown to
compare reasonably with the experimental results.

INTRODUCTION

Interference phenomena can,exert a strong itiluence,p+q~e,ae~.gn+,,,y~%
dynamic characteristics of missiles; consequently, ~he’-acc’u;acy-o% -
estimates of stability and control parameters is a direct function of .....
the precision with which these interference ph&bm4Aa cad%e computed.
Missile interference problems, in general, can be divided into three
categories: wing-wing, wing-body, and wing-tail interference. The
wing-wing and wing-body types of interference have been the subject of
a number of theoretical and experimental investigations.<.refs.1 .,:,..,.
through 10) and are rel.ativelywell ~erstood. In:&o”ri~@!%j’khtider-’’a”~’
standing of the mechanism of wing-tail interference, until very recently,
has been lacking, and, as a result, the search for miss~e’’60-?@&&?8’&*”’
having desirable stability and control characteristics has been handi-
capped.

. An attempt was made in reference 10 to
ence effects and the resulting longitudinal
of an air-to-air missile having a cruciform

●

m...-u..—

compute wing-tail interfer-
stability characteristics
wing and tail. ThiS
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analysis indicated that the
surfaces arranged in tandem
encouraged the extension of
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pitching moments of missiles having lifting
m

were amenable to calculation. The results
these methods to the study of tail rolling v

moments resulting from wing-tail interference. At least three con-
ditions can be enumerated in which such rolling moments occur for
missiles composed of tandem arrangements of cruciform wings:

1. When all surfaces of the wing are fixed at zero incidence and
—

the airframe is at conibinedangles of attack and bank.

2. When the forward wing surfaces are differentially deflected.

3* When a variable-incidence-wingmissile is at an angle of
attack (at zero bank angle) and the missile receives a
signal which results in large deflections of the forward
vertical wing panels.

The extension of the methods of reference 10 has been aimed at
estimating the effect of the third condition; however, the method
should apply equally well to the other cases. It is the purpose of
this report to present the method and to apply it to several missile
configurations for which expertiental results are available. m

NOTATION
~

— —

a

Cr

● 4*,$. .c2t ..-

CN

body radius, ft

root chord, ft

.l,cTQ>liW-moment coefficient on the trailing wing (tail) of a
taride’mwing missile (positive for clockwise as viewed

upstre,a,m)%rolling moment

qs{2st

normal-force coefficient (based upon the exposed area of one

wing panel), normal force on one wing panel
Q%

k.
c& ‘ !Wft%tie slope, %, per radian

‘“73’’.*” ‘““’~~y diameter, ft

e distance from body center line to an image vortex inside
the body, ft

—
—

f
●

distance frombdy center line to a vortex external to the
.

body, ft
.

,,
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k

K

1~

Ltr

qCF

St

St

.

%7

magnitude
induced

magnitude

3

of the deflection of a stresad.inecaused by the
crossflow akout the body, ft

of the deflection of a streamline induced by an
infinite line vortex, ft

crossflow velocity ratio, qCF

V. sin a

number of incremental distances in the graphical construction

distance from the trailing edge of a wing to a point in the
stream behind the wing at which the structure of the
downwash field is desired, ft

rolling moment (positive for clockwise moments as viewed
upstream), lb f%

strip loading per unit angle of attack, e, in terms of the
dynamic pressure

Mach nuniber

velocity at any point induced by an infinite line vortex,

r
-Y ft/sec
2str- ‘

magnitude of the indured velocity caused by the crossflow
about the body, kVo sin a, ft/sec

dynamic pressure, ~ POV02, lb/sq ft

radial distance from the center of a vortex, ft

roll-influence function

distance from the body center line to the center of gravity
of the vortex sheet discharged from a wing panel, ft

semispan of the trailing wing of a tandem wing missile, ft

gross area in one plane of the trailing wing (including the
area within the body obtained by extending trailing and
leading edges

exposed area of

of th~ wing to th~ body cen=er line); sq ft

one forward wing panel, sq ft
\
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t time, sec

V. free-stream velocity, f%/sec

(V,w) sidewash and upwash velocities (positive in the positive
directions of yf and z! axes, respectively, see fig. 1),
ftjsec

x complex coordinate (y + iz), dimensionless

(X’,y’,z’) Cartesian coordinate system with positive direction of xl

NACARMA53E18

c

downstream along the body center line, the x’, z! plane
vertical, and y’ measured positively to the right
looking upstream (body axes), ft

(X,y,z)

(Yl,zl)

a

P

r

ev

Gh

Po

a

@

T

9’

Cartesism coordinate system in terms of st

coordinates of an infinite line vortex with respect to a
cruciform wing in terms of the semispan, st

angle of attack, radians unless specified
—

Circulation (positive for clockwise circulation of trailing
#

vortex as viewed upstream), ft=/sec
— —

vsidewash angle, —, radians
Vo

downwash angle, – ‘, radians
.-

Vo

stream mass density, slugs/cu ft

complex coordinate in the transformed plane (T + iv}

complex potential in the a plane

velocity potential in the u plane

velocity potential in the X plane

METHOD OF ANALYSIS

In the course of the investigation; it was found that the analysis
could be divided into two main phases: first, the problem of estimating
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u
the induced flow field behind a lifting cruciform wing-body conibination
and, second, the problem of calculating the rolling moment induced on a

s cruciform wing in this nonuniform flow.

INDUCED FLOW BEHIND LOW-ASPECT-RATIO
WING-BODY COMBINATIONS

Treatment of wing-tail interference effects

CRUCIFORM

depends in a large
measure on an understanding of the manner in which vorticity is
discharged from cruciform wings in combination with a body and upon an
adequate representation of the resulting induced flow downstream. The
complex nature of the real vortex sheets, however, precludes an exact
representation in any practical computation procedure and indicates that
a simplified model should be chosen.

The model selected for the present study is illustrated in figure 1,
which shows a typical cruciform wing-body combination with the simplified
model of the vortex system. This model is similar to that used in refer-
ence 10 to compute the effects of wing-tail interference upon missile

.
pitching moments. In this model the vorticity discharged from each
panel of the conibinationis considered to be completely rolled up into

i a discrete vortex immediately behind the trailing edge of each panel.
In accordance with this assumption, each wing panel in figure 1 is
replaced by a bound vortex and two trailing line vortices, one near the
tip of the wing at the center of gravity of the vortex sheet discharged
from the panel, the other within the body at a point corresponding to
the image position of the external vortex.

In order to use this vortex model to calculate the induced flow
downstream of the wing, one must estimte:

1. The strength and
edge.

2. The paths of the

origin of the vorticity at the wing

vortices as they trail downstream.

trailing

The procedures and assumptions involved in each of these steps are
summarized in the”following sections.

Vortex Strength and Origin

. At present, the discharge of vorticity from
combinations at supersonic speeds is not clearly
larly with regard to the effects of large angles.

cruciform wing-body
understood, particu-
of attack and angles
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of sideslip. It is not the purpose of this discussion to dwell upon
v

—

this problem but to present a simplified vortex model which, although
it disregards some recognized phenomens (see ref. 11), appears to 1
provide a reasonable basis for computations. -— —

For certain wing plan forms, the span loading of the wing is
insensitive to sideslip, and a simple, direct relationship between
span loading and circulation can be used. The application of this
simple relationship to low-aspect-ratio triangular wings for which the
span loading varies with angle of sideslip, howeverl is the subject of
controversy. A study of linear theory indicates its use to be incor-
rect since linear theory, while predicting an asymmetry of loading,
indicates that, for small angles of sideslip, the spanwise distribution
of circulation remains symmetric. The relation between circulation
distribution and span loading, valid at zero sideslip, therefore, does
not hold for wings in sideslip. A study of the experimental evidence,
references 10 and 12, on the other hand, and of rough theoretical
approximations for large angles of sideslip..indicatesthat a simple>
direct relation between load and circulation gives a reasonable
approximation of the correct vortex strength for cruciform wing-body ““
combinations at supersonic speed. In the present instance, the simple
relationship applied to all wings to determine the strength of the _
vortex filaments is as follows:l

—

— —

.
—

—

b

cNn ‘o%
rn =

‘2[s’ - (a2/s’)1
.(1)

The denominator of this equation is determined from the position of the
vortex center of gravity which is estimated by replacing the spanwise

—

load distribution on a panel by an equivalent rectangular loading.
This estimation is based on the meager data available (refs. 11
through 14).

The reader should note that in the analysis, body crossflow
vortices (refs. 15 and 16)are not treated.

1
This equation assumes that the panels of a cruciform wing are aero-
dynamically independent (wing-ting interference disregarded). This
independency was found to have a significant effect upon induced-roll
computations applied to missiles for which the loading on the forward .

wi~g is influenced a~reciablyby sideslip angle. This point iS
discussed further on page 23.

“d“-
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Vortex Paths Downstream of Simplified Model

Unfortunately, simple eqzations which define uniquely the paths of
the vortices downstream of the simplified model previously discussed
cannot be written (ref. 17). The methods which are available for
determining the vortex motions are rather tedious inasmuch as they
involve numerical procedures for computing the effects of mutual inter-
ference between the vortices and the effect of the flow about the body.
As a step toward reducing the labor required in evaluating these effects,
a graphical computing procedure is presented.

With the assumption that the bound vortices within the wing are
unimportant in determining the structure of the induced flow field
downstream (ref. 18),the simplified model (fig. 1) consists of eight
infinite line vortices. Four of the vortices are situated outside an
infinite circular cylinder representing the body and are free to move
along the streamlines downstream of the wing trailing edge; the other
four vortices are inside the cylinder at the image points determined
from the positions of the external vortices. At each station along the
missile body, the rotational =es of all vortices are considered to be.
parallel to the body center line. The complicated three-dimensional
flow about a cruciform wing-body conibinationreduces, then, to a two-

% dimensional flow in planes normal to the center line of the body. The
paths of the streamlines downstream of the wing, therefore, can be
approximated by examining the flow in successive crossflow planes and
by determining the deflections of the streamlines between each of these
planes. To accomplish this objective, the tail length (Zt) is divided
into an arbitrary number of equal increments, say K increments. The
time required for the stream to traverse one increment is, then

Zt
t=— (2)

Iwo

In this time interval? deflections of the streamlines and corresponding
changes in the spatial relationship between the rotational axes of the
eight vortices of the simplified model, both with respect to the body
and with respect to each other, occur because of:

1. The presence of the body.

2. The mutual interaction between the four etiernal and four
image vortices representing the simplified model of the
lifting wing-body combination.

. Expressions for obtaining each of these deflections are presented in
the following paragraphs.
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If it is assumed that the crossflow about the body can be repre-
sented by a two-dimensional flow about an infinite circular cylinder,
then the deflection in the time interval t (of the streamline which
intersects a particular crossflow plane at any given point) causedby
the body is

-==-=n=k [(asinal

%F qCF Zt
d (3)

where k is given by

k=

—

i

~-2(z2-F) -1

(Z2 -1-y2)2

the ratio of the fluid velocity at any pointThe constant k is simply
in the two-dimensional flow about a circular cylinder to the undisturbed
velocity at infinity (Vo sin a). Values of k are between O and 2.

The presence of an infinite line vortex with its axis of rotation
normal to this crossflow plane causes the streamline being considered
to be deflected a distance given by

—

(4)

where

B‘2 G) (3 L - :,,s, )
The terms in the
vortex strength
respectively. As a further consideration regarding the i~uced effe&s
of vortices in the flow field, the relationship between a vortex and
its image inside a cylinder is a constraint which somewhat simplifies
the graphical procedure. This condition is expressed by

parameter B are obtained by substituting for the
I’ and time interval t from equations (1) and (2),

efl——= -
dd 4

(5)

Eq~tions (3)through (5)form the basis for the graphical con-
structions and are incorporated into the charts shown in figure 2. In
order to improve the accuracy of the graphical computations, tabulated
values of the parameters necessary to draw these charts to a larger
scale are given in tables I and II. These charts
used as underlays in the graphical procedure, the
discussed in Appendix A.

are designed to be
details of which are

e-

.
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ROLLING MOMENT ON CRUCIFORM WINGS INIXJCED
BY AN INTINI!KELINE VORTEX

In the previous section, a graphical procedure was presented for
tracing the paths of vortices shed from the forward lifting surfaces of
a tandem-wing missile downstream to the vicinity of the trailing wing.
The induced flow in this region is assumed, then, to be that causedby
a number of tiscrete vortices with a specified spatial orientation and
strength. The problem of computing the rolling moment on a wing
imnersed in this flow field canbe resolved by solving first the general
problem involving one vortex with its rotational axis parallel to the
root chord of the wing. The rolling moment caused by more than one
vortex, then, is determined by adding the contribution of each individual
vortex. Theoretical considerations involved in the solution of this
phase of the problem are divided in the following sections, according
to the relationship between the sweep of the Mach lines and the sweep of
the tings as follows:

1. Wings with supersonic

2. Triangular tings with

leading edges.

subsonic leading edges.

3. Slender triangular wings lyfng near the center of the Mach cone.

Wings With Supersonic Leading Edges

Pertinent geometric relationships involved in solving for the
rolling moment induced by an infinite line vortex on cruciform wings in
this category are shown in figure 3. The rolling-nmment coefficient
will be expressed in terms of the area, St, and the maximum span, 2st,
of the wing in one plane of the cruciform and will be related to the
nondimensional aerodynamic and geometric parameters obtained previously
in the developrrkntof the simplified model. Viewed from the rear,
clockwise rotation of the flow due to a vortex and clockwise rolling
moments are considered positive.

Determination of the local induced flow angle perpendicular to the
planar components of the cruciform wing.- With reference to the geometric
relationships given in figure 3, the velocity at any point in the flow
field about the vortex is,

r

q
=—

%r
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from which it maybe determined that the local induced-flow angles in
.

the horizontal and vertical planes are,

r (Y-YJ~h=-~=—
Vo 21rvf+lt (y-yI)= + Z=*

and

r’Ev.L.— (z-z~)

V. 21-rvost (2=-2)2 + y==

x

(6)

(7)

Rolling moment on the wing.- A number of methods are available for
determining the loads on lifting surfaces in nonuniform flow fields
(see Appendix of ref. 10). The approach based upon reversed-flow
relations is particularly useful from the standpoint of general appli-
cability and, in many cases, reduced complexity of the computations.
A discussion of these reciprocity relations as applied to aerodynamic
problems including a list of references on the subject is contained in
reference 19. Reversed-flow theorems are utilized in tie present
analysis wherever their application results in simplification of the
computations.

In order to find the rolling moment on a cruciform wing situated
●

in the nonuniform flow given by equations (6) and (7), it is necessary
to determine the appropriate roll-influence function for the wing, .#
which is equivalent to finding the span loading on the wing rolling at
the rate of one radian per second in reversed flow (ref. 20). The roll-
influence function depends directly upon the wing plan form and Mach
number. In this section, the roll-influence functions for rectangular
wings (of high aspect ratio) and triangular wings of cruciform arrange-
ment will be determined; a family of wings whose roll-influence functions
fall between those of high-aspect-ratio rectangular wings and triangular
wings also will be discussed. It is believed that by suitable interpo-
lation between the results for these cases, estimations of the rolling
moment induced by an infinite line vortex on a large class of wings
with supersonic leading edges can be made. __..

If tip effects for the rectangular wing are disregarded, the roll-
influence function (or the spanwise loading on the rolling wing)
obtained either by means of strip theory or by the use of the reversed-

.-

flow theorem, is a linear function of the span variable and is given by

()R(y)= & y=~~y (8)

From a consideration of reverse-flow principles, it can be shown that
the roll-influence function for triang@ar wings (horizontal components)
with supersonic edges is a parabolic function of the span variable given
by the eqution
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(9)

These results may be combined in the form of
eqyation:

()
%(1.Rm(y)= ~ Y=~st

the following more general

lYlm) y (lo)

which is plotted in figure 4 for various values of m. Note that for
values of y less than 1, equation (10) reduces to eqyation (8) as
m becomes infinite. For this case, the function is discontinuous
when y equals 1. When m equals 1, equation (10) is identical to
equation (9). When the exponent m takes various values between
1 and UJ,roll-influence functions between those for the h@h-aspect-
ratio rectangular wing and the triangular wing are obtained.

If it is assumed that the interference between the horizontal and
vertical components of a cruciform wing with supersonic edges can be

4 disregarded, the roll-influence function for.the vertical wing component
Rm(z) (see fig. 3) is identical to that of the horizontal wing components
with the substitution of z for the y variable. The interference

. between the two planar components of the cruciform wing is confined to
the region within the Mach cone originating at the point of intersection
of the leading edges of the ting components. As the area of the wing
within this M&ch cone decreases relattve to the total wing area, the
assumption that the two components of the cruciform w5ng do not inter-
fere improyes. Such a condition occurs tith increasing aspect ratio
and/or Mach number. The rolling moment on the ting, then, induced by
the nonuniform downwash field described by equations (6) and (7) is, in
coefficient form,

Upon substitution for the itiuced-flow-angle expressions and roll-
influence function from eqy.ations(6), (7), and (10), this equation
becomes

r St Cr

c Zt

()

=— . Fm
scpvost %

where
*

Fm = J’ (1 -lYlm)(Y - Y.)Y dY + J=

-1 (Y - YJ2 + 212 -1

(U)

(1 -[ Z]m)(Z - 2=)2 dz

(Z1 - z)* i-y=a .
.
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The integrals in the parameter Fm have been computed for values
of the exponent m of infinity (corresponding to the rectangular wing
of high aspect ratio), four, two, and one (corresponding to the tri-
angular wing with supersonic edges). The results are presented in
figure ~. The curves on these charts are the loci of vortex positions
with respect to the cruciform wing for which the rolling moment induced
by a vortex of given strength is constant. These curves were obtained
by cross-plotting the integral values of Fm for various positions of
a line vortex given by the coordinates yl, Z1. The charts are drawn
only for vortex positions in the first quadrant of the coordinate system
shown in figure 3. Since conditions of symmetry exist, however, the
entire field may be completed by simple reflection. The sign of the
parameter, Fm is in accordance with the sign convention adopted
previously; that is, induced flow about the vortex in a clockwise
manner, when viewed from the rear, is considered positive. For counter-
clockwise vortex rotation, the sign of the paremeter as determined from
figure 5 is simply reversed. It is interesting to note the similarity
between the charts for various values of the exponent m and also the
existence, in each case, of vortex positions for which the rolling
moment on the wing is zero regardless of the vortex strength (Fm = O).

Rolling moment on the trailing cruciform wing in relation to the
●

simplified model.- The expression for the rolling-moment coefficient
given in equation (Il.)can be related to the simplified model described
previously through the medium of the vortex strengths r which are

.

preserved in the flow downstream from the forward wing. From equa-
tion (1), the vortex strength for the simplified model was

cNn ‘O %
rn =

—

2[s’ - (a2/s’)]

If the normal-force coefficient cNn in this expression is based now
upon the gross area St of the trailing wing in one plane of the cruci-
form and the lifting-line length s’ - a2/st is measured in terms of
the semispan of the trailing wing st, then

where,

~_GVoSt_—
2 St

Upon substitution of ~ from eqpation (E)
rolling-moment coefficient becomes

into equation (n), the

(12)

(13)

Czt= G crF——
23Tp St m

(14)
.
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where G is defined by equation (13) and Fm is determined from the
charts in figure 5.

For rectangular wings of high aspect ratio and triangular wings
with supersonic edges, of course, the values of Fm are taken from
figures ~(a) and 5(d)j respectively. An analysis of the rolling moment
induced by a vortex on cruciform wings of other plan forms in this
category would require a reconsideration of eqyation (14) for each
change in the parameters which determine the roll-influence function,
nsmely, plan form and Mach number. Obviously, such a procedure could
become very involved. It is believed that by comparison of the computed
roll-influence function for the wing being considered.(or the span load-
ing on the rolling wing in reversed flow)with the roll-influence functions
plotted in figure 4, estimation of an approximate value of the exponent
m from this comparison, then interpolation between the charts of
figure 5, the induced rolling-moment characteristics of a large class of
wings in this category can be estimated. For design purposes, it is
probably sufficient to bracket the rolling moments by over and under
approximations, and determine Fm from two of the charts presented in
figure ~ without recourse to interpolation. In some cases, of course,
the roll-influence function for a wing is not approximated with suffi-
cient accuracy by any of the curves of figure 4 or by any conibination
of these influence functions. In order to compute the rolling moment
for wings of this type, it will be necessary to construct a chart
similar to those of figure 5, based upon the ro~-influence function
for the particular wing being considered; or, if values of the rolling
moment are reqyired for only a few critical maneuvering conditions of
flight, these moments can be obtained by evaluating the appropriate
integrals.

Triangular Wings With Subsonic Leading Edges

The rolling moments induced by an infinite line vortex on cruciform
wings of triangular plan form with the leading edges of the wing swept
behind the Mach cone will be considered in this section. With reference
to the geometric relations shown in figure 3, the distributions of down-
wash and sidewash on the horizontal and vertical components of the wing
are given again by equations (6)and (7),respectively. Again, in this
case, it will be assumed that interaction between the horizontal and
vertical components of the wing is negligible; therefore, each component
can be treated as an independent planar wing system. This assumption
is probably satisfactory provided the leading edges of the wing are not
swept far behind the Mach cone, in which case interaction between the

. wing components assmes a more predominant role. This case will be
treated in the following section.

.
.
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The spanwise distribution of the lift cm a planar triangular wing
.

with subsonic edges is known to be elliptical and can be expressed as

where all of the quantities involved have been defined previously except
c~ which is the li.?b-curveslope (per radian) of the trailing wing as

determined from reference 21. From the application of strip theory
based upon considerations of reversed-flow principles, the roll-influence
function for a planar triangular wing (horizontal component of cruciform)
is assumed to be given in approximate form by

o 2stc%J= yRA(Y) = ..&” y= —
o S’2 fi

(15)

The roll-influence function for the vertical ‘wingcomponent RA(z) is
identical to equation (15) with z substituted for the y variable.
The rolling moment on the complete cruciform wing induced by the non-
uniform downwash described by equations (6) and (7) is, then, in h
coefficient form

s~=

–[
/RA(y)Ehdy+~~RA(z)evdy 1Clt=‘2st -~

-1

“

Upon substitution for the induced-flow-angle relations and the roll-
influence function from equations (6), (7), and (15)> this equation
becomes

r c-f.
Clt = “ ~A

IF V. St

where

I

‘ =(y-yl)y dy
FA=~ 11

(Y-YJ2 + Z12

, ~l~(z-zl)zdz

-1 (z~-z)2 + y~2
I

If the value for I’ is substituted in the,foregoing expression from
equation (12), the final form of the rolling-mcment coefficient becomes

cic~t ‘t

c% = 2X2 ‘t2
FA

The integrals in the parameter FAO have been
results are given in the chart presented in figure
similar to those of figure ~ and is designed to be

computed and the
*

6. ‘l?hischart is
used in the sane manner. .
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Triangular Wings With Leading Edges
Behind The Mach Cone

15

Swept Well

In the calculation of the rolding moments induced by an infinite
line vortex upon a cruciform wing of triangular plan form with the lead-
ing edges of the ting swept well behind the ~ch cone, it is not Petis-
sible, in general, to neglect the effects of interference between the
components of the wing. Reversed-flow principles maybe applied to this
problem; however, difficulties are encountered in this case because of
the fact that the proper roll-influence function to be used in the
computations is not obvious. Flow-reversal principles prescribe this
function to be the spanwise load distribution for the rolling cruciform
wing in reversed flow, for which the solution is unknown. Furthermore,
if slenderness approximations are made and it is assumed that the span-
wise load distribution for a slender, rolling cruciform ting is that
given in reference 2 for either the apex forward or apex rearward wing,
the solution is not obtained in closed form. It is necessary, therefore,
to consider a more fundamental approach to the problem.

The solution of this problem based on classical hydrodynsmical

. principles is discussed in Appendix B where the rolling-moment coef-
ficient induced by an infinite line vortex on a slender cruciform wing
is found to be

.
(17)

In equation (17), G is defined by equation (13) and ~ can be obtained
from the chart in figure 7. This chart also is designed to be used in
the same manner as those in figures 5 and 6.

APPLICATION OF METHOD AND COMPARISON WITH EXPERIMENTAL RESULTS

In the previous sections methods were proposed for estimating the
structure of the downwash field behind lifting wing-body conibinations
and for determining the rollinn moment on a cruciform wing induced by
one or more infinite line vortices. By making use of these procedures,
it should be possible to estimate the induced-roll characteristics of a
missile. In this section this hypothesis will be investigated by com-
paring experimentally determined rolling moments caused by wing-tail
interference with analytical computations for several missiles which
differ in design and for which wing-tail interference effects are impor-
tant. In each case the experimental rolling moments which are presented
are caused only by wing-tail interference and, in most casesj were

. obtained by measuring the difference in the rolling moment on a particu-
lar configuration with the trailing wing in place and then removed.
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MISSILE A

Experimental data on the induced-rolling-moment characteristics of
missile A at 1.4 Mach nuniberwere obtained from tests conducted in the
Ames 6- by 6-foot supersonic wind tunnel. Pertinent information regard-
ing the apparatus, model, and general procedure for testing the model in
this facility can be found in reference 10. Missile A (with the tall in
the aft position) differs from the model considered in reference 10 only
in that the forward wing panels are reversed about the hinge line. In
figure 8, experimentally determined rolling-moment coefficients con-
tributed by the trailing cruciform wing on this model are shown and are
compared with computations based upon the theoretical considerations
previously presented. The model conditions for which these rolling
moments were measured are shown in the sketches included in the figure.

For this model, the leading edges of’the trailing wing are sonic
at 1.4 Mach number (at least for small angles of attack); therefore, the
rolling moment contributed by the trailing wing was computed from eqw-
tion (14) with m equal to unity. The vortices in the simplified vortex
model (see fig. 1) were assumed to originate at the wing trailing edges
at 0.5 of the exposed span of each panel (see fig. 9). The vortex
strengths were computed from equation (1) by calculating the load on
each panel of the cruciform by use of linearized theory with appropriate
corrections for wing-body interference obtained from slender-body theory.
The effects of sideslip angle upon the vertical wing component were
disregarded in these computations; consequently, the vortices from
opposing panels of the wing are of equal strength. The paths of the
vortices discharged from the forward wing at 12° angle of attack are
shown in figure 9. Similar graphical constructions were completed at
4°, 8°, 160, and 20° angles of attack, and, in figure 10, the location
of the vortex cores in the crossflow plane at the center of pressure of
the trailing wing (aft position) and portion of the body in combination
with this wing are shown for these an les of attack. A few of the lines
of constant-rolling-momentparameter 7F1 in eq. (14)) taken from
figure ~(d) also are shown in this figure.

In the analysis previously presented for the induced rolling moment
on cruciform wings caused by an infinite line vortex, the presence of a
body in combination with the wing was not considered. However, ahead of
the trailing wing, the effect of the presence of the body was included
in estimating the vortex paths, the boundarj conditions imposed by the
body being satisfied by placing vortex images within the body. At the
trailing-wing location, the boundary conditions for the body cannot be
handled in such a simple manner. It canbe reasoned, however, that if
the computations are carried out for the trailing wing (extended to the
body center line), the additional considerations required to account for
the body are relatively insignificant. In the case of the slender

.

—
.

.
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wing-body conibinationthis question may be exsmined more rigorously by
including the body effect. The procedure outlined in Appendix B for
the cruciform, slender wing was repeated for the ting-body case. The
resulting expressions were found to be very difficult to evaluate, and,
therefore, the results are not included in the method presented in this
paper; however, the analysis indicated that the body effect is small
provided the body diameter is less than about 0.32 of the wing span.
It is suggested that for cases where the body diameter is significantly
greater than 0.3of the wing span that a partial correction for the effect
of the body may be obtained by considering that the portion of the wing
enclosed by the body is ineffective in producing rolling moments. This
consideration simply alters the limits of integration in the rolling-
moment parameter F (see eqs. (14), (16), and (17)).

For all cases in the examples presented herein, the body diameter
of the missiles considered is less than 0.3 of the span of the trailing
wing; therefore, the effect of the body is disregarded.

For missile A, then, the rolling-moment parameter F= is evaluated
from figure 5(d) at each angle of attack for each of the foti vortices
external to the body shown in figure 10 (the direction of rotation
determines the sign of the parameter 11), and the rolling moment (in
coefficient form) contributed by each is computed from equation (14).

. The total rolling moment on the trailing wing then can be determined
by the algebraic addition of the contributions of each of the individual
vortices. The results presented in figure 8 show that, except for the
interdigitated tail in the aft position, the analytical computations for
this missile, for the most part, are in good agreement with the rolling
moments obtained experimentally. The discre ncy between theory and
experiment for the tail in the aft position Tsee fig. 8(b) at angles of
attack between about 10° and 18°) can be attributed to two causes:

1. The chart in figure 5(d) is drawn for an ideal vortex, whereas
in a real fluid, of course, viscosity prescribes that the core velocities
be finite. It is believed, therefore, that values of the rolling-moment
parameters on this chart obtained for vortex positions coinciding tith
either of the cruciform-wing components are in error. For the inter-
digitated configuration under consideration, the vortex discharged from
the right horizontal panel of the forward wing passes through the upper
right-hand panel of the trailing wing (see fig. 10) in the angle-of-
attack range at which the discrep~cy between theory and experiment
occurs in figure 8(b).

2. From an examination of the charts in figures 5, 6, and 7, it is
noted that there is a concentration of lines of constant rolling moment.
2This value is probably a reasonable guide also for cruciform wing-body

combinations which are not slender.
.
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for vortex -positionsnear a wing component (at about 0.7 of the maximum
span of the component). It is evident, then, that a small error in
estimating the position of a strong vortex in this region -canhave a
large effect upon the contribution of this vortex to the rolling moment.

*.

In figure 10 the strong vortex discharged from the right horizontal
panel of the forward wing at about 13°angle of attack intersects the
Uwer right-hand panel of the trailing wi~””at about 0.7 of the span of ‘– –
the panel. Since the position and strength of this vortex are only
estimated, the relatively poor agreement between theory and experiment
at angles of attack near 13° is believed to be caused by the proximity
of this strong vortex to this critical region of the trailing wing.

MISSILE B

Experimental data on the induced-rolling-moment characteristics of
missile B at 1.7 Mach number were obtained from reference 22, wherein
information regarding the model, apparatus).and procedure for testing
the model in the Ames 6- by 6-foot supersonic wind tunnel also maybe
found. Experimental values of the rolling moment contributed by the
cruciform trailing wing situated in the nonuniform downwash field of
the forward control surfaces are presented in figure 11. These values
were obtained from the results contained in figure 9(a) of reference 22
for the conditions at which the vertical components of the forward
control surfaces were deflected 0° and 17°. Rolling-moment data were
not available for this model with the trailing wing removed; therefore,
the values presented in figure 11 represent not only the wing-tail-
interference rolling moments, but also those contributed by the forward
control surfaces directly. However, computations, based on the linear-
ized theory of reference 23, indicated that the order of magnitude of
these rolling moments (contributedby the forward control surfaces)
probably would be within the accuracy of the measurements involved in
obtaining the experimental values. For this reason, the rolling moments
presented in figure 11 are considered to be caused entirelyby wing-tail
interference.

The analytical computations (shown in fig. 11) of these induced
rolling moments were made from equation (14) by evaluating Fm in this
equation from two of the charts in figure ~. Two computations were made
because, as will be shown subsequently, the form of the roll-influence
function for the trailing wing is not approximated with sufficient
accuracy through the angle-of-attack range by any of the roll-influence
functions for which the charts in figure 5 were prepared.

To determine Fm} the forward control fins and the body, again,
were replaced by the simplified vortex dodel. me strengths of the
vortices were estimated from equation (1) by computing first the lift

.

.

.
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on each of the forward control panels as a function of the angle of
attack. The lift on the horizontal components was obtained by using

. the slender-body theory (as applied to rectangular ~-body combina-
tions in ref. 4) in conjunction with the lift-curve slope of the iso-
lated horizontal wing obtained from linearized theory. It is shown in
reference 4 that wing-body interference factors based on slender-body
theory may be applied to wings of rectangular plan form, provided the
aspect ratio of the wing is not large. The lift (or side force) on the
vertical-control-surface components was obtained in a similar manner by
determining the wing-body interference from slender-body theory as
applied (in ref. 24) to rectangular wings deflected with respect to a
cylindrical body.

The vortex paths downstream of the forward control surfaces at 32°
angle of attack are shown in figure 12. Similar graphical constructions
were completed at angles of attack of 4°, 6°, 8°, and 160. In figure 13,
the location of the vortex cores with respect to the trailing wing is
shown for these angles of attack. A few of the lines of constant-
rolling-moment parameter F4 taken from figure 5(b) also are shown in
this figure.

With the positions of the vortices with respect to the trailing
wing determined, the roll-influence function for the independent planar

. components of this wing was computed from reference 25. This influence
function is shown in figure 14 and is compared there with the roll-
influence functions given in eqyation (10). From this comparison, it
can be seen that the roll-influence function determined for m equal
to 4 in equation (10) most nearly approximates the roll-influence
function for the trailing wing at small angles of attack. An examina-
tion of figure 13 shows, however, that as the angle of attack increases,
the vortices which originate from the forward control surfaces are
clustered about the upper vertical component of the trailing wing. The
proximity of the vortices to this upper panel requires, therefore, that
the roll-influence function for this panel be known fairly accurately,
and the approximation given by equation (10) with m equal to 4, which
was satisfactory at the lower angles of attack, is probably no longer
satisfactory. In line with the same reasoning, it should be noted that,
since the vortices in figure 13 are remotely situated with respect to
the lower panel of the vertical wing component, the exact roll-influence
function for the lower panel at large angles of attack is of secondary
importance in comparison to that for the upper panel. Furthermore, with
reference to sketch (a), it can be seen that the Mach wave from the tip
of the upper wing panel approaches the wing tip as the model angle of
attack increases. Another effect of increasing the angle of attack of
the model, therefore,isto increase the spanwise loading near the tip of

* the upper panel of the vertical wing component. A precise determination
of the roll-influence function in the vicinity of the tip of the upper
panel was not carried out. This function was estimated to vary with
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angle of attack of the model in such a manner as
function for the complete wing to be represented
attack by equation (10) with m equal to 4, and

NAcARMA53H18

to permit the influence
at low angles of
at large ansrlesof

attack by the same equation with m equal to infinity.

V.

\

for a =

Sketch (a).

at a=

at a=

.

.

In accordance with these considerations, the roui~ moment
contributed by each of the four vortices external to the body in
figure 13 was determined from equation (14) by evaluating the rolling-
rnomentparameter Fm from charts ~(a) and 5(b). The restits are sho~
in figure 11. The experimental values are close to the predicted values
based on the rolling-moment parameter F4 at lower angles of attack.
As the angle of attack increases, the rolling moment is more nearly
predicted by the curve based upon the assumption that the planar
components of the trailing wing can be represented by high-aspect-ratio
rectangular wings placed at right angles to one another. Thus, the
approximations seem to be justified by the experimental results to an
angle of attack of about 32°. As the angle of attack increases above
12°, the agreement deteriorates. The failure of the calculations to
predict the rolling moment at angles of attack greater than about 12°
is believed to result from the formation of additional vortices caused
by viscous separation of the crossflow about the body downstream of the
forward control fins. In contrast to missile A, the possibility of
viscous separation of the body crossflow is an important consideration
for this missile at large angles of attack for two reasons:

.
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1. The ma,jorportion of the lift is contributed by the trailing
wing; consequently, the downwash from the forward lifting surfaces is

. not sufficient to suppress cmpletel.y the effects of viscosity in the
crossflow about the body downstream of the forward control fins.

2. The distance between the control-fin trailing edges and the
trailing wing is large, and, therefore, an appreciable portion of the
lift of the missile at large angles of attack is contributedby this
part of the body.

It is recalled that in the graphical constructions, the induced
effects of the body on the paths of the vortices downstream of the
control fins were computed by assuming that the crossflow about the body
could be represented by the two-dimensional, inviscid flow about an
infinite ci~cular cylinder. For this
probable that the crossflow about the
angle of attack of the missile in the
sketch (b).

Type 1 Type 2

particular missile, however, it is
body changes progressively with
manner shown schematically in

Type3

>

a increasing

Inviscid flow
around a circu-
lar cylinder

Two symmetrical
body vortices

Two asymmetrical
body vortices

Type4

I&n&n vortex
street

Sketch (b).

. The flow about inclined bodies of revolution is discussed at some
length in references 15 sad 16, wherein the effects of viscous separa-
tion of the flow about such bodies are shown to be significant. In
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many cases during the investigations reported in reference 16, flows of
the type indicated in the accompanying sketch were observed by means of
water-tank and vapor-screen techniques. Neither the body angles of .
attack to which each of these flows might correspond for the present
missile nor the locations of the body vortices and their strengths can
be determined at the present time. It is known, however, that the
strengths of these vortices, in flows involving two body vortfc~s,
increase with increasing distance downstream. Rough estimates at 16°
angle of attack of the strengths of the vortices which could originate
from the body of missile B indicated that in the vicinity of the trail-
ing wing, they could be of the same order of magnitude as those which
originate from the forward control fins.

For angles of attack between 0° and about 14°, it is believed that
the crossflow about the body of the missile is of the type characterized
by 1 and 2 in sketch (b). The symmetrical pair of vortices do not con-
tribute to the rolling moment, of course, but will have a small effect
upon the yaths of the vortices that originate at the forward control _.
fins. There are strong indications, however, that the flow is of
type 3 for higher angles of attack and that the major portion of the
rolling moment in this range is contributed.by the asymmetrical body
vortices. The formation of a vortex street within the angle-of-attack

.

range for which rolling-moment data for this missile were available
seems unlikely since the results of reference 16 indicate that, in .
general, this transition takes place at considerably higher angles of
attack. Furthermore, the formation of a vortex street probably would
be accompanied by erratic unsteady rolling moments (of the type dis-
cussed in ref. 26) which were not noted in the results presented in
reference 22. If the location and strengths of the body vortices could
be determined, they could be included in the graphical constructions
carried out in the present analysis to deteimlne the downwash structure
in the region of the trailing ting; and, more accurate estimates of the
rolling moment at large angles of attack could be made. Further
research on this phase of the problem is required, however.

MISSILE C

Missile C (with the tail in the aft position) is identical to the
model described in reference 10 and differs from missile A only in that
the forward wing panels are reversed about the hinge line. The experi-
mental values of the induced rolling moments presented in figure 15 were
obtained in the Ames 6- by 6-foot supersonic wind tunnel. The model
conditions for which these rolling moments were measured are shown in
the sketch included in the figure. These rolling moments were obtained
from measurements with the tail in place-by subtracting from these
values the rolling moment on the model with the tail removed.

.

—

.
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Initial computations of the induced rolling moments for this model
were performed in exactly the same manner as for the two missiles pre-
viously discussed. The cruciform forward wing was treated as two inde-
pendent, planar wing-body combinations, having a lift (or side force)
gi.venby linear theory with suitable corrections for wing-body inter-
ference obtained from slender-body theory. The vortex centers of
gravity were considered to be at 0.8 of the panel spans. Diametrically
opposed vortices again were considered to be of eqwl strength. Graph-
ical computations of the vortex motions were carried out at 4° intervals
in angle of attack, and the rolling moment contributed by the tail in
the aft position was computed from eqyation (14). The results of these
computations are shown by the broken line in figure 15. The computed
values, in general, predict the variation of the experimental rolling
moments with angle of attack; however, the magnitude is not predicted.
From this result, it was considered advisable to investigate the
division of the loading on the forward wing panels to ascertain, insofar
as possible, the effect of sideslip angle upon the vertical component of
the cruciform wing (see footnote 1, p. 6).

In figures 16(a) and 16(b) are shown the measured loads for one of
the triangular-wing panels of missile C mounted on the body in the

.
presence and absence of the other three panels of the cruciform wing.
Examination of these results indicates that throughout most of the
range of angles of attack and angles of sideslip investigated, the
total lift of an isolated panel is not changed significantlyby the
presence of the other three panels. Computed values of the total lift
on each panel are shown by the solid lines in figure 16 and were calcu-
lated by the method proposed in reference 10. The lift on a panel is
obtained as the lift on one half of the planar wing formed by joining
the panel to the diametrically opposed panel of the cruciform configu-
ration and by making corrections for wing-body interference dependent
upon wing-span-body-diameter ratio in accordance with slender-body
theory. This calculation applied to the triangular panels of missile C
results in the panel loadings being markedly influenced by the sideslip
angle. Computations of the panel lifts by this procedure are in good
agyeement with the experimental results.

On the basis of the previously discussed independency of the panel
lifts on the forward wing of missile C, it is assumed (in accordance
with eq. (1)) that this independence applies also to the discharged
vorticity from opposing panels of the wing. Accordingly, computations
of the tail rolling moments were performed for the”theoretical values
of the lifts on panels 2 and 4 (shown in figure 16(a))related to the
vortex strengths discharged from these panels by means of equation (l).
The strengths of the vortices discharged from the horizontal components

. of the wing remained unchanged from the values used in the previous
computations. The locations of the vortex centers of gravity also
remained unchanged at the 0.8-panel-span position. The paths of these.
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vortices trailing downstream of the wing at 12° angle of
shown in figure 17. The location of the vortex cores in

NACA RM A53H18

attack are
the crossflow

“plane at the center of pressure of the tail (aft position) and portion
of the body in combination with the tail are shown in figure 18 for
4° increments in angle of attack. Again, a few of the lines of constant
rolling-moment parameter F= (eq. (14)) obtained from figure 5(d) are
presented in this figure. In figure 15, computed rolling moments are
shown for both interdigitated and in-line tails at two positions behind
the wing. The results appear to indicate that this modified computation
more nearly agrees with the experimental values than the previous compu-
tation which assumed that vortices of equal strength are discharged
from opposing panels of the wing in accordance with linear theory. The

— —

reasons for the discrepancy between theory and experiment at angles of
attack between lCO and 18° for the interdigitated tail in the aft posi-

—

tion (see fig. 15(b)) are believed to be the same as those discussed for “’
missile A with the tail in the same position.

MISSILE D

Experimental data on the induced-rolling-momentcharacteristics of “
missile D at 1.72 Mach number were obtained from tests conducted in the
bomb tunnel at Aberdeen Proving Ground, Maryland, as reported in refer-
ence 27. The experimental results given in figure 71 of that report

.

are typical of the nonlinear variations of rolling moment with angle of
attack which are considered in this report.

Measured values of the rolling moments for this missile caused by
wing-tail interference, for the condition in which the vertical com-
ponents of the forward control fins are deflected 10° with respect to
the body center line, are shown in figure 19. ‘Thesevalues were obtained
from figure 71 of reference 27 by subtracting the rolling moments
measured with the forward wings unreflected from those measured with the
vertical components of the forward control fins deflected 10°. Unfortu-
nately, the data in reference 27 are incomplete in that the rolling
moments on the model with the trailing wing removed are not presented.
The rolling moment contributed by the forward control fins is believed,
however, to be small, and their contribution to the rolling moment has
been neglected in the present analysis.

Upon consideration of the aspect ratio of the trailing wing and the
Mach number, it was concluded that the rolling moment probably would be
most accurately predicted by equation (16). To determine FA in equa-
tion (16) from the chart in figure 6, the forward control surfaces and
the body were replaced.by the simplified vortex system shown in figure 1.
The strengths of these vortices were computed from equation (1) by deter-
mining the division of lift on the forward control fins in a similar

.
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manner to that of the modified computation performed for missile C. In
the crossflow plane at the trailing edge of the forward control fins,

a the spanwise positions of the vortex-sheet centers of gravity were
estimated to be at 0.8 of the exposed maximum semispan of each panel.
Because of the sweep angle of these fins, however, progressive rolling
up of the vortex sheet ahead of the control-fin trailing edge was
believed to exert some influence on the positions of the vortex-sheet
centers of gravity normal to the fin chord planes. As a rough approxi-
mation of this displacement, the vortices were assumed to leave the wing
at the hinge line of each psmel. (Subsequent computations, in which the
trailing vortices were assumed to originate on the control surface trail-
ing edge, produced essentially the same results as shown in fi~e 19.)
The paths of the vortices exte~l to the body and of the image vortices
at 12° angle of attack are shown in figure 20. Similar graphical con-
structions were completed at 4° increments in angle of attack. In
figure 21, the locations of the vortex cores with respect to the trail-
ing wing are shown for these angles of attack, amd lines of constant
rolling-moment parameter FA taken from figure 6 also are shown. In
these graphical constructions, the body behind the control-fin trailing
edges (see fig. 20) was assumed to be of constant diameter equal to the
diameter of the cylindrical portion of the body in the vicinity of the

.
trailing ting.

. As stated previously, the rolling moment contributed by each of the
four vortices external to the body was computed by use of equation (16).
The results presented in figure 19 indicate that the analytical computa-
tions agree fairly well with the experimental results for angles of
attack between 0° and about 14°. For larger values of angle of attack,
the discrepancy between theory and experiment is believed to be caused
by viscous separation of the crossflow about the body downstream of the
forward control fins. This effect was discussed in connection with the
experimental and analytical results for missile B. It is tnteresti.ng
to note the correspondence between the rolling moments, at large angles
of attack, for missiles B and D and two similarities in their design;
namely,

1. Both are canard arrangements in which the ratio of the body
diameter to the span of the forward wing is relatively large.

2. In each case, the distance between the forward wing and the
trailing wing is large.

Because of these similarities, the effects of the body crossflow
mentioned previously in the discussion of the results for missile B
are considered to apply as well for missile D.

*

.
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CONCLUDING REMARKS

NACA RM A53H18

The analytical portions of this report relate the aerodynamic And
. —

geometric considerations involved in determining wing-tail-interference
effects for missiles. Although particular attention is focused upon
the induced rolling-moment problem, the induced lift and its resultant
effect upon the longitudinal stability of missiles could be handled in
an analogous manner.

Although the method used in this report involves a number of
assumptions, it succeeds in estimating the induced-roll effects for a
number of missile configurationswith surprising accuracy. Undoubtedly,
the ljrecisionwith which these effects can be estimated will improve
with a more complete understanding of the manner in which vorticlty is
discharged from the forward lifting elements of tandem-wing airframes.
In any event, the roll-influence charts provided in the report should be
useful in quickly estimating the rolling moment contributed by amy
vortex system once it has been established.

Ames Aeronautical Laboratory
National Advisory Committee for Aeronautics

Moffett Field, Calif., Aug. 18, 19’53

—

—

—
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APPENDIX A

DETAILS OF THE GREPHICAL PFKKEDURE

In order to explain the manner in which the charts in figure 2 are
used in determining the paths of the vortices downstream of the simpli-
fied model of the lifting cruciform ting-body conibination,each step in
the procedure is itemized as follows:

1. The circular cross section of the body of the missile Is drawn
on tracing paper and scaled to fit exactly the dimeter of the half
circle shown in figure 2(b). It should be noted that the chart sizes
shown in figure 2 are not large enough to give sufficient accuracy for
most purposes. A circle dismeter of approximately 5 inches has been
found to be convenient.

2. The locations of the vortices at the wing trailing edges are
determined in accordance with the assumptions involved in constructing
the simplified model which were discussed within the body of the report.
The direction of rotation and the value of the strength parsmeter B
(see eq. (k)) arenoted heside each vortex.

3. The positions of the image vortices are determined from chart I
in figure 2(a) which is a plot of the relationship given in equation (5).
The value of B for each of the image vortices is the ssme as for its
companion vortex outside the body; however, the direction of rotation
is reversed.

4. With the position of the vortices in the crossflow plane at
the wing trailing edge noted, a step-by-step procedure is begun to
determine the deflection of each vortex in the time interval, t, caused
by the presence of the remaining seven vortices and the body crossflow.
For vortex number 1 the crossflow direction and crossflow factor, k, are
determined from chart 11 in figure 2(b). With this value of k, the
deflection distance is picked from chart III in figure 2(a) for the
appropriate value of the crossflow parameter Zt/Kd sin a.

5. With chart IV of figure 2(a) as the underlay, the center of
vortex nuniber2 is placed at the origin with vortex nuniber1 on the
horizontal axis. The deflection distance corresponding to the value
of B for vortex number 2 is determined from the ~nes of constant
values of the strength parameter B shown in chart IV. This vector,
then, is added to the crossflow vector determined in step 4. This
process is repeated for the influence of vortices 3 and 4 and the four
image vortices on the position of vortex 1. The end point of the last
vector determines the new position of vortex 1 at the end of the first
time interval..
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6. !l?heforegoing
the flow field external
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steps are repeated for each of the vortices in
to the body in order to find the position of

these vortices at the end of the first interval. The locations of the .

image vortices within the body at the end of this time interval are
determined from the new positions of the vortices external to the body
by using chart I as an underlay. .-

7. With the positions of the vortices at the end of the first
interval determined, an identical procedure is carried out to find the
positipns of the vortices at the end of the second and succeeding
intervals until the vortex positions are found at the end of the tenth
interval, corresponding to the position downstream of the wing at which
the structure of the downwash field is desired.

.-.

8. With the orientation of the vortices with respect to the trail-
ing wing approximated in accordance with the foregoing procedure and
subject, of course, to the consideration that this wing is one of the
types for which equations (14), (16), and (17) were derived, the induced —.
ti-ilingmoment
equations.

can be computed-by appropriately choosing between these —

.

.
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APPENDIX B

ROLLING MOMENT OF A SLENDER TRIANGULAR WING (CRUCIFORM)

IN THE PRESENCE OF AN INTINI!CELINE VORTEX

General Considerations

The linearized partial differential equation for the perturbation
velocity potential q’ in subsonic or supersonic flow is

(1 - %2) (p’= + q’m + cp’zz= o (Bl)

where the free stream is
sketch (c)). The present
of the

directed parallel to the ~sitive x axis (see
analysis is concerned with the determination

k
Yl

x All dimensions
+Cl ~ 1.() wing semispan,

rolling
reduces
problem

moment on the
eqmtion (Bl)

Sketch (c).

in terms of
St.

basis of the slender-wing approximation which
to the Laplace equation in two dimensions. The

will be treated by well-known methods of slender-wing theory as
introduced by Jones (ref. 28) and extended by others.

The problem is solved by finding a solution to Laplacers equation

~’yy+~’zz = o (B2)

which satisfies the following boundary conditions:

1. Perturbation velocities vanish at infinity.
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2. The velocity potential is continuous at all points in space,
except across the wing surfaces.

.

39 The velocity components ~f and Pz’ are continuous every-
where in space.

4. -At all points which are to represent the surface of the wing,
the normal components of velocity are specified.

By use of methods of classical hydrodynamics and, in particular, the
methods of conformal transformation, a potential function that satisfies
the boundary conditions stated above can be found from which the rolling
moments induced by an infinite line vortex on a slender cruciform wing
can be determined.

Theoretical Analysis

An equation which transforms the region outside a rotationally
symmetric cross in the X plane into the region outside a circle of
radius S1 in the u plane (see sketch (d)) was obtained in refer-

.

ence 2 as —

iz

21

SL+-Y
-s~

-isl

(a) X plane

t

iv

(B3) -

4
&=u2+2

u=

(b) crplane ——

Sketch (b).
.
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This equation transforms the
the IS plane into the cross
in the sketch.

31

circumference of the circle (a = slefe) in
of width 2s1, in the X plane as is shown

If a two-dimensional vortex of strength r is located at the point
(a. = Poeieo) outside the circle in the a plane, the image system
inside the circle consists of a vortex of strength -i’ at the inverse

point (al = s12/~o where 30 = Poe-ieo) and a vortex of strength I’
located at the center of the circle (see ref. 29, p. 326). The flow in
the u plane maybe transformed to the X plane by means of equa-
tion (B3) and results in a two-dimensional flow about a cruciform lamina
in the presence of a single external vortex. In the circle plane the
complex potential for the vortex in the presence of the circle is

o ‘rlog (a - ao) -~log(a-ul)+~
‘z

log a
2YC

(B4)

where

a = slefe (s1 is in terms of the semispan st)

a. = P.efeo (P. is in terms of the semispan st)

m = (s12/Po)eieo

From eqmtion (B4) and the transformation equation
dimensional velocity potential which satisfies the
for the flow in the X plane maybe obtained from
on the cruciform wing may be written as

4
()
aw—= LA

% Vo x

(B3), a two-
boundary conditions
which the loadings

(B5)

where 91 is the velocity potential in the plane of the cross. The
expression for the pressure coefficient given in equation (B5) maybe
integrated over half of the slender cruciform wing in the z = O plane
to obtain the rolling moment on one panel as

= -POVOJ (; A@~-
)

A# ~ y dy (136)

‘Squared terms in the expression for the pressure coefficient are dis-
regarded throughout this analysis.
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where the subscripts refer to the trailing and leading edges of the
wing. Equation (B6) maybe transformed bytieans of equation (B3) to
give the rolling moment in the a plane as

Y-r/4

(B7)

.-

FYom equation (B4), the velocity potential in the plane of the circle is

(B8)

The total rolling moment on the cruciform wing maybe determined from
equations (B7) and (B8) and may be expressed as

.

L-t’=
~& r S*2

%
231

where

(B9)

()r
l’c/4 3Yr~4 5 Ye/4 7fi/4

z ~ =-~~498in2ede- J 9sin2ede + J ~ sin 2edEJ
I’([4

-J qsin2f3de
3n/4 5s(/4

The rolling nmment given in equation (B9)maybe related to the simpli-
fied model of the lifting, cruciform wing-body combination developed
within the body of the report by substituting for r from equation (X2).
With this substitution, the expression for the rolling-moment coefficient
is

c&FB (B1O)

The integrals in the parameter ~ have been evaluated for various
positions of a line vortex in the U Pl~e and transformed to the
X plane. In figure 8, a chart showing constant values of the parameter
~ is given.
~q. (BIO)) for
by one or more
rolling moment
respect to the

From this chart, the rolling-moment coefficient (given in
slender, cruciform wings of triangular plan form induced
line vortices may be determined. From symmetry, the
contributed by vortices located in other quadrants with
wing also can be determined from this chart.

@QNFIDEN!FIAE>
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(a) 7Wee-dimensionof view showing wing and (b.)

body and vortex filament arrangement.

Figure 1- Simplified modei of o iifting cruciform-wing
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4

Vortex positions in the piane

of the wing traiiing edge,

and body combination.
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Figure 3.- Geometric reh’ions for obtuining the spunwise
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