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INTRODUCTION

This document contains reproductions of technical papers presented
by staff members of the NACA Laboratories at the NACA Conference on
Aerodynamics of High-Speed Aircraft held .at the Langley Aeronautical
Laboratory November 1, 2, and 3> 1955- The primary purpose of the con-
ference was to convey to contractors of the military services and others
concerned with the design of aircraft the results of recent research
and to provide those attending with an opportunity to discuss these
results.

The papers in this document are in the same form in which they were
orally presented at the conference to facilitate their prompt distribu-
tion. The original presentation and this record are considered as com-
plementary to, rather than as substitutes for, the Committee's more com-
plete and formal reports.

A list of the conferees is included.

vii
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APPLICATION AND LIMITATIONS OF THE AREA RULE

By Axel T. Mattson and Robert S. Osborne

Langley Aeronautical Laboratory

INTRODUCTION

Understanding of the application and limitations of the area-rule
concept in the transonic and supersonic speed range has "been improved
during the past two years. Numerous wind-tunnel, rocket-model, and
flight investigations have indicated the effectiveness of the area rule
when applied to specific airplanes. The fuselage contours of a number
of military airplanes have "been designed or redesigned on the basis of
this rule. However, perhaps the most important development during the
past two years has been the extension of the area rule to the supersonic
range. (See refs. 1 and 2, for example.) The purpose of this paper is
to illustrate the effectiveness of the area rule when applied to specific
airplanes, to discuss the effect of design Mach numbers and the effect
of fuselage contouring on the flow fields, to compare experimental and
calculated results, and to discuss the effectiveness of the area rule
at lifting conditions.

DISCUSSION

Specific airplanes.- Data obtained from tests of scale models of
various specific airplane configurations conducted at the Langley 8-foot
transonic tunnels and the Langley l6-foot transonic tunnel are presented
in figures 1 and 2. The wave-drag coefficients presented in these and
other figures in this paper were obtained by subtracting the drag at a
Mach number of 0.8 from the drag at higher Mach numbers for zero-lift
coefficient. The sketches show the average area distribution of the
configurations.

Figure 1 presents two examples of aircraft modified for a design
Mach number of 1.0. The upper area diagram is for a model of a ̂ 5° swept
mid-wing fighter. The dip in the rearward portion of the area distri-
bution corresponds to the region between the wing and the tail. The con-
figuration was modified by adding volume to smooth out the area distri-
bution, and the peak wave drag was reduced 25 percent. It is notable
that this sizable drag reduction was achieved without major redesign of
the fuselage or increase in fineness ratio and required only the addition
of volume in the proper location as indicated by the area diagram. The
lower area diagram is for a 6o° delta-wing multi-engine bomber configu-
ration. The high area peak is due to the piling up of fuselage, wing,



and nacelle volumes. This peak was reduced by indenting the fuselage
and rearranging the nacelles fore and aft. The fuselage was also
lengthened, and there resulted a 30-percent decrease in peak wave drag.

Figure 2 presents data for two configurations which were modified
by using the supersonic area rule for a design Mach number of 1.2. The
upper area diagram represents a 60° delta-wing single-engine fighter
airplane having a relatively low equivalent-body fineness ratio. The
bumps and steep gradients are obvious. In order to reduce the wave
drag, the fuselage length was increased approximately 13 percent, and
the fuselage was redesigned rearward of the canopy by indenting for the
wing and tail. By thus reducing the irregularities and increasing the
equivalent-body fineness ratio, the peak wave drag was reduced about
25 percent. The example in the lower part of figure 2 represents a high-
wing fighter airplane using a 42° sweptback wing. In order to reduce
the steep slopes of the area diagram and give a smooth distribution,
several fuselage modifications were applied. These included extending
the nose slightly, submerging the canopy, extending the rearward portion
of the fuselage, and adding volume to the fuselage ahead of and behind
the wing. Again, the peak wave drag was reduced about 25 percent.

The area rule has also been applied to seaplanes. Both.wind-tunnel
' tests and towing-tank tests have demonstrated that a.supersonic seaplane
can successfully incorporate the hydrodynamic characteristics necessary
for operation in open water without aerodynamic compromise. As a matter
of interest, the results of recent transonic wing-tunnel studies (ref. 3
and unpublished data) of an "area rule" designed seaplane indicated that
the subsonic drag level was only slightly higher than the basic friction
drag, the Mach number for drag rise was 0.925, and the supersonic drag
was sufficiently low to indicate possible flight at a Mach number of 1.4.

Design Mach number.- The supersonic area rule states that the drag
of an airplane configuration at a given supersonic speed is related to
longitudinal developments of cross-sectional areas as intercepted by
planes tangent to the Mach cone. As a result, a design that is optimum
for one Mach number will not be optimum for another Mach number. Pre-
sented in figure 3 are some data showing how the choice of the design
Mach number affects the drag at other Mach numbers. These results (ref. 4)
are for a swept wing in combination with bodies contoured for area-rule
design Mach numbers of 1.0, 1.2, and 1.4. The experimental zero-lift
wave-drag coefficients show that the lowest wave drag was obtained at or
near the design Mach number. For the configurations presented, the low-
est drag at each Mach number was obtained with the fuselage designed
for that Mach number.

Presented in figure 4 is a comparison of the variation of wave-drag
coefficient with Mach number for three straight-wing models. One of
these is unindented and the other two are indented for M = 1.10 and



M = 1.41 (ref. 5). Both the Indentation for a Mach number of 1.10 and
the indentation for a Mach number of l.lt-l reduced the wave drag of the
basic configuration at lov supersonic speeds vith the greater reduction
being obtained from the Mach.number 1.10 indentation. The beneficial
effects from the indentations decreased with increasing Mach number up
to 1.5, above which no benefits were obtained from either indentation.
Both indented configurations had approximately the same wave drag above
a Mach number of 1.15.

It Is of interest to note that for the swept-wing models, where
all indented configurations exhibited substantial drag savings over the .
Mach number range tested with respect to the basic body configuration
(see ref. 4), the wing leading edge was swept behind the Mach line at
all supersonic Mach numbers considered. For the straight-wing case,
however, the wing leading edge was ahead of the Mach line at Mach num-
bers of 1.10 and above, and it is apparent that it is in this Mach number
range that the benefits of body contouring decrease.

Induced local flow fields.- It has been shown that the wave drag
of a wing-body configuration can be reduced by indenting or contouring
the body. The mechanism by which this drag reduction is achieved can
be somewhat better understood if the local flow field in the vicinity
of the wing and body is examined. Figure 5 gives a little insight into
the mechanism by which body indentation manages to reduce the drag.
Plotted in'this figure are contours obtained from pressure-distribution
measurements made in the Langley 8-foot transonic tunnel of the increment
in local pressure coefficient due to indenting the fuselage. The incre-
mental pressure coefficients shown were obtained by subtracting the pres-
sure coefficients of the wing in the presence of the basic body from those
of the wing in the presence of a body indented for a design Mach number
of 1.2. The data are for an angle of attack of 0° and a Mach number
of 1.15. The wing geometry is described in reference k.

It can be seen that indenting the fuselage caused a reduction in
pressure over the forward half of the wing and an increase in pressure
over the rearward half of the wing which obviously reduces the pressure
drag of the wing. The reduction in pressure forward is the result of
expansion waves from the beginning of the indentation where the fuselage
narrows down; the increase in pressure at the rear is due to compression
waves from the portion of the indentation where the diameter increases.
The expansion field dissipates rapidly as it travels across the span.
The compression field, however, maintains its strength for a considerable
distance across the span. Although the wing was cambered, the pressure
contours over the lower surface of the wing were similar to those over
the upper surface. It appears that the pressure fields cross the wing
at approximately the Mach angle of the free-stream flow. Also, since the
zero-pressure line and the line of maximum thickness of the wing should
coincide for minimum drag, the design Mach number should influence the
position of the maximum thickness line.



Presented in figure 6 is the spanwise distribution of pressure
drag of the wing-body combination just discussed at an angle of attack
of 0° and a Mach number of 1.13. It can be seen that reductions in
drag are realized up to approximately 60 percent of the semi span of the
wing with smaller reductions extending out to the wing tips. The reduc-
tion in wing pressure drag due to body indentation (represented by the
region between the two curves) is approximately 80 percent of the total
reduction obtained for the wing-body configuration. The remaining 20
percent is due to the favorable effect of the distribution of pressures
over the indented fuselage.

Configuration geometry.- With regard to minimizing wave drag in
general, it may be worthwhile to mention some observations based on the
experimental and analytical experience of the National Advisory Committee
for Aeronautics with the area rule. It is obvious that, when the nec-
essary different series of area cuts are made down the vertical plane,
down the horizontal plane, and dowrv "the planes in "between, it is desir-
able for the area distributions to be smooth for all of these area cuts.
There is a fair chance of achieving this, by appropriate body contouring,
when the leading edge is swept behind the Mach lines. With insufficient
sweep, it becomes impossible to get smooth area distributions in all the
planes; and the possible improvements that can be attained by body con-
touring are limited.

Another way of approaching smooth area distributions in all the
area cuts is to have most of the airplane volume close to the fuselage,
as is fairly obvious geometrically. Experimental results do, in fact,
show that the effectiveness of body contouring is increased when the
centroid of the wing volume is inboard. This is a rather fortunate con-
clusion from the point of view of the structures man, who would prefer
to taper the wing in thickness, with the thickest part near the root.

Inlet mass flow.- With regard to applying the area-rule concept to
a configuration with inlet flow, the simplified procedure of removing
a constant equivalent stream tube area from the inlet to the exit
corresponding to the inlet mass flow is used. This procedure has been
experimentally verified for bodies of revolution having inlet flow. It
is obvious, however, that this procedure has practical limitations for
inlets other than nose inlets (such as side inlets) when the inlet mass-
flow ratios are less than 1. For example, removing 70 percent of the
inlet area will leave sizable steps in the area curves. However, in
lieu of this, one method now being used is to assume an inlet mass-flow
ratio of one, subtract the equivalent stream tube area from the inlet
to the exit in the area curves, and estimate the slight variations in
external drag with mass-flow ratio from experimental results. Since
the mass-flow ratios for most supersonic configurations are close to
one, this method is within the accuracy of the analytical computation
of wave drag for the configuration.



Experimental and calculated wave drag.- A basic question in a
discussion of the application and limitation of the area rule is how
well does the calculated wave drag agree with the measured wave drag.
Comparisons have been made between experimental and calculated drag
obtained in the Ames 6- by 6-foot supersonic tunnel and the Langley
8-foot transonic pressure tunnel and Pilotless Aircraft Research Division
for 18 configurations ranging from isolated bodies to complicated four-
engine bomber-type configurations. (See table I.) The comparisons are
shown in figure 7, where the experimental wave-drag coefficients are
plotted vertically and the calculated wave-drag coefficients plotted
horizontally for Mach numbers of 1.3 and 1.9« (The flagged symbols
are for Mach number of 1.9, the plain symbols for 1.3.) The calculations
are satisfactory near a Mach number of 1.0 but improve rapidly as a
Mach number of 1.3 is approached. The ̂ 5° line represents perfect
agreement. The agreement in many cases is good; however, the worst dis-
agreement is of the order of 20 percent. This should be expected since
the area rule is a first-order effect and does not include such effects
as flow separation and local flow fields produced by individual components.

With regard to the computing method, the first and most time-
consuming step is obtaining the area distributions for the various area
cuts. With regard to the next step, the actual calculation, some recent
work by Holdaway and Mersman (ref. 6) results in a considerable improve-
ment over the earlier Holdaway procedure by reducing the computing-
machine time and improving the method of checking the computations.

Drag at lift.- Since the area rule is basically a zero-lift concept,
it is of practical importance to know if the reductions in drag at zero
lift are realized at lifting conditions. Presented in figure 8 is the
drag increment due to area-rule application as a function of lift coef-
ficient. The drag increment is the difference in drag between the basic
configuration and the area-rule-modified configuration. The data are
for the 60° delta-wing fighter airplane, the ̂ 5° swept mid-wing fighter
airplane (fig. 1), and the k2° swept high-wing fighter airplane (fig. 2).
In general, the reduction in drag is retained at the higher lifts. It
appears that the relative effectiveness of the area rule at lifting con-
ditions is a function of Mach number, configuration, and lift coefficient.

Recent application of the area rule.- Eecently an investigation was
conducted in the Langley k by h-foot supersonic pressure tunnel and the
Langley 8-foot transonic pressure tunnel to exploit the gains possible
at higher Mach numbers and at lifting conditions by use of the area-rule
concept. A basic wing-body combination was designed to provide high
lift-drag ratios at subsonic speeds, relatively low wave drag at super-
sonic speeds, and satisfactory longitudinal pitching-moment character-
istics. This wing-body combination was then contoured by use of the
area-rule concept.
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The wing selected (fig. 9) had an aspect ratio of 4 with the
quarter-chord line swept 45° and a taper ratio of 0.15. The wing-section
thickness ratio varied from 5 percent at the root juncture to 3 percent
at the semispan and remained constant at 3 percent to the tip. The wing
was cambered for a lift coefficient of 0.2. The basic body selected had
a Sears-Haack shape and a fineness ratio of 12; the maximum cross-sectional
area of the body was 4 percent of the wing area. This wing-body combi-
nation was then contoured according to the area-rule concept for a design
Mach number of 1.4. The fuselage cross-sectional area for the contoured
body was the same as the basic body near the probable center-of-gravity
location, and the volume pf the contoured wing-body combination was
3 percent greater than that of the basic body. The fuselage was con-
toured asymmetrically. The details and advantages of this asymmetrical
contouring will be discussed in a later paper by Richard T. Whitcomb.

The results indicate that at the design Mach number of 1.4, the
drag has been reduced by approximately 12 percent at a C^ of 0.15.

The modification of the fuselage has reduced the wave drag throughout
the Mach number range from 0.8 to 2. These results also indicate that
for configurations with significant amounts of leading-edge sweep, body
contours based on the area rule with the more recent extensions of body
shaping have provided significant reductions in drag for a wide range of
supersonic speeds. Since the effectiveness of body contouring is depend-
ent on the relationship of the Mach angle to the wing geometry, it is
probable that reductions in drag similar to those obtained at 1.4 for
this configuration could be obtained at higher Mach numbers by using a
larger amount of sweep for the wing.

Effect of nacelle arrangement.- The application of the area rule
to the arrangement of components such as nacelles has been successful.
The unsuccessful arrangements have been limited to configurations such
as tip tanks or floats mounted on the tip of a wing with a relatively
high aspect ratio, particularly if the body was to be contoured to con-
ceal the effect of the tank. Again the limitation seems to be that of
the ineffectiveness of body contouring when the centroids of the areas
are too far from the body.

By use of the low-drag wing-body configuration just discussed, two
four-nacelle-type configurations were investigated in the presence of
the wing-body in the Langley 8-foot transonic pressure tunnel. The
bodies representing the nacelles had a fineness ratio of 10. The total
drag at a Mach number of 1.43 for the wing body for two four-nacelle
arrangements is presented in figure 10. The nacelles were sting mounted
from the rear, and, therefore, the data presented do not include the
effect of pylons. However, preliminary results from recent tests
including pylons indicate that the effect of adding pylons is to raise
each drag curve presented by an equal amount. The lack of pylons, there-
fore, does not modify the interference effects shown in the figure.



Comparing the worst nacelle arrangement with the best arrangement indi-
cates a drag decrease of approximately Ik percent at low lift coefficients,
The best arrangement shown is effectively interference free. This is
shown by comparing the sum of the drags of the four stores and wing-body
measured separately with the combination value.

CONCLUSIONS

With respect to the application and limitations of the area-rule
concept, the following conclusions can be made:

1. Recent research indicates that area-rule considerations can be
effective in obtaining low wave drag up to Mach numbers of the order
of 2.0.

2. Nacelle configurations in combination with a fuselage-contoured
wing-body combination when arranged according to the area rule can have
small interference drag.

J. At the present time, the limitations to the application of the
area rule can be summarized as follows:

(a) The maximum area-rule design Mach number is limited to the
case where the leading edge is swept behind the Mach lines.

(b) Effective contouring of the body according to the area rule at
supersonic speeds is limited to the case where the wing centroids of
cross-sectional area are relatively close to the body.

(c) The relative effectiveness of the area rule at lifting condi-
tions is a function of Mach number, configuration, and lift coefficient.

(d) In most cases the theoretical computations based on the area-
rule method are good; however, in some cases the error can be as much
as 20 percent.



10

REFERENCES

1. Whitcomb, Richard T., and Fischetti, Thomas L.: Development of a
Supersonic Area Rule and an Application to the Design of a Wing-
Body Combination Having High Lift-to-Drag Ratios. NACA RM L53H31a,
1955-

2. Jones, Robert T.: Theory of Wind-Body Drag at Supersonic Speeds.
NACA RM A53Hl8a, 1953-

3. Olson, Roland E., and Bielat, Ralph P.: An Aerodynamic and Hydrody-
namic Investigation of Two Multijet Water-Based Aircraft Having
Low Transonic Drag Rise. NACA RM L55Alla, 1955.

4. Loving, Donald L.: A Transonic Investigation of Changing Indentation
Design Mach Number on the Aerodynamic Characteristics of a ̂ 5°
Sweptback-Wing—Body Combination Designed for High Performance.
NACA RM L55J07, 1955-

5. Hoffman, Sherwood, Wolff, Austin L., and Faget, Maxime A.: Flight
Investigation of the Supersonic Area Rule for a Straight Wing-Body
Configuration at Mach Numbers Between 0.8 and 1.5. NACA RM L55C09,

1955-

6. Holdaway, George H., and Mersman, William A.: Application of
Tchebichef Form of Harmonic Analysis to the Calculation of Zero-
Lift Wave Drag of Wing-Body-Tail Combinations. NACA RM A55J28,

1955-



TABLE I

CONFIGURATIONS REPRESENTED IN FIGURE 7
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Configuration
number

1

2

3

k

5

6

7

8

9

10

11

12

13

11*

15

16

17

18

Configuration

Body of revolution; F.R. =9-8

Asymmetric body; F.R. = 10.2

53° delta wing-body

Body of revolution (configuration 3 less wing); F.R. =9-9

Straight-wing fighter airplane

Configuration 5 less horizontal and vertical tails

Configuration 5 less wing, tail, and ducts

60° delta wing multi-engine bomber airplane

Configuration 8 less tail

53° modified delta-wing fighter airplane

60 delta-wing fighter airplane

Wing with basic body; AC/^ = 1*5°; A = k; X = 0.15

Wing of configuration with body indented for M = 1.2

60 delta wing-body

Wing-body with AC/I* = 1*5°; A = k; X = 0.6

Wing-body with AC/̂  = ̂ 5°; A = 3; * = 0.2

Straight wing-body

Body of revolution; F,R, = 10

Symbol

O

D

O

A

t>

>̂

0

V

D

<]

V

u

0

O

£>

Q

C"

\!
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AREA-RULE APPLICATION FOR M = 1.0

CONFIGURATION

45° SWEPT
MID WING

60° DELTA
MULTI-ENGINE

ORIGINAL

MODIFIED

AREA DIAGRAM WAVE DRAG

.02-

Figure 1

.8 1.0 1.2

AREA-RULE APPLICATION FOR M=l.2

ORIGINAL

MODIFIED-

CONFIGURATION

60° DELTA
SINGLE ENGINE

42° SWEPT
HIGH WING

AREA DIAGRAM WAVE DRAG

.02

ACr

.02
ACr

.8 1.0
M

1.2

Figure 2
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EFFECTS OF DESIGN MACH NUMBER

STRAIGHT—WING CONFIGURATION

Ai

O3

02

01

M = I.IO INDENTATION

ORIGINAL CONFIGURATION / M»I.4I INDENTATION

.8 .9 1.0 1.2 13 1.4 1.5
M

1.6

Figure



PRESSURE-COEFFICIENT DIFFERENTIAL DUE TO INDENTATION
M-I.I3; UPPER SURFACE

Figure 5

EFFECTS OF INDENTATION ON SPANWISE DRAG DISTRIBUTION

M-I.I3

-WING-BODY JUNCTURE

20 30 40 50 60 70
PERCENT SEMISPAN

80 90 100

Figure 6



CORRELATION OF EXPERIMENTAL AND

CALCULATED WAVE DRAG

J020

£16

EXR
.OI2

.008

.004

PLAIN SYMBOLS M«l.3
FLAGGED SYMBOLS M«l.9

.004 O08 .012 .016 .020
CALC. A Op

Figure 7

EFFECT OF LIFT CCEFFICIENT ON DRAG REDUCTION
DUE TO AREA-RULE MODIFICATION

15

— 45° SWEPT MIDWING
— 60° DELTA SINGLE ENGINE
— 42° SWEPT HIGH WING

DORIG. MOQ
012

.008

.004

M=l.03 M=I.I3

2 .4 .6 JB 0 2 .4 .6

Figure 8



16

ASYMMETRICAL AREA-RULE APPLICATION FOR
HIGHER MACH NUMBERS

CL»O.I5

.028 r

.024

.020

.016

.012

.008 j i
.8 1.0 1.2 1.4 1.6

M
1.8 2X>

Figure 9

EFFECT OF NACELLE POSITION ON TOTAL CONFIGURATION DRAG
M*l.43

.10

.08

.06

04

.02 -4 x NACELLE ALONE + WING-BODY ALONE

.2 .3 .4 .5
CL

Figure 10



17

SEVERAL EXTENSIONS OF THE AREA RULE

By Richard T. Whitcomb

Langley Aeronautical Laboratory

This paper presents several extensions of the area rule which pro-
vide the basis for the design of fuselage contours resulting in improved
drag characteristics for practical aircraft at moderate supersonic speeds.
Considered are the selection of the envelope or total area development,
and a method for accounting for the reflections of disturbances by the
wing for asymmetrical configurations. In each case the considerations
are approximations based on analyses of the physical flow rather than
on analytical theory.

In order to obtain the fuselage cross-sectional area development
which provides the approximate minimum wave drag for an airplane near
the speed of sound, the single wing and tail areas are subtracted from
the total or envelope area development which is indicated to have minimum
drag characteristics for the fixed conditions for the configuration.
However, at a given supersonic speed, the wing or tail has a number of
area developments which may differ considerably. Consequently, a given
fuselage area development cannot provide ideal total developments for
each of the wing developments. A compromise fuselage'area development
must be utilized. Lomax and Heaslet have determined analytically (ref. 1)
that, for the ideal conditions of fixed total volume and length, the
compromise development which provides the minimum wave drag is obtained
by subtracting the average of the area developments for the wing and tail
from the total or envelope area development calculated to have minimum
wave drag for such conditions. Experimental results for several configu-
rations have indicated a similar conclusion (refs. 2 and 3, for example).
It may be assumed that for the fixed conditions of practical airplanes,
the minimum wave drag is obtained in a similar manner.

For most practical aircraft configurations, the cross-sectional areas
are generally fixed near the nose, in the midregion, and near the tail as
shown in figure 1. Obviously, in the midregion, the fixed area includes
the average wing areas superimposed on fixed fuselage areas; whereas near
the aft end of the airplane, the average tail areas are added to the fuse-
lage area. At supersonic Mach numbers for the fineness ratios utilized
for practical aircraft, the slender-body theory does not provide a reli-
able indication of the area development for minimum wave drag for such
fixed conditions; the more explicit nonslender linear theory should be
utilized. However, because of the extreme complexity of this more
explicit theory, its use for the computation of the exact minimum-drag
developments for these fixed conditions is impractical at present.
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Recently, in unpublished work, Herman M. Parker, of the Langley Gas
Dynamics Branch, has used this nonlinear theory to compute the minimum-
drag developments for the similar "but simpler conditions of fixed lengths
and fixed maximum areas. Approximations of the developments for the
fixed conditions of practical airplanes may "be obtained through a con-
sideration of the developments for these simpler conditions. Although such
developments depend on fineness ratio and Mach number, for the values of
fineness ratio of practical interest and for Mach numbers from 1.2 to 2
(the probable range in which fuselage contours will be designed on the
basis of the area rule) the shapes are approximately the same. The shape
for a mean condition of these ranges is shown in figure 1. It may be
rioted that this development consists of approximately straight lines over
most of the length. This suggests that the minimum-wave-drag envelope
for the fixed conditions shown at the top of the figure might be approxi-
mated by fairing straight lines tangent to the fixed area developments
as shown.

The effects of fuselage modifications based on several envelope area
developments have been determined during the tests of the airplane with
k2° swept wings shown in figure 2. One envelope utilizes the straight-
line fairings based on nonslender theory as just discussed; the other
approximates that which would have minimum wave drag based on slender-
body theory. The design Mach number was 1.2. The drag results obtained
up to 1.2 indicate that the fuselage contours based on the straight-line
fairing envelope produce significantly lower wave drag than did the
contours based on the approximation of the slender-body theory. Before '
the nonslender theory became available, the use of the straight-line
envelope rather than the slender-body-theory minimum-drag envelope was
proposed as a means for improving the drag at off-design.conditions.
Experimental results for several configurations indicate that the use of
such an envelope in preference to one based on slender-body theory reduces
the wave drag at off-design conditions considerably more than at the
design conditions.

The problem of reflections of disturbances by the wing or horizontal
tail for asymmetrical configurations is illustrated by the sketch at the
top of figure J. Shown is the side view of a symmetric wing in combina-
tion with a fuselage indented only above the wing. Most of the dis-
turbances of the indentation above the wing which are directed downward
are reflected upward by the wing as shown; thus, the body shaping above
the wing should have little effect on the flow below the wing and an
exaggerated effect above the wing. (For symmetrical configurations, the
reflection of disturbances produced by changes in the fuselage shape
below the wing replace the disturbances produced by the upper part which
could not pass through the wing. For such configurations, the reflection
effects can be ignored.) The adverse effects that may be associated with
such reflection of disturbances for asymmetrical configurations are illus-
trated by the drag results presented in figure 3- A symmetrical delta
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wing was investigated in combination with two indented fuselages. In
one case the cross-sectional areas of the wing for a Mach number of 1
were removed symmetrically. In the other case, the total wing area was
removed only above the wing. With the asymmetrical indentation, the
drag was considerably higher than that for the symmetrical indentation
throughout' the Mach number range of the test. Further, the asymmetrical
indentation produced adverse effects on the drag compared to that obtained
with no indentation at Mach numbers above 1.1.

For the usual design conditions, the problem of determining these
reflected effects exactly is extremely complex since the reflection is
only partial. However, a reasonable approximation of the effect is
obtained by assuming that the reflection is complete for disturbances
originating in the region of the wing and not present for disturbances
produced by the fuselage ahead of and behind the wing root. With such
an assumption, the areas of the fuselage above and below the plane of
the wing are considered separately; while fore and aft of the wing, the
complete fuselage areas are utilized. (Such a procedure is strictly
applicable only at Mach numbers where the Mach angle approaches or exceeds
the wing leading-edge angle. However, experimental results for several
asymmetric configurations, including those presented in figure ,̂ have
indicated that fuselage contours based on these separate area developments
provide improved reductions in drag even at lower Mach numbers.) Complete
area developments necessary for the computations of drag or determination
of fuselage contours are made up of the complete cross-sectional areas
for the fuselage ahead of the leading edge of the wing followed by twice
the variations of area with length for above or below the wing in the
region of the wing as shown at the bottom of figure J. Behind the trailing
edge of the wing root, the area developments consist of the variation of
area with length for the complete fuselage. In the region of the tail
the variations of area above or below the tail are utilized.

The cross-sectional areas for cambered wings are divided in a sim-
ilar manner, with the areas of the wing above the chord plane considered
separately from those for below this plane. The wing areas for above
or below the chord plane are considered with the corresponding fuselage
areas. The favorable effects on drag that may be obtained through the
use of fuselage contours designed on the basis of such divided areas for
a cambered wing are illustrated in figure 5. The cambered k^° sweptback
wing shown was tested in combination with two contoured bodies. One was
shaped symmetrically using fuselage areas obtained by subtracting the
average total wing areas from a favorable envelope area development; the
other was shaped asymmetrically with the fuselage areas above and below
the wing being obtained by subtracting twice the wing areas above and
below the chord plane from favorable envelopes. Since the area for the
cambered wing above the chord plane is greater than that below, the inden-
tation of the fuselage above the wing is deeper than that below. The
design Mach number was l.U. This asymmetfic configuration is the same
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as that described in figure 9 of the preceding paper by Axel T. Mattson
and Robert S. Osborne. The drag results for a Mach number of lA3> shown
on the left, indicate that the asymmetrical indentation resulted in
improvements in the drag throughout the lift-coefficient range. The
reductions in drag at lift coefficients are larger than that obtained
near zero lift. Such modifications also generally provide changes in
the lift—pitching-moment characteristics in the positive direction which
should have a favorable effect on the trim drag for most configurations
at supersonic speeds. Such changes in moments obtained with asymmetric
fuselages will be shown in a. later paper by M. Leroy Spearman and
Arthur Henderson, Jr.

In conclusion, it has "been shown tnat> to obtain the fuselage area
development which provides the approximate minimum wave drag for a usual
airplane configuration at moderate supersonic speeds, the average wing
and tail areas are subtracted from an envelope or total area development
constructed by fairing approximately straight lines to the usual regions
of fixed areas. Also, to obtain the most satisfactory reductions in drag
and calculated wave drags utilizing the area rule, the area developments
for the wing and fuselage above and below the wing or tail chord planes
should be considered separately.
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REDUCTION OF WAVE DRAG OF WING-BODY COMBINATIONS AT

SUPERSONIC SPEEDS THROUGH BODY DISTORTIONS

By William C. Pitts

Ames Aeronautical Laboratory

The word "interference" is usually associated with adverse effects.
However, interference between the components of an airplane or missile
can also be beneficial. The methods of drag reduction by body distortion
are examples. Figure 1 shows a simplified picture of the mechanics of
this beneficial interference. A wing with a biconvex section is mounted
on a cylindrical body. The dashed curve represents a body distortion
which produces a drag-reducing interference. This distortion creates a
negative pressure region to relieve the compression of the air on the
forward part of the wing, and it creates a positive pressure region to
compensate for the expansion of the air flowing over the after part of the
wing. The problem to be solved by all the drag-minimization theories is
to determine the magnitude and shape of this distortion that will reduce
the wave drag on the wing as much as possible without unduly increasing
the body drag.

There are several methods for doing this. The original method is
the transonic area rule, which is limited to Mach numbers near unity.
The so-called supersonic area rule is limited to slender configurations.
Separate linear-theory investigations have been made by Lomax and Heaslet
(ref. l) and by Nielsen (ref. 2) to study the problem of drag minimiza-
tion outside the region of applicability of these rules. This paper will
discuss the theoretical bases of the theories of references 1 and 2 and
present experimental results. A method recently investigated at the
Langley Aeronautical Laboratory will also be discussed.

In reference 1 the problem of drag minimization is solved without
recourse to body boundary conditions. Rather than treating actual shapes,
the theory deals with multipole distributions along the body axis to find
the minimum condition. Then the body shape is found from the resulting
multipole distribution as the last step. The resulting body contains two
types of distortion. One type is the axisymmetric distortion due to the
sources. The other type is the nonaxisymmetric distortion due to higher
order multipoles. Figure 2 shows the experimental verification of the
ability of these distortions to produce drag reductions. The theory was

applied to.a wing of elliptic plan form for a design Mach number of i[2~.
The body contained both axisymmetric and nonaxisymmetric distortions.
Transition was fixed to minimize change in viscous effects. The quan-
tity J&JD is the drag with the distorted body minus the drag with the
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undistorted body, so that negative values represent drag reductions. The
theoretical drag reduction at the design Mach number is shown. A signif-
icant portion of this reduction is also realized experimentally over the
Mach number range of 1.1 to l.U.

In reference 2 a different approach to the problem of determining
the body distortions is used. The basic difference is that in reference 1
multipoles are distributed along the body axis, whereas in reference 2 the
boundary conditions on the wing and body surfaces are satisfied by using
the quasi-cylindrical theory of reference 3- The body shape is obtained
by minimizing the expression for the drag of the entire combination by
the standard method of the calculus of variation. The shape of the body
distortions is the minimizing variable. Both axisymmetric and nonaxisym-
metric distortions are obtained. The quasi-cylindrical restriction in
this theory adds flexibility in that it makes possible direct computation
of the drag reduction to be expected from the optimized configuration if
it is operated at off-design conditions.

In figure 3> the model to which this theory was applied is shown.
The design Mach number is )[2~. The wing leading edge is sonic. This model
and models with wings of two other aspect ratios were tested to determine
the sensitivity of the theory to aspect ratio. Several bodies were tested
to determine the effect of the two types of distortion. Body BI is an

undistorted cylindrical body with a conical nose, and 89 contains the
axisymmetric distortion. It is this distortion that removes volume from
the body. The other distortions rearrange the volume without removing
any. Bodies 63 and B^ contain both the distortion of B2 and non-
axisymmetric distortions. Body 814. is a modification of the optimized
body B^. The dashed curves in the upper sketch show the plan-form sec-
tion Of Blj..

The ability of each of these body distortions to produce a drag
reduction at the design Mach number is shown in figure 4. Transition
was fixed on all models to minimize change in viscous effects. The drag
reduction due to the axisymmetric distortion is shown in the upper left
of the figure. This is obtained by subtracting the drag of the model
with the undistorted body BI from the drag with the body %£• Simi-
larly, the drag reductions due to the nonaxisymmetric distortions are
obtained by subtracting the drag with the distorted body 69 from the
drags with bodies B* and BÎ . These results are shown in the upper

right and lower left parts of .figure k. The fourth part of the figure
shows the total effect of both types of distortion by comparing bodies
Bli and Bj_. As before, negative values of AGp indicate drag reduc-
tion. The axisymmetric distortion provides a significant drag reduction
for all aspect ratios although not to the extent predicted by theory.
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This difference between theory and experiment is due to the fact that
linear theory predicts too large a value for the wave drag of a wing
with sonic leading edge. This means that the body shapes obtained are
not the best possible for reducing the drag. If a better wing-alone
theory were available for wings with sonic leading edge, a body shape
that would give greater experimental drag reduction could be obtained.
In the upper right of figure k, theory predicts a large drag reduction
for the nonaxisymmetric distortion of B̂ . Actually the drag is increased.

Liquid-film pictures showed that this increase is not due to flow separa-
tion. Instead it is a result of the large indentation in body 65 which

violates the quasi-cylindrical restriction of the theory. If this body
is made more quasi-cylindrical by arbitrarily reducing the nonaxisymmetric
distortion by one-half to obtain B^, drag reduction in addition to that
due to the axisymmetric distortion is obtained - as shown in the lower
left part of the figure. The last part of figure 4 shows that the total
effect of both types of distortion (Bî  - BI ) is to provide about 55 counts
of drag reduction for all aspect ratios.

Figure 5 shows the effect of Mach number on drag reduction. As in
figure k, the quantity Z£jj is compared for each of the distortions.
The upper left part of the figure shows the effect of the axisymmetric
distortion of 69. The upper right part is for the nonaxisymmetric dis-
tortion of Bl̂ .. The lower part is for the combined effect of these two
distortions. This figure supports the statement made for figure U that
the difference between theory and experiment is due to the sonic leading
edge of the wing. As the Mach number is increased from the value at which
the leading edge is sonic (M = l(2~), theory and experiment come into good
agreement. Figure 5 also shows that the nonaxisymmetric distortion is
the most effective for maintaining drag reduction at other than the design
Mach number. The axisymmetric distortion slightly increases the drag at
M = 1.75- At this same Mach number the nonaxisymmetric distortion still
provides about 10 counts of drag reduction. The loss of drag reduction
as the Mach number is changed from its design value is primarily due to
the movement of the Mach wave across the wing surface. The importance of
this effect increases as the aspect ratio increases. This means that the
Mach number range over which drag reduction is maintained will increase
as the aspect ratio is decreased. For example, theory shows that the
wing with aspect ratio of 1.53 maintains a drag reduction up to M = 1.95>
compared with M = 1.8 for the wing with aspect ratio of 2.66.

The question arises as to how the supersonic area rule compares with
these linear theories when applied to nonslender configurations. In order
to compare the body shapes, the area rule and the quasi-cylindrical theory
were applied to a wing with sonic leading edge and an aspect ratio of 1.55-
The results are shown in figure 6. As might be expected, the body shapes
differ considerably.
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Another method of altering the body cross-sectional shape of swept-
wing—body combinations to obtain further reductions in wave drag has
been investigated recently at the Langley Aeronautical Laboratory. This
method involves contouring the fuselage side to conform approximately to
the streamline paths that would exist over the swept wing if it were of
infinite span while preserving a satisfactory area development for the
entire configuration.

The configuration investigated is shown in figure 7- The wing had
an aspect ratio of 4.0, a taper ratio of 0.6, and a quarter-chord-line
sweep of 1*5°• The solid lines indicate the body contour obtained through
an axisymmetrical application of the transonic-area-rule principle. The
dashed lines indicate the wing-body juncture of the second configuration,
which was made to conform to the calculated streamline shape. This stream-
line shape was calculated with the use of experimental two-dimensional
velocity distributions. These data were measured at a Mach number corre-
sponding to the velocity component normal to the swept-wing leading edge.
The body cross section was then adjusted at the top and bottom so that
the longitudinal area development was identical with that of the axisym-
metric area-rule configuration. The fairing behind the wing trailing
edge was arbitrary.

Tests of the two configurations were made in the Langley transonic
blowdown tunnel at a Reynolds number of about 2.5 X 10° based on the wing
mean aerodynamic chord and at angles of attack up to about 10°. Transi-
tion was fixed to minimize change in viscous effects.

Some of the results of the investigation are presented in figure 8.
Plotted are drag coefficients based on total wing area as a function of
Mach number for two lift coefficients, 0 and 0.4. The solid lines refer
to the axisymmetric area-rule indentation, and the dashed lines refer to
the distorted indentation. As indicated, significant reductions in drag
were obtained by contouring the wing-fuselage juncture to conform approxi-
mately to the calculated streamline shape. These gains were maintained
through a large range of lift coefficient as indicated by the data at a
lift coefficient of 0.4.

In summary, the methods discussed provide sizable reductions in drag
for aspect ratios of current interest. These drag savings are maintained
over a wide Mach number range, particularly for low-aspect-ratio wings.
At the design Mach number, a significant part of the drag reduction is
due to the nonaxisymmetric distortion. At other than the design Mach
number, most or all of the drag reduction is due to the nonaxisymmetric
distortion.
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EXAMPLES OF FAVORABLE INTERFERENCE EFFECTS ON THE

LIFT-DRAG CHARACTERISTICS OF AERODYNAMIC

SHAPES AT SUPERSONIC SPEEDS

By Vernon J. Rossow

Ames Aeronautical Laboratory

This paper is concerned with possible increases in the lifting effi-
ciency of supersonic aircraft. It will be assumed that there is available
a fuselage as well as vertical and horizontal surfaces that can be modi-
fied or deflected. In general, these surfaces produce wave systems that
contribute to the supersonic drag. Representative cases will be studied
herein in an attempt to seek favorable interference effects by judicious
arrangements of the surfaces available. The details of the analysis and
additional examples will be found in reference 1.

A flow model which consists essentially of a horizontal surface with
a supersonic stream flowing over it at a Mach number MQ is shown in

figure 1. Placed on this surface is a vertical surface inclined at an
angle 6 to the supersonic stream. The shaded areas indicate the inter-
section of the horizontal surface with the pressure fields induced by the
deflected vertical surface. These positive and negative pressure regions
may be thought of as "pressure shadows" of the vertical surface. It is
observed that the interference of the vertical surface on the horizontal
surface induces positive lift in the region of the negative pressure
shadow. Similarly, a negative lift is induced in the region of the pos-
itive pressure shadow.

By use of this basic concept, a number of lifting systems consisting
of a wing and vertical surfaces can be constructed. One such airfoil
system which is simple in form and which can be readily analyzed is shown
in figure 2. The model consists essentially of a sweptforward wing with
upper and lower end plates at each tip. The leading edges of the upper
fins or end plates are deflected inward at an angle 5 so that negative
pressure shadows are cast across the upper surface of the wing; simi-
larly, the leading edges of the lower fins are deflected outward to gen-
erate positive pressure shadows on the lower surface of the wing. It is
seen from figure 1 that, within the linearized approximation, the only
part of the horizontal surface which is actually needed to capture the
indirect lift of the vertical surface is that portion lying within the
pressure shadow as indicated by the shaded area. For this reason, the
wing of the airfoil system shown in figure 2 is taken as a constant-chord
wing with its leading and trailing edges swept along the Mach line. The



wing is then completely covered by the pressure shadows of the fins. The
trailing edge of the triangular end plates is also swept at the free-stream
Mach angle. The wing may also be deflected to contribute to the lift.

The lifting efficiency of this airfoil system is calculated by super-
imposing linearized conical-flow solutions. In this way the tip effect
of the end plates, the lift, and the pressure drag of the whole system
can be found. The lifting efficiency calculated in this manner is judged

by the drag factor CD. pĈ  which enters into the equation for (L/D)max

shown in the upper right-hand corner of figure 5. In this equation, Ĉ .

is the drag coefficient arising from the pressure drag due to lift; C^ is
the lift coefficient: and Cr, is the drag coefficient of the whole sys-

"o
tern when none of the surfaces are deflected, that is, the drag of the com-
plete airplane at zero lift. All of the coefficients are based on the
plan-form area of the wing. A point of reference for this figure is the
two-dimensional wing or the delta wing with supersonic leading edges.
These wings have a lift-curve slope of 4/p and, therefore, a drag factor
of 0.25. This value is shown as the short-dashed curve on the right-hand
side of figure 5. ' .

The relative efficiency of each of the airfoil systems is indicated
in figure 3. It is seen that, of the combinations shown, the most effi-
cient method of obtaining lift is to deflect both the wing and the fins
in the optimum ratio so that both the direct and indirect lifting ability
of the system are utilized to the full extent. This result is not sur-
prising since the lift is obtained from two sources, the deflections of
the fins and the wing, which permit a reduction of approximately one-half
of the angle of attack of the wing. Since the lift and drag are respec-
tively proportional to the first and second power of the angle of attack,
the lift is held constant and the drag due to lift is reduced. It is
assumed that the vertical surfaces already exist on the aircraft and can
simply be moved to the wing tips without adding to the wetted area of
the airplane. Should it be necessary to add the fins as new surfaces,
the increased friction drag would probably more than offset the gain
realized from the reduction in drag due to lift.

The pressure fields generated by the fins may also be used to induce
lateral forces on other vertical surfaces. Consider, for instance, the
streamline paths over the wing as shown in plan view in figure k. The
upper fins of the airfoil system bend the streamlines on top of the wing
outward so that the streamlines which pass along the center plane tend
to be divided in half. A thin body which follows these streamlines may
be introduced into the center plane on top of the wing. Similarly, a
thin body could also be terminated below the wing as shown by the dashed
lines. A perspective view of the airfoil system with the perturbation



fuselage is shown in figure 5. The thin bodies may be thought of as per-
turbations on a conventional fuselage as illustrated in an approximate
fashion in figure 6. The deflected end plates induce lateral velocities
over the wing and it is assumed that the fuselage sides are contoured to
follow these streamline paths. If the model is designed in this way, a
thrust force is induced by the fins on the sides of the perturbation fuse-
lage. When the wing is at an angle of attack, the negative pressure field
on top of the wing and the positive pressure field on the bottom of the
wing induce additional thrust forces on these fuselage perturbations.

The thrust on the fuselage, the lift, and the pressure drag are cal-
culated by using the superposition of conical-flow solutions used for the
simple airfoil system. The drag factor for the airfoil system with the
perturbation fuselage is shown in figure 7 as a function of reduced aspect
ratio. Also shown is the drag factor for the arrowhead wing. The effi-
ciency of the arrowhead wing approaches the theoretical limit for slender
planar wings, and, as such, represents a target which must be exceeded to
be assured of a gain from indirect lift. In figure 7 i* is seen that an
improvement over the simple airfoil system is achieved by addition of the
properly contoured fuselage. However, these new models are more efficient
than the arrowhead wing only for the low value of reduced aspect ratio;
that is, 3A < 2.2.

Indirect lift on the two models described so far was induced by
wing-tip end plates. Another method of producing indirect lift is to
contour the fuselage so that lifting-pressure shadows fall on the wing.
Such a perturbation fuselage with an accompanying wing is shown in fig-
ure 8. The deflected flat rectangular surfaces on the sides of the per-
turbation fuselage are treated as if a positive and a negative wedge were
added to a fuselage. The leading and trailing edges of the wing are swept
back along the Mach line. The wing-tip end plates are used to provide a
means for controlling the airplane in addition to improving the lifting
characteristics of the wing. The end plates may be used for lateral con-
trol, and, by using their ability to produce indirect lift, they can be
used to. roll and pitch the airplane or missile.

The drag factor for the airfoil system shown in figure 8 is calcu-
lated by linearized conical-flow theory and is shown in figure 7« An
improvement in the lifting efficiency is achieved over the other models
for wings of higher aspect ratio; however, the arrowhead wing is still
superior for all but the lower values of PA. It is observed that the
drag factor for the perturbation-wedge body crosses that for the airfoil
system with and without a perturbation fuselage. This change in the rela-
tive efficiency of these models is a result of the wedge having a higher,
drag than the triangular end plates but still a stronger lifting-pressure
shadow at the higher aspect ratios.
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The models described previously received indirect lift by deflecting
flat surfaces to produce pressure shadows on the wing. The shape which
may be used is not restricted to flat surfaces, but a surface or obstruc-
tion of almost any shape may be used to induce the interference field.
A body of revolution placed under a swept wing as shown in figure 9 is
a choice which is relatively easy to analyze. The wing is assumed to be
placed on a plane of symmetry of the cone and to be a perfect barrier,
so that the flow field is the same as the axially symmetric case. By
use of linear theory, the indirect pressures induced by the cone on the
wing are easily calculated along with the lift and the drag of the whole
system. The relative inefficiency of the half-cone model as shown in
figure 7.is the result of several factors. First, the pressure field
induced by a body of revolution is not as intense as that induced by a
flat surface. Second, the wings of the other models receive indirect
lift on both the top and the bottom surfaces, whereas the half-cone model
receives indirect lifting pressures only on the bottom surface. Third,
the wing plan form used is not so efficient as that of the other systems
discussed.

The study of the models shown in figure 7 indicates that the lifting
efficiency of an airplane or missile can, in certain cases, be improved
by using vertical surfaces on the aircraft. It is also found that the
models that had wings, of higher aspect ratio are less efficient than the
arrowhead wing. This observation leads to the conclusion that another
wing plan form should be chosen for the indirect lifting system. The
models described have a fairly poor wing, and the attempt was made to
increase its lifting efficiency over a wing which is already quite good.
The next step would be to take a good wing approaching the efficiency of
the arrowhead wing and attempt to improve its lifting characteristics by
use of interference fields. A step in this direction was made in the
Ames 10- by lU-inch tunnel. The wing of the model tested was similar to
an arrowhead wing and had a half-cone mounted on its bottom side. The
drag factor for this combination was slightly better than for the swept
wing (no fins) and is a definite improvement over the half-cone model
shown in figures 7 and 9- These test results bear out the somewhat
obvious contention that the wing plan form used in the airfoil system
should be an efficient unit in itself. This model will be discussed in
more detail in a later paper by H. Julian Allen and Stanford E. Neice.

In studying models of the half-body type at the Ames 6- by 6-foot
supersonic tunnel, it was found that the indirect lift was dependent only
on the base area of the body. Consequently, it was concluded that the
body having the minimum drag for a given base area should be the body
used to induce the indirect lift on the wing.

An investigation of interference effects of the type discussed in
this paper is reported in reference 2. This study included a number of
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lifting systems consisting of wing-body combinations. The models dif-
fered somewhat from those considered herein, but the overall results
indicate the same general conclusions.

The several models described are only a small fraction of the num-
ber of possible configurations, since the shape of any of the component
parts may be varied throughout wide limits. However, it is hoped that
this study will furnish the designer with some interesting and instruc-
tive examples of the use which can be made of interference fields for
indirect lift and control purposes.
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WAVE DRAG OF ARBITRARY CONFIGURATIONS IN TERMS

OF AREAS AND FORCES IN OBLIQUE PLANES

By Harvard Lomax

Ames Aeronautical Laboratory

One approach to the study of interfering wings and bodies in a super-
sonic flow field is through the application of linearized theory as it is
expressed by the wave equation. Among the merits of such an approach is
the use that can be made of the vast amount of analysis developed in
studying boundary-value problems associated with the wave equation. In
particular two theorems regarding the wave equation, one derived by Green
and the other derived by Hayes (ref. 1), can be combined with the result
that the wave drag of an arbitrary system of objects can be expressed in
terms of certain section areas and the resultant forces on these sections.

Hayes' theorem states that the momentum at a point on a large
enclosing cylinder is invariant to the translation of sources along the
oblique plane

= x + cos 0 + sin 6

shown cutting the high-wing monoplane in figure 1. Green's theorem
relates the source strengths to the geometry of, and pressures on, the
airplane. By the combination of these theorems, the following drag
formula is obtained:

P,

loge |XL - x2| (1)



The term S(x,8) represents the normal projection of the area inter-
sected by a particular oblique plane, and the term z(x,6) represents
the component of the resultant force on this section in the 6-direction.
The primes indicate partial derivatives of these expressions with respect

to x and the symbol p equals yM - 1. The rest of this paper will

be_devoted to certain examples illustrating how this equation can be use-
ful in the study of supersonic wave drag.

First, consider cases in which the wave drag can be expressed in
terms of the oblique areas alone; that is, cases in which the drag equa-
tion reduces to the supersonic area rule formulated by Jones (ref. 2) and
Whitcomb and Fischetti (ref. 3)- According to equation (l), this occurs
when the quantity 0Z/2q can be neglected. Two important cases for
which this is possible are well known. First, if the free-stream Mach
number is almost 1, then (3 is approximately equal to 0 and the term
is negligible. Second, if a swept uncambered wing is centrally mounted
on a slender body, the loading on the wing is everywhere zero and the
only contribution to the force term comes from the section obliquely cut
from the fuselage. But if the fuselage is slender and the streamwise
pressure gradients on it are small, Z/q is negligible and the drag is
again a function only of the oblique areas.

Other special cases exist for which the drag of a wing-body combi-
nation can be expressed in terms of simple geometry. One case is shown
in figure 2. This case is represented by a supersonic-edge wing mounted
asymmetrically on a body. The combination can be at an angle of attack
and the wing can be supporting a load. Since the edges are supersonic,
the upper and lower surfaces are noninteracting. Hence two symmetrical
bodies can be constructed, one formed by reflecting the upper half about
a reference plane and the other by reflecting the lower half about the
same plane. The drag of the original combination is then half the sum
of the two symmetrical bodies; but each of these are types that can be
studied by the supersonic area rule.

These have been cases for which use of the force term in the drag
equation could be neglected or avoided. Consider next an example (shown
in fig. 5) in which the force term is as important as the area term.
Suppose, as is shown in the figure, a thin, axially symmetrical .cylindri-
cal shell is cambered to support a certain outward force. Its oblique
area distribution would then be negligible but 3Z/2q would vary as
indicated. If a slender body of revolution having a rate of change of
area equal to the quantity 0Z/2q were placed along the center line of
the cylinder and the shell continued to support the same loading, the
drag of the combination would, clearly, be zero - the two terms just
canceling one another. The existence of such a zero-wave-drag body and
shroud was first pointed out by Ferrari some years ago.
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The previous examples illustrated two extremes: one in which the
force term in the drag equation was negligible and the other in which the
force term was all-important. The question naturally arises as to what
are the effects of combining bodies with loaded surfaces having shapes
more nearly like those in ordinary use. A qualitative ansver to such a
question for a conventional configuration is presented in figure 4. A
slender body is presented having an M = 1 modification for a centrally
mounted sweptback wing. The streamwise distribution of normal cross-
sectional area is shown at the bottom of the figure and is equivalent to
a low-drag body of revolution. Hence, at transonic speeds the drag is
minimized. However, as the speed advances into the supersonic range,
certain of the oblique area distributions obtained from such a configura-
tion are equivalent to bodies of revolution having high wave drags. For
instance, consider the free-stream Mach number to be 1.4. The oblique
areas for 9 = 90° are still essentially the same as those found for all
values of 9 at M = 1, but the distribution for 9=0° is not the
same and is shown at the upper part of the figure. Notice that, while the
area of one wing panel is still spread smoothly over a large distance, the
other accumulates in an undesirable narrow bump.

Suppose now that vertical plates are placed at the wing tips and
made to carry an outward load. For 9 = 90° (see fig. 4), it can be
seen that the added plates do not change the equivalent body of revolu-
tion for this case since the forces on the plates have no vertical com-
ponents. For 9 = 0°, on the .other hand, the plates are as effective as
the area distribution and can be used to smooth out the equivalent body
of revolution in a manner such as is indicated in the figure.

The advisability of using such devices as shown in figure 4 depends
entirely, of course, on a quantitative evaluation of the entire drag. In
the arrangement shown, the end plates produce a vortex drag which could be
prohibitively high. However, if the plate and fuselage were mounted
beneath the wing, and the lift of the airplane were also taken into
account, the plates would not only reduce the wave drag but would also
reduce the overall vortex drag. Furthermore, a certain amount of their
friction .drag could be written off on their stabilizing properties.

Purely qualitative results such as the aforementioned merely bring
out the necessity for carrying out detailed calculations that show numeri-
cally the effects of combining volumes with loaded surfaces in order to
minimize their wave drag. Some examples showing the optimum lift and
area distributions for bodies in the presence of given lifting wings are
presented in the following paragraphs. In each case the term "optimum"
is based on considerations of the wave and vortex drags only.

In the first place, if the body is slender and long enough for its
fore and after Mach cones to enclose the wing, a comparatively simple



equation can be written as follovs giving the optimum magnitude of the
body's volume:

4Vr
0£T= z ^ d x d y + y ^ d x d z (2 )
13 Wing

The volume of the interfering body depends on the direction and magnitude
of the wing loading and the position of the wing relative to the body
axis. Notice also that the volume can be either negative or positive
depending on its position. For example, if the wing is carrying lift and
the added body is to have a positive volume, when it must be located
beneath the wing. Two simple applications of the equation are shown in
figure 5. Notice that, for the same total lift, a uniformly loaded semi-
circular shell carries a body with jt/2 times as much volume as a flat
wing located an equal distance above the body.

Figure 6 shows the actual area distribution which the optimum body
must have if it is to be located beneath a uniformly loaded elliptic
wing. The axis of the body coincides with the x-axis and the location
of the wing with reference to the body is shown in the upper left-hand
corner. The variation of body area is shown directly underneath. The
total volume represented by this area distribution was given by equa-
tion (2).

One can readily see that the idea of finding the optimum area distri-
bution of a body under a lifting wing can be extended. For example, the
optimum distribution of lift can be found to be carried "by the body.
Similarly, the optimum area and lift variations for bodies under a wing
with thickness can be calculated. The results of such investigations are
also presented in figure 6.

The next question is: What are the magnitudes of the gains in wave
drag brought about by placing bodies with these area and lift variations
under their respective wings? This question is answered in figure 7-
The drag of the wing alone is used as a reference. For example, if a
body with the proper area distribution were placed beneath the uniformly
loaded elliptic wing (shown in fig. 6), the total wave drag of the com-
bination could be made equal to the curve labeled WING + Se in figure 7-

As far as wave drag is concerned, not only is the body carried free, but
drag reduction below that of the wing alone is obtained. Similarly, if
the body can also be made to carry the lift shown in figure 6, the drag
of the wing-body combination would be reduced to the curve labeled
WING + Se + le in figure 7. Analogous reductions for the nonlifting wing

are also shown in the figure.



In the case of the nonlifting wing, no net lift is added to the body,
"but for the lifting wing the body must carry a downward force equal in
magnitude to the full lift of the wing. Such a combination is of little
interest since the wing and body together would have no total lift and,
furthermore, the vortex drag would be very high. The dashed line in fig-
ure 7 represents the level to which the wave drag would be reduced by
adding a body with an optimum area variation and a lift distribution that
is optimum under the condition that no net. lift be added to the body.
It should be mentioned at this point that the gains shown for adding lift
to the body may be difficult to achieve since a slender fuselage is not
an efficient lifting device.

A final example is presented in figure 8. An infinitely long semi-
circular tube with a loading which is constant with respect to Q and
the streamwise loading shown was analyzed. Although the total drag was
retained in the results, only 80 percent of the lift was used and the
chord of the wing was taken to be that which carried this 80 percent.
The abscissa shown in the figure is the reduced aspect ratio based on
the wing plan-form area. For the range of reduced aspect ratio given,
almost the entire wing wave drag can be destroyed by a body with the
proper area and lift distributions . Hence , again if no net lift is

wassumed to be carried on the body, the drag parameter — — of a com-

bination can be reduced to the level shown by the dashed line in the
figure. It should be pointed out that for a given Mach number and lift
this level is essentially the absolute minimum wave drag that can be
achieved by any arrangement of volume and lift within the space contained
within the fore and after Mach cones enclosing the configuration shown.

In figure 9 the sum of the wave and vortex drags of the half
enshrouded body are presented for a range of reduced aspect ratio and the
results compared with triangular and rectangular flat plates. Actually,
in order to achieve the results shown for the semicircular wing and body,
the wing should be cambered to provide minimum vortex drag and to provide
an equivalent lift distribution that is as close to the optimum as
possible so that the variation of lift required on the body would be small.
This accomplished, the comparisons are fair since all coefficients are
based on the wing wetted areas . The half enshrouded wing -body combination

cnhas the lowest value of — =— even though it is carrying a considerable
3CL

2

volume. For example, a 40, 000-pound airplane flying at a Mach number of
2 at 50,000 feet and having a wing chord equal to 10 feet and a plan-form
span equal to 20 feet would carry an optimum volume equal to about
700 cubic feet. This volume is sufficient to fill a Sears-Haack body
45 feet, long having a maximum diameter equal to 6 feet.
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MINIMUM WAVE DRAG FOR ARBITRARY ARRANGEMENTS

OF WINGS AND BODIES

By Robert T. Jones

Ames Aeronautical Laboratory

One of the present tasks of theoretical aerodynamics is to discover
and to analyze airplane shapes that have a small wave resistance at super-
sonic speeds. The previous papers certainly furnish a convincing demon-
stration of the variety of the forms that present themselves when such a
task is started.

In 1935 Busemann (ref. l) showed that the wave drag of two airfoils
could be canceled by reflection. Later Ferrari (ref. 2) showed that the
drag of a body of revolution could be canceled by the addition of a ring
airfoil to catch the wave from the nose and reflect it back to the tail.
Even if the investigation is limited to such completely self-contained
wave systems, these examples are only two of an infinite number of
possibilities.

The examples in which the wave cancellation is complete are, how-
ever, limited to systems in which the net lift and lateral force are
zero. Nevertheless, examples cited by Graham et al. (refs. 3 and 4)
and in the preceding papers by Vernon J. Rossow and Harvard Lomax show
that the wave drag associated with the lift can be diminished by various
three-dimensional arrangements of wings and bodies. These examples lead
to a search for some general statements or criteria regarding the wave
drag of such three-dimensional arrangements.

In order to put the question in a definite form it will be assumed
that the airfoils and bodies are contained in the interior of a definite
three-dimensional region R. The total lift L and the volume v are
assumed to be given. It is supposed that the wave drag D depends some-
how on the distribution of the lift and the volume throughout R and that
with distributions of a certain family (called "optimum" ones) the drag
will have a minimum value. It is desired to find the optimum distribu-
tions, or the conditions determining them, and the value of the minimum
drag. Problems of this type have been considered by E. W. Graham and
his colleagues who give, for example, the optimum distribution of lift
within a spherical region.

If the region R is restricted to the plan form S of a planar wing,
then problems of a type previously discussed by the present writer are
obtained (refs. 5 and 6). In the latter problems it was found that all



distributions of lift'or volume satisfying the given conditions could "be
characterized by relatively simple conditions. The present paper describes
briefly the extension, and the additional conditions required, for three-
dimensional regions.

As is usual in linearized-flow problems it will be assumed that the
disturbance field of the airfoils and bodies can be produced by the action
of a distribution of sources and "lifting elements" or horseshoe vortices.
One of the difficulties associated with these problems is the determina-
tion of the actual geometric shapes produced by the distribution of singu-
larities. In the present analysis the relation between the body shapes
and the singularities is not known nor determined in detail. For slender
bodies or thin airfoils closed within the region R it can be assumed
that the total volume is proportional to the first moment of the source
distribution with respect to a plane perpendicular to the flight direc-
tion, whereas the total lift is proportional to the total strength of
the lifting elements.

Suppose a region R together with a distribution of singularities
such as sources or lifting vortices is given. (See fig. 1.) Then by
Hayes1 theorem (ref. 1), the drag will be unchanged by a reversal of the
whole system. (The geometry of the flow, including that of the airfoils
and bodies, will be changed by the reversal but the total lift and the
total volume will not. ) Then the drag may be computed by means of a fic-
titious "combined disturbance field" -obtained by superimposing the dis-
turbances in the forward and the reversed motion. The perturbation veloc-
ities in this combined field may be denoted by

An arrangement of sources or lifting elements or their combination which
yields the minimum drag is then characterized by the conditions

liilll.l'lilJLl'lTlAI
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w = Constant

v = 0

• = Constant
ox

(1)

throughout R.

If conditions (l) are satisfied, then the integrated drag of the
whole system will be given simply by

°MIN = L V + VpV I*"

The first term on the right-hand side of this expression will be recog-
nized as the drag arising from a rearward inclination of the lift vector,
whereas the second term is simply the product of the volume and the con-
stant gradient of pressure in the combined flow field.

These conditions may be verified by making use of a "mutual drag
relation," essentially similar to the well-known Ursell-Ward reciprocal
relation, which connects the drag of any two interfering distributions
of singularities in the combined flow field. According to this relation
the drag of distribution A caused by the interference of a second dis-
tribution B is equal to the drag added to B by the interference of A.
Now let A be a distribution within RA satisfying conditions (l). For
B select a distribution having zero total lift and zero total volume. If
RB is contained within RA, then the addition of B will amount simply
to a redistribution without changing the total lift L or the volume v
of A. The drag of A + B may then be written in shorthand notation

D(A + B) = DAA + DAB + DM 4- DBB

Then, since by the mutual drag relation DAB = DBA may be written as

D(A + B) = DAA + ̂ BA + DBB

Here D^ is the drag of B in the combined disturbance field of A.

Since w = Constant, v = 0

ence drag may be written as

Since w = Constant, v = 0, and - = Constant in RA, this interfer-
dx
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However, since Lg and VB are zero, D vanishes and the added drag

is that of distribution B alone or Dgg. Now the drag of a system alone,

that is, without interference, cannot be negative; hence, D(A + B) can-
not be less than D(A) under conditions (l).

On the other hand, suppose, for example, that the sidewash V. was

not zero. A distribution of lateral forces could then be found which
would result in a negative interference drag, dominating the quadratic
term Dgjj, 'so that the total drag could be reduced. Hence, if the drag

of distribution A actually is a minimum value, conditions (l) must be
complied with.

2c
Since w = -*-> v = --, and — - = — £, it can be seen that condi-

du dci, — - = — £
dz oy ox dx

tioiis (l) do not agree, in general, with the linearized-flow equation

+ 0yy + <fZZ = 0

but only if — = 0 (or, unless the distribution of singularities is con-

drtinuous throughout R). Since -3i is proportional to the drag per unit
ox

volume, one concludes that the drag cannot be minimized in an absolute
sense unless the drag associated with the volume of the system is zero.
Examples such as the Busemann biplane satisfy the latter condition,

namely, |li = 0.
dx

As Graham, et al. , has pointed out, distributions of the sort being
considered here are not unique, since other solutions such as those shown
in figure 2 may be added to them without changing the lift or the drag.

It is interesting to note that conditions analogous to the condi-
tions w = Constant and v = 0 were found by Munk in connection with
the vortex drag of lifting systems at subsonic speeds. In that problem
the conditions apply to the two-dimensional motion associated with the
trace of the wing system in the Trefftz plane. If the idea of super-
imposed flow fields is utilized in the subsonic problem, one finds that
the cylindrical flow associated with the Trefftz plane extends along the
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whole flight path and hence includes the region R. Conditions (l) thus
apply at both subsonic and supersonic speeds but are unnecessarily
restrictive at subsonic speeds.

Munk's conditions of constant downwash and zero sidewash were used
by Hemke (ref. 8) to determine the effectiveness of end plates in reducing
the vortex drag of a wing at low speeds. The previous paper by Vernon J.
Rossow and the work of Ferri et al. (ref. 9) call attention to the pos-
sibility of obtaining favorable wave interference from such vertical sur-
faces at supersonic speed. It will be interesting to see how the condi-
tion v = 0 might be used to determine an optimum setting and camber for
such a surface. This application is illustrated in figure 3 for an end
plate on the tip of a wing.

With the wing in forward motion, the lateral velocity v^ at the

surface of the end plate is simply the lateral slope of the fin surface
times the stream velocity. The condition v = 0 implies that vr = -Vf,
and this condition is obviously satisfied by keeping the geometry of the
fin fixed when the flow is reversed. At the same time, however, recall
that the distribution of lift and lateral force must be kept the same in
forward and reversed flow. Hence, in order to achieve the minimum drag
one must find the particular camber and setting of the fin that will yield
the same distribution of lateral force for either direction of motion.
At first it seems impossible to satisfy such a requirement since, for
example, the direction of lift of an inclined surface is usually reversed
by reversing the direction of flow. However, the form of the adjacent
wing surface must, in general, change with reversal, since w ̂  0 and
since the lift distribution on the wing must remain unchanged. Then it
is evident that the conditions may be satisfied if the pressures on the
fin surface are dominated by the wing pressures through interference.

It must be admitted that the considerations have thus far been rather
abstract. A more concrete result would yield the actual magnitudes of the
minimum drag associated with various regions. Such results for distribu-
tions of lift in spherical and ellipsoidal regions have been given in
reference 4. A somewhat more general result, applicable to arbitrary
regions R, can be obtained if merely a lower bound for the wave drag is
sought rather than the actual minimum value. Since this lower bound coin-
cides with the minimum value in the examples found thus far, it may be
taken as an approximation to the actual drag in many cases.

To obtain such a lower bound, use is made of Lomax's formula expressing
the drag in terms of areas and pressures intercepted by oblique planes.
By utilizing Hayes1 method of equivalent positions (ref. 7) or the present
writer's method of superimposing plane waves (ref. 6), one can construct,
at each angle 6, three equivalent linear distributions, namely, a volume
distribution, a lift distribution, and a side-force distribution. By a
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harmonic analysis (ref. 10) it is possible to show that the drag associated
with the leading term in the expansion of the lift distribution Z(x), pro-
portional to the total lift L, cannot be diminished by interference. The
possibility, already known, that the drag associated with the volume can
be eliminated appears in this analysis. Hence, for the lower bound the
value given by the first term in the expansion of the lift distribution is
used. This step amounts to the assumption that each "lifting line" obtained
by integrating the spatial lift distribution over the intersecting Mach
planes is elliptically loaded. For a single elliptically loaded lifting
line parallel to the flight direction, the wave drag is:

(2)

where I is the length of the line. For the whole region R the fol-
lowing is obtained

> M2 - 1 L2
(3)

where

-
I2

sin
2e de 00

and Z(e) is the projected length of R as defined in figure U.

It will be evident from equation (5) that the wave drag depends
inversely on the square of an average projected length of the airfoil
system - just as the vortex drag depends inversely on the square of the
span. However, because of the weighting factor sin Q the lateral
dimensions of R are relatively unimportant compared to the dimension,
or length, along the flight direction. Figure 5 shows the magnitude
of the error made by using the actual length I and equation (2) for
the wave drag of several lifting surfaces.

Generally speaking, the losses associated with the production of a
given force in a frictionless fluid are diminished by increasing the area
involved in the production of the force and diminishing the pressure.
Thus the wave drag is diminished by making the "area" Z2 as large as
possible. The vortex drag is diminished by making the square of the span
as large as possible. On the other hand, to diminish the friction drag
the actual area S of the wing system must be made as small as possible.
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p
At subsonic speeds the conditions are satisfied by making b large com-
pared with S or using a wing of high aspect ratio. It is a matter of
ordinary observation to see that this condition determines the rather
special form of subsonic aircraft. In addition, at supersonic speeds a

Z2large value of —- is needed.
S

At subsonic speeds, the elliptically loaded lifting line achieves
the minimum value of the pressure drag for the whole area covered by the
wake of the lifting line. At supersonic speeds such a lifting line
develops, according to linear theory,-an infinite drag. However, if the
line is yawed behind the Mach angle the drag is finite and is actually
the smallest value obtainable by any distribution within the region of
the parallelogram ABCD shown in figure 6. Such an oblique lifting line

h2 72maximizes both — and — simultaneously. At moderate supersonic Mach
S S

numbers, the results obtained with a V-shaped lifting line - approximating
a swept wing - are nearly as good.

When a wing is made narrower so as to approach a "lifting line" while
maintaining a fixed total lift, the lifting pressure must increase. Even-
tually the pressure, or the lift coefficient, will exceed the limitation
imposed by the small disturbance theory or flow separation will occur.
Beyond this point increases of aspect ratio either laterally or longi-
tudinally will not necessarily increase the lift-drag ratio.
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SUPERSONIC DRAG DUE TO LIFT

By Charles W. Prick, Gaynor Adams, and Eugene Migotsky

Ames Aeronautical Laboratory

This paper reports the progress of research on drag due to lift of
wings at supersonic speed. Aircraft of more conventional form than those
discussed in previous papers by R. T. Jones and Harvard Lomax, that is,
arrangements that have a horizontal plane of symmetry, are considered.
The methods of the previous papers, however, are again used to extend
current knowledge and to outline new areas of analytical and experimental
research.

It is of interest to discuss the drag due to lift of wings at super-
sonic speed in a historical sense. Early analytical studies, particularly
those of Jones, showed that low values of drag could be achieved by
sweeping the wing behind the Mach lines so that the drag due to lift
approximates values for subsonic speed. Low drag at subsonic speed is
achieved because the strearawise component of the force normal to the
flat wing surface is opposed by a suction force on the leading edge
that results from the peak pressure at that point. These two forces
balance one another for the case of infinite aspect ratio.

Analytical studies for supersonic flow showed that, for wings with
leading edges swept well behind the Mach lines, these two forces still
tend to balance one another to give low drag. This point is illustrated
in figure 1 where for triangular airfoils at near sonic speed the net
suction force is equal to one-half the streamwise component of the force
normal to the flat-wing surface. The drag due to lift then is given by

P
the usual formula -2- = — .

Ci2 «A

Experimental measurements for swept wings, however, give a drag due
to lift about twice the theoretical value, that is, 2/jtA. A study of the
flow about the wing showed that, whereas in the theory the streamlines
of the flow bend sharply about the leading edge to give the high pres-
sure peak which contributes the leading-edge suction force, in the real
flow the streamlines leave the wing tangentially on both the upper and
lower surface and the suction force is not realized. A study of this
type 'of flow has been made by Brown and Michaels of the Langley
Aeronautical Laboratory (ref. l). It is interesting to note that, in
the real flow, a vortex sheet discharges from the edge rolling up in a
region lying above the wing surface and trailing back into the wing
wake. Since at very low supersonic speeds there is little wave drag
due to lift, obviously the increase in drag due to the loss of the



leading-edge suction force must appear as vortex drag and this vortex
filament represents in part the increased vortex drag.

During the investigation of triangular wings, it became apparent
that the low theoretical drag due to lift of the flat-plate wing could
"be obtained by cambering the airfoils so as to approximate the same span-
load distribution as the flat plate (elliptical) while reducing the local
pressure in the vicinity of the wing leading edge so as not to produce
the flow separation that occurs on flat wings (ref. 2). The results of
an experimental investigation of wings incorporating such conical camber
are shown in figure 2. These results show that, at cruising lift coeffi-
cients not less than 0.2 or greater than O.U, there is a reduction in
the drag for the cambered wing below the value for the flat wing. This
gain, however, is accompanied by a penalty in minimum drag at zero lift,
which may be important insofar as the maximum flight speed is concerned.
A comparison between the measured drag values for the aspect-ratio-2
triangular wing with conical camber and the ideal flat-wing polar is
also presented in figure 2. The comparison shows that the cambered
wing achieves the same drag values as the ideal flat wing in the range
of lift coefficients near the design value of 0.25- These data illus-
trate the fact that the increase in minimum drag is not significant in
cruising flight.

Figure 3 shows a. comparison between the experimental values for the
flat plate and cambered triangular wings and the theoretically predicted
drag due to lift parameter plotted as a function of the reduced aspect
ratio. The upper branch of this curve shown by the solid line gives the
results for flat wings with no leading-edge suction force. The dashed
line shows the branch of the curve with full leading-edge suction. These
results demonstrate that the use of conical camber in the low supersonic
Mach number range permits the achievement of low drag due to lift.

The previous discussion has been concerned with drag at lift for
transonic and low supersonic Mach numbers. There is, however, increasing
interest in cruising flight at supersonic speed. Analysis shows that the
effect of flight velocity on engine efficiency is so favorable that even
with the relatively inefficient airframes that can now be devised for
supersonic cruising, it is most desirable to fly at the highest permis-
sible Mach number subject to temperature limitations, for example, Mach
numbers not less than 2 or greater than 3- Values of 3A of about k
or perhaps greater are considered since the true wing aspect ratio can-
not be permitted to fall below about 2.0 without incurring low-speed
problems.

For values of reduced aspect ratio of k or greater, the data of
figure 3 show that the leading-edge suction force is theoretically non-
existent and that the drag resulting therefrom appears as wave drag.
The question arises whether it is possible through the use of wing
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camber to reduce the wave drag due to lift. This question, of course,
has been answered by the work of Jones on optimum airfoils (ref. 3)-
However, in the analysis of this reference, the methods of deriving
wing contours are not set forth explicitly. In fact, no direct method
is presently available for deriving the surface shape and ordinates for
optimum lift distribution. The subsequent portion of this paper is
concerned with conveying some physical feeling for what is required to
achieve near-optimum wings to fill this need. The reader is also
referred to a report (ref. k) by the Douglas research group of Graham,
Lagerstrom, and others for other views on this subject.

It is expedient first to try to determine what gains are possible
through the use of wing camber and for this purpose the concept of the
lower bound drag proposed by Jones is again utilized. Figure 4 shows
the equation which was proposed modified somewhat for the current anal-
ysis. The length 1(9), which is the distance along the wing axis
intercepted by the first and last Mach planes at angle 6 which touch
the airfoil, was nondimensionalized by dividing by the streamwise length
of the airfoil co. As the Mach planes are rotated through the angle 6,
the ratio l(6)/co varies from a maximum at 6=0 to a value of unity
at 6 = ir/2 and 3rt/2. The reciprocal of this quantity appears in the
integrand and is plotted- separately in figure .̂ There also appears in

the integrand a factor sin̂  9 which weights the values of the reciprocal
of the length in such a way as to give greatest influence to values near
it/2 and Jrt/2-

The major parameter in determining the lower bound wave drag due to
lift is the ratio of the square of the overall length to the wing area,
that is, the aspect ratio of the airfoil when viewed in the cross-stream
direction, designated in this paper as the length aspect ratio. The
influence of this parameter on wave drag due to lift may "be compared
with the influence of span aspect ratio on the vortex drag. The influ-
ence of the integral itself on wave drag may be considered as comparable
to the effect of taper ratio on vortex drag.

Utilizing this equation, the lower bound of the wave drag due to
lift can be calculated as shown in figure 5- Further, the minimum
vortex drag can be calculated from the formula

r 2 rtACL

The sum of these two contributions is then the lower bound of drag due
to lift assuming, of course, that the skin-friction drag does not vary
with lift coefficient. It should be noted that the lower bound curve
only admits no lower drag. It is possible that the miniiauia drag lies
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above these values. However, a comparison between this lower bound and
the values of drag for flat wings gives an indication of the possible
benefit of camber.

As noted previously, the theory of airfoils of minimum drag due to
lift, reference 3, has been concerned with the definition of conditions
necessary to achieve this end and not with the derivation of the shapes
that correspond thereto. For this reason, figure 6 has been prepared to
give some physical feeling for the problem. Figure 6 shows the wing lying
in the xy plane with the traces of the Mach planes for various angles 0.
The inclination of the trace relative to the streamwise axis is given by
the formula

cp = tan~-
Icos

A sufficient condition for the achievement of the lower bound drag
is that the integrated load for all traces (at any one value of 8) lying
between the foremost and rearmost planes which intersect the airfoil when
projected on a streamwise axis describe an elliptic load distribution.
The span loading also, of course, is elliptic. In the two plots in fig-
ure 6, the loading over flat-plate wings is compared with elliptic loading .
for two values of pA for two Mach plane angles Q. A feeling for the
influence on drag of these departures from elliptic loading can be obtained
from the knowledge that the formula that applies is exactly that for the
calculation of vortex drag. It is evident from these charts that the
load distribution for pA = 2 does not depart greatly from the ellipse
at 9 = ̂ 5° and that the lower bound can be approached by adjusting the
chordwise loading distribution to be elliptic instead of triangular. This,
of course, is the finding of Jones for the case of slender triangular
airfoils.

For the case of the flat wing with sonic edges, pA = 4, the loading
for all Mach plane cuts becomes important even though the drag is averaged
according to the weighting factor sin̂ G. The load distribution departs
so radically from the optimum that the average drag becomes very large.

At the present time, calculations necessary to derive near-optimum
wings are being made consisting of the superposition of a number of loadings
chosen to contribute to the required loading. Some of the results of the
first calculations are shown in figure 7- Tw° simple cases were chosen
for wings with sonic edges with a view toward improving the distribution
of loading in the Mach plane cuts for 9 < ̂ 5° and for 9 > V?°. Both
show a reduction in drag. The wing with conical camber has a value of
the drag parameter very nearly equal to the minimum drag attainable with
the flat wing. These wings in no sense approach the optimum. Calcula-
tions are proceeding to derive wings .fall&ig nearer the lower bound.
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It should be mentioned that for the optimum wings there is a by-
product advantage of no little consequence in that the wings are self-
trimming. If elliptic loading is obtained for a Mach plane orientation
of 0 = 90°, the center of pressure of the design lift occurs at 25 per-
cent of the mean aerodynamic chord, and no trim drag is incurred at the
design lift. This point has been noted previously by staff members of
the Langley Aeronautical Laboratory.

It is apparent from the foregoing discussion that the plan form of
the wing will have an important effect on the difference between flat-
wing drag values and those of the lower bound. This point is illustrated
by the results of figure 8 where the comparison is made for wings of
diamond plan form. For these wings, the lower bound indicates that a
maximum reduction of drag due to lift of 20 percent may be possible com-
pared with a reduction of 33 percent for triangular wings. On this figure,
the result has been plotted for an optimum wing of this plan form derived
by the Douglas wing-research group (ref. ^) shown by the diamond point
which falls on the lower bound. For comparison, the best triangular wing
of figure 7 is plotted to show the effects of plan form. This comparison
demonstrates that it is more profitable to study triangular airfoils for
low drag than those of diamond plan form.

Figure 9 shows the comparison of the lower bound with flat-wing drag
for rectangular wings. The data here also show that there is less to be
gained by camber than for triangular plan forms, ,the best of which is
shown by the circle point which strikes the lower bound for the rectangular
wing. Also shown by the cross points are calculated drags for rectangular
wings taken from reference 3- These particular wings are not optimum,
however.

Figure 10 shows the drag due to lift for a sweptback wing. The values
for flat wings are much lower than for the other wings investigated for
two reasons: first, for values of pA less than 8, the leading edge is
swept behind the Mach lines so that the leading-edge suction force is
obtained and second, the geometry of the plan form is such as to give
load distributions for Q » rt/2 and 3rt/2 that approach the idealized
loading. These effects are so important "that the flat wing for values
of pA less than 6 is almost the equivalent of the optimum wing. Expe-
rience has shown, however, that the sweepback angles of 60° to 70° required
to achieve these values at Mach numbers from 2 to 3 are very undesirable
because of the attendant stability and control problems. It is question-
able whether the indicated drag reductions are large enough to influence
the design compromise.

Only the branch of the drag curve for flat wings which corresponds
to full leading-edge suction has been plotted since it has been previously
shown that camber readily permits the attainment of this contribution to
low drag.



The salient points of the foregoing discussion can best "be brought
out by the comparison of figure 11 where the lower bound and flat-plate
wing values are given for four wings of reduced aspect ratio 4. For the
optimum wings to which the lower bound values apply, the vortex drag is
the same and has a value of 0.08. Examination of the lower bound values
for the rectangular airfoil shows that the wave drag even for this optimum
case is almost twice, the vortex drag. The reason for this is clearly
illustrated in the equation of figure k, which shows that the length aspect
ratio is an important parameter. For this wing, this geometric parameter
is small.

This large wave drag could be reduced by increasing the root chord
length by tapering the wing to a point, as shown by the diamond plan
form. The increase in the aspect ratio viewed from the side should reduce
the wave drag by 75 percent. The calculated reduction, however, is 20 per-
cent since the influence of the plan-form change on the value of the
integral term has "been large enough to offset the improvement in the
length aspect ratio.

If the elements of the diamond plan form are sheared rearward, the
triangular wing is obtained. The length aspect ratio for this wing is
the same as for the diamond plan form. The reduction in drag is, there-
fore, attributable to the influence of the integral term in the equation
for wave drag. Further shearing of the wing reduces the wave drag further
as shown by the swept wing. This process can be extended until the total
drag approaches the vortex drag.

From a comparison of the flat-wing values with the lower bound, it
is evident that the greatest percentage improvement in the drag due to
lift may occur for the triangular wing if the minimum lies near the lower
bound. It would appear that only for this plan form are the gains due
to camber indicated to be of sufficient magnitude to offset the penalty
in minimum drag that will be incurred.
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DRAG,OF CANOPIES AT TRANSONIC

AND SUPERSONIC SPEEDS

By Sherwood Hoffman and A. Warner Robins

Langley Aeronautical Laboratory

SUMMARY

Area-rule analysis provides a good basis for the design of efficient
canopies at transonic and supersonic speeds. However, detailed canopy
design is important for minimizing the subsonic drag increment. Body
indentation may be expected to reduce the canopy drag from 25 to 50 per-
cent at low supersonic speeds. In general, the inclined flat windshield
is as good as the vee windshield from a drag standpoint. The pressure
drag of canopies can be adequately predicted with area-rule theory above
Mach number 1.1.

INTRODUCTION

The design of pilot canopies for minimum drag is important for optimum
performance of airplanes at high speeds. Recent tests indicate that the
drag of conventional type canopies varies from 10 to 20 percent of the
airplane drag above Mach number 1.0. In order to aid the designer in
minimizing this drag penalty, the National Advisory Committee for Aero-
nautics has conducted several investigations to determine some of the
basic drag properties of canopies, such as the effect of vindshield
shape, size, and location on drag, as well as the usefulness of the area
rule for reducing and predicting the drag due to canopies. The purpose
of this paper is to give a short account of these investigations with the
view of providing a basis for the design of efficient canopies at tran-
sonic and supersonic speeds.

SYMBOLS

A cross-sectional area

Ac canopy frontal area

A*- fuselage frontal area



maximum cross-sectional area

C-Q zero-lift drag coefficient

ACD zero-lift drag-rise (or pressure drag) coefficient

F fineness ratio

I total length of configuration

l̂  forebody length

M Mach number

x longitudinal distance

RESULTS AND DISCUSSION

Canopy-Fuselage Total Drag

Windshield shape.- An example of the effect of windshield shape on
drag is given in figure 1. The three configurations near the top of the
figure were identical except for the shape of the windshield. The vee
and flat windshields were derived from the round windshield. All three
canopies had a frontal area equal to 0.165 the fuselage frontal area and
an equivalent body fineness ratio of 7. The body is a drooped-nose fore-
body of fineness ratio 5.6. Both the canopies and body had elliptical
cross sections. The total drag coefficients- are for zero angle of attack
and are based on the body frontal area. The tests were made in the
Langley 8-foot transonic tunnel (ref. l) and in the Langley k- by U-foot
supersonic pressure tunnel (ref. 2) for the ranges of Mach number shown.

The comparison shows that windshield shape may have an important
effect on drag at all Mach numbers. The vee windshield has about twice
the subsonic drag increment of the flat windshield at high subsonic speeds,
approximately 30 percent more drag than the flat windshield at transonic
speeds, and slightly more drag than the flat and round windshields near
Mach number 2.0. Calculations from pressure surveys (ref. 2) on the flat
and vee windshields show that the lower drag for the flat windshield is
associated with the flow expansions around the edges of the windshield
so as to produce lower pressure over the canopy frontal projection.

The apparant superiority of the flat over the vee in this case is
not necessarily representative of flat and vee windshields in general.
In a second case, the incremental differences were smaller, and, in a



third case, there was no measurable difference due to windshield shape.
It is significant, however, that a flat windshield may be used without
any drag penalty relative to a vee windshield.

Canopy size.- The effect of canopy size on drag is shown also in
figure 1 (refs. 1 and 2). The frontal area of the large flat-face canopy
was reduced about kO percent, the. fineness ratio was increased from 7
to 10, and the windshield sweepback was increased from 55° to 65°. These
changes gave a large reduction in the canopy drag, reducing the drag
increment by about 60 percent at supersonic speeds. It is evident from
this comparison and others that minimum frontal area, high fineness ratio,
and low windshield slope (ref. j) for canopies on pointed bodies are
necessary for low drag above Mach number 1.0.

Canopy-Fuselage Pressure Drag

The effect that canopy variables have on the pressure drag or drag
rise can be predicted in a qualitative way with the transonic area rule
(ref. U) and in a quantitative way with the supersonic area-rule theory
(refs. 5 and 6). The test drag-rise coefficients used for the compar-
isons were obtained by subtracting the drag coefficient at a Mach
number of 0.8 from the corresponding drag coefficients at higher Mach
numbers.

Windshield shape and canopy size.- A comparison of the normal cross-
sectional area distributions of the flat and vee windshields with the
measured drag rises near M = 1.0 (fig. 2) shows that the results are in
agreement with the concept of the transonic area rule. The vee windshield
has a somewhat more rapid rate of development of cross-sectional area than
the flat windshield, and, hence, a slightly greater drag rise at tran-
sonic and supersonic speeds. As the Mach number increases, the effect of
windshield shape on the pressure drag decreases.

When the fineness ratio of the large flat-face canopy was increased
from 7 to 10 by reducing its frontal area, the rate of development of
its cross-sectional area was improved markedly (fig. 2.), giving a
smoother overall slope distribution on its area diagram and considerably
less pressure drag throughout the Mach number range (fig. 2).

The theoretical variations (fig. 2) were computed for a range of
Mach numbers from 1.0 to 1.̂ 1. The theory predicts the relative effects
of changing windshield shape and canopy size, as well as the order of
magnitude of the pressure drag above M = 1.1. The theoretical values
are high for the canopy-body combinations; however, the agreement is
within 15 percent above M = 1.1. This agreement is good in view of the
fact that the theory gives only a first-order approximation of the total
pressure drag. It should be remembered, however, that there may be
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significant differences in the subsonic drag level which would affect the
total drag at supersonic speeds.

Canopy location.- The results in figure 3 were obtained from zero-
lift rocket-model tests of canopy-fuselage combinations by the Langley
Pilotless Aircraft Research Division. A flat-face canopy of fineness
ratio 7> windshield sweepback of 63°, and circular cross section was
tested in three longitudinal positions between the nose and maximum-
diameter station of a parabolic fuselage, as is shown in the figure.
The comparisons show that moving the. canopy rearward to the maximum-
diameter station gives increasing values of pressure drag. For the
present case, the incremental drag increased about 20 percent by moving
the canopy from the forward to the rearward position at supersonic speeds.
The rearward displacement of the canopy increases the rate of development
of normal cross-sectional area and gives more frontal area, which, accord-
ing to the transonic area rule, corresponds to increasing unfavorable
interference and higher drag. The supersonic area rule theory predicts
the effect of rearward displacement, and, as in the case of the earlier
comparisons, gives fairly good predictions of the total pressure drag
above M = 1.1.

Body indentation.- The aforementioned tests show that the canopy
drags may be high. For canopies having about one-sixth the body frontal
area, the canopy pressure drag may be as high as the fuselage pressure
drag. A possible solution to this problem, recently investigated by the
Langley Pilotless Aircraft Research Division, is body indentation accord-
ing to the transonic area rule to reduce the pressure drag. Figure 4
shows the results of such a symmetrical body modification on the pressure
drag of canopies having flat and vee windshields. The symmetrical inden-
tations used were designed to cancel the exposed canopy cross-sectional
areas normal to the body axis. The indentations reduced the fuselage
volume by approximately 3 percent.

The normal area indentation produced substantial reductions in the
total pressure drag of both the flat and vee windshields (fig. 4) at tran-
sonic and supersonic speeds. The test results for the flat windshield
are compared with the theoretical pressure drags for both the indented
and original configurations in this figure. The theory indicates a large
reduction in pressure drag due to indentation and shows that the effec-
tiveness of the transonic indentation diminishes with increasing Mach
number. The actual reduction in drag is slightly less than one-half of
that predicted; nevertheless, the actual reduction is an appreciable
part of the canopy drag.

These tests and others show that M = 1.0 indentations may be expected
to give from 25 percent to 50 percent reduction in canopy drag at low
supersonic speeds. Greater reductions may be possible from supersonic
indentations or unsymmetrical indentations.
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Canopy-Airplane Drag

The results just described are applicable, more or less, to airplanes
having a smooth total normal area distribution for the body, wings, and
other components. For a more practical case, where the airplane area
diagram has a bump due to the wing, the optimum canopy size and location
may depend, to a large extent, on designing the canopy to make the total
normal area distribution smooth, as is shown in figure 5. The configu-
ration is a fighter airplane, with a canopy modification that was recently
tested in the Langley 8-foot transonic tunnel. The original model had a
small canopy and. a poor area distribution in the region of the wing and
small canopy. The canopy volume was almost doubled and its fineness ratio
was increased to make the total airplane area distribution smooth. As a
result, the total drag coefficient (based on wing plan-form area) was
reduced about k percent and the pressure drag by approximately 7 percent
at M = l.lj. The reductions at transonic speeds were less, with no
reduction being noted belov a Mach number of O.9..

CONCLUSIONS

Area-rule analysis provides a good basis for the design of efficient
canopies at transonic and supersonic speeds. However, detailed canopy
design is important for minimizing the subsonic drag increment. The
canopy should be so designed as to provide, together with the airplane,
a smooth overall area distribution, it being kept in mind that minimum
frontal area, low windshield slope, and high fineness ratio for canopies
are compatible with low drag. Body indentation for canopies according
to the transonic area rule may be expected to reduce the canopy drag
from 25 to 50 percent at low supersonic speeds. In general, the inclined
flat windshield is as good as the vee windshield from a drag standpoint.
The order of magnitude of the pressure drag of canopies on pointed-nose .
fuselages can be adequately predicted with area-rule theory above Mach
number 1.1.
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EXTERNAL-STORE DRAG REDUCTION AT TRANSONIC AND LOW

SUPERSONIC MACH NUMBERS BY APPLICATION OF

BALDWIN'S "MOMENT-OF-AREA RULE"

By Lionel L. Levy and Robert R. Dickey

Ames Aeronautical Laboratory

INTRODUCTION

• Several theories have been developed in recent years which indicate
methods for modifying wing-body combinations in order to obtain low wave
drag at transonic and supersonic speeds. As outlined in reference 1,
the modifications according to Baldwin's "moment-of-area rule" consist,
in part, of the addition of auxiliary wing-mounted bodies of revolution.
It is this feature which makes the method particularly appealing as a
means of reducing the drag of aircraft fitted with external stores.
This paper is concerned with the application of the moment-of-area rule
to the drag reduction of external-store installations. First, however,
a brief description of the moment-of-area rule is presented.

MOMENT-OF-AREA RULE

Baldwin has expressed the wave-drag equation for the supersonic
area rule in powers of the speed parameter 3, as shown at the top of
figure 1. The constant coefficients are independent of Mach number
and depend only upon the configuration geometry, that is, upon distri-
butions of area and moments of area about the longitudinal axis. In
general, ao depends only upon the area distribution, ag depends

upon the second-moment-of-area distribution as well as the area dis-
tribution, aij. depends upon the fourth- and second-moment-of-area
distributions and the area distribution, and so on. For a Mach number
of 1 the drag equation becomes a function of the area distribution
only, and thus reduces to that of the transonic area rule. As the Mach
number is increased above 1 the drag becomes dependent upon the distri-
butions of the second and higher order moments of area. The theory
thus offers, in principle at least, a means of optimizing the geometry
of a configuration at a Mach number of 1 in order to obtain a low wave
drag at that Mach number and to obtain a low rate of increase in drag
as the Mach number is increased above 1. In the applications of the
moment-of-area rule matte thus far, however, low drag has been obtained



for only sonic and low supersonic speeds, as only the distributions of
area and second moment of area have been optimized.

As an illustration of the application of the optimization procedure,
consider the wing-body combination shown on the left in figure 1. Also
shown directly below, in solid lines, are the distributions of area and
second moment of area for this basic configuration. The second-moment-
of-area distribution of the body is small compared with that of the wing
and is therefore neglected. The shapes of these distribution curves are
not conducive to low drag in that the area distribution has a bump at
the location of the wing and the second-moment-of-area distribution is
short and has steep slopes. For a given volume and length the optimum
shapes of the distribution curves are shown by the dashed lines. The
optimum second-moment distribution is obtained by utilizing auxiliary
bodies of revolution, or pods, mounted on the wing as shown on the right
in figure 1. The optimum area distribution is obtained by reshaping the
body after the pods have been added.

Experimental values of the zero-lift wave-drag coefficients for
both the basic and the modified configurations are shown in figure 2.
Also shown for comparison are experimental values of the wave drag of
a similar configuration modified according to the transonic area rule.
Note that the moment-of-area-rule modification resulted in lowest wave
drag at all Mach numbers. The higher drag for the transonic-area-rule
modification at a Mach number of 1 is believed to result from effects
associated with the greater slopes of the body indentation on that
c onf igur at ion.

APPLICATION TO EXTERNAL-STORE INSTALLATIONS

The applications of the moment-of-area rule to external-store
installations which have been made to date have been concerned with
the installation of four air-to-air missiles on several wing-body com-
binations representative of current airplane designs. It was evident
that the auxiliary wing-mounted pods used in the moment-of-area method
would provide excellent positions for mounting the missiles. With
missiles installed, an optimum or near-optimum second-moment-of-area
distribution and area distribution for a complete configuration would
be maintained by altering the wing pods to compensate for both these
distributions for the missiles. With complete success in maintaining
optimum distributions, a modified configuration with missiles would be
expected to have not only lower wave drag than the basic configuration
with missiles, at transonic and low supersonic speeds, but also lower
drag than the basic configuration without missiles. This would be the
result of eliminating or reducing the interference drag between various
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components of the modified configuration itself as well as eliminating
the interference drag due to the addition of the missiles.

In experimentally evaluating these possible benefits of the moment-
of-area rule, three configurations consisting of a high-fineness-ratio
Sears-Haack body and a thin wing of either unswept, sweptback, or tri-
angular plan form were selected. These configurations, complete with
modifications and four typical air-to-air missiles, are shown in fig-
ure 3. Note that the modified body of each configuration was obtained
by making additions to the body, as probably would be done in modifying
the fuselage of an existing airplane, rather than by making an inden-
tation. These additions or gloves were made along the sides of the
bodies rather than around the bodies (in a circular fashion) in order
to simplify their fabrication. The distributions of area and second
moment of area for the modified and the basic configurations are shown
in figure U. In the case of the unswept-wing configuration it was
possible to obtain the desired shape of the distribution curves with-
out increasing their peak values. For the other two configurations
the desired shapes were obtained at a slight cost of increases in the
peak values, as shown in the lower part of figure k.

For purposes of evaluating the results for the modified configu-
rations, data were also obtained for the basic configurations without
missiles, and with missiles mounted in a more conventional manner.
Several of the basic configurations with conventional missile instal-
lations are shown in figure 5- In one case the missiles were mounted
so that they were unstaggered in the streamwise direction. In the
other cases the missiles were staggered streamwise so that the addition
of the missiles would provide at least a limited improvement in the
distributions of area and second moment of area. This is demonstrated
at the top of figure 6 for the unswept-wing configuration.

Tests of the basic and modified configurations with and without
missiles were conducted in the Ames 2- by 2-foot transonic tunnel at

Mach numbers from 0.6 to l.U and at a Reynolds number of 1.5 x 10°
based on the mean aerodynamic chords of the models. A turbulent boundary
layer was artificially produced on each configuration with the aid of
boundary-layer transition strips in order to permit, with a minimum
degree of uncertainty, evaluation of the wave drag of each configuration
from its total-drag measurements.

The results of the total-drag measurements for the unswept-wing
configuration are presented in figure 7. Note the reductions in drag
obtained by merely staggering the conventionally mounted missiles in
the streamwise direction. Of all the configurations with missiles,
the modified configuration had the lowest total drag at all Mach numbers
above 0.9̂ -. At subsonic speeds the higher drag of the modified configu-
ration is directly attributable to the skin-friction drag of the increased
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surface area associated with the added volume of the wing pods and the
body glove; For this configuration these additions increased the volume
by about 15 percent. The total-drag results for the sweptback- and the
triangular-wing configurations are shown in figure 8. It is seen that
each of the modified configurations with missiles had lower total drag
at transonic speeds than did each of the corresponding basic configu-
rations with the staggered conventional missile installation. Unlike
the unswept-wing configurations, however, at subsonic Mach numbers
below 0.9 and at supersonic Mach numbers above 1.2 there was little
difference in the drag. For these configurations the volume was
increased by about 11 percent for the swept-wing and 10 percent for
the triangular-wing configuration.

In considering these total-drag results in terms of full-scale
airplanes, it is, of course, important to take into account the effect
of Reynolds number on the skin-friction drag components. In view of
the fixed transition of the boundary layer at the low Reynolds number
of this investigation, and the probable natural transition at flight
Reynolds numbers, the skin-friction drag penalty for a modified config-
uration at flight Reynolds numbers would be expected to be less than
that observed here.

The wave-drag components of these total-drag measurements, however,
would be expected to be directly applicable at flight Reynolds numbers.
In evaluating the wave-drag components, the usual procedure was followed
of assuming that the subsonic level of the drag at a Mach number of 0.6
is a good measure of the skin-friction drag throughout the speed range of
this investigation. This is believed to be a good assumption in the
present case because of the fixed transition provided. The resulting
wave-drag values for the unswept-wing configuration are presented in
figure 9.

As was pointed out previously, complete success in the application
of the moment-of-area rule would be expected to result in a modified
configuration with missiles having less wave drag than the basic config-
uration without missiles. This expectation was achieved in the case pf
the unswept wing only near sonic speed. The wave-drag results for the
swept- and triangular-wing configurations are shown in figure 10. Note
that the modified configurations with missiles had essentially the same
or higher wave drag than the corresponding basic configurations without
missiles. This result is believed to be partially due to the increased
peak values of the distributions of area and second moment of area shown
in figure U for these modified configurations.

The effectiveness of the moment-of-area rule in reducing the drag
of external-store installations has been demonstrated thus far by
comparing the results for the modified configurations with missiles and
those for the corresponding basic configurations without missiles. An
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equally important comparison is that between the modified and basic
configurations with missiles installed in both cases. It is evident
from the results for all three wing plan forms that the missile instal-
lation on the modified configuration is a decided improvement over the
conventional installation on the basic configuration. For example, at
sonic speed, the wave drag of each modified configuration with missiles
was about one-half that of the corresponding basic configuration with
the staggered conventional missile installation.

A major source of this improvement of the modified configurations
with missiles over the basic configurations with missiles was the
reduction of the interference drag due to the addition of the missiles.
This is clearly demonstrated in figure 11. Shown for each of the three
wing plan forms is the wave drag due only to the addition of four mis-
siles to both the basic and the modified configurations. Also shown,
in dashed lines, to provide a measure of the interference drag is h times
the wave drag of one isolated missile. As seen here, addition of the
missiles to each of the modified configurations resulted in.an instal-
lation wave drag of about the same order of magnitude as the wave drag
of the missiles alone, whereas the wave drag of the conventional instal-
lations was approximately 3 and 6 times greater, respectively, for the
conventional staggered and unstaggered missile installations.

CONCLUDING REMARKS

The results presented here indicate that the drag of a wing-body
combination fitted with external stores can be substantially reduced at
transonic and low supersonic speeds by modifying the complete config-
uration according to Baldwin's moment-of-area rule. Furthermore, in
cases where the indicated modifications are not feasible, drag reduc-
tions can also be realized by relocating the stores in positions which
more nearly satisfy the moment-of-area rule.
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BASIC CONFIGURATIONS WITH CONVENTIONAL MISSILE
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THEORETICAL PREDICTION OF THE SIDE FORCE ON

STORES ATTACHED TO CONFIGURATIONS

TRAVELING AT SUPERSONIC SPEEDS

By Percy J. Bobbitt, Frank S. Malvestuto, Jr.,
and Kenneth Margolis

Langley Aeronautical Laboratory

SUMMARY

Linear-theory evaluations of the important flow-field and interfer-
ence effects necessary to the calculation of the store side forces have
been illustrated and discussed. By taking into account these effects
good agreement has been obtained between the theoretical predictions of
the side force on the store and experimental values for the configurations
examined. An appendix has been included which discusses the calculations
and presents some of the equations necessary to obtain the flow-field and
interference quantities.

INTRODUCTION

The aerodynamic forces and moments on stores and store-pylon arrange-
ments situated below wings have in recent years been the subject of an
intensive experimental effort. The effect on the store loads of store
position, store size, pylon, wing plan form, and Mach number have all been
investigated to varying degrees of thoroughness. Obviously, the general
store problem has many variables. Although the complexity of the pro-
blem dictated that the initial approach be experimental, it also requires
that an analytical or semiempirical method be developed to indicate trends,
if not magnitudes) of the forces acting on the store when the many vari-
ables involved are changed. Subsonically, a good start toward this goal
has been made by the National Advisory Committee for Aeronautics and the
results were presented in reference 1.

The object of the present paper is to present some preliminary results
of a study made to examine how well the aerodynamic forces acting on stores
attached to configurations traveling at supersonic speeds may be predicted
theoretically. The methods used to attack the problem are in general based
on linearized theory and would naturally be expected to give the best
resvlts when the aircraft configurations are at small angles of attack
and are composed of slender bodies and thin wings.
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In the present paper the discussion is restricted to the lateral
force component; however, the determination of the lift and drag forces
on the store is amenable to the same type of theoretical treatment used
to determine the side force.

SYMBOLS

_ n . n ,, *.*.-. j. Side force on storeCY lateral-force coefficient,1 q_ x Frontal area of store

a angle of attack of wing

A aspect ratio

M Mach number

V stream velocity

b span

a sidewash angle in radians, approximatê  equal to -^

Z fuselage length

x longitudinal distance

Og angle of attack of store

Y lateral force on store in presence of reflection plane

Ŷ  lateral force on isolated store

r maximum store radius

s distance from reflection plane to center of base

xs longitudinal distance from nose of store

lc length of store
&

v sidewash or lateral velocity

q free-stream dynamic pressure
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p = M - l

m tangent of wing semiapex angle

0 perturbation velocity potential

DISCUSSION

The presentation of data in the following section falls into three
main categories: First, some of the basic flow fields necessary to the
prediction of the store side forces are discussed; second, the inter-
ference effects between the wing or wing pylon and the store are ana-
lyzed; and lastly, the lateral forces acting on a store, calculated ana-
lytically, are compared with experimental values.

Figure 1 shows the wing-body-store arrangement used to illustrate
some of the component flow fields. The triangular wing has a sweep of 60°
and an aspect ratio of 2.31. The fuselage has a fineness ratio of 10, a
near-parabolic nose shape, and a cylindrical afterbody. Subsequent flow-
field variations are given at three spanwise stations of the wing shown
in figure 1. These stations are at 0.25b/2, 0.50b/2, and 0.75b/2. The
vertical distance below the wing at which the flow-field calculations
were made is 0.10b/2.

Force calculations, which will be discussed later, have been made for
the modified Douglas Aircraft Company (DAC) store shown in figure 1
attached to the triangular wing at the 0.50b/2 station. Exact dimensions
of the DAC store and fuselage are given in reference 2.

Flow Fields

One of the more important flow-field effects is the sidewash pro-
duced by the wing at an angle of attack. A recent theoretical investi-
gation of the angle-of-attack flow field has been made (see appendix)
and a sampling of the results is shown in figure 2. This figure shows
the chordwise variation of sidewash angularity below the wing at an angle
of attack for two Mach numbers (M = 1.6 and M = 2.1). At a Mach num-
ber of 1.6, the leading edge of the wing is subsonic, that is, the Mach
cone emanating from the wing-fuselage juncture is ahead of the leading
edge; at a Mach number of 2.1, the wing leading edge is supersonic. It
might be pointed out that the -a on the vertical scale indicates that
the direction of the sidewash below the wing is from the wing root toward
the wing tip.
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The sidewash angularity due to the wing being at an angle of attack
has a value of zero at the Mach cone emanating from the wing-root—fuselage
juncture, rises rapidly to its maximum value at a longitudinal station
just to the rear of the wing leading edge, and then decreases at a less
rapid rate. Note that in going from the inboard to the outboard station
there is a large increase in the magnitude of the induced angle of sidewash.

The main difference to be noted between the lateral angularity for
the supersonic-edge Mach number shown on the right of figure 2 and that
of the subsonic-edge condition is that, for the supersonic-edge case, the
sidewash angularity has a constant value at all span stations in the
region ahead of the Mach cone from the wing root that is followed by a
rapid dropoff, whereas the maximum values increase spanwise for the
subsonic-edge case. In the rearward portions of the wing there does not
appear to be a significant difference between the sidewash-angularity
magnitudes for the two Mach numbers shown. Lateral-angularity curves for
Mach numbers other than those in figure 2 indicate appreciable differ-
ences in the magnitude of the sidewash in the rearward portion of the wing.

In addition to the angle-of-attack sidewash, other flow-field effects
of importance are those due to fuselage thickness, wing thickness, and
fuselage angle of attack. The fuselage angle-of-attack sidewash was found
to be negligible at the points located 0.10b/2 below the wing. For other
positions relative to the wing-fuselage, the fuselage angle-of-attack
sidewash could have a large effect so that each individual configuration
must be considered separately.

Some illustrative chordwise variations of the sidewash angularity
due to body thickness and wing thickness are shown in figure 3- The Mach
number for these calculations is 1.6. It should be pointed out that the
analyses from which the variations shown in figure 3 were taken (see
appendix) apply for all supersonic Mach numbers and the Mach number of 1.6
was chosen because experimental force data were available at this Mach
number.

The sidewash angularity due to body thickness has a value of zero
at the Mach cone originating at the fuselage nose and rises rapidly to
its maximum value. Behind a Mach line stemming from the end of the fuse-
lage nose, the body-thickness sidewash angularity is negligible. Max-
imum values of the body-thickness angularities decrease as the distance
from the body increases.

Sidewash angularity due to wing thickness (fig. 3) has been plotted
for wing thicknesses of 3 percent and 5 percent. The variations depicted
are along the 0.50b/2 station. It can be seen that regions of both posi-
tive and negative angularity occur and that, if a store were immersed in
this sidewash field at various longitudinal positions, it would be sub-
jected to both positive and negative resultant loads. Note that the
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magnitudes of the sidewash angularity due to body thickness and that due
to wing thickness are comparable (fig. 3).

Interference Effects

Several theoretical studies have been made to evaluate the induced
effects of the wing and wing pylon on the store. (See appendix.) The
theoretical wing-pylon-store model used in the interference calculations
is shown in figure k. What is referred to herein as the wing is actually
an infinite wing or reflection plane at an angle of attack of 0°. The
store in one analysis has been connected to the wing with a pylon and
in another it has not. The analyses allow the store to be placed at small
angles of incidence to the free stream. A positive store incidence angle
is the case where the.store nose has been moved toward the wing. In the
analyses the store or store pylon has been placed in a uniform sidewash
field as indicated by the arrows. This sidewash field causes a side force
on the store and it is the effect of the wing and pylon on this side force
that is of interest.

The left-hand part of figure 5 has been presented to illustrate the
effect of the wing interference on the side force on the store where the
store is not connected with a pylon. The plot on the right-hand side
shows the pylon effect. It can be seen in the left-hand plot that both
a decrease in the distance of the store from the wing and a positive
increase in the store angle of attack cause an increase in the side force
on the store. When a pylon is added to the system (right-hand plot of
fig. 5), there is a large change in the induced load on the store in the
direction to increase the side force on the store.

Side-Force Distribution on Store

The discussion until now has been related to the more important
flow-field and interference effects. In order to depict how the side
force will distribute itself along a store when it is immersed in the
various sidewash fields and subject to the wing interference, figure 6
has been prepared. Figure 6 shows the side-force distribution on the
DAG store located at the 0.50b/2 station under the 60° swept delta wing.
The wing-body-store configuration is at an angle of attack of 6°. It
can be noted that the resultant side force on the store is directed from
the wing root toward the wing tip and also that, if moments were taken
about the store midpoint, they would be in the direction tending to
push the nose of the store out toward the wing tip.
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Store Side-Force Correlations

With the theoretical raw materials discussed in the previous sec-
tions, side-force-coefficient calculations have "been made for the
DAC store located in various positions beneath swept, unswept, and delta
wings. Figures 7 and 8 show correlations for the store located below
the delta wing and figures 9 and 10, correlations for the unswept and
swept wings. The experimental values shown on these figures have been
obtained from references 3 and 4. All correlations are at a Mach number
of approximately 1.6.

In figure 7 the effect of store lateral location and angle of attack
on the store side-force coefficient for the 60° delta-wing configuration
is shown. The store beneath the wing in this figure is not connected
with a pylon. Two spanwise locations (0.50b/2 and 0.85b/2) have been
considered. Note that there is a large increase in the side-force coef-
ficient when the store is moved from the midspan to the tip location.
This increase is primarily due to the larger magnitude of the angle-of-
attack sidewash in the tip region which is illustrated in figure 2. The
agreement between the theoretical predictions and experiment is good for
both lateral locations.

The effect of longitudinal store position on the side force on the
store located beneath the same 60° delta wing as that of figure 7 has
been depicted in figure 8. When the store is moved from its location
beneath the rear portion of the wing toward the leading edge, figure 8
shows that the store experiences a large increase in side force. Agree-
ment between the theoretical predictions and experiment is good for both
locations of the store considered.

It might be mentioned in connection with figure 8 that the upsweep
of the experimental side-force-coefficient curve with increasing a is
characteristic of the experimental side-force variations with a for
stores situated beneath wings of most all plan forms. Static-force tests
on the isolated store show a similar upsweep as the store angle of attack
is increased. This.fact would seem to indicate that, if in the theo-
retical calculations the crossflow viscous effects of Allen were taken
into account, better agreement between the theory and experiment would
be obtained at the moderate angles of attack.

Figure 9 shows the effect of spanwise store location on the side
force on the store located under an unswept wing of aspect ratio k. An
extremely short pylon connects the store to the wing (see ref. 3) in
both locations treated (oA7b/2 and 0.80b/2). It can be seen that the
increase in the side-force coefficient experienced when the store is
moved toward the wing tip is acceptably predicted by the theory.
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The effect of a pylon on the side force on a store under a ̂ 5° swept
wing of aspect ratio k is shown in figure 10. The lower two curves are
for the pylon-off configuration and the upper two curves, for the pylon-on
case. The agreement between theory and experiment for both conditions is
good.

A note of caution is in order. The agreement obtained between the
theoretical predictions of the side force on the DAC store and experiment
shown in figures 7 to 10 may be fortuitous to some extent. The fact that
the store has a finite base could have benefited the agreement since, as
is well known, linearized theory predicts an unrealistic zero lift force
on closed bodies of revolution at an angle of attack in a uniform stream.
It is possible that experimental force data on the isolated store could
be used together with the theoretical flow fields and interference effects
to give reliable estimates of the side force on stores of almost all shapes.
The limitations of the pure theoretical approach can not be defined until
more correlations between theory and experiment such as those presented
herein have been made.

CONCLUSIONS

In conclusion, it may be said that the important flow-field and
interference effects can be calculated by theory and that, by taking into
account these flow-field and interference effects, good agreement has
been obtained between the theoretical predictions of the side force on
the store and experimental values for the configurations examined.
Although the application of theory in this paper has been specialized
primarily to side force on the store, indications are that the other
aerodynamic forces are also amenable to this same type of theoretical
treatment.

An appendix has been included which discusses the calculations and
presents some of the equations necessary to obtain the flow-field and
interference quantities.
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APPENDIX

REMARKS AM) EQUATIONS PERTAINING TO THE CALCULATION OF FLOW

FIELDS, INTERFERENCE EFFECTS, AND STORE SIDE FORCES

In the text some illustrative flow-field variations, interference
effects, and store side forces have been discussed with no indication
given as to how they were obtained. The methods used in the evaluation
of several of these effects are well known and only a few remarks are
needed to make clear the procedure, whereas for others useful equations
are presented and discussed. More extensive treatments of some of the
effects have been made at the Langley Aeronautical Laboratory than indi-
cated in the following sections; however, the objectives of the present
paper obviate the need for more detailed descriptions.

Angle-of-Attack Sidewash

From a procedure paralleling that used by Nielsen and Perkins in
reference 5 to determine the downwash in the flow field exterior to flat
lifting triangles of infinite chord, the sidewash or lateral flow below
this same lifting wing has been obtained. The analyses apply for all
leading-edge sweeps and supersonic Mach numbers, both the subsonic-wing
leading-edge and supersonic-wing leading-edge conditions being considered.
The equation for the sidewash below the wing at a point (x,y,z) for the
subsonic-edge case is given by

v =
Vo,

- [l - (l -
+ E

[l - (l -

- [l - (l -

(Al)
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where

so =
- jl -

The procedure for calculating the A and a functions is straight-
forward and requires Just a few steps although the calculations themselves
are a little lengthy. First calculate p and q:

P = (A2)

q =
z
X

(A3)

and then T2, and 62:

Tl = p „ q

(AU)

61 = - (p2 -

(A5)



1r ~i1 + S0
2(p2 - q2) + 4So4p2q2 + l + so

2(p2 - q2)
J — (A6)

I ^•r*
2(p2 _ q2J] + 4s0Vq2 -[l + So2(p2 . q2J]

§2 = - i - (AT)
S0

m s02(P2 -

Substitute T̂  and 6̂  in the following two equations to deter-

mine A-L and a-± and substitute r̂  and 82, to obtain 7̂  and â '

[(1 + T2 + 62) - \/(l + r2 + 62)2 - Itrgj |l + (l - Sp'OCrS t 62) - \J^. + (l - s^H^ + &^* - l(l - Bo^r2 )
(AS)

Ml - B0MT2

(A9)

(T2 + 52 - A) -

The elliptic functions Ef /̂ ,so
2J and E f \/l - p2m2 J n̂ -the expres-

sion for v (eq. (Al)) may be obtained from tables (refs. 6 and 7) or
by series expansion.

The equation for the sidewash in the region below the wing and
behind the Mach cone emanating from the wing apex when the wing leading
edge is supersonic is
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1JL5

v = Va tan-1
1 +

1 -

tan-1 (AID)

Sidewash in the region behind the plane Mach wave off the wing
leading edge and ahead of the Mach cone from the wing apex is

v =
Va

(All)

- 1

For the sonic-edge wing the sidewash expressions simplify to

1 -
(A12)

It shoxild be pointed out that, although the expressions given herein
apply directly to determining the angle-of-attack sidewash below the
infinite-chord triangular wing, they may also be used directly in side-
wash determinations for some regions below wings having finite taper
and chord.

Consider an infinite-chord triangular wing and a conventional wing
(see sketch), both having the same leading-edge sweep and both traveling
at the same velocity.
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Sl = S2

Points P-]_ and ?2 below these wings are in the same position with
respect to the wing leading edges and root chords so that forecones from
these points cut off equal areas, Si and 82, of the wing. Since the

loadings in the two areas are the same, the flow fields at the points P-,

and ?2 are the same. For points the forecones of which intersect the

tip of a wing or the wake behind a wing, additional considerations are,
of course, necessary and the expressions for the sidewash velocity given
here do not apply.

Sidewash Field Due to Body Thickness

The potential in space at a point (x,y) due to an axial distribu-
tion of sources is (ref. 8)
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x-pr f0(6)d|
— (A13)

where fgU) represents the source strength function, r is the radial

distance from the x-axis to the field point at which the potential is
desired, £ is the longitudinal distance to each individual source,
and x is the longitudinal distance to the field point at which the poten-
tial is desired. This equation is not often used in the form shown because
of the difficulty involved in obtaining the fgd) function and because

interest is generally limited to the potential (or one of its derivatives)
on the body surface where the expression for <f> may be simplified and the
distribution function can be approximated with a fair degree of accuracy.
The problem at hand, however, does not allow the conveniences available
when only the region in the vicinity of the body boundary is considered
and some attempt must be made to approximate the fgd) function for

use in equation (A13)• X

The procedure used to obtain the distribution function for the fuse-
lage shown in figure 1 (see ref. 2 for dimensional detail) for a. free-
stream Mach number of 1.6 utilized the small r or slender-body dis-
tribution function as a starting point. First, an expression for
as given by

dr 2nr J o

was determined analytically by assuming the fuselage nose shape to be
parabolic (a very close approximation to the actual nose shape) and by
using the small r distribution function associated with this shape.
Calculations were then made to obtain d0/b*r at points on the surface
of the actual fuselage including the cylindrical part so that it could
be determined how much the calculated flow differed from the required

tangential flow, that is, a comparison of [ — and (— ]
Vix/surf ace

surf ace

was made. Differences between / —\ and I T — ) indicated
/surface

/surface
(-)\teJB
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that certain changes were necessary in the distribution function. Four
distribution functions were tried before an acceptable one was found.

The sidewash at a point in the field is, of course, the radial veloc-
ity ô /dr at that point multiplied by the cosine of the angle it makes
with the horizontal.

Calculations of Sidewash Due to Wing Thickness

The calculation of the lateral-flow component requires the deter-
mination of the perturbation velocity d$/b"y. The general expression
for the linearized perturbation velocity potential in space due to wing
thickness is

where x, y, and z are the rectangular coordinates of the field point
(that is, the point at which the potential is desired) and | and i)
are the rectangular coordinates (analogous to x and y) for the
sources and sinks which are distributed in the z = 0 plane. The
source-distribution function (̂|,TJ) is related to the particular
thickness distribution involved and is given as

z=0

The integration is performed over the region R that is enclosed by
the traces in the z = 0 plane of the Mach forecone emanating from the
point (x,y,z) and by the wing plan-form boundaries. Differentiation of
equation (A15) with respect to y will then yield the required lateral
component d̂ /dy. The differentiation may, of course, be done after
obtaining the potential or by suitable differentiation under the integral
sign in either the initial or intermediate stages of integration.

With regard to carrying out the details of the calculation, some
remarks are in order. If the distribution function A(£,T]) is continuous,
the double integration may be analytically performed directly or if the
resulting integrals are difficult to handle, a straightforward numerical
procedure can be employed. On the other hand, if the distribution func-
tion A(£,T)) is discontinuous, as is the situation for a multiwedge-type
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surface, the numerical procedures probably constitute the most efficient
methods of solution. In this connection, however, it should be pointed
out that superposition of simple wedge-type distributions to build up
the desired distribution simplifies the calculations considerably in many
cases and even enables analytical solutions to be obtained more readily.

Side Force Acting on a Slender Store in the Presence

of an Infinite Wing at Zero Angle of Attack

The following expression for the side force r acting on a store
situated below an infinite wing (fig. k) was evolved from a slender-body-
theory analysis. The side-force expression is independent of Mach num-
ber and therefore is only a rough estimate of the side force at Mach
numbers where strong shock interactions occur between the store and the
reflection plane.

In coefficient form, the side-force expression is

0,. * . |. Pl HMS'Md, + !|i f
qS S J0 S J0 dx

where

x axial coordinate of store

r(x) local radius of store

S(x) = *r2(x)

dx

S base area

I length of store

s distance of store axis from infinite wing at "base

s + 05(1 - x)

r(x)
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r2(x) r(x)dx

The H(x) function and its derivative —̂ LL are defined compactly in
dx

terms of the elliptic nome q

H(q) = 1 + 2
m=l - q.

(A17)

dH(x) = dH(q) dq d|_

dx dq d| dx

= -8

(l -

- (m + 2)q + (m + 2)q
nH'1 - (Al8)

vhere

(i + \̂ 1)£

For small values of q (order of 0.1) only three or four terms of the
expansion are necessary whereas for larger values of q (order of 0-5
or 0.6) as many as 13 or Ik terms may be required.
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The Interference Effect of a Pylon and Infinite Wing

on the Side Force on a Store

The problem of determining the side force of stores connected to
wings vith pylons is similar in some respects to the problem of deter-
mining the lift force on wing-tip tanks. Recognizing this, the trans-
formation procedures of reference 9> vhich treat wing-tip tanks, have
been incorporated in an analysis paralleling that of the previous section
to compute side forces on stores attached to an infinite wing with a pylon.
Compact expressions for the store side force, like those of the previous
section, are not possible for the pylon case. The involved nature of the
calculative procedure for obtaining the store side force prevents a more
detailed description in this paper.

It should be pointed out here as in the previous section that, when
strong shock interactions between the store and wing are present, the
applicability of a subsonic crossflow analysis is questionable.

Store Side Force

The determination of the side force and moments acting on the store
situated under the right wing panel and immersed in the various sidewash
fields requires a knowledge of the pressure difference across the store
which, in turn, requires a knowledge of the perturbation velocities on
the store surface. The equation for the perturbation velocity potential
from which the perturbation velocities have been derived (ref. 8) is

(JU9)

where the distribution function f̂'(|) for a slender body of revolution

immersed in a uniform lateral field is

= -2oS(x)

The angle 9 in equation (A19) is measured clockwise from the horizontal.
The symbols x, |, and r are defined in the section entitled "Calculation
of Sidewash Due to Wing Thickness." Since the store lies in a nonuniform
sidewash field, the change in the induced lateral angle of incidence along
the store should be accounted for to obtain the best results. In the calcu-
lations made for the Douglas store, it has been assumed that the effect of
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the change in incidence along the store could be accounted for by
allowing a in the distribution function to vary with |

fid) = -2ad)Sd)

The integrations necessary to obtain <f> or one of its derivatives
must be solved numerically. It is expedient in most cases to perform
a parts integration prior to doing the numerical integrations to eliminate
the square root in the denominator.
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EFFECTS OF INTERNAL BOUNDARY-LAYER CONTROL

ON THE PERFORMANCE OF SUPERSONIC AFT INLETS

By Leonard J. Obery and Carl F. Schueller

Lewis Flight Propulsion Laboratory

SUMMARY

Removal of compression-surface boundary layer from the throat of
a supersonic aft inlet is shown to increase the critical total pressure
recovery to values comparable to the better axisyrnmetric nose inlets.
Throat bleed on two-dimensional- and three-dimensional-type inlets by
discrete slots or by porous plates has provided gains in critical
recovery of as much as 7 percent at Mach number 2.0. A proper combina-
tion of bleed ahead of the inlet and at the inlet throat to control both
fuselage and compression-surface boundary layer is shown to produce
maximum values of propulsive thrust.

INTRODUCTION

For some time it has been realized that the fuselage boundary-layer
air must be removed ahead of a side inlet to obtain acceptable inlet
performance. However, a new boundary layer is formed on the compression
surface and its interaction with the inlet terminal shock may also
adversely affect the inlet performance. A "typical example of the flow
into a supersonic inlet is shown in figure 1. The oblique shock generated
by the two-dimensional ramp falls just ahead of the inlet lip and the
terminal shock is located just outside the cowl. If the static pressure
gradient across the terminal shock is high enough, the boundary layer
formed along the compression surface will separate ahead of the shock
and will form effectively another wedge, throwing up an additional
oblique shock. Therefore in a real or viscous flow there will be some
area across the the inlet face for which three-shock compression exists.
The extent of the second oblique shock will be controlled by the amount
of boundary-layer separation which, in turn, depends on the strength of
the inlet normal shock. The boundary layer considered here is only that
formed on the compression surface; however, a somewhat similar condition
would also result if the fuselage boundary layer were allowed to flow
into the inlet.

The added compression wave generated by the separated region
increases the recovery across the supersonic portion of the inlet to a
value higher than it would have been for the original two-shock geometry.
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However, the separated region may continue downstream, becoming larger
as it progresses as shown by the velocity profile and, finally, adversely
affecting the subsonic diffuser pressure recovery. Even if the separated
flow should reattach along the diffuser wall, it would still be a region
of low-recovery air which would have to mix with the higher energy air of
the main stream and again result in low subsonic diffuser recovery.
Usually this poorer. subsonic recovery will more than offset any gains
made in the supersonic compression region of the diffuser.

From this concept a solution to the problem is evident. If this
low-energy air can be eliminated before it can adversely affect the
subsonic diffuser recovery, the overall performance of the inlet should
be improved. There are at least three ways to eliminate the low-energy
air. In the first case, as shown by figure 2(a), if all the boundary-
layer air on the compression surface were removed ahead of the inlet
terminal shock, there would be no shock-boundary-layer interaction and,
thus, no separated air to reduce the subsonic diffuser pressure recovery.
In this case, additional oblique shock compression could not be expected
since its source, the separated region, has been removed. However,
efficient supersonic compression can be built into the inlet simply
through the geometry of the compression surface. This method of removal
should require the least mass flow to be bled from the main stream.-
Secondly, the compression-surface boundary layer could be allowed to
separate and form an additional wedge. The low-energy separated region
could then be removed from the inlet either by a flush slot or by a ram
scoop as shown in figures 2(b) and 2(c). In either of the latter two
cases, it should be possible to retain the advantage of the improved
supersonic recovery available from the separation wedge without incurring
the subsonic diffuser penalties attendant upon the simultaneous diffusion
of low-energy and high-energy air streams. Although the two latter
schemes probably require a greater amount of air to be bled from the inlet,
they also offer compression by an aerodynamic surface and thereby may
permit a larger throat area for subsonic or transonic speeds.

EXPERIMENTAL DISCUSSION

These three methods of boundary-layer control were investigated at
Mo =2.0 on a proposed inlet of a present-day supersonic airplane and
are reported in reference 1. The results are shown in figure 3- Twin
inlets were mounted on the sides of the fuselage and all the fuselage
boundary layer was removed ahead of the inlets. Compression-surface
boundary-layer control was effected in three ways: by a perforated
second ramp to reduce or eliminate the boundary-layer separation or by
an internal flush slot or ram scoop to remove it after separation. For
this and the rest of the tests described herein, the bleed exit was
vented to free-stream static pressure; thus, the boundary-layer air was
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pumped from the inlet only by the pressure differential existing between
inlet and free stream. No external source of power was needed for any
of the removal systems.

For the no-bleed inlet, that is, an inlet which effectively had the
flush slot completely faired over, the critical total pressure recovery
was about 86 percent. Bleeding the boundary layer after it had separated
by either a ram scoop or a flush slot increased the critical recovery to
about 89 percent. Here about 3 percent of the mass flow was bled from
the inlet as shown by the difference in supercritical mass flow ratios.
Although both methods of removal were equally effective at critical mass
flow ratio, the subcritical performance of the flush slot bleed was supe-
rior to that of the ram scoop bleed. Thus far for inlets tested at the
Lewis Flight Propulsion Laboratory using comparable ram scoop and flush
slot bleeds, the flush slot configurations have been as good or better
aerodynamically.

When the compression-surface boundary layer was removed through
perforations on the second ramp, no increase in critical total pressure
recovery was obtained. In this case, about 1 percent of the mass flow
was bled from the inlet. Here, apparently, the improved subsonic dif-
fusion which would be expected from removal of the low-energy air was
offset by a lower supersonic recovery, since with bleed on the ramp no
added oblique compression shocks would be formed. However, even though
the critical recovery was not increased, the stable subcritical range
was extended. The lack of pressure recovery improvement at critical
mass-flow ratio probably resulted both from too little bleed and from
loss of extra supersonic compression rather than from any inherent dis-
advantage of bleed through a perforated surface.

Of course, if the bled air is discharged to the free stream without
being used for any other purpose, such as cabin ventilation, the inlet
must be charged with an additional drag term. Calculations. were made
for these inlets using reasonable values of bypass drag and, as shown
in reference 1, boundary-layer throat bleed in this case paid for itself
by increasing the propulsive thrust level by almost k percent.

Another two-dimensional type of inlet which used throat bleed was
investigated both at the Langley Aeronautical Laboratory as reported in
reference 2, and at the Lewis Flight Propulsion Laboratory by John L. Allen
and Thomas G. Piercy. This inlet (fig. k) also had double-ramp compression
surfaces but was mounted as a ventral normal wedge inlet. Compression-
surface boundary-layer air was bled from the inlet through porous plates
extending from about midway along the second ramp to well inside the
cowl lip. Removal of the boundary layer through the porous plates
increased the diffuser critical total pressure recovery by about 7 percent
at Mach number 2.0. In this case, throat bleed increased the critical
total pressure recovery at Mach number 2.0 from a relatively poor value



of 8l percent to a value comparable to the better nose inlets of 88 per-
cent. As the free stream Mach number decreased, the_ improvement in crit-
ical total pressure recovery also decreased. This general trend for the
greatest gains in pressure recovery to occur at the higher Mach numbers
has been true for all the inlets tested to date. Recent preliminary
tests at Mach 3-1 have also been in agreement with this trend. Inlet
critical recoveries in these tests have been increased by 10 percent to
15 percent through the use of throat bleed.

Area suction through a slotted plate has also been investigated by
Ernest A. Mackley and Clyde Hayes of the Langley Aeronautical Laboratory
on a scoop inlet of the type shown in figure 5- Boundary-layer removal
was used on the wall opposite the compression surface in this case. The
slotted wall was flat and the compressed flow ahead of the bleed plate
was two-dimensional even though the outer cowl lip was elliptical in
plan form as shown by section A-A. Again with this inlet the critical
total pressure recovery was increased by about 5 percent at Mach number
2.0 by bleeding in the order of 6 percent of the main mass flow.

So far all the inlets discussed have had various types of two-
dimensional supersonic compression. For these, boundary-layer bleed at
the inlet throat has provided gains in total pressure recovery of from
3 percent to 7 percent even on inlets which previously were considered
good; for example, 86 percent for free-stream Mach number Mo = 2.0 at
critical mass flow ratio for the first inlet. The same concepts of
throat bleed can also be applied to three-dimensional inlets. The results
from such an investigation (ref. 3) are shown in figure 6. This test
was conducted on a twin side-inlet configuration which had. half-cone
supersonic compression surfaces mounted directly on the fuselage. Most
of the fuselage boundary layer was diverted around the inlet by the cone
and flowed under the floor of the inlet. The boundary layer developed
on the cone was bled from the inlet throat either by a porous surface
which extended from the cowl lip aft for about one-half of the inlet
diameter inside the inlet or by a flush slot located just aft of the
inlet throat. The same amount of mass flow could be removed by either
bleed system. For this inlet, bleeding the optimum amount of low energy
air from the inlet by a flush slot increased the diffuser total pressure
recovery by almost 6 percent. Incidentally, this inlet operated in a
nonuniform flow field which had an average. Mach number of about 2.1 at
an airplane Mach number of 2.0. Thus the 87-percent total pressure
recovery obtained with the inlet operating slightly subcritical shows
the merit of throat bleed. Removal of the boundary-layer air by the
porous surface increased the peak total pressure recovery to almost the
same value as the flush slot inlet but this peak was reached with slightly
more boundary-layer removal and with somewhat more subcritical spillage.

The mass-flow ratios shown represent the total amount of air entering
the inlet. In this case, it was possible to capture a slightly larger
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stream tube by bleeding the compression surface boundary Layer. Values
of mass-flow ratio greater than unity resulted from the choice of refer-
ence area in the reference mass flow.

The amount of throat boundary-layer air removed was also varied
during this test. Calculations were made to indicate what increases in
effective thrust minus drag could be realized by using throat bleed.
It was calculated that the propulsive thrust of the flush slot config-
uration vas about 5 percent greater than the no-bleed inlet. A mass flow
bleed of about 3 percent was required to obtain maximum thrust minus
drag and additional bleed only served to lower the inlet overall thrust
minus drag. Generally, the trend for the greatest gains from throat
bleed to be made with about 3 to 5 percent mass flow removal has been
observed in the inlet tests so far. Too much bleed has, in all cases
to date, reduced the diffuser total pressure recovery at critical mass
flow ratio.

As might have been anticipated from the internal performance curves,
the increase in propulsive thrust was less for the porous surface con-
figuration than for the flush slot inlet. Somewhat more bleed mass flow
was also required to reach peak thrust minus drag.

As discussed previously for the two-dimensional-type inlets, the
performance gains were smaller at the lower Mach numbers. At Mach number
1.5, although the diffuser pressure recovery was increased by bleeding the
boundary layer through the flush slot, the drag added by the bleed system
almost counterbalanced the pressure-recovery gain and only a slight
increase in propulsive thrust could be calculated. However, the fact that
only a small gain in thrust minus drag was realized is not entirely
an unfavorable result for it does indicate that the benefits of throat
bleed which were obtained at the higher Mach numbers are not necessarily
accompanied by performance penalties at the lower Mach numbers, at
least to 1.5.

All the inlet installations discussed so far have had full fuselage
boundary-layer removal or, expressed in the usual terms, were at h/5
of at least 1.0. Therefore two boundary-layer removal systems are pro-
vided in the immediate vicinity of the inlet and some combination of
bleed ahead of the inlet and at the inlet throat should provide an optimum
overall system. This hypothesis was investigated recently with the model
of reference 4. As shown in figure 1, this was a bottom-inlet model with
a single-ramp compression surface. The fuselage boundary-layer thick-
ness is represented by b. The inlet was mounted to the body in such
a manner that the distance h from the ramp leading edge to the fuselage
could be varied from the value of 6,. that is, a full boundary-layer
thickness to 0 or flat against the fuselage. The internal boundary-
layer air was removed through a flush slot opening at the inlet throat.
The amount of air bled from the inlet was controlled by varying the size
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of the bleed exit. Thus, at any selected value of h various amounts of
mass flow could be bled from the inlet throat through the internal boundary-
layer removal system. The performance of this configuration is shown in
figure 8. The experimentally determined pressure-recovery—mass-flow curves
are shown for h/6 values of 1, 2/3, 1/3 j and 0. For the no-bleed inlet
the expected trend occurred; as the inlet was moved into the fuselage
boundary layer the critical pressure recoveries steadily decreased until
at h/6 =0 a recovery of only about 72 percent was obtained. However,
by using various amounts of throat bleed the critical total pressure
recovery could be kept at 88 percent as h/5 was reduced and, although
the complete data were not obtained, results from a similar model in this
series of tests indicated that with more throat bleed it would be possible
to maintain an 88 percent recovery even at h/6 = 0. The critical pres-
sure recovery of the internal bleed inlet at h/5 = 0 was about as high
as the no-bleed inlet at h/5 =1.0.

As seen from the mass flow increments, greater amounts of flow were
removed through the internal bleed as the inlet was moved closer to the
body. This flow was spilled out through openings in either side of the
body and the spillage drag, as well as the drag of the rest of the model,
was measured by an internal balance. As such, the drags which were
obtained from this investigation are valid only for this configuration;
however, the trends of the inlet propulsive thrust parameter obtained
with this configuration should at least be representative of most cases.
Calculations of the inlet propulsive thrust were made for the various
values of h/6 (fig. 9) and it was found that the thrust minus drag
for the no-bleed inlet steadily decreased as the inlet was moved into
the fuselage boundary layer. Now, however, when the optimum amount of
throat bleed was used, the inlet propulsive thrust was at all times
'greater than the no-bleed case and would have reached a maximum some-
where between h/6 = 1/3 and 0. For this case, an increase of about
9 percent in propulsive thrust could be added to the aircraft through the
use of throat bleed. In addition to increasing the aircraft performance
potential, this investigation indicates by'the flatness of the performance
curve that the designer may have some choice in the amount of boundary-
layer removal he must provide ahead of the inlet and at the inlet throat.

CONCLUDING REMARKS

From the tests performed so far at the various laboratories, removal
of the compression-surface boundary layer has emerged as a powerful method
of increasing the diffuser total pressure recovery. The critical total
pressure recovery of side inlets has been increased to about the same
value as the "best axially symmetric nose inlets. Throat bleed has
increased the recovery on various types of side inlets: two-dimensional
ramp type inlets, scoop inlets which turn the supersonic-air stream in
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toward the body, and three-dimensional half-cone compression inlets, and
increases have been made even when the no-bleed performance was considered
quite acceptable. These increases have been obtained with various kinds
of boundary-layer removal including concentrated removal by flush slots
or ram scoops and area removal by porous plates. Throat bleed has proved
most effective at the higher Mach numbers. Specifically, diffuser recov-
eries have been increased as much as 7 percent at Mach number 2.0 but only
about 3 percent at Mach number 1.5- Preliminary results indicate that
larger gains may be made at the higher Mach numbers. Too much bleed at
any free-stream Mach number has generally reduced the total pressure
recovery at critical mass-flow ratio. From 3 percent to 5 percent of the
main stream mass flow appears to be about the optimum amount, although
this may well depend on such factors as amount of boundary-layer separa-
tion and scale size or Reynolds number. It also appears that considera-
tion should be given again to the fuselage boundary-layer removal ahead
of the inlet. A proper combination of removal systems ahead of the inlet
and at the inlet throat is required to obtain optimum values of propulsive
thrust.
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FACTORS AFFECTING THE FLOW DISTORTIONS

PRODUCED BY SUPERSONIC INLETS

By Thomas G. Piercy

Lewis Flight Propulsion Laboratory

SUMMARY

Typical effects of distortions on turbojet-engine performance are
reviewed. Sources of distortion in the supersonic inlet are enumerated
and steps are suggested which might be taken to reduce their effects.
Also, parameters affecting the mixing of these flow distortions in the
subsonic diffuser are discussed.

No simple solution to the distortion problem is currently evident.
Satisfactory duct-engine combinations will require careful attention to
detail and perhaps compromises in both the airframe and the engine
designs.

INTRODUCTION

The performance of many current subsonic and transonic airplanes
has been reduced to some extent by the presence of nonuniform flow at
the compressor of the turbojet engine. These flow distortions are
characterized by variations in the velocity or total pressure of the
air entering the compressor and are usually expressed either as the
maximum variation in velocity AV or total pressure ZSP divided by a
reference velocity or pressure.

In this paper typical effects of distortion on turbojet-engine
performance are reviewed. Sources of distortion in the supersonic inlet
are then enumerated and are suggested which might be taken to reduce
their effects. Also parameters affecting the damping out of these flow
distortions in the subsonic diffuser are discussed.

SYMBOLS

D diameter of constant-area straight section

D hydraulic diameter of inlet throat



Hi inlet-throat height

h/5 parameter defining amount of external boundary layer removed

I length of constant-area straight section

L length of subsonic diffuser

m mass flow

M Mach number

P total pressure

AP difference between maximum and minimum values of total pressure
as measured by rake

Ap static-pressure increment

q dynamic pressure

AV difference between maximum and minimum velocities

V* stagnation speed of sound

6 boundary-layer thickness

6C cone half-angle

Subscripts:

0 in free stream

b in annulus

av average

EFFECT OF DISTORTIONS ON ENGINE PERFORMANCE

The penalty of flow distortion on engine performance is dependent
upon the particular engine under consideration and upon the type of
flow distortion (that is, whether the flow varies radially between the
compressor hub and blade tip, or varies circumferentially around the
compressor annulus, or, as is the usual case, whether the flow has com-
ponents of both radial and circumferential distortion). Also the



magnitude and extent of the flow distortion affects engine performance.
The effects of distortion in reducing cyclic efficiencies and in increasing
stress and vibrations are reported in references 1 to 3.

A typical effect of circumferential distortion is shown in figure 1.
When circumferential distortion enters the compressor, the distortion,
although reduced in magnitude, persists through the last compressor stage.
Temperature gradients then exist at the turbine as the result of circum-
ferential variation in the fuel-air ratio caused by the distorted air
flow. Although the turbine rotor feels only the average temperature, the
turbine stator at some point is subjected to higher than the average
temperatures. In order to prevent failure of the stator due to over-
heating, the average turbine temperature must be reduced (refs. 1 to 3.)

The amount of necessary turbine-temperature reduction for several
engines is shown in figure 1 as a function of the entering total-pressure
distortion. Reducing the turbine temperature as required results in the
indicated net thrust losses. These reductions in engine thrust can amount
to as much as 1 percent for each 2 percent of total-pressure distortion.

Another effect of flow distortion is that of reducing the stall
margin of the compressor. This effect is illustrated in figure 2 for
two typical engines. Compressor pressure ratio is plotted as a function
of the corrected engine speed. In the left-hand plot, the presence of
radial distortion lowered the compressor surge limit line in comparison
with the steady-state operating line and caused the rotating stall region
to move to higher corrected engine speeds. (See, for example, refs. 1
and 3.) Lowering of the surge limit line reduces the acceleration margin
of the compressor. Movement of the rotating stall region to higher
corrected engine speeds indicates that the maximum flight speed at alti-
tude may be reduced by the occurrence of rotating stall.

In the right-hand plot, the presence of circumferential distortion
for another typical engine again lowered the compressor surge limit line.
The acceleration margin of the compressor is again reduced. For distor-
tions of the order 32 percent the maximum possible corrected engine speed
is about 108 percent. Hence, the cruising speed of the airplane can be
affected by the occurrence of compressor surge.

Another typical effect of flow distortion is the reduction of maxi-
mum altitude due to compressor surge (for example, ref. l). An example
of this effect is presented in figure 3. Altitude is plotted as a func-
tion of the compressor speed. With uniform flow at the compressor, a
maximum altitude of about 62,000 feet was achieved. This limit is pri-
marily a result of Reynolds number effect. At the higher compressor
speeds, the altitude was limited by the maximum turbine-outlet temperature.
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When circumferential distortion was introduced into the compressor,
the maximum altitude was reduced to as low as ̂ 7,000 feet. Although the
distortion level was about 20 percent for both cases presented, quite
different effects on the altitude limits were observed. The greatest
reduction in altitude occurred with the extended circumferential dis-
tortion rather than the localized distortion. In order to get the com-
pressor out of surge for these cases, it was necessary to drop to an
altitude of 35,000 feet.

DISTORTION PRODUCED IN SUPERSONIC INLETS

Intuitively, it might be said that the distortion existing at the
exit of the subsonic diffuser depends upon the amount of distortion
entering the inlet throat, upon the existence of additional sources of
distortion within the inlet, and upon the amount of mixing, or damping,
of these distortions in the subsonic diffuser.

Mixing in the Subsonic Diffuser

The amount of mixing that takes place in the subsonic diffuser is
known to be a function of the length of the diffuser. For example, the
total-pressure distortions at the diffuser exit of a variety of side-
inlet types and for Mach numbers ranging from 1.5 to 3.0 are presented
in figure U as a function of the ratio of diffuser length L to throat
hydraulic diameter D^. The data points represent the distortion for
either critical or engine-inlet matching conditions. These distortions
were obtained from the data of references 4 to 10 and from various unpub-
lished data.

Although there is considerable scatter of the data, there is a def-
inite trend of lower distortions with increased diffuser length. This
scatter is due, in part, to the difference of distortion existing at the
inlet throat, a factor which is considered later. Also, part of the
scatter is due to the difference in average Mach number of the ducts.
For example, when mixing takes place in a straight duct of constant
area at a constant Mach number (ref. 11), as shown in the right-hand side
of the figure, a smooth curve, similar to that sketched in through the
data points at the left, results.

The effect of average Mach number on mixing is considered in figure 5«
At the left the theoretical variation of the velocity distortion is plot-
ted as a function of the average flow Mach number for three values of
total-pressure distortion. In this example, velocity distortion is arbi-
trarily defined as the difference between the maximum and minimum
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velocity AV divided by a constant velocity, in this case the stagnation
speed of sound V*. At the lower Mach numbers the velocity distortion
increases for a given level of total-pressure distortion. Thus, increased
mixing may be expected to occur in a duct at the lower flow Mach numbers.

Note, also, that, for a given average Mach number, the velocity dis-
tortion decreases as the total-pressure distortion decreases. Thus, the
decrease of distortion by mixing is proportional to the distortion. For
example, the mixing that occurs in a straight duct of constant area at
a given flow Mach number would tend to decrease the distortion asymptot-
ically toward some minimum value. There are some indications that this
minimum value is probably that determined by the flow profile for fully
developed pipe flow and would increase as the Mach number increases.

To illustrate some of these effects, total-pressure distortions
measured in a constant-area duct at flow Mach numbers of 0.20 and 0.37
are presented at the right-hand side of the figure.. At the lower Mach
number, distortion decreases fairly rapidly through mixing. However,
the distortion decreases less rapidly at the higher Mach number due both
to the decreased rate of mixing and the decreased residence time in any
given length of duct. The lowest value of distortion that could be
expected with longer mixing lengths would be about 2 percent at the flow
Mach number 0.2 and about 7-5 percent at Mach number 0.37 based on a
fully developed turbulent profile. All distortions for the remainder of
this paper are presented in terms of total pressure rather than velocity.

The amount of mixing that occurs in the inlet subsonic diffuser will
depend upon the average Mach number of the duct, inasmuch as the flow is
diffused from a relatively high Mach number at the inlet throat to a
lower Mach number at the diffuser exit. An example of the importance
of low average Mach numbers in the diffuser duct is presented in figure 6.
The distortion at the diffuser exit fjor critical inlet operation is
plotted against free-stream Mach number for two nose-inlet models which
were identical with the exception that the cowl and centerbody surfaces
were altered to give different rates of initial area expansion at the
inlet lip.. These data, although not reported, were obtained from the
investigations of references 12 and 13.

Although the distortion at the inlet throat was identical for both
models, the model with 12 percent initial area expansion per inlet-throat
hydraulic diameter had lower distortion at the diffuser exit than the
model with the smaller area expansion. The two models discharged at the
same Mach number and, of course, had the same Mach number at the inlet
lip. The variation of Mach number through the ducts, however, was dif-
ferent because of the change in initial area expansion. The model with
the larger area expansion diffused more rapidly, giving a lower average
duct Mach numbere The.lower distortion is thus believed to be the result
of more efficient mixing in the subsonic diffuser.



There is evidence from these same data that constant-area throat
inlets, vhich have proven desirable in some cases from stability consid-
erations, and internal contraction inlets, which promote low cowl drags,
will have higher distortions as the result of reduced mixing. Judging
from figure 6, mixing is promoted by rapidly expanding the diffuser duct.
Carrying this concept a little further, it would appear that lower dis-
tortions could be produced by overexpanding the diffuser duct area to
provide low Mach numbers to increase the mixing. The flow could then be
rapidly accelerated at the diffuser exit to the desired Mach number.
This concept is feasible inasmuch as the use of rapid acceleration will,
of itself, reduce distortion. Flow acceleration has been known for some
time to achieve more nearly uniform flow at the throats of subsonic wind
tunnels. An example of rapid flow acceleration at the diffuser exit is
given in figure 7- Total-pressure distortions were measured in a constant-
area straight duct with and without the benefit of rapid acceleration.
Acceleration from Mach number 0.37 "to 0.50 in the annulus was provided
by a hub simulating the accessory housing of the turbojet engine. Inser-
tion of the hub decreased the total-pressure distortion from about 16 per-
cent to about 12 percent at the end of the straight section with essen-
tially no loss in total-pressure recovery. '

Forced Mixing Devices

The use of freely rotating blade rows to reduce flow distortion at
low flow velocities was reported in reference Ik. The use of such blade
rows has since been investigated theoretically and the results have appeared
promising in that distortion reduction can be achieved with little or no
total-pressure loss. Such a blade is free wheeling at a speed determined
by the blade angle and average axial Mach number and reduces distortion
by acting as a turbine in the higher than average velocity flow and as
a compressor in the low velocity flow. The blade row then transfers
energy to the low velocity region with no net work with the exception of
that required to overcome bearing friction. A model of the freely
rotating blade-row apparatus has been built and tested, and the results
are presented in figure 8. These data were obtained from an investigation
made by William T. Beale of the Lewis laboratory. A blade row and a row
of straightener vanes were mounted on a hub in a straight duct. Distor-
tion was introduced by throttling the duct flow across screens placed in
a portion of the forward duct. The distortion in the annulus at B was
then measured and plotted as a function of 'the distortion at A ahead
of the hub. The variation of the Mach number in the annulus due to the
throttling is also plotted on the abscissa.

The distortion in the annulus is lower than that ahead of the hub
for any point below the slanted line through the origin of coordinates.
When circumferential distortion was introduced, some distortion reduc-
tion was achieved without the benefit of the blade row. This reduction



was the result of the flow acceleration provided by the hub and was not
affected by the row of flow straighteners. -When the blade row was added,
the distortion in the annulus was further reduced. When radial rather
than circumferential distortion was introduced, about the same distortion
reduction was achieved across the blade row. At an annulus Mach number
of 0.5, the total-pressure distortion was reduced from 25-5 to 15 per-
cent across the blade row. For this reduction in distortion the total-
pressure loss was about 2.5 percent.

Screens have also been used as forced mixing devices (for example,
refs. 15 to 17). An example of thsir use is shown, in figure 9. The
total-pressure distortion was measured behind screens of varying solidity,
that is, the blockage area of the screen expressed as a percentage of
the duct cross-sectional area. Two typical applications are considered:
the curve for the lower Mach number 0.20 is representative of a ram-jet
application, whereas that for the higher Mach number 0.50 is more typical
of the diffuser discharge Mach number of a present-day turbojet engine;
the Mach number ahead of the screens was about 0.20 and 0.57> respectively.
For both cases increasing the screen blockage reduced the distortion.
However, there is a limit to the amount of screen blockage that may be
added without causing choking at the screens. With choking, of course,
inlet mass flow would be reduced.

The total-pressure loss across the screens is plotted at the right,
again as a function of the screen solidity. At a solidity of 30 percent,
the total-pressure loss was 2 percent at the low average Mach number and
about 8 percent at the higher Mach number.

In order to propel future aircraft to higher supersonic speeds,
higher weight-flow turbojet engines will be required. For such engines
the diffuser discharge Mach numbers will be of the order 0.6 or even
higher over portions of the flight range. Hence, mixing in the subsonic
diffuser will probably be reduced. Forced mixing devices will be used
with caution inasmuch as figure 9 indicates higher total-pressure losses
will be incurred at higher duct Mach numbers. For such configurations
the distortion entering the inlet throat must be kept to a minimum.

Distortion at the Inlet Throat

Distortion at the inlet throat is caused primarily by nonuniform
compression. .In the next few figures origins of these distortions are
examined and the resulting distortions at the diffuser exit are presented.

In figure 10 the total-pressure variation across the inlet throat
was determined for the full-scale J-31* nose inlet at Mach number 1.8.
These data were obtained from related tests of reference 18. Total-
pressure profiles at the inlet throat are presented as a function of
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inlet mass-flow ratio. For the indicated configuration a vortex sheet,
originating at the intersection of the oblique and normal shocks, enters
the inlet throat for values of mass flow less than the critical value.
Theoretically, the air entering the inlet next to the cowl will "be at a
pressure recovery of about 8l percent, whereas the air below the vortex
sheet is at a pressure recovery of about 96 percent. As indicated, the
measured total pressures across the vortex sheet agreed quite well with
the theoretical values. As the mass flow was reduced, the vortex sheet
progressed further toward the cone surface.

The distortion at the inlet throat was determined from these pro-
files between the indicated limits to eliminate the effects on the bound-
ary layer, and the results are presented in figure 11. As the mass flow
was reduced, inlet distortion increased due to further entry of the vor-
tex sheet. Presented for comparison is the distortion measured at the
diffuser exit. As the inlet mass flow was reduced, the exit distortion
increased, corresponding to the increase of distortion at the inlet
throat. However, as the mass flow was reduced, the average Mach number
of the flow through the diffuser decreased. Hence, at the lower mass-
flow ratios the distortion at the diffuser exit decreased, because of
increased mixing, although the inlet distortion remained high.

The entrance of the vortex sheet is seen, then, to increase the
distortion level of the diffuser. 'By delaying entry of the vortex sheet
lower distortions can be achieved.' This may be done, for example, by
positioning the oblique shock ahead of the inlet lip so that the vortex
sheet will pass around the inlet for subcritical inlet operation rather
than into the inlet. With variable-geometry inlets having internal
contraction sufficient to choke the inlet, the entry of a vortex sheet
is unavoidable and, as a result, the distortion entering the inlet is
apt to be large. Moreover, mixing in the subsonic diffuser of inlets
having internal contraction will probably be reduced because of the
higher inlet-throat Mach numbers.

Another example of nonuniform compression is that occurring at
angle of attack (fig. 12). The distortion was measured at the inlet
throat, at two intermediate positions, and at the diffuser exit for the
full scale J-2k conical-nose inlet at Mach number 2.0 for critical inlet
operation. These data have been recently obtained and have not been
previously published.

Theoretically, at zero angle of attack, 3 to k percent distortion
would be expected at the inlet throat because of the nature of the con-
ical flow field. Seven percent distortion, however, was measured. The
higher distortion is due to boundary-layer effects which were not con-
sidered. Similarly, at nn angle of attack of 10°, nonuniform compression
would be expected to yield inlet-throat distortions of the order 1̂  to
15 percent around the inlet-throat circumference. The actual distortion
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measured, even at an angle of attack of 3°, was over twice this theoret-
ical shock value, again because of shock—boundary-layer interaction.
Along the upper surface of the cone, the Mach number behind the'oblique
shock was quite high because of the reduced compression. The terminal
shock was then strong enough to separate the compression surface boundary
layer and to increase the distortion.

As the flow traversed the diffuser, distortion decreased because of
mixing. However, the mixing was not sufficient to overcome the large
initial distortion, and the distortion increased at the diffuser exit
as angle of attack was increased.

At zero angle of attack, the distortion measured at the second
measuring station was larger than at the inlet throat. This increase
was due to separation of the boundary layer from the centerbody surface
between the two measuring stations. Thus, sources of distortion exist
within the inlet. Separation, rapid duct turns, struts, and so forth
are all possible sources of distortion within the inlet.

'In order to reduce the characteristic increase of distortion of
conical-nose inlets at angle of attack, such inlets must be shielded
from angle-of-attack effects. For example, the inlets could be located
beneath and behind the wings and close to the fuselage. Preliminary
test results indicate also that alinement of the spike centerbody with
the free-stream direction reduced the nonuniform compression and hence
reduces distortion.

Other inlet types may be required to reduce distortion at angle of
attack. For example, horizontal ramp inlets are less sensitive to angle
of attack, inasmuch as changes in angle of attack merely change the
effective angle of compression.

The occurrence of shock—boundary-layer interaction was seen to have
an important effect on distortion in figure 12. This factor is examined
more closely in figure 13. The flow in the throat of a conical-nose
inlet for critical inlet operation at a Mach number of 1.8 was determined
for a range of values of the conical compression angle 6C (ref. 18).

IJy varying the compression angle, the Mach number ahead of the terminal
shock was changed.

The thickness of the compression surface boundary layer 6 expressed
as a percentage of the inlet height H^ is presented at the left of the

figure. Between cone angles of 30° and 25°, the boundary-layer thickness
changed only from 3 to k percent of the inlet-duct height. For the 20°
cone half-angle, however, the boundary-layer thickness doubled due to
separation at the terminal shock. The occurrence of this separation
had been predicted theoretically on the basis of the static-pressure rise
across the terminal shock.
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The distortion at the inlet throat is plotted at the right, again
as a function of the cone half-angle. Although the distortion did not
change for the higher cone angles, the distortion increased considerably
for the separated flow case at a cone half-angle of 20°.

The distortion measured at the diffuser exit is again plotted for
comparison. As the cone half-angle was decreased from 30° to 25°, the
average-flow Mach number of the duct decreased as a result of the. reduced
throat Mach numbers, and the exit distortion decreased although the dis-
tortion at the throat remained about the same. At 9C of 20° the
increased mixing could not overcome the high initial distortion, and
the distortion at the exit increased somewhat.

Suitable control of the compression-surface boundary layer would
•be expected to reduce these separation effects. For example, in fig-
ure Ik a typical ramp side inlet had provisions for both external and
internal boundary-layer removal. With no external removal, the distor-
tion at the diffuser exit varied between 40 and about 63 percent for
critical inlet operation. By moving the inlet out of the boundary layer,
the distortion was progressively decreased until for complete external
removal, the distortion was in the 15 to 19 percent level. The lowest
distortion was measured with internal boundary-layer removal was used
in conjunction with external removal. For these cases the distortion
was reduced to a more acceptable level of 7 "to 10 percent. Thus, suitable
removal of the boundary layer with side inlets is essential not only
from the standpoint of increasing the pressure recovery but also of
decreasing the distortion.

CONCLUDING REMARKS

Distortion at the compressor can be reduced by reducing the distor-
tion entering the inlet throat, by elimination of internal sources of
distortion, and by improving the mixing in the subsonic diffuser.

The distortion which exists at the inlet throat is primarily a
result of nonuniform compression and may result from the entrance of
the vortex sheet, operation at angle of attack, shock—boundary-layer
interaction, or combinations of these effects. A few steps can obviously
be taken to reduce these sources of distortions. For example, entrance
of the vortex sheet can be delayed by positioning oblique shocks ahead
of the inlet lip. Shock—boundary-layer interaction can be controlled
to some extent by the use of boundary-layer control such as compression
surface bleed.

With conical-nose inlets, large distortions at angle of attack are
indicated. Low distortions can be achieved only by shielding such
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inlets from angle of attack. Other than conical compression inlets may
be required to reduce angle-of-attack effects. For example, horizontal
ramp inlets are less sensitive to angle of attack.

The mixing of distorted flows in the subsonic diffuser is primarily
a function of the length and the average Mach number of the duct. Addi-
tional mixing can be obtained with forced mixing devices but generally
at the expense of pressure recovery and weight. This brief review of
the problem would indicate that severe distortion problems can be expected
in the future with high compression inlets and high weight-flow engines
required for flight at the higher supersonic speeds. With such config-
urations the average duct Mach number will be high and little mixing will
occur in the subsonic diffuser. The flow distortion entering the inlets
must thus be kept to a minimum, and sources of distortion within the
inlet must be eliminated. No simple solution to the distortion problem
is currently evident. Satisfactory duct-engine combinations will require
careful attention to detail and perhaps compromises in both the airframe
and the engine designs.
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SOME ASPECTS OF SUPERSONIC INLET STABILITY

By James F. Connors

Lewis Flight Propulsion Laboratory

SUMMARY

Supersonic inlet stabilization can be generally achieved for Mach
numbers up to approximately 2.0 by careful consideration of the possible
buzz-triggering conditions. Boundary-layer control and constant-area
sections can be effectively utilized on inlets designed to provide stable
flow regulation over the entire engine operating range. For Mach numbers
above 2.0, the attainment of stability becomes .increasingly more difficult
as local Mach numbers (and thus normal-shock strengths) increase to aggra-
vate further the shock-boundary-layer interaction problems.

A different approach to the problem of stable flow regulation can
be made by assuming that inlets will be generally stable only for limited
ranges before becoming inherently unstable. In these cases, variable-
geometry techniques seem to provide an adequate solution.

It has also been demonstrated that the engine itself can, in some
instances, exert a stabilizing influence on the inlet. Further defini-
tion of this effect is needed with full-scale inlets and more advanced
engines.

INTRODUCTION

At supersonic speeds, the inlet-buzz condition is characterized by
large pressure and mass-flow oscillations which must be avoided or
attenuated for satisfactory engine operation. Otherwise, the attendant
flow pulsations could result in flameout in the combustor or even struc-
tural damage to the engine. In most instances, the origin of inlet buzz
can be traced back to either of two triggering mechanisms: (l) the
vortex sheet or slipline intercepting the cowl lip or (2) compression-
surface flow separation. Both of these are quite similar in principle
and have been recognized for some time. In each case, the initiation of
buzz is distinguished by a sudden change or discontinuity in the total-
pressure profile at the diffuser entrance with a subsequent tendency
towards separation of the internal flow.



SYMBOLS

Mo free-stream Mach number

JA Mach number

6 boundary-layer thickness

h height of boundary-layer diverter

mcrit critical mass flow entering inlet

m^ injection mass flow

niQ maximum mass flow that can enter inlet

9j cowl-position parameter

9S conical shock angle

a angle of attack

DISCUSSION

Inlet Flow-Stabilization Techniques

In the past, sporadic success in attenuating buzz has been achieved
through the use of constant-effective-area or zero-diffusion throat
sections. (See ref. 1.) This scheme allows the entrance flow with its
discontinuous profile to mix before undergoing subsonic diffusion. With
nose inlets, buzz can also be generally avoided for Mach numbers up to
2.0 first by observing the slipline criterion of reference 2 (usually by
positioning the oblique shock slightly inside or well ahead of the cowl)
and secondly by using compression-surface angles which are large enough
to keep the local Mach number below the normal-shock value of approxi-
mately 1.3 which is required for separation of a turbulent boundary
layer (ref. 3)- Near Mach 2.0, however, the design of high-compression
multiple-shock inlets dictates the use of initially smaller compression-
surface angles and correspondingly higher surface Mach numbers. In these
cases, boundary-layer-control techniques, such as illustrated in figure 1,
can be utilized.

The data in figure 1 were obtained at a free-stream Mach number of
1.9 with the double-cone axisymmetric nose inlet of reference 4. This
configuration employed two conical compression surfaces with half-angles
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of 20° and 28° and with corresponding supercritical surface Mach numbers
of 1.̂ 9 and 1.2, respectively. Supercritically, the oblique shocks were
located just inside the cowl. As the normal shock moved subcritically
upstream of the cowl, the slipline (indicated by the dashed line) did
not move across the cowl lip, and there were no adverse effects due to
interaction of the bow shock with the second-cone "boundary layer. With
no boundary-layer control, stable subcritical operation was obtained
down to a mass-flow ratio of approximately 0.7« At this minimum stable
condition, the normal shock was located at the break between the two
conical surfaces. Simultaneously, with the onset of buzz and as the bow
shock moved out on the first cone, the boundary layer was observed to
lift off the surface and separate. This separation was, of course, due
to the increased surface Mach number on the first cone.

In this case, where to apply boundary-layer control was clearly
defined. The center body was vented to- ambient pressure and two double
rows of holes were installed on the first cone. With boundary-layer
suction thus applied, stable subcritical operation was obtained down to
a mass-flow ratio of approximately 0.1. At the minimum stable condition,
the bow shock stood upstream of the bleed holes. With suction, however,
the critical pressure recovery was reduced from 0.92 to about 0.9; appar-
ently, the bleed holes created some additional supersonic losses. In
both cases, the supercritical mass-flow ratio was unity. The maximum
bleed flow was estimated at approximately 1.5 percent of critical mass
flow.

The effect of angle of attack on both pressure recovery and mass
flow is illustrated by the data in figure 2. Angle of attack generally
caused reduction in both pressure recovery and stable mass-flow range.
The stable operating range of the inlet is indicated by the cross-
hatched areas for the no-suction and suction cases. As the inlet goes to
angle of attack, the compression-surface Mach numbers decrease on the
windward side and increase on the lee side. At the higher angles, the
second-cone Mach number was thus sufficiently increased on the lee side
so that the interaction between the bow shock and the boundary layer was
no longer satisfactory and the accompanying separation was enough to
trigger buzz prematurely. In this particular case, stability might have
been improved still further at the higher angles of attack if additional
suction had been applied on the lee side of the second cone, Thus, in
this Mach number range, it is evident that boundary-layer suction can be
effectively utilized in the attainment of stable flow regulation.

For free-stream Mach numbers considerably above 2.0, the local-
surface Mach numbers correspondingly increase, and it is no longer clearly
defined as to where to apply the control most effectively from a stability
viewpoint. At these high Mach numbers, the point of incipient separation
will, of course, vary with diffuser-normal-shock position since the up-
stream surface Mach numbers are now everywhere greater than a critical
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normal-shock separation value (which is again approximately 1.3). Very
little data are available on inlet stability near Mach 3-0- In one case,
at least, some degree of success has been achieved with mass-flow injec-
tion (or boundary-layer energizing) on a half 2-cone side inlet at a
free-stream Mach number of 2.96. (See ref. 5«)

The results of this study are summarized in figure 3« The inlet
utilized two semi-cones with angles of 20° and 34° with corresponding
supercritical surface Mach numbers of 2.25 and 1.71; respectively. A
gap was provided between the first and second cones for injection of
high pressure air parallel to the second compression surface. In a flight
application this injection air could be supplied, for example, by com-
pressor bleed. At the top of the figure are shown sketches of typical
minimum-stable-mass-flow patterns with and without injection. Performance
results are summarized in the table below. With the. inlet out of the
boundary layer (h/6 > 1.0) there was no stable subcritical range without
flow injection. However, with an injection mass-flow ratio of 0.02, the
subcritical stability range was equal to 24 percent of critical mass flow.
A total-pressure-recovery decrement of 0.04 was encountered just due to
the change in geometry (that is, the provision of the injection gap).
Actually, the critical pressure recovery falls off quite markedly as the
inlet is submerged in the boundary layer. For an h/6 «j 0.26, an injec-
tion mass-flow ratio of 0.04 increased the subcritical stability range
from approximately 7 to 49 percent of critical mass flow.

Variable-Geometry Techniques for Stable Flow Regulation

The techniques discussed so far have been directed towards the
development of inlets that would provide stable flow regulation over the
entire operating range. Actually, in a typical supersonic flight appli-
cation, the turbojet engine can have two distinct operating areas which
require stable regulation. The first is for a limited range at high
mass-flow ratios and occurs during transient operation, for example,
during wind gusts or an overshoot of the controls system. Here, thrust
must be maintained. Consequently, stable flow regulation must be accom-
plished without excessive loss in recovery or increase in drag. The
second operating area occurs during throttle closure to engine-idle
air-flow setting. For this condition, stability can be attained with
little regard for loss in recovery or increase in drag, since the air-
craft is to undergo rapid deceleration.

With two such modes of operation, another approach can be made to
the problem of attaining stable flow regulation. This method assumes
that inlets will generally be stable only for a limited mass-flow range
before becoming inherently unstable. In this case, variable-geometry
techniques as illustrated in figure 4 can provide an adequate solution.
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Variable geometry, for example, in the form of a translating spike
or a bypass arrangement, can be 'effectively used at the higher mass-flow
ratios. Here, the normal shock is maintained at the throat, while the
reduced air-flow requirements of the engine are met by supersonic spill-
age behind an oblique shock or by spillage through the bypass. Thus,
buzz-triggering conditions at the cowl lip may be avoided altogether.

At the lower mass-flow ratios, or for flight conditions corresponding
to throttle closure where pressure recovery is not too important, spoiler
techniques may find some application. These techniques largely involve
the use of variable-geometry devices to force a bow shock to stand well
upstream of the cowl with attendant large mass-flow spillage rates. The
actual form of such spoilers can be quite varied. In the axisymmetric
case, variable flaps or projections moving out of the compression surfaces
might conceivably be employed to detach the flow and force a bow wave
ahead of the inlet. Two-dimensionally, such a technique has been effec-
tively demonstrated by means of a variable-second-ramp side inlet for
Mach numbers of 1.5 to 2.0. (See ref. 6.) The results for h/b > 1.00
are shown in figure 5- This particular inlet geometry permits an increase
in the second-ramp angle to values in excess of the local shock-detachment
values. Thus, for stable operation at low mass flows (for example, where
engine-idle conditions correspond to mass-flow ratios of approximately 0.̂ -)
this scheme proved quite satisfactory. Data are shown for only two
second-ramp positions - the 18° ramp representing the design operating
position and the 30° ramp representing the detachment or low-mass-flow
condition. At each Mach number, stable operation was obtained for mass-
flow ratios in the vicinity of Q.k, the hypothetical engine-idle condition.
At Mach 2.0, the data for the two second-ramp positions do not overlap
with respect to stable mass-flow range; however, it might be anticipated
that the intermediate ramp positions would provide a continuous transition
of stable operation down to the engine-idle mass flow.

Another technique for attaining stability, but at the expense of
recovery, consists of retracting the compression surface and positioning
the oblique shock veil inside the cowl lip. This method can be demon-
strated with a translating-spike inlet configuration. As illustrated
in figure 6, a cowl-position parameter QI will be used to define the
range of spike translation. This parameter is the angle between the
inlet axis and a line from the spike tip to the cowl lip. The design
position is that point where 9j equals the conical shock angle. As
shown in figure 7 for a single-cone axisymmetric nose inlet at a Mach
number of 2.0 (ref. 7)> large stable mass-flow ranges were obtained with
values of cowl-position parameter 2° to 3° greater than the design shock-
on-lip value. In this case, the position of the oblique shock well
inside the cowl prevents the slipline from intercepting the cowl lip.
As the tip shock is moved inside (that is, increasing 9j from the
design value), the stable operating range increases quite markedly and,
correspondingly, critical pressure recovery decreases. For k° greater
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than the design value, stable operation can be obtained down to the hypo-
thetical engine-idle condition (mass-flow ratio % 0.4). As the tip shock
is moved outside (that is, decreasing QI from the design value), no
significant increase in the stable range occurs; however, the maximum
or supercritical mass flow decreases along with recovery. In considering
the two directions of translation, it should be pointed out that, for
smaller movements of the spike, retraction of the compression surface
permits'" stable regulation down to the engine-idle condition. Results for
an angle of attack of 9° are also included in figure ?• These results
are somewhat similar to those for the case of an angle of attack of 0°;
however, stability ranges, in general, have been decreased and larger QI
must be used to attain the large stable subcritical ranges.

Effect of Turbojet Engine on Inlet Stability

All the foregoing discussion has been concerned with results from
cold-flow tests wherein a variable-area sonic exit was used to simulate
the exit conditions anticipated in an actual engine application. Little
information is currently available on the combined effects of an inlet
operating in conjunction with a turbojet engine. Accordingly, at Mach
numbers 1.8 and 2.0, a study was conducted on an annular nose inlet with
a translating spike and a variable-bypass arrangement. (See refs. 8
and 9-) Performance was evaluated both with a cold-flow exit plug and
with a J-3̂ - turbojet engine. Results pertinent to the inlet stability
ranges are shown in figure 8. Compared with the cold-flow plug, the
engine had a definite stabilizing influence on subcritical operation of
the inlet. The buzz regions are identified by the cross-hatched areas for
the cold-flow plug and by the dotted portions of the figure for the engine.
In all cases studied, the unstable regions were greater with the plug than
with the engine. The actual damping mechanism, however, is not under-
stood. Opening the bypass destabilized the inlet generally, but more so
with the plug than with the engine. As buzz was initiated, the total-
pressure amplitude at the compressor face was about the same in either
case; however, the frequency of buzz with the engine was about twice
that with the plug.

These data are, of course, for a conservative engine which was
choked at the exhaust nozzle and which was not designed for supersonic
application. As such, these results should not be construed as being
general. More advanced engines employing higher compressor blade loadings,
vith choking occurring at a much earlier station in the .engine, may well
yield considerably different results.
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CONCLUDING REMARKS

Supersonic inlet stabilization can be generally achieved for Mach
numbers up to approximately 2.0 by careful consideration of the possible
buzz-triggering conditions. Boundary-layer control and constant-area
sections can be effectively utilized on inlets designed to provide stable
flow regulation over the entire engine operating range. For Mach numbers
above 2.0, the attainment of stability becomes increasingly more difficult
as local Mach numbers (and thus normal-shock strengths) increase to aggra-
vate further the shock-boundary-layer interaction problems.

A different approach to the problem of stable flow regulation can be
made by assuming that inlets will be generally stable only for limited
ranges before becoming inherently unstable. In these cases, variable-
geometry techniques seem to provide an adequate solution.

It has also been demonstrated that the engine itself can, in some
instances, exert a stabilizing influence on the inlet. Further definition
of this effect is needed with full-scale inlets and more advanced engines.
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BYPASS-DUCT DESIGN FOR USE WITH SUPERSONIC INLETS

By Charles C. Wood and John R. Henry

Langley Aeronautical Laboratory

SUMMARY

A successful method for designing bypass ducting for use with super-
sonic inlets has been developed experimentally. The design is shown to
be satisfactory in all aspects of performance. Further refinement will
be possible in detailed development for specific applications.

INTRODUCTION

Figure 1 is a sketch illustrating the use of an engine bypass ducting
system in conjunction with a supersonic inlet. The inlet is followed by a
subsonic diffuser. Near the exit of the subsonic diffuser, the flow is
divided into two parallel streams — the bypassed air and the air consumed
by the engine. The problems associated with matching inlet performance
with engine requirements and the use of the bypass duct as a solution to
these problems are referred to in references 1 and 2. In brief, with a
"bypass-ducting system, the inlet would be sized to pass a flow which
always would be equal to or greater than that demanded by the engine.
For conditions where the engine demands less flow, the excess air would
be "bypassed around the engine and discharged from the airplane at the
most convenient location.

This paper is concerned with the detail design of the subsonic
ducting in the region where the bypass air is removed from the total
flow passed by the inlet. In particular, the effects of bypassing the
air on the engine-face velocity distributions and on the total-pressure
losses are to be evaluated in order that the designer may have more
specific information on which to base his designs and analyses.

SYMBOLS

HJJ mean total pressure at bypass

HJ. mean total pressure at engine-face station
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R,.,.. maximum total pressure

HJ.JJ- minimum total pressure

Hp mean total pressure at reference station

M Mach number

ME Mach number at engine-face station

U maximum velocity

IDEAL BYPASS-DUCT DESIGN

The ideal bypass-duct design would consist of an arrangement which
removes the bypass flow uniformly from the entire periphery of the duct.
Such a ducting design would bleed off uniformly all the boundary layer
or low energy air, which is generally the source of flow distribution
distortions. However, wrapping annular ducting around the entire
periphery of the main duct introduces so many design complications that
in most cases it would be impractical. For this reason, the experimental
investigations to be described were confined to designs where all the
bypass air was removed from one wall or a limited sector of the duct.
The subsonic diffuser was supplied with air flow by an inlet bell, and
the various effects of the supersonic inlet operation were simulated by
varying the supply pressure.

RESULTS

Model I

The first configurations investigated are shown in figure 2. In
model la, a conventional 6° diffuser designed for the maximum engine
air-flow condition was altered by cutting a hole in one side and adding
a scoop to obtain high recovery in the bypass flow. Four scoop projec-
tions were tested ranging from the full scoop of model la to the flush
scoop of model Ib. Only results for models la and Ib will be presented
since the performance is bracketed by these two configurations. The
inlet area of the extended scoop was designed to intercept about a third
of the air flow at a scoop inlet velocity ratio of 1.0. For ease of
fabrication and test measurement, rectangular ducting was used; however,
the general principles indicated by the test data should be applicable
to any cross-sectional shape.
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Figure 3 summarizes the performance of models la and Ib for the case
where the diffuser was operating at a point just below the choke condi-
tion. The diagrams are velocity distributions in which velocity is
plotted horizontally against distance across the duct vertically. The
center of the maximum velocity region is indicated by the arrow. The
shaded areas, then, represent retarded velocity regions. The bottom
line corresponds to the wall on the bypass side, and the top line to the
wall opposite to the bypass. Stations R and E are the reference and
engine-face stations, respectively. The two distributions on the left
side of figure 3> which were measured with no scoop in place and with the
opening sealed and faired, are normal for this type of diffuser. The per-
formance for model la with the scoop in place is given at the top of fig-
ure 3j where the percent of bypass flow is given on the top line, the
total-pressure-recovery ratio for the engine-face station on the second
line, and the bypass duct recovery on the third line. Total-pressure
recovery is given in terms of the mean total pressure at station R.

The large region of retarded velocity and the accompanying low pres-
sure recovery obtained with no bypass flow resulted from the high angle
of attack on the scoop for this condition and the high expansion angle
on the downstream face of the scoop. With the design bypass flow of
32 percent, the angle of attack was eliminated and the boundary layer
bypassed; thus, the bad flow on the bypass side was eliminated. However,
a large retarded velocity region was obtained on the side opposite the
scoop because of the alteration to the diffuser pressure gradients caused
"by bypassing about a third of the air. Bypassing this amount of air is
equivalent to a sudden area increase in the diffuser of about 50 percent,
which produces a rapid rate of boundary-layer growth. The engine-face
total-pressure recovery with 32 percent bypass was fairly high, 98-6 per-
cent, because of the reduced air flow (and thus dynamic pressure) in the
engine duct and because the velocity distribution was somewhat better
than with no bypass flow.

Eliminating the scoop extension by using a flush scoop, model Ib,
considerably improved the velocity distribution and engine recovery with
no bypass flow. With the design bypass flow of J2 percent, the distribu-
tion was again distorted as in model la because of the increased diffuser
pressure gradient. Eliminating the scoop extension reduced the bypass
recovery from 98 to 96.8 percent.

The performance of these two configurations and the other scoop,
designs not discussed here was not considered to be satisfactory from
either the flow distribution or loss standpoint. The data showed that
the design approach of cutting a hole in the wall of a diffuser and adding
a scoop is oversimplified and that the basic diffuser lines ought to be
laid out with specific consideration for the bypass operation.
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Model II

Model II, shown sketched in figure k, was designed using the infor-
mation derived from the tests of model I; model Ib is also shown in this
figure for comparison. In model II, the adverse effects of the extended
scoop were eliminated by moving the bypass inlet back to the diffuser
exit and by increasing the diffuser exit area by an amount sufficient
to include the bypass inlet area. Thus, the bypass design became a
splitter-type configuration, which, of course, retains the ability to
recover ram pressure in the bypass duct. For the same diffuser angle,
the model II type of design would be longer than model I. For model II,
two diffuser area ratios were tested which, with no bypass flow, produced
at the engine-face station Mach numbers of about 0.4 and 0.7- These two
conditions were desired in order to bracket the current turbojet-
compressor-inlet Mach number values of 0.5 to 0.6.

Figure 5 presents the performance of model II for the ducting for a
Mach number of 0.4, and the corresponding performance of model Ib is
included for comparison. With or without bypass flow, substantially more
uniform velocity distributions were obtained at the engine face with
model II than with model Ib. The improvement without bypass flow is
directly due to the contraction which the flow experiences between the
reference station and station E with no flow through the bypass. With
the design bypass flow of 32 percent, the improved velocity distribution
and engine total-pressure recovery of model II were due to the fact that
the diffuser pressure gradients in the region of the bypass for model II
correspond to those for a 6° diffuser; whereas, in model Ib, the bypass
flow.sets up gradients appreciably higher than those for the basic 6°
diffuser.

The data for model II presented in figure 5 are for the condition
where the diffuser was operating just below the choke point, and a Mach
number of about 0.4 existed at station E with no bypass flow. As noted
previously, data for the same condition were taken for a Mach number at
station E of about 0.7- The performance at the higher Mach number level
was nearly identical to the data for a Mach number of 0.4 and will not
be presented here.

The velocity distribution for model II depreciated some on the
opposite wall with increasing bypass flow. In laying out the duct design,
this effect could be reduced by taking most of the area expansion on the
diffuser wall containing the bypass, thus favoring the boundary layer
development on the opposite wall. An alternative design would be to
include an area contraction just upstream from the engine on the opposite
wall.
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Distorted Inlet Flow, Model II

In order to determine the effectiveness of the model II design for
off-design inlet operating conditions, the diffuser was tested in the
choked condition with a normal shock standing in the diffuser and in some
cases with various types of spoilers mounted on the diffuser wall. Data
for one of the most extreme conditions have been selected for presentation
here. A diagram for the diffuser flow pattern is shown in figure 6. The
normal shock occurred at a Mach number of 1.52. The diffuser area ratio
for this case normally produced a Mach number of about 0.4 at station E'
with no bypass flow. For the flow conditions illustrated, however, the -^
engine-face Mach number was about 0.6 due to the total-pressure losses
incurred in the shock and in the subsequent separated flow region. As
generally occurs in cases of this type, the flow always separated from
the same wall — in this case, the bypass wall.

The amount of flow distortion produced by the shock—boundary-layer
interaction is readily apparent from the reference station measurement.
The installation of the bypass splitter and varying the amount of bypass
flow did not alter the reference-station total-pressure distribution
appreciably. The velocity distributions obtained at the engine face are
not appreciably different from those obtained when the diffuser was
operating just below the choke condition. The outstanding conclusion to
be derived is that even with a flow distortion at the reference station
of the magnitude indicated, the model II design produced fairly uniform
distributions at the engine face. The total-pressure recovery in the
engine duct was high because it received the high total-pressure portion
of the entire flow. Conversely, the bypass recovery was low. Other tests
with the higher Mach number ducting and with separated flow on the opposite
wall produced essentially the same performance and, therefore, these results
may be considered typical.

Total-Pressure Distortions

The total-pressure distortions obtained at the engine face are sum-
marized for several models in figure 7- In obtaining the distortion fac-
tor, 5 percent of the cross-sectional area adjacent to each duct wall was
ignored; in other words, this amount of area was assigned to the low
energy part of the boundary layer. The distortion factor is defined as
the difference between the maximum and minimum total pressure divided by
the mean total pressure at the engine-face station. The abscissa is the
percent of bypass flow. The plot on the left side of figure 7 is for the
diffuser operating just below the choked condition. For this case,
model la with the extended scoop produced distortions as high as 50 per-
cent . The flush scoop of model Ib reduced the 50-percent value to about
11 percent, with no bypass. At high bypass flows, both models la and Ib
produced a distortion of about 9 percent. This relatively low value was
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obtained in spite of bad velocity distributions because of the low engine-
face Mach number level of the tests of about 0.2. At low Mach numbers,
the dynamic pressure is very small relative to the total pressure and,
therefore, large variations in velocity distribution do not affect the
total-pressure distortion appreciably. For model II, the distortions
for the bypass system for Mach numbers of O.k and 0.7 were on the order
of ̂  and 7 percent, respectively, the difference between the two values
being due almost entirely to the change in Mach number rather than a
change in velocity distribution. The model II results are considered to
be within the range of values acceptable for engine operation.

The right-hand plot of figure 7 summarizes the data for the tests
where the diffuser flow was distorted by shock—boundary-layer interaction.
The lower Mach number ducting for model II, which produced a Mach number
of about 0.6 at the engine with no bypass, had distortions on the order
of 9 percent, which is probably on the borderline of being acceptable.
Model Ib had prohibitive distortions. It is evident that model II
resisted the effects of distorted flow upstream from the bypass much
more successfully than model I.

CONCLUDING REMARKS

A successful method for designing bypass ducting for use with super-
sonic inlets has been developed in this preliminary investigation. The
design has been shown to be satisfactory in all aspects of performance.
Further refinement should be possible in detailed development for specific
applications.
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A STUDY OF A SYMMETRICAL, CIRCULAR,

INTERNAL COMPRESSION INLET

By Emmet A. Mossman and Prank A. Pfyl

Ames Aeronautical Laboratory

SUMMARY

A preliminary experimental study of symmetrical, circular, internal
compression inlets has shown that they attain pressure recovery equal
to that measured by conical nose inlets at Mach numbers up to about 2.3.
Tnis pressure recovery was obtained with configurations having essen-
tially zero pressure drag of the external surfaces.

INTRODUCTION

Recently, an experimental investigation has been made at Mach num-
bers up to 2.5 of an inlet which shows promise. The purpose of this
paper is to present an interim report describing the development of the
inlet and the progress that has been made to date.

SYMBOLS

M Mach number

m mass flow, Ib-sec/ft

P̂  total pressure, Ib/sq ft

A area, sq. ft

p static pressure, Ib/sq. ft

X longitudinal distance, ft

D diameter, ft
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Subscripts:

00 free stream

1 inlet

max maximum

min minimum

c compressor

t total

0 entrance

DISCUSSION

Up to the present time, external compression inlets have produced
relatively efficient supersonic compression of the induction air, but
the wave drag of the external covls has been high. On a typical air-
plane this inlet drag is from 10 percent to 20 percent of the total air-
plane drag at Mach numbers above 2.0. This covl drag is mainly a function
of the initial lip angle. It has been found experimentally that the best
overall performance of conical inlets occurs when the lip internal sur-
faces are nearly alined with the flow direction immediately behind the
conical shock wave (fig. l). This figure shows also the flow angularity
behind a 30° cone and the angle of shock detachment. If 3° is added for
lip thickness, the external lip angle approaches even closer to the angle
of shock detachment. These considerations indicate that the drag of
external compression inlets will be large and will probably increase
with Mach number because the lip angles must increase.

If the lip angles could be kept low, the pressure drag, could be
markedly reduced. The internal compression inlet shown in figure 2 is
designed for use with a typical jet engine. The resulting external sur-
faces have very low angularity, approximately l°j consequently, the wave
drag would be negligible. The relative dimensions of the nacelle shown
at the bottom of the figure are for a M = 2.0 design. As the design
Mach number increases, both the inlet and exit diameters increase relative
to the engine envelope diameter, and the nacelle will approach even closer
to a straight tube. A symmetrical circular configuration was selected
which allows the minimum area of the internal duct to be varied by trans-
lation of the center body. The photographs at the top of figure 2 show
the cone extended for starting, an off-design or transitional position,
and the design position with the cone fully retracted. The movement
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of the center body should be programmed with the flight Mach number.
In addition, an automatic control is necessary which can sense the
position of the terminal shock wave and actuate the center body to
maintain the shock position near the minimum area. Control mechanisms
for supersonic inlets which might be adapted to this Internal com-
pression inlet are described in reference 1. The angularities of the
compression surfaces are low - 8° to 10° for the cone and 1.5° "to 2.0°
for the lip annulus. These angles are kept low to avoid shock-induced
separation during the internal compression process by limiting the pres-
sure rise in an incident wave to less than the value which has been
found to cause separation. It would be desirable to reduce the length
of the internal ducting. However, in the present design it has not been
found necessary to include long stabilizing sections rearward of the
minimum-area station. Consequently, the present internal compression
inlet is slightly shorter than equivalent conical inlets. The internal
compression inlet has been tested only at 0° angle of attack.

Use of the internal compression inlet will result in a net gain
only if the pressure recovery is sufficiently high. The conical inlet
will be used arbitrarily in the following discussion as a standard for
comparison. The maximum pressure recovery of conical inlets is shown
in figure 3 for the Mach number range from 1.8 to 2.5. A solid-line
curve representing the present state of the art is shown in the figure
and will be used for comparison purposes. The experimental pressure
recovery of the internal compression inlet as a function of Mach number
for four internal shapes is shown in figure k. Comparison of the data
with the best external conical-shock inlets shows that the pressure
recovery is about the same over a range of Mach numbers to 2.3. For
three of the inlets the compression surfaces were generated by straight
lines, the ratio of the minimum area to the inlet area being varied.
The fourth case, which gave the highest pressure recovery at Mach num-
bers greater than 2.1, has a curved center body and a curved lip annulus.
It should be noted that the contraction ratio for this inlet corresponds
to that for inlets with straight internal elements which gave low pres-
sure recovery for the same Mach number range.

Some idea of why the inlet with the curved center body and curved
lip annulus gave higher pressure recovery than the other internal com-
pression inlets was gained by mapping the internal flow field by using
the method of characteristics. Figure 5 shows the shock-wave pattern
and the computed pressure distribution on the center body and lip annulus
for one of the inlets with straight internal elements. The shock waves
from the center body and annulus initially had about the same strength.
However, the pressure rise at the first reflection of the shock wave from
the annulus on the center body was much larger than it was for the first
reflection of the center-body shock on the annulus. The pressure gradi-
ents behind the shock intersections also were dissimilar. In an effort
to equalize both the pressure ratio across each shock-boundary intersection
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and the pressure gradients behind the intersections, curved compression
elements were employed; and as noted previously, the modification was
moderately successful. It is thought that further improvements are
possible, especially at higher Mach.numbers, by shaping the internal
surfaces to follow contours derived by the characteristics method.

Of importance to the inlet designer is the off-design performance.
On the left-hand side of figure 6 the take-off performance of the
internal compression inlet is shown. The take-off characteristics are
similar to those for the conventional conical inlet. The curves on
the right-hand side of this figure illustrate the "matching" character-
istics of the inlet and engine combination. The ordinate of this curve
is the ratio of the capture (or entrance) area to the streamtube area
supplied by the inlet or required by the engine. The air handling
qualities of the inlet are shown by the solid-line curve. The internal
compression inlet is assumed to operate as a normal-shock inlet at Mach
numbers up to 1.6. Above a Mach number of about 1.8, the inlet operates
with the streamtube area equal to the inlet area and has no spillage
drag.

The engine air requirements (in terms of the streamtube-area ratio)
are shown by the dashed-line curve in figure 6. For this particular
engine at M above 1.2, a maximum of 3 percent of the inlet air would
have to be bypassed for maximum efficiency. Below a Mach number of 1.2,
either the rotational speed of the engine could be reduced slightly or
some loss in pressure recovery would be incurred. Many other matching
programs could be devised, but figure 6 indicates that the problems
should be no more severe with the internal compression inlet than they
are with other types of supersonic inlet-engine combinations.

CONCLUDING REMARKS

A preliminary experimental study of symmetrical, circular, internal
compression inlets has shown that they attain pressure recovery equal to
that measured by conical nose inlets at Mach numbers up to about 2.3.
This pressure recovery was obtained with configurations having essen-
tially zero pressure drag of the external surfaces.

REFERENCE

1. Wileox, Fred, and Perchonok, Eugene: Aerodynamic Control of Super-
sonic Inlets for Optimum Performance. (Prospective NACA paper.)



189

LIP ANGLES OF CONICAL INLETS

40

LIP ANGLE

-SHOCK DETACHMENT

-FLOW ANGLE FOR
30° CONE

1.8. 2.0 22 2.4 2.6 2.8 3.0 32
MOO

Figure 1

INTERNAL COMPRESSION INLET

STARTING

DINLET i:
OFF DESIGN

DENGINE

DESIGN

EXHAUST'

LTRANSLATING CONE

COMPRESSOR NOZZLE

Figure 2



190

PRESSURE RECOVERY OF CONICAL INLETS
(m,/mo,* 1.0)

1.00 r

.90

.80

Pt /P.
TC >loo

.70

.60

.50 L

J I I I I I
1.8 1.9 2.0 2.1 2.2 2.3 2.4 2.5

Figure 5

PRESSURE RECOVERY OF INTERNAL COMPRESSION INLET

1.00 r

.90
X
<

8 .80

.70

.60

.50 L

CONICAL INLETS -
COMPARISON CURVE

DESIGN

O .649
D .539
O .476

604
CURVED
SURFACES

I i

M

.
f.
1 C
I S

1.8 1.9 2.0 2.1 2.2 23 2.4 2.5

OO

Figure



191

THEORETICAL PRESSURE DISTRIBUTION
ON COMPRESSION SURFACES

SHOCK
PATTERN

2.0

fLOCAL

'co

1.0

.4

Mco=2.0

\ r CENTERBODY

L^/
ANNULUS

.8 1.2
X / D O

1.6 2.0

Figure 5

PERFORMANCE OF THE INTERNAL COMPRESSION INLET
AT OFF-DESIGN CONDITIONS

1.0 r

.9

_\ .8

"too

.7

.6

oLt

SEA LEVEL

.3 .4
MENTRANCE

2.0

35,000'

- SUPPLIED BY
INLET (THEORETICAL)

REQUIRED BY-^
- TYPICAL ENGINE

.6 1.0 I1.4 1.8 2.2
MOO

Figure 6



Preceding page blank ] 195

AERODYNAMIC CONTROL OF SUPERSONIC INLETS

FOR OPTIMUM PERFORMANCE

By Fred A. Wilcox and Eugene Perchonok

Lewis Flight Propulsion Laboratory

SUMMARY

Aerodynamic means of controlling a translating spike and bypass, of
supersonic inlets are discussed. These include determination and use of
normal-shock position, oblique-shock position, and diffuser-exit Mach
number as control parameters. Although the discussion is limited to
axially symmetric inlets, these same control parameters can be used for
a single side inlet feeding a turbojet engine, the translating spike
being replaced by a variable-ramp compression surface.

INTRODUCTION

Variable-geometry inlets for turbojet engines at supersonic flight
speeds offer improvement in overall performance over the fixed inlet.
The translating spike and the variable bypass are two variable features
commonly considered for the axially symmetric inlet. The spike is used
to spill excess air behind the oblique shock when the engine requires
less air flow than the inlet provides. Or, it may be employed to opti-
mize inlet performance by maintaining the oblique shock near the cowl
lip when a bypass is used for air spillage. Air spillage by either
translating the spike or opening the bypass results in less drag than
spillage behind the expelled normal shock of a fixed inlet.

In order to attain the best possible performance, these variable-
geometry features must be properly positioned. Control systems to pro-
vide optimum settings must be supplied with input signals which are
representative of the desired inlet performance and in addition lend
themselves to control application.

The purpose of this paper is to discuss and evaluate some of.the
input signals or control parameters which have been experimentally
employed to operate turbojet inlet-control systems. These include the
normal-shock position, the oblique-shock position, and the diffuser-
exit Mach number. The discussion is based on results obtained at the
Lewis Laboratory during control investigations of ram-jet engines
(refs. 1 to 5). as well as during a study on the control of a supersonic
inlet for the J-3̂  turbojet engine (refs. 6 and j).
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A2 flow area at diffuser exit, 1.5̂  sq ft

H pitot pressure, Ib/sq ft abs

M Mach number

p static pressure, Ib/sq ft abs

T total temperature, °R

QI angle between line connecting spike tip and cowl lip and inlet
center line, deg

9S angle formed by inlet oblique shock with inlet center line, deg

Subscripts:

r reference

s sensing

o free stream

2 diffuser exit, station immediately ahead of bypass

DISCUSSION

A typical variable-geometry supersonic inlet for a turbojet engine
is shown schematically in figure 1. The control parameters to be dis-
cussed are also listed in this figure. With any supersonic inlet, the
position of the inlet normal shock is a reliable indication of inlet
performance. Optimum performance for inlets of the type shown is gener-
ally obtained with the normal shock at or near the cowl lip. Determina-
tion of normal-shock position will thus provide a useful inlet control
parameter.

A convenient way of determining normal-shock position is by meas-
uring its static pressure rise. Three techniques for measuring the
normal-shock pressure rise are shown in figure 2. The spike static
wall orifice is located on the center body in the plane of the cowl
lip. The probe static orifice is located on a smn.11 probe extending
slightly ahead of the cowl lip. A backward-facing pitot tube is
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located somewhat inside the cowl. In each case a reference orifice is
located forward on the spike surface out of the region of influence of
the normal shock. Details of these orifices are given in figure 3-
The differential pressure between the sensing and reference orifices
is used as the control input signal. In figure 2, this differential
pressure has been nondimensionalized by dividing by the free-stream
static pressure to generalize the parameter and thus make it inde-
pendent of altitude.

Values of this parameter are plotted for normal-shock positions
ahead of and behind the plane of each sensing orifice in terms of per-
cent change in diffuser-exit corrected air flow. With the use of the
spike static wall orifice as sensor (ref. 2), the parameter is essen-
tially zero when the shock is downstream of the orifice. As the shock
moves forward and crosses the sensing orifice, the static pressure at
the sensing orifice rises and causes the value of the parameter to rise.
A desired value for the parameter is selected along this rise and a
control system is designed to maintain this value. If the measured
differential pressure is greater than the-setting, air spillage is
increased and thus moves the normal shock downstream. If the measured
differential is less, spillage is decreased and the normal shock is
moved upstream. If the control setting is made at a value of the param-
eter other than zero, compensation for altitude changes must be provided.

Owing to both normal-shock curvature and boundary-layer growth along
the spike, the spike static orifice signaled a normal-shock position at
which some normal-shock air spillage existed. This means that to obtain
critical inlet operation, the orifice would have to be moved somewhat
downstream of the lip plane. This difficulty was not experienced with
the probe static sensor, and, in addition, movement of the orifice with
spike translation is avoided. The data for the probe static sensor
(ref. 7) indicate a sharp rise in the parameter at the control point.
Such an input signal provides close control of normal-shock position.
However, if the slope of the parameter becomes too steep, control-system
oscillation may result.

An even greater rise in differential pressure is obtained with the
backward-facing total probe. For downstream shock locations, the value
of the parameter falls well below zero. If the control setting is made
at zero, the necessity of measuring po and providing altitude compen-
sation is avoided. The backward-facing total probe thus provides a
signal having the desirable features of both a steep slope near the con-
trol setting and no need for altitude compensation.

At low supersonic flight Mach numbers, difficulties are sometimes
experienced with normal-shock sensing systems. For some diffuser
designs, the normal shock will not enter the cowl because of excessive
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internal contraction. In other cases, the normal shock will enter the
cowl but a shock detaches from the external cowl surface. As illustrated
in figure 4 this detached wave interferes with the static probe, resulting
in little change in the value of the control parameter as the normal-shock
position varies. For such an inlet, the backward-facing total probe pro-
vides a more usable signal, primarily because, of its location away from
the influence of the detached wave.' Again no altitude compensation is
required since the control setting may be made at a parameter value of
zero.

If a translating spike is used for flow spillage, the inlet oblique
shock may at times fall either inside or outside the cowl lip. The
variation in normal-shock position parameter for the probe static orifice
and the backward-facing total probe for these extreme positions of the
oblique shock is shown in figure 5 • The backward-facing total probe pro-
vides a parameter passing well below zero for both cases. The value of
the parameter for the probe static orifice shifts upward when the oblique
shock falls ahead of the cowl. This is believed caused by the combined
effects of the static pressure rise across the oblique shock and by mis-
alinement of the probe with the local flow.

The results of applying normal-shock position sensing to control of
a translating spike are given in figure 6. The data were obtained at
MO = 2.0 with a J-3̂  engine installed in an axially symmetric pod-mounted
nacelle. An electric actuator was used to position the spike. The cur-
rent to the actuator was controlled by the voltage output of a pressure
transducer connected between a static probe and its reference orifice.
In order .to achieve a variation in spillage air flow, the engine speed
was varied from 9*210 to 11,630 rpm. The solid line represents the
spike position angle required for critical inlet operation. The data
points represent the spike position set by control. The data show that
the control set the spike position within 1° of that required for crit-
ical inlet operation.

Besides being used to spill air, the spike can be used to optimize
inlet performance by keeping the inlet oblique shock near the cowl lip
over a range of flight Mach number when a bypass is employed to spill
the excess air. A way in which the oblique-shock position can be deter-
mined and set at the cowl lip is shown in figure 7- Two pitot tubes are
used, one a sensing tube at the cowl lip and the other a reference tube
at the spike tip. The difference between the pressure measured by each
tube provides the control signal. This difference in pressure is again
divided by free-stream static pressure to nondimensionalize the parameter
and make it independent of altitude. The oblique-shock position error
plotted in figure 7 is defined as the difference between spike position
angle and conical shock angle. If the oblique shock falls within the
cowl, the oblique-shock parameter is essentially zero because both tubes
read total pressure behind a free-stream normal shock. As the oblique
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shock passes in front of the cowl lip, there is a rise in the oblique-
shock parameter because the loss in total pressure across the oblique
and normal shocks ahead of the cowl-lip pitot tube is less than the
total-pressure loss across the single normal shock of the spike pitot
tube. The analytically computed rise is in agreement with the measured
value. Details of the sensing pitot tube used are given in.figure 8.

A value of the oblique-shock position parameter is selected to be
maintained by the control system. The data indicate that a control
system based on this parameter can hold the oblique-shock position angle
to within a fraction of a degree by retracting the spike when the oblique
shock falls outside the cowl and extending the spike when the shock falls
inside the cowl.

Consideration has been given the problem of obtaining effective con-
trol input signals for shock positioning systems when the inlet is oper-
ated at angle of attack. By locating the sensing and reference orifices
on the horizontal center line of the inlet, satisfactory control has been
obtained for both oblique- and normal-shock sensing systems up to 10° angle
of attack, the maximum investigated (refs. 2 and 5).

The techniques described for positioning the normal shock by trans-
lating the spike can also be applied to the control of the bypass discharge
area. Experimental results for such a system are shown in figure 9- The
bypass was actuated with a hydraulic servo system, and the control input
signal was provided by a static orifice probe located at the cowl lip.
The solid lines in the lower half of the figure represent diffuser per-
formance at MQ = 1.8 and 2.0 with the spike positioned at the 6j values

indicated. Values for the normal-shock position parameter provided by
the probe static orifice are given in the upper part of the figure.
Although the slope of the normal-shock position parameter is very steep
at the control setting selected, satisfactory action was obtained with-
out hunting of the control system. (See ref. 7.) The steady-state
points set by the control are indicated by the data points which fall
within 1.5 percent of the desired corrected air flow. This scatter is
the approximate accuracy of air-flow measurement.

The response of this control system to manual displacement of the
bypass away from the control setting was also satisfactory. When the
bypass was closed from an initial control position of one-half open by
manually overriding the control, the inlet operating point was taken
into a region of heavy pulsing. When the control was turned on, it
restored the desired operating condition in 0.22 second and permitted
only 3 cycles or pulsing. It did this in spite of the fact that during
the pulsing cycle the normal shock was intermittently passing the sensing
orifice. Satisfactory action was also obtained when the bypass was
manually opened, placing the operating point in the supercritical region
to the right of the control point.
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The third control parameter to be considered is the diffuser-exit
Mach number M^ which has application primarily in the control of the

bypass. In the lower part of figure 10, the diffuser pressure recovery
is shown as a function of diffuser-exit Mach number, defined as immedi-
ately ahead of the bypass. The diffuser discharges through parallel
outlets, the engine, and the bypass. At a given stream Mach number,
peak diffuser performance occurs at only one value of exit Mach number.
Since the exit Mach number is a function of diffuser-exit corrected air
flow, M2 can be held at the desired value as the engine air flow varies

by changing the amount of air spilled through the bypass. The ratio of
static pressure to total pressure at station 2 is representative of the
value of exit Mach number and is the control parameter selected. The
variation of this ratio with diffuser-exit Mach number, plotted in the
upper part of figure 10, is continuous and is readily adapted to control
design.

By comparing the measured pressure ratio to a desired ratio (control
setting, which must be scheduled with flight Mach number), the exit Mach
number can be set and maintained at a desired value. If the measured
ratio is greater than the control setting, the bypass is opened to
increase the diffuser air flow and the exit Mach number. If the measured
ratio is less, the bypass is closed and therefore the exit Mach number
is reduced. With turbojet engines, the diffuser-exit Mach number is
sufficiently great to give reasonable accuracy in determining the pres-
sure ratio.

The data points in figure 10 were set with a control system in which
the pressure ratio was measured electrically with pressure transducers
and the bypass actuated by a hydraulic servo system. The scatter in the
data points corresponds to ±5-3 percent of diffuser corrected air flow
and was the result of using a single tube to measure diffuser-exit total
pressure. Shifts in total-pressure profile with engine operating condi-
tion caused this single measurement to deviate from the average. It thus
appears necessary to use some means of total pressure averaging for this
control signal.

CONCLUDING REMARKS

Although the discussion is limited to axially symmetric inlets,
these same control parameters can be used for a single side inlet feeding
a turbojet engine, the translating spike being replaced by a variable-
ramp compression surface. The twin-duct arrangement presents new
problems.
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There is a need in this relatively new and rapidly expanding field
of inlet control to find new inlet-control parameters as veil as to
improve the techniques of using the existing ones. Much of this can "be
done with properly instrumented scale tests of the inlet alone. Work
is continuing at the Lewis Laboratory on such inlet models as well as
on the full-scale inlet-engine combination.

REFERENCES

1. Vasu, G., Wilcox, F. A., and Hi.mmel, S. C.: Preliminary Report of
Experimental Investigation of Ram- Jet Controls and Engine Dynamics.
NACA RM E5telO,

2. Wilcox, Fred A., Perchonok, Eugene, and Hearth, Donald P. : Investi-
gation of an On-Off Inlet Shock-Position Control on a l6-Inch Ram-
jet Engine. NACA RM £5̂ 121,

3. Duribar, William R., Vasu, George, and Hurrell, Herbert G. : Experi-
mental Investigation of Direct Control of Diffuser Pressure on
16-Inch Ram-Jet Engine. NACA RM E55D15, 1955.

!<•. Hurrell, Herbert G., Vasu, George, and Dunbar, William R. : Experi-
mental Study of Shock-Positioning Method of Ram-Jet-Engine Control.
NACA RM E55F21, 1955-

5. Wilcox, Fred A., and Hearth, Donald P.: Application of Oblique-Shock
Sensing System to Ram-Jet-Engine Flight Mach Number Control. NACA
RM E5̂ L22a, 1955-

6. Leissler, L. Abbott, and Nettles, J. Gary: Investigation to Mach
Number 2.0 of Shock-Positioning Control Systems for a Variable-
Geometry Inlet in Combination With a J3^ Turbojet Engine. NACA
RM £5̂ 127,

7. Wilcox, Fred A.: Investigation of a Continuous Normal-Shock Posi-
tioning Control on the Bypass of a Supersonic Inlet in Combination
With the J3^ Turbojet Engine. (Prospective NACA paper.)



200

TRANSLATING
SPIKE SPILLAGE

BYPASS SPILLAGE

0 1 2 3

VARIABLE GEOMETRY
TRANSLATING SPIKE

BYPASS

< a'
Q- '

2 "»
O 0-
t
CO
o
Q.

CONTROL PARAMETER
NORMAL-SHOCK POSITION

OBLIQUE-SHOCK POSITION

DIFFUSER-EXIT MACH NUMBER

Figure 1

NORMAL-SHOCK POSITION SENSING
M0 = 2.0

OBLIQUE SHOCK AT COWL LIP

o SPIKE
STATIC

\ INCREASE SPILLAGE

o PROBE
STATIC

0—0
1 REDUCE SPILLAGE

O—Q-

-21-

SHOCK
AHEAD OF SENSOR SHOCK BEHIND SENSOR

OBACKWARD
FACING
TOTAL ^^

Ps

-30 -20 -10 0 10 20 30
CORRECTED AIR-FLOW DEVIATION, PERCENT

Figure • 2 -- •<—



201

.275

INSTALLATION DETAILS OF PROBE STATIC AND

BACKWARD-FACING TOTAL PROBE

-.063" DIA. ORIFICE
1/8" 0. D. TUBE

PROBE STATIC

.089" DIA.
ORIFICE

1/8" 0. D. TUBING

BACKWARD FACING TOTAL

(0) DETAILS.

REFERENCE ORIFICE
(SAME FOR ALL
NORMAL-SHOCK

SENSORS)

BACKWARD FACING TOTAL

PROBE STATIC

(b) INSTALLATION ON COWL.

Figure ^



202

i-f

CO

£

a° 0

-2

EFFECT OF DETACHED WAVE

M0, 1.6

DETACHED SHOCK-y

SHOCK AHEAD. SHOCK BEHIND
OF SENSOR SENSOR

L I J i
-20 0 20

CORRECTED AIR-FLOW
DEVIATION, PERCENT

PROBE STATIC O

BACKWARD
FACING TOTAL D

Figure

EFFECT OF OBLIQUE SHOCK

MO- 2-°

o:
UJt—
LU

<a.

o
a.

2 -

\

O PROBE STATIC
D BACKWARD

FACING TOTAL

SPIKE EXTENDED

•2 U

L L_
-20

SPIKE RETRACTED

*"~ Q

0 20 -20 0
CORRECTED AIR-FLOW DEVIATION, PERCENT

20

Figure 5



9Z
203

CONTROL OF SPIKE BY NORMAL SHOCK
PROBE STATIC SENSOR MQ. 2.0

55

o __
uj 50o

Cb

*

o 45

CO

2

0-
C/5

40

35L

O POSITION SET BY CONTROL

-CRITICAL OPERATION

I
9000 10,000 11,000

ENGINE RPM

Figure 6

OBLIQUE-SHOCK POSITION SENSING

12,000

Of.
tU

< I
Q. in

tnoQ.

l.5r

1.0

>
.5

0

-.5

CONTROL SETTING-

RETRACT SPIKE

»EXTEND SPIKE
8-0

OBLIQUE SHOCK OUTSIDE COWL OBLIQUE SHOCK INSIDE COWL
I I I I 1

-10 -8 - 6 - 4 - 2 0 2 4

POSITION ERROR. 8t - 6S. DEG

8 10



20k

OBLIQUE-SHOCK POSITION SENSOR

COWL

17

.039 " DIA. ORIFICE
1/8 0. D. TUBE

(0) DETAIL

OBLIQUE-SHOCK /
SENSING PROBE

.063" DIA. ORIFICE

(b) INSTALLATION ON COWL.

Figure 8



205

a.
tu

< 0.

u
o
CO

CO
CO

K i

jjjl
Lu
LU

O

CONTROL OF BYPASS BY NORMAL SHOCK
PROBE STATIC SENSOR

4r

oa.

0

1.00

.90

.80

.70-

CONTROL ACTION

CONTROL SETTINGS

L _L
28 30 32 34 36 38 40

DIFFUSER CORRECTED AIR FLOW

Figure 9

MO DEG

1.8 45°

2.0 42C

42

CONTROL OF BYPASS BY DIFFUSER-EXIT MACH NUMBER

06 M
UJI
CK v.
—) CM
co a-
CO
LU
o:
o_

co
co >-
LU ac.a. uj
o. >

o
o: u
LU LU
CO CC

LU
LU

o

I.OOr

.90

.80

I.OOr

.90

.80

.70

OPEN BYPASS CONTROL SETTINGS,
M0

2.0
1.8

.44 .48 .52 .56

DIFFUSER-EXIT MACH NUMBER

2.0 42

6nv

Figure 10



U oPreceding page blank -1—*'
207

JET EFFECTS ON BASE AND AFTERBODY DRAG

By William J. Nelson and Beverly Z. Henry, Jr.

Langley Aeronautical Laboratory

INTRODUCTION

The widespread use of afterburners has led to the introduction of
exit nozzles whose area is variable. In a typical installation (fig. l)
the afterbody of the fuselage or nacelle housing the.jet engine is
designed to fit the tailpipe closely for the high-speed condition when
the exit nozzle is full-open. The reduction in area in going to the
cruise condition is accompanied by a large increase in the area of the
base annulus, or by a reduction of the base diameter through contraction
of the afterbody. In either case, the drag penalties may be large. For
installations of the type indicated at the lower left of the figure, the
increased drag is that associated with reduced pressures over the enlarged
base annulus. For those.of the type indicated at the lower right,
increases in drag result from flow changes over the afterbody as well
as changes in base .pressure.

It is the purpose of this paper to review briefly those parameters
which influence base and afterbody drag at transonic speeds and to indi-
cate the magnitude of the jet effects in this speed range. Since this
is the cruise range, the discussion will be restricted to systems using
sonic nozzles.

SYMBOLS

CD drag coefficient

Cp pressure coefficient,

H total pressure

M Mach number

d diameter

T) static Tires sure
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q dynamic pressure

t total temperature

x distance from model base

(3 boattail angle

Subscripts:

oo . free stream

b base

j jet

MAX model maximum

APPARATUS

Two experimental setups, shovn in figure 2., vere used in obtaining
the greater part of the data to be presented herein. The strut-supported
fuselage model shown on the left was used in the Langley 8-foot transonic
tunnel tests. This model was equipped with a combustion chamber which
permitted simulation of hot jets as well as cold. Fuel and combustion
air were introduced through the support struts. This equipment, along
with data from tests of many models, is described in reference 1. The
small-scale apparatus shown in the right half of the figure was used in
tests conducted in the Langley internal aerodynamics laboratory. The
afterbody models were attached to the downstream end of a support tube
which extended into the entrance bell ahead of the tunnel. The jet was
simulated with cold air introduced through the support tube.

All models were fitted with static-pressure orifices. The drag was
obtained by integration of pressures along the afterbody and across the
base annulus.

RESULTS. AND DISCUSSION

Effect of Jet Temperature

In order to facilitate isolation of the many parameters involved
in this problem, the greater part of the data to be presented were taken
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with a cold jet. Before these results are examined, however, the magni-
tude of the temperature effects will be established. This is done in
figure 3 where the drag increment between hot- and cold-jet tests is
plotted as a function of the jet temperature.

For low-drag bodies - those with low boattail angles and small base
annuli - the effect of jet temperature on afterbody drag was negligible,
as indicated by the circles. The maximum effect of jet temperature was
found to occur with the blunt cylindrical afterbody, where at M = 0.9
the drag coefficient was reduced by 0.02 as the jet temperature increased
from 0 to 1,200° F; this increment was more than doubled as the stream
Mach number was increased to 1.1. Between these two extremes lie many
models of moderate boattail angle and varying base area; these are indi-
cated by the square symbols. Although jet temperature influences the
absolute value of these drag coefficients, the validity of comparisons
based upon cold jet tests is probably not Impaired.

Effect of Stream Mach Number

In figure U, the pressure at the base of cylindrical afterbodies
is presented as a function of stream Mach number. Negative values of
the coefficient indicate base pressures below the static pressure of the
stream; hence, the greater the negative value of the coefficient the
higher the drag. With no flow from the jet, the base pressure coefficient
varies with Mach number as indicated by the middle curve. This coeffi-
cient may be increased or decreased by the presence of the jet. The
effect of the jet, as indicated in the figure, depends upon the pressure
ratio.

At supersonic speeds, a considerable volume of data has been avail-
able for some time (for example, refs. 2 to U). However,, in the tran-
sonic range, where changes in magnitude of the jet effects occur rapidly,
only a relatively small amount of data has been available (for example,
refs. 1 and 5)- This is the range of greatest current interest for
cruise and it is in this range that all of the data presented in the sub-
sequent figures were obtained.

Effect of Jet Diameter

In figure 5, "the effect of the jet is shown as a function of the
jet diameter. Again, the afterbody was cylindrical and the jet was cold.
At small ratios of the Jet diameter to base diameter, the jet lies well
within the wake boundary. In this region, increasing the jet pressure
ratio increases its effectiveness as a pump and leads to progressively
higher values of the base pressure coefficient. The no-flow point from
the preceding figure is indicated by the circular symbol. For the larger
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jets, increased pressure leads to increased interference with the external
flow and reduces the expansion in the vicinity of the base. For these
cases, increasing the jet pressure ratio reduces the base pressure coeffi-
cient. Along a given curve, the jet pressure ratio is constant. Increasing
the jet diameter increases the base pressure coefficient until the point
is reached where the favorable interference effects compensate the improved
pumping effectiveness of the larger jet. Beyond this point, increasing
jet diameter reduces the base pressure coefficient.

Afterbody Pressure Distribution

The effect of the jet is not restricted to changes in the base pres-
sure coefficient. In figure 6, the static pressure along cylindrical
and bottailed afterbodies is presented as a function of the distance
ahead of the base. The solid line represents data taken with no flow
through the jet and the dashed curves represent data taken at a jet pres-
sure ratio of 5- The base pressure coefficient is indicated by the
symbols.

Along the cylindrical body, the static pressure at M^ = 0.9
remained nearly constant to within 1 model diameter of the base. Down-
stream of this point, the static-pressure coefficient became increasingly
negative, approaching the base pressure at x/̂ t[KX. = 0. At a jet pres-
sure ratio, of 5> "the higher value of Cp^b resulted in an increased
gradient along this afterbody. Along the conical body, the static pres-
sure well ahead of the cone-cylinder juncture was constant, but rapid
expansion around this corner resulted in very high negative pressure
coefficients locally. 'These were followed by decreasing values of Cp
toward the base. With a gradual increase in wall curvature, the peak
negative pressure was much smaller. For this model, the pressure at the
base and that along the afterbody in the vicinity of the base was positive.
The jet effect on both boattailed bodies was favorable.

Since the walls of the cylindrical afterbody are parallel to the
model axis, only the base pressure contributes directly to its drag. For
the boattailed models, however, pressures along the afterbody are of
primary importance in determining the drag. High negative pressure coef-
ficients in this region lead to high drag.

Effect of Boattail Angle

In figure J, the drag of boattailed afterbodies is presented in
coefficient form as a function of the boattail angle. The upper pair of
curves was obtained in tests of conical afterbodies whose general propor-
tions were those of a nacelle installation. For these, the ratio of jet
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diameter to model diameter was 0.̂ 9- The lower set of curves was obtained
in tests of contoured bodies whose proportions were more representative
of fuselage installations; for this case, the jet diameter was equal to
25 percent of the model diameter.

For conical afterbodies, the drag coefficient decreased rapidly as
the boattail angle was increased from 0, reaching a minimum at about 7°>
beyond this point, the drag increased sharply and it became approximately
constant for the jet-off case at boattail angles greater than 30°. The
effect of the jet was favorable between 4° and 17° but unfavorable out-
side this range.

For the contoured bodies, the effect of the jet was favorable over
a much wider range of boattail angles, but the point of minimum drag
remained at an angle less than 10 . In the region of lowest drag, the
flow over both models was attached along the entire afterbody; whereas,
at 16° on the cones and 2^° on the contoured bodies, the flow was clearly
separated over much of the body.

Effect of Base Annulus Size

In figure 8, the drag characteristics of a series of contoured
afterbodies are presented. These models had a common boattail angle but
differed in base diameter. The drag coefficient was obtained from hot-
jet tests. At values of db/^MAX approaching 0.25 "the base annulus
approached 0, as the afterbody was faired directly to the edge of the
jet. Since the jet diameter was constant, increasing the base diameter
increased the area of the base annulus. At both Mach numbers for which
data are presented, the effect of the jet was unfavorable when the base
annulus was large. When the base was small, increasing the jet pressure
ratio reduced the drag. At small diameter-ratios, substantial increases
in area of the base annulus may be effected without increasing the drag.
At the larger diameters, however, small changes in base diameter lead to
marked changes in drag; in this range, a variable afterbody may be
desirable.

CONCLUDING REMARKS

Figure 9 summarizes the effects of several geometric parameters on
the drag of boattailed afterbodies at Moo = 0.9. The no-flow drag coef-
ficient of the cylindrical body, represented by the open bar, was less
than 1/2 that obtained at a jet pressure ratio of 5- With a small amount
of boattailing, the no-flow value of Cj) was substantially smaller and
the jet effect was favorable. These results illustrate the advantage of
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boattailing the afterbody, for "by simply chamfering the cylinder along
an 8° line, reducing its base diameter 15 percent, the drag at Sj/Poo = 5

has been reduced to about 1/6 of its original value.

In the center of this figure, the drag of two conical afterbodies
is compared with that of curved profiles of equal boattail angle. Differ-
ences in model proportions are indicated but these differences are small
and their influence is probably negligible. With a boattail angle of 8°,
the flow over both the conical and the curved profile was unseparated
and the drag was low, but that of the curved profile was smaller. When
the boattail angle was increased to ̂ 5°, the drag of both bodies was
substantially higher, but again lower drag was associated with the curved
profile.

At the bottom of the figure, two contoured bodies of equal boattail
angle but different base diameter are compared. The jet-off drag of the
more highly boattailed bodies was less than 1/2 that of the model with
the large base. The jet effect was unfavorable for the latter but favor-
able for the small base annulus and thus magnified the gains obtained
by reducing the area of the base annulus.

The preceding comparisons were based upon the results of cold-jet
tests. For several of these models, however, hot-jet data are also
available. For these, shaded triangles indicate drag coefficients obtained
with a 1,200° jet. As previously noted, the effect of heat was beneficial.

Thus, it has been shown that the transonic drag of a blunt after-
body may be substantially reduced by even a small amount of boattailing
just ahead of the base, that a gradual increase in angle along the after-
body is to be preferred over an abrupt change in slope, that minimum
drag occurs at a boattail angle of less than 10°, and that the area of
the base annulus should be kept small. For the blunt, high-drag bodies,
the effects of the jet were generally large and unfavorable; whereas,
for low drag bodies, the jet effect was smaller and in many cases
favorable.
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INTERFERENCE EFFECTS UPON FUSELAGE DRAG OF A

JET EXHAUSTING FROM A WING-MOUNTED NACELIE

By Robert W. Rainey

Langley Aeronautical Laboratory

INTRODUCTION

Numerous investigations have been made at supersonic speeds to deter-
mine the effects of the addition of wing-mounted nacelles upon the aero-
dynamic characteristics of individual components or entire configurations.
In the majority of these tests, the effects of a jet exhausting from these
nacelles have not been investigated. It is the purpose of this paper to
show some variations in fuselage drag due to the interference of a jet
exhausting from a wing-mounted nacelle and to analyze the jet-interference
flow fields that caused these drag variations. All results presented are
for a Mach number of 1.9̂ .

SYMBOLS

FuselageCD fuselage drag coefficient,

d diameter

M Mach number

p static pressure

q. dynamic pressure

S fuselage frontal area

x distance from fuselage base to nacelle base

y minimum gap between nacelle and fuselage surfaces in a plane
passing through the nacelle and fuselage axes

z distance from wing chord to nacelle center line
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Subscripts:

j jet exit

oo free stream

APPARATUS AND TESTS

The investigation was conducted in the Langley 9~inch supersonic
tunnel at Mach numbers of 1.9̂  and 2.4l. As shown in figure 1, a semi-
span model installation was utilized in conjunction with a boundary-
layer bypass plate; therefore, the supports beneath the plate are of no
consequence to the configuration tested. The fuselage had a fineness
ratio of 10 and consisted of forebodies and afterbodies which were
parabolic arcs of revolution and a cylindrical midsection. The fuse-
lage terminated with a recessed, bluff base. Boundary-layer transi-
tion was induced artificially ahead of the wing-fuselage juncture. The

-iO
wing was untapered, swept 26± , and extended from behind the boundary-

layer bypass plate through an access within the fuselage and through
another wing support in the top nozzle block of the tunnel. The span-
wise location of the nacelle was varied by sliding the wing-nacelle
assembly within the wing supports. The total and base drags of the
fuselage alone, the fuselage in the presence of the wing, and the
fuselage in the presence of the wing-nacelle assembly for various
nacelle locations and jet-pressure ratios were measured.

For the configuration tested, the orientation of the nacelle with
respect to the wing in a plane through the nacelle center line is indi-
cated in figure 2. The nacelle fineness ratio was 5> and it consisted
of forebodies and afterbodies which were parabolic arcs of revolution
and a cylindrical midsection. The wing section can be seen here and
was necessarily thick to accommodate the air-supply tubes to the nacelle.
The pylon section was similar to the wing section.

RESULTS AND DISCUSSION

Because of the large amount of data obtained, no presentation of
the overall results is made; rather, three examples of fuselage drag
variations at a Mach number of 1.9̂  are presented and analyzed with
the use of schlieren photographs. The three configurations utilized
in this analysis are shaded in figure 2.
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In figure 3 are presented the variations of fuselage drags with jet-
static-pressure ratio for one nacelle location. The drags of the fuse-
lage in the presence of the wing are indicated as the "no nacelle" values.
The lowest value of Pn/Poo is for jet-off conditions. Some related
schlieren photographs showing the jet-interference flow field for this
nacelle location are presented in figure ̂ .

In figure ^ some of the multiple reflections of disturbances between
the fuselage and nacelle are visible. With jet off, the increased pres-
sure on the afterbody as a result of these reflections reduced the fore
drag coefficient from 0.212, with no nacelle, to 0.190 with a small reduc-
tion in base drag. Therefore, there was a reduction in total drag also.

At this nacelle location, with the jet on, the exit shock inter-
sected the fuselage near the cylindrical midsection and undoubtedly had
little effect upon the local pressure drag. The distribution of inter-
ference pressures on the fuselage surface in the expansion region between
the exit shock and the shock from within the jet canceled the effects
of the pressure rises across the shocks. The overall result was no change
in fore drag. However, at the higher jet-pressure ratios, the shock from
within the jet moved downstream of the base of the fuselage. The increased
Mach number and reduced pressure at the lip of the fuselage base was more
than sufficient to offset the effects of the pressure rise across the
shock wave and established a reduced base pressure (or an increased base
drag). This increase in drag is reflected as a 21-percent increase in
total drag as compared with the jet-off total drag value.

In figures 5 and 6 are presented the second example of fuselage-
drag variations due to jet interference and the related schlieren photo-
graphs. In this instance the nacelle was far enough outboard so that no
multiple reflections occurred between body and nacelle. With jet off,
the nacelle trailing shock passed downstream of the body trailing shock.
The base of the body and a portion of the afterbody were located within
the expansion flow regions propagated from the nacelle and pylon after-
portions. Therefore, the fore and base drags were higher than their
values with no nacelle. Consequently, the total drag was higher also.

Starting the jet eliminated the trailing shock and created the exit
shock which passed within the wake of the fuselage. The pressure rise
across this shock was transmitted through the wake to the base and there-
by reduced the base drag with no effect on fore drag. At a jet-pressure
ratio above about 20, the exit shock progressed forward to the base of
the fuselage and reduced the fore drag also. The sum of these drag
changes is indicated in the total-drag curve. The reduction in total
drag due to jet interference was about 15 percent of the jet-off total
drag.



The last examples of the effects of jet interference upon fuselage
drags (and related schlieren photographs) are presented in figures 7
and 8. Similar to the last example, the jet-off body drags were higher
than the no-nacelle values because the base and afterportions of the
fuselage were subjected to the low-pressure field propagated from the
base and afterbody of the nacelle. These effects more than canceled
the combined effects of the pressure rise due to the disturbances
between the nacelle and fuselage and the trailing shock behind the
nacelle that intersected the fuselage wake.

With the jet started, the pressure rise across the exit shock was
sufficient to reduce the fore drag. The expansion region between the
exit shock and shock within the jet reduced the base pressure slightly
and thereby increased the base drag. At a pressure ratio above about 20,
however, the pressure rise through the exit shock had increased to the
extent that it compensated for the effects of the low-pressure flow
region, and the base drag no longer increased but decreased slightly at
the higher jet pressures. The reduction in total drag due to jet inter-
ference was about 19 percent of the jet-off total drag.

CONCLUDING REMARKS

In conclusion, it has been shown that at a Mach number of 1.9̂  the
jet-interference effects from a wing-mounted nacelle may increase or
decrease the fuselage base or fore drags, or combinations thereof,
dependent upon the combinations of nacelle location and jet-pressure
ratio. These results indicated that the total-drag changes may be about
20 percent of the total drag of the fuselage with jet off. The fuselage-
drag variations due to jet interference may also be of the same order of
magnitude as the fuselage-drag changes due to the addition of the nacelle
or due to varying the nacelle location with the jet off. These results
also indicate that it is not sufficient to consider only the location of
the exit shock and shock from within the jet in the analyses of fuselage
drag; rather, the entire jet-interference flow field must be considered.

Other results obtained in this investigation indicated that with the
nacelle located outboard of the fuselage about 4 jet-exit diameters at a
Mach number of 1.9̂  and about 5 jet-exit diameters at a Mach number of
2.̂ 1 and with jet off, the nacelle increased the fuselage drag to the
highest value obtained; operating the jet decreased the drag. Conversely,
with the nacelle at the most inboard position (y/dj « 1) and with jet off,

the nacelle interference reduced the.fuselage drags; however, operating the
jet increased the fuselage drag.

Examination of the data also showed that at a given longitudinal
nacelle position, lowering the nacelle as it is brought inboard so as
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to maintain a constant radial distance from the fuselage axis resulted
in changes in drag with changes in jet pressure that were dependent upon
the vertical position of the nacelle.
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MODEL INSTALLATION IN LANGLEY 9-INCH SUPERSONIC TUNNEL

Figure 1
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Figure 2
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EFFECTS OF JET ON FUSELAGE DRAGS
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INTERACTION BETWEEN JETS AND VARIOUS AERODYNAMIC SURFACES

By Gerald W. Englert

Lewis Flight Propulsion Laboratory

INTRODUCTION

Advantages may at times be gained by positioning the jet exhaust
nozzles at some location other than the rearmost extremity of the air-
plane. Inspection of a number of airplanes shows that the various sur-
faces in the near proximity of the exhaust jet may range over a wide
variety of shapes and forms. For instance the engine fairing and jet
from a wing-mounted nacelle (fig. l) may interact with the flat surface
of the wing and the curved surface of the fuselage. Jets exhausting
from fuselage stations and from underneath tail booms may interact with
surfaces which are concave and wrap around the jet, such as "sugar scoop'
type exits, or with surfaces which are convex and bend away from the jet.
Flat contours and wedge-shaped geometries may also be found in these
locations.

The engine and exhaust system may be faired quite integral with
the other nearby components such as jet exhaust from a fuselage station,
or they may be somewhat separated from the airplane by means of slender
struts, such as on some nacelle installations.

A preliminary systematic experimental study was made of the inter-
action between an exhaust jet and boattail (ref. l) with various nearby
surfaces and with various fairings between these surfaces and the boat-
tail. The surfaces and fairings were all of simple contour for ease
of interpretation of results. The trends obtained in this study may,
however, aid in the understanding of configurations on actual aircraft.

SYMBOLS

A nozzle cross-sectional area at exit station, sq ft

Ajn cross-sectional area based on maximum boattail diameter,
sq ft

D drag, Ib

N force normal to nozzle center line and in the plane of
symmetry
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MQ free-stream Mach number

P total pressure, Ib/sq ft

p static pressure, Ib/sq ft

PQ free-stream static pressure, Ib/sq ft

qQ free-stream dynamic pressure, lb/sq ft

R nozzle exit radius, 0.167 ft

Y distance from nozzle center line to line of intersection
of surface middle chord with plane of symmetry

5 Jet deflection (fig. 5), deg

APPARATUS

A sketch of the main apparatus used to conduct this study in the
Lewis 8- by 6-foot supersonic tunnel is shown in figure 2. The basic
exit model was attached to the tunnel walls by means of hollow support
struts which served to duct high-pressure air to a convergent nozzle.
The external aerodynamic surfaces were mounted in view of schlieren
apparatus. Both the nozzle center line and the aerodynamic surface
were at zero angle of attack with respect to the free stream.

The surfaces studied were a flat plate, 60° and 120° wedges;
180° arc convex surfaces having radii of curvature equal to 1, 2, and
3 nozzle exit radii; and 60° and l80° arc concave surfaces having radii
of curvature equal to lA nozzle exit radii. Representative types of
these various contours are shown in figure 3« All surfaces extended
a distance of 9 nozzle exit radii downstream of the nozzle exit stations.
The flat plate was 6 nozzle exit radii in width. The wetted surface
area of the wedges was equal to that of the flat plate.

The maximum width of the fairings was equal to the maximum diameter
of the boattail, which was equal to 2 nozzle diameters. These fairings
had a length to width ratio of 3 up to the start of the base region and
positioned the surfaces a distance of 2 nozzle exit radii away from the
nozzle center line. The fairings were terminated as a sharp trailing
edge, a blunt base, or a curved base.

- - -
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DISCUSSION

Figure h shows a typical pressure distribution on a flat external
aerodynamic surface with no fairings present. The distributions are
similar to those in reference 2. The contour lines are lines of con-
stant pressure coefficient. Differences in pressure coefficient between
adjacent lines were generally kept at values of 0.025 so that the spacing
of the lines is an indication of the pressure gradients. These data are
for a total to static pressure ratio of 5 across the nozzle and a free-
stream Mach number of 1.6.

A schematic model of the flow pattern in the interaction region
obtained by use of schlieren apparatus is shown in figure 5» The ordi-
nate of the pressure contour plot corresponds to the point on the external
surface at the nozzle exit station.

Boattail shocks (fig. 5) are formed by the abrupt change of direction
of the supersonic external flow as it intersects the jet stream (ref. 3).
The intersections of the boattail shocks with the enternal surface are
shown by the dashed lines in the contour plot.

Jet shocks may also impinge upon the surface. Jet shocks may be
formed whenever a nozzle is operated at pressure ratios greater than
design (ref. k). When the external stream is supersonic these shocks
are found to pass through the mixing zone and to extend well out into
the free stream. The intersection of a jet shock with the surface is
also shown by the dashed lines on figure 4.

Upstream of the location where the jet shock strikes the surface
is another low-pressure zone which is formed by the aspirating effect
of the jet, especially when the ratio of jet to free-stream velocity is
greater than 1. Here are shown pressure coefficients near free-stream
values. The pressures then abruptly rise to values of 0.25 in the jet
shock region. Downstream of the shock intersection the pressure grad-
ually decreases.

Figure 6 shows the effect of placing a blunt base fairing between
the external surface and boattail. ' The fairing blocked the external
flow somewhat from the interaction region; thus, it formed a much more
pronounced low-pressure region near the nozzle exit station. This low
pressure in conjunction with the high-pressure-shock interaction zone
was influential in causing a pitching moment on the surface. The low-
pressure zone also tended to attract the jet toward the surfaces. . For
convenience 5 (fig. 5) will be defined as the angle of deflection of
that portion of the jet up to the jet-shock intersection.
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Figure 7 presents the influence of the various type fairings on jet
deflection. As the base is blocked off by curved or blunt base fairings
the effect of the low-pressure zones becomes apparent inasmuch as the
initial part of the jet is well deflected toward the external surfaces.
This trend was found to be true even at subsonic free-stream Mach num-
bers. It should be pointed out that as the jet progresses downstream
and passes over the higher pressure interaction regions, the jet is
deflected away from the surface and thus satisfies momentum-normal-force
relations.

The low-pressure regions near the nozzle exit are also present on
the trailing edge of the afterbody. These pressures (fig. 8) as expected
are quite dependent on the type of fairing. Base drag then increased
with increase of blockage of the external flow. The pressure distri-
butions as shown on figures U and 6 were integrated to find the resultant
normal force on the surface. When the external flow was supersonic
(fig. 9) the resultant normal force was one of repulsion of the surface;
that is, it was directed away from the nozzle axis of symmetry. The sum
of the repulsion forces due to the high-pressure-shock interaction zones
was thus greater than that of the low aspirated and base-pressure regions,
Addition of blunt or curved base fairings appreciably lowered this net
repulsion force because of the base-pressure effect on the upstream
portion of the plate. This trend was generally true over the range of
pressure ratios studied. These data were for a free-stream Mach number
of 1.6.

When the free-stream Mach number was lowered from a supersonic to
a subsonic value (fig. 10), the resultant normal force changed from one
of repulsion to one of attraction of the external surface. This is due
to the absence of strong shock interaction in the subsonic case and the
well recognized differences of pressure area relationships between sub-
sonic and supersonic flow. That is, the external air contracts as it
flows between the diverging jet and the external surface. This contrac-
tion is accompanied by a reduction in pressure when the flow is subsonic
and an increase is pressure when the flow is supersonic.

The results of changing surface contour to -wedge-, concave-, and
convex-shaped surfaces at a free-stream Mach number of 1.6 are shown
in figure 11. All of these surfaces had equal projected areas in a
direction normal to the nozzle axis. The wedge-shaped surfaces had a
weaker shock interaction than the convex surface at all pressure ratios
studied since its surface was bent away more from the jet. Neither
surface experienced any appreciable aspiration effects or low-pressure
zones as they were too well exposed to the external stream. The concave
surfaces, however, enclosed the jet enough to sustain an appreciable
region of low pressures which tended to offset the shock interaction
and thus lower the repelling normal force below that of the convex sur-
face at pressure ratios greater than 2.
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Similar to the flat plate, no appreciable jet deflection was
observed for any of these surfaces In the absence of blockage of fairings
(fig. 12). This was found true over the whole range of pressure ratios
measured (jet off to about 10).

The surfaces without fairings had their leading-edge stations in a
plane with the nozzle exit. These surfaces could therefore have no effect
on the boattail drag when the flow between them and the boattail was
supersonic. As the surfaces were moved toward the nozzle axis of sym-
metry, however, the leading edges penetrated the subsonic boundary layer
and wake region generated by the exit model and boattail. The surfaces
at this point tended to increase the local boattail pressure and thus
decrease drag (fig. 13). A strong hysteresis effect was observed as the
surface was then gradually moved away from the boattail. The arrowheads
on the curves denote the direction of travel of the surfaces.

CONCLUDING REMARKS

Appreciable differences in force coefficient resulted from changes
in surface contour and type of fairing. Sizable jet deflection was
observed when the external flow was somewhat blocked from the interaction
region by fairings which caused low-pressure zones near their base.
Problems arising from overheating of nearby surfaces due to hot exit
gases may therefore become more serious if blunt or curved base fairings
are used. The low base pressures tended to offset the repelling forces
due to the shock intersection of the surfaces with the boattail and jet
shocks at supersonic speeds. In passing from supersonic to subsonic
flight speeds the shock interaction with the external aerodynamic sur-
faces may be decreased to such an extent that the resultant normal
force may change from one of repulsion to one of attraction. This
normal-force reversal may add to airplane control difficulties.



REFERENCES

1. Englert, Gerald W., Wasserbauer, Joseph F., and Whalen, Paul:
Interaction of a Jet and Flat Plate Located In an Airstream.
NACA RM E55G19, 1955.

2. Bressette, Walter E., and Faget, Maxlme A.: An Investigation of
Jet Effects on Adjacent Surfaces. NACA RM L55EC-6, 1955.

3. Cortright, Edgar M., Jr., and Schroeder, Albert H.: Investigation
at Mach Number 1.91 of Side and Base Pressure Distributions Over
Conical Boattail Without and With Flow Issuing From Base. NACA
RM E51F26, 1951.

k. Love, Eugene S., and Grigsby, Carl E.: Some Studies of Axisymmetric
Free Jets Exhausting From Sonic and Supersonic Nozzles Into Still
Air and Into Supersonic Streams. NACA RM L5̂ L31, 1955.



;A 235

VARIOUS GEOMETRIES IN JET INTERACTION ZONES
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EXPERIMENTAL INTERACTION MODELS
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FLOW PATTERN IN INTERACTION REGION
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INFLUENCE OF FAIRINGS ON JET DEFLECTION
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INFLUENCE OF FAIRINGS ON FORCE COEFFICIENT
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EFFECT OF SURFACE CONTOUR ON FORCE COEFFICIENT
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EFFECTS OF WING-BODY GEOMETRY ON THE LATERAL-FLOW

ANGULARITIES AT SUBSONIC SPEEDS

By Frank S. Malvestuto, Jr., and William J. Alford, Jr.

Langley Aeronautical Laboratory

SUMMARY

The lateral flow characteristics in the region of a vertical tail
have been investigated experimentally and theoretically at low subsonic
speeds. The effects of changes in wing-body geometry such as nose posi-
tion and shape, fuselage cross-sectional shape, and wing vertical position
are described. The theoretical model which approximates the separated
flow phenomena by a simple cylinder-vortex flow is described in an
appendix.

The results indicated that a simultaneous change In nose fineness
ratio and length caused an unfavorable change in the sidewash angles
along the tail station. The addition of the wing to the bodies has a
predominant effect on the lateral angularities, particularly at very
high angles of attack. The fuselage cross-sectional shape has a marked
effect on the lateral angularity produced by the wing-body combinations
at low and moderate angles of attack. At high angles of attack where
the effect of the wing is important, the change in lateral angularity
associated with body cross-sectional shape still may be of the same order
of magnitude as the sideslip angle of the airplane. The effect of raising
the wing vertically on the circular cross-sectional body was to cause the
sidewash angles along the tail station to become more negative.

INTRODUCTION

The estimation of the aerodynamic coefficients of an airframe, in
particular the coefficients important in stability, require a knowledge
of the flow fields associated with the airframe for a variety of flight
conditions.

The modern airframe, characterized by a thin wing and a long body
and in flight at high angles of attack, produces in many cases local
fields of separated flow. These separated flows are regions of strong
vortical motion or swirl and can impose irregular aerodynamic loadings
on parts of the airframe that come under their influence.



The purpose of the present paper is to present some results of a
low-speed experimental investigation, involving separated flow phenomena.
The object of the experiment was to determine the effects of body and
wing-body geometry on the lateral or s'idewash angles along a line repre-
senting a possible vertical-tail station. In addition, the results of
a theoretical investigation which considers the effects of separated flow
are presented and are compared with experiment.

SYMBOLS

a angle of attack, deg

(3 angle of sideslip, deg

a angle of sidewash, deg (see fig. l)

pT total angle of sidewash, deg |pT = 3 + a; see fig. 2j

v sidewash velocity, positive to the right when viewed from the
rear, see figure 1, ft/sec

Vjo free-stream velocity, ft/sec

Vc crossflow velocity in plane normal to fuselage center line,

ft/sec Vc = Vm cos p̂ tan2p + sin2ac

M Mach number

z vertical distance from fuselage surface, positive up, ft

bv span of vertical tail, ft

TEST CONFIGURATIONS

Presented in figure 1 are configurations used in investigations
made at a velocity of 120 miles per hour f which corresponded to a Reynolds
number -of 7.6 x 10" based on the original body length) in the Langley
300 MPH 7- by 10-foot tunnel, in which flow-field surveys were made by
utilizing a rake of six hemispherically headed pressure probes. Each
probe was instrumented to measure local pitch and sideslip angularities
and dynamic pressure. The location of the survey probes for the present
investigation are shown by the dashed lines labeled by, which are indi-
cative of a possible vertical tail location.



Presented in figure 1 are the plan and side views of the body and
wing. The wing had 45° sweepback of the quarter-chord line, an aspect
ratio of k, a taper ratio of 0.3, and NACA 65A006 airfoil sections
parallel to the fuselage center line. Also shown in figure 1 are the
three different fuselage cross-sectional shapes investigated. These
shapes included a circular cross section, a rectangular cross section
with major length horizontal, and a rectangular cross section with the
major length vertical. For the two rectangular cross sections, the
major length was 50 percent greater than the minor length and all
corners were rounded. For all three fuselages the axial distribution
of cross-sectional area was identical.

For the fuselage of circular cross section, tests were also made
to determine the effects of changes in nose length and nose shape. The
original ogival nose was moved forward by 50 percent of its length
by the insertion of a cylindrical section at its base. The second nose
modification was to replace the original nose plus the cylindrical insert
with an elongated ogive.

RESULTS AND DISCUSSION

Effect of Isolated Body Geometry

The effects of isolated body geometry, for the circular cross
section, on the sidewash angularity along a vertical line representative
of a possible vertical-tail location are presented in figure 2 for an
angle of attack of 2k° and a sideslip angle of 5°. Shown on the right
are the calculated total angularity contours in a crossflow plane, that
is, in a plane that cuts the body normal to its longitudinal axis.

The symbol Vc represents the component of the free-stream velocity

in this plane, that is, the crossflow velocity. This velocity makes an
angle with the vertical because the body is at an angle of sideslip. The
contours are for the case where the flow has separated and can be approx-
imately represented by a vortex pair symmetrically placed with respect to
the direction of the crossflow velocity.

The locations and strengths of the vortices were estimated by a
simple theoretical procedure that is described in the appendix. This
procedure allows the estimation of the vortex paths and strengths from
the nose to the rear of the body and is dependent upon a knowledge of
the viscous force acting on the nose or expanding section of the body
and of the viscous-force distribution along the cylindrical afterbody.

The effect of flow separation approximated in terms of the vortex
pair is seen to be important. For example, along the dashed vertical



line above the body where a vertical tail is generally located, the
angularity is positive and increases in magnitude as the vortices are
approached. It should be noted that these positive angularities are in
a direction to decrease the angle of sideslip p of the airplane and
are therefore generally considered favorable from stability considera-
tions . Below the vortex pair the angles are seen to be negative and
quite large in magnitude. In contrast to the positive angles, these
negative angles tend to increase the angle of sideslip and are therefore
considered unfavorable.

In order to show more clearly the magnitudes and directions of the
sidewash angularities a cross plot of the theoretical values along the
vertical line are presented on the left part of figure 2, along with
the experimentally determined angles. The change in the sign of the
lateral angularities mentioned earlier is now evident. The qualitative
agreement between the experiment and predicted angularities implies that
the separated flow is indeed vortical and that the assumed vortex model
is useful in qualitative studies of the lateral flow.

Effect of Nose Length and Nose Shape

The effects of nose length and nose shape on the induced sidewash
angle a for the body of circular cross section are presented in fig-
ure 3. The conditions depicted are for an angle of attack of l6° and
an angle of sideslip of 5°-

Consider first the effect of change in nose location. The nose was
moved forward by 50 percent of its length by the insertion of a cylin-
drical segment at its base. The corresponding angularity variations
with vertical distance are seen to show little effect of moving the orig-
inal nose forward (fig. 3). The original nose plus the inserted cylin-
drical section were then replaced by a new nose of ogival shape and
having the same length as the original nose plus the cylindrical section.
This change in nose geometry has an effect on the induced sidewash
angularity variation and moves the crossover point from positive to
negative sidewash to a higher location relative to the crossover point
for the original configuration and for the forward-nose configuration.

Preliminary theoretical studies indicate that the larger viscous
force associated with this last mentioned modification of the nose
section results in stronger vortices located higher in the nose-base
plane relative to the other arrangements and hence results in the vortex
pair remaining higher above the afterbody as they travel downstream,
whereby the crossover point from positive to negative angles was higher,
as shown in figure 3-
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Effect of Body Cross-Sectional Shape

The effects of body cross-sectional shape on the induced sidewash
angles along the vertical tail station for a moderate attitude (a = 8°,
3=5°) a:re presented in figure k. Shown on the left are the wing-off
results and on the right are results with a ̂ 5° swept wing attached to
the bodies to provide a midwing configuration. The wing-off results
(fig. k) indicate that for all cross sections, both circular and rectan-
gular, the variation of the angularity with vertical distance is generally
the same and the crossover from positive to negative angularities occurs
at approximately the same vertical distance above the body. It should
be noted., however, that the rectangular cross section with major length
vertical gives results that are somewhat more favorable than the others.

From examination of the angularity variations for the midwing-body
combination (fig. 14-), the effect of wing-body interference for the
different body cross sections is evident, especially on the lateral flow
along the part of the tail near the body, where the tail loading is
generally predominant. It is observed that the effect of this inter-
ference is to cause the induced angularity above the circular fuselage
to become unfavorable (more negative) and to cause the induced angularity
above the rectangular shapes to become more favorable (more positive.)
Similar effects of wing-body interference for the different cross-
section shapes have also been observed at an angle of attack of l6°
and an angle of sideslip of 5°-

In order to give some indication of the angularity variation along
the vertical-tail station at a rather high attitude, the results for both
the wing-off and the midwing configurations at an angle of attack of 2k°
and an angle of sideslip of 5° are presented in figure 5« It is to be
noted that for this high-attitude condition the body-alone results show
a marked effect of body cross section on the flow separations and hence
on the flow-angularity variations. Examination of the wing-body results
for this high attitude (fig. 5) indicates that the wing vortex streams
predominate. This result might be explained by noting that the wing
downwash field accompanying the strong vortex flow of the wing will tend
to deflect the body vortices and thereby minimize the effect of body
vortex flow and, hence, of cross section on the lateral angularity along
the vertical tail station. Unpublished wing-alone results follow very
closely the angularity variations shown for the wing-body combinations
and support the statements that for this high attitude the wing-flow
effects are predominant.

A word of caution is necessary regarding the order of differences
between the angularity characteristics for the different wing-body
combinations, which appear small when compared with the corresponding
wing-off angularity characteristics. It should be noted that these
apparently small differences for the wing-body combination are, in some
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cases, of the order of 5°, which is the angle of sideslip of the config-
uration. These differences therefore can contribute to significant
changes in the force and moment contribution of a vertical tail immersed
in the flows of the different wing-body combinations.

Effect of Wing Height

The effect of vertical position of the wing on the sidewash angu-
larities along the vertical tail station are presented in figure 6 for
the circular-cross-section wing-body combinations. Shown on the left
of the figure are the characteristics for the moderate attitude of
a = 8°, p = 5° and on the right, the characteristics for the high
attitude of a = 2k°, (3 = 5°« Presented for comparison are the body-
alone characteristics for the same attitudes.

At the moderate attitude the high-wing position is seen to be the
least favorable. The wing in this position tends to deflect somewhat
the body vortices. At the high attitude the predominant effect of the
wing is again evident. It should be observed that the higher the wing
is placed on the body, the higher are the wing vortices relative to the
vertical-tail station; and hence the crossover from positive to negative
angularity occurs at a higher location along the vertical-tail station.
This higher location of the crossover point results in a greater portion
of the angularity distribution being negative along the tail station and,
therefore, an increased unfavorable effect on stability. It should also
be noted that, at the high attitude, the effect of wing vertical position
(fig. 6) is stronger than the effect of body cross-sectional shape
(fig. 5).

CONCLUDING REMARKS

An experimental and theoretical investigation of the lateral flow
characteristics in the region of a vertical tail has been discussed. The
following results are indicated:

1. The concept of a simple vortex model is useful in the qualitative
analysis of the separated-flow phenomena associated with wing-body
configurations.

2. The effect of increasing the length and fineness ratio of the
body nose is to cause an unfavorable contribution to the lateral angu-
larities along the vertical-tail station.
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5. The addition of a wing to the body has a predominant effect on
the lateral angularities but the effect of fuselage cross-sectional
shape produces changes in the sidevash angles that may be of the same
order of magnitude as the sideslip angle of the airplane.

4. The effect of raising the wing vertically, on the circular-
cross-section body, is to cause the sidewash angles along the vertical
tail to become more unfavorable.

i l l h I l i l l l l l I l l l
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APPENDIX

ESTIMATION OF VORTEX STRENGTH AND POSITION IN BASE PLANE

OF EXPANDING NOSE SECTION

The object of this appendix is to discuss briefly an approximate
method now under way at the Langley Laboratory for estimating the posi-
tion and strength of a vortex pair that is assumed to represent the
vortex wake pattern that exists on the lee side of a slender, pointed
nose, lifting body of revolution. The wake pattern is by no means as
simple, as is evident from visual studies of the flow made by water-
tank and vapor-screen techniques (refs. 1 to 4). For slender, pointed-
nose bodies, however, the development of the flow over the expanding
nose section seems to consist of two well-defined spiral surfaces of
separation that grow continuously as the expanding nose section is
traversed from the front to the rear. The predominant effect of this
type of separation seems to occur in planes normal to the longitudinal
axis of the body, that is, in the so-called crossflow planes.

In a crossflow plane, fixed in space, that is traversed by the
body, the type of flow separation under discussion appears similar to
the separated flow about a two-dimensional circular contour that is
impulsively set in motion. This association between the body cross-
flow and the two-dimensional cylinder flow was pointed out and discussed
in references 1 and 2.

For the present purpose it is tacitly assumed that the flow sepa-
ration behind a slowly expanding two-dimensional cylinder moving in a
downward direction is a good approximation to the flow separation in
the fixed crossflow plane traversed by the body. The implication here
of course is that along the body the separation surfaces grow conically
in the.axial direction. In addition, the assumption is made that the
spiral separation surfaces of vorticity can be approximated by a poten-
tial vortex pair that are symmetrically located with respect to the
direction of the component of the resultant free-stream velocity in the
crossflow plane. (See fig. 2.) With these assumptions in mind, it is
clear that the simplified analytical model that will be used to approxi-
mate the actual flow is that of a two-dimensional, cylinder-vortex flow
in which the cylinder expands and the flow changes homogeneously with
time. It is to be emphasized that the use of a cylinder-vortex-flow
model has been considered by other authors to depict the flow over
lifting slender bodies. (See refs. k to 7.)
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Consider now the local aerodynamic force acting on the cylindrical
trace of the body in the fixed crossflow plane as the body passes through
this plane. With respect to a system of axes fixed to the downward moving
two-dimensional cylinder in this plane, the local vertical force dN for
zero sideslip may be expressed as follows:

where

No slender-body potential -flow force derived by Munk

-I momentum of fluid Induced by vortices in the presence of the
body

z. location of each vortex relative to the fluid

D/Dt differential operator

t time, sec

1̂  circulation of each vortex (T is absolute value)

D
The term — — I can be considered as the negative of the total rate of

Dt
change of the fluid momentum induced by the vortices in the presence
of the body (ref. 8). The last term may be considered as the concen-
trated force that would be required to move the vortices with a given
velocity for unsteady motion (ref. 8) .

For the cylinder-vortex flow under consideration, the momentum
(l) is given by: ' .

2
I » -2p — sin 7 r + 2p r sin 7 r (2)

oo r °°

where

a local radius of body in crossflow plane

r distance from center of body to vortex element

7 acute angle between r and crossflow direction



Now if, as stated previously, it is assumed that the flow separation is
conical, the vortex pair remains stationary with respect to the expanding
contour of the moving cylinder in the fixed crossflow plane and hence the

concentrated force term of equation (l) is equal to zero.

There remain to be determined the relations between the vortex
strength T and the position (r, 7) of the vortices. In the fixed
crossflow plane the equilibrium position of the vortex pair can be obtained
from the Foppl relations which relate the locus of positions of the
symmetrical vortex pair to the strength of the vortices required for
the vortex pair to remain stationary. The Foppl relations may be
expressed as

2
2r sin 7 = r - %• (3)

which is the equation of the curve that the vortices must lie on for
equilibrium. The relation

- 2rtVcrH(>0

gives the strength of the vortices in terms of their position and the
crossflow velocity Vc.

The substitution of the necessary preceding relations into
expression (l) for the local force and replacement of dNo by

2pitVoo cos a sin a af̂ jdx yields [with x = tV,,,, cos a as the axial
coordinate j:

' 2
dN = 2pjtV cos a sin a a da +

00

2 /I \ 2
InprtV cos a sin af— - l\(l - ^ )H(?v)a da (5)

\K I
By use of the relation CN = ^ , equation (5) can be nondimen-

sionalized and yields, after integration from a =0 to a = a^ (the

radius of the base of the nose section):

(6)CN « 2 cos a sin a + k(- - lUl - A \H(A)cos a sin a., AA yv /
^w



Equation (6) gives the total force acting on the nose section In
terms of the position of the vortex pair, since 7, the angular coordinate

of the position, is according to relation (3) a function of A = —. Prom

equation (6), it is then possible to determine the position of the vortex
pair provided a knowledge of CN or of \C]$ - 2. cos a sin a), the viscous
force, is available. (See refs. 3 and 9») Once r >uifl 7 are known
the vortex strength r can be determined from equation (U) and the
lateral velocities and angularities can then, of course, be calculated
by classical methods.

If the body has a cylindrical aftersection, the strength and
position of the vortices determined in the base of the expanding section
will serve as Initial conditions for estimating the vortex path along the
afterbody, using the procedures set forth by Jorgensen and Perkins in
reference ̂ . This method requires a knowledge of the viscous force
distribution along the afterbody sections.

The reader should be cautioned that the preceding first-order results
for the estimation of vortex position and strength are tentative. Detailed
examination of the assumptions and approximations made are now underway,
particularly in regard to the effect of (a) the replacement of the surfaces
of separation by a symmetrical vortex pair which introduces a multi-
valuedness in the pressure field that is not correct and (b) the stability
of the vortex pair for conical type flows.

It should also be noted that the preceding analysis is for zero
sideslip. The derived relations are, of course, valid for the sideslip
condition provided that the crossflow velocity Vc for sideslip is used
and the vortices located symmetrically with respect to this sideslip
crossflow velocity direction. The force Cjj is the force parallel to

this direction.
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SKETCH OF WIND-TUNNEL MODEL USED FOR
SIDEWASH-ANGULARITY MEASUREMENTS
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ILLUSTRATION OF CALCULATED TOTAL SIDEWASH
ANGULARITIES IN BODY CROSS-FLOW PLANE

CIRCULAR CROSS - SECTION 4a=24° t£= 5°

EXPER.
TOTAL ANGULARITY

ALONG VERTICAL
LINE

CALC.

-30 -20 -I 20 30

TOTAL ANGULARITY
CONTOURS N /

:W4°

VC

Figxire 2



258

EFFECT OF BODY NOSE CHANGES ON SIDEWASH ANGULARITY
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THE EFFECT OF A BODY CROSS SECTION ON THE
SIDEWASH ANGULARITY
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EFFECTOR WING HEIGHT ON SIDEWASH ANGULARITY
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SUPERSONIC WAVE INTERFERENCE AFFECTING STABILITY

By Eugene S. Love

Langley Aeronautical Laboratory

SUMMARY

Some of the significant interference fields that may affect stability
of aircraft at supersonic speeds are briefly summarized. Illustrations
and calculations are presented to indicate the importance of interference
fields created by wings, bodies, wing-body combinations, jets, and nacelles.

INTRODUCTION

In aircraft and missile configurations one aerodynamic surface more
often than not lies within the region of influence of the flow field gen-
erated by another aerodynamic surface or by a jet. When this occurs, the
flow field is regarded as an interference flow field. This paper will
attempt to cover, in a general way, interference flow fields that may
affect stability, not with the idea that these fields have not been known
to exist, but rather with the intent of drawing increased attention to
their relation to stability.

The interference from vortex flows is known to have important effects
upon stability; however, because of time limitations, vortex flows and
viscous effects will, with minor exceptions, be neglected.

SYMBOLS

A aspect ratio

b span

c chord

Cm slope of pitching-moment curve

Cnp rate of change of yawing-moment coefficient with sideslip

C side-force coefficient
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D body diameter

dj jet diameter at jet exit

Moo free-stream Mach number

MJ jet Mach number at jet exit

p local static pressure

Pj static pressure at jet exit

Poo free-stream static pressure

q local dynamic pressure

q^ free-stream dynamic pressure

S surface area

x longitudinal coordinate

y spanwise coordinate

z vertical coordinate

a angle of attack

(3 sideslip angle; also UMco - 1

7oo specific-heat ratio of free stream

7. specific-heat ratio of jet

5 flow-deflection angle; also bluntness angle of airfoil

e upwash angle

8]\f nozzle divergence angle

6S shock angle
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DISCUSSION

Wings

Consideration will be given first to the interference flow fields
arising from the wings. Figure 1 presents the portion of a two-dimensional
wing interference flow field bounded by the leading-edge and trailing-edge
shocks, generally referred to as the direct field of the wing as contrasted
with the indirect field, which is defined as the field downstream of the
trailing-edge shock. Superposed on the direct field are a body and tail
surfaces. Insofar as the tail surfaces only are concerned, the effects
of the indirect wing interference field are, in general, not large until
the direct field comes in close proximity of the tail surfaces. As illus-
trated by the direct field, the effect of increasing Mach number is to
sweep the field back over the tail surfaces as shown. When this occurs,
the properties of the flow field in which the vertical tail yaws and hori-
zontal tail pitches may be significantly altered; as a result, large
changes in the tail contribution to stability may be expected. The vari-
ation in dynamic pressure in the direct field is indicated at several
positions by the ratio of local to free-stream dynamic pressure (l/q̂
and is seen to be, appreciable.

Figure 2 shows the direct flow field at MO, = J.O with the con-
figuration at an angle of attack. A comparison of the field with that
given in figure 1 for the same semiwedge angle of the leading edge 6
and the same thickness ratio t/c shows that the effect of increasing a
is to decrease the dynamic pressures in the upper-surface interference
field, the converse being true for the lower-surface interference field.
Also, increasing a tends to move the direct field off the tail surfaces.
In contrast with the effect of angle of attack, when the wing is placed
at incidence as might occur with missiles (illustrated in the sketch at
the bottom of fig. 2), the direct field from the upper surface moves well
onto the upper tail surfaces.

In order to emphasize the effects of angle of attack and to show in
proper perspective the effects of bluntness and of thickness on the dynamic
pressures in the direct field, figure 2 also shows the configuration with

a flat-plate wing (6 = 0°, — = OJ. Thickness distribution and thickness

ratio alter, for the most part, the distribution of dynamic pressure,
whereas the wing bluntness is the primary factor in determining the
general magnitude of the dynamic pressures. This effect may be readily
visualized at a = 0° by considering the thickness ratio to be reduced
by thinning the center portion of the wing while holding the bluntness,
or semiwedge angle 6 of the wing, constant. Obviously, the Mach num-
ber at which this type of interference is encountered is dependent upon
overall geometry; for example, the low position of the horizontal tail
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indicated in figure 1 at Ma> = 3-0 would be well removed from the trailing
shock of the direct field. The present trend in the design of supersonic
aircraft is toward much shorter tail lengths than pictured; for such con-
figurations the direct fields would be encountered at lower Mach numbers
than implied by these examples. This type of interference diagram can
also be of assistance in estimating, for example, where a given amount of
vertical tail area might be added to obtain the most favorable gain in yaw
stabilization, or in assessing the downwash in the region of tail surfaces
immersed in the direct field.

An experimental illustration of the effects of Mach number and angle
of attack shown in figures 1 and 2 may be seen in figure 3 which presents
schlieren photographs of a configuration of similar geometry in which the
two-dimensional portions of the wing flow field are accentuated in the
profile views.

In the lower-surface interference flow field for Moo = 5-0 and
a = 20° shown in figure 2, a significant loss in dynamic pressure remains
near the downstream edge of the interference field, although the local
Mach number is obviously still less than the free-stream value. This
loss may be traced directly to the shock losses. Some discussion of the
shock losses, or the "q-loss" effects thus seems in order. In figure k
curves for constant local shock inclination 0S are presented which show
the dynamic-pressure ratio qi/q̂  as a function of the free-stream Mach

number Moo for the particular case of the flow downstream of the shock
having returned to a Mach number MI that is essentially equal to Moo;

that is, MI = Moo without being affected by a change in shock inclina-

tion. Such conditions occur only in two-dimensional flows, but these
flows serve to illustrate the point in simplified form. A two-dimensional
surface satisfying these conditions is shown in the upper right of fig-
ure h. In the region immediately downstream of the centered expansion,
but upstream of the reflected influence from the shock, the only signifi-
cant difference of the local flow from the free-stream flow is a loss in
dynamic pressure. If a stabilizing surface (as illustrated by the flat
plate) were yawed in this region, the side force acting on this surface
would be reduced by the factor q^AUo as compared to that acting on the

same surface yawing in the free stream. Therefore, the surface area must

"be increased by the ratio q̂ /q.!; that is, S^ = — S^, if the surface

is to realize the same side force that is obtained by the original sur-
face area Soo in free stream. For example, at Moo = 3-5 ancL 6S = ^8°
(B «* 30°) the area of the surface would need to be doubled. Downstream
of the initial reflection from the shock the required increase in area
would be lessened according to the influence of the attenuation in shock
strength.
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With regard to shock strength, there is the inherent requirement
that, for q-loss effects to be significant, the shock must be strong.
Values of the shock-strength parameter (Moo sin 9S - 1) are superposed

on the q-loss curves. Since normal shocks have zero strength at Moo = 1,
it is clear that, in general, the q-loss effect becomes important only at
the higher free-stream Mach numbers. The shock-strength parameter affords
a simple and convenient means of judging the necessity for considering the
possibility of significant q-loss effects.

This simplified illustration of the q-loss effect indicates that con-
ditions will arise where it will be necessary to account for, or compensate
for, this effect upon stabilizing surfaces by increasing stabilizing-surface
area, improving the lift effectiveness of the- surface, or by juggling the
q-loss through changes in configuration design. For realistic configura-
tions such as those shown in the lower right of figure ij-, the determina-
tion of the q-loss and the necessary compensation requires more elaborate
calculations. However, it may be reasoned that at the higher Mach numbers
a blunt-nose configuration having a detached shock may produce a large
q-loss and a large gradient in q-loss; canard surfaces placed well for-
ward would be subjected to these losses. A typical supersonic aircraft
configuration as illustrated might experience significant q-loss effects
upon its tail" surfaces as a result of the total loss through shocks from
the nose, canopy, and wing leading and trailing edges, although the indi-
vidual shocks might have relatively small q-loss effects. In recent tests
of a configuration having a short fuselage, the vortex layer stemming from
the intersection of the nose and canopy shocks was observed to pass across
the vertical tail. Since this vortex layer divides regions of different
q-loss, this phenomenon may prove to be another factor for consideration.
For configurations at high angle of attack, the q-loss and also the q-gain
(such as shown previously for the lower surface of wings at angle of attack)
may be expected to have important effects.

Beyond Mach numbers of the order of about 1.3* "the downwash that
exists at the trailing edge of an airfoil at lower speeds reverts to
upwash. This upwash is considered in figures 5 and. 6 for two-dimensional
airfoils and fields of flow. The magnitude of the initial upwash e.

immediately downstream of the trailing edge of a symmetrical airfoil is
shown in figure 5. The initial upwash increases with Mach number, angle
of attack, and bluntness; at the higher Mach numbers and angles of attack,
it is apparent that the initial upwash of even a flat plate cannot be con-
sidered negligible.

The upwash that is likely to occur in the vicinity of a downstream
horizontal tail as a result of the presence of the wing is of particular
importance. In this regard, the relative magnitude of the initial upwash
for the flat plate and blunt airfoil may be misleading and must be mod-
erated because of the manner in which the downstream interference from



266

the -wing flow fields reduces the upwash. At the top of figure 6 the
downstream upwash for a flat plate is illustrated. As shown by the sketch,
the initial upwash from the trailing edge of the flat plate does not
decrease until some distance Xj_ is reached, at which point the wing

interference field begins to reduce the upwash. An example of the vari-
ation of x̂ /c with Mach number is shown to the right of the sketch.

The effect that .increasing Mach number has in increasing the initial
upwash, as was shown in figure 5> is seen to be offset by the decrease
in the downstream extent of the initial upwash. It is important to note,
however, that at Mo, = 5 the initial upwash angle, which is about k° for

this angle of attack, would remain for about a half chord length down-
stream before it would begin to decrease.

For the thick airfoil the initial upwash begins to decrease immedi-
ately behind the trailing edge since the wing interference field comes
into play immediately, as shown by the sketch in the lower portion of
figure 6. An example of the decay in upwash for a thick airfoil is shown
to the right of the sketch. From this example, one may conclude that at
large a and high Mach numbers, tail surfaces that are closely coupled
to the wings will experience several degrees of upwash. Further, the
large upwash near the trailing edge of the wing is important to wing-
body interference.

Bodies

The interference flow fields created "by bodies will be considered
next. Figure 7 presents isobar-streamline fields for a slender and a
bluff body. (The field for the slender body was obtained by extensions
to the characteristic calculations of ref. 1.) For clarity only a few
of the calculated isobars and streamlines are shown for the bodies. It
is apparent that the aerodynamic characteristics of surfaces immersed
in such fields will be altered considerably, as will be shown subsequently.
The field for the bluff body is quite different from that for the slender
body. In the bluff-body field the division line of pressure gradients
that has its orgin at the point of tangency on the body surface is sharply
defined. Ahead of this line the pressures in the field are falling; behind
it they are rising.

Inasmuch as the nose shock establishes the forward limit of the body
interference field, it is of interest to examine the forward limit of the
field as given by the exact shock and by the commonly employed approxi-
mate limits given by the shock based on the nose angle only and by the
free-stream Mach line. Figure 8 presents a comparison of the exact and
the approximate limits at several Mach numbers for the bluff body of the
preceding figure. One readily observes that large errors may be introduced
by either of the approximate limits. An example of the reliability of the
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exact shock calculations may be seen by comparing the calculated exact
shock for M^, = 1.94 with the upper left-hand schlieren photograph of
figure 3- The wing and forebody are the same for both the calculation
and the photograph; the experimental nose shock is seen to touch the for-
ward wing tip as predicted by the exact calculation. Figure 8 also shows
that the division line of pressure gradients experiences significant
changes in inclination with Mach number.

As an aid in illustrating the effect of flow inclinations produced
by the body, the flow inclination has been calculated at several Mach
numbers for the point in the field designated in figure 8 by the. circled

(2. = U.18, ^= 2.50J. In the upper left of figure 9 the calculated

inclination at this point is presented as a function of Mach number. In
general, the flow inclination increases with free-stream Mach number until
the exact shock passes behind the point at Ma « 2.63. This change of
flow inclination with Mach number explains for the most part some results
of a skewed-store investigation conducted at the Langley Laboratory
(ref. 2). These results at Mach numbers of 1.4l and 1.96 are shown in the
lower half of figure 9- The side-force coefficient of the store in the
presence of the wing-body combination is shown for the skewed and unskewed
condition. The order of magnitude of the skew necessary to produce zero
side force at a = 0° is in general agreement with that indicated to be
necessary from a consideration of the flow inclination created by the
body alone (upper left). Some differences are to be expected because of
the omission of the effects of the presence of the wing and because of
differences in body geometry. The experimental store investigation of
reference 2 also showed that increasing the forebody length (no change
in forebody shape) reduced the amount of skew necessary for Gy = 0

at a = 0°. This variation is also to be expected as indicated by the
calculated change in flow inclination with forebody length shown in the
upper right of figure 9-

Wing-Body Interference

The interference between bodies and wings is considered in this
section. Wing-body interference has been and remains the subject of
extensive theoretical and experimental studies and is perhaps the most
familiar type of interference problem. Therefore, only a few aspects of
the problem are considered herein. It is instructive to examine first
a general representation of wing-body interference. Figure 10 presents
some examples of experimental results in the low angle-of-attack range
from tests at the Langley Laboratory (refs. 3, k, and 5) of wing-body
combinations which show, in additive form, the ratio of the slope of the
pitching-moment curve of the components and of the interference quantities
to the slope of the pitching-moment curve of the wing-body combination
where:
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We exposed wing alone

W(B) wing in presence of body

w(b) interference on wing due to body

B body alone

b(w) interference on body due to wing

WB wing-body combination

Cm slope of pitching-moment curve

For emphasis, the regions corresponding to interference quantities
have been cross-hatched, single cross-hatching denoting a positive moment
contribution and double cross-hatching meaning a negative moment
contribution.

For most aircraft configurations that are subjected to significant
interference at low angle of attack, the interference on the body due to
the wing b(w) is more important than the interference on the wing due
to the body w(b), as indicated in these examples. Particular attention
is drawn to the interference of the body due to the wing and to its vari-
ation with the ratio of wing span to maximum body diameter b/D. Since
this interference is always stabilizing it is apparent that the wing-
lift carryover effects upon the body are more important than the tip
effects which are destabilizing. As b/D increases, both the wing-lift
carryover effects and tip effects move rearward on the body, and eventually
the tip effects move off the body. At a value of b/D corresponding to
the condition for which tip effects would vanish (as illustrated by the
sketches) the interference on the body due to the wing reaches a maxi-
mum; further increase in b/D reduces the interference as the result of
loss of wing-lift carryover.

The relation of the wing interference field to this interference on
the body due to the wing is illustrated in figure 11 for a series of
rectangular wing and body combinations for which the chord of the wing
was held constant. The upper portion of the figure presents only the
interference on the body due to the wing (in the same form as shown in
fig. 10) as a function of b/D for several Mach numbers, and as a func-
tion of Mach number for several values of aspect ratio A (and span-
diameter ratio). The point to be noted is not so much the similar areas
represented by the interference quantities,- whether expressed as a func-
tion of b/D or of MOO, which may result from no more than a fortuitous
choice of scales of the abscissas, but rather the similar trends in the
interference pitching moment with either b/D or Moo. Because of these
similar trends, it is suspected that the results may be correlated on the
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basis of equal areas of influence created on the body by the wing. On
this basis a simple expression may be derived that will give equal areas
of influence on the body from a strip on the wing for rectangular wing

and cylindrical body combinations. This expression is M-i « I — ][— jĉ Pi
\2P/W

where M.^ is the interference pitching moment, p^ is the average inter-

ference pressure, and p is the speed parameter yM - 1. Inasmuch as

the chord is constant for the wings of this series, the results may be
/A2\ /T.N

correlated by the factor ( — 1 ^ ) with the implication that differ-
w w

ences observed in such a correlation are indicative of the changes in p.

due to Mach number. The correlation is shown at the bottom right and
serves to substantiate the idea that the observed similarities in trends
of the interference pitching moment are due primarily to simulation of
equivalent areas of influence .

Figure 12 presents schlieren photographs illustrating a type of
interference that stems from wing-body junctures and is apparently peculiar
to lifting conditions. The top two photographs at M,,, = 2.62 show that
under lifting conditions a shock may originate near the trailing edge of
the wing at the wing-body juncture as the result of wing-body interaction
and viscous effects. Shocks of this type can interact with the horizontal
tail and affect the longitudinal stability. With decreasing Mach numbers
such shocks tend to become more diffuse, as shown at MOO = 2.22; at
MO, = 1.62 separation occurs ahead of the wing-root juncture, and the
shocks and downstream pressure gradients associated with this separation
alter the loading on the wing.

Jets and Nacelles

The theoretical interference flow field produced by a supersonic
jet exhausting into a supersonic stream is illustrated in figure 13 in
isobar-streamline form. (The basic characteristic net for fig. 13 is
given in ref. 1; the isobars were computed from this net.) The initial
conditions are indicated in the figure. The static-pressure ratio of
about 9 corresponds to the upper limit of operation of turbojet with
afterburner or to the lower or moderate range of rocket operation.
Attention is directed to the large gradients in pressure and to the flow
inclinations that occur in the ambient field as a result of the jet pres-
ence. Of particular importance in evaluating the limits of the inter-
ference field is the large curvature of the exit shock. This curvature
is accentuated for jet interference fields by the transition from a two-
dimensional turning at the jet exit to a three-dimensional turning away
from the jet exit.



Figure 1^ gives some examples of the calculated pressures that the
interference field of figure 13 would create on a flat plate immersed in
the field at several radial positions. Only the pressure immediately
downstream of the interaction of the exit shock with the plate are pre-
sented. It is at once apparent that the jet may create large loads on
the plate and that the regions of influence may be extensive. The impor-
tance of the plate position in the field and its angle of attack are
equally apparent. These theoretical indications are in qualitative agree-
ment with experimental findings. (See ref. 6, for example.)

If the plate considered in figure 1̂  were a stabilizing surface,
the jet would be expected -to have a significant effect upon stability. At
the top of figure 15 the calculated jet and interference field has been
reproduced to scale in conjunction with a supersonic aircraft configuration.
For an inboard nacelle location as shown, the jet interference field would
interact with both the vertical and horizontal tail surfaces. For an
outboard location there would be less need for considering the jet-
interference field, but the nacelle-interferenee field would have a direct
effect. An experimental example of nacelle interference obtained in tests
at the Ames Laboratory is shown at the bottom of the figure. The lateral
stability derivative Cno is presented as a function of Mach number for

,the configuration shown on the right with nacelles off and for the complete
configuration. At low Mach numbers the nacelle interference produces a
significant loss in CnR, whereas at the higher Mach numbers, where the

nacelle nose shock interacts with the vertical tail, this loss is reduced.

CONCLUDING REMARKS

A summary has been presented of some of the more important inter-
ference fields that may affect stability at supersonic speeds. Illustra-
tions and calculations are included to show the importance of interference
fields created by wings, bodies, wing-body combinations, jets, and nacelles.
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EFFECT OF AIRPLANE CONFIGURATION ON STATIC STABILITY

AT SUBSONIC AND TRANSONIC SPEEDS

By Edward C. Polhamus and Joseph M. Hallissy, Jr.

Langley Aeronautical Laboratory

SUMMARY

Some recent wind-tunnel results are discussed relative to several
static-stability problems which are currently of interest to the designer
of fighter aircraft. Data are presented in both the subsonic and tran-
sonic speed ranges and for angles of attack to 2'5° in many cases.

The results indicate that rather large amounts of taper might pro-
vide the best opportunity of obtaining swept wings having high aspect
ratios without encountering violent pitch-up and of eliminating the more
moderate pitching-moment nonlinearities of moderate-aspect-ratio wings.
With regard to the problem of maintaining directional stability through-
out the angle-of-attack range, it has been shown that a large number of
factors are involved and that, in general, configurations having long
expanding fuselage noses, rectangular fuselages, or high wings should
be avoided and that care must be exercised in the selection of the longi-
tudinal location of T-tails. Since large variations of pitching moment
with sideslip can occur, it may be necessary to consider this effect in
the selection of a configuration.

INTRODUCTION

The high-speed capabilities of modern fighter aircraft have been
obtained, to a large extent, through changes in geometric and mass char-
acteristics which for many of these aircraft have produced serious sta-
bility problems. The purpose of this paper is to discuss recent wind-
tunnel results related to some of these problems in the subsonic and
transonic speed range. From the numerous problems, those selected for
discussion herein are pitch-up and other pitching-moment nonlinearities,
the variation of the directional stability parameter with angle of attack,
and the effect of sideslip on the pitching moment. The data presented
are referred to the body system of axes.
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SYMBOLS

CL lift coefficient

CT maximum lift coefficient

n nose length

Cjn pitching-moment coefficient

Cn rate of change of yawing-moment coefficient with sideslip

C_ tail contribution to C^n3,t np

a angle of attack, deg

P angle of sideslip, deg

A /. sweep angle of wing quarter-chord line, deg

A wing aspect ratio

c local chord

Tip chord
A wing taper ratio,

Root chord

M Mach number

DISCUSSION

Longitudinal Stability

Pitch-up.- Considerable research has been conducted in the past
with regard to the pitch-up problem (see refs. 1 to 6, for example) and
the findings have, to some extent at least, been incorporated in the
configurations of modern fighter aircraft. This is illustrated in fig-
ure 1 where the combination of wing aspect ratio and quarter-chord sweep
angle is plotted for the current fighter configurations. Also presented
is the Shortal-Maggin wing pitch-up boundary (derived from wings having
moderate taper) with pitch-up occurring above the boundary (see ref. 1)
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and it will "be noted that the wings of current fighters do not exceed
this boundary to any great extent in the pitch-up direction. The ver-
tical location of the horizontal tail of these current configurations
is indicated by the type of symbol used, with the open symbols repre-
senting a high tail, the filled symbols, a low tail, and the half-filled,
a tailless configuration. Low tails lie in a region where the rate of
change of downwash with angle of attack is decreasing with angle of
attack while high tails lie in a region where the opposite trend usually
prevails. The 10° line (relative to the chord line) emanating from the
trailing edge of the wing mean aerodynamic chord has been found (refs. 7
and 8) to separate these two regions. It will be noted that, in general,
the aircraft whose wings lie above the pitch-up boundary have utilized
this downwash characteristic of low tails to counteract the wing pitch-up.
It should be pointed out that those configurations that are above the
boundary but which utilize high tails have experienced pitch-up problems.

Inasmuch as it is desirable, from a drag-due-to-lift standpoint,
to utilize wings having high aspect ratios, a transonic wind-tunnel
investigation aimed toward developing a 45° sweptback wing with an aspect
ratio of k (which is somewhat higher than the current fighter configu-
rations, see fig. 1) having satisfactory pitching-moment characteristics
has recently been conducted and some of the results are presented in
figure 2 for a Mach number of 0.9h. On the left side of this figure the
pitching-moment coefficient is plotted as a function of lift coefficient
for four wing-body combinations varying only in wing taper ratio. For
a taper ratio of 0.6 the curve is very nonlinear and indicates an
extremely rapid pitch-up. It has been shown in the past that the pitch-up
condition for a wing similar to this one can be improved over a large
portion of the speed range by means of wing fixes. These fixes, however,
require careful tailoring and are usually ineffective at Mach numbers of
the order illustrated here possibly because of shock-induced separation
over the aft portion of the wing (ref. 6). It is therefore of consider-
able interest to note that as the wing becomes more tapered the abrupt
pitch-up tendency gradually decreases. Instead of an abrupt pitch-up
the pointed wing has a gradual decrease in stability starting at a rela-
tively low lift coefficient. This characteristic of highly tapered wings
has also been noted at low speeds (ref. 2) and is due, in part at least,
to the fact that while tip stall occurs earlier, a smaller portion of
the total load is involved and the moment arms are less than on the wings
having large tip chords. In addition it should be pointed out that, as
the sweepback of the trailing edge is reduced, less area probably lies
behind the shocks. (See sketches on fig. 2.) In view of the rather
noticeable improvement associated with the pointed wing, a tail-on inves-
tigation has been conducted and the results are presented on the right
side of figure 2. In an attempt to counteract the gradual decrease in
stability the tail was placed slightly (approximately 5 percent of the
wing semi span) below the wing chord plane. With the tail on, the
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wing with a taper ratio of 0.6 still shows a rather severe pitch-up tend-
ency. All of the more tapered wings provided considerable improvement
with regard to pitch-up, but it will be noted that nonlinearities still
exist at moderate lift coefficients. It should be pointed out, however,
that a tail considerably lower than that used is feasible and with a
lower tail the pointed wing might, in view of its superior tail-off char-
acteristics, eliminate these nonlinearities.

Nonlinearities at moderate lifts.- Although fairly linear pitching*
moment characteristics can quite often be obtained for complete configu-
rations having nonlinear wing-body combinations, there are some undesir-
able effects of these tail-off nonlinearities. These nonlinearities,
for example, can result in violent pitch-downs for swept wings at nega-
tive angles of attack, nonlinear stick travel in maneuvers, and, in some
cases, the tail loads required for trim can reduce the tail loads avail-
able for maneuvers. It is therefore desirable to have wing-body config-
urations characterized by linear pitching moments. Figure 3 briefly
summarizes the results of a systematic wind-tunnel study to develop a
linear wing-body combination which in addition to the previously men-
tioned advantages might not be limited with regard to a satisfactory tail
location. The left part of the figure illustrates the approach used in
the investigation. For this particular case the basic wing was a
3-percent-thick k̂ >° delta wing, shown on the left side of figure 3, which
has a reduction in stability at moderate lift coefficients due to tip
stalling of the highly loaded tip. Rather than attempting to eliminate
the reduction in stability at moderate lifts, various amounts of the
stalled tips were clipped in an attempt to extend the reduced stability
to the low lift range and thereby to obtain a linear curve. The results
of clipping the wing to an aspect ratio of 3 is shown by the dashed curve
and it will be observed that the pitching moment is linear up to lift
coefficients of the order of 0.7 followed by an increase in stability.
With this approach, an extensive investigation was conducted (ref. 9) in
which the wing sweep angle was varied and various amounts of tip were
clipped. What appeared, from a study of these results, to be a very
satisfactory plan form is shown on the right side of figure 3- The wing
has an unswept 80-percent-chord line, an aspect ratio of 3-5> and a taper
ratio of 0.07. In order to determine the characteristics of a complete
model employing this wing, a fuselage and tail in several positions were
added. The low tail resulted in a gradual increase in stability while
the T-tail resulted in a gradual decrease in stability with pitch-up not
occurring until the tail enters the wake of the stalled wing. A bitail
configuration was also tested and it is interesting to note that the
opposite trends of the T- and low tails can be combined to provide an
intermediate curve. It should be pointed out that the center-of-gravity
position has been adjusted to facilitate a comparison of the curve shapes
and that the tail contribution, of course, is dependent upon tail posi-
tion and area.
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Directional Stability

The configuration trends associated with high-performance aircraft
have created deficiencies in static directional stability that have been
recognized for some time. Recent flight experiences (see ref. 10, for
example) in which violent coupled motions were encountered during rolling
maneuvers have placed even greater emphasis on the static directional
stability problem, and the fact that modern aircraft encounter large
angles of attack has made the variation of directional stability with
angle of attack extremely important.

Wing-fuselage contribution.- Figure 4 illustrates the variation of
directional stability with angle of attack for various wing-body configu-
rations (refs. 11 to 13 and unpublished data) at a Mach number of 0.80.
On the left part of the figure the variation for wings having relatively
little sweepback is presented and on the right, that for wings having
relatively high sweep angles. It will be noted that the unswept wing
provides a desirable reduction in the wing-fuselage instability with
increasing angle of attack. However, when either moderate or high sweep
angles are employed (in the conventional manner) an undesirable increase
in the instability occurs. It appears, however, that if sweep is incor-
porated by means of an M-type composite plan form, desirable character-
istics similar to those of the unswept wing can be obtained.

-Effect of fuselage shape on tail contribution.- The general trend
of increasing wing-fuselage instability with angle of attack indicated
in figure 4 points up the importance of minimizing or eliminating any
decrease in the tail contribution with angle of attack in order to avoid
static instability. With regard to the tail contribution it has been
shown in reference 1̂  that fuselage nose length (the expanding portion
of the nose) has an important effect on the location of the fuselage vor-
tices and the resulting flow field in which the vertical tail must operate,
In order to illustrate the effect of these flow fields, figure 5 presents
the effect of nose length on the tail contribution to directional sta-
bility. (With the medium nose the configuration is identical to that of
ref. 11.) Here the directional stability contributed by the tail has
been normalized by dividing by the value at zero angle of attack and is
presented as a function of angle of attack at a Mach number of 0.80 for
three nose lengths. On the left side of figure 5 the wing-off results
are presented and it will be noted that for the short and medium nose
length only a mild reduction in stability occurs with angle of attack.
However, when the nose length was increased by 50 percent of the medium
nose, an extremely rapid reduction occurred with instability indicated
above about 17°. This large loss of stability appears, from the flow-
field studies, to result from the upward displacement (associated with
the longer nose) of the fuselage vortices which leaves a large portion
of the tail in the unfavorable sidewash field below the adjacent vortex.
On the right side of figure 5> the wing-on results are presented and,
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while the wing reduces the variation with nose length somewhat, a rather
rapid decrease with angle of attack still'occurs for the long nose. The
favorable effect of the wing associated with the long nose may be due to
a tendency for the wing to pull the fuselage vortices down and thereby
to leave less of the tail in the unfavorable sidewash field. The results
indicate that, at least for fuselages of circular cross section, rapid
decreases in the tail contribution can be avoided providing excessive
nose lengths are not used.

The fuselages of modern aircraft, however, quite often depart con-
siderably from a circular cross section and, as was shown in reference 14,
departures from a circle can cause large changes in the flow angularity
at the tail. The effect that this angularity can have on the tail contri
bution to directional stability is shown in figure 6 for four different
fuselage cross sections. The data were obtained from reference 15 and
it should be pointed out that the fuselages are not identical to those
of reference 1̂ . All four fuselages had the same longitudinal distri-
bution of cross-sectional area and, of course, the same volume. As in
figure 5> the tail contribution normalized by the value at zero angle of
attack is plotted against angle of attack. On the left side of the fig-
ure the wing-off results are presented. The tail contribution in the
presence of the circular fuselage is relatively independent of angle of
attack; however, for the two rectangles and the square there is a large
loss with increasing angle of attack. For the tall rectangle the depar-
ture from the results obtained for the circle begins at about 5° and
reaches zero directional stability at about 17°. Above about 20° the
stability is restored rather rapidly apparently because of the fact that
as the angle of attack becomes large relative to the sideslip angle
/C was obtained over a range of sideslip angle of ±5° ) the fuselage

vortices tend to become symmetrically disposed relative to the tail and
therefore to counteract each other. As the height of width ratio is
reduced, the instability is extended to higher angles of attack. The
wing-on results, presented on the right side of figure 6, indicate that,
although the effect of fuselage cross section is somewhat reduced, the
characteristics of the square and rectangular fuselages are still
undesirable.

Effect of wing height on tail contribution.- Another parameter which
was shown in reference 14 to have a large effect on the flow field in the
vicinity of the tail is that of wing height. The effect of wing height
(obtained from ref. 16 and an extension of the investigation of ref. 15)
on the tail contribution to directional stability at low speeds, is pre-
sented in figure 7* As in the previous figures, the Cn0 contributed

p
by the tail normalized by the value at zero angle of attack is presented
as a function of angle of attack. Presented on the left are the results
for the configuration having a circular fuselage and on the right, the
results for the configuration having a square fuselage. The results for
the circular fuselage indicate the usual large loss in tail contribution
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associated with a high wing. However for the square fuselage little
effect of wing height is indicated and rather large losses with angle of
attack occur for all three wing heights. By comparing these data with
the wing-off results shown on the left side of figure 6, it will be seen
that a favorable wing-fuselage interference occurs with the square fuse-
lage, especially when the low wing position is used. This is in contrast
to the results for the circular fuselage, which indicate the usual unfa-
vorable interference.

In connection with the favorable wing-fuselage interference asso-
ciated with the low wing and the square fuselage, figure 8 presents some
interesting results of an investigation conducted at high subsonic speeds
(ref. !?)• Three different fuselage cross sections were investigated in
conjunction with a low wing. The results are presented for a Mach number
of 0.80 and show that the relationship between the circular and square
fuselages is similar to that obtained at low speeds with somewhat similar
configurations. However, when only the lower half of the fuselage was.
square the tail contribution was even greater than that obtained with
the circular fuselage. It appears that the unfavorable effect of the
square fuselage alone has been eliminated by sufficiently rounding the
top corners, while the favorable wing-body interference has been main-
tained by the relatively square bottom corners.

Three-body configuration.- In addition to the fuselage-shape effects
discussed in the preceding sections, the large fuselage volumes required
by current fighter configurations contribute considerably to the magni-
tude of the flow angularity at the tail. In view of this, it was felt
that if the required volume were divided between three bodies, large local
flow angularities might be reduced somewhat. A preliminary wind-tunnel
investigation to determine what type of static directional and longi-
tudinal stability characteristics might be obtained with three-body con-
figurations has been conducted at low speed and some of the results are
presented in figure 9- The configuration consisted of one central and
two outboard bodies with conventional tail assemblies attached to the
two outboard bodies. On the left, the pitching-moment coefficient is
presented as a function of lift coefficient, and fairly acceptable longi-
tudinal characteristics are indicated. The rate of change of directional
stability with angle of attack is presented on the right and a gradual
reduction is indicated above about 8°. However, even at an angle of
attack of about 26°, which corresponds to the maximum lift coefficient,
only about 30 percent of the total stability is lost. In connection with
directional stability, it should be pointed out that this type of configu-
ration has inertia characteristics which under certain conditions, at
least, may tend to reduce the inertia coupling problem encountered by
many current fighter configurations.

Effect of horizontal tail on directional stability.- Inasmuch as
horizontal-tail position is an important factor in connection with
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longitudinal stability, its effect, on directional stability should be
discussed. In general, low horizontal tails provide a slight increase
in directional stability over that provided by a vertical tail alone.
This increase is relatively independent of angle of attack and Mach num-
ber at subsonic speeds. T-tails generally provide a rather large increase
at low speeds. However, at high subsonic Mach numbers the effect of a
T-tail is dependent to a large extent on angle of attack and fore-and-aft
position. This is illustrated in figure 10 where the total directional
stability parameter Cn is presented as a function of angle of attack

p
at a Mach number of 0.90. A comparison of the vertical tail alone and
the vertical tail with the T-tail in the forward position indicates a
large variation of the horizontal-tail effect with angle of attack. Below
an angle of attack of about 3° the horizontal-tail effect is unfavorable
and results in directional instability at negative angles of attack
greater than about 9°« This, of course, could be important during coupled
motions where large negative angles of attack can be encountered. When
the horizontal tail was mounted in a rearward position the normal low-
speed end-plating effect was restored 'and the variation with angle of
attack somewhat reduced. It should be pointed out, however, that the
effect of longitudinal position appears to be a function of plan form.
For example, the results of reference 13 indicate that with a rectan-
gular vertical and horizontal tail with coinciding leading edges an unfa-
vorable end-plating effect was obtained at high subsonic speeds. It
therefore appears that the extent of the vertical tail span over which
the adverse gradients are additive may be more important than the local
juncture effect. It appears, therefore, that if a T-tail is desired,
extreme care should be exercised in the selection of the fore-and-aft
location.

Pitching moment due to sideslip.- A parameter which has received
little attention in the past but which is becoming important in connec-
tion with the coupled motions is the variation of pitching moment with
sideslip. This variation is dependent on a large number of parameters
and only a few will be illustrated here. Reference 18 contains a summary
of the effects of the various aircraft components. To illustrate the
effect that the overall configuration can have, figure 11 presents the
variation of the pitching-moment coefficient with sideslip angle for
several configurations at a Mach number of 0.80 and zero angle of attack.
For the configuration having a sweptback wing and a low horizontal tail,
positive increments of pitching moment are indicated with rather large
increments occurring with the wing in the high position. For the moder-
ately sweptback wing configuration having a T-tail, large negative incre-
ments are produced with increasing sideslip. The fact that large positive
or negative increments can occur, depending upon the configuration, indi-
cates that it may be necessary to consider the pitching moment due to
sideslip in the selection of a configuration.
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CONCLUDING REMARKS

A study of recent subsonic and transonic data indicates that rather
large amounts of taper might provide the best opportunity of obtaining
swept wings having high aspect ratios without encountering violent
pitch-up and of eliminating the more moderate pitching-moment nonline-
arities of moderate-aspect-ratio wings.

With regard to the problem of maintaining directional stability
throughout the angle-of-attack range, it has been shown that a large num-
ber of factors are involved and that, in general, configurations having
long expanding fuselage noses, rectangular fuselages, or high wings should
be avoided and that care must be exercised in the selection of the longi-
tudinal location of T-tails.

Since large variations of pitching moment with sideslip can occur,
it may be necessary to consider this effect in the selection of a
configuration.
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SOME EFFECTS OF AIRCRAFT CONFIGURATION ON STATIC

LONGITUDINAL AND DIRECTIONAL STABILITY

CHARACTERISTICS AT SUPERSONIC

MACH NUMBERS BELOW 3

By M. Leroy Spearman and Arthur Henderson', Jr.

Langley Aeronautical Laboratory

SUMMARY

The longitudinal problem of airplane configurations at supersonic
Mach numbers below 3 is generally one of excessive stability so that the
large control deflections required for trim may result in undesirably
low trimmed lift-drag ratios. These characteristics may be relieved to
a certain extent by positive increases in the pitching moment at constant
lift that may be effected through the use of such.devices as body camber.

The directional stability is characterized by a rapid deterioration
with increasing Mach number. This trend results primarily from the loss
in vertical-tail lift-curve slope with increasing Mach number and is con-
siderably aggravated for most configurations by the highly unstable wing-
body combinations that occur from the use of large high-fineness-ratio
bodies and from the far rearward center-of-gravity positions. Hence, a
large percentage of the tail contribution is lost in overcoming the
unstable moment of the wing-body combination and only a small percentage
is available to provide a positive stability margin. Any decrease in
tail contribution resulting from interference effects, aeroelasticity,
control deflection, and so on, subtracts directly from the stability
margin and may lead quickly to directional divergence. The concept of
the wing-body induced sidewash field has been shown to be of some impor-
tance in qualitatively determining the effect of angle of attack on the
directional characteristics of the wing-body combination and on the tail
contribution.'

INTRODUCTION

Some of the major problems discussed herein regarding the static
stability and control of aircraft operating in the low supersonic speed
range are as follows:
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Longitudinal:
Excessive static margin
High trim drag, low trim L/D
Decrease in stability with increasing Mach number

Directional:
Magnitude of unstable yawing moment of wing-body combination
Effect of Mach number on Cn̂

Effect of angle of attack on

Nonlinear variation of Cn v

Effect of external stores

SYMBOLS

CD drag coefficient

CL lift coefficient

Cjn pitching-moment coefficient

Cn . yawing-moment coefficient

^no yawing moment due to sideslip
p

CY lateral-force coefficient

CYR lateral force due to sideslip

ACy, increment in lateral-force coefficient contributed by
vertical tail

D drag

i. incidence of horizontal tail
"C

L lift

M free-stream Mach number

V free-stream velocity

v lateral velocity component due to sidewash
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a angle of attack

P angle of sideslip

DISCUSSION

Longitudinal Stability

The longitudinal problem, which will be considered first, is pri-
marily one of excessive stability. This excessive stability is a result
of several generally well-known factors. These factors include the
increase in stability of the wing-body combination that is caused by a
rearward shift of the wing center of pressure and a stabilizing inter-
ference effect of the wing lift carried over to the afterbody. The sta-
bility is further increased because of the loss of the subsonic type of
wing downwash at the tail since the major portion of this downwash is
confined to the wing-tip Mach cones and at supersonic speeds begins to
move off of the horizontal tail. In addition, in the case of most low-
tail airplanes, stabilizing upwash from the body may be encountered.
At the same time that the stability is increased, the effectiveness of
the tail in producing pitching moment is reduced. As indicated by the
example shown in figure 1, these effects combine to cause large untrimmed
pitching moments that must be overcome through rather large control
deflections, and the result is high trim drag and low trim lift-drag
ratios. In addition, because of the large control deflections required
for trimming, little excess control deflection may be available for
maneuvering.

Some recent investigations have indicated that body camber, similar
'to that proposed from area-rule considerations (see ref. 1), may be use-
ful in providing positive increments of pitching moment at constant lift
in such a manner as to relieve the control-deflection requirements. The
effects of body camber are shown in figure 2 for a 60° delta wing-body
at M = 1.6. The reflexed or cambered body produces constant pitching-
moment increments throughout the lift range with no change in drag and
should be useful in shifting the pitching-moment level for a basic con-
figuration so that the pitch-control requirements might be relieved and
the drag due to trimming reduced.

Although the excessive longitudinal stability presents serious con-
trol problems in the Mach number range from 1 to about 2, there are
indications that a reduction in longitudinal stability will occur as the
Mach number increases toward 3 or above. Such an effect is indicated in
figure 3 for three different aircraft configurations in the Mach number
range from about 1.4 to 3-0. Here there is a general decrease in longi-
tudinal stability for the complete configuration that is apparently
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dictated by a decrease in the stability of the tail-off configuration.
This stability decrease occurs in part from a decrease in the stabilizing
carryover lift effect of the wing on the afterbody as indicated in refer-
ence 2. At higher Mach numbers, the added effects of large changes in
dynamic pressure in the wing flow field may cause additional changes in
the longitudinal stability.

Directional Stability

The second phase of the supersonic stability problem which will now
be discussed is that of static directional stability in the supersonic
Mach number range below 3- The directional stability, in contrast to the
longitudinal problem, is characterized by a rapid deterioration in the
stability with increasing Mach number. A typical variation of the sta-
bility parameters CnR and CYR with Mach number is shown in figure 4.

r* P

It will be noted that there is a progressive decrease in the stability
level of the complete configuration until a Mach number is reached where
directional instability occurs. This loss in stability results from the
characteristic decrease in lift-curve slope of the vertical tail with
increasing Mach number, which is reflected, in turn, in a decreased tail
contribution to the total stability.

The situation is considerably aggravated for most current designs
by a large unstable wing-body yawing moment. This large unstable moment
generally results from the use of large, high-fineness-ratio fuselages
with far rearward center-of-gravity positions. The adverse effects of.
such center-of-gravity positions on directional stability are twofold in
that the unstable yawing moment of the body is increased while the
vertical-tail moment arm is reduced.

The results shown are for zero angle of attack and for a rigid
model. It will be noted that a considerable portion of the tail con-
tribution is required to overcome the large unstable.wing-body yawing
moment. It is obvious that any loss in vertical-tail contribution
resulting from wing-body wakes, interference flow fields, or vorticity —
as well as aeroelastic effects — could readily lead to directional insta-
bility. The problem is most acute at the higher Mach numbers where the
stability level is already marginal.

A means by which the tail contribution to Cn can be increased by
P

a relatively simple modification is illustrated in figure 5- These results
are for zero angle of attack and a Mach number of 2.6. The results for the
basic tail indicate a reversal in Cng. The modification, which consisted

of the addition of wedges to both sides of the trailing-edge portion of
the vertical tail, removed the reversal and resulted in a substantial
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increase in tail effectiveness. This improvement was obtained with only
a slight increase in drag. As shown by the results on the right-hand
side of figure 5, the effectiveness of the wedges, as predicted by two-
dimensional shock-expansion theory, is in good agreement with the experi-
mental results.

The results thus far have been confined to zero angle of attack.
An example of the angle-of-attack effects that might occur are shown in
figure 6 for a 35° swept-wing airplane at M = 1.6. The directional
stability decreases quite rapidly with angle of attack and instability
occurs above about 10°. The nonlinear variation of Cn with p that
is apparently influenced by the wing-body characteristics may add con-
siderably to the directional problems since regions of instability might
be reached through rudder deflections, for example.

In such cases, the directional instability may be delayed to higher
angles of attack or higher Mach numbers simply by increasing the size of
the vertical tail. Indiscriminate use of this method, of course, may
result in undesirably high lateral forces and rolling moments and may
increase the structural and weight problems associated with the vertical
tail.

The loss in directional stability indicated here with increasing
angle of attack and for other configurations in this Mach number range
appears to be due in part to an effect of the disturbance caused by the
wing-body juncture acting on the vertical tail and afterbody. This wing-
body disturbance is apparent in the schlieren photographs shown in fig-
ure 7 for a high-wing position and a low-wing position of a ̂ 5° swept
wing on a body of revolution at angles of attack of 5° and 10° and at a
Mach number of 2. The shock lines from the wing are visible in both
cases. The disturbance induced by the wing-body juncture is clearly
visible for the high-wing case and is alined in the free-stream direc-
tion so that it passes the region normally occupied by the vertical tail.
For the low-wing arrangement, the disturbance is confined to the after-
body region and hence is'not visible in the photographs.

This wing-body disturbance is the same as that which occurs at sub-
sonic speeds, and at angles of sideslip provides the same type of side-
wash distribution at the vertical tail as that discussed in reference 3.
At Mach numbers somewhat greater than 2, however, where the Mach lines
from the wing are directed more nearly over the vertical tail, additional
changes in tail contribution, as pointed out in reference 2, might be
experienced because of the large changes in dynamic pressure in the wing
flow field.

Some effects of the wing-body induced sidewash field r^re shown in
figure 8 for a wing-body-tail combination at a Mach number of 2, The
nature of the induced sidewash for the high- and low-wiag positions is



shown in the upper-right diagram. This sidewash results from the dif-
ferential wing pressures near the wing root that are created by the
lateral component of velocity due to sideslip. For the high-wing case,
this sidewash is adverse above the center of the wing wake and is favor-
able below it. The reverse is true for the low-wing case. At zero
angle of attack, the afterbody lies in the same type of flow region for
either wing position and the values of Cng are the same for the tail-

off configurations. With increasing angle of attack, the low-wing
arrangement becomes increasingly unstable since the afterbody moves down
through a region of adverse sidewash. For the .high-wing arrangement,
there is little change in stability with increasing angle of attack
since the afterbody moves into an undisturbed flow region.

With the addition of the vertical tail at a = 0°, both configura-
tions become stable. However, the tail contribution is less with the
high wing since this arrangement places the tail in a region of adverse
sidewash. With increasing angle of attack, the tail contribution con-
tinues to decrease for the high-wing arrangement as the tail passes
through the region of adverse sidewash. For the low-wing arrangement,
the tail contribution increases with increasing angle of attack as the
tail passes through a region of favorable sidewash.

The effect of the wing sidewash on the vertical-tail loading, as
obtained from pressure measurements on the tail, is shown in the lower
right-hand side of figure 8. At a = 0°, the overall loading is less
for the high-wing position, and, at a = 15°, the loading actually
changes sign near the root of the vertical tail for the high-wing posi-
tion. Unfortunately, in either case, the directional stability for the
complete configurations reduces with increasing angle of attack but for
two different reasons — for the high wing, because of a decreasing tail
contribution, and, for the low wing, because of an increase in the insta-
bility of the wing-body combination. These effects of wing-body induced
sidewash are dependent on the wing position relative to the body cross-
flow. The body crossflow, in turn, is dependent on the body cross-
sectional size and shape.

Some effects of various tail modifications on the directional sta-
bility of two different configurations at Mach numbers of 1.6 and 2 are
shown in figure 9- Both configurations have body shapes and wing posi-
tions that might be expected to cause adverse sidewash in the wake above
the wing-body juncture. As a result, the variation of CnQ with angle

of attack indicates a large loss in vertical-tail contribution for the
basic tails whereas the tail-off configurations show some improvement.
For the configuration shown on the left-hand side of figure 9> the addi-
tion of a dorsal fin had little effect on Cn since the fin was placed

in a region of adverse sidewash. The addition of a small ventral fin
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having about two-thirds the area of the dorsal fin provided a stabilizing
increment of Cn that increased slightly with angle of attack because

P
of the more favorable flow beneath the body.

For the configuration shown on the right-hand side of figure 9>
modifications to the basic tail consisting of an extended chord and of
an extended tip were made. These modifications provided equal increments
of Cn at zero angle of attack. With increasing angle of attack, how-

ever, the increment provided by the extended chord decreases since this
area extension is adversely affected by the sidewash. The increment of
Cnfl provided by the extended tip remains essentially constant with angle

of attack up to 15° since this area extension remains above the flow-
field disturbance from the wing-body juncture.

The configuration shown in figure 10 has a midwing with a large
negative dihedral angle. This arrangement places the wing in a position
relative to the body crossflow such that a favorable sidewash above the
wing similar to that for a low-wing circular-body configuration might be
expected. Accordingly, the variation of Cn . with angle of attack indi-

P
cates little change in the tail contribution, although the directional
stability decreases as a result of the increasing instability of the
tail-off configuration. The substitution of an enlarged tail in the
region of favorable sidewash causes a large increase in Cng at a = 0°

and an increase in the tail contribution with increasing angle of attack.
The addition of a ventral fin to the basic model is beneficial, but its
effect is much less than that for the enlarged tail, although the area
of the ventral fin is about twice that of the area increase for the
enlarged tail. It might be expected that, for a configuration of this
type, a chordwise extension to the vertical tail would be more effec-
tive than a spanwise extension in increasing Cng.

It should be pointed out that ventral fins or lower-surface vertical
tails should always provide good directional characteristics at high
angles of attack since these surfaces, regardless of the initial wing-
body induced sidewash characteristics, move into a region of undisturbed
flow. The directional characteristics of a lower-surface vertical-tail
arrangement and an upper-surface vertical-tail arrangement at a Nach
number of 2 are compared in figure 11. The directional stability decreases
rapidly with angle of attack for the conventional tail arrangement, pri-
marily because of a decrease in the tail contribution. For the lower-
surface arrangement, however, a large increase in the directional sta-
bility with angle of attack for the complete model is indicated in spite
of a decrease experienced by the tail-off configuration.

An additional example of the sensitivity of the directional stability
to configuration changes is shown in figure 12. This figure shows some
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effects of two different external-store installations on a k^° swept-
vring airplane at an angle of attack of 15° and M = 1.4. Both instal-
lations — one body-mounted store and two wing stores — caused an increase
in the lateral force. The body-store configuration was directionally
unstable whereas the two wing stores caused a fairly large increase in
the directional stability. These changes in Cn were somewhat greater

than would be expected from consideration of the isolated store forces
and indicate rather large mutual interference effects between the various
components that tend to complicate the quantitative prediction of the
store effects.

CONCLUDING REMARKS

The longitudinal problem of airplane configurations at supersonic
Mach numbers below 3 is generally one of excessive stability so that the
large control deflections required for trim may result in undesirably low
trimmed lift-drag ratios. These characteristics may be relieved to a
certain extent by positive increases in the pitching moment at constant
lift that may be effected through the use of such devices as body camber.

The directional stability is characterized by a rapid deterioration
with increasing Mach number. This trend results primarily from the loss
in vertical-tail lift-curve slope with increasing Mach number and is ~
considerably aggravated for most configurations by the highly unstable
wing-body combinations that occur from the use of large high-fineness-
ratio bodies and from the far rearward center-of-gravity positions.
Hence, a large percentage of the tail contribution is lost in overcoming
the unstable moment of the wing-body combination and only a small per-
centage is available to provide a positive stability margin. Any decrease
in tail contribution resulting from interference effects, aeroelasticity,
control deflection, and so on, subtracts directly from the stability mar-
gin and may lead quickly to directional divergence. The concept of the
wing-body induced sidewash field has been shown to be of some importance
in qualitatively determining the effects of angle of attack on the direc-
tional characteristics of the wing-body combination and on the tail
contribution.
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EFFECT OF TAIL SECTION MODIFICATION ON DIRECTIONAL STABILITY
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FLOW-FIELD EFFECTS ON STATIC STABILITY AND CONTROL

AT HIGH SUPERSONIC MACH NUMBERS

By Edward F. Ulmann and Herbert W. Ridyard

Langley Aeronautical Laboratory

SUMMARY

Recent wind-tunnel investigations of aircraft-type configurations
at Mach numbers k.06 and 6.86 have provided data which show that flow-
field interference is of primary importance in stability and control
calculations at high supersonic Mach numbers and that the location of
stabilizing and control surfaces that give highest effectiveness can be
determined by theoretical studies of these flow fields. A method has
been derived which predicts the trend of downwash around a circular body
as the angle of attack is increased. A method has also been derived
which gives good predictions of the tail contributions to lateral sta-
bility through a considerable angle-of-attack range.

INTRODUCTION

The importance of flow-field interference at supersonic Mach numbers
below 3-0 has been discussed in reference 1. These effects become increas-
ingly important as the Mach number is increased beyond 3.0. In this paper,
some illustrations of the effects of these flow fields will be presented
and it will be shown that, for close coupled configurations, it is pos-
sible to predict some effects of flow-field interference on longitudinal
and lateral stability and control.

Figures 1 and 2 present schlieren photographs of the flow around a
model that has been extensively tested at Mach numbers k.06 and 6.86 in
the Langley 11-inch hypersonic tunnel and the Langley 9- by 9-inch Mach
number k blowdown jet (refs. 2 to 8). The model has a tapered wing and
a cruciform tail arrangement. Several important features of the flow
around this model can be seen in these photographs. The fuselage is
fairly blunt and the resultant strong bow wave causes total-pressure
losses that reduce the lift of the wing and the tail.

In the side view (fig. 2) the wing is obscured by the body but the
shocks from the wing can be seen. These shocks enclose regions of greatly
different dynamic pressure above and below the wing. The vertical tails
are almost completely covered by these regions at both Mach numbers but,
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as will be shown, this is not necessarily a bad situation if the tail
surfaces are arranged properly. It is obvious from the photographs and
from considerations of shock-field strength that these flow fields are
nonisentropic and that their effects on the tail surfaces cannot be
accurately predicted by potential-theory or linear-theory methods.

It should be noted that this paper will not consider the vortex type
of interference. At high supersonic Mach numbers, the wing trailing
vortices would not be expected to have much effect on the tail surfaces
for close coupled configurations such as that shown in figure 1, which
have a wing span considerably larger than the tail span. This supposition
is supported by experimental data which gave a tail efficiency (ratio of
lift-curve slopes of tail in the presence of the body to the tail in the
presence of the body-wing configuration) of 9̂ - percent at zero angle of
attack and Mach number 6.86 for the trapezoidal wing model shown in
figure 1.

SYMBOLS

T i -P+-lift coefficient, =±iJ|

Lateral force
Cv lateral-force coefficient.
Y

Cm pitching-moment coefficient about center of gravity,

Pitching moment

Cn yawing-moment coefficient about center of gravity,

Yawing moment

Cy rate of change of lateral-force coefficient with angle of
P sideslip

Cn rate of change of yawing-moment coefficient with angle of
P sideslip

ACV increment in Cy_ due to the addition of one or more verti-
*P p

cal tail surfaces to a configuration

ACnR increment in Cn due to the addition of one or more verti-
P p

cal tail surfaces to a configuration
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a angle of attack, deg

P angle of sideslip, deg

b wing span

c wing mean geometric chord

e effective downwash angle of the horizontal tail, deg

i, horizontal-tail incidence angle, deg

M Mach number

q dynamic pressure

R Reynolds number based on c

S total wing area

Subscripts:

<» free-stream value

U in shock field from upper surface of a wing

L in shock field from lower surface of a wing

LONGITUDINAL STABILITY AND CONTROL

Some effects of these flow fields on the longitudinal stability and
control of this model will be considered first. A very important con-
sideration regarding longitudinal stability is, of course, the location
of the horizontal tail surfaces. Any analysis to determine the optimum
location of the horizontal tail must consider the local dynamic-pressure
and Mach number variations in the region of the tail, the downwash veloci-
ties, and the effects of the viscous wake.

At high supersonic Mach numbers, the horizontal tail surfaces may be
directly affected by the compression and expansion fields from the wing,
since these fields are swept back sharply. Thus it is instructive to
examine the possible variations of dynamic pressure in the shock fields
from a wing through the Mach number range. In figure 3 the ratio of the
dynamic pressure in the flow fields influenced by the constant-thickness
portion of a 47percent-thick wedge-slab airfoil at an angle of attack of
15° is presented. From the figure, it is seen that the dynamic pressure
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in the compression field from the lower surface increases greatly with
Mach number, whereas the dynamic pressure in the expansion field from
the upper surface becomes so low as to be negligible at Mach numbers
around 8 and 10. The ratios of the lift coefficients of surfaces in
these regions to the lift coefficients of the same surfaces in the free
stream would be higher in the compression field and lower in the expan-
sion field than the .dynamic-pressure ratios in figure 3- The reason for
this is that the liftr-curve slopes increase in the compression field
because of the lower local Mach number in this region and decrease in
the expansion field because of the higher local Mach number. Flow separa-
'tion from the upper surface of such a wing would become a consideration
at some angle of attack depending on the flow conditions. It is of
interest to note that separation and the condition of high Mach number
and low dynamic pressure which exists above the wing without separation
both act to decrease the effectiveness of any aerodynamic surfaces
located in this region.

A theoretical example of the effects of these dynamic-pressure
variations and the accompanying Mach number and downwash variations on
the stability and control effectiveness of horizontal tail surfaces is
presented in figure 4. For simplicity of presentation, the two-dimensional
flow field around a flat-plate wing is shown at a Mach number of 4.0. A
10° single-wedge horizontal tail surface is placed in three locations:
in the expansion field from the upper surface of the wing, in the plane of
the wing, and in the compression field from the lower surface of the wing.
A surface at location C (in the compression field) will be in the region
of high dynamic pressure as was indicated in figure 3> but the downwash
angle at location C is equal to the angle of attack of the wing, and
de/da = 1. Thus, the tail surface will be at zero angle of attack to
the local flow and will produce no lift and therefore no stabilizing
moment, as is indicated in the table in figure 4.

The same downwash situation will exist at tail location A, and the
pitching-moment contribution of a tail surface there is also zero, as
indicated in the table. A stabilizer located in the region between the

. shock and the expansion from the wing trailing edge (as at location B)
will be in a region of very small upwash (about 0.4° at this angle of
attack and Mach number). The dynamic pressure will be close to the free-
stream value; de/do, will be very close to zero; and the tail will pro-
duce a stabilizing moment. In reference 1, Love has shown that, as
wing thickness and leading-edge bluntness are increased, there is a
large increase in upwash velocity at wing trailing edges at high angles
of attack. However, this upwash decreases rapidly with distance down-
stream from the trailing edge. The configurations which will be dis-
cussed in this paper have thin wings, and small leading-edge bluntness
and should, therefore, produce only small values of upwash at the tail.
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If these surfaces are considered to be all-movable control'surfaces,
their effectiveness o-Cm/c)i.t relative to the in-line tail at location B

is indicated in the table as [ Ĵ )/(—-} . (See fig. U.) The control
\dit//\oit/B

at location A would be only 0.6 as effective as that at B; a control at
location C would be three times as effective as one at B; but the zero
stabilizing moment and the obvious difficulties with ground clearance
might well preclude the use of the low tail position.

However, a tail location slightly below the wing chord plane should
be used to keep the tail out of the wing wake at low angles of attack,
since at high Mach numbers and low Reynolds numbers a thick boundary
layer is formed on the wing resulting in a thick wake which causes serious
losses in tail effectiveness.

Figure 5 presents data obtained on the trapezoidal wing model which
show the same variations of stability with tail location indicated by the
simplified analysis presented in figure k. The variation of pitching-
moment coefficient with angle of attack is presented at M = 6.86 for
the trapezoidal wing model (fig. 1) with three tail arrangements: a
"plus" tail and high and low tails with 17° dihedral. At the top of
figure 5, the locations of these tail surfaces are shown relative to the
wing flow field at an angle of attack of 2°. As discussed previously,
a configuration having a tail surface located just below the wake should
have the highest stability, and this is confirmed by the experimental
data — the plus tail configuration being the most stable.

Thus, it has been shown that for this configuration the trends of
stability changes with tail location can be predicted from considerations
of the two-dimensional wing flow field. But when actual values of the
stability and control parameters are required, the body flow field with
its upwash, the total-pressure loss caused by the bow wave, and the local
dynamic-pressure changes must be considered.

Figure 6 compares experimental effective downwash values for the
complete-model and the body-tail configurations with a theoretical pre-
diction of local downwash angle at the root chord of the horizontal
stabilizer. It is seen that both the body-tail and the complete-model
configurations produce values of upwash at low angles of attack. These
upwash values decrease at moderate angles of attack and change to down-
wash at high angles of attack.

The theoretical method is based on body crossflow theory and takes
into account the large decreases in the total pressure of the crossflow
which occur when the crossflow velocity is supersonic. The result of
this method is shown as the dashed-line curve and it is seen that it
predicts the experimental trend for the body-tail configuration with
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good accuracy. The trend is obviously quite different from potential
theory which predicts a constantly increasing upwash with angle of attack.

In order to investigate the magnitude of the interference effects for
this configuration, the lift and pitching-moment curves for the body-wing,
the body-tail, and the body-wing-tail combinations are compared in fig-
ures, 7 and 8 with the curves obtained by taking the sum of the theoretical
lifts and pitching moments of the appropriate components. For most cases
the difference between the experimental and the summation theories indicates
that there are fairly large interactions in certain angle-of-attack ranges
for these configurations.

The effect of tail location on longitudinal control as obtained from
tests of the model with high and low horizontal tail surfaces with positive
and negative dihedral is shown in figure 9- The change in pitching moment
for a tail deflection of -10° is presented, and the lower tail configura-
tion shows much greater effectiveness as angle of attack is increased,
since the tail surfaces move into the region of higher local dynamic
pressure and lower Mach number produced by the wing as indicated by the
simplified analysis (fig. k).

LATERAL STABILITY

The next part of the paper will be devoted to a discussion of the
effects of shock-field interaction on lateral stability derivatives and
a method of predicting these effects.

The effect of adding the wing to the body on the variation of the
directional stability parameter Cn_ with angle of attack for the test

airplane model at Mach number 6.86 is presented in figure 10. The data
indicate that at angles of attack greater than 10° the wing produces a
stable increment of yawing moment due to the effect of the compression
field from the wing lower surface on the afterbody. Data have also been
obtained on high and low wing configurations which show a greater increase
in Cnp for the high wing location, as would be expected.

Figure 11 presents the effect of tail arrangement on the variation
of the directional stability parameter through the angle-of-attack range.
With no vertical tails present there is a considerable increase in sta-
bility as the angle of attack is increased.

The upper and lower vertical tails produce about the same increment
in directional stability at an angle of attack of 0°, but the contribution
of the upper tail decreases as the angle of attack increases, whereas
that of the lower tail increases. At ah angle of attack of l6°, the lower
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tail has the same value of Cno as the two-tail configuration, showing

that an upper vertical stabilizer may become totally ineffective at high
Mach numbers and high angles of attack. The same trends were also found
at Mach number k in tests of the same model (ref. 7)-

A method has been derived to predict these effects of angle of attack
on the lateral stability parameters. In this method the sidewash field
produced by yawing the body predicted by potential theory is superimposed
on the shock-expansion fields from the wing, and the forces and moments
on the vertical-tail surfaces are obtained by a strip—theory method.
This method has been used to calculate the increments in CnR and Cy

due to the addition of the vertical tail surfaces to the airplane con-
figuration, and a comparison with the theoretical values of these incre-
ments at Mach number 4.06 is presented in figure 12. The computed values
of ACyR through the angle-of-attack range are in excellent agreement

with the experimental values for the three tail arrangements. The pre-
dictions of ACn are also good for the configuration with upper and

lower vertical tails, but the predictions for the upper tail alone and
the lower tail alone are less accurate, although the trend with angle of
attack is given correctly for the lower tail configuration. These incre-
ments have been obtained with and without horizontal tails on the model,
and show very little effect of the horizontal tail surfaces as would be
predicted by the theory.

Figure 13 presents the same comparison at Mach number 6.86. The
trends are estimated very accurately, but the absolute values of the
slope increments are usually too high. It was realized that the pre-
dictions were probably too high because the total-pressure losses through
the body shock wave had not been considered. In order to check this,
the flow field around the body at zero angles of attack and sideslip was
calculated by the method of characteristics, and the increments in side
force and yawing moment on the vertical stabilizers in this flow field
were computed. The results for the configuration with both upper and
lower tails are indicated by the short lines on the zero angle-of-attack
ordinate and show better agreement with experiment than the results of
the method which does not consider.the losses through the body bow wave.

Theoretical calculations of CYR and Cn and their variations
P p

with angle.of attack have been made by this method for two other configu-
rations at M = k.06. These configurations (fig. 14) have wings and tails
with sharp leading edges and wedge slab sections. A comparison of the
theoretical and experimental results is presented in figure 15- The
agreement was better than that obtained for the trapezoidal wing model,
probably because of the sharp leading-edge wing and tail airfoil sections
and the rectangular plan form of the wing. The agreement for the model
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with delta tail surfaces was about as good as that shown in this figure
for the trapezoidal tail surfaces.

CONCLUDING REMARKS

The analysis of the data presented here has shown that flow-field
interference is of primary importance in stability and control calcula-
tions at high supersonic Mach numbers and that the location of stabilizing
and control surfaces that give highest effectiveness can be determined by
theoretical studies of these flow fields. A method has been derived
which predicts the trend of downwash around a circular body as the angle
of attack is increased. A method has also been derived which gives good
predictions of the tail contributions to lateral stability through a
considerable angle-of-attack range. The method used in the lateral sta-
bility case considered the two-dimensional flow fields from the wings
but not the vortex fields from the wing or the body. Further work remains
to be done on longer, more slender configurations for which the vortex
type of interference will probably be important.
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RECENT RESULTS OF STUDIES ON DYNAMIC STABILITY DERIVATIVES

By John D. Bird and William B. Boatright

Langley Aeronautical Laboratory

INTRODUCTION

The solution of the automatic-control and guidance problems of both
airplanes and missiles requires extensive dynamic analyses. In many cases,
these analyses are subject to large uncertainties because of inadequate
knowledge of some of the dynamic stability derivatives. The purpose of
this paper is to discuss some of the more interesting results from recent
investigations of the lateral stability derivatives of high-speed airplane
configurations and components, and in some instances to consider how well
these quantities can be calculated by available procedures. The discus-
sion is concerned with work in the low-subsonic, high-subsonic, and
supersonic speed ranges in that order.

DISCUSSION

In the past, the various stability derivatives have been considered,
for the purpose of stability analyses, to be independent of frequency of
oscillation, and they have been determined in wind-tunnel tests by pro-
cedures involving steady sideslipping, rolling, and yawing motions. For
unswept-wing airplanes, these procedures have given derivatives that show
reasonably satisfactory agreement with flight experience. However, for
swept- and delta-wing airplanes designed for high-speed flight, this cir-
cumstance is no longer the case for the high-angle-of-attack range where
separation effects become important. Recent oscillation-in-yaw tests in
the Langley free-flight and stability tunnels at low speed have shown
that the lateral stability derivatives of these plan forms have large
damping in yaw and appreciable directional stability at the higher angles
of attack where the steady-state derivatives indicate much smaller values.

Figure 1 shows data on the damping in yaw and directional stability
determined in the Langley stability tunnel by Lewis R. Fisher from oscil-
lation tests of a thin 60° delta wing. The oscillation tests from which
these data were obtained were the type that is most easily conducted in
a wind tunnel and involved a rotational oscillation about the assumed
center-of-gravity location. In the axis system normally employed in
lateral-stability work, this motion consists of both yawing and sideslipping
and results in the combination derivatives Cnr, m - C^ m and Cng plus



the square of the reduced frequency multiplied by Cn. as factors
Ij CO

indicative of damping in yaw and directional stability. The deriva-
tives Cnr and Cno obtained from steady-yawing and sideslipping tests

are also shown for comparison. These steady-state derivatives are the
quantities frequently employed in lateral-stability analyses. Through-
out this paper the subscript "u>" is employed to designate results obtained
in oscillation tests. The small lift curve in the lower left-hand side
of figure 1 is shown to provide some orientation with regard to lift coef-
ficient and angle of attack.

The large effect of frequency on the oscillatory yaw damping and
directional stability and the significance of the Cn- derivative at

p,Gi

the higher angles of attack are immediately apparent. In the angle-of-
attack range where flow separation becomes a factor, but which is normally
only approached at low speeds in landing, the damping in yaw and directional
stability are appreciably more favorable than is indicated by the steady
or zero frequency derivatives. Values of the damping in yaw near unity
are obtained for the oscillatory contribution of the wing, whereas the
steady-state contribution of the wing is about zero. The damping in yaw
for a complete model, including the major factor of the tail contribution,
is frequently no more than -0.25- Other data, not shown herein, indicate
that amplitude of motion has a large influence on these high-angle-of-
attack derivatives at low frequencies.

An analysis made in conjunction with a similar set of experiments
made in the Langley free-flight tunnel assumes the damping to be caused
by a lag in the buildup and decay of the separated flow that is character-
istic of delta wings at the higher angles of attack. Calculations based
on this assumption are in qualitative agreement with the experimental
result for 50° angle of attack.

A recent investigation by Campbell and Woodling (ref. 1) indicates
that the oscillatory derivatives shown herein may, at the higher angles
of attack, make the damping rate of the lateral oscillation of a delta-
wing airplane several times as great as the steady-state derivatives
could accomplish alone.

In unpublished results obtained a few years ago, data from steady-
roll tests were employed to show the existence, because of separation
effects, of large losses in damping in roll at high subsonic speeds and
moderate angles of attack for a range of wing plan forms, and to show the
beneficial influence of a fence on this loss in roll damping. More
recently, oscillation tests in the Ames 12-foot pressure tunnel, some of
which are already in published form (for example, ref. 2 by Beam, Reed,
and Lopez), have substantiated these losses in roll damping at high sub-
sonic speeds and have shown that such separation effects may extend to
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other derivatives. Figure 2 shows data from oscillation tests of a delta-
wing model at a Mach number of 0.6 which illustrate this result. These
results indicate a large increase in the derivative C7 - C7- atLr,<x ,̂̂
an angle of attack of about 12° which was not evident at a Mach number
of 0.25- The improvement in the pitching-moment curve, presumably indi-
cating a reduction in the separation on the tip which accompanied the
addition of the fence and the corresponding reduction in the increase in
the derivative Ci_ ,„ - C?• near an angle of attack of 12°, is readilyr , CD p y CD
evident.

In recent years, semiempirical procedures have been developed and
improved to the point where the steady-rolling derivatives of wings and
relatively uncomplicated airplane configurations may be estimated reasonably
well for the subsonic Mach number range. Figure 3 gives a comparison of
the experimental and calculated steady-rolling derivatives for two air-
plane models, for the purpose of illustrating how well these procedures
apply to configurations having the irregularities of form of practical
aircraft. These data are for unswept- and 1*5° swept-wing models and
came from investigations made by Sleeman and Wiggins (ref. 3) in the
Langley high-speed 7- by 10-foot tunnel. The calculations were made by
using procedures given in papers by Goodman and Adair (ref. U), Wiggins
(ref. 5), and Michael (ref. 6), and involve the use of the experimental
lift and drag characteristics.

The calculations are only in fair agreement with experiment in some
of the cases shown. The most serious discrepancy arises because of the
difficulty of estimating the sidewash effect of the rolling wing-fuselage
combination on the vertical tail. This difficulty largely accounts for
the difference shown between calculation and experiment for Cn and is

felt to be associated with the relative flatness-of the fuselages in the
vicinity of the wing juncture. Calculations of the derivative Cnp for

the wing-fuselage combination are usually in much better agreement with
experiment than is shown herein for the complete model.

Consider now some of the information available at supersonic speeds.
Figure k shows results from an investigation of the damping in roll of
aircraft configurations and components in combination made in the Langley
9-inch supersonic tunnel by McDearmon and Clark (ref. 7) bY using the
steady-roll technique. These results show the influence on C^ of what

might normally be called a secondary interference effect.

Figure k presents the variation of Cj with Mach number for a

model of the Bell X-1A. airplane with and without certain component modi-
fications attan angle of attack of 0°. For the complete configuration,
an appreciable loss in damping in roll is shown near a Mach number of 2.2.
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The body-wing tests and the tests of the complete model with a pointed
canopy instead of the more blunt original canopy do not show this loss
in C}p and agree reasonably well with the theoretical result for the

wing alone. These results indicate that the loss in C^ experienced

by the original model was associated with a separation phenomenon on the
relatively blunt original canopy which influenced the wake and, therefore,
the contribution of the tail to Cj_. Additional tests with the hori-

zontal tail removed indicate that the vertical tail is far more important
than the horizontal tail in contributing to this loss. It is interesting
to note that, at a free-stream Mach number of 2.2, the dorsal-nose shock
becomes attached. The importance of this coincidence is not known. Theo-
retical calculations that were made of the body fin effects on the wing
damping did not predict a loss in damping near a Mach number of 2.2.

It should be mentioned that damping-in-roll tests on two other air-
planes have not shown the loss in damping in roll experienced by this
model and have agreed well with theoretical values of Cj . Both of these

models had more pointed canopies than the Bell X-1A.

Figure 5 shows results from a recent investigation made in the
Langley 9-inch supersonic tunnel by Boatright (ref. 8) on a model of the
Douglas D-558-H airplane. These tests were conducted at Mach numbers
of 1.62, 1-91> and 2.14-1. The results at a Mach number of 1.62 are con-
sidered representative and are presented in figure 5- The sweptback wing
of this airplane had 3° incidence and 3° negative dihedral. In order to
simulate more closely the turbulent-boundary-layer conditions of the full-
scale airplane, transition strips were fixed near the nose of the body
and near the wing and tail leading edges for all tests.

In figure 5> C7_ - Ci- is plotted against angle of attack.r, CD **p, co
Results are shown for the complete configuration, the body-tail combina-
tion, and the body-wing combination. Tests were conducted at the two
oscillation frequencies denoted by the circular and square symbols. Two
surprising results are apparent from these tests. The first is the
relative magnitude of the derivatives measured. Estimates of the value
of this derivative, based on static-force measurements, give a value of
C-i - CT of the order of 0.1. The values shown are much greaterLr,(u 4P,u>
and are negative. Secondly, there is a large negative contribution to
this derivative as a result of the body-wing combination. That is, the
moment associated with this derivative would cause a roll to the left
when the airplane is yawing to the right. This occurs in spite of the
fact that the measured Cj values of the body-wing combination were

slightly negative. That is, in a static condition, sideslip to the right
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produces rolling moment to the left. Whether the large negative values
of Cj . - Cj' of the wing are due principally to the sweepback, the

negative dihedral or body interference effects on the wing is not under-
stood. However, the large negative values of Ci,, „ - Ci • of the wingfcr(jo ''
are predominant in determining the values of this derivative for the
complete configuration. This also is contrary to the usual assumption
that the major contributor to this cross derivative in the low-angle-of-
attack range results from the vertical tail.

Although the values of Cj - C? * are greatly different fromr y co p y o)
the one estimated, calculations of the period and damping for this partic-
ular airplane showed little effect of the magnitude of this derivative
on the stability of the airplane at low angles of attack. Other calcula-
tions made in a program currently under way to evaluate the importance of
some of the effects shown in this paper indicate this derivative to be
very important at higher angles of attack.

CONCLUDING EMARKS

It is evident from the material presented herein that the under-
standing of the behavior of the dynamic lateral stability derivatives is
far from complete. The significance of the results presented in terms
of airplane dynamic stability will have to be evaluated for each partic-
ular design under consideration.
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SOME RECENT RESEARCH ON THE HANDLING .

QUALITIES OF AIRPLANES

By Walter C. Williams .
NACA High-Speed Flight Station

and William H. Phillips
Langley Aeronautical Laboratory

INTRODUCTION

The problem of interpreting the pilot's opinion of the handling of
an airplane in engineering terms has been the subject of investigation
for a number of years. Up to and through World War II there was little
change in the requirements since, generally speaking, the airplanes were
of the same type. In recent years, however, speed range of military air-
planes has doubled and configurations have been drastically altered. It
has been attempted, therefore, to continue research into the handling
qualities of airplanes so that the requirements would meet the needs of
the newer speed ranges and configurations.

Some of this work has been underway at the NACA High-Speed
Flight Station using research airplanes as well as some of the more
recent operational airplanes (three fighters and one medium bomber). The
ranges of configurations covered included straight-wing airplanes, swept-
wing airplanes having 35° "to 60° of sweep, and delta-wing configurations
which were tailless. In addition, both civilian and military test pilots
as well as military operational pilots have been consulted. This paper
does not attempt to specify directly new requirements since either the
information does not cover a large enough number of airplanes or the
investigations are not complete enough at this time to state requirements
definitely. This paper is, therefore, an indication of the thinking of
the National Advisory Committee for Aeronautics with regard to deficien-
cies or possible changes in the handling-qualities specifications. Since
this paper, in outline, follows the handling-qualities specifications,
the longitudinal case will be discussed first.

DISCUSSION

Longitudinal Stability and Control

Dvnann c longitudinal stability.- In connection with dynamic longi-
tudinal stability, periods and times to damp have been determined by



using the usual pulsing techniques. These data are shown in figure 1.
The speeds are from subsonic to moderately high supersonic vith an alti-
tude range from 10,000 to 50,000 feet. Also illustrated in this figure
is the present military specification which requires damping to one-half
amplitude in one cycle as well as the older requirement of damping to one-
tenth amplitude in one cycle. The corresponding scales are also shown.
The pilots in this case did not feel that the damping was sufficient for
satisfactory handling qualities, "but as the damping approached the old
requirement of one-tenth amplitude in one cycle the airplanes became
more satisfactory. There is evidence from studies of tracking runs that
damping of the order shown in conjunction with the characteristics of the
usual powered control system adversely affects the gunnery. Extension of
these data will be accomplished in the near future with the installation
of artificial damping in one of these airplanes because it appears that
the pilot prefers the short-period oscillation well damped. This study
of the pitch damping requirements is a subject of intense investigation
at this time because it has been found, as is pointed out subsequently,
that there are other characteristics of the airplane that are seriously
affected by pitch damping.

Longitudinal trim changes with speed.- Figure 2 shows three different
types of variation of elevator or stabilizer angle and force with Mach
number. All these airplanes have irreversible control systems with
artificial feel. In none of these cases did the pilot object strenuously
to the trim changes in the transonic region for the case of accelerating
through this speed range. It is noted that the trim force changes are
quite moderate, under 10 pounds. There was, however, a gradation of
pilot opinion between the various airplanes. The pilots objected most to
airplane A vrhere there was a reversal of the elevator force and position
with speed. They objected somewhat less to airplane B where the reversal
was of smaller magnitude, in this case only 3 pounds. They preferred the
characteristics of airplane C where increasing speed always calls for
increasing push force, even though, between Mach numbers of 0-95 and 1.1,
there is a change in force of the order of 10 pounds, which, however, is
always in the stable direction. It appears, therefore, that if the trim
changes are light (of the order of 10 pounds) the pilot will not object
too strenuously; it is further apparent that he still desires trim char-
acteristics such that increasing speed calls for increasing push force.
In the older airplanes having similar force variations with speed but
with a much higher level of changes, in some cases as high as 50 to 60
pounds, the pilot found such trim curves extremely undesirable. For the
problem of cruising within the regions of trim changes, either where the
trim variation is very flat or reversed, the problem is a little more
involved. It was found that the pilot encountered some difficulty in
actually setting up the trim speed in this region. However, once the speed
was established, with practice he could fly reasonably steadily in this
speed range. It did, however, require continuous attention and a moder-
ate amount of control manipulation. For a long-range cruise it would be



rather tiring. For flight at high altitude (50,000 feet) it is possible
that the entire flight speed range of the airplane is within the trim-
change region. In discussions with military pilots it was found that
they were working continuously to fly formation in this speed range.

Pitch-up with decreasing speed.- In the past there has "been much
discussion of longitudinal instabilities during constant-speed acceler-
ated maneuvers which involved nonlinearities in the variation of pitching
moment with lift coefficient. Since that time, however, much has been
learned to eliminate this problem through actual design procedures.

Another subject of research has been that of instabilities or
pitch-ups during maneuvers made at constant g with decreasing speed,
particularly for the case of decreasing speed from supersonic to sub-
sonic speeds. Many airplanes studied in the past had constant-speed
pitch-ups at transonic speeds. For the present discussion, airplanes
are considered which had linear stability with lift through the range
covered.

In order to study the problems associated with slowing down while
holding constant g, measurements have been made on three airplanes of
the longitudinal control deflections and forces as a function of Mach
number and normal acceleration. In addition tests were made in which
the pilot attempted to hold the normal acceleration constant in turns
while slowing down at various rates. The control deflections and forces
to hold Ig are shown in figure 2. The corresponding curves in an accel-
erated turn may be visualized by adding the increments due to increasing
CN or 6 shown in figure .3, which gives the variation of force per g
and elevator control per unit Cjg as a function of Mach number. As
shown in this figure, airplane A exhibited a large loss in control
effectiveness in the transonic range. The instability shown in the curve
of 8e as a function of M for Ig would therefore be accentuated at
higher values of g. On the other hand, the loss in control effectiveness
for airplane C is very slight, and when combined with the stable curve
for Ig would result in nearly constant control deflection to hold some
value of normal acceleration in a turn. ( The characteristics of airplane
B are intermediate between those of A and C.)

The variation of force per g with Mach number for the three air-
planes is also shown in figure 3- The curves differ considerably from the
position curves because of the characteristics of the individual feel
devices. The characteristics are such, however, that a marked decrease
in pull force would be required in airplane A when slowing down through
the transonic range in a turn, whereas the force for airplane C would be
about constant.

Time histories of the maneuvers at constant g made with these air-
planes are now presented. It should be noted that changing the rate of



decrease of Mach number when decelerating from supersonic to subsonic
speeds by making runs with afterburner on and off had little effect on
the general conclusions to "be drawn from these runs.

The maneuver made with airplane A (fig. U) shows that the pilot had
little difficulty in maintaining the average value of g throughout the
maneuver. In entering the region of greatest trim change, however, the
airplane was disturbed in pitch, and from then on, because of low damping
in pitch, the pilot had difficulty in controlling the maneuver precisely.

Similar results are shown in the case of airplane B (fig. 5)• This
run was made at a somewhat higher value of g. A fairly abrupt stabilizer
motion made on entering the unstable region may be seen. The resulting
disturbance continued as the Mach number decreased further. In this
case, precision of control was further adversely affected by large
control friction and breakout forces.

The maneuver made with airplane C (fig. 6) shows, in contrast, a
very steady and precise control of normal acceleration, with little change
required in stabilizer position or force.

These data show that, for airplanes with adequate control power and
positive stability with change in angle of attack, the pilot can control
the average normal acceleration reasonably well in maneuvers in which
the speed decreases from supersonic to subsonic. When there are large
trim changes and low damping in pitch, however, precise control is diffi-
cult. Increases in pitch damping and improvements in the power control
system are expected to alleviate these problems.

Most of the difficulties experienced in earlier airplanes with
excessive pitch-up in reducing speed have occurred at low altitude, where
the deceleration is greater and the normal acceleration due to a given
change in angle of attack is increased. Also, these airplanes usually
had conventional elevators which experience large increases in effective-
ness as the speed is decreased from supersonic to subsonic. The provision
of all-moving tails, which maintain more nearly constant effectiveness,
has been found to alleviate these problems greatly. Nevertheless, the
unsteadiness encountered in the present tests at high altitude would be
expected to increase at lower altitude. The conclusion may be drawn,
therefore, that efforts should be made to avoid as much as possible trim
changes and variations in control effectiveness with Mach number in the
transonic range.

Lateral Stability and Control

Lateral-directional oscillations.- The next subject to be discussed
is lateral-directional stability and control, in particular, damping of



the lateral-directional oscillations. This particular requirement has
probably been the source of more discussion and/or controversy than any
of the other requirements. This is probably because it depends on many
variables and leans extremely heavily on pilot opinion. The pilots, in
this case, vere required to fill out a form which covered maneuvers used
in operations typical of cruise, instrument, and gunnery flying. As a
basis for a start, figure 7 illustrates the present requirement that
specifies the cycles to damp as a function of the parameter 0/ve which
is the ratio of bank angle to equivalent side velocity. The upper curve
on this plot is the damping requirement as stated in the present Military
Specifications. For most configurations with controls fixed and free the
lower curve covers the case of artificial damping devices inoperative in
the power-approach condition. As can be seen in this figure, there are
airplanes that fall into the satisfactory zones but are considered unsat-
isfactory or marginal at best by the pilots. This is particularly true
in the case of high values of 0/ve. Actually, the curve reported in
reference 1 calling for a very much higher degree of damping at the
higher values of 0/ve more nearly agrees with the pilot opinion. When
these characteristics were looked at from many viewpoints with the use
of other criteria, it was found that one of the primary sources of pilot
satisfaction or dissatisfaction was the ratio of roll to yaw, as this
curve indicates. It was found that the airplanes could acutally be
separated into two general regions depending on the value of the ratio of
rolling rate to yawing rate. Figure 8 goes back to the original require-
ment of time to damp to one-half amplitude as a function of period for
airplanes having values of roll-to-yaw ratios less than k. These data show
that this requirement would be quite adequate. It is indicated that for
general flying, not the close flying of gunnery or bombing, the pilot
would tolerate less damping where the period was high. However, in
considering the case of roll-to-yaw ratios greater than 4, as shown in
figure 9, it can be seen that, regardless of the damping, the airplanes
are generally unsatisfactory. In obtaining data on a subject like this,
of course, there are many influences. However, on the basis of these
data and what might be called general pilot opinion on the flying of any
particular airplane, high ratios of roll to yaw are very objectionable to
the pilot since any correction in yaw or a side gust results in excessive
rolling which causes changes in heading.

Lateral control.- The lateral-control requirements and changes made
thereto along with the increase- in speeds of the airplanes have always,
up to now, resulted in increasing roll velocities and increasing rolling
accelerations. During the past year or two, however, the rates have
become high enough to be in resonance with the pitch and/or yaw frequencies
of the airplanes so that a serious roll-coupling problem on a number of
airplanes has resulted. Calculations have shown that the value of the
roll rate as well as the angle of bank reached has, of course, very serious
effects upon the degree of roll coupling that exists, or at least on the
notions resulting from roll coupling. It is indicated that a reduction



in either roll rate or angle of bank, reached during a roll, or both, will
have very beneficial effects on the roll coupling to the point that it
could be relegated to a very restricted portion of the flight envelope;
it might be added that these calculations also showed that increasing
the damping in pitch had a very beneficial effect on the roll coupling.
In any event it appeared to be of urgent importance to reexamine care-
fully- the roll requirements, both at high and low speeds. A number of
flight and analog investigations bearing on this problem have been
carried out at the NACA High-Speed Flight Station and at the Langley
Aeronautical Laboratory. The findings from these investigations are
summarized in figures 10 to 12. This, incidentally, is one of the
problems discussed quite thoroughly with military pilots.

Figure 10 presents a summary of the aileron control characteristics
for a typical airplane at a Mach number of 0.8 and altitude of 30>000
feet. Maximum rolling velocity and time to roll to 90° are plotted as
a function of total aileron deflection.

The solid line indicates the minimum time required to pass through
90° bank angle. It is apparent that above an aileron deflection of 20°
a region of diminishing returns is present. Note that this airplane
would barely meet the present specifications of 100° change in bank angle
in one second with maximum aileron deflection. This curve does show the
difficulty of making a test to prove this requirement since the time
measurement requires very high accuracy because of the small slope of
t with 60,. It also shows that the designer may have to double the
aileron power to gain 1/10 second in time to reach a given bank angle.

Another manner in which the aileron capabilities have been evaluated
is by not only including the time to accelerate and roll through a given
bank angle but also to include the time required to become reasonably
stabilized at the desired bank angle. This time designated t* is of
considerable significance when making offensive or tracking maneuvers.
The dashed curve represents the average time required by pilots to
complete rolls from a ̂ 5° bank turn to ̂ 5° in the opposite direction. It
would appear that the time t* decreases with aileron deflection until
about 21° of total aileron is used; above this deflection the time
required increases fairly rapidly. This was primarily attributable to
overshoot. The aileron deflection for minimum t* agreed very well
with the pilots' opinions of the optimum aileron required for the 90°
maneuver. The peak roll velocity attained for optimum conditions in
this maneuver would be about 2 radians per second and it is evident that
the ultimate roll rate is fairly well developed in 90°. It should also
be mentioned that studies of this type covered a Mach number range of
0.7 to 1.2 for this airplane and the t* curves and accompanying pilot
impressions did not appreciably change over the entire speed range.

In figure 11 is shown one type of analysis of aileron requirements
based on this investigation. Maximum -eoll velocity is plotted as



ordinate and maximum roll acceleration as abscissa. These quantities
were obtained from 90° maneuvers of the type summarized in figure 10.
The approximate test envelope is shown by the dashed line. If in
figure 10 the regions of t that are less and greater than 1. 75 seconds
are arbitrarily separated, the flight envelope of figure 11 is divided as
shown into three regions: a region of perhaps too slow response for
general use, a region in which combinations of roll acceleration and roll
velocity produced satisfactory results, and a region of roll velocity
and acceleration that was obviously too much for the average pilot to cope
with. As a point of interest the center of the satisfactory range is
defined fairly well by a value of Pmax = 2 radians per second and
a value of Pmax = 5 radians per second squared.

A flight and analog investigation of the aileron power required for
visual tracking in pursuit-type attack and evasive maneuvers has been
completed at the Langley Aeronautical Laboratory. The flight investi-
gation was necessarily restricted to subsonic speeds. A similar flight
study is under way at the NACA High-Speed Flight Station and will include
work at supersonic speeds.

The analog-computer investigation consisted of a determination of
the theoretical values of rolling velocity and rolling acceleration
required of an attacking airplane in order to follow a target airplane
during various turn entry maneuvers. Some results of this investigation
are plotted in figure 12. These results show that in the target maneuvers
involving 90° bank, the rolling velocity and rolling acceleration required
of the attacking airplane decrease rather rapidly as the range increases.
When the target makes a l80° roll, however, the rolling velocity and
rolling acceleration required of the tracking airplane are considerably
greater and do not decrease rapidly with increasing range. The values
of rolling velocity and rolling acceleration obtained from these analog-
computer studies are in good agreement with those obtained from flight
tests under similar conditions. It therefore appears that the rolling
requirements of an attacking airplane can be determined on a rational
basis by means of analog- computer studies of this type. Also, the
analog computer allows studies of a much wider range of conditions with
closer control of the variables than is possible in flight tests. Exten-
sion of these calculations to supersonic speeds and to cases in which
the attacker is overtaking the target is now in progress. Results
obtained so far for a Mach number of l.U show that values of rolling
velocity about 50 percent greater than those plotted in figure 12 are
required in order to follow similar target maneuvers.

Interviews with military pilots indicated that as far as high-speed
control was concerned they felt the present airplanes had more aileron
control than they would ever use. They found it hard to recall any case
where they had hit the stops in using ailerons at high speeds. They
generally felt that the deflection could be cut down without serious
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effect. They felt, further, generally speaking, that not over l80°
of "bank angle would be required in any tactical maneuver. There were
a few holdouts but the general concensus was that if the airplane
were satisfactory within this bank-angle range the tactical mission would
not be restricted. Since it has been established that, for high-speed
flight, aileron power was greater than required, the low-speed case
should then be considered; that is, the take-off and landing as well as
whatever low-speed maneuvering may be required in flight.

Rudder-fixed rolls were made at V^ = l6o knots with landing gear
down with two airplanes. The roll specification for low-speed flight
calls for an average pb/2V of 0.05 for the first 30° of bank.

One of these airplanes had an average pb/2V of 0.036 for the
first 30° of bank and the pilots feel the lateral control to be entirely
adequate for low-speed flight.

The other had an average pb/2V for the first 30° of bank angle
which.was about 60 percent of the required minimum of 0.05 (about 0.03).
This is brought about by a reduction in aileron effectiveness at the
high angle of attack (11°) and adverse sideslip coupled with relatively
high dihedral effect. Some pilots consider this airplane to have
marginal lateral control power for landing.

Actually, it appears that, for the most part, present-day airplanes
have sufficient lateral control power; however, consideration has to be
given to cross-wind landings and take-offs and need for counteracting
wakes of other airplanes during the close-pattern landings which appear to
be a military requirement. It is felt that the present low-speed lateral-
control requirement is perhaps unrealistic in that it could not be met
on current airplanes which the pilots felt were satisfactory.

Rudder control.- Among other studies has been the use of rudder
during high-speed, maneuvers. It appears for the high-speed roll case
that the pilot has a very difficult time coordinating any maneuver with
the use of rudder because of the high roll rates. Also, because the
airplane rolls about an axis inclined to the flight path with the cockpit
usually well forward in the airplane, it is possible for the ball-bank
indicator, which is one way of the pilot's knowing what sideslip is
.occurring, to give him fallacious indications with the result that.
perhaps the control introduced based on reading of the ball would be in
the wrong direction. The pilot, of course, is undergoing the same
acceleration forces. However, this does not mean that the rudder is not
useful to the pilot in supersonic flight. It has been found that some
pilots use the rudder quite a bit either to help damp high-speed lateral
oscillations or to account for lateral trim changes that may occur in
transonic or supersonic flight.
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Control-System Characteristics

Research on power control systems has been continued vising "both
theoretical methods and ground simulator studies in an attempt to form-
ulate requirements for satisfactory characteristics. It is realized that
"because of the large number of variables affecting the characteristics
of a power control system, a simple requirement for control friction or
breakout force will not be adequate to rule out all unsatisfactory
conditions.

A study is being conducted, using a ground simulator known as the
pitch chair, to determine the boundaries between satisfactory and
unsatisfactory regions in terms of such control-system parameters as
valve friction, flexibility, backlash, and so forth.

Figure 13 illustrates some of the results obtained in this study.
This figure shows a sketch of the control system which is being used.
Provisions are made to add static friction to the control stick, static
friction at the valve, and flexibility between the control stick and the
valve. It should be noted that in this case the control feel device,
which is a simple spring, is located at the control stick ahead of the
region where flexibility is present. The curves in the lower left-hand
part of the figure show the case for a rigid control system. At very
low values of friction, less than 1/2 pound, conditions are considered
to be tolerable though not entirely satisfactory because small movements
of the airplane can cause the pilot to apply inadvertent control motions
as a result of inertia of his hand and arm. Increasing values of valve
friction in this case are acceptable provided the stick friction remains
greater than the valve friction. This is true because the stick friction
will then serve to center the valve and prevent the power control system
from motoring in the absence of the pilot's -inputs. However, when the
combined values of stick friction and valve friction exceed approximately
3 pounds, the pilots considered the characteristics to be unsatisfactory
because of the difficulty of making small control corrections when the
breakout force exceeded 3 pounds.

The right-hand part of figure 13 shows similar results for the case
in which flexibility is present between the control stick and the valve.
In this case any amount of valve friction exceeding about U ounces at
the control stick led to very unsatisfactory control characteristics.
The introduction of flexibility ahead of the feel device, however, gave
results more nearly similar to those in the left-hand part of the figure.

CONCLUSIONS

A few tentative conclusions can be drawn from the investigations
which have been discussed. It appears that increased damping in pitch
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should be provided in modern airplanes. This damping could be artificial
since airplanes meeting the present requirements without artificial
damping, although unsatisfactory, are not considered dangerous. Increases
in damping in pitch will not only improve dynamic longitudinal stability
but will improve longitudinal characteristics in maneuvers made with
large speed losses as well as alleviate the roll-coupling problem. The
exact degree of longitudinal damping desired is the subject of study at
present and it is not possible to state the exact requirement.

It appears that trim changes involved in force changes of less than
10 pounds will not be extremely undesirable to the pilot; however, the
more nearly the case of true stability with speed, that is, increase in
push force for increase in speed, the more desirable the airplane will
be. In the case of speed losses during maneuvers from supersonic to
subsonic speeds it appears that one of the primary factors involved is
the trim changes with speed coupled with low damping, so if effort is
made to satisfy this case there will be improvement in the maneuvering
characteristics. It is difficult at this time to state any definite
requirement.

For a case of dynamic lateral stability the pilots are not satisfied
with airplanes having high roll-to-yaw ratios and the results indicate
that any airplane having a roll-to-yaw ratio greater than k will be
considered undesirable by the pilot.

For the high-speed case, the lateral-control requirements can
probably be relaxed - in fact, appreciably reduced. Study should be
made of the mission the airplane is expected to perform. For the present
it appears that the low-speed requirements are very stringent and some
relaxation could be tolerated.

For a rigid power boost system some valve friction can be tolerated
if there is greater stick friction. The combination of the two should
not exceed 3 pounds. For a system having flexibility, the requirements
for valve friction are very stringent if the feel system is at the
stick. Placing the feel system at the valve results in requirements
similar to those for the rigid case.

REFERENCE
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SPINNING AND RELATED PROBLEMS AT HIGH ANGLES OF

ATTACK FOR HIGH-SPEED AIRPLANES

By Walter J. Klinar

Langley Aeronautical Laboratory

INTRODUCTION

The mass characteristics of fighter airplanes have changed in recent
years from a mass regime wherein the moments of inertia about the pitch
and roll axes were nearly equal to a new regime wherein the moments of
inertia about the pitch axis are very large with respect to those about
the roll axis. This shift in the mass regime is illustrated in figure 1.

IY - IvVariations in the parameter plotted diagonally, — -, indicate the
mb2

relative distribution of mass in the wings and the fuselage of an air-
plane. Positive values of this parameter indicate that the mass is pre-
dominantly in the wings and negative values indicate that the mass is
primarily in the fuselage. The two designs shown in the lower right of
the figure represent the old type of airplanes whereas those in the upper
left are examples of present-day fighters which are generally very heavily
loaded along the fuselage. The present paper deals with airplanes of this
latter type.

Whereas rudder and elevator reversal were recommended for spin
recovery with the older type of airplanes, ailerons with the spin are
required for recovery (stick right in a right spin) with the present-day
fighters unless the airplane has an unusually effective vertical tail.
Generally, ailerons designed to provide the required effectiveness in
normal flight have been found to be effective in bringing about spin
recovery. Combinations of high inertias and possible high angular
velocities in spins, however, and also the practice of moving ailerons
inboard on the wing or substituting upper-surface spoilers for them may
give rise to situations in which the lateral controls may not be suffi-
ciently effective. As a result it may be necessary to resort to other
means for spin recovery, and some possible techniques are presented in
this paper. The effects in spins of jet-engine installations and pilot
confusion in spins are also discussed.
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RESULTS

In order to review briefly the reasons for the effectiveness of
ailerons in spins, it appears desirable to examine the yawing-moment
equation because experience has indicated that the yawing moment is the
most significant moment affecting spin recovery. The following equa-
tion "for yawing moment does not include product-of-inertia and engine
gyroscopic terms:

Naerodynamic

As regards aileron effectiveness in spin recovery, provision of an inertia
cross-couple yawing moment to oppose the spin rotation has been found to
be very effective. In reference to the inertia cross-couple term of equa-
tion (l), it is desirable that the pitching velocity q be positive or
nose up to produce a yawing moment opposing the spin for the types of
loadings considered. If the inner wing is depressed in a spin, a positive
or nose-up pitching velocity will be obtained. Thus, if ailerons displaced
with the spin apply a rolling moment sufficient to depress the inner wing
below the horizontal in the spin, the pitching velocity will be in the
proper sense to provide a yawing moment opposing the spin. The ability of
ailerons to apply a rolling moment in the desired direction at spin atti-
tudes is shown in figure 2.

Angle of attack is plotted horizontally and the upper portion of the
figure indicates the rolling-moment coefficient provided by the ailerons.
Figure 2 indicates that, although the aileron rolling moment drops off as
the angle of attack increases, the ailerons are still effective in applying
the desired rolling moment even at very flat spinning attitudes for the
envelope of rotational rates presented. The lower portion of the figure
presents yawing moment against angle of attack and shows that ailerons with
the spin also apply an antispin aerodynamic yawing moment

In recent model tests, flat rapidly rotating spins have been
obtained on some contemporary fighters having the horizontal tail placed
low on the fuselage and on some horizontal tailless designs. In such
instances provision of even a large rolling moment with the spin may not
be an effective recovery device. Figure J gives an indication of the
rolling moment required for various airplane angular momenta for airplanes
of this type based on a statistical study. The parameter Jil̂  plotted

horizontally is indicative of the angular momentum about the airplane
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Z-axis and the parameter Say8a plotted vertically is an aileron area
momentj increasing values of Say6a indicate more effective ailerons.
The chart also indicates that for instances where unduly large rotational
rates exist extremely large aileron moments may be required unless some
other means is employed to slow down the spin rate and thus enable the
ailerons to effectively terminate spins.

tIn the developed spin the rotational rate is directly related to
the aerodynamic nose-down pitching moment for a given spin attitude, and
large values of nose-down pitching moment lead to rapid rotational rates.
Thus, a means of slowing down the spin rotation and rendering the ailer-
ons more effective is by decreasing the aerodynamic nose-down pitching
moment. One manner of accomplishing this, which has been, found to have
some effectiveness, is by deflecting the horizontal tail upward to a
large angle.

Another means of slowing down the spin rotation found to be effective
in several instances is by extending small canard surfaces that are nor-
mally retracted against the sides of the fuselage. (See ref. 1.) Sur-
faces about 2 to 4 percent of the wing area have been found to be quite
effective when they were extended for recovery in conjunction with movement
of the regular controls. A typical view of a model with canards installed
and extended is shown in figure k.

In addition to making tne canards of sufficient size, it is important
that they be placed at a high forward position on the fuselage where there
is ample fuselage depth below the canard hinge line. Small aspect ratios
also appear desirable. Canards aid in terminating spins because they con-
tribute a nose-up pitching moment which is favorable for reasons previ-
ously indicated. The canards also contribute a damping in yaw which
has favorable effects.

Another means of providing assistance to lateral controls when they
are not sufficiently effective alone in terminating spins of contemporary
fighters or when ailerons do not exist on the design is by operating the
horizontal tail differentially as ailerons.

In connection with the canard surfaces, results of dynamic model
tests of one contemporary fighter design have shown that such surfaces
suitably positioned were effective in preventing a directional divergence
near the stall. (See ref. 1.) These tests were conducted on the launching
apparatus used for incipient spin tests. The model without canard surfaces
installed diverged directionally after attaining stalled attitudes because
of a loss in directional stability and, in some instances, subsequently
entered spins. With suitably placed canard surfaces installed, however,
the stalled flights of the model were essentially straight.



The use of jet engines has introduced some important factors in
spinning: engine gyroscopic effects, thrust effects, and the possibil-
ity of directing the thrust to produce desired moments for spin recovery.
Experience in a few instances has shown that applying thrust of about

— g directed through the center of gravity had no beneficial effect on

recovery; in fact, thrust applied in such a manner had a somewhat detri-
mental effect because of an attendant increase in rotational rate. If
the thrust can be applied or directed in such a manner as to give a
yawing or rolling moment of sufficient magnitude, however, beneficial
effects can be obtained. Experiment has shown that, for one design that
spun at moderate attitudes and rates, a yawing or rolling-moment coeffi-
cient of 0.02 was sufficient for recovery; whereas for another design that
had flat rapidly rotating spins, a yawing-moment coefficient of 0.13 was
required.

An important contribution of the jet engine in spins is the gyro-
scopic moment of the rotating parts of the engine. Although no general-
izations can be made on the final effect of the gyroscopic moments, two
effects are usually consistent: If engine and airplane rotate in the
same sense about their respective axes of rotation (that is, a clockwise
rotating engine when viewed from the rear and a right-hand spin),.the
spin will steepen and the rotational rate will increase; if engine and
airplane rotate in opposite senses (as a clockwise rotating engine and a
left-hand spin), the converse is true - the spin will flatten and the
rotational rate will decrease. The steepening of the spin is not always
a beneficial effect, however; nor is the flattening always adverse.
Corresponding full-scale engine angular momenta investigated on spin
models have been as high as 25,000 slug-ft̂ /sec. Results of tests on one
model wherein gyroscopic effects of jet-engine rotating parts were simu-
lated are presented in reference 2.

Spins of contemporary fighters are often erratic and oscillatory,
and a pilot can become disoriented and place the controls in a manner
opposite to that required for recovery. Confusion, however, is more apt
to occur in inverted rather than erect spins because, when a pilot is in
an inverted spin, the rolling velocity that he experiences is opposite
to direction of yawing; thus, a pilot may think he is applying controls
to oppose the spin rotation while controls are actually being applied to
hold the airplane in the spin. (See ref. 3.) It is suggested that a
pilot make use of the turn indicator installed in the airplane to deter-
mine the direction of spinning, particularly for inverted spins, to make
certain he is applying controls in the proper direction to oppose the
spin. It may be pointed out that the Langley Aeronautical Laboratory has
a spin-simulator seat mounted on gimbals that is available for aircraft-
company test pilots as an aid to orientation in spins.

The foregoing discussion has been based on the results of experimental
spin investigations. Theoretical approaches are being undertaken to pro-
vide more quantitative information on -tl»"factors which affect the spin and
recovery.
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SUMMARY OF RESULTS

It may be said that to effect satisfactory recoveries from spins
obtained on contemporary fighters, aileron ..deflection with the spin vill
usually be required and in some instances the lateral controls may require
the assistance of other controls such as the horizontal tail or canard
surfaces. Canard surfaces may also offer a means of alleviating the direc-
tional divergence near the stall and thereby prevent subsequent spin entry
for some contemporary fighters. The gyroscopic moments produced by a jet
engine can have appreciable effects in spins, and proper direction of.
engine thrust to provide a rolling or yawing moment offers a means of
obtaining satisfactory spin recovery. In order to avoid pilot confusion
regarding spin direction, use should be made of the turn indicator.
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RECENT CONTROL STUDIES

By John G. Lowry

Langley Aeronautical Laboratory

SUMMARY

A brief review of the present status of control research is pre-
sented and a fev of the more recent control studies are discussed. The
results indicate that, in addition to flaps and spoilers, air can now
be used in the form of Jet controls or reaction controls as alternate
means of controlling the aircraft.

INTRODUCTION

It is the purpose of this paper to give a brief review of the
overall picture regarding control characteristics and then to discuss
in some detail a few of the more recent control studies.

Figure 1 shows.the types of controls that are considered and the
order in which they are discussed. At the top of the figure are the
familiar flap and spoiler types. At the bottom of the figure are the
jet control and the so-called reaction control. The jet control obtains
most of its effectiveness, as does the spoiler, by changing the circu-
lation around the wing, but in addition it may be supplemented by the
reaction of the jets blowing out of the wing. In contrast the reaction
control obtains all of its effectiveness by deflecting the jet exhaust
stream. It should be noted that although the flap, spoiler, and jet
controls are pictured here as lateral controls and the reaction control
as a longitudinal control, all of the controls can be designed as either
lateral, longitudinal, or directional control devices. In order to
complete the picture and include the various controls not mentioned here,
a bibliography of control work done by the National Advisory Committee
for Aeronautics since 19̂ 6 is included.

COEFFICIENTS AND SYMBOLS

aspect ratio

cross-sectional area of inlet, sq ft
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cross-sectional area of Jets, sq ft

wing span, ft

Real part of
in-phase hinge -moment parameter,

03 2M'q

Imaginary part of MR
Chj out-of -phase hinge-moment parameter, -

O,CD 2M'q

n T, j j. .£..£. . . j. Rolling momentC7 rolling-moment coefficient, - s -1 ' qSb

Cjg normal-force coefficient,
i~

WV,
GU momentum coefficient, —-7

c wing chord, ft

Ct, control balance chord ahead of hinge line, ft

Cf control chord behind hinge line, ft

g acceleration due to gravity, ft/seĉ

o)(Cf + Cb)
ka control-surface reduced frequency, ^rp —

M free-stream Mach number

M1 area moment of control area rearward of hinge line, taken

about hinge line, ft̂

Mg aerodynamic hinge moment of control per unit deflection,
positive trailing edge down, ft-lb/radian

pb/2V wing-tip helix angle, radians

p rate of roll, radians/sec

q free-stream dynamic pressure, Ib/sq ft
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S wing area including area within fuselage, sq ft

SE exposed wing area, sq ft

V free-stream velocity, ft/sec

Vj Jet velocity, ft/sec

W weight rate of flow, Ib/sec

a angle of attack, deg

8 control deflection, deg

Ac/lj. sweepback of quarter-chord line, deg

o> angular frequency of oscillation, radians/sec

DISCUSSION

General

The characteristics of flap-type controls can be estimated in the
subsonic speed range by a combination of theoretical and empirical
methods. In the transonic speed range empirical correlations and/or
specific tests must be relied on almost entirely. At supersonic speeds
available theoretical and empirical methods may again be used to predict
the characteristics. All of these methods have limitations as to the
range of applicability - for example, figure 2 shows the range of angle
of attack a and control deflection 5 in which the methods apply for
flap-type controls at supersonic speeds. Boundaries shown for constant
free-stream Mach number represent the values of a and 6 below which
the available methods will accurately predict the control characteristics.
At a Mach number of 3 the range of both a and 8 is rather large, but
this range decreases as the .Mach number is decreased until at M = 1.25
the positive range of a and .8 has practically disappeared. The scope
of this chart is actually expanded by the fact that for symmetrical air-
foils the negative angle-of-attack range shown can also be considered
as positive angle of attack for negative flap deflections.

The situation is much the same for spoiler-type controls as for flap-
type controls except that empirical methods must be used throughout the
speed range since separated flow is always associated with spoilers.
So little is known about the Jet controls and reaction controls at this
time that specific tests are generally required when a new configuration
is considered.
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Flap-Type Controls

Some recent dynamic hinge-moment results obtained at transonic
speeds on an unswept wing will be discussed next. Figure 3 shows the
variation of the in-phase component of the hinge moment CnR with

O ̂  £i)

Mach number M for two controls on an unswept wing at zero angle of
attack. The values of C^ are given for a control having a small

O jOD

overhang I — = 0.2) and a large overhang I — = 1.0) at a reduced
cf I

frequency ^ of about 0.10. It can be seen that the variation of the

Cbin-phase component of the hinge moment with both M and =— is about

the same as the variation of the static hinge-moment coefficient. That
is, the small overhang is underbalanced throughout the Mach number range,
whereas the 100-percent overhang is overbalanced in the Mach number
range covered.

Figure k presents the damping coefficient or out-of -phase component
of hinge moment Oh,; plotted against flap deflection for the same

O y CO

controls as shown in figure 3- The parameter C^ varies with flap
O * CD

deflection at all the Mach numbers shown. .Another very significant
thing is the pronounced change in damping with overhang. At the lowest
subsonic speed (M = 0.7) the 100-percent overhang reduces the damping
at all values of 6 and, in fact, becomes unstable at large flap
deflections. This instability is believed to be associated with the
importing of the balance and the accompanying large changes in flap char-
acteristics. At the higher subsonic Mach number and near the speed of
sound a large increase in damping results from the overhang except for
very small deflections at M = 1.01. This instability, may be associated
with the effect of the unsteady shock wave on the flap.

Spoiler-Type Controls

Among the advantages cited for the spoiler-type control are good
effectiveness throughout the speed range and low wing torsional loads.
Figure 5 presents the results of some recent flight tests made by North
American Aviation, Inc., with an experimental swept-wing airplane. The
variation of rolling effectiveness pb/2V with Mach number M is pres-
ented for the airplane equipped with flap-type ailerons and with spoiler-
type ailerons (in this case, spoiler-slot-deflectors). Above a Mach
number of 0.8 the spoiler-slot-deflector gives a large increase in .
rolling effectiveness, which demonstrates the advantage of low wing
twist associated with spoiler-type controls.

^̂ ô Q̂ĵ ^̂ m̂jĵ i' A T
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Jet Controls

Another type of control that has characteristics very similar to
those of the spoiler type of control is the Jet control, which can use
either free-stream air or compressed air to obtain control. Figure 6
shovs some results for a model of the D-558-II airplane equipped with
both flap-type and jet ailerons that were obtained in the Langley high-
speed 7- by 10-foot tunnel. The variation of rolling-moment coeffi-
cient Ci with angle of attack is shown for both the conventional
ailerons and the jet controls at a Mach number of 0.90. The Jet control
in this case picks up free-stream air in the wing tip inlet, directs it
through a duct in the wing, and ejects it normal to the wing trailing
edge through a series of holes in the thickened trailing edge. The
values of Cj are for the condition in which air is blowing up out of

one wing and down out of the other. The jet control at this Mach number
was about as effective as the regular ailerons deflected their full
amount, ±15°.

The results of some preliminary studies with compressed air are
shown in figure 7. In this case compressed air was ejected through
the holes located on the 65 -percent -chord line. On the left-hand side
the rolling-moment coefficient Ci is plotted as a function of the
momentum coefficient Cu for the 35° swept wing at an angle of attack

of ̂ 0 and a Mach number of 0.9. The rolling-moment coefficient varies
linearly with momentum coefficient, and a comparison with the computed
jet reaction (dashed line) reveals that most of the control power is
obtained from changes in the circulation around the wing. On the right-
hand side of figure 7, the rolling effectiveness pb/2V is plotted as
a function of the weight rate of flow W for an airplane with this plan
form and a wing area of 335 square feet, flying at a Mach number of 0.9
and at an altitude of 10,000 feet. These values are based on the air
being taken from the tail pipe, and thus on a jet velocity of about
2,000 feet per second. Too little is known about these controls to say
how much the amount of air required might be reduced by configuration
changes, but a reduction of about 25 percent could be expected if the
Jets were moved to the trailing edge, the location used in the D-558-II
studies of figure 6. If the air for this type of control is taken from
the tail pipe, the parameter CM is essentially the loss in thrust

coefficient of the airplane; another way of looking at it is that the
value of Cp, is the approximate increase in drag coefficient associated
with control deflection.

Three different types of Jet controls using free-stream air have
been studied by the Langley Pilotless Aircraft Research Division by
means of rocket models at high subsonic and low supersonic speeds.
Figure 8 compares the rolling performance pb/2V over the Mach number



range for the three Jet controls on an 80° delta-wing configuration.
The top configuration picks up air at the wing tip and ejects it normal
to the wing surface through holes along the wing trailing edgej and the
next one also picks up the air at the tip, but ejects it along the wing
surface toward the wing root. These two types have about the same
effectiveness at supersonic speeds. The other configuration is the
least effective of the three; it picks up the air at the wing root and
ejects it along the wing surface toward the wing tip. One current
missile requires a value of pb/2V of about 0.02 for roll stabilization
throughout the speed range. Thus, any of these configurations would be
satisfactory roll-stabilization devices and, due to their nature, could
have low operating forces.

Reaction Controls

Any aircraft can have regions of flight (at very low speeds or at
very high altitudes) in which the dynamic pressure is so low that con-
ventional control surfaces would have to be very large to provide ade-
quate control. In these regions reaction controls can be used. Fig-
ure 9 shows four different reaction controls that have been studied
by the NACA. At the top of the figure are two configurations studied
at the Lewis Flight Propulsion Laboratory at a Mach number of about 1.6.
Hot air was used as the Jet exhaust, and the configurations are typical
of those that might be used on jet engines. The one on the left obtains
its control by deflecting the nozzle to turn the Jet exhaust, and the
one on the right turns the jet exhaust by deflect ing'a vane that extends
across the jet. At the bottom of the figure are two configurations
tested statically with rocket motors by the Langley Pilotless Aircraft
Research Division. They represent devices that might be used in a
supersonic jet exhaust. The one on the left turns the jet by deflecting
a paddle into one side of the jet, and the one on the right turns the
jet by deflecting a spoiler into the jet stream. These configurations
are only four of the many that have been studied by the NACA and other
organizations. They are shown here only to give some idea of the thrust
loss that may be associated with this type of control.

Figure 10 shows the thrust loss associated with the lateral force
for the four controls of figure 9« In order to generalize the data,
both the thrust loss and the lateral force were divided by the basic
thrust. Of these configurations, the swiveled nozzle gives the most
lateral force for the least thrust. In fact, it is equal to 1 minus the
cosine of the deflection angle, the minimum possible loss. All the
other devices show more thrust loss for a given lateral force, and the
immersed vane has the undesirable feature of causing about a 2 percent
loss when in the neutral position. Neither the spoiler nor the paddle
appears to be able to furnish the lateral force that can be obtained
with either the swiveled nozzle or the immersed vane.
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When controls of this type are used on rocket-powered missiles, it
is often desirable to maintain control after rocket burnout. One scheme
for doing this without adding another control is shown in figure 11,
where the trim normal -force coefficient CNmT.* is shown as a function

of Mach number for a cruciform delta-wing missile tested by the Langley
Pilotless Aircraft Research Division. For control, a paddle-type reaction
control was used, but instead of deflecting just one paddle as in fig-
ure 9> both the upper and lower paddles were deflected together. The
upper vane deflects the jet in the power-on condition and the bottom vane
acts as a body flap in the power -of f condition. Although the power-off
control was not as powerful as the power-on control, trim normal-force
coefficients of 1/2 to 2/3 the power-on values could be obtained with
power off with this control.

CONCLUDING REMARKS

The results indicate that, in addition to flaps and spoilers, air
can now be used-in the form of jet controls or reaction controls as
alternate means of controlling the aircraft.
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THE USE OF THE HORIZONTAL TAIL FOR ROLL CONTROL

By John P. Campbell

Langley Aeronautical Laboratory

SUMMARY

A summary has been made of the data recently obtained by the National
Advisory Committee for Aeronautics on the use of differential horizontal-
tail incidence for roll control. In general, the results appear to be
fairly promising even though most of the data were obtained with configura-
tions that were not especially designed for the use of such a control.
The results indicate that a tail roll control might be satisfactory if the
tail is made relatively large to provide adequate effectiveness without
excessive deflections, if the airplane is designed so that the longitu-
dinal trim requirements for the tail are minimized so as to avoid inter-
action of roll and pitch controls, and if the horizontal tail is posi-
tioned vertically to avoid excessive favorable or adverse yawing moments.

INTRODUCTION

Because of the serious problems involved in the use of controls .on
the thin, flexible wings of high-speed airplanes, some designers have
considered the possibility of using differential horizontal-tail incidence
for roll control. During the last two or three years, the National
Advisory Committee for Aeronautics has obtained a .limited amount of
data on controls of this type. (See refs. 1 to 5-) Since most of these
data were obtained by adding a few tests to test programs laid out for
other purposes, very few systematic results have been obtained, and the
different sets of data are generally unrelated. It is the purpose of
this report to summarize and, wherever possible, to correlate these data.
Comparisons with conventional aileron control will be given in some cases.

SYMBOLS

b wing span

c mean aerodynamic chord

CL lift coefficient
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Cz rolling-moment coefficient, RollinsQ
moment

1 qo

_ dCl
Cl& ~ "do"

C pitching-moment coefficient, Pitchin§ mOment

ffl Qo

dit

yawing-moment coefficient, Yawing moment
qS

n& ~ "do"

i-t tail incidence

iw wing incidence

Z longitudinal distance from center of gravity to calculated
center of pressure of horizontal tail

M Mach number

2— wing -tip helix angle

q dynamic pressure

5 wing area

y lateral distance from center of gravity to calculated center
of pressure of horizontal tail

a angle of attack

6 total roll-control deflection

RESUIIS AKD DISCUSSION

Effect of Mach Number

A summary of most of the available data for the clean condition at
0° angle of attack is shown in figure 1 as a plot of the roll-control
parameter Ci~ against Mach number. At low subsonic speeds the value
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of Cjfi varies from about 0.0004 for the two lower configurations with
swept and highly tapered tails to a value of about 0.0006 for the model
with a high-aspect-ratio unswept tail. These values are only one-third
to one-half as large as values of C^ for conventional ailerons at
low Mach numbers. Two sets of data are shown for the transonic speed
range. The lower set of data, which was obtained in the Lang'ley l6-foot
transonic tunnel, shows no appreciable variation of Cjg between Mach

numbers of 0.8 and 1.05. The upper set of data, which was obtained with
a Pilotless Aircraft Research Division rocket model with a horizontal
tail that was relatively large compared with the wing area, shows a
slight increase in Cjg at a Mach number of about 1.2 and then shows a

progressive decrease in effectiveness with increasing Mach number because
of the decreasing lift-curve slope of the tail. The same general varia-
tion of GI^ with Mach number is shown by the two sets of data for the
supersonic Mach numbers from 1.4 to 2.0 obtained in the Langley 4- by
4-foot supersonic pressure tunnel (shown by solid circles connected by
lines). In this speed range, ailerons on stiff wings produce about the
same value of Cjg as shown herein for the horizontal tail, but since

there will usually be more control deflection available for the ailerons,
they will provide the more powerful control - assuming that the wing is
fairly stiff.

Effect of Wing Aeroelasticity

Figure 2 shows how the controls might compare if the wing were not

stiff. Plots of ?—I— against Mach number are shown for tail and

aileron controls with stiff and flexible wings. The tail data were
taken from reference 2 and the aileron data from reference 6. The term
pb/2V
—r— expresses the overall rolling effectiveness and is equal to Ci_o o
divided by the damping-in-roll parameter Cj . The left plot shows

that, for the tail roll control with the stiff wing, there is essentially
no variation in rolling effectiveness over the Mach number range covered
in the tests, which indicates that the variations of Cjg and Cj with

Mach number are identical. For the model with the flexible wing, the
rolling effectiveness was greater because of the reduced damping in roll
provided by the wing.

Now for the aileron control, the situation is reversed. Going from
the stiff wing to the flexible wing causes a large reduction in rolling
effectiveness which leads to control reversal at some Mach numbers for
this particular case. Since the flexible wings used in these tests are
generally representative of current design practice, it appears, on the
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basis of these data, that a tail control might well be superior in some
cases to aileron control at supersonic speeds.

Effect of Angle of Attack

Rolling moments.- The results of figures 1 and 2 are only for 0°
angle of attack. Figure 3 shows the variation of Ci~ with angle of
attack for four Mach numbers for three of the configurations of figure 1.
For comparison, there are also shown typical aileron control data for
each Mach number. For the subsonic Mach numbers, the variation of Cjg

with angle of attack is not very great for the tail control. For the
aileron control, however, the effectiveness drops off rapidly with
increasing angle of attack so that at the high angles of attack the
values of Cj,o are about the same as those for the tail control. For

the case of a Mach number of 1.00, both the controls maintain most of
their effectiveness up to the highest angles of attack covered in the
tests. For a Mach number of 1.6l, the results are quite different from
the subsonic cases. The two controls have about the same effectiveness
at the lower angles of attack, but at the higher angles of attack the
aileron effectiveness increases while the tail-control effectiveness
decreases. It should be pointed out that these results were obtained
on wind-tunnel models with essentially rigid wings.

Yawing moments.- The yawing-moment data" for the same cases are
^nbpresented in figure 4 in the form of the parameter ^—, the ratio of
C*5

the yawing moment to the rolling moment produced by control deflection.
The aileron data show for all Mach numbers either zero moment or a small
positive or favorable yawing moment at 0° angle of attack and an increas-
ingly large negative or adverse yawing moment with increasing angle of
attack. For the tail control, at Mach numbers up to 1.00, there are
extremely large favorable yawing moments which decrease with increasing
angle of attack but remain positive over the angle-of-attack range tested.
These large yawing moments, which pilots would probably consider objec-
tionable, are caused by loads on the vertical tail induced by the differ-
entially deflected horizontal-tail surfaces. For the supersonic case,
the tail roll control produces smaller, favorable yawing moments at low
angles of attack and adverse yawing moments at high angles of attack.
The carryover of load from the horizontal tail to the vertical tail is
apparently much less in this case than at the subsonic speeds.

All these data were obtained with configurations having low hori-
zontal tails. The next figure shows that the vertical position of the
horizontal tail has a pronounced effect on these yawing moments.
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Effect of Tail Position on Yawing Moments

The results of figure 5 vere obtained at low speed with a model
having low, intermediate, and high horizontal-tail positions. For the

CIIR
low position, the large positive values of - — are similar to those

shown in figure k for the subsonic speeds. For the high position, very
large negative or adverse yawing moments were obtained; whereas for the
intermediate position, the moments were relatively small. The explanation
for these results is that the load induced on the vertical tail by the
horizontal tail varies both in magnitude and direction with tail position.
It appears from these data that the designer might be able to adjust the
yawing moments produced by a tail roll control to a satisfactory value
by proper positioning of the horizontal tail, assuming, of course, that
other considerations, such as the pitch-up problem, permit this to be
done. In this connection, it might be pointed out that if a ventral fin
is used, on the airplane for high-speed stability, the yawing moments for
a low tail position would be smaller - more like those shown in figure 5
for the intermediate position. If the yawing moments cannot be adjusted
to a satisfactory value by positioning the tail, it might be necessary to
adjust them by linking the rudder in with the tail roll control.

Interaction of Roll and Pitch Control

Figure 6 provides some information on one of the problems that
"usually comes to mind when a tail control is considered, that is, the
problem of interaction of roll and pitch control. First, consider the
effect of roll control on pitching moments shown in the left plot. The
pitching moments are/shown for 0° and -15° stabilizer settings (the solid
lines); for these same stabilizer settings, ±15° roll control is super-
imposed on the pitch control (the dashed lines).. The significant result
herein is that for the angles of attack at which the model is trimmed
longitudinally there is essentially no effect of the roll control on the
pitch control. In the right plot the variation of roll control Cjg

with angle of attack is shown for two different settings of the stabilizer,
0 and -15°. At low angles of attack, the effectiveness with -15° incidence
is much less than that for 0° because one of the surfaces is stalled; but
at high angles of attack, where this negative incidence is required for
longitudinal trim, the roll control is better with the -15° incidence,
apparently because this incidence tends to keep the tail unstalled at the
high angles of attack.

The results shown in figure 6 illustrate the conditions which tend
to make the control interaction problem less serious in some cases than
might be expected at first glance but they should not lead to the con-
clusion that there will be no interaction problems in other cases. For
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other configurations or other flight conditions in which large tail loads
are required for longitudinal trim, a serious problem might exist. For
example, this same model in the landing condition has a control inter-
action problem that is shown in the next figure.

Effect of Flaps

The effect of flaps on the tail roll control is shown in figure 7-
Cnc

Values of Cj and — - are plotted against lift coefficient for two

configurations. The data on the left side of the figure, which are for
the model shown in figure 6, show that there is less control effectiveness
for the landing configuration at all lift coefficients. Apparently, the
change in tail angle of attack produced by flap deflection and by the 7°
wing incidence used for landing keeps one of the tail surfaces stalled at
all times when the stabilizer trim of -15° and the roll-control deflec-
tion of i-15° are applied simultaneously.

For the configuration on the right side of figure 7 for which the
wing incidence was kept at 0° and only -6° stabilizer deflection was
required for trim, deflection of the flaps actually led to better control
than with flaps retracted at the higher lift coefficients.

For both models, the values of the yawing-moment parameter
HR
— -

for the clean configuration were increased by flap deflection mainly
because of the reduction in CZR* Results shown in figure 5 indicate

that these yawing moments would be quite different for an intermediate
or high horizontal -tail position.

Comparison of Measured and Estimated

Figure 8 shows a comparison of measured and estimated values of
CT for most of the cases shown in figure 1 for the clean condition at

0° angle of attack. In estimating Cjg, values of Cmi (the pitching

moment due to stabilizer incidence) obtained from force-test data for the
particular model were used as shown in the formula at the top of figure 8.
The factor of 2 in the formula is required to account for the fact that
it in Cmi+ refers to deflection of both surfaces, whereas 6 in Cj&
refers to deflection of one surface. The term (^) , the ratio of the

lateral to the longitudinal distance from the center of gravity to the

calculated center of pressure of the tail, and the term [£) convert
Vb/wing

the pitching-moment parameter into a rolj ̂jg-moment parameter.
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For the two sets of supersonic test data in figure 8 (solid symbols
connected by dashed lines) the agreement is fairly good, but for all the
subsonic data the measured values of Cjg are only about 0.7 to 0.8

times as large as the estimated values. Two factors are apparently
responsible for this difference between the measured and estimated values
of Cj for the subsonic cases. First, the load on the vertical tail

which produces a large favorable yawing moment for the low-tail configu-
rations of figures 1 and k also produces an adverse rolling moment which
is not accounted for in the formula of figure 8. Second, with the differ-
entially deflected horizontal- tail surfaces there is a spreading of the
load from one surface to the other across the bottom of the fuselage
which causes an inboard shift of the lateral center of pressure (decreased
value of y) . One reason that the factor of 0. 7 or 0. 8 does not seem to
apply to the supersonic cases is probably that there is much less carry-
over of the load from one surface to another at supersonic speeds, as
pointed out previously in connection with figure k. '

For a high horizontal-tail position, the load induced on the
vertical tail produces an adverse yawing moment (fig. 5) and a favorable
rolling moment. The rolling effectiveness at subsonic speeds with a high
tail position should therefore be slightly greater than that with a low
tail position.

CONCLUDING REMARKS

In summary, the results presented in this report for the tail roll
control appear to be fairly promising even though most of the data were
obtained with configurations that were not especially designed for the
use of such a control. The results indicate that a tail roll control
might be satisfactory if (l) the tail is made relatively large to provide
adequate effectiveness without excessive deflections, (2) the airplane
is designed so that the longitudinal trim requirements for the tail are
minimized so as to avoid interaction of roll and pitch controls, and
(3) the horizontal tail is positioned vertically to avoid excessive
favorable or adverse yawing moments. In many cases it might not prove
feasible to use the horizontal tail as the primary roll control, but in
these cases the tail control will still warrant consideration as an
auxiliary control to supplement the effectiveness of ailerons that are
unsatisfactory in some flight conditions.
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HORIZONTAL TAIL FOR ROLL CONTROL
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EFFECT OF AEROELASTICITY ON ROLL CONTROL
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EFFECT OF ANGLE OF ATTACK ON ROLL CONTROL
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AERODYNAMICS OF BODIES, WINGS, AND WING-BODY

COMBINATIONS AT HIGH ANGLES OF ATTACK

AND SUPERSONIC SPEEDS

By Jack N. Nielsen, J. Richard Spahr,
and Frank Centolanzi

Ames Aeronautical Laboratory

SUMMARY

Results are presented on the aerodynamic behavior of bodies, wings,
and wing-body combinations at high angles of attack and supersonic speeds.
Maximum lift coefficients for,rectangular and triangular wings are pre-
sented, together with some downwash measurements behind a rectangular
wing at high angles of attack. A method is given to show how the body
vortex strengths and positions presented by Jorgensen and Perkins in
NACA RM A55E31 can be used to predict the nonlinear panel normal forces,
hinge monents,. and rolling moments for cruciform-wing and body combi-
nations at high angles of attack.

INTRODUCTION

Airplanes and missiles sometimes operate in a high range of angle
of attack for which most present aerodynamic theory is inapplicable.
Therefore, it is important that knowledge of aerodynamics for this range
be enlarged. The primary purpose of this paper is to describe progress
in the aerodynamics of wings, bodies, and wing-body combinations at high
angles of attack.

SYMBOLS

A aspect ratio of wing or exposed panels joined together

a,r body radius

C, hinge-moment coefficient based on exposed panel area and
mean aerodynamic chord

CT maximum lift coefficient based on wing area
•4nax
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Cj rolling-moment coefficient based on exposed panel area and
combination semispan

CN normal-force coefficient based on exposed panel area

d body diameter

M free-stream Mach number

Re Reynolds number based on mean aerodynamic chord of wing panel

s wing semispan or combination semispan

x downstream distance from point of body

y lateral distance measured from wing center line or body
center line

z vertical distance above midchord (hinge line) of rectangular
wing

zv vertical coordinate of vortex core

a angle of attack

€ downwash angle

<f> bank angle (see fig. 6)

'"'" DISCUSSION

Wings Alone

Measurements of forces, moments, pressure distributions, and span
loadings have been reported for triangular and rectangular wings at large
angles of attack. (See refs. 1, 2, and 3.) Also analytical work on the
characteristics of finite-span rectangular and triangular wings for such
angles has been reported. (See refs. 4, 5> and 6.) Before the discus-
sion of bodies alone and wing-body combinations, results on the maximum
lift coefficient of wings alone and the downwash behind a rectangular
wing at high incidence will be considered.

Figure 1 shows information on the variation of maximum lift coef-
ficients of wings alone with Mach number and aspect ratio. The angles
of attack for maximum lift was about kO° for all the wings. For the
larger aspect ratios and low supersonic speeds, the maximum lift



coefficient is about unity. This result was obtained by Gallagher and
Mueller (ref. 7) in an earlier investigation of 10 different wings with
aspect ratios greater than 1.33. However, for the range of low aspect
ratios the triangular wings exhibit a large effect of aspect ratio on
Cj—o and show a significant effect of Mach number for all aspect ratios.

For the range of Mach number and aspect ratio shown here, the rectangular
wings have maximum lift coefficients between 1.0 and 1.1.

In order to gain some insight into the flow fields behind wings at
supersonic speeds and high angles of attack, the downwash, sidewash,
total pressure, and Mach number distributions have been measured behind
triangular and rectangular wings of aspect ratio 2 for angles of attack
up to about 37°• Figure 2 shows the downwash variations for a distance
of 1.1 chord lengths behind the midchord of the rectangular wing. The
downwash is presented on the left-hand side of the figure for a horizontal
line 2.5 percent of the wing semispan above the vortex, and on the right-
hand side of the figure, for a horizontal line 10 percent below the vortex.
The downwash parameter e/a is plotted against spanwise distance meas-
ured from the root chord. The value of y/s of unity corresponds to the
wing tip. The downwash angle has been corrected for the downwash that
exists behind the wing at an angle of attack of 0° by virtue of wing thick-
ness. For angles of attack up to 30° measurements show that the flow field
is dominated by a single tip vortex near the 97-percent-semispan position.
The left-hand plot shows the downwash pattern typical of a single vortex
for angles of attack of 6° and 20°. The effect of increasing angle of
attack is to reduce the magnitude of the maximum and minimum downwash
values and to broaden the lateral spacing between them. This behavior
would be expected if the vortex core were increasing in diameter as a
increased. Such behavior is contrary to that which would be predicted
.by using horseshoe vortices and the measured span loading (refs. 8 and 9)
which becomes more rectangular as a increases.

For the location beneath the vortex comparisons have been made
between theory and experiment for 6° and 20°. The theory for a = 6°,
based on the measured span loading and 3 horseshoe vortices, is in good
accord with the measurements. The theory for a = 20°, based on a rectan-
gular span loading and one horseshoe vortex, is in good accord with
experiment only outboard of the wing tip. On the basis of these results,
it can be said that at high angles of attack the measured span loadings
do not account for the downwash patterns as at low angles of attack.

Bodies Alone

Some developments in the study of flows about bodies of revolution
are now briefly considered. The viscous crossflow theory of Allen and
Perkins (ref. 10) for bodies of revolution shedding vortices on their
leeward side is well known. Methods are available for predicting the
gross forces and moments on such bodies as well as the distribution of



normal force along them (ref. 11). Also Jorgensen and Perkins (ref. 12)
have been able to develop a method for predicting the vortex strengths
and paths.

Figure 3 shows the downwash angle as predicted and as measured in
the crossflow plane about 10 diameters behind the tip of a cylindrical
body with an ogival. nose of 3 calibers. The measurements are in the
plane of the vortices. They are first to be compared with a potential
theory neglecting the vortices and then with a potential theory including
the effect of the vortices. To make this prediction required a knowledge
of the distribution of normal force along the body as well as knowledge
of the initial vortex positions. The vortex strengths and paths were
then calculated by a step-by-step method. Insofar as is known, the
experimental data of Jorgensen and Perkins constitute the only systematic
information on vortex strengths and paths for bodies. These data are
basic to the account of wing-body interference at high angles of attack
which is discussed subsequently.

Wing-Body Combinations

Reliable engineering methods are known for calculating wing-body
interference for angles of attack below that for which the body starts
shedding vortices (ref. 13) • At high angles of attack, vortices gener-
ated by the body nose can pass close to the wing panels and modify their
aerodynamic characteristics in a nonlinear manner. These nonlinearities
were pointed out by Krenkel (refs. 14 and 15) in his cruciform-missile
studies. A method for predicting the magnitudes of these effects, which
limit the range of linear characteristics of any configuration, would be
useful if only as a guide for avoiding the nonlinearities.

With information available on the strengths and positions of the
vortices of the body alone, estimates of wing-body interference can be
made when important vortex effects occur. In order to obtain data for
checking such estimates, measurements were made of normal forces and
moments on the panel of the cruciform-wing and body combination (fig. 4)
that utilizes the same body and test conditions as the body-alone inves-
tigation of Jorgensen and Perkins. The measurements were made for an
angle-of-attack range up to 25° for the complete range of bank angles
and for all possible combinations of wing panels.

Effect of angle of attack.- Figure k shows the effects of angle of
attack on the normal force and rolling moment developed by the right
wing panel of the cruciform-triangular-wing and body combination. In
this case of a bank angle of 0°, the combination could just as well be
monowing rather than cruciform. For angles of attack up to 10°, the
normal force is in good agreement with low-angle interference theory
(ref. 13). For higher angles of attack, the normal force falls even
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below that for the wing alone; this effect corresponds to a total loss
of effective upwash. The normal force for the wing alone is included
only for comparative purposes. In order to show that the vortices can
account for this loss of normal force, their effect was calculated and
added to the low-angle interference theory. The sum is shown in figure k
by the solid line and is henceforth termed vortex theory. Similar results
were calculated for the rolling moment of the panel and are shown on the
right-hand side of figure k. It is seen that the effect of the vortices
account for the departures of the measured results from low-angle inter-
ference theory.

The calculated results were obtained as folJows: First the panel
characteristics were calculated by low-angle interference theory (ref. 13)
with the use of experimental data for the wing alone. It was then
assumed that the strengths and positions of the vortices were the same
as those of the body-alone investigation. The downwash at the wing panels
was then calculated, and its effect on the aerodynamic coefficients was
estimated by strip theory. Admittedly, the method neglects the effect
of the panel crossflow field on the vortex strengths and positions which
for very low aspect ratios could be important.

The calculative method has also been applied to the combination of
the body and rectangular wing shown in figure 5. For this combination
the distribution of normal force along the body was close to that meas-
ured in the body-alone investigation at M = 2. Thus, it was assumed
that the vortex strengths for unit free-stream velocity and the vortex
paths measured at M = 2 applied to this case. Again, it is seen that
the vortices account for the departures of the measured results from
low-angle theory. In this instance, the measured rolling moment is not
closely approximated by that of the wing alone. It is to be noted that
plan form, Mach number, and the ratio of body radius to wing semispan in
this case differ from those for the preceding case. Anything tending to
increase the body vortex strength adjacent to a fixed panel will increase
the magnitude of the nonlinearities. Such changes include increases in
angle of attack, nose length, or body radius.

Effect of angle of bank.- The effects of the vortices on the panel
forces and moments are most pronounced when they pass close to the panel
as for some conditions of combined pitch and bank. Figures 6 and 7 show
the effects of bank angle on the characteristics of the cruciform combi-
nation utilizing triangular wings. Figure 6 shows the normal forces and
rolling moments for the panel on the configurations with short and long
noses. The sketches show the panel on which the normal force is measured
and its bank orientation. For the configuration with the short nose the
effects of the vortices are known to be small because the nose length is
too short for strong vortices to develop at a = 20°. The effects of the
vortices for the body with the long nose are thus given approximately by
the difference between the curves for the bodies with the short and long



noses. It is clear that the effects of the vortices on normal force and
rolling moment are similar and that they are a maximum near a tank angle
of -70°. For this angle the wing panels would intersect the vortex
position for the body alone.

As the banked panel approaches the vortex position, the center of
pressure moves outboard and rearward for the configuration with the long
nose as opposed to an almost stationary center of pressure for the con-
figuration with the short nose. (See fig. 7.) The large rearward shifts
of the center of pressure cause the nonlinear variation of the hinge-
moment coefficient shown in the right-hand side of the figure. The
hinge line passes through the panel centroid. Data not presented show
-that panel-panel interference causes effects about half as large as those
shown for the body vortices.

A comparison of the measured and calculated panel characteristics
as a function of bank angle is presented in figure 8 for the configuration
with the long nose at an angle of attack of 20°. The Reynolds number is
based on the panel mean aerodynamic chord. Comparison between experiment
and theory are shown for normal force, rolling moment, and hinge moment.
The interference theory for low angles of attack which neglects the
vortices is shown by the dashed lines, and the calculated results
including the vortices are shown by the solid lines. It is clear that
the nonlinear trends with angle of bank are accounted for by the vortex
theory.

In calculating the effects of bank angle, the influence of the
vortex on aerodynamic coefficients is computed in the same manner as for
a bank angle of 0°. However, under combined pitch and yaw, loading
proportional to the product of the angles of pitch and yaw is introduced.
The interference theory (ref. 13) used for a bank angle of 0° can be
generalized to include the effects of this loading. This generalization
is accomplished with the help of a result of Spreiter (ref. 16) for the
loading of a slender cruciform missile. This result includes the effects
of those square terms in Bernoulli's equation significant in slender-
body theory. One of the important effects of bank angle is to change
the sweep angle of the leading edge of the panel and thereby to change
the lift-curve slope of the panel. This change of sweep angle was
interpreted as a change in effective aspect ratio in determining the
liftrcurve slopes of the wing alone for use in strip theory.

CONCLUDING REMAEKS

The calculative method given here is another case - of which there
are several - wherein nonlinear aerodynamic behavior can be calculated
on the basis of a simple vortex model. It is believed that studies of
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the present type can "be extended to problems of weathercock stability
as affected by body vortices and to problems of wing-body configurations
employing wings of very low aspect ratio. The present calculative
method should be applied to a wider range of missile configuration and
to higher angles of attack and Mach numbers to determine its limitations.
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AERODYNAMICS OF MISSILES EMPLOYING WINGS

OF VERY LOW ASPECT RATIO

By Elliott D. Katzen and Leland H. Jorgensen

Ames Aeronautical Laboratory

INTRODUCTION

Development tests such as those made by the Douglas and Hughes
Aircraft Companies (e.g., refs. 1 to 5) have shown that,, for certain
applications, missiles employing wings of very low aspect ratio have
excellent aerodynamic characteristics. Other studies have focused atten-
tion on low aspect ratios by questioning the need for wings of large
span or even wings at all. There have been, however, large gaps in our
knowledge concerning the aerodynamics of missiles having wings of very
low aspect ratio. To help fill some of the gaps, wind-tunnel tests have
been performed on a family of missiles. This paper summarizes the results
of the investigation; some of the performance and stability and control
characteristics of the missiles are discussed.

TESTS

The models studied are shown in figure 1. The basic body had a
total fineness ratio of 10, being composed of a fineness-ratio-3 ogival
nose and a cylindrical afterbody. In some instances the models were
also tested with a Newtonian minimum-drag nose of fineness ratio 5j this
resulted in a total fineness ratio of 12.

The aspect ratios of the wings were varied from a little less than
0.1 to 1. This corresponds, for the triangular wings, to semiapex angles
from 1.3° to ll4-°. The wing sections were modified flat plates with
leading and trailing edges generally beveled to small radii. In some
cases the leading edges were not sharpened but were blunted with rela-
tively large radii.

Various methods of controlling the models were studied. The tail
control shown was tested in line and interdigitated k̂ >° with respect to
the wings. For comparison with the tail control, the nose of the model
was deflected as a control. The planform area of this deflected portion
of the nose was equal to that of 2 tail panels.



Data for these models were obtained at Mach numbers of 2.0, 2.9,
and 3.3. The angle-of-attack range of the tests was from 0° to 30°; the
control-deflection range was ±k̂ >°. The Reynolds number was about 9 x 10
based on the length of the basic body.

RESULTS AND DISCUSSION

Performance Characteristics

The lift of the missiles increases, of course, as planform area is
added to the body. However, the question arises of whether the lift
effectiveness, or lift per unit area, is also increased by the addition
of very small wings. The lift effectiveness of winged and wingless
missiles is compared in figure 2. The coefficients are based on total
planform area; therefore they represent lift per unit area. At a lift
ratio of unity, the lift per unit area is equal to that of the body.
Above this value (represented by the dashed line), the lift per unit area
is increased to more than that of the body. Even the smallest wing
(aspect ratio of 3/32) increases the lift effectiveness appreciably to
more than that of the body (fig. 2(a)). At a Mach number of 3.3 and an
angle of attack of 10°, for example, the lift per unit area is increased
20 percent by the addition of this small wing. The total lift of this
configuration, moreover, is increased an additional 10 percent; this
additional increase results in a total increase of 30 percent, because
the planform area is increased 10 percent over that of the basic body.
As the Mach number or the angle of attack is increased, the lift effec-
tiveness approaches that of the body more closely.

The data presented in figure 2(a) pertain to the family of missiles
having wings whose root chords are the same length. As shown in fig-
ure 2(b), essentially the same results have been obtained at Mach num-
ber 3.3 for other missiles of constant span (ref. 6). It is interesting
to note that the geometrically slender models cannot be considered
aerodynamically slender at this high a Mach number. By slender-body
theory, wing-body combinations of equal span have the same lift. Hence,
the lift per unit area should decrease as additional wing area is added
to the body. However, the lift of the combinations can be calculated
with fair accuracy by the use of standard interference methods (e.g.,
ref. 7) which use slender-body theory only for the interference ratios.
For missiles having very small wings it is especially important in these
calculations that the lift of body alone be known accurately either from
theory or experiment.

Other wind-tunnel data (ref. 8) for Mach numbers even as high as 6
show that lift effectiveness is much greater for winged than wingless



missiles. Depending on specific design considerations, the presence of
even a very small wing could improve the lift and maneuverability of a
missile over a wide range of Mach number and angle of attack. Of course,
the increased weight due to the addition of wings has to be considered.

The increase in fore drag that results from adding wings to the
Lasic body is indicated in figure 3« The drag coefficients are based on
the cross-sectional area of the body rather than on total planform area
as in figure 2. The drag decreased as the Mach number was increased
from 2.0 to 2.9, hut there was little difference between the data for
Mach numbers 2.9 and 3.3. The horizontal bars in figure 3 indicate the
relatively small spread in minimum drag coefficient for the missiles
with leading edges curved in planform. These missiles all have the same
planform area as the model having wings of aspect ratio 3/8 and straight
leading edges. For this same missile, increasing the nose fineness ratio
from 3 to 5 reduced the minimum drag coefficient about 30 percent. The
effect of changing from a wing section with a relatively sharp leading
edge to a section having a blunt leading edge was negligible for this
model with aspect ratio 3/8. This indicates that large drag penalties
will not be incurred by blunting the leading edges of these highly swept
wings to alleviate aerodynamic heating.

In figure k the variation with planform area of another performance
parameter, the. maximum ratio of lift to drag, is illustrated. Increasing
planform area (and aspect ratio) increased (L/D)MAy, the variation being
almost linear. The effect of an increase in Mach number from 2.0 to 3.3
is to cause a decrease in (L/D)MAX for the configurations having the
largest wings. Here, wing characteristics are beginning to predominate;
the decrease is due principally to the decrease in wing lift-curve slope
and, therefore, increased drag due to lift with this increase in Mach
number. Since skin-friction is a relatively large part of the drag of
these configurations, it must be emphasized that these results were
obtained at a Reynolds number of about 9 X 106. Therefore, care should
be taken in applying these results to conditions at other Reynolds num-
bers. The angle of attack for (L/D) decreased from about 11° for

MAX
the body alone to 6 for the missile having the largest wing. Increasing
the nose fineness ratio from 3 to 5 increased (L/D) by about 20 per-

MAX
cent. Further increases in (L/D) could be made by taking advantage
of some of the favorable interference effects discussed in reference 9.



Stability and Control Characteristics

Performancewise, the advantages of missiles having low-aspect-ratio
wings have been discussed. Now the stability and control characteristics
of these same models will be presented. In figure 5> the center of pres-
sure, in diameters from the nose, is plotted as a function of angle of
attack. The curve for the body alone shows that the center of pressure
starts out near the nose at zero angle of attack and moves toward the
body centroid of area as the angle of attack is increased. The center-
of-pressure position of the body alone can be predicted within less than
half a diameter. Adding even a very small wing significantly reduces
the center-of-pressure travel with changes in angle of attack and moves
the center of pressure rearward, thereby resulting in a more stable con-
figuration. The center of pressure continues to move rearward as the
wing aspect ratio is increased and additional wing area is added to the
missile. The center-of-pressure travel with angle of attack was negli-
gible for the missiles having wings of aspect ratios 3/8, 2/3, and 1 at
this Mach number of 3.3.

The effect of Mach number changes on center of pressure is shown in
figure 6. The center-of-pressure movement with changes in Mach number
was large for the body alone and decreased as the wing aspect ratios
were increased from 0 to 3/8. For the missile having a wing of aspect
ratio 3/8, the center-of-pressure travel with changes in Mach number and
angle of attack was less than Q.kd. The travel was slightly larger for
the configurations with wings of aspect ratios 2/3 and 1. Changes in
bank angle of the missiles also caused shifts in center of pressure.
The shifts were negligible for the missiles with the smallest wings.
For the missile having the largest wing, the effect of changes in bank
angle was to approximately double the center-of-pressure travel with
changes in angle of attack and Mach number. Results from Douglas
Aircraft Co., Inc. (ref. l) have shown that the already small center-
of -pressure shifts associated with configurations like these can be
further reduced by the use of small fixed surfaces forward of the wing.
These canard surfaces do increase the rolling moments, however, at high
angles of attack.

In addition to making the center-of-pressure shifts small, it is
desirable to be able to fix the center of pressure at certain positions
along the body length. A method of accomplishing this is shown in fig-
ure 7. The center of pressure of missiles having wing leading edges
curved in planform are shown. The curved leading edges change the cen-
troid of area. For comparison (with the curved-leading-edge data), data
for the body alone and for the configuration having a straight-leading-
edge wing of aspect ratio 3/8 are repeated from figure 6. The center-
of-pressure positions are consistent with the changes in the centroid of
planform area. The center of pressure of the model with a convex leading
edge was farther forward and the center of pressure of the model with a
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concave leading edge was farther aft than that for the missile having
a wing with a straight leading edge. The configuration having the small
wing extending to the tip of the nose was much more stable than the body
alone but less stable than the other configurations. The small center-
of-pressure shifts associated with these configurations having wings of
very low aspect ratio simplify the problem of stabilizing and controlling
the missiles.

The effect on missile stability of three types of controls, in-line
and interdigitated tail controls and swivel nose, is illustrated in fig-
ure 8. The tail controls are composed of single-wedge sections to increase
their effectiveness and reduce control center-of-pressure travel with
changes in Mach number, thereby reducing hinge moments. The controls
are small enough so that their blunt trailing edges do not appreciably
increase missile drag. The diamond planfonn was chosen to reduce con-
trol center-of-pressure travel with changes in Mach number. Another
reason for this choice is that the diamond planform is structurally
adaptable to interdigitation; the control need not be attached to the
wing as a short-chord high-aspect-ratio control would. For the examples
shown in figure 8, the controls were placed on the missile having a
straight-leading-edge wing of aspect ratio 3/8. The pitching-moment
coefficients presented are based on body diameter and cross-sectional
area. The center-of-gravity location (0.60L, 0.59L, and 0.58L for the
interdigitated tail, in-line tail, and swivel-nose models) was chosen
so that the three configurations had the same static margin with 0° con-
trol deflection at low normal-force coefficients at a Mach number of 2.0.
At this Mach number the nose control has the least effectiveness. The
effectiveness of the in-line tail control is greater than that of the
nose control. The interdigitated control, by virtue of being removed
from the wing wake, has greater effectiveness than the in-line control.
Control deflections of 15° are adequate for the interdigitated control
for obtaining high values of trim normal force.

In figure 9 the effect of control type on stability is again illus-
trated, but at M = 3.3. The center-of-gravity' positions have not been
changed from those chosen for the data at M = 2.0. With the increase
in Mach number the effectiveness of the swivel nose has increased so
that it now has approximately the same effectiveness as the interdigitated
control. The effectiveness of the two tail controls has decreased
appreciably.

In figure 10 the effect of planform on missile stability is pre-
sented. The same interdigitated tail control was placed on 3 missiles
having wings differing in size and aspect ratio. The data were obtained
at Mach number 3.3- Here, again, the center of gravity (0.48L, 0.60L,
and 0.62L for the models having wings of aspect ratio 3/32, 3/8, and 1)
was chosen so that the different missiles have the same static margin
for small normal-force coefficients and 0° control deflection. For
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15° control deflection the control effectiveness is adequate at low normal-
force coefficients for the missile having the smallest wing. However,
large trim normal-force coefficients were not obtained "because of the
relatively large center-of-pressure travel associated with this configu-
ration. The effectiveness is naturally low for the missile having the
largest wing "because the control is small relative to the wing size. On
the other hand, the effectiveness of the control on the missile having
a wing of aspect ratio 3/8 is sufficient to trim the missile to large
normal-force coefficients.

In figure 11 the effect of various arrangements on rolling moment
is illustrated. Rolling-moment coefficient, based on exposed wing area
and total span, is plotted as a function of resultant angle of attack.
The data are presented for bank angles of 22.5° for cruciform and ̂ 5°
for monowing models, since maximum rolling moments occur close to these
"bank angles. The rolling moments are considerably larger for the monowing
than for the cruciform arrangement of the same model. The effect of
increased forebody length, for the model having this same wing of aspect
ratio 3/8, can also be seen to increase the rolling moments. This increase
is indicated qualitatively, as discussed in reference 10, by calculations
that account, for the increased vortex strength associated with the
increased forebody length. It is interesting to note that the rolling-
moment coefficients fall on the same curve for the cruciform models having
the same nose length but wing aspect ratios of 3/8 and 1. The magnitude
of the rolling moments for all configurations was less than the amount
that was obtained by differential deflection of the interdigitated tail
control.

CONCLUDING REMARKS

The results of this investigation indicate that there are distinct
aerodynamic advantages to the use of wings of very low aspect ratio for
missiles. Some of these advantages perfonnancewise are high lift, com-
pared to wingless missiles, and low drag with shapes that appear to be
beneficial for combatting aerodynamic heating. Prom the standpoint of
stability and control, these missiles exhibit small center-of-pressure
shifts and small rolling moments for a wide range of supersonic Mach
numbers and combined angles of attack and bank so that control problems
are simplified.
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EXPERIMENTAL TECHNIQUES FOR PREDICTING STORE MOTIONS

DURING RELEASE OR EJECTION

By Maxima A. Faget and Harry W. Carlson

Langley Aeronautical laboratory

SUMMARY

A discussion is presented of experimental methods for determining
store-release trajectories at supersonic speeds from measured force data
on scale models and from dynamic-model tests. The dynamic-similarity
lavs which are significant when conducting either free-fall or ejected
dynamic-model tests are presented and discussed. Results from force
tests and dynamic-model tests were used in an effort to evaluate the
ability of both techniques to predict full-scale-release trajectories.

INTRODUCTION

With the development of supersonic bombers, the problems of bomb
release have become increasingly important. The extremely turbulent and
random flow within the open bomb bay, as well as the nonuniform flow
field surrounding the airplane, can cause bomb-release motions that
endanger the airplane and seriously affect bombing accuracy.

In view of the danger to airplane and crew, it is necessary that the
nature of the release be studied before full-scale tests are attempted.
This paper presents a discussion of methods for determining store-release
trajectories from measured force data on scale models and from dynamic-
model tests.

The trajectory of the store following release may be calculated by
a step-by-step process, provided that sufficient knowledge of the flow dis-
turbances from the mother ship within the region of possible store trajec-
tories is known. These disturbances have been measured in terms of aero-
dynamic forces and moments in the Langley 4- by k-foot supersonic pressure
tunnel for a number of store shapes. The results from tests such as these
may be used for determining trajectories for any desired set of release
conditions, such as angle of attack, altitude, and ejection method.

Store-release trajectories may also be determined from dynamic-model
tests. Investigations of this type using ejected stores have been con-
ducted in the preflight jet of the Langley Pilotless Aircraft Research
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Station at Wallops Island, Va. Although such tests may be used.only for
the particular altitude and release conditions simulated, the data, which
are given by a Strobolight photograph of the store model's motion, are
available for interpretation almost immediately following the tests.
Thus, various fixes may be intelligently developed during the test period.

SYMBOLS

V™ n initial vertical ejection velocity, positive downward
*J y \J

z vertical distance traveled

x horizontal distance traveled

t time

I bomb length

0 bomb attitude angle to horizontal

M Mach number

F fineness ratio of bomb

Cm pitching-moment coefficient

a angle of attack of both bomb and airplane

At increment of time

= 2-^ per degree

RESULTS AND DISCUSSION

The setup for the force test is shown in figure 1. Both the wing-
body configuration, used as a mother ship, and the store were mounted on
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six-component balances. During the test period, the wing-body configu-
ration was traversed vertically at several horizontal locations with
respect to the store. These traverses were made with the wing-body con-
figuration at angles of attack of 0°, 4°, and 8° and with the store at
various attitude angles ranging from -15° to 15° in 5° increments. These
force tests were made at M = 1.6.

Also shown in figure 1 is a series of store shapes on which data
have been obtained. The fineness ratio of these shapes varied from 2.5
to 10. Data on several bluff stores were also obtained.

Typical results obtained from the force tests are shown in figure 2
which is a contour plot of Cm about the 50-percent station for the
fineness-ratio-U store at zero attitude angle. The value assigned to a
particular contour line is the moment coefficient experienced when the
store midpoint lies on that line. Plots similar to this one are also
obtained for CD and CL« A complete set of plots for each store atti-
tude angle is required in order that trajectory computations may be
carried out. Some idea of the flow angularity in the vicinity of the
bomb bay may be obtained from consideration of the fact that C^ = -0.02
for this store. Thus, for the Cĵ  = 0.12 contour line, the angularity
is equivalent to 6°.

Figure 3 illustrates several factors which might affect the accuracy
of trajectories obtained by step-by-step calculations. This is shown by
plots of bomb attitude angle against time for the period immediately
following release. The first time-history plot shown compares results
obtained when a uniform-flow field is used rather.than the interference
flow existing in the vicinity of the airplane as obtained with the force-
measurement technique. From this comparison it is obvious that a knowl-
edge of the interference forces and moments acting on the bomb is neces-
sary in order that accurate predictions of its trajectory may be made.
In the second plot, the effect of time increment used in the step-by-
step calculation is shown and indicates that small time increments are
required for obtaining a suitable accuracy. Experience indicates that
angular changes between successive steps should be kept to less than 1°.
Only static aerodynamic coefficients are obtained in the force technique.
In the third plot, the effect of damping is shown to play a rather minor
part in .the motion immediately following release. Here, the motion
determined by consideration of static forces only is compared with the
motion obtained when a damping term is included. The value Cm =0.12

was obtained analytically by the method outlined in reference 1.
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The setup used, for making dynamic-model tests is illustrated in
figure k. The photograph shows the ving-fuselage configuration, from
which the store was released, mounted in the stream of the blowdown jet.
A store is shown mounted in a semisubmerged position from which some of
the stores were ejected. Also shown are the camera which took pictures
of the model's motion and the bank of Strobolight bulbs which was used
for illumination. The test was run as follows: First the tunnel was
started and stabilized at operating pressure; then the shutter of the
camera was opened. Simultaneously, the store was ejected and the
Strobolights were fired in sequence at accurately timed intervals by an
electronic timer. Dynamic-model tests were made at M = 0.8, l.U, 1.6,
and 2.0.

A typical photograph taken by the camera is shown in figure 5- This
figure shows the ejection of a store at M = l.V with an initial velocity
of 30 fps. The images of the store in the photograph are for 2-millisecond
time intervals and, as can be seen, the motion of the store is graphically
recorded. Data are obtained from the photograph by measuring the vertical
and horizontal distances traveled as well as the store attitude angle for
each image.

The following discussion lists the requirements to be met for
dynamic similarity. First, the model must have the proper center-of-
gravity location in order that the aerodynamic forces act about the
correct axis and thereby provide correct aerodynamic moment coefficients.
In order that the undamped rotary motion of the model be coordinated with
the translational motion produced by aerodynamic forces, the model's
moment of inertia must be properly related to its mass. This is accom-
plished by keeping the radius of gyration proportional to the model size.
In other words, the mass distribution of the model must be similar to that
of the full-scale store. In determining the density of the model, the
engineer is faced with conflicting requirements. Proper simulation of
damping requires that the ratio of store density to dynamic pressure be
kept the same, regardless of scale; whereas, if the gravitational forces
are to be kept in proportion to aerodynamic forces, it is required that
the ratio of store density to dynamic pressure be inversely proportional
to the scale. It should be noted that, for a 1/20-scale test, the model
which properly simulates gravity is twenty times as heavy as one in which
the damping is properly simulated.

Previous tests, such as those presented in references 2 and 3, have
used heavy models which properly simulated the effect of gravity. Since
aerodynamic damping was not simulated, the results from tests such as
these may be considered conservative. It should be noted, however, that
it is not always possible to simulate gravity properly, since the store
model may not always be made as heavy as required. This is most apt to
be the case when a small scale is used, when the full-scale conditions
are at a high altitude, and when a high-density tunnel is used. The



heaviest model which can be made is, of course, a solid one. Such a
model will invariably have a higher moment of inertia than proper simil-
itude would call for. Tests run with models of this type may be mis-
leading in that the model will be slow to respond to pitching disturbances,
and, thereby, not truly represent the severity of these disturbances.•

In the dynamic-model tests discussed in this paper, the models were
ejected from the bomb bay with a high initial velocity. With this condi-
tion, the effect of gravity on the vertical motion of the model is negli-
gible for a short period of time after release. Since it was not consid-
ered necessary to.simulate gravity, light models were used which properly
simulated damping.

The effect of not properly simulating gravity is shown in figure 6.
The trajectories shown in this figure were obtained by using the force
data to predict the motion of a full-scale store and a 1/20-scale model
for three different initial release conditions. The first case is for a
free drop with no ejection. It can be seen that the motion of the model
falls far short of simulating the motion of the full-scale article. In
the next case, a 15-fps ejection velocity is used. It can be seen that
the model test agrees fairly well with the actual full-scale case. In
the last store position shown, the full-scale store is 17 percent farther
down from the release position than would be predicted by the model test.
With the initial velocity increased to 30 fps, the dynamic-model tests
give a very good picture of the full-scale case. The error in vertical
position is about one-half of that shown for the 15-fps ejection.

Figure 7 shows the comparison obtained with dynamic-model tests and
calculations for the conditions of this test using force data. The
model was ejected at 30 fps at M = 1.6l from the wing-body configuration
at k° angle of attack. The calculated time histories of vertical posi-
tion, horizontal position, and store-attitude angle are shown as solid
lines. The data from the dynamic-model tests are shown by circular
symbols. The calculations satisfactorily predicted the vertical and
horizontal motion of the store, but failed to predict the pitching motion
of the store. This is accounted for by the fact that the force balance
tests were conducted without the store support which was used to eject
the stores in the dynamic-model tests. It is apparent that this support
caused an interference large enough to reduce the initial pitching-down
moment which was measured in the force tests. Thus, in the dynamic-
model tests, the store was not as greatly disturbed as was predicted.
These results indicate that details in the bomb bay may have a strong
influence on the motion of the stores; and, therefore, as far as is
possible, model tests, should include all the pertinent details of the
full-scale bomb bay.

The experiments conducted with the force tests and the dynamic-
model tests include a wide variety of store shapes for many conditions.



However, "before closing, it should be pointed out that large changes in
bomb motion may result when configuration changes are made. Figures 5
and 8 are photographs taken of two dynamic-model tests using stores that
differed in frontal area and fineness ratio. Both stores are closely
similar in length, weight, moment of inertia, and stability. Both
were ejected at 30 fps at M = l.U. It can be seen that the fineness-
ratio-8.5 store made a very good separation; whereas the low-fineness-
ratio, less dense store pitched up, reversed its initial vertical direc-
tion, and almost hit the rear of the fuselage. Results such as those
make it apparent that separation of stores at supersonic speeds should
not be attempted without first obtaining conclusive information from
which the path of the stores may be predicted. At present, model tests
such as those just described are a requirement for such a prediction.
Considerable effort is currently being expended, however, to obtain a
more general understanding of the problem.

CONCLUDING REMARKS

Various methods of conducting dynamic-model tests as well as a
calculation procedure utilizing measured force data have been outlined
and discussed. It was shown that the light-model technique (when damping
is simulated) is a valid test procedure for reasonably low ejection
velocities but not for bombs released without ejection. A comparison
of data from an actual model bomb drop with a calculated drop for similar
conditions indicated but did not prove the validity of the calculateve
procedure. The importance of duplicating as far as is possible all
details of the bomb and bomb bay was emphasized in the previously men-
tioned comparison and in a comparison of the dynamic-model release of a
fineness-ratio-6 and a fineness-ratio-8.5 bomb.
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AN EXPERIMENTAL STUDY OF AIR LOADS CAUSED BY

BLAST-INDUCED GUSTS

By Harold B. Pierce

Langley Aeronautical Laboratory

INTRODUCTION

An airplane exposed to an explosion or blast wave is subjected to
complex transient loading. In addition to the direct effect of the
blast pressure, the aerodynamic effects of the induced gust and of the
shock vave itself are present. Serious questions have arisen concerning
the rate of development of lift and the magnitude of the lift, particu-
larly when the gust is very intense. In this case, the gust can change
the angle of the relative wind by a large amount and create an angle of
attack on the airplane well above its normal stall angle. Since current
aerodynamic knowledge is not considered adequate to resolve these prob-
lems, the NACA has initiated some experimental studies using free-flying
models subjected to gusts from actual explosions. The slow-speed models
used thus far are about 6 feet in wing span and are instrumented with
high-frequency pressure-measuring equipment which is used to measure
load distributions.

This paper presents a brief description of the test method and the
results of three phases of the study made to investigate:

(a) The chordwise load distribution on the wing caused by a very
intense gust

(b) The loads on the horizontal tail caused by the combined effects
of an intense gust and the downwash from the wing

(c) The chordwise load distribution on the wing in a. less intense
gust where the induced angle of attack is kept below the stall angle

DISCUSSION

Figure 1 illustrates the test conditions and the blast wave relation-
ships. Although a blast gust could strike from any direction, the con-
dition considered of most immediate importance is illustrated by the
sketch which shows the airplane In a horizontal position where the shock
wave and its accompanying blast gust are shown striking the airplane from



below, normal to its flight path. The vector diagram shows how the gust
velocity U shifts the relative wind vector Vr and creates an addi-
tional angle of attack a on the airplane. It also shows that when
the gust velocity is very large the velocity of the relative wind is
increased significantly over the original velocity of the airplane V.

As is known, the gust velocity immediately behind the shock is the
maximum, with its intensity depending on the shock strength. Then as the
shock passes on, the gust velocity acting on the airplane decreases.
Thus, for this airplane-blast wave orientation, a plot of angle of
attack a versus time t would look much like the curve which is
sketched. Defining shock arrival at the airplane as zero time, the
maximum angle change occurs instantaneously, followed by a dropoff as
the shock wave travels beyond the airplane. In the tests, the model
was flown upward instead of horizontally. (See fig. 1.) At the proper
time, the explosion was set off on the ground so that the hemispherical
blast wave struck normal to the direction in which the model was trav-
eling.' Time histories of resultant pressures were measured by ten
NACA miniature pressure cells either embedded all in one chord halfway
out on the semispan of the wing or divided between this position and
the same chord on the horizontal tail. The measurements were transmitted
to a ground receiving station by wire telemeter. Further details on the
test procedure and the instrumentation are given in reference 1.

The first of the test results to be considered are load distributions
on one chord of the wing, obtained in three flights for which the blast-
induced gust was very intense. In each case, the initial velocity of the
gust produced an angle of attack four times the steady-flow stall angle
of the wing. The complete results of this series of tests are given in
reference 1. Figure 2 shows representative load distributions. Plotted

PRare load coefficients A — versus percent chord. The A indicates

that the resultant pressures pp were measured from the pressures

existing just prior to blast arrival. The three plots are successive
in time, with the first being for 3 milliseconds after blast arrival. The
angle of attack is 29°, and the model has traveled about one-half a chord
while under the influence of the gust. In the second plot, the angle
has reduced to 23° and in the third, the angle of attack is about 15°«
All of these angles are above the steady-flow stall angle of 9° measured
in a wind tunnel. The three flights are identified by the symbols on
the curves and it is noted that for two of the flights, ten channels
were used, but on one flight, only five channels were used. Considering
the high angle of attack and the transient nature of the phenomena, the
results are remarkably consistent and it was felt that a good represen-
tation would be obtained by averaging the load coefficients at each
chordwise station. The distributions obtained' are shown in figure 3 as
the lines with the points. The other two lines are distributions between



which the test data were expected to fall. The solid line was calculated
by simple potential-flow theory, ignoring stall and lag in lift effects,
while the dashed line is a distribution measured in steady-flow wind-
tunnel tests. Obviously, these simple concepts do not apply in this
case. The striking difference is the loading peak which travels rear-
ward as time passes. In all cases, the maximum value of the loading
peak is above the calculated distribution and it produces high local
loadings and contributes heavily to the overall loading on the chord.
The resulting section normal-force coefficients were found to be about
twice those obtained from the wind-tunnel distributions for the part of
the gust shown in figure 3. .

A.clue as to the source of the loading peak was found in shock-tube
studies of the type reported in reference 2, where interferograms show
the formation of a strong stationary vortex when a shock wave diffracts
around the corner of a bluff body. A similar process is believed pos-
sible around the leading edge of the airfoil but the vortex is affected
by the sustained flow and passes downstream along the upper surface of
the airfoil instead of remaining stationary. The vortex appears to
move at about one-third stream velocity because the peak is still present
near the trailing edge of the airfoil after it has moved nearly two and
one-half chords in the gust. Thus, the results shown on figure 3 indicate
that, foi intense blast-induced gusts which produce angles of attack
well above the stall, a traveling vortex initiated by the diffraction
of the shock around the leading edge of the airfoil has a significant
effect on the load distribution and makes the possibility of a simple
estimate of the loading appear remote.

Considered next are the results of the second phase of the inves-
tigation, that of determining the loads on the horizontal tail due to
the combined effects of an intense gust and the downwash from the wing.
For this, five pressure cells were installed along a chord of the hori-
zontal tail and five were left in their original positions on the wing
chord. Three flights were made for the same gust conditions as before
and the data for the individual chord stations were again averaged.
Since it is fruitless to attempt to define load distributions with only
five stations along the chord under the condition found existing in the
intense gust, the analysis of the results was made by comparison of the
time histories of load coefficient at corresponding stations on the wing
and tail. Two of these time-history comparisons, plotted as load coef-
ficient against time in milliseconds, are shown in figure, k. The time
histories for the wing are the solid lines and those for the tail, the
dashed lines. The comparisons for the 20-percent-chord stations are shown
in the upper plot and those for the 40-percent-chord stations, in the
lower plot. Three features are to be noted: first, that the load peaks
due to the vortex are present on both the wing and the tail; second, that
these peaks are of equal intensity. The third feature is that the curves
for the wing and the tail are reasonably similar up to about 13 milli-
seconds, but at that time the tail loading drops abruptly while the loading



on the wing shows a more gradual decline. The abrupt decrease in loading
on the tail is believed to be the onset of downwash from the wing, since
the time interval corresponds closely to what would be predicted by the
old rule of Glauert for lag in downwash. These results indicate then,
that the wing and tail act as independent lifting surfaces until the tail
flies into the downwash from the wing.

Returning to the loading peaks, their travel along the respective
chords is shown by the fact that they arrive at the aft stations at a
later time. Again the passage over the wing was accomplished in about
three chord lengths travel of the wing, but it was found that the passage
over the tail was accomplished in three chord lengths travel of the tail.
Thus, it appears that the movement of the vortex is a chord-length phe-
nomenon and not a time phenomenon.

In contrast to the complex conditions, just described, a test made
with the initial angle of attack kept below the stall gave load distri-
butions on the wing chord which were much less complicated. Only one
flight has been made in this series and the load distributions for three
successive instants in the gust are shown on figure 5« Again load coef-
ficient is plotted against the chordwise station. The angles of attack
vary from about 8° in the first plot shown to 6° in the last. The lines
with the points are the flight results and the solid line is a potential-
flow calculation of the type described previously which predicts the load
distribution for a given steady-flow angle of attack. The dashed line
is a distribution calculated using the unsteady-lift function given by
Wagner for sudden change in angle of attack. The test results and the
unsteady-lift calculations agree very well. It is also observed that
the loading peak found in the tests at an angle above the stall is not
present in this case. It is indicated then that below the stall angle
a good estimate of the chordwise loading is obtained from calculations
which take unsteady lift into account.

CONCLUDING REMARKS

Obviously, the character of the loading and the ability to predict
it depend very much on the existence or nonexistence of the strong
moving vortex. Unfortunately, full understanding of the parameters
governing the formation of this vortex and its behavior after formation
has been hampered by the limited scope of the tests conducted thus far.

In summary, the low-speed tests of the effects of blast gusts
which strike normal to the flight path have shown that:

(a) For imposed angles above the stall, a vortex caused by the
diffraction of the shock wave around the leading edge of the airfoil



significantly alters the load, distribution as it travels along the wing
chord and ho simple method is adequate to predict the loads.

(b) The wing and tail act as independent lifting surfaces until
the tail flies into the downwash from the wing.

(c) For angles below the stall angle, calculations using existing
unsteady-lift theory appear to predict the chordwise loading.
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BOUNDARY-LAYER CONTROL AS A MEANS OF

INCREASING AIRPLANE LIFT

By Charles W. Harper and Mark W. Kelly

Ames Aeronautical Laboratory

INTRODUCTION

In references 1, 2, and 5 "the applications of area suction as a form
of boundary-layer control to increase lift at low speeds vere considered
in detail. The results on vhich these papers were based came from full-
scale wind-tunnel tests of a model with F-86 wing panels.

Since these reports were presented, research has been continued on
the use of area-suction boundary-layer control and has been extended to
include blowing boundary-layer control. Because it was believed that the
wind tunnel could provide only a portion of the required information, the
National Advisory Committee for Aeronautics has equipped a number of air-
planes with boundary-layer control and evaluated them in flight. It is
the purpose of this paper to review this work.

DISCUSSION

Figure 1 shows the general arrangement of the wind-tunnel models to
which boundary-layer control has been or is being applied. The primary
purpose of this figure is to show the relatively large range of wing plan
forms investigated. Details can be found in NACA reports (refs. 1 to 10)
on the specific plan forms referenced in table I. An attempt will be
made to summarize the more important findings rather than to give a com-
plete exposition of results of the various wind-tunnel investigations.

The most obvious aspects of applying boundary-layer control are the
resultant lift gains. The two types of lift gains due to boundary-layer
control which are to be considered are: (l) the increase in lift due to
increasing flap effectiveness and (2) the increase due to increasing the
useful angle-of-attack range.

A useful basis from which to judge the effect of boundary-layer con-
trol on flap lift is the lift increment which would be expected if all
evidence of flow separation were removed; this is, of course, the incre-
ment predicted by theories based on inviscid flow. Figure 2 compares the
lift increments predicted by the method of reference 11 with those



realized by various flap configurations on the models shown in figure 1
when sufficient boundary-layer control was applied to remove most signs
of separation. It is clear that, in most cases, a near-theoretical value
of flap lift was realized. In general, it has been found that the agree-
ment between theory and experiment is usually good for flap deflections
up to 60°. To illustrate the order of improvement realized, a range of
values is also shown for some of the configurations without boundary-
layer control. It can be concluded that a fair estimate can be made of
the flap lift increment to be expected if boundary-layer control is
applied to a flap.

In discussing this figure, it was stated that the values of lift
shown were those measured when sufficient boundary-layer control was
applied essentially to remove all separation and no distinction was made
between area suction and blowing boundary-layer control. A distinction
does exist, however, if consideration is given the power required to pro-
vide the boundary-layer control and the possible benefits obtainable from
the existence of excess power. Figure 3 shows lift increments as a func-
tion of horsepower and engine bleed-air requirements obtained from wind-
tunnel tests of models having F-86 wing panels. (See refs. 2 and 9-)
Compare first the boundary-layer-control requirements in terms of ideal
horsepower. This would be of interest where an independent power source
and pump would be supplied to provide boundary-layer control. It is clear
that there is about 6:1 difference in the horsepower required to reach a
value of £CL of about 0.7. For airplanes in which available horsepower
is limited, it is apparent that the area suction has a decided advantage.
It is also evident that if power requirements were not of concern, then
the use of blowing boundary-layer control would enable higher lifts to
be reached than area suction. This is of particular interest, since for
many of the airplanes now in need of high lift aids, large amounts of
horsepower are available in the high-pressure air which may be extracted
from a turbojet-engine compressor. For these cases, the important point
becomes whether the bleed air available during the landing approach or
that which can be tolerated during take-off is sufficient to drive a pump
for area suction or directly provide blowing boundary-layer control. Fig-
ure 2 shows that, for this airplane, either system can be used without
exceeding the bleed-air limits. As a matter of interest, the power
requirements corresponding to these maximum bleed-air quantities are about
300 horsepower. The larger bleed-air requirements and larger associated
thrust loss of blowing-type boundary-layer control can be offset by a
larger lift increase. Calculations, discussed subsequently, show that as
far as ultimate take-off and landing performance are concerned, the two
systems should give similar benefits. The absolute results shown herein
apply, of course, only to this hypothetical airplane. The ultimate choice
for other airplanes is likely to depend on details unique to each parti-
cular design. It might be noted that these results represent about the
minimum boundary-layer-control requirements that the NACA has been able
to achieve, and that no evidence of large potential reductions can be
found. - .
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Although it has been demonstrated that the application of boundary-
layer control to trailing-edge flaps will usually result in large flap
lift increments at low angles of attack, it should be noted that highly
effective flaps usually tend to reduce the angle of attack for maximum
lift. On some aircraft, particularly those employing thin wing sections
and plan forms having high sweepback or low taper ratios, this reduction
may be sufficient to bring the attitude for maximum lift near the ground
angle of the airplane. For these aircraft, it appears that the applica-
tion of boundary-layer control near the wing leading edge (either directly
to the leading edge or to a nose flap) may result in significant gains in
performance. This observation is demonstrated in figure k which shows the
variation of lift coefficient with angle of attack for two wind-tunnel
models, one having a thin low-aspect-ratio unswept wing (ref. 8), the
other having a high-aspect-ratio wing swept back ̂ 5° (ref. 6). For these
wings, the application of boundary-layer control to trailing-edge flaps
resulted in practically no increase in maximum lift due to the reduction
in the angle of attack at which flow separation near the wing leading edge
occurred. However, application of area-suction boundary-layer control
near the wing leading edge resulted in significant increases in maximum
lift for both wings. Exploratory investigations on the application of
blowing boundary-layer control to the wing leading edge are under way at
the present time.

As noted previously, the most obvious aspect of boundary-layer con-
trol is its effect, on lift. However, in determining its possible benefits
in a particular case, consideration must be given to the resulting drag
and moment changes. In particular, the drag changes become important
when take-off or wave-off performance is being analyzed.

Where a satisfactory application of boundary-layer control is made
to a flap, it would be expected that the flap drag would consist largely
of the induced drag due to the change in span loading. Figure 5 shows
how the measured drag increment of boundary-layer-control flaps compares
with that which would be predicted by a theory (ref. 11) which considered
induced drag alone. These increments were computed and measured for zero
angle of attack of the wings. Also shown is the band in which the same
comparison placed the flaps without boundary-layer control. Where the
flap drag is high, the measured drag departs from the theoretical induced
drag. It is believed that the deviation is, in part, due to an inadequacy
of the theory in attempting to account for the rapid span-loading changes
associated with highly effective flaps and, also, a complete neglect of
the fuselage effect on span loading. Although the comparison shown herein
indicates that good quantitative estimates of the drag change due to the
application of boundary-layer control to flaps may not always be obtained,
the theory should prove useful in estimating the order of magnitude of
this change.



The effect on wing moments of applying boundary-layer control to a
flap is small except through the direct effect of the increase in lift.
That is to say, the ratio of ACm to &CL is nearly the same for a flap
with or without boundary-layer control. If large flap lift increments
are obtained by applying boundary-layer control to a flap, large trim
requirements will be obtained. These can be estimated by the method of
James and Hunton (ref. 12). For any of the models tested, no significant
effect of boundary-layer control on tail effectiveness has been found that
would not be traced directly to elimination of the stalled wake from the
flap without boundary-layer control. Insofar as the tail is concerned, the
problem, then, is one of overcoming the moment created by the higher flap
lift; no new factors are introduced.

The effect of wing leading-edge boundary-layer control on drag and
moments is similar to that of any leading-edge device that successfully
prevents leading-edge separation. Where boundary-layer control is provided
over the full span, there results a direct extension of the polar and
moment curves; where this is done partial-span, the effect is so dependent
on the configuration that it is necessary to resort to experiment. Exper-
ience in this regard is so limited that generalizations cannot yet be
made; a number of investigations are, however, under way.

Up to this point, the discussion has been based on the results of
wind-tunnel investigations. In order to gain some insight into pilots'
reactions to the use of boundary-layer control, and also of the.practical
difficulties involved in applying boundary-layer control to actual air-
planes rather than to simplified wind-tunnel models, a number of aircraft
have been equipped with boundary-layer control and evaluated in flight.
Some of the more important results of these investigations will now be
discussed.

Perhaps the most direct indication of difficulties associated with a
practical boundary-layer-control installation can be had from a consider-
ation of the experience gained at the Ames Aeronautical Laboratory in
carrying wind-tunnel studies through to flight installation. This has
been accomplished in three separate instances involving application of
leading-edge area suction to an F-86F airplane (ref. 13), application of
area-suction boundary-layer-control flaps to an F-86A airplane (ref. 1̂ ),
and application of blowing-type boundary-layer-control flaps to an
F-86F airplane (ref. 15).

In general, it can be stated that each airplane finally achieved in
flight essentially what had been predicted by the wind-tunnel tests. The
use of the word "finally" correctly implies that success was not immediately
achieved in all cases. Consideration of the problems encountered sheds
some light on probable practical questions. Figure 6 shows for each air-
plane the variation of CL with a obtained in the initial flight tests



and those from the final flight tests. Wind-tunnel results are also
shown for comparison; The improvements for the airplane with leading-edge
suction appear as a delay in the angle of stall until higher maximum lifts
are reached. The improvements in the cases of the other airplanes appear
as increases in the flap lift increment.

The failure of the airplane with the suction leading edge to realize
the expected maximum lift when first tested was traced primarily to block-
age created by internal supports for the porous material. This blockage
occurred at three butt joints between panels of the porous material where
the internal supports were especially wide. Leading-edge stall originated
at these points and limited maximum lift. It was found that short slots
cut through the material and supports eliminated the local stall. Although
the local values of flow coefficient increased significantly, the effect on
the total flow coefficient was negligible. With this improvement, the
flight airplane realized the maximum lift predicted from the wind-tunnel
tests.

The successful application of area-suction flaps to the F-86A air-
plane was realized only after a number of unsatisfactory conditions were
eliminated, each having a small effect but the total being significant.
These included:

1. Trailing edge of porous opening being too far forward.

2. Rough flow created at inboard end of the flap by improper fairing
of external air duct between flap and fuselage.

3- Rough flow on flap created by an undeflected wedge of wing lying
between the flap and fuselage.

k. Leakage into the suction duct as a seal opened slightly when the
airload came on the flap.

Most of the difficulties encountered herein were associated with the
problem of adding a boundary-layer-control flap to an existing airplane
without major modifications. It is believed that these difficulties
could be readily avoided in an original design if their importance were
kept in mind.

In the case of the F-86F airplane with blowing-type boundary-layer
control applied to the flap, no difficulties were encountered in realizing
in flight the values of lift indicated by the wind-tunnel results. In part,
this success was due to the fact that some excess boundary-layer-control
power was available - this was not true in the area-suction boundary-layer-
control tests. However, it is believed to be largely due to the lesser
sensitivity of blowing type boundary-layer control to air-flow disturbances.



No detailed discussion has been made of boundary-layer-control power
requirements - that is; flow quantities and pumping pressures in the case
of area suction - and engine bleed air and pressure ratios in the case of
blowing, since, with the boundary-layer control operating satisfactorily,
these requirements were very close to those estimated from wind-tunnel
tests.

In concluding the discussion of this point, it might be of interest
to point out that no difficulties have been encountered in maintaining
operation of any of these boundary-layer-control systems. Boundary-layer-
control installation was operated for a period of 19 months on the leading
edge of the F-86F wing, the F-86A suction flap for a period of 17 months,
and the F-86F blowing flap for a period of 5 months. The airplanes with
area suction have shown no evidence of clogging, although no special care
has been taken in this regard. Two of the airplanes with area-suction
boundary-layer control have been flown in heavy rain with no evidence of
deterioration of the boundary-layer-control effectiveness.

Pilots' reactions to the use of boundary-layer control in landing
approaches depend, to some degree, on whether carrier-type or sinking-
type approaches are used. (See ref. 16.) As a first step in examining
these reactions, the Ames Aeronautical Laboratory has made a detailed
study of the effect of boundary-layer control on the approach speeds
chosen by pilots when making carrier-type landings. It is emphasized
that these results were obtained and are being obtained from analysis of
a particular type of landing made by research pilots having ample oppor-
tunity to acquaint themselves with the airplane and the boundary-layer-
control installation. In addition to determining the flight speeds chosen,
an effort is also being made to determine what factor fixes this speed and
how this factor is related to the airplane characteristics. Figure 7 shows
the results of these tests in terms of the location of the average lift
coefficient chosen by the pilots on the lift curve for each airplane with
boundary-layer control on and off. It is evident that, in each case, an
increased CL was used by the pilot when the boundary-layer control was
on. For the airplanes having boundary-layer-control flaps, the pilots used
about the same attitude with boundary-layer control on as they did with it
off. However, the reasons given for limiting the approach speed indicate
that attitude was not a primary factor. The reasons given fall generally
into three categories; these are proximity to Ig stalling speed, attitude
or visibility, and inadequate altitude control. Inadequate altitude con-
trol was stated as being limiting in six of the eight cases shown.

With the F-86F airplane having boundary-layer control applied to the
leading edge, most of the pilots reported that they limited the speed
either because of proximity to the stalling speed with the boundary-layer
control off or because of attitude with boundary-layer control on. The
curves shown in figure 7 are consistent with this observation, since
boundary-layer control gave an 11° change in stall angle whereas the pilots
used only a 6° stall angle. . „ „.
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In the case of the F-86F with blowing flaps, the F9F-4 (ref. 1?)
with blowing flaps, and the F-86A with area-suction flaps, the reason for
choosing the approach speed vas given as inadequate altitude control for
either the boundary-layer control on or off condition.

The particular characteristics or combination of characteristics
of the airplanes whj.ch led to the pilots' sensing a "loss of altitude con-
trol" or "inability to arrest sink" have not been determined as yet.
Among the airplane characteristics which may be expected to influence
this speed choice is the variation with airspeed of the thrust required
for level flight. Figure 8 shows this variation for the four test air-
planes and also the chosen approach speeds. It is evident that in each
case the use of boundary-layer control reduced the speed for minimum
thrust and also changed the shape of the curve. For the three cases
where the approach speed was selected primarily because of loss-of-
altitude control, it was found that good correlation was obtained between
the speed reduction realized by the pilots and the reduction in speed for
minimum thrust. However, in general, it is not felt that the speed for
minimum thrust alone will be sufficient to define the speed at which
altitude control becomes marginal on all aircraft, since other factors
may also be important. Additional research on this problem is in progress.

All of the foregoing comments resulted from evaluation of carrier-
type approaches, that is, approaches made at nearly constant altitude and
high power settings. Some comments have also resulted from evaluation of
sinking-type approaches where considerably less power is used. In these
cases the pilots were particularly conscious of any loss in boundary-
layer-control effectiveness at the low engine powers used in this type of
approach. This emphasizes the necessity of matching the boundary-layer-
control bleed-air requirements to the performance of the engine as used
in the approach. For the low power settings used in sinking-type
approaches, it will usually be required that careful attention be given
to the pump efficiency in the case of area-suction flaps and to momentum
requirements and nozzle size in the case of blowing flaps.

In connection with the change in boundary-layer control with engine
speed, pilots made the observation that the F-86F airplane with blowing
flaps provided improved altitude control in -the approach through throttle
manipulation in a manner similar to that obtained on propeller-type
aircraft. However, it has not been possible so far actually to measure
or isolate the factors responsible for the pilots' impressions.

Although the carrier-type approach studies are informative in under-
standing the pilots' reactions to the use of boundary-layer control, they
give no quantitative measure of likely reductions in landing or take-off
distances. Therefore, calculations have been made to show the effects of
boundary-layer control applied to trailing-edge flaps on the take-off and
landing performance of three typical airplanes. Figure 9 shows the
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airplanes chosen for this analysis. It was arbitrarily assumed that the
landing and take-off speeds were chosen either from consideration of
proximity to the stall or available ground angle. Although the preceding
discussion of flight-test results indicates that other factors may be of
equal importance, it is believed that these calculations should give a
reasonable estimate of the order of magnitude of the changes in landing
and take-off distances to be expected. The effects of boundary-layer
control on the lift, drag, and pitching moments of these airplanes and
the bleed-air requirements were estimated from available data. The thrust
loss associated with engine air bleed has also been estimated and included.
The ground-angle limitation was arrived at from consideration of the
angles available on existing or proposed airplanes. Additional details
concerning these analyses are included in tables II and III and appendix A.

The results of the take-off calculations are shown in figure 10 in
terms of the percent reduction in ground roll due to boundary-layer con-
trol. These results demonstrate two points of particular significance:
first, that a well-designed boundary-layer-control system should result
in a reduction in take-off distance for airplanes of the type considered;
and second, that if each type of boundary-layer control can be made to
operate at the highest level of efficiency which has been realized for
existing cases, the gains due to each system will be similar. This latter
point should be noted since some previous blowing boundary-layer-control
results had led to the conclusion that, for most airplanes, this type of
boundary-layer control would not give reductions in take-off distance.

Figure 11 shows the results of the landing calculations. It is seen
that substantial reductions are indicated for all three airplanes. Also,
the results indicate that blowing boundary-layer control should give a
larger reduction in landing distance than would be obtained by the use of
area suction. These computations were made, as in the take-off analysis,
by using momentum coefficients just sufficient to prevent flow separation
on the flap. Larger momentum coefficients would give larger flap lift
increments. However, these may not result in further reductions in landing
distance unless some measure is taken to prevent flow separation from the
leading edge of the wings.

CONCLUDING REMARKS

On the basis .of the results obtained from the boundary-layer-control
studies conducted to date.by the National Advisory Committee for
Aeronautics, which have been briefly summarized herein, it would appear
that some general conclusions can be drawn.

It is believed that sufficient information is available to estimate
the change at low speeds in airplane performance brought about by the use



boundary-layer control on flaps and to estimate the required cost in
power; thus it appears possible to assess the worth of using boundary-
layer control in this way. It is concluded that boundary-layer control
can be applied to airplane flaps without encountering new or difficult
practical problems, and that, if properly applied, the pilots will rea-
lize benefits from its use. However, it must be recognized that the
application of boundary-layer control, like every other phase of airplane
design, can be affected by other details of the aircraft. Careful study
and experience will probably be required to realize its full benefits.

On some airplanes it appears that the application of boundary-
layer control to trailing-edge flaps will not provide significant
increases in maximum lift because of a reduction in angle of attack at
which flow separation from the wing leading edge occurs. For these air-
craft, it is likely that leading-edge boundary-layer control can provide
substantial increases in maximum lift, but additional work is required
to provide the detailed information necessary for incorporation of this
idea into new or existing designs.



APPENDIX A

SUMMARY OF LANDING AND TAKE-OFF ANALYSES

Airplane and Engine Characteristics

The airplane characteristics of interest in the take-off and landing
analyses are given in tables II and III. The aerodynamic characteristics
of the subsonic fighter were estimated from data obtained in the wind-
tunnel tests reported in references 2 and 9- The aerodynamic character-
istics of the bomber and the transonic fighter with area-suction flaps
were estimated from the data of references 6 and 7- It was assumed for
these airplanes that up to 0.2 increment in maximum lift could be obtained
by the use of leading-edge slats or other leading-edge devices. The char-
acteristics of these airplanes with blowing flaps were obtained by
assuming that the same relative effectiveness between area suction and
blowing boundary-layer control obtained in the investigations of refer-
ences 2 and 9 would also apply to these 4̂-5° sweptback wings.

The flow requirements for all of the area-suction flap configurations
were estimated from wind-tunnel data. The. momentum requirements for the
blowing flaps on the subsonic fighter were obtained from reference 9• The
momentum requirements for the transonic figher and the bomber were esti-
mated from those obtained from reference 9 using the following equation
(see appendix B for definition of symbols):

(sf/s);

"2 Ml (Sf/S)l c°s2 AHLi

The engine bleed-air requirements were obtained for the area-suction-
flap airplanes from the following equation:
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where a pump efficiency t] of 15 percent .is assumed. The bleed-air
requirements for the bloving flap installations were estimated from the
equation

w. -

where Mj and aj/ad are isentropic functions of the bleed-air pressure

ratio. For the landing calculations it was assumed that the pressure and
temperature of the bleed air corresponded to those obtained from the
engine under approach-power conditions, and the nozzle size was selected
so that the jet momentum was just sufficient to prevent flow separation.
For the take-off calculations it was assumed that a pressure-sensitive
valve was used in the bleed-air system to avoid excessive amounts of bleed
air and the corresponding high thrust losses.

The thrust losses due to bleed-air extraction for the subsonic
fighter were obtained from J-kj engine-performance curves. Those for the
supersonic fighter and the bomber were obtained from J-57 engine-
performance curves.

Method of Analysis

Take-off ground run.- The take-off ground run was computed from ref-
erence 18 (eq. 8:45, p. 8:22). It was assumed that the ground roll was
made at constant attitude (given in table II) up to the take-off speed.
The take-off speed for the fighters was assumed to be that required for
level flight at 0.9Cr as long as this lift was obtainable within the

maximum ground angle of the airplane. Otherwise, the take-off speed was
taken as that required for level flight at the airplane CL obtained at

the maximum ground angle. The same procedure was followed in the bomber
take-off calculations except that it was assumed that the ground angle was
set at 8° by the use of a bicycle-type landing gear.

Take-off transition.- Although not presented herein, calculations were
made of the take-off transition for some of these configurations by numeri-
cally integrating the equations of motion of the aircraft. Two results of
interest were obtained; these are: (l) at an altitude of 50 feet, the
transition to steady climbing flight had not been completed and (2) in all
cases there was sufficient thrust available to avoid deceleration before
the 50-foot altitude was reached. The steady-state climb angle was usually



reduced by the use of boundary-layer control due to the thrust loss and
drag increments involved.

Landing flare.- The landing flare was computed by the equations
given in reference 19 for the variable-load-factor flare case. It was
assumed that the rate of sink of the fighter aircraft was 20 feet per
second at a 50-foot altitude, whereas that of the bomber was 10 feet per
second at a 50-foot altitude. The approach velocity was computed either
from the requirement that the maximum C^ used in the flare would not

exceed 0.9Cr or that the angle of attack at the conclusion of the

flare could not exceed the maximum ground angle of the airplane.

Landing ground roll.- The landing ground roll was computed by use
of equation 6:̂ 5 of reference 18. The touchdown speed was assumed to be
that existing at the end of the landing flare. It was assumed that the
roll was made with no engine thrust, with the boundary-layer control off,
and with an average braking coefficient of 0.3 applied throughout the roll.



APPENDIX B

SYMBOLS

a velocity of sound, ft/sec

A aspect ratio

BLC boundary-layer control

c wing chord, ft

Op drag coefficient, Drag/qS

CL lift coefficient, Lift/qS

W-FC0 flow coefficient, I
•S f\ X .LWW *•> WCX J. .Ll̂ Xdl U . ——̂ ^̂ —

Wj/g
C.. momentum coefficient, ' V.
^ qS J

g acceleration of gravity, 32.2 ft/sec/sec

MJ jet Mach number

p_T total pressure of bleed air, Ib/sq ft

p, total pressure in flap duct, Ib/sq ft

p free-stream static pressure, Ib/sq ft

q free-stream dynamic pressure, Ib/sq ft

R gas constant for air, 1,73-5 ft-lb/slug °R

S wing area, sq ft

Sf wing area spanned by flap, sq ft

t airfoil thickness, ft

T engine thrust, Ib
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TBL total temperature of bleed air, °R

T<j total temperature in flap duct, R

To free-stream temperature, °R

U0 free-stream velocity, ft/sec

Vi jet velocity, assuming isentropic expansion,

7-1
o 7

W airplane weight, Ib

w specific weight of air at standard conditions, 0.0765 Ib/cu ft

WBL bleed air flow from engine, Ib/sec

Wf air flow required by suction flap, Ib/sec

W.j air flow required by blowing flap, Ib/sec

a angle of attack, deg

7 ratio of specific heats, 1.4 for air

5f flap deflection, deg

A£ A sweep of wing quarter-chord line, deg

sweep of flap hinge line, deg

wing taper ratio
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RANGE OF WING PLANFORMS USED FOR B.L.C. TESTS

Figure 1

COMPARISON OF THEORETICAL AND REALIZED
FLAP LIFT WITH B.L.C.
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AIRPLANES CHOSEN FOR LANDING AND
TAKE-OFF ANALYSES
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PERCENT REDUCTION IN LANDING GROUND ROLL
DUE TO B.L.C.
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PROBLEMS OF PERFORMANCE AND HEATING

OF HYPERSONIC VEHICLES

By H. Julian Allen and Stanford E. Neice

Ames Aeronautical Laboratory

INTRODUCTION

A particular virtue of high-velocity rockets for military applica-
tion is the difficulty in effecting countermeasures for defense against
them. In consequence, Sanger (ref. 1) devoted considerable effort to
the study of several types of rocketcraft and, with Bredt (ref. 2),
examined the rocket-powered 'glider airplane in particular.

There are two principal objections to the rocketcraft when compared
to the conventional supersonic airplane powered by air-breathing engines.
First, the propulsive efficiency of the chemical rocket is low so that
the "all-up" weight at take-off is large in comparison with that at
rocket burnout. Second, since the long-range rockets attain very high
speeds, they may accordingly be subjected to intense aerodynamic heating
when in the atmosphere. Often the heating rates are so great as to pre-
clude the possibility of adequate cooling by radiation alone, in which
case they must be protected by providing a sufficient weight of coolant
to absorb this heat. At best, the weight of coolant required may be of
the order of the payload weight which only serves to amplify the impor-
tance of the first objection since, then, a large increase in the initial
all-up weight must be provided simply to propel the coolant. In fact, it
is possible in certain cases to generate so much heat that no payload can
be carried at all since all the available weight at rocket burnout is
required for coolant to cool the coolant. Thus, it is seen, as with so
many problems in aircraft design, that the cooling problem has a pyra-
miding nature and is consequently of extreme importance.

From what has been said, it is clear that there are two closely
connected questions which the designer must ask himself: "Can the rocket
vehicle be made reasonably efficient compared with the airplane ?" and
"What can be done to minimize the aerodynamic heating problem?"

In this paper, three types of hypervelocity vehicles are compared:
the ballistic rocket, the skip rocket, and the rocket glider, in a manner
somewhat similar to that originally done by Sanger. The trajectories of
these rockets are shown in figure 1. The ballistic vehicle considered
here is the one which leaves the atmosphere at that angle relative to the
earth's surface which requires the least energy input for a given flight



range. The skip vehicle travels on a succession of ballistic trajectories,
each connected to the next by a "skipping phase" during which the vehicle
enters the atmosphere, negotiates a turn, and then is ejected from the
atmosphere. The optimum skip vehicle is considered in which the skipping
phase of flight is made at the optimum lift-drag ratio and the initial
flight angles of the successive ballistic trajectories are those which,
for the optimum lift-drag ratio, yield the given flight range for the
least energy input. The boost-glide vehicle considered is one which during
the powered and the unpowered phase of flight flies in the atmosphere at
optimum lift-drag ratio for each point of the trajectory. Thus the flight
altitude continuously varies with speed.

These three hypervelocity rockets will be compared efficiency-wise
with one another and witb assumed supersonic Jet airplanes. Next, the
hypersonic vehicles will be compared on the basis of aerodynamic heating
requirements. Finally, some detailed problems of glide rockets will be
discussed.

RANGE EFFICIENCY

In order to compare the efficiency of flight of the various vehicles,
it should be apparent at the outset that the efficiency parameter which is
truly appropriate depends upon the intended use of the vehicles. Thus,
for a missile, the parameter of real interest is the vehicle cost per
pound of explosive delivered; whereas, for the usual transport, which is
not destroyed on completion of a single mission, the proper parameter
would be the total cost of fuel, repairs, and depreciation per pound of
payload delivered.

In both cases, these parameters might well be approximated by the
ratio of initial weight at take-off to the payload weight. However, the
evaluation of this ratio requires a knowledge of the weight of the com-
ponent parts of the structures which is a matter of detail design beyond
the scope of this paper. Accordingly, in this paper the ratio of the
initial weight at take-off to the final weight after fuel is expended will
be used as the measure of flight efficiency. It is presumed, then, that
the reader will temper the results given in the following discussion with
the knowledge that the ratio of payload weight to final weight is not the
same for the several classes of vehicles considered. In particular, it
should be noted that the use of the ratio of initial weight to final
weight as the measure of merit is particularly unfair to the ballistic
vehicle since its ratio of payload weight to final weight is generally
much greater than for the other types.

In order to compare the efficiency of the hypersonic rockets and the
airplane, it is desirable to express the range equation in a form of the



type first developed by Bre'guet, because in this form it is most familiar
to the. airplane designer. In order to effect such a form for the range
equation, the following mathematical development is employed. (See ref. 3-)
The effective drag De is defined in such a manner that the product of
this drag and the range X equals the energy input at burnout as follows:

(1,

where Vf is the final speed at rocket burnout, W-f is the corresponding

weight, and g is the acceleration due to gravity. Let the effective
lift Le be defined as the weight at rocket burnout; that is,

Le = Wf (2)

Combining these two equations then gives the range as

x - (L\ Xf-

The term (L/D)e will be called the effective lift-drag ratio herein.

Now, the speed at rocket burnout Vf may be related to the ratio

of initial weight W^ to final weight Wf in the form

Vf = Ieg in
wf



where Ie is defined as the effective specific impulse of the rocket

propellent which is generally somewhat less than the actual specific
impulse because of the requirements of staging and so forth.

If one of the Vf's in equation (3) is replaced by the value from

equation (4), the range can be obtained in the form

X . tleve in (5)

wherein the effective speed Ve is just one-half the speed at rocket
burnout. For a conventional airplane with air-breathing engine, the
Breguet equation can be written in the form

X = L IVZn i (6)
D Wf

where L/D is the aerodynamic lift-drag ratio. It is more usual with
airplanes to replace the product IV by the product of the thermal
efficiency T] and specific-heat value of the fuel h to give

X = ± T)h In -±.
D Wf

Equation (5) can now be used for comparing the hypervelocity rockets with
one another, and these rockets in turn may be compared with the conven-
tional airplane with the use of equation (6) or (7).

Obviously, the most efficient vehicle, based on the definition given,
is the one with the largest value of the product (L/D)(l)(V); and this
product may be broken down for convenience into the components L/D, which
is the measure of aerodynamic efficiency, and I V, which is the measure of
propulsive efficiency. In figure 2 is shown a comparison of conventional
air-breathing-engine propulsive systems with a typical chemical-rocket
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system as indicated by the attainable values of IV as a function of
speed. Since this product has the dimensions of a length, it has been
termed the "propulsive range." This range has been expressed in nautical
miles. It is seen that, depending on the speed chosen, the air-breathing-
engine system will attain an optimum value of I V which is essentially
independent of the speed as has been pointed out by Rutowski (ref. 4) and
others. This value is about 700 nautical miles. For rockets, the speci-
fic impulse is essentially a constant (assumed herein as 225 seconds) and
hence the product has the linear characteristics shown. The high value of
700 nautical miles would not be approached until burnout speed corresponding
to the escape speed from the earth is reached. Thus, the rocket has the
disadvantage that its propulsive efficiency for normal ranges is low. This
is not the whole story, however, since it is the product of propulsive
range and the effective lift-drag ratio which is important.

In order to examine the effective lift-drag ratios for the rockets
and for the airplane, figure 5 has been prepared. In this figure, values
are shown as a function of range in nautical miles. Figure 5(a) is for
the case wherein the aerodynamic lift-drag ratio is 2 and figure 3(b) is
for the case wherein the ratio is 6. For the airplane, the lift-drag
ratio is independent of range, but, for the rockets, it is seen that the
effective lift-drag ratio increases with increasing range. This anomalous
result occurs because the increased range for the rockets is obtained
through increased speed so that an increasingly greater share of the
vehicles' weight is borne by centrifugal force on the curved flight around
the earth. Thus the aerodynamic lift required decreases and hence also
the aerodynamic drag. In fact, when satellite speed is reached, the
effective lift-drag ratio becomes infinity. It is of particular interest
to note that the ballistic vehicle for which the actual aerodynamic lift-
drag ratio is zero behaves practically as though it were a rocket glider
having an aerodynamic lift-drag ratio of 2.

If the effective lift-drag ratio is now combined with the propulsive
range, the results shown in figure k are obtained. The ratio of initial
weight to final weight as a function of range for the four types of
vehicles is shown in figure U(a) for an aerodynamic L/D of 2 and in
figure 4(b) for an aerodynamic L/D of 6. Here it is noted that all the
hypervelocity vehicles look attractive when the flight range is long and
the attainable aerodynamic lift-drag ratios .are low. Notice also that if
the aerodynamic L/D attainable is small, the skip rocket appears to be
the best of the hypervelocity vehicles; but, if the aerodynamic L/D is
large, then the skip and glide rockets are about equal. It should also
be pointed out that, although the ballistic rocket looks poor in fig-
ure Mb), in general, compared to the others, as noted earlier, a larger
fraction of its final weight is payload because of the low engine and
fuel tankage weight. Hence, if the ratio of initial weight to payload
weight had been used as a measure of merit, the ballistic vehicle would
appear promising.



AERODYNAMIC HEATING

It was pointed out earlier that all hypervelocity vehicles are sub-
jected to intense aerodynamic heating. If the aerodynamic heat must be
absorbed in a coolant and the required coolant weight becomes large, then
the all-up weight at take-off can become very great compared with the
payload weight. Thus the two questions which must be asked about each of
the three types of rockets are: (l) "Is it possible to radiate the
incoming aerodynamic heat at a sufficiently high rate to keep the temper-
ature within allowable bounds?" and (2) "If not, can the required quantity
of heat which must be absorbed be kept small enough to prevent the neces-
sity of an excessive weight of coolant?"

In order to answer the first question, figure 5 has been prepared to •
show the maximum value of the average heat transfer rate, for each of the
three rockets as the speed, and hence the range, is increased. The trans-
fer of kinetic energy to heat occurs in abrupt pulses during the skip
phases for the skip rocket. The first-skip heat rate, which is the most
severe, is shown here. The ballistic rocket experiences the heat in a
single abrupt pulse 'On atmospheric entry. The glide rocket, on the other
hand, gradually converts its kinetic energy to heat over the whole flight
trajectory. Thus, the relatively low rate of heat input is not surprising.
Also shown in this figure is the rate of heat input for radiation equili-
brium at temperatures of 1,000° F, 2,000° F, and 3,000° F. The answer to
the first question is clear. The ballistic and skip rockets that are being
considered cannot possibly be satisfactorily cooled by thermal radiation
alone except for short flight ranges and hence must rely on a coolant. The
radiation method of cooling does seem feasible for the glide rocket,
although barely so.

The second question is now - "For the ballistic and skip rockets,
which appear incapable of being cooled by radiation, can the total heat
input be kept sufficiently low so that excessive weight of coolant is not
required?" In order to answer this question, first consider the case of
the ballistic rocket. In figure 6 is shown the total heat input for a
5,000-pound conical ballistic warhead as a function of cone angle. The
chosen base area is 10 square feet and the velocity at atmospheric entry
is 20,000 feet per second. It is seen that for turbulent flow there is a
pronounced reduction of the heat input with increase in cone angle. The
heat input is low for all but the smallest cone angles for the laminar
case. The reason for the pronounced reduction of heat input with cone
angle for the turbulent flow case is the following (ref. 5): For the
warhead weights of usual interest, the kinetic energy near impact is a
small fraction of the kinetic energy that the vehicle had on entering the
atmosphere. Hence, nearly all this energy must be converted to heat but
the fraction of this heat which enters the warhead is proportional to the
ratio of the friction drag to the total drag. The remainder of the energy



is spent heating the atmosphere. Thus, by making the ratio of friction
drag to total drag small - in this case by employing large cone angles -
the total heat input is kept small. The question naturally then follows:
"Why doesn't a similar large reduction of heat input with cone angle occur
in the laminar flow case?" The answer can be gotten from figure 7 wherein
the maximum Reynolds number, which is also a measure of the mean Reynolds
number, is plotted as a function of cone angle for the cones considered in
figure 6. it is seen that there is a large reduction in Reynolds number
with cone angle. This change in Reynolds number does not have a very pro-
nounced effect on the turbulent friction coefficient, since this friction
coefficient is only a weak function of the Reynolds number. For laminar
flow, on the other hand, .the friction coefficient varies inversely as the
square root of the Reynolds number. Thus the friction coefficient drops
rapidly with decrease in cone angle and hence the ratio of friction drag
to total drag tends to stay more nearly uniform with cone angle, which
explains the behavior of the heat input with cone angle for the laminar
case shown in figure 6. Referring again to figure 7, if past experience
at lower speeds is typical of the state of affairs at high speeds, it is
most unlikely that laminar flow can be maintained at the very high Reynolds
numbers associated with the entry of the small angle cones. It is very
doubtful that even for the large angle cones continuous laminar flow will
occur, but it is probable that during the initial portion of the entry
trajectory, when the Reynolds numbers are much less than the maximums
shown in figure 7> long runs of laminar flow can be maintained. It is
during this initial flight trajectory that the laminar flow is particu-
larly desired since then the flight speed is greatest so that time rates
of heat input tend to be most severe. At best, then, the "high drag"
solution to the heating problem for the ballistic vehicle would seem to
be the most logical course to follow. However, it should be expected that
the total heat input will be something between that for all-laminar and
all-turbulent flow.

Unfortunately, this "high drag" solution is not open to the skip
rocket. This conclusion follows directly from the-fact that the skip
rocket must develop reasonably high lift-drag ratios to achieve long
range. But inasmuch as it is known that high lift-drag ratios are incom-
patible with high pressure drag, the skip rocket will clearly be relatively
slender and consequently will have a relatively high ratio of friction drag
to total drag.

Now, the question as to whether the heat input to the ballistic and
skip rockets can be kept sufficiently low can be answered. In figure 8 is
shown the calculated convective heat input per unit weight for a conical
ballistic rocket having a large cone angle (60°) and the convective heat
input per unit weight during the first skip for a conical skip rocket
having a sufficiently small cone angle to permit a lift-drag ratio of 6.
The flow in both cases is assumed laminar. In spite of the fact that the
total energy converted to heat in the first skip of the skip rocket is
much less than that involved in the entry of the ballistic rocket, the
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ratio of friction drag to total drag for the skip rocket is so Large
relative to that for this "ballistic rocket that the heat input is seen to
be much greater. Thus the ballistic vehicle could be cooled vith a not-
too-great weight of copper (see dashed curve) as a coolant, but it is
doubtful that this skip rocket could be satisfactorily cooled at all,
except for very short range flight. Thus when heating is considered,
only the glide rocket (which can, in the main, be cooled by radiation)
and the ballistic rocket (which is not required to accept an inordinate
amount of heat) appear attractive hypersonic types at this time.

What has been said about aerodynamic heating up to this point applies
to an average surface element of these vehicles. Of perhaps even greater
importance is the heating of particular local surface elements where the
heat rates may be many times that for the average surface. Such local
elements are commonly the stagnation points of bodies and the leading
edges of wings. It should be apparent that pointed noses or sharp leading
edges seem impractical as regards aerodynamic heating since not only is the
capacity for heat retention small but the heat transfer rate is exceedingly
high since it varies nearly inversely as the square root of the radius of
curvature. Thus a truly pointed nose or sharp leading edge would ablate,
melt, or burn away.

For the ballistic warhead no problem arises in blunting the nose
since the important effect of the blunting that may be required is to
increase the pressure drag which is a desirable feature as has previously
been discussed. (This does not consider possible adverse effects that
excessive blunting may have on the transition from laminar to turbulent
flow.)

PROBLEMS OF GLIDE ROCKETS

For the glide vehicle, the highest possible lift-drag ratio is
urgently desired so that the drag incurred by blunting must be kept to a
minimum. For the fuselage nose, slight blunting has been found not to
increase the drag, but, for the wing, even a slight blunting is delete-
rious. However, theoretical and experimental research has shown that
the drag increment can be kept low by use of swept leading edges. In fact,
it can be shown (see ref. 6) that for a given rate of heat input the drag
due to blunting of the leading edge varies approximately as the fourth
power of the cosine of the sweep angle. For this and other reasons, one
suggested configuration for a man-carrying boost-glide rocket might well
look like the configuration shown in figure 9 (ref. 7)- In the case of a
man-carrying glider, a certain minimum span will be required for landing.
The maximum leading-edge sweep will thus be obtained if the leading edge
runs from the fuselage nose to the end of the span opposite the fuselage
base. For the case shown in figure 9, the leading-edge sweep is 7^°



it has been calculated that, at Mach numbers up to the order of 7> the
drag due to the required blunting of the leading edge is not large and,
for a 50-foot-long vehicle, the lift-drag ratio should be 5 if "the
boundary-layer flow is turbulent and should be 6 if the boundary-layer
flow is laminar. Laminar flow is doubly desirable since it both improves
flight efficiency and reduces aerodynamic heating. Now, it should be
noted that, for speeds not too near orbital speed, flight at constant
lift-drag ratio infers nearly constant dynamic pressure; hence, as shown
in figure 10, the Reynolds number decreases with increase in speed. It
becomes zero at orbital speed since centrifugal force is all that is needed
to support the weight. On the other hand, recent experimental research has
shown that the transition Reynolds number generally increases with
increasing speed. In fact, in the Ames supersonic free-flight tunnel, con-
tinuously laminar flows have been maintained at a Mach number of 7 on

bodies of revolution with relatively rough surfaces to Reynolds numbers of

the order of 15 x 10" - which is of the order shown here. Thus, it is not
surprising that in some recent firings of a model of the three-wing confi-
guration at essentially full-scale Reynolds numbers, the indicated lift-
drag ratio was 5.5. Although it is true that this rather high lift-drag
ratio can be attained up to Mach numbers of the order of 7> a boost-glide
vehicle having this maximum Mach number will have a range of only about
800 nautical miles. In order to increase the range, the Mach number must
be increased, but, in so doing, the required leading-edge bluntness must
be increased to prevent excessive heating. It can readily be found that
the drag incurred by the blunting can then become so large as to reduce
the lift-drag ratio seriously. It was shown earlier that the product of

gIV was a measure of the flight efficiency. Thus, for a given value of

L/D, the efficiency improves with increasing speed. On the other hand,
if the lift-drag ratio decreases with increasing speed, it is possible
for the efficiency to diminish as the range is increased. In this event,
rather than to employ the simple boost-glide trajectory for the rocket
airplane in which the maximum boost is maintained to give the full speed
required for the desired range, it would be preferable to boost to a
somewhat lower speed and then sustain this speed with a lower thrust
rocket for the distance required to obtain this same range. In this case,
the reduced leading-edge radius might well improve the lift-drag ratio
enough to more than make up for the reduction in the propulsion efficiency.
This situation in which the leading-edge stagnation temperature is
restricted to 2,000° F is indicated in figure 11 where range is plotted as
a function of the ratio of initial weight to final weight for the three-
wing glider shown previously. Each of the individual solid curves corre-
sponds to a particular leading-edge radius. The circled end points corre-
spond to simple boost-glide flight (that is, no sustainer) while the
higher values of each curve correspond to increased amounts of sustainer
flight for the increased range. The dashed envelope curve, which repre-
sents the optimum performance, shows that some sustainer portion of flight
is desired when the leading-edge temperature is limited.

(̂  fvjiTm 'i i vr
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If one determines such envelope curves for various leading-edge
temperatures, it is possible to express optimum weight ratio as a function
of range for various permitted leading-edge temperatures as is shown in
figure 12. It is seen that for the larger ranges there is a weight penalty
when the radiation equilibrium temperature of the leading edge is limited.
Whether some cooling "by other means than radiation should be used would
depend on how the weight penalty for coolant compares with the penalty
shown in figure 12.

In conclusion, it is pertinent to examine what further can be done
to improve flight efficiency for glide rockets. First, it is obvious that,
since aerodynamic heating appears to preclude the use of the very high
speeds required to obtain good efficiency with a simple rocket (see
fig. 2), some real effort should be made to develop an engine such as the
rocket-ramjet to improve the propulsive range for Mach numbers from 5 to
10. Second, every effort should be made to improve the aerodynamic lift-
drag ratio. In this regard, tests have recently been made of configura-
tions of the type shown in figure 13 in which the body bow wave has been
used to assist in providing lifting pressures under the wing. The nega-
tive dihedral at the tips is not only used to provide directional sta-
bility but also to turn the outflow from the body downward to enhance the
lift further and so improve the lift-drag ratio. The calculated variation
of lift-drag ratio with Reynolds number, with laminar flow assumed, is
given in figure Ik for this configuration with the design Mach number of 5.
The experimental value of the lift-drag ratio, obtained at a Reynolds

number based on body length of 2-5 x 10" in the Ames 10- by 14-inch
tunnel, is, as shown, 6.35. This value agrees fairly well with the cal-
culated value of 6.8l. At flight Reynolds number, lift-drag ratios of
the order of 10 should thus be obtainable. Even with such a high lift-
drag ratio, it is important to note that the largest component of the
drag is skin friction..It is clear, then, that research should be
directed to find ways to reduce the magnitude of the friction drag. Per-
haps, for example, the use of transpiration cooling through porous sur-
faces, which theory indicates (ref. 8) will result in a reduction of the
average friction coefficient, should be considered.
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FACTORS AFFECTING THE MAXIMUM LIFT-DRAG RATIO

AT HIGH SUPERSONIC SPEEDS

By Charles H. McLellan and Robert W. Dunning

Langley Aeronautical Laboratory

SUMMARY

A study of the factors affecting the maximum lift-drag ratio (L/D)MAV

has been conducted in an effort to determine how. to obtain high aero-
dynamic (̂ /̂ )MAX v&l-ues a"t high supersonic Mach numbers. Wings, bodies,
and wing-body combinations are discussed, and some of the effects of
leading-edge heating on wing geometry and (̂ Â MAX are included. By
utilization of as high a Reynolds number laminar flow as possible, low-
aspect-ratio wings, favorable interference effects, and the use of more
radical configurations, it appears hopeful that high (L/D)ytpv values

may be achieved at the high supersonic Mach numbers.

INTRODUCTION

At high supersonic speeds the importance of maintaining high values
of maximum lift-drag ratio (I'/DX-Ay in long-range vehicles is essen-

tially the same as at low speeds (refs. 1, 2, and j). The range is
primarily a function of the lift-drag ratio and the ratio of fuel weight
to gross weight. At very high speeds, the centrifugal forces also affect
the range; however, in the present paper only the aerodynamic (̂ /̂ yip̂ r

will be considered. As at low speeds, (kÂ MAX snoul^ no^ ^e increased

at the..expense of excessive structural weight. Compared with the lower
speed ranges, the problem of obtaining high lift-drag ratios at very high
supersonic speeds is a relatively unexplored field requiring much further
investigation. It is the purpose of this paper to examine some of the
more important factors affecting



SYMBOLS

R Reynolds number

M Mach number

L/D . lift-drag ratio

W/S wing loading, Ib/sq ft

S wing area

T temperature

t/c ratio of wing thickness to chord

A wing aspect ratio

€ emissivity

A leading-edge sweepback, deg

q heat transfer, Btu/hr

Subscripts:

MAX maximum

L.E. leading edge

W wing

DISCUSSION

The skin friction, and, therefore, Reynolds number, is a major
factor and will be discussed first. Figure 1 shows the probable range
of Reynolds number per foot for high-speed configurations operating at
(L/D)MAX. The upper limit is defined by a high wing loading and a high

aerodynamic (L/D)ŵ , whereas the lower limit is defined by a low wing

loading and a low (L/D)̂ ^̂ . In figure 1 this upper limit has been chosen

arbitrarily as having an (L/D)̂ ^ of 6 and a wing loading of 100 pounds

per square foot, and the lower limit as having an (L/D)ĵ  of 2 and a

wing loading of 10 pounds per square foot. With moderate wing loadings,



(L/D)MAX wil1 be reached at altitudes between 100,000 and 200,000 feet
for the high supersonic speeds. At these altitudes the Reynolds number

will be relatively low (ref . li-) (on the order of 1 x 10^ to 10 X 10& on
a 10-foot chord) and, on the basis of current research data, it appears
hopeful that laminar flow can be maintained over much of the configuration
(refs. 5 and 6 and unpublished data obtained in the Langley 11-inch hyper-
sonic tunnel and in the Ames free-flight tunnel).

Therefore, the effect of Reynolds number on (L/D)MAX as the Mach

number is increased is presented in figure 2 for the simplest possible
case of the two-dimensional flat plate. With a laminar boundary layer
at a Reynolds number of 1 X 10°, (L/D)ĵ ^ decreases with Mach number

until it reaches a nearly constant value of about 7 at Mach numbers of
10 and above. For a Reynolds number of 10 X 10", the shape of the curve

is the same as at 1 X 10°; however, ('L/D)̂^ is higher, being on the
order of 12 at Mach numbers above 10. . As expected, the turbulent bound-
ary layer gives values well below those of the laminar boundary layer
for the lower Mach numbers j however, at the very high Mach numbers,
(L/D)MAX is aPProaching "the laminar values. A 10° cone and an infinite

cylinder at a Reynolds number of 1 X 10 , which are shown for comparison
with the flat plate, have relatively low values of (L/Djĵ , and it

becomes obvious that the wing should be as big as practical with respect
to the body to obtain the highest (L/D)MAy. In addition, the Reynolds

number should be as high as possible without causing boundary-layer
transition.

Of course, a more realistic evaluation of wings requires consider-
ation of the effects of thickness. At high Mach numbers, a flat lower
surface and a thin nose angle are desirable (ref. 7), and this can best
be obtained in a wedge airfoil. Figure 3 shows the calculated effect of
thickness on wedge airfoil sections of infinite-span wings at a Mach
number of 7* At the low thicknesses, the upper surface is shielded from
the free-stream flow; and as the thickness increased to about 0.07 at

R = 1 X 10 and 0.04 at R = 1 X 10̂ , the upper surface becomes parallel
to the free stream at (L/Djĵ . Beyond this point, the upper surface

is exposed to the stream. It is sometimes supposed that, at high super-
sonic Mach numbers, thickness can be added to the upper surface in the
shielded region without affecting (L/Djĵ . It can be seen that even

partially filling in the shielded area results in loss in (L/I>} at

this Mach number. Similar effects can be anticipated- for other wing
sections.

JL. OQlITIDDIgMU



if 96

This is only one of the factors affecting (LD)ĵ .̂ As pointed

out previously, the Reynolds number should be as great as is consistent
with the maintenance of laminar flow. Early in the design of a config-
uration the wing area and operating conditions will probably be fixed.
With a fixed-wing area, the Reynolds number can be increased by decreasing
the aspect ratio. Figure k shows the variation of (L/Djj,̂  with aspect

ratio for a constant-area rectangular wing with a sharp-leading-edge
symmetrical double-wedge section at a Mach number of 7. As the aspect
ratio decreases, the wing chord and, consequently, the Reynolds number
increase, and the skin friction decreases. Without tip effects,
(k/̂ MAX would continually increase with decreasing aspect ratio. The

tip losses, however, reduce (k/̂ MAX more at the low aspect ratios so

that, theoretically, a maximum is reached in this particular case at an
aspect ratio of about 0.6. The two experimental points appear to agree
with this trend even though the section was slightly different for the
low-aspect-ratio wing. (A 5-Percent-thick symmetrical double-wedge
section would be slightly lower.) At higher Mach numbers, the optimum
aspect ratios would be smaller. The decrease in aspect ratio will prob-
ably reduce the structural thickness requirements and will allow thinner
sections to be used, which will increase the values of (L/Djĵ ^ at the
lower aspect ratios.

A similar effect would be expected for triangular plan-form wings.
In figure 5, (L/D)ĵ v at M = 7 has been plotted against the aspect
ratio for the same airfoil section and constant wing area for a family
of triangular wings with a laminar boundary layer. The calculated curve
is for the region with attached shock where the lift-curve slope and
wave drag are constant (ref . 8); the change in estimated (L/D)̂ p̂  results

from the change in skin friction.

The experimental points seem to verify the theoretical trend. How-
ever, in all the experimental work at this Mach number in the Langley
11-inch hypersonic tunnel, the values of (k/D)wAY are lower than the

theoretical ones. Because of the so-called shock — boundary- layer inter-
action, the experimental minimum drag is considerably greater than the
predicted drag. At the Mach number and Reynolds number of this investi-
gation, the boundary layer displaces the flow about the wing (ref. 9)j
resulting in increased pressure which increases the skin friction for
the two-dimensional case by about 20 percent. Higher Reynolds numbers
will decrease this effect, whereas higher Mach numbers will increase it.
As can be seen from figures k and 5, there appears to be little differ-
ence either theoretically or experimentally between the rectangular wing
and- the" triangular wing of the same aspect ratio, and it would appear
that either low-aspect-ratio rectangular wings or very highly swept
triangular wings will give the highest values of (L/Djĵ .̂ The sweep

should not be increased or the aspect ratio decreased to the point where



the Reynolds number "becomes so nigh that transition occurs on the wing.
Theoretical and experimental results (refs. 10 and ll) indicate that
transition occurs earlier with a swept leading edge than with an unswept
leading edge. Therefore, higher Reynolds number laminar flow can prob-
ably be obtained on rectangular wings than on triangular ones. Further-
more, for the same average Reynolds number, a triangular wing will have
a root-chord Reynolds number twice that of the rectangular wing so that
transition.would be expected at a lower average Reynolds number on the
triangular wing. It should also be noted that (L/Djĵ  could probably

be improved by removing some of the low Reynolds number high-drag tip.

In the high Mach number range, the problem of aerodynamic heating
of the leading edge will also enter into the choice of the wing plan
form. The highly swept wings have an advantage in that the heat transfer
per unit area' to a blunt leading edge decreases with leading-edge sweep
(refs. 12 and 13) and allows the use of smaller leading-edge diameters.
Furthermore, as is well known, the drag of a blunt leading edge decreases
with sweep angle (refs. lU and 15). Therefore, the use of sweep would
be expected to decrease not only the required leading-edge diameter but
also the loss in (L/Djv̂ y due to a given leading-edge bluntness. If
radiant cooling is used, the diameter required is a function of both
Mach number and sweep angle. Figure 6 presents the diameter required
for an arbitrary leading-edge equilibrium temperature of 2,500° F with
a surface e of 0.8 and at altitudes of interest at the high Mach num-
bers. Materials are available for use as leading edges which can be
operated at this and possibly even greater temperatures. Below M = 6,
the recovery temperature is below the 2,500° F limitj and a sharp leading
edge could be used with this temperature limit and sweep would not be
necessary from the standpoint of leading-edge heating. With small
leading-edge sweeps, the diameter required increases very rapidly for
both the 100,000- and 150,000-foot altitudes as the Mach number is
increased above 6. The large sweep angles greatly decrease the required
diameter;.however, even with large sweep angles, the diameters become
very large, on the order of several inches at high Mach numbers, and
some other means of cooling may be required.

Since blunted leading edges may be required at the higher Mach
numbers, it is of interest to examine their effects on (L/Djĵ . As

an illustration, figure 7 has been prepared for a ̂ 00-squ.are-foot wing
at an altitude of 120,000 feet when flying at a Mach number of 11. At
lower Mach numbers, the curves are similar to this one. Increasing the
sweep increases (L/Djĵ  particularly for the large leading-edge
diameters. The aspect-ratio-0.3 rectangular wing is about the same as
the 60° triangular wing. Except at the very small leading-edge diameters,
the 70° swept wing has the highest



Since the leading-edge diameter required for radiant cooling decreases
rapidly with high sweep angles, the high sweep angles would be preferred
for the radiant-cooling case. High sweep, however, may not be necessary
or even desirable if some means of forced cooling, such as transpiration
cooling, is employed, since the total heat to the leading edge is impor-
tant. This is illustrated in the following table which presents effects
of wing plan form on (L/̂ )MAY with both forced and radiant cooling for

the same conditions as figure 7 for laminar boundary layer and M = 11,
S = kOO square feet, and an altitude of 120,000 feet:

L.E. diam., in.

q., Btu X lo6/hr

(L/D)^

Forced cooling,
T — Ol Q® TP&T T? — C.1-C. £

A=0.3

^5

•79

6.U

^^-5

2.05

6.3

I70° ^iki
"0-5

1.61

7.0

Radiant cooling,
T _ o E-\f\C\3 T?o«

T TT "" £ iOW * 9Xj • J-J • ' .

e = 0.8a

[60° ,/!

6-7

5.61*

2.9

^d
3-0

2.98

5-U

aAssumed value.

The leading-edge diameter should be kept as small as practical with a
forced cooling system. For this analysis, a 1/2-inch diameter has been
assumed. The rectangular wing with forced cooling would have an (L/D)v«Ay

value of 6.5 and would have a heat transfer to the leading edge of less
than 1 million Btu's per hour. This could be absorbed by evaporating
less than 1,000 pounds of water per hour. The 60° wing would have about
the same (L/D)̂ ,̂ but because of its greater wing span would have

nearly three times the amount of heat to be absorbed. The 70° wing would
have a higher (L/D)- but would have over twice the amount of heat to

be absorbed as the rectangular wing. Furthermore, the cooling system
would be spread out over a long leading edge requiring more plumbing.
Therefore, for forced cooling, the very low-aspect-ratio rectangular
wings appear desirable.

For the radiant-cooled leading edge, (LB)]̂ ^ would be very low

on the 60° wing because of the large leading edge required. Even the
70° wing requires a 3-inch leading-edge diameter and has a value of

°f only 5-^' The loss in (L/Dĵ  probably would not be
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quite as great in an actual application since the wings with low

should be operated at a higher altitude than for those with high

However, this is a secondary effect which has been neglected. Still
larger sweep angles would probably be desirable with radiant cooling.

From the foregoing discussion, both the highly swept triangular
wings and the low-aspect-ratio rectangular wings begin to appear like
thin bodies, suggesting that the bodies should probably be shaped some-
what like thick wings. Bodies, however, have been discussed extensively
in the past (for example, refs. l6 and 17) and will, therefore, be dis-
cussed only briefly. Figure 8 shows the general trend of increasing
(L/D)MAX as the bodies take on more of a wing-like shape. The bodies
in order of the increasing (L/Djĵ ^̂  are the 20° cone cylinder, the

10° cone cylinder, a drooped-nose flat-bottomed model with the upper
surface of the nose approximately filling in the lee side at (L/D)̂ ^̂ ,

and the upper body in which the aspect ratio has been doubled. These
bodies are discussed more extensively in reference l6. The aspect ratios
are below the optimum for the flat-bottomed bodies, and a considerable
penalty is being paid for filling in the lee side. A thin wing with
nearly the same plan form and Reynolds number had an (̂ /̂ )MAY °̂  at)OU"t

5. If as compared with h.k for the best body in this figure.

The final object is to develop complete configurations with high
At the high supersonic Mach numbers, configurations are still

in the early stages of development. In figure 9, the estimated (L/D

for two complete configurations is shown. These configurations, with
the same body size, have rounded leading edges for radiant cooling for
Mach numbers up to about 7 and provisions for obtaining stability. The
calculations have been made for laminar flow at the altitude required
for the given wing loadings and the lift coefficients at

The more or less conventional configuration with a trapezoidal wing
shows the values of (L/D)̂ ^ that can be expected from present-type

aircraft. It utilizes wedge-shaped tail surfaces and can be expected
to have good stability characteristics throughout the speed range as well
as having a landing speed of only 150 knots. The value of (L/Dĵ AX
with all laminar flow varies from 5 to about k. With this wing loading
of 50 pounds per square foot, (L/D)ĵ ŷ  was obtained at a Reynolds

number of only 2 x 10" based on the mean aerodynamic chord, and laminar
flow is likely over much of the configuration.

The three-wing configuration proposed in reference 5 to obtain high
y at high Mach numbers is also shown in figure 9- This configura-

tion with laminar flow has an estimated value of (L/Djĵ ŷ  between 5 and 6.
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This relatively high value. of (L/Djĵ  results largely from the high

wing area with respect to the body area, and to the high Reynolds number.
The high sweep decreases the leading-edge drag, but the large surface
area of the nonlifting upper wing increases the skin-friction drag of
the configuration. The negative dihedral is included for the low-speed
stability and decreases the value of (L/D)ĵ ŷ  according to unpublished

wind-tunnel tests at Mach numbers from 3 to 6 in the Ames 10- by 14-inch
tunnel.

In order to obtain higher values of (LDjĵ , more radical config

urations should be considered. One possibility is to combine the body
and wing features into one. Figure 10 shows two such configurations.
No provisions have been made for obtaining stability or cooling of the
leading edge on these configurations . The volume normally obtained in
a body is obtained by filling in part of the area above the lower sur-
face on these configurations. A rectangular wedge-shaped configuration
of aspect ratio 0.4 would have an estimated value of (L/Djĵ ŷ  of 7

at M = 3 and of nearly 10 at M = 12. The Reynolds numbers are very
high, 30 x 10" at M = 10, and transition might occur. The increased
skin friction obtained by assuming fully turbulent flow reduced

to between 6 and 7«

The configuration with a triangular plan form with clipped tips
had the same body volume and wing area as the rectangular configuration.
The value of (L/D)f|/̂  with laminar flow was about the same for the
two configurations. As pointed out previously, transition is more likely
on the triangular -.plan-form configurations at a given Reynolds number
than with the rectangular one-

One factor involved in configuration development which needs to be
investigated is that of interference effects between wings and bodies.
Ferri, Clark, and Casaccio (ref . 18) have proposed the use of wedges
under wings to generate a high-pressure region and thereby increase the
lift. If a configuration can be designed so that existing high-pressure
regions,' such as that emanating from a body nose, are located under the
wing, it should be possible to obtain increased values of (L/D)™̂  as

a result of the interference effects .

Figure 11 .shows the results of some unpublished calculations by
A. J. Eggers, Jr., and Clarence A. Syvertson of the Ames Aeronautical
Laboratory' for a highly swept zero-thickness wing in combination with
a half-conical body. This curve shows (k/DV./̂  for the wing alone, body

under. the wing, and body above the wing for laminar flow at a Mach num-
ber of 7. . Putting the ccne body on the bottom of the wing entailed much
smaller losses than putting the cone body on the top because of the more
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favorable interference effects of the high pressure from the low body
on the wing. Preliminary unpublished experimental results seem to verify
this trend. These interference effects are obviously very important and
should be investigated further.

CONCLUDING REMARKS

In general, the study of how to obtain high aerodynamic values of
maximum lift-drag ratio (L/It)̂ ^ has indicated that configurations

should be operated at as high a Reynolds number as possible, providing
that the boundary layer remains laminar. Low-aspect-ratio rectangular
wings appear to be best when small leading-edge diameters can be used as
with transpiration cooling. When radiant cooling of the leading edge
is used, a highly swept wing may be desirable. By utilization of favor-
able interference effects and the use of the more radical configurations,
it appears hopeful that high values of (L/D)ĵ x mav be achieved at the
high supersonic Mach numbers.



502 ^•WUPBHWISP'

REFERENCES

1. Sanger, Eugen: Raketen-Flugtechnik. R. Aldenbourg (Berlin), 1933-

2. Sanger, E., and Bredt, J.: A Rocket Drive for Long Range Bombers.
Translation CGD-32, Tech. Information Branch, Bur. Aero., Navy
Dept., Aug.

3. Seiff, Alvin, and Allen, H. Julian: Some Aspects of the Design of
Hypersonic Boost-Glide Aircraft. NACA RM A55E26, 1955.

*4-. The Rocket Panel: Pressures, Densities, and Temperatures in the Upper
Atmosphere. Phys. Rev., vol. 88, no. 5, Dec. 1, 1952, pp. 1027-1032.

5. Korkegi, R. H. : Transition Studies and Skin Friction Measurements on
an Insulated Flat Plate at a Hypersonic Mach Number. Memo. No. 17
(Contract No. DA-C4-495-Ord-19), GALCIT, July 15,

6. Jedlicka, James R., Wilkins, Max E., and Seiff, Alvin: Experimental
Determination of Boundary-Layer Transition on a Body of Revolution
at M = 3.5. NACA TN 33̂ 2,

7. Chapman, Dean R.: Reduction of Profile Drag at Supersonic Velocities
by the Use of Airfoil Sections Having a Blunt Trailing Edge. NACA
RM A9H11, 19J4-9.

8. Bertram, Mitchel H., and McCauley, William D.: An Investigation of
the Aerodynamic Characteristics of Thin Delta Wings With a Symmetri-
cal Double-Wedge Section at a Mach Number of 6.9. NACA RM L55B1U,
1955-

9. Bertram, Mitchel H. : An Approximate Method for Determining the Dis-
placement Effects and Viscous Drag of Laminar Boundary Layers in
Two-Dimensional Hypersonic Flow. NACA TN 2773, 1952.

10. Stuart, J. T.: The Basic Theory of the Stability of Three-Dimensional
Boundary Layers. Rep. No. F.M. 1899, British N.P.L. (Rep. No. 15,90l»-,
A.R.C.), May 13, 1953.

11. Dunning, Robert W., and Ulmann, Edward F.: Effects of Sweep and Angle
of Attack on Boundary -Layer Transition on Wings at Mach Number Ij-.Ô .
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PROBABLE AIRPLANE ENVIRONMENT
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THE RELATIONSHIP OF AERODYNAMIC HEATING TO

AIRFRAME STRUCTURAL PROBLEMS

By Norris F, Dow find Richard R. Helderifels

_ . Langley Aeronautical Laboratory

The purpose of this paper is to study, from the standpoint of effects
induced in the structure and "below the 1500° F limit of available air-
frame materials, how accurately equilibrium temperatures and heat-transfer
coefficients need to be known.

Consider first the equilibrium temperature. High equilibrium temp-
eratures reduce structural strength and reduce distortion resistance.
Both effects require weight increases. Increases due to loss of strength
are indicated in figure 1. In this figure a measure of the weight required
for tension (the density divided by the yield stress) is plotted against
temperature for the four materials: 202̂ -T3 aluminum alloy, RC-130A
titanium alloy, 17-7PH stainless steel, and Inconel X. For each material,
up to some indefinitely defined temperature, the curves show that the
weight is not too critically dependent upon the temperature, but the
higher temperatures must be accurately known or a substantial weight
increase or a higher temperature material must be provided. For example,
at 1,000° F, 17-7PH stainless steel might be used, but if the temperature
is only 50° to 100° higher, the use of Inconel X may be necessitated to
avoid an excessive weight penalty.

These curves indicate that the importance of an accurate knowledge
of the temperature increases as the temperature rises. Conversely,
below some temperature for each material, the accuracy is relatively
unimportant. The latter conclusion, however, may need to be modified if
consideration is given to effects other than tension yielding. For
example, some materials, particularly the aluminum alloys such as 7075-T6,
lose strength with exposure to elevated temperature. Thus, as shown in
a plot based on data from references 1 and 2. of weight against tempera-
ture for various cumulative lengths of exposure (fig. 2), a small weight
penalty is incurred even for only about 3 seconds exposure at kOO° F.
For an exposure of 1,000 hours, however, twice the weight would be
required. Furthermore, the 1,000-hour curve is much steeper and, accord-
ingly, here the temperature needs to be known more accurately. The con-
clusion is that need for accurate knowledge of temperature increases
both with temperature and .exposure.

This same conclusion applies for creep in the material. For the
airfrains which encounters high loads for only a fraction of its lifetime,

Preceding page blank



512

creep becomes a design criterion only at the higher temperatures, as in
the region shown in figure 3 for Inconel X.

Figure 3, "based on data from reference 3, gives a measure of the
weight to give a 0.2-percent permanent elongation plotted against temp-
erature for various times at temperature and load. As before, the temp-
erature needs to be known more accurately; that is, the curves become
steeper as both time and temperature increase.

For transient conditions the problems are somewhat more complex
than for the steady-state case. Time is required for the skin to become
hot and for the heat to flow into the internal structure, and knowledge
of what effect heat-transfer rate has on elevated-temperature structural
problems becomes important.

Two cases need to be considered: (l) flights so short that skin
temperatures have not even approached equilibrium and maximum thermal-
stress conditions are not encountered and (2) flights long enough so
that skin temperatures do approach equilibrium.

For the short flights, the values of the heat-transfer coefficient
need to be known most accurately in order to determine the maximum
temperature attained.

As shown by the curves given in figure 4 for various values of
heat-transfer coefficient h at given initial and adiabatic wall temp-
eratures (TO and TAVJ, respectively) and at a given heat capacity
cwtg, the change in skin temperature Tg with time T initially depends
directly upon the heat-transfer coefficient. Here, then, as for equilib-
rium temperatures, the need for accurate heat-transfer coefficients
increases as the temperature increases.

When flights are long enough so that the skin approaches its equi-
librium temperature and the most severe temperature differentials possible
between skin and internal members are encountered, the most severe thermal
stresses are induced. For example, consider the case studied in ref-
erence h of a flight at a 40,000-foot altitude in which the aircraft
accelerates at Ig from a Mach number of 0.75 to 3.0, flies at that speed
for about 3- minutes, and then decelerates at Ig back to its original
speed. (See fig. 5.)

The resulting temperatures induced in typical skin and internal
supporting structure are plotted in figure 5 against time. Character-
istically, the temperature in the internal member (given by the dashed
curve) is less than that in the skin during the heating part of the
cycle and higher than that in the-skin during the cooling part of the
cycle.
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The thermal- stress history depends directly upon the time-temperature
history. For this case, for example, the peak stresses as calculated for

reference h and plotted in figure 6 occur at li- and 5 minutes after ini-

tial acceleration - when the temperature differentials are the greatest.

As has been pointed out by a number of investigators, thermal
stresses such as these may produce more or less serious consequences:
namely,

(1) If the thermal stresses are great enough, buckling of the skin
may be induced during heating, or bucking of the internal members may be
induced during cooling, or, as will be discussed later, loss of stiffness
of the entire section may be produced.

(2) Due to the cyclic nature of heating, loading, cooling, and
unloading, fatigue must be considered. In fact, if the stresses exceed
the elastic limit and yielding takes place, residual stresses may be set
up which, under certain conditions of heating and cooling, may continue
to accumulate from cycle to cycle until fracture occurs.

Clearly, accurate knowledge of such thermal stresses is essential.
As is shown in reference 5, the relationship between the accuracy of
this knowledge and the accuracy with which the heat-transfer coefficient
is known, however, depends upon the parameter plotted as abscissa in
figure 7« This parameter incorporates the heat-transfer coefficient h,
the length of the internal structural web L, the thermal conductivity
k, and the skin thickness tg; so, for example, large values of the
parameter represent large heat-transfer coefficients, deep structural
sections of low thermal conductivity, and thin skins. The ordinate for
this plot is the ratio of the maximum thermal stress o actually

produced - that is, the stress when the temperature differential between
skin and internal structure is a maximum - to the fictitious extreme
thermal stress crex which might be produced as in a material of low
thermal conductivity at high rates of heat transfer.

This semi -logarithmic plot shows that, for both small and large
values of hL^^kts, the maximum thermal stress is insensitive to vari-
ations in the heat-transfer coefficient. Even for the intermediate range,
the exact value of the heat-transfer coefficient is not too significant;
here a change of a factor of 2 in the heat-transfer coefficient, for
example, causes only a small change in the thermal stress. In this range,
the order of magnitude of the heat-transfer coefficient is needed if the
thermal stresses are to be accurately determined, but Just the proper
order of magnitude is probably good enough. For thick-skinned thin
structures, or particularly for thin-skinned deep structures, however,



only the maximum temperature attained, not the rate at which is is
attained, is important.

The three possibilities - low, intermediate, and high values of the
parameter hL2/4ktg - are illustrated in figure 8. Three different
structural elements are considered: a thick-skin shallow "structure of
high thermal conductivity, a thin-skin deep structure of low thermal con-
ductivity, and an intermediate case. Plotted against time for each case
are the skin temperatures and the temperatures halfway through the struc-
tural web. In the first case, as fast as heat is put into the skin, it
is conducted down into the web and no appreciable temperature differential
results. In the third case, a negligible amount of heat is conducted
from the skin to the web by the time the skin has reached its maximum tem-
perature. Here the differential is the equilibrium temperature minus the
initial temperature. In the intermediate case, the heat is put into the
skin slightly faster than it can be conducted into the web, and so the
magnitude of the induced temperature difference may be increased if the
heat-transfer coefficient is increased so that the skin is heated more
rapidly. In this case, a change in the heat-transfer coefficient may
make some difference in the thermal stresses induced in the structure.

For speeds high enough so that thermal radiation reduces the equi-
librium temperature below the adiabatic wall temperature, there is essen-
tially a horizontal cutoff to the upper end of the curve in figure 7»
The maximum thermal stresses are then primarily a function of the equi-
librium temperature rather than the adiabatic wall temperature or the
heat-transfer coefficient. Despite the fact that the equilibrium tem-
perature itself depends upon the heat-transfer coefficient even at these
higher speeds, approximate values of h are adequate for determining
the maximum thermal stresses. As shown in figure 9, the equilibrium
temperature depends upon the cube of the adiabatic wall temperature
the emissivity e, the Stephan-Boltzmann constant a, and inversely on
the heat-transfer coefficient h. As shown by the plotted ratio of equi-
librium temperature to adiabatic wall temperature Te/TAy, large changes
in heat-transfer coefficient produce only small changes in equilibrium
temperatures. Thus, when the maximum thermal stresses depend on the
magnitude of the equilibrium temperatures, they are still insensitive to
changes in heat-transfer coefficient.

Thermal stresses so far considered represent idealized conditions
for simple structural elements. As an example of more complex conditions,
consider the problem investigated in reference 6 of the aerodynamic
heating of a 3-percent-thick double-wedge section suddenly accelerated
to a Mach number of 3 at an altitude of ̂0,000 feet. A temperature dis-
tribution rising to peaks at the leading and trailing edges is produced
(see fig. 10), and the most serious condition occurs after 4o seconds
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because of the induced compression in the leading and trailing edges.
These compressive stresses tend to reduce the twisting stiffness of the
entire section. The reduction in twisting stiffness with time is plotted
in figure 11 as the ratio of GJ for the section to the initial twisting
stiffness GJ0. The magnitude of the reduction depends upon section
thickness and Mach number but is essentially independent of heat-transfer
coefficient. Changes in heat-transfer coefficient change the time
required to achieve the minimum but they do not change the reduction in
stiffness appreciably. For a thinner section or a higher Mach number,
however, the reduction will be greater than this and may even go to zero -
thereby producing buckling of the section.

The relationship between thickness ratio and Mach number which pro-
duces torsional buckling is given by the solid line in figure 12, where
the ordinate is the thickness ratio and the abscissa is the Mach number.
The solid line is essentially correct for either a laminar or turbulent
boundary layer (that is, a constant value of h) along the entire chord.
Above this line there is no buckling of the section; below the line, the
section is buckled.

The dashed line in figure 12 represents the more complicated case
caused by an assumed increase of a factor of 10 in heat-transfer coeffi-
cient at the midchord of the section because of transition. The dis-
symmetry of heating actually stiffens up the section so that, for example,
a section which would lose all stiffness at a Mach number of k with lam-
inar or turbulent flow over the whole chord would not buckle below a
Mach number of 5 for this unsymmetrical heating.

Structural effects produced by unequal heating, such as that con-
sidered in this example, are many and varied. The magnitude of the
structural difficulties, however, is related to the equilibrium tempera-
tures and heat-transfer coefficients in somewhat the same fashion as
for the examples cited; hence, from these examples, the general deduc-
tions may be made that:

(1) Accurate knowledge of the heat-transfer coefficient is not
critical in determining maximum thermal stress and buckling conditions,
but the order of magnitude of the heat-transfer coefficient may need to
be known.

(2) Complex structural effects may be produced by local changes in
the heat-transfer coefficient. These effects are not necessarily harmful,
but they may require detailed evaluation.

(3) Accurate knowledge of heat-transfer coefficients is most impor-
tant for determining temperatures for short, transient heating conditions.
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(4) The need for accurate knowledge of temperatures increases as
the temperature and the time at temperature increase.
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HEAT-TRANSFER CHARACTERISTICS OF BLUNT TWO- AND

THREE-DIMENSIONAL BODIES AT SUPERSONIC SPEEDS

By Glen Goodwin

Ames Aeronautical Laboratory

SUMMARY

Measured local- and average heat-transfer coefficients on the front
. side of swept cylinders are presented for Mach numbers from 3-9 to 9.Q, •
sweep angles from 0° to 70°, Reynolds numbers from 2,000 to 180,000, and
ratios of wall temperature to stream stagnation temperature from 0.24
to 1.0. An analysis is presented which predicts the average heat-transfer
coefficient on swept cylinders over this range of variables to an accuracy
sufficient for most engineering purposes.

. Local-heat-transfer coefficients are presented on hemispherically
tipped cones and on a hemispherical cylinder. The theory of Stine and
Wanlass is shown to correlate well the data over a Mach number range
from 5-9 to 6.9 and over a local Reynolds number range from 100 to

,000 for these blunt bodies.

INTRODUCTION

High-speed flight of aircraft now contemplated has brought with it
the problem of aerodynamic heating of the skin and structure of the air-
craft. Two of the areas on the aircraft structure where the heating is
most severe are on the leading edge of wings and on the nose of bodies.

In general, pointed shapes and sharp leading edges of the wings are
advantageous in that they tend to reduce the drag of the configuration;
however, pointed shapes and sharp leading edges of the wings aggravate the
heating problem because of two factors. The sharp pointed shapes accept
heat from the hot boundary layer at a very high rate; it can be shown,
for example, that the heat-transfer coefficient tends toward infinity
at the point of a sharp object. Also, these sharp objects have little
material with which to absorb and dissipate the incoming heat. One way
out of this dilemma is to blunt the leading edge of wings and the nose
of bodies. By this method, two advantages are achieved and one disadvantage
is incurred.



Blunting a leading edge reduces the local rate of heat transfer to
it and provides material to absorb this incoming heat. Also, blunting
provides space for a- leading-edge cooling system. In addition, it provides
some added strength at a point where thermal stresses tend to be high.
Sweeping the blunt leading edge of a wing further reduces the local rate
of heat transferred to it.

The main disadvantage of blunting is that it increases the pressure
drag of the wing or body over that of a sharp-edged configuration. For
wings, the leading-edge drag may be drastically reduced by sweeping the
wing. It can be shown from experimental measurements and from theoretical
considerations that the drag of the front side of a cylinder of unit length
is reduced by a factor equal to the cube of the cosine of the sweep angle.
• •!

For example, a cylinder of unit length swept 60° has only 12̂  percent of

the drag of an unswept cylinder.

For bodies required to carry a given volume, it is shown in refer-
ence 1 that an optimum shape for minimum drag requires some blunting of
the nose; and for certain applications, for example, a body which is
required to enter the atmosphere at high speeds, a blunt shape may have
great advantages over a pointed shape. This advantage is primarily due
to the fact that a high-drag body slows down at high altitudes where the
heat-transfer rate is relatively low and also to the fact that the heat-
transfer coefficients on the nose of a blunt body are smaller than those
on a sharp pointed body.

This paper considers the heat-transfer characteristics of both two-
and three-dimensional bodies. The body chosen for analysis and for testing
was a hemispherical cylinder. This body was chosen because it represents a
simple shape for a leading edge of a wing. Most of the experimental work
available has been done at Reynolds numbers of 1.8 x 105 or lower and
indicates the presence of a laminar boundary layer on the front side of
cylinders. Therefore, the method used to calculate the heat-transfer coef-
ficients will be to solve the laminar-boundary-layer equations.

Many solutions of these equations are available for the case where
the cylinder is normal to the stream, and some work has been done for the
case where the cylinder is swept with respect to the stream.

A summary of these theoretical investigations is shown in the fol-
lowing table:
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Investigator

Squire

Eckert and
Drewitz

Brown and
Donoughe

Cohen and
Reshotko

Crabtree

Beckvith

Eggers,
Hansen, and
Cunningham

Goodwin,
Creager, and
Winkler

Fluid
properties

Constant

Constant

Variable

Variable

Variable

Variable

Variable

Constant

Sweep
angle

0°

0°

0°

0°

10° maximum

Variable

Variable

Variable

Remarks

Uj = CX

Uj = CXm

Small heat transfer

U]. = ex"1; 5ii variable
Too

u-^ = cxm

Integral method

x = 0; Tw « T0

Properties
evaluated
locally in
application

Squire (see ref. 2) assumed constant fluid properties, neglected
the pressure terms and the dissipation function, and obtained a solution
to the laminar-boundary-layer equations over an unyawed cylinder where
the velocity at the outer edge of the boundary layer is proportional to
the distance from the stagnation point. This solution is, therefore,
limited to low-speed flow and small temperature differences.

Eckert and Drewitz (ref. 3) assumed constant fluid properties and
that the velocity at the edge of the boundary layer was proportional to
some power of the distance from the stagnation point. (This is the so-
called wedge-type flow solution.)

Brown and Donoughe (ref. k) assumed essentially the same velocity
distribution over the cylinder as that in reference 3> but allowed fluid
properties to vary. Their solution is limited to zero sweep and small
rates of heat transfer to the cylinder.
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Cohen and Reshotko (ref. 5) allowed fluid properties to vary and
assumed that the velocity at the outer edge of the boundary layer could

be expressed as Ui = ex01. Their investigation was limited to zero sweep.

They also investigated the effect of allowing the ratio of the wall tem-
perature to the stream stagnation temperature to vary.

Crabtree (ref. 6) allowed fluid properties to vary and treated the
case of a swept cylinder. His solution was valid only for small angles
of sweep where the free-stream Mach number was high.

Beckwith (ref. 7) treated both variable fluid properties and variable
sweep by using integral methods. These methods, however, lack generality.
Eggers, Hansen, and Cunningham (ref. 8) allowed both properties and sweep
angle to vary, but limited their analysis to the stagnation point on the
cylinder and to the case where the cylinder temperature was negligible with
respect to the stagnation temperature of the stream.

None of these investigations yielded an analytic expression for the
heat transfer to the entire front side of a swept cylinder which would
point out the effects of single variables or allow the correlation of all
of the available experimental information. In an effort to find a solu-
tion which would do this, the subsequent analysis was performed.

SYMBOLS

a speed of sound, ft/sec

D cylinder diameter or diameter of hemispherical cone tip, ft

h local-heat-transfer coefficient, u

thermal conductivity of air,

(hr)(sq ft)(°F)

Btu

(hr)(sq ft)(°F/ft)

M Mach number

havD
Nuav average Nusselt number,

NUT local Nusselt number,
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hvlocal Nusselt number, — .

p pressure, Ib/sq ft

Pr Prandtl number

P-.U-.X

local Reynolds number, -

Rp Reynolds number evaluated behind normal shock wave, -

^
u fluid velocity, ft/sec

U transformed velocity at edge of boundary layer (see ref . 5)

x surface coordinate on cylinder or cone

A sweep angle, deg

$ azimuth angle on cylinder, deg

p density of air, slugs/cu ft

7 ratio of specific heats

H viscosity of air, Ib-sec/sq ft

Subscripts :

av average conditions

t reservoir or total conditions

1 conditions at outer edge of boundary layer at x

oo conditions in free stream
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ANALYSIS

The continuity, momentum, and total-energy equations for the laminar
"boundary layer over a swept cylinder were derived by using the order-of-
magnitude arguments pointed put by Sears (ref. 9) for the continuity and
momentum equations and by Crabtree (ref. 6) for the total-energy equation.
This set of equations was solved under the following assumptions: The
Prandtl number was unity, the velocity at the outer edge of the boundary
layer was a linear function of the distance from the forward stagnation
point, and the flow in the boundary layer was incompressible.

The solution to this set of equations was, then, identical with the
solution obtained by Squire for the heat-transfer rate over a cylinder
in subsonic flow.

This solution gave no hint as to where in the boundary layer the
fluid properties should be evaluated. Some further assumptions were,
therefore, made: The pressure was evaluated locally, and the viscosity
and thermal conductivity of the air were linear functions of the tempera-
ture. It was also assumed that, for variable Prandtl number, the cor-
rection obtained by Cohen and Reshotko for the unswept cylinder would
apply to the swept case.

The main results of the analysis which is given in detail in ref-
erence 10 are as follows:

The local Nusselt number for Pr = 0.7 is given by

bjD™Li I
NuL = — = 0.75\/R2F(A,M)G(M)*(0) (l)

where
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1 + 7 -

Px=0 = COS'
7+

M2sin2A
1 -

7 - 1

1/2

7/(7-D

sin2A

The average Nusselt number over the front side of the swept cylinder is
obtained by integrating equation (l) over the front side of the cylinder;
therefore,

(2)

RESULTS AND DISCUSSION

Heat-Transfer Characteristics of Two-Dimensional Bodies

Before comparing these results with experimentally measured heat-
transfer coefficients on swept cylinders, the pressure-ratio distribu-
tion over swept and unswept cylinders at high Mach numbers will be shown
in order to assess the validity of the assumption that the velocity at
the outer edge of the boundary layer varies linearly with the distance
from the leading edge of the cylinder.

Figure 1 shows the ratio of the pressure on the surface of the
cylinder to the pressure at the stagnation point plotted against azimuth
angle for a cylinder normal to the stream. The experimental points are
shown for a range of free-stream Mach numbers from 2.5 to 7 and over a
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range of Reynolds numbers from 6,700 to 180,000. The solid-line curve
was calculated by assuming that the velocity at the outer edge of the
boundary layer varied linearly with the distance along the surface from
the stagnation point. It can be seen that the pressure-ratio distribu-
tion is unaffected by both free-stream Mach number changes from 2-5 to 7
and by Reynolds number variations from 6,700 to 180,000. Also, it can
be seen from the agreement between the points and the solid-line curve
that the assumption that the velocity varies linearly with surface dis-
tance is valid.

Figure 2 has the same quantities plotted as were shown in figure 1.
In figure 2, however, the points were obtained at two Mach numbers, 3.9
and 6.9, but with angle of sweep varying from 0° to 60°. The solid-line
curve is the same as that shown previously, and it can be seen that
sweeping the cylinder did not change the pressure-ratio distribution
over it. Thus, it can be concluded that at high Mach numbers the pressure-
ratio distribution is a unique function of the azimuth angle only.

The actual pressure at the leading edge of a swept cylinder can be
calculated with good accuracy by using Rayleigh's equation based upon
the component of Mach number normal to the cylinder axis.

This fact and the fact that the pressure-ratio distribution can be
calculated allow the effect of sweep on the pressure drag to be determined.
The result for a unit-length cylinder is that the pressure-drag coeffi-
cient varies directly as the cube of the cosine of the sweep angle.

Since the assumption has been shown that the flow velocity at the
outer edge of the boundary layer varies linearly with the surface distance
for Mach numbers above 2.5, results of the analysis will now be compared
with experimentally measured local-heat-transfer coefficients.

Figure 3 shows the ratio of the local-heat-transfer coefficient at
any azimuth angle to that at the stagnation point as a function of azimuth '
angle. The points shown are measured values obtained at 0° sweep, 30°
sweep, and W3 sweep. The experimental values were obtained in the Ames
low-density wind tunnel at a Mach number of 3-9 &&&• at Reynolds numbers
from 2,100 to 6,700. The experimental method was to measure the heat
transferred from a small plug which was thermally insulated from the test
cylinder. The test plug was kept at the same temperature as the test
body in order to avoid the complication of having to evaluate the effect
of a variable surface temperature on the heat-transfer coefficient. A
complete description of the test method is given in reference 10 and,
for that reason, it will not be discussed further herein.

The experimental data exhibit some experimental scatter; but within
the accuracy of the measurements, no definite trend of this ratio with
sweep angle could be determined.



IOB

The result of the analysis of reference 10 is shovn by the solid-
line curve, and it can be seen that this curve agrees reasonably well with
the experimental points. Also, the analysis indicated no variation of
this ratio with sweep angle.

For comparison, the theory of Cohen and Reshotko for a compressible
boundary layer on an unswept cylinder is shown as the dashed-line curve.
It can be seen that there is. little difference between the two theories.
The small difference is attributed to the fact that the local Mach num-
ber is relatively low over the cylinder; the local Mach number is always
less than 2.0.

Sweeping the cylinder did not affect the ratio of the local-heat-
transfer coefficient to that at the stagnation point of the cylinder,
but it did affect the level of the data and this effect is shown in fig-
ure k. In this figure the ratio of the average Nusselt number over the
front half of the cylinder divided by the average Nusselt number at zero
sweep is plotted against the sweep angle. The circular symbols shown
at 30° sweep and W3 sweep were obtained in the Ames low-density wind
tunnel at a Mach number of 3-9> and the square symbols were obtained at
the Langley 11-inch hypersonic tunnel at a Mach number of 6.9- (The latter
tests were reported in ref. 11.) It can be seen that sweeping the cylinder
reduced the heat transfer to it; at 60° sweep the Nusselt number is reduced
to one-half of its no-sweep value. The solid-line curve is the result of
the analysis evaluated at a Mach number of 3.9, and the dashed-line curve
is the result of the analysis evaluated at a Mach number of 6.9. It can
be seen that, up to sweep angles of about 45°, the analysis predicts the
experimental data well. However, for sweep angles above 45°, the analysis
predicts more of a decrease of the Nusselt number with sweep than is actu-
ally measured experimentally. The departure of the data from the theory
at sweep angles above k*P is also corroborated by the tests reported in
reference 8.

The temperature-recovery factors were also reduced by sweep; how-
ever, the reduction is small compared with the reduction in Nusselt num-
ber. Measured recovery factors on the front half of swept cylinders
were 1.0, 0.92k, 0-900, and 0.888 for sweep angles of 0°, 20°, to°,
and 60°, respectively. These values were measured at a Mach number
of 6.9.

One of the results of this analysis is that it yields a correlation
parameter whereby the average Nusselt number over the front half of the
cylinder can be correlated over a wide range of free-stream Mach numbers,
Reynolds numbers, and sweep angles. Figure 5 shows this correlation.
In this figure the average Nusselt number evaluated at stagnation tem-
peratures for the front half of swept cylinders is plotted against the
correlation parameter given by the analysis. This correlation parameter
is defined in equation (l). The circular symbols shown at the upper
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right-hand corner of figure 5 were obtained in the Langley 11-inch hyper-
sonic tunnel at a Mach number of 6.9, a ratio of wall temperature
to stagnation temperature from 0-5 to 1.0, and a range of sweep angles
from 0° to 60°. The square symbols shown in about the center of the
chart were obtained in the Ames low-density wind tunnel at a Mach num-
ber of 3-9 and a wall temperature equal to stagnation temperature for
three sweep angles - 0°> 30°, and ¥4-°. The diamond symbols shown toward
the lower left-hand side of figure 5 were obtained in the Ames gun tunnel
at a Mach number of 9.8, a ratio of wall temperature to stagnation tem-
perature of 0.24, and a range of sweep angles from 0° to 70°. The data
shown in this figure represent a Reynolds number range from 315 f°r some
of the points taken in the gun tunnel to 180,000, which corresponds to
the Reynolds number obtained in the Langley 11-inch hypersonic tunnel.
The solid-line curve shown in figure 5 is "the result of the analysis of
reference 10. It can be seen that the analysis represents the data well.

The data shown in figure 5 were obtained over a range of stream
stagnation temperatures from room temperature to 2,200° R and over a
range of ratios of body temperature to stream stagnation temperature
from 0.24 to 1.0. These data, then, represent flight temperature con-
ditions up to flight Mach numbers of about 5-0. Although boundary-layer
theory for unswept cylinders indicated that the analysis shown is con-
servative at higher flight Mach numbers, this indication has not been
checked by experiment.

The data shown in figure 5 represent the case where the boundary
layer on the cylinder was laminar. Some very recent (unpublished) meas-
urements by Beckwith indicate that, if the free-stream Reynolds number
is sufficiently high, sweeping the cylinder will cause transition to
turbulent flow in the boundary layer and will cause the heat-transfer
coefficients to be increased by sweep. The flight Reynolds number at
which transition can be triggered by sweep is as yet undetermined.

Heat-Transfer Characteristics of Three-Dimensional Bodies

Local-heat-transfer coefficients have been measured on hemispherically
tipped cones and on a hemispherical cylinder. Figure 6 shows these data.
In this figure the ratio of the local-heat-transfer coefficient to that at
the stagnation point is plotted along the ordinate. The distance along
the surface of the cone from the stagnation point, divided by the diameter
of the hemispherical tip, is shown along the abscissa.

The cones were tested in the Ames low-density wind tunnel at a Mach
number of 3-9> and the hemispherical cylinder was tested in the Langley
11-inch hypersonic tunnel at a Mach number of 6.9. It can be seen that
the heat-transfer-coefficient ratios reach a value of 1.0 on the noses of
these bodies but fall rapidly as the distance from the nose increases.
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The heat-transfer-coefficient ratio measured on the nose of the hemi-
spherical cylinder agrees well with that measured on the hemispherical nose

-|O
of the 22± half-angle cone. This trend was not followed on the bluntest

2
cone. On the bluntest cone, the heat-transfer-coefficient ratio on the
nose was lower than that for the other bodies except very near the stagna-
tion point. The nose-cone juncture of the bodies is shown by the vertical
lines in figure 6, for example, at x/D = 0.785 for the hemispherical
cylinder.

The same general method will be used to calculate the heat-transfer
coefficients over the blunt bodies as was used to calculate the heat-
transfer coefficients over unswept cylinders. The main difference is
that now the flow in the boundary layer is three-dimensional. However,
three-dimensional axisymmetric boundary-layer equations can be transformed
by use of Mangier's transformation to an equivalent set of two-dimensional
equations. This has been done by Stine and Wanlass (ref. 12) and by Cohen
and Reshotko (ref. 5)• The main simplifying assumption used in these
analyses is that the velocity at the outer edge of the boundary layer can
be expressed as some power of the distance from the forward stagnation
point. However, in an actual case, the velocity at the outer edge of a
boundary layer does not vary in this fashion except very near the forward
stagnation point. In the application of these analyses to real problems,
the exponent.is evaluated locally from measured pressure-distribution
data.

Data obtained on these blunt bodies of revolution are shown in fig-
ure 7 in nondimensional form. In this figure, the local Nusselt number
is plotted along the ordinate. The product of the local Reynolds number
and a function of body shape and pressure distribution is plotted along
the abscissa. The solid-line curve is the result given by the Stine and
Wanlass analysis (ref. 12). The circular symbols were obtained on the
bluntest cone and the square symbols were obtained on the less blunt cone.
The diamond symbols were obtained on the hemispherical cylinder.

It can be seen that the data are well correlated by this method over
a range of local Reynolds numbers from 100 to 400,000 and at two Mach num-
bers of 3-9 and 6.9. Also, a wide range of blunt body shapes is covered.

The correlation parameter plotted along the abscissa of figure 7
is taken from the analysis of Stine and Wanlass and is equal to

, v
(3)

(D

which is given by equations (2) to (7) in reference 12.
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Heat-transfer coefficients were also determined for the 55° half-
angle hemispherically tipped cone at angle of attack. The results of
these tests are shown in figure 8. In this figure are plotted along
the ordinate the ratio of the local-heat-transfer coefficients divided
by the value at the stagnation point on the body for the case when the
body was at zero angle of attack. The distance along the surface of the
cone divided by the tip diameter, denoted by x/D, is plotted along the
abscissa of figure 8. Positive values of x/D shown on the right-hand
side of this figure represent the windward side of the body, and nega-
tive values of x/D shown at the left-hand side of the figure represent
the other side of the body. It can be seen that the heat-transfer coef-
ficients over the hemispherical nose were not markedly altered by angles
of attack of 12° and 24°. However, the heat-transfer coefficients on
the conical section were increased by angle of attack on the windward
side of the body and were considerably decreased on the other side of
the body. It was found, however, that, on an average basis, angle-of-
attack variations up to 2k° did not appreciably change the total amount
of heat transfer to the body.

CONCLUDING REMARKS

It can be concluded from the data presented herein that the theo-
retical methods appear adequate to predict the heat-transfer coefficients
on the noses of blunt bodies and on the front side of swept cylinders
over a wide range of Mach numbers and Reynolds numbers up to flight tem-
perature conditions corresponding to flight at Mach numbers of approxi-
mately 5> provided the boundary-layer flow is laminar.
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PRELIMINARY HEAT-TRANSFER MEASUREMENTS AT HIGH

STAGNATION TEMPERATURES IN A SHOCK TUBE

By Morton Cooper and Jim J. Jones

Langley Aeronautical Laboratory

At the present time, a considerable effort (for example, refs. 1
to 7) is being expended to develop high-stagnation-temperature research
facilities in order better to simulate hypersonic flight conditions. Of
the many schemes now being investigated, the shock tube (ref. 7) appears
to be one of the most promising, particularly for the study of aero-
dynamic heating. The purpose of this paper is to present a progress
report of some preliminary heat-transfer measurements very recently
obtained in a new shock tube at the Langley Aeronautical Laboratory of
the National Advisory Committee for Aeronautics.

The basic elements of shock-tube flow are presented in figure 1.
In figure l(a), a hydrogen-air shock tube is shown schematically; an
instantaneous pressure distribution along the tube at a representative
time t^ is shown in figure l(b); and a characteristic diagram is
shown in figure l(c). Flow in the shock tube is initiated by rupturing
the diaphragm separating the high-pressure hydrogen and the low-pressure
air, thereby sending a strong shock wave down the tube. The air behind
the shock wave is set in uniform motion to the right at a Mach number
whose maximum value is 1.89 based on the assumption of a perfect gas.
The static temperature is very high. In order to obtain a supersonic
flow field for testing at Mach numbers in excess of 1.89, the flow must
be further expanded through a nozzle, as discussed in references 2 and 7-
For the present tests, no supersonic nozzle was used; the model was
mounted directly in the low-pressure tube.

One of the inherent limitations of the shock tube is its short
running time, of the order of 0.001 second. In order to obtain heat-
transfer measurements in so short a time interval, new types of model
instrumentation must be used. Figure 2 shows an illustrative sketch of
a thermocouple heat-transfer model developed for these tests. It consists

of a sting-supported glass sphere approximately ITT inches in diameter
on which two bands of metal, one nickel and the other silver, have been
evaporated. The bands overlap only at the stagnation point to form a
thermocouple. The thermocouple is so thin, being only a small fraction
of a micron, that its heat capacity can be neglected. Its output is
then simply the temperature rise of the glass surface. By use of this
temperature rise as the boundary condition on the one-dimensional
unsteady-heat-flow equation, the heat flux into the model at any time
during the run can be computed.



The stream conditions for the present tests are summarized in
figure 3(a) . The Mach number in region (jj) is 1.75 (perfect gas). Of
all the conditions, specified, the pressure and temperature in region (l),
together with the shock velocity, were the only ones experimentally
determined. The remaining conditions have been computed on the basis of
perfect-gas assumptions with constant specific heat and constant 7.
For these extreme temperatures, such assumptions break down as is shown
by a -comparison at the stagnation point with real-gas properties (ref. 8)
computed by assuming equilibrium conditions throughout. The temperature
drops from 7>820° R to 5>670° R as "the energy goes into modes other than
molecular translation and rotation. In figure 3(̂ 0 > an oscilloscope
record obtained during one test is reproduced. The base line to the left
of the origin represents the unheated state of the model before the shock
passage. The rapid rise from the origin corresponds to heating after
the shock passage. From records such as this, the heat flux is computed.

Figure 4 summarizes the heat-transfer data obtained during these
preliminary tests. Figure ̂ (a) shows a typical temperature-time vari-
ation. The surface temperature rises about 100° F in O.k millisecond.
Since this temperature rise is so small as compared with the temperature
potential, a constant heat flux, independent of time, would be expected.
For such a case, the one-dimensional unsteady-heat-flow equation indicates
a square-root variation of temperature rise with time. This is verified
in figure 4(b) where AT is plotted against the square root of time.
The slope of this curve is directly proportional to the heat flux. .In
figure MC), heat-transfer data obtained from six different tests on
three different models are summarized. The constancy of the heat flux
with time is again verified within the band of the data. The horizontal
band of data represents a i-10-percent deviation from a mean. Because
the data were so recently obtained, no theoretical computations which
consider dissociation have been made for the heat-transfer rate.
Included, however, is a perfect-gas estimate made on the basis of
Beckwith's integral analysis (ref. 9). On the basis of existing
comparisons of equilibrium dissociation and perfect-gas heat-transfer
calculations (ref. 9, for example), not too significant a change in the
perfect-gas estimate because of equilibrium dissociation would be expected
for these conditions. The mean of the experimental data is approximately
20 percent below the perfect-gas estimate. It is somewhat reassuring
that such a simple estimate gives a reasonable prediction of the heat-
flow rate for these conditions.

Although the: results of these tests have been obtained at an
extremely high temperature for the test Mach number, there is a reason-
able flight counterpart as shown in figure 5- In this figure, a compar-
ison of the shock-tube conditions is made with those occurring in flight
at an altitude of 169,000 feet. The free-stream Mach number in the tube
is 1.75j "the flight Mach number is 9-0. The perfect-gas temperature and
pressure behind the detached shock wave at station rj) ai-e the same in



both cases. There is, of course, a difference in Mach number. In order
to compare heat-transfer results for these two conditions (assuming
nonequilibrium effects to be negligible), the heat-transfer rate must
be corrected for the difference in stagnation-point velocity gradient
with Mach number.

REFERENCES

1. Resler, E. L., Lin, Shao-Chi, and Kantrowitz, Arthur: The Production
of High Temperature Cases in Shock Tubes. Jour. Appl. Phys., vol 23,
no. 12, Dec. 1952, pp. 1390-1399.

2. Hertzberg, Abraham: A Shock Tube Method of Generating Hypersonic Flows.
Jour. Aero. Sci., vol. 18, no. 12, Dec. 1951, PP- 80J-804, 84l.

3. Ferri, Antonio, Libby, Paul A., and Zakkay, Victor: A Theoretical Anal-
ysis of a New Type of Heater For An Intermittent Hypersonic Wind Tun-
nel. PIBAL Rep. No. 201 (Contract No. AF 33(616)-1?), July 1952.

4. Dodge, John A.: Ultra-High Temperature Aerodynamic Testing Facilities.
AEDC-TN-5^-6l (Contract No. AF 18(600)-1233), Arnold Eng. Dev.
Center, Apr. 1955.

5. Eggers, A. J., Jr., Hansen, C. Frederick, and Cunningham, Bernard E.:
Theoretical and Experimental Investigation of the Effect of Yaw on
Heat Transfer to Circular Cylinders in Hypersonic Flow. NACA
KM A55E02, 1955.

6. Charters, A. C., Denardo, B. Pat, and Rossow, Vernon J.: Development
of a High-Velocity Free-Flight Launcher: The Ames Light Gas Gun.
(Prospective NACA paper.)

7. Hertzberg, A., Smith, W. E., Click, H. S., and Squire, W.: Modifica-
tions of the Shock Tube for the Generation of Hypersonic Flow.
AEDC-TN-55-15 (AD-789-A-2) (Contract No. AF 40(600)-6), Arnold Eng.
Dev. Center,. Mar. 1955.

8. Anon.: Handbook of Supersonic Aerodynamics. NAVORD Rep. 1488 (vol. 5),
Bur. Ordnance, Aug. 1953-

9. Beckwith, Ivan E.: Heat Transfer and Skin Friction by an Integral
Method in the Compressible Laminar Boundary Layer With a Streamwise
Pressure Gradient. NACA TN 3005, 1953-



SHOCK-TUBE FLOW DIAGRAM

(o)

PRESS
AT
f.

(b)

TIME

DISTANCE

(C)

Figure 1

HEAT TRANSFER MODEL

EVAPORATED NICKEL

INSULATION

EVAPORATED SILVER

Figure 2



ILLUSTRATIVE TEST

• 6.5 CD

P. ATM

T.°R

©

0.004

530

©

0.21

4850

®

0.72

7250

STAGNATION

IDEAL

0.93

7820

REAL

1.2

5670

(a)

soo

I I
0 .4

-0
AT,

TIME, MILLISEC

(b)

Figure 3

100

AT.'F

50

STAGNATION-POINT HEAT TRANSFER

M-1.75; TSTAG- 7820'R; PSTAG • 0.93 ATMOS

HEAT INPUT q.

0 .2 .4
TIME, MILLISEC

100

50-

0 .01 .02
TIMEI/E, SECI/Z

(b)

4OO

300

ZOO

100

PERFECT GAS EST.

.1 .2 .3 A
TIME, MILLISEC

(C)

Figure



FLIGHT COMPARISON

'=3 Me * 6.5

TUBE

ALTITUDE
109,000'

©
M

1.75

9.0

(D
M

0.63

.39

P, ATM

0.72

.72

T-R

7250

7250

Figure 5



HIGH-TEMPERATURE OXIDATION AND IGNITION OF METALS

By Paul R. Hill, David Adamson, Douglas H. Poland,
and Walter E. Bressette

Langley Aeronautical Laboratory

SUMMARY

A study of the high-temperature oxidation of several aircraft con-
struction materials was undertaken to assess the possibility of ignition
under high-temperature flight conditions. Tests were made in free jets
and in a pressurized vessel containing an atmosphere of oxygen, using
various artificial devices to heat the specimens. When heated in an
atmosphere of oxygen or when heated and plunged into a supersonic air-
stream, titanium, iron, carbon steel, and common alloys such as 1*130
were found to have spontaneous-ignition temperatures in the solid phase
(below melting) and they melted rapidly while burning. Inconel, copper,
18-8 stainless steel, Monel, and aluminum could not be made to ignite
spontaneously at temperatures up to melting with the equipment avail-
able. Magnesium ignited spontaneously in either type of test at tem-
peratures just above the melting temperature.

A theory for the spontaneous ignition of metals, based on the first
law of thermodynamics, is presented. Good correlation was obtained
between calculated spontaneous-ignition temperatures and values measured
in supersonic jet tests.

There appears at the present time to be no need for concern regarding
the spontaneous ignition of Inconel, the stainless steels, copper, alumi-
num, or magnesium for ordinary supersonic airplane or missile applications
whê e the material temperature is kept within ordinary structural limits
or at least below melting. For hypersonic applications where the material
is to be melted away to absorb the heat of convection, the results of the
present tests do not apply sufficiently to allow a conclusion.

INTRODUCTION

In the engineering of missiles or other aircraft to fly at extremely
high speeds it has been customary to choose materials that retain strength
at design temperature. More recently, designers who have been concerned
with aircraft under transient thermal conditions have planned to use the
skin as a heat sink and, in some extreme cases, to use the heat of fusion,
or melting, as a possible means of absorbing the aerodynamic heating.
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However, since most materials of construction are combustible if heated
sufficiently, the possible rapid oxidation at high temperatures makes
it necessary to consider the problem from a chemical as well as from
the thermodynamic viewpoint.

One of the main factors that tends to inhibit the oxidation of
metals is the formation of an oxide film which separates the air from
the base metal. The oxides of some metals are very effective inhibitors.
Aluminum and chromium are perhaps the two best known-examples of metals
that form an effective protective oxide coating. On the other hand,
molybdenum and tungsten are examples noted for their porous, powdery
oxide that gives practically no protection.

Some experience with the combustion of metals has been obtained in
connection with oxygen cutting torches in standard shop practice. Here,
experience has shown that most nonstainless steels cut readily, whether
plain carbon steels or common alloys. However, for chrome-bearing steels,
the speed of cutting decreases, and the cutting temperature necessary
increases as the chrome content is increased.

Also, there has been considerable research on the oxidation of
metals, but most of it has consisted of measurement of corrosion rates
or the rate of scaling of various metals in air or other mediums at high
temperature over prolonged periods. In the present paper, however,
oxidation is considered from the viewpoint of possible ignition and com-
bustion due to the heat release from accelerated oxidation. It is pro-
posed that if the oxidation occurs with sufficient rapidity, the heat
of oxidation will overbalance the heat dissipated in various ways, and
ignition and combustion will follow.

EQUIPMENT AND TESTS

• It is difficult to design equipment to investigate high-temperature
oxidation because oxidation destroys the equipment. Since, at this
time, no adequate ground-test facilities are available to determine
ignition temperatures and oxidation rates under very realistic con-
ditions, various phases of the problem have been investigated in the
facilities available by resorting to subterfuges to bring the material
tested up to temperature. In one of these, metal rods attached to a
radius-arm support were preheated in a coke furnace and then swung
quickly into a supersonic blowdown jet having a stagnation temperature
of 600° F.

The rod samples had hemispherical noses of 3/8-inch diameter which
were instrumented with chromel-alumel thermocouples. When preheated to
2,400° F, rods of cold-rolled steel, 4130 steel, and Graphmo tool steel



rose almost instantly to their melting temperatures of approximately
2,600° F and burned. Combustion appeared to take place over the entire
nose and over the first inch of the cylinder, which usually necked down.
From this point back, molten metal in a very fluid state streamed over
the surface and terminated k to 5 inches back of the nose. Apparently
this stream of metal evaporated and joined the conflagration. The entire
rod was bathed in a luminous and ever-growing sheath of flame. Steels
with substantial chrome content, such as 18-8 stainless steel, did not
undergo spontaneous ignition, although these materials were heated close
to their melting temperatures.

A solid magnesium 20° total-angle cone was tested in a 1.5- by
k-inch nozzle at the Langley 11-inch hypersonic tunnel at a. Mach number
of 5-2 and an air stagnation temperature of 630° F. A graphite electric
radiator with a radiating capacity of 100 kw/sq ft raised the magnesium
temperature to 1,150° F. Structural disintegration of the cone occurred
before an ignition temperature was reached.

An identical cone sample was placed in a 1= -inch-diameter air jet

issuing from an electrically heated stainless-steel pipe at a velocity
of 300 ft/sec and a temperature of 1,600° F. Ignition of the cone fol-
lowed a heating period during which about 1/14- inch of the nose melted
off. The cone then burned steadily at the blunted nose until the entire
cone was consumed.

In order to study some of the details of the mechanism of ignition
under conditions of a controlled heat balance, wires of various materials
about 1/16 inch in diameter and 2 inches long were heated by passing a
high-amperage alternating current through the wire which, at the same
time, was immersed in a static atmosphere of air, oxygen, or nitrogen.
The wire was mounted normal to the axis of a 5-inch-diameter cylinder
in which it was enclosed. The cylinder was able to withstand pressures
up to 800 Ib/sq. in. and had a quartz window in one end to allow obser-
vation of ignition and burning. The wires were instrumented with
chromel-alumel thermocouples 0.005 inch in diameter, capable of giving
temperature measurements to 2,̂ 00° F.

DEFINITIONS

Before proceeding further with a discussion of oxidation and igni-
tion, it seems in order to give some definitions and to examine the
basic principles of spontaneous ignition. The symbols used herein are
defined in the appendix. Consider a metallic surface oxidizing at high
temperature-. Figure 1 is a schematic representation of two quantities:
The steeper curve represents the rate of heat released by oxidation,
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and the other curve represents the losses, which may be composed of
convection, conduction, and radiation. The point where the rate of
oxidation is equal to the'losses is a critical point. If the slope of
the oxidation-rate curve is greater than the slope of the losses curve,
as in this figure, the temperature is in unstable equilibrium at this
point. The temperature at this critical point will be referred to as
the spontaneous-ignition temperature. If the temperature exceeds the
spontaneous-ignition temperature it will continue to increase and, because
of the exponential nature of the oxidation process with temperature, to
increase rapidly. If the temperature is less than the critical value
it will tend to decrease. Of course, the surface would never reach the
spontaneous-ignition temperature if it were not heated by some forcing
function, which is usually convection. In this case, convection rein-
forces oxidation and cannot be regarded as a loss. The spontaneous-
ignition temperature is obviously a function of the particular environ-
mental conditions as well as the material and, as is shown later, also
depends on the history of temperature and environment. It may or may
not exist below the melting temperature of the material.

RESULTS AND ANALYSIS

Figure 2 gives the results of heating a l/l6-inch-diameter wire in
an atmosphere of air at 500 Ib/sq. in. abs. The wire, although nominally
referred to as 1010 steel, is believed to contain somewhat less than
1 percent carbon. Figure 2(a) gives a time history of the wire temper-
ature when heated with a 9̂ -ampere current. For comparison, a time his-
tory of the temperature in an atmosphere of nitrogen at approximately
the same pressure is shown. Although there is not much spread between
the two curves, the difference in slopes is significant. To obtain fig-
ure 2(b) the wire is considered as a calorimeter. The slopes of the
curves in figure 2(a) are plotted against temperature, but expressed as
an apparent heating rate by using weight and specific heat as conversion
factors. If the radiation and convection are assumed to be essentially
the same in air and nitrogen at the same pressure and temperature, the
difference in the apparent heating rate is due to oxidation. The differ-
ence, or oxidation rate, is plotted against temperature in figure 2(c)
as the curve labeled 9^ amp. The other curve, labeled 63 amp, is seen
to have a considerably lower oxidation rate. The reason for this is
shown in figure 2(d). The rate of oxidation, Btu/sec, is proportional
to the rate of growth of oxide thickness. If the oxidation rate is con-
verted 'to units of oxide thickness per second, if the oxide is assumed
to be Fe203 with a heat of formation of 2,155 Btu/lb and a density
of 327 lb/ft-5, and if the rate of thickness formation is integrated with
time, the oxide thickness shown in figure 2(d) is obtained for the two
heating rates. The wire with the slower heating rate has more time to
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oxidize and forms a greater thickness of oxide. The greater film thick-
ness inhibits oxidation and gives the lower oxidation rate, as shown in
figure 2(c).

If the electric power was cut off at any time during the 63-ampere
test, the temperature immediately fell off, showing that the losses were
greater than the oxidation heat rate.

The leveling off, or negative slope, of the oxidation-rate curve
above 2,200° F for the 9k-ampere case is believed to be due to a nitrogen
enrichment in the immediate vicinity of the wire, resulting from the high
rate of oxygen usage and the small flow of air by natural convection.
This belief is strengthened by the observed behavior of the temperature
when the electric power was cut off at about 2,200° F. The temperature
rose, showing that the losses were exceeded, but after rising a few hundred
degrees the upswing stopped and the temperature fell back. This could
hardly be due to anything other than exhaustion of the local supply of
oxygen. With a replenishment of air the temperature started up again.
This process was repeated as many as three times in a few seconds, after
which the wire cooled off. It was therefore thought that wire tests in
an atmosphere of oxygen would give more information pertinent to high-
speed flight conditions in which oxygen supply is sufficient for spon-
taneous ignition.

Theoretically, the gas pressure does not affect the oxidation rate.
A series of tests were made on steel wires in an atmosphere of oxygen to
determine whether the pressure had a noticeable effect on the rate of
oxidation. The pressure was varied from 1/2 atmosphere to 53 atmospheres.
Any effect of pressure on oxidation rate was too small to be determined.
A pressure of 33 atmospheres or 500 Ib/sq. in. abs was chosen for further
work, and the results are shown in figure 3-

Figure 3(a) shows the rate of oxidation for three heating rates,
and the curve labeled losses intersects the other curves at spontaneous-
ignition temperatures. If the electric power was cut off at higher tem-
peratures, the temperature rose rapidly, after which the wire burned until
it was consumed. The integrated oxide thicknesses for the same heating
rates are shown in figure 3(b).

Constant-temperature cross plots of figures 3(a) and 3(b) yield oxi-
dation rate as a function of oxide thickness, as shown in figure 3(c).
The points are experimental values obtained from the cross plots and
were used to establish the coefficients of the engineering formula for
oxidation rate,

42170
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which Is represented by the solid lines in figure 3(c). The numerator
of this expression is the well-known Arrhenius function which gives the
reaction rate of many chemical reactions and, in particular, of many oxi-
dation processes. The denominator contains simply the oxide thickness 6.
The dependence of the oxidation rate on the reciprocal of the oxide thick-
ness is in conformity with the ion diffusion theory developed by Wagner.
It agrees with the present data for fast rates of oxidation and also agrees
with much of the oxidation data in the literature obtained on steels at
lower oxidation rates. The form of equation (l) was obtained by making
the observation that the diffusion function Constant/6 and the Arrhenius
temperature function Ae~-°/™ are independent of each other, so that a
combined equation can be obtained simply as the product of the two func-
tions. This equation can be expressed as a rate of weight gain instead
of rate of heat release, and integrated with respect to time at constant
temperature. In that form it is known as the parabolic law of oxidation
because the weight gain is proportional to the square root of the time
(ref. l). The parabolic law agrees with much of the constant-temperature
test data in the literature for the oxidation of both ferrous and non-
ferrous metals which have nonporous or nonpowdery oxides, such as certain
steels, chrome, copper, and aluminum. It follows that the form of the
diffusion formula herein presented should apply for these metals over any
range of conditions for which their oxidation characteristics have been
shown to fit the parabolic law of oxidation. The constants must be
adjusted for the particular metal according to test results.

However, the application of this formula has certain limitations.
It obviously cannot apply at oxide thicknesses approaching zero. How-
ever, this formula apparently applies for a coating as thin as 0.0001
or 0.0002 inch. Strictly, the constants in the equation are adjusted for
oxygen, but the equation may be used with air provided the surface is
fully supplied with oxygen so that it remains saturated in spite of the
rapid usage of oxygen. This point is illustrated in a subsequent para-
graph. For aerodynamic ignition, saturation of the surface with oxygen
seems to imply only that there must be a substantial mass flow of air
or a substantial stagnation pressure. These conditions are usually pre-
sent with high rates of heat transfer.

In order to determine whether-the spontaneous-ignition temperature
can be calculated for steel in a supersonic airstream, computations were
made for the conditions of the round-nose rods tested in the preflight
jet of the Langley Pilotless Aircraft Research Station at Wallops
Island, Va. The test conditions are stated at the top of figure k. The
spontaneous-ignition temperature equation, which is a form of the first
law of thermodynamics, is
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Conduction is omitted because the rods were quite uniformly heated. The
first term represents oxidation and is taken from equation (l). The
second term is Sibulkin's theory for the heat transfer on a hemispherical
nose, which, in this case, had a diameter of 3/8 inch. The last term is
the usual expression for radiation. The value of emissivity was taken
as 0.88. The. unknown quantity T, the surface temperature for equilibrium
conditions, appears in each term. The solutions of this equation for
oxide thicknesses of 0.0001 and 0.001 are plotted in figure k. The theory
shows a slight drop in spontaneous-ignition temperature with airspeed
because the convection represents a loss. The measured spontaneous-
ignition temperatures also show a slight drop with speed at the higher
speed range. At 150 ft/sec, no ignition was obtained although the speci-
mens were heated to near melting. Insufficient oxygen, together with
nitrogen enrichment of the boundary layer, seems to be the most probable
cause of the failure to ignite at low airspeed, although reduced erosion
may possibly affect the result.

Some nonferrous materials such as Inconel and copper were tested to
temperatures approaching melting in a supersonic blowdown jet with a
stagnation temperature of 600° F, without obtaining ignition. The same
-results were obtained from the simple heated-wire tests in an atmosphere
of oxygen. Figure 5 shows temperature-time histories for wires of sev-
eral materials tested in oxygen at 500 Ib/sq in. abs. Although the
Inconel and copper were heated until they melted, no ignition was obtained.
The rate of oxidation of these materials was too small to be measured by
the techniques used. The break in the titanium curve is not associated
with oxidation but is believed to be due to a change in the specific heat.
When the electric power was cut off at 2,100° F the titanium spontane-
ously ignited and burned vigorously. Titanium was also found to burn
vigorously in an atmosphere of pure nitrogen as well as in an atmosphere
of air. The spontaneous ignition temperature in air at a pressure of 1
atmosphere was 2,900° F. Magnesium was observed to ignite when it melted,
possibly because some of the protective oxide coating was floated off.

CONCLUSIONS

Tests of low-carbon steel and several other materials heated artifi-
cially in wind tunnels, in air jets, and under static conditions in
atmospheres of air, oxygen, and nitrogen indicate the following:



1. When rapidly heated in an atmosphere of oxygen or when heated
and plunged into a supersonic jet at Mach lA or 2.0,

(a) Iron or carbon steel and common alloys such as UlJO were
found to have spontaneous ignition temperatures in the solid phase
("below melting) and melted very rapidly while "burning.

("b) Incoriel, copper, l8-8 stainless steel, Monel, and aluminum
did not have a spontaneous ignition temperature in the solid phase,
nor could they be made to ignite at, or close to, melting with the
equipment available.

(c) Titanium burned in atmospheres of air, oxygen, or nitrogen.

2. A good correlation of experimental and theoretical' spontaneous-
ignition temperatures was obtained for steel in supersonic airstreams.
Comparable spontaneous-ignition temperatures were obtained by simulation
in an atmosphere of oxygen.

3- The fact that the oxidation rate of some materials varies inversely
with the oxide thickness suggests that, for some materials, catastrophic
release of heat by oxidation may be prevented either by heating gradually
or by prior oxidation.

k. There appears at the present time to be no need for concern
regarding the ignition of Inconel, the stainless steels, copper, or mag-
nesium for any ordinary supersonic airplane or missile applications where
the material temperature is kept within ordinary structural limits or at
least below melting. For hypersonic applications where the material is
to be melted away to absorb the heat of convection, the results of the
present tests do not apply sufficiently to allow a conclusion.
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APPENDIX

SYMBOLS

Prandlt number

rate of heat generated by oxidation, Btu/sec-ft

CL. rate of heat loss, Btu/sec-ft2

/ 2rate of convective heat loss, Btu/sec-ft

rate of radiation loss, Btu/sec-ft

R Reynolds number (based on nose diameter)

T temperature, °F abs

TÂ  adiabatic wall temperature, °F abs

d nose diameter of specimen, ft

k conductivity of air, Btu/(sec-ft2)(°F/ft)

6 oxide thickness, in.

e emissivity, Btu/(sec-ft2)(°F)
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AERODYNAMIC HEATING OF AIRCRAFT COMPONENTS

By Leo T. Chauvin

Langley Aeronautical Laboratory

SUMMARY

Aerodynamic heat-transfer data obtained at supersonic speeds are
presented for various airplane components such as a conical nose, a
blunt conical nose, a cone-cylinder body, a flat-faced canopy, a delta
wing at angle of attack, and a deflected flap. The data are correlated
on the basis of Stanton number for various supersonic Mach numbers and
Reynolds numbers.

For all cases investigated, measurements were in reasonable agree-
ment with theoretical predictions, except for the sheltered surface of
the delta wing at angle of attack.

In addition to the heat transfer measured on the 50° blunt cone,
transition was found to occur at a transition Reynolds number of
0-5 x 10° based on local conditions at a free-stream Mach number of 4.8̂

INTRODUCTION

The designer of the supersonic airplane is confronted with the
analysis of various airplane components for aerodynamic heating. Inas-
much as most heating data have been for very simple shapes, the importance
of detail design may easily be missed. Recently, large-scale heat trans-
fer data have been obtained from free-flight and free-jet tests of such
airplane components as blunt noses, canopies, wings at angle of attack,
and deflected control flaps. The purpose of this paper is to review
new and significant data which will be of interest to designers in deter-
mining the heating of these components. A comparison with existing theory
to indicate its adequacy in each case is also presented.

SYMBOLS

M . Mach number

R Reynolds number
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*«>T>

Nc+ Stanton number,
O U ' . *.

TVtuh local aerodynamic heat-transfer coefficient, —— ./ri_.
(sec)(sq ft)(°F)

Cp specific heat of air at constant pressure, £-——

p density of air, slugs/cu ft

V velocity, ft/sec

x distance along model surface, ft or in. as indicated

a angle of attack, deg

6 control deflection, deg

T temperature, °F or °F abs

Subscripts:

Z outside the boundary layer

T transition

W conditions pertaining to the skin of model

oo free stream

AIRPLANE COMPONENTS

A breakdown of the various components of the airplane for vhich
heat-transfer data are available is presented in the following table:

Nose: cone, circular arc, parabola, hemisphere, Von Karman
Body: cylinder, cone cylinder, hemispherical-nose cylinder, parabola
Canopy: flat-faced canopy
Wing: plan form: unswept, delta
Control: sealed flap

As can be seen, data are available for a wide range of nose shapes and
bodiesj whereas information is limited to only one canopy shape, two
wing plan forms, and one flap arrangement. Information for some of the
listed components can be found in references 1 to 12.
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Nose and Body-

In order to investigate heat transfer on a simple nose shape at
high Reynolds number, flight tests were made on a large 10° cone. This
test model, shown in figure 1, had an 18-inch base and was 7.5 feet long.
The model was rocket launched at low altitude, which for Mj = 3 gave

a Reynolds number per foot of 18 X 10 , or 135 x 10 based on the full
. cone length. In order to keep a low skin temperature favorable for lami-
nar flow, the skin was made of 0.08-inch copper and the model was accel-
erated rapidly.

The thermocouple locations are indicated on the sketch shown in
figure 1. The skin temperature and Stanton number are shown plotted
against body length. Note that the maximum temperature was obtained
about 2 feet back from the nose tip and this result indicates that
transition to turbulent flow had taken place. The condition of the
boundary layer is shown more clearly by the heat-transfer data in the
lower part of the figure plotted as local Stanton number. The data show
laminar heat transfer for the forward part of the nose, with transition

occurring at 1.85 feet from the nose tip at a Reynolds number of 33 X 10°.
The measured heat-transfer coefficients for the laminar region agree well
with the theory of reference 13- For the turbulent region, the theory of
reference lU is in good agreement when the characteristic length for the
theory is the length behind the transition point. This agreement is
quite significant in view of the rather large longitudinal temperature
gradient that existed when the measurements were made and the fact that
the theory assumes constant wall temperature.

A large amount of large-scale data are available for parabolic noses
and complete bodies such as the NACA RM-10 missile. For a cone-cylinder
body, however, only recently have large-scale data been obtained at high
Mach numbers. A part of these new data are shown in figure 2. A 15°
conical nose on an 8.5-inch-diameter cylinder was flown to a Mach number
of approximately 5. The heat-transfer data are presented as a function
of body length for two flight conditions. For Mj = h.^> and Rj per

foot of 5-5 X 10°, the data on the nose are laminar and agree with theory
(ref. 13)j transition occurs shortly after the cone-cylinder juncture
and is spread over a wide region. The data rearward of the transition
region are in agreement with turbulent theory (ref. Ik). For Mj = 3-0

and KI per foot .of l6.k X 10 , turbulent heat transfer existed at all
measurement stations and is in good agreement with theory except for the
cylindrical section where the data are lower than the theoretical results.
The theory for this case overestimates the value for the heat transfer.

In view of the interest in blunt noses for radomes and, in particular,
to avoid the high heating rate on the extreme point, a large blunted cone
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has been flight tested to a Mach number of 5. This nose as shown in
figure 3 had a 50° total angle with a base diameter of approximately
18 inches and a nose diameter one-half this value. Both temperatures
and pressures were measured at the station shown. Figure 3 gives
the measured wall temperature plotted against length from the stagnation
point in inches for MM = 4.84 as the model accelerated to MOO =. 5-

The Reynolds number based on free-stream conditions was 22.4 X 10° per
foot. The temperature data indicate that transition started at approxi-
mately 2 inches from the stagnation point or at approximately 30° corre-

sponding to Roo = 3 X 10 . Converting this transition Reynolds number

to local conditions yields a value of only 0.5 X 10 , even though the
local temperature ratio was only 0.48. Measured heat-transfer coeffi-
cients are shown plotted as a function of distance from the stagnation
point. At the stagnation point, the theory of Sibulkin (ref. 15) is in
good agreement with the experiment, whereas for the rearmost station on
the cone the data are approximately 10 percent lower than the theory for
turbulent cones when the theory is based on the distance from the tran-
sition point. It is evident from these data that this nose shape poses
a severe heating problem because of the unexpected early transition.

Canopy

A very important component of the airplane for which the design
requires large-scale heat-transfer data is the canopy. Heat transfer on
a typical flat-faced canopy has been recently measured from a flight
test and is shown in figure 4. The canopy was located 4 feet back of
the nose of a parabolic body 12-5 feet long. The flat windshield was

sweptback 63°. The heat transfer measured at Hx, = 3.0, RO, = 13 X 10°
per foot is presented as a function of canopy length; also shown as a
dashed curve is heat transfer on the basic body. It can be seen that
the heat transfer on the face of the canopy is more than twice that on
the basic parabolic body. The heat transfer on the rear of the canopy
is considerably less than the corresponding heat transfer on the basic
body. Two-dimensional shock theory was used for the local conditions
on the windshield, and the theory (ref. 14) based on these local condi-
tions is in fair agreement with the heat-transfer measurements. Theo-
retical heat-transfer coefficients calculated for the rear of the canopy
by use of Prandtl-Meyer expansions for the local conditions are some-
what higher than the measurements.

Wing and Controls

Consideration is next given to the possibilities of computing the
heat transfer on typical wings and controls. Figure 5 shows typical
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aerodynamic heat-transfer coefficients obtained on a 60° delta wing of
NACA 65A005 section. The tests were made in a free jet at M^ = 2.0

and Reynolds number of lU x 10° per foot. In order to minimize the
thermal stresses normally encountered in this type of test, the wing
skin was constructed from 0-032-inch Invar, which has a low coefficient
of thermal expansion. The Stanton number is shown plotted against dis-
tance in percent chord for angles of attack of 0°, 3°> and 6°. Turbu-
lent flow is indicated by the heat-transfer data at all stations. The
Reynolds number at the forward station was 5 X 10̂ . The data show that,
for the lower surface, increasing a to 6° caused approximately a
15-percent increase in the heat-transfer coefficient, whereas for the
upper surface the heat-transfer coefficient is approximately 15 percent
lower for a = 3° and approximately 30 percent lower for a = 6°.

In order to indicate the possibility of predicting the heat transfer
from theory, the heat-transfer coefficients on the wing from figure 5
are replotted in figure 6, together with data at a = 9°- These data
are correlated as the ratio of experimental Stanton number to theoretical
Stanton number (ref. 14), where the parameters are based on local condi-
tions in which the length factor is the distance from the leading edge
to the measurement stations. The data are plotted against distance in
percent chord. Perfect agreement with theory is a ratio of 1.0. The
chart shows good correlation at all angles of attack on the lower surface,
whereas on the upper surface good correlation is obtained only at a = 3°-
At a = 6°, the experimental data give a heating rate only 78 percent of
that predicted by theory and at a = 9° the experimental values are
65 percent of the theoretical values. This difference is believed to be
due to separation at the higher angles of attack.

Heat transfer to a deflected control surface is presented in fig-
ure 7. The data are for a flap control of the sealed type extending
across the trailing edge of a delta wing. Data were obtained from flight
tests as the model accelerated to M^ = 2.7. The model had four wings
in a cruciform arrangement with controls deflected like ailerons. Two
opposing flaps were deflected 10° and the other two were deflected 20°
in a direction to oppose the roll of the first two. As a result, a small
rate of roll remained, which induced an angle of attack at the measuring
station of less than 1°. The Stanton number based on free-stream condi-
tions is plotted against flight Mach number for a midspan station near

the trailing edge. The Reynolds number was approximately 9 X 10° per foot.
The filled-in.symbols are for the lower surface and the open symbols for
the upper surface of the flap. The data for the lower surface with the
20° deflection are approximately k times those of the upper surface for all
Mach numbers, and 2.5 times those of the upper surface for the 10° deflection.

A comparison with theory at MO, = 2.64- and a flap deflection of 10°
is presented in figure 8. Stanton number is plotted against chord length



for two measurement stations on the flap and one station on the wing
ahead of the flap. The data are in good agreement with theory '(ref.
for a deflected plate based on the length from the leading edge of the
wing.

CONCLUDING RMARKS

The heat transfer obtained in supersonic flight tests for a conical
nose, a blunt conical nose, a cone-cylinder body, a flat-faced canopy,
and a deflected flap has been experimentally measured. For a delta wing,
data were obtained in a blowdown-type jet at a Mach number of 2.0 for
various angles of attack.

Early transition was obtained from the flight test of the 50° blunt
cone at a Mach number of k.&l and a Reynolds number (per foot) of

22.k X 10° based on free-stream conditions. Transition from laminar to
turbulent boundary layer occurred at 1.5 inches from the stagnation

point corresponding to a Reynolds number of 0-5 x 10° based on local
conditions. The theory of Sibulkin for the stagnation-point heat transfer
was in good agreement with the measurements.

The heat-transfer data for the various components investigated were
in good agreement with the predicted heat transfer except for the shel-
tered surface of the delta wing at angle of attack.
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AERODYNAMIC HEAT TRANSFER FOR 10° CONE
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HEAT TRANSFER ON A BLUNT 50" CONE NOSE RADIUS
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AERODYNAMIC HEAT TRANSFER ON DELTA WING
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HEAT TRANFER ON DEFLECTED FLAP
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THE INFLUENCE OF SURFACE INJECTION ON HEAT TRANSFER AND

SKEN FRICTION ASSOCIATED WTEH THE HIGH-SPEED

TURBULENT BOUNDARY LAYER

By Morris W. Rubesin

Ames Aeronautical Laboratory

SUMMARY

Existing analyses of the effect of surface injection on the heat
transfer and skin friction associated with the turbulent boundary layer
at high speeds are correlated to eliminate, largely, the effects of Mach
number and Reynolds number. It is shown that surface injection reduces
greatly both skin friction and heat transfer. Data for heat transfer
and skin friction at Mach numbers of 0, 2.0, and 2.7 are compared with
the analyses and the agreement is rather good.

From an example employing evaporative cooling with water, it is
concluded that at high Mach numbers transpiration cooling is much more
effective than a conventional cooling system."

INTRODUCTION

One cooling system for high-speed aircraft experiencing aerodynamic
heating that shows promise is a transpiration cooling system. The sche-
matic diagram in figure 1 helps to indicate what is meant by a transpi-
ration cooling system for an aircraft. In such a system the coolant
passes from the interior of the aircraft through a porous outer skin
and into the hot boundary layer. The system shows promise for two
reasons. First, in passing through the skin, the coolant reaches the
temperature of the skin because of the large amount of surface area for
heat transfer existing within the pores. Thus, the coolant reaches the
maximum temperature of the system and is used most effectively. In
terms of a heat exchanger, this is called 100 percent effectiveness.
The second contributing reason is that as the coolant passes into the
hot boundary layer it cools the inner portion of the boundary layer and
forms a buffer between the hot gases of the boundary layer and the skin
that is being cooled. Thus, the amount of heat entering the surface is
reduced by the injection of a coolant.
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There are also disadvantages in a transpiration cooling system. The
porous material is difficult to manufacture, and the inherent weakness of
the material requires more difficult and complex structural design. Also,
the roughness of the porous materials and the effect of fluid injection
are such that the normally laminar boundary layers may be tripped into
turbulent boundary layers and in that way increase the amount of heat
entering the body. A transpiration cooling system, therefore, would prob-
ably be considered only for cases where turbulent flow exists normally or
where extremely favorable pressure gradients exist so as to insure laminar
flow. In view of these disadvantages, it is believed that only a complete
systems analysis will show whether or not a sound engineering solution will
require transpiration cooling. In order to perform these systems analyses
the designer will require knowledge of how surface injection affects the
heat transfer and skin friction associated with boundary layers.

This paper presents available information on the effect of injection
on the turbulent boundary layer. Theory and experiment are compared to
determine whether or not the theoretical results can be used to extrapo-
late the limited amount of available data. After this comparison is
made, an example of some advantages of transpiration cooling over con-
ventional cooling systems is shown.

SYMBOLS

Cf local skin-friction coefficient

F injection parameter, Pw
vw/Plul

M Mach number

Pr Prandtl number

Rx Reynolds number based on length along surface

St Stanton number

t temperature

T absolute temperature

u velocity parallel to surface

v velocity normal to surface

w weight flow rate of coolant
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x distance along surface from leading edge

e surface emissivity

T\V temperature recovery factor

p density

Subscripts:

0 zero surface injection

1 condition at outer edge of boundary layer

00 free-stream condition

v surface condition

ANALYTICAL RESULTS

Two analyses exist at present vhich are concerned with the effect
of the injection of air into air in a compressible turbulent boundary
layer. Both are based on mixing-length theory and differ mainly in the
manner in which arbitrary constants Introduced in each analysis are
handled. The analysis of Dorrance and Dore (ref. l) considers the
Prandtl number to be 1 and the turbulent boundary layer to extend down
to the surface. The author's analysis (ref. 2) considers the Prandtl
number to be 0.72, includes the existence of a laminar sublayer, and
requires knowledge of its thickness. In both analyses plausible assump-
tions based on empirical knowledge are made to identify the arbitrary
constants introduced.

Skin Friction

A comparison of the effects of injection on skin friction, as
determined by the two analyses, is made in figure 2. The ordinate is
the local skin-friction coefficient divided by the local skin-friction
coefficient for zero injection and the abscissa is the dimensionless
injection parameter F divided by half the local skin-friction coef-
ficient for zero injection. The injection parameter F is the coolant
mass-flow rate per unit area normal to the surface divided by the mass
flow per unit area of the main airstream. The shaded areas on this fig-
ure represent the numerical results obtained over a large range of the
parameters: Mach number, Reynolds number, and the ratio of wall to
free-stream temperature. For instance, for the analysis of the Dorrance



and Dore calculations were made in which the Mach number ranged from 0
to 20, the ratio of wall temperature to free-stream temperature ranged
from 1 to 3, the Reynolds number ranged from 10? to 10̂ , although higher
Reynolds numbers also fall within this shaded region. In the author's
analysis, the Mach number ranged from 0 to 8, the ratio of wall to free-
stream temperature ranged from 1 to 3, and the Reynolds number ranged
from 10° to 10°. The effect of these parameters is largely eliminated
by this type of coordinate system. Note that calculations with both
F constant along the body and F proportional to the local skin-friction
coefficient have been plotted on this figure. Both analyses, although
yielding different results, show that the effect of injection on skin
friction can be very large; reductions down to 1/5 of the zero-injection
skin-friction coefficient are shown.

Heat Transfer

The calculated effect of injection on heat transfer is shown in
figure 3. In this figure the ordinate is the ratio of the local Stanton
number to the local Stanton number for zero injection and the abscissa
is the blowing parameter F divided by the local Stanton number for
zero injection. The results of the analysis of Dorrance and Dore are
not plotted here as they would result in a curve identical to that shown
in figure 2. The reason for this is that the Prandtl number of 1 used
in their analysis results in an exact Reynolds analogy between skin
friction and heat transfer.

The region shown, representing the author's analysis, is quite
similar to the region in figure 2 for the skin-friction relationship,
even though the Prandtl number is 0.72 and no exact Reynolds analogy
exists. Apparently the effect of Prandtl number is largely absorbed
in the choice of coordinates for figure 3. In effect, the results of
heat transfer can be.considered essentially identical to those of skin
friction for both analyses when plotted as in this figure. Thus, the
analyses predict that heat transfer is also reduced considerably by
surface injection.

The relatively small difference between the two analytical results
should not be considered as an indication of the certainty of these
results. Other analyses, based on equally plausible flow models, could
yield results that differ greatly from these results. Ultimately, the
worth of these analyses can be assessed only through a comparison with
experimental data. Agreement between analysis and data, however, should
not imply a verification of the physical assumptions of the theory, but
should be considered simply as providing a systematic means of extending
the range of applicability of the limited amount of data now available.
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COMPARISON OF ANALYSIS WITH EXPERIMENT

Low-Speed Data

Mickley, Ross, Squyers, and Stewart (ref. 3) obtained skin-friction
and heat-transfer data while Injecting air into the boundary layer on
a flat plate. The free-stream air flows were at speeds below 60 feet
per second. Data were obtained for constant values of the blowing para-
meter F along the plate and for values of F varied proportionately
to the skin-friction coefficient.

Skin friction.- The skin friction was measured by surveying the
boundary layer with impact-pressure probes and then calculating the
momentum thickness of the boundary layer at several stations along the
plate. The local skin-friction coefficient was determined from the
difference between the local momentum-thickness gradient and the local
injection parameter. Because this difference was often small compared
with the individual terms, errors in the momentum thickness or local
injection rate produced larger errors in the skin-friction coefficient.
The data, therefore, scatter considerably. Another factor requiring
mention is that the plate under zero injection was not aerodynamically
smooth, the skin-friction coefficient being in general about 15 percent
higher than on a smooth plate.

A comparison of these data with the analyses is shown in figure k.
The ordinate is again the ratio of the local skin-friction coefficient
to its value for zero injection, and the abscissa is the injection
parameter divided by half the local skin-friction coefficient for zero
injection. The skin-friction data decrease considerably with increased
injection, the reduction being as high as 90 percent of its initial
value at the highest injection rate. The roughness of the plate is not
expected to alter these results significantly. It can be concluded,
therefore, that within the scatter of the data, there is general agree-
ment between the analyses and the data for skin friction.

Heat transfer.- Heat-transfer measurements were made in the inves-
tigation of reference 3 by employing heaters placed locally within the
porous plate. The local heat-transfer coefficients were calculated
from a heat balance on the individual elements of the plate containing
heaters. Thus, these data were obtained in a somewhat more direct
fashion than the skin friction. Because heat-transfer data is not
affected greatly by surface roughness (ref. U), these heat-transfer
data are considered to be reliable. These data are compared with the
analyses in figure 5. The ordinate is the ratio of local Stanton num-
ber to its value for zero injection and.the abscissa is the injection
parameter divided by the Stanton number for zero injection. Data are
shown for both constant and varying injection parameter along the plate.
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Although the data show considerable scatter, a marked decrease in Stanton
number with increased injection rate can be discerned. The agreement
between data and analyses is again good, the data in general lying
between the analytical results.

High-Speed Data

Several tests have been performed recently to determine the effect
of surface injection on the turbulent boundary layer at supersonic speeds,
(See, for example, refs. 5 and 6.) All these tests are of a preliminary
nature, where thoroughness has been sacrificed to expedite obtaining the
results. Tests of limited accuracy, however, still supply significant
results when there are expectations of large changes in the quantity
measured, and when no data exist on the subject.

Skin friction..- Two sets of skin-friction data were obtained at
the Ames Aeronautical Laboratory at a free-stream Mach number of 2.7,
with air injection. One set was obtained on a porous frustum of a cone
(made of sintered woven stainless steel) preceded by a solid ogive.
The other set was obtained on a porous flat plate made of sintered
powdered stainless steel.

The cone frusttm data were obtained by direct force measurements.
The average skin-friction drag over the cone frustum was determined
from the measurements of total drag, base drag, and fore pressure drag,
with estimations made for the influence of the skin friction on the
solid nosepiece and of the boundary-layer trip ahead of the porous
portion. The injection rate along the cone was nearly uniform. The
skin-friction coefficient for zero injection was about 25 percent higher
and showed less Reynolds number dependence than is expected on a smooth
body. These results were not surprising, since the cone appeared to be
aerodynamically rough. This measured skin-friction coefficient, never-
theless, is used as the reference value in the correlations that follow.

The flat-plate data were obtained by boundary-layer surveys with
an impact probe. The local skin-friction coefficient was•determined
from the derivative of the momentum thickness with respect to distance
along the plate minus the local injection parameter F. At the higher
injection rates this difference becomes small compared with the magnitude
of the individual quantities, and errors in the momentum thickness or
the local injection rate produce larger errors in the skin-friction coef-
ficient. For the zero injection case, however, it was found that the
data agreed with data obtained on a solid smooth surface.

The data from the two tests are plotted in figure 6. The ordinate
is the ratio of the skin-friction coefficient to its value for zero
injection and the abscissa is the injection parameter F divided by
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half the skin-friction coefficient for zero injection. Although average
skin-friction coefficients are used for the cone data and local skin-
friction coefficients are used for the flat-plate data, it can be shown
analytically that essentially the same curves should result when the
data are plotted on this coordinate system. On examining the data, it
is found that the two sets of data obtained in different ways agree very
well with each other, even though the cone was initially rough. Both
sets of data show a considerable reduction in skin-friction coefficient
with increasing injection rate and are in good agreement with the ana-
lytical results, especially the analysis of reference 2. The reduction
in skin friction shown here at M = 2.7 is quite similar to that
determined at M = 0.

Heat transfer.- Two sets of data are available showing the effect
of surface injection on heat transfer in the turbulent boundary layer
at supersonic speeds. One set (ref. 5) was obtained on a porous frustum
of a cone made of sintered powdered stainless steel preceded by a solid
steel nosepiece. These data were obtained at M = 2.02 with nitrogen,
helium, and water as coolants. The water data will not be reported here
because the amount of evaporation taking place during the tests was not
known; thus correlation of these data with the gas data is impossible.
The other set of data (ref. 6) was obtained on a porous flat plate at
M = 2.7' Air was used as a coolant in these tests.

In both sets of tests, the amount of heat transferred to the model
was determined by measuring the temperature rise of the coolant as it
passed from the inside of the model to the outer surface of the porous
skin. Average heat transfer was determined on the cone, whereas local
values were determined on the flat plate. In the flat-plate tests pains
were taken to separate the individual effects of injection on the Stanton
number and on the temperature-recovery factor. Because of this the flat-
plate data will be discussed first in terms of Stanton number .and of
recovery factor, and then comparison will be made of the overall cooling
effects of both sets of tests.

A comparison of the ;flat-plate data and the analyses is made in
figure 7. The ratio of Stanton number to its value for zero injection
is plotted against the injection parameter divided by the Stanton number
for zero injection. The data points represent the reduction experienced
by the local Stanton numbers, averaged over all the tests. The data show
a marked decrease in local Stanton number with increased injection. The
reduction in Stanton number, however, is not as large as the analyses
indicate or as was shown by the M = 0 data. This point should not be
emphasized because a saving feature appears. This is shown in the next
figure.

The effect of surface injection on the temperature-recovery factor
is shown in figure 8. Here the ratio of recovery factor to its value
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for zero injection is plotted against the injection rate divided by the
local Stanton number for zero injection. The data correlate quite well
on this type of plot and show a reduction with increased injection, the
reduction being as much as 20 percent. Neither analysis, even the one
for Pr = 0.72, predicts this reduction.

The heat transfer to a surface, now, depends on both the reduction
in Stanton number and the reduction in recovery factor. This combined
effect is shown in figures 9(a) and (b). In these figures the ordinate
is a dimensionless grouping composed of the wall temperature, the
coolant's initial temperature, and the recovery temperature under zero
injection conditions. This is a parameter known to the designer and
one which he must design for. The abscissa is the injection parameter
divided by the Stanton number for zero injection, an average value for
the cone data and local value for the flat-plate data. The data for
the cone and the flat plate with nitrogen or air as the coolant
(fig. 9(a)) agree well with each other and with the analytical results.
The data, however, are a little lower in general at the lower values
of injection parameter. At higher values of injection there is excel-
lent agreement. It is noted that the surface temperatures in this case
are much lower than would be produced by a conventional heat exchanger
of 100 percent effectiveness.

The data shown in figure 9(b) give some indication of how analyses
based on air-to-air injection predict the behavior transpiration cooling
systems employing helium. The data were obtained on the cone. It is
seen that the data, like the data for air at these injection rates, lie
a little below the analytical values. The analytical values were deter-
mined by using the assumption that helium injection affects the boundary
layer in the same manner as air injection, but that helium acts as a
more effective coolant because of its high specific heat. Although it
appears that the analyses for air agree with data for helium as the
coolant almost as well as they do for air, it must be cautioned that
the data shown in figure 9fa) were not obtained at sufficiently high
rates of coolant flow. This is seen from the curve representing the
conventional heat exchanger of 100 percent effectiveness, which does
not differ greatly from the curves predicted by the analyses.

CONCLUDING REMARKS AND PRACTICAL APPLICATION

From the figures shown we can conclude that there is a general
agreement between existing experiment and analysis for both skin friction
and heat transfer under conditions of surface injection with air. The
effect of other gases as coolants is at present somewhat inconclusive.
All the experimental data are too limited in their range of variables
and accuracy to allow formulation of empirical laws at this stage. At
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present, therefore, it is necessary to rely on the analyses in extrapo-
lating the available experimental data to conditions which the designer
must face. From what has been shown, the analysis of either reference 1
or 2 can be used with some degree of confidence.

An example of the results obtained by using analytical extrapo-
lation is shown in figure 10. Here the ordinate represents the ratio
.of coolant flow rate required for a transpiration cooling system to
that required in a conventional system employing a heat exchanger of
100 percent effectiveness. The abscissa is the Mach number of flight.
A surface temperature of 1,200° F and 300° F is maintained by each
cooling system. Other conditions in the heat balance are that the
altitude is 120,000 feet, the surface emissivity is unity, the position
is 1 foot from a leading edge, the temperatures are at steady state,
and the coolant is water that is evaporated. It is assumed that the
effect of steam injection on the boundary layer is the same as that of
air injection. No dissociation is assumed in the boundary layer. It
is observed that the transpiration cooling system always requires less
coolant than does the conventional system, the ordinate being always
less than unity. The reduction, however, becomes significant only at
the higher Mach numbers. The case with the cooler surface shows a little
more advantage of a transpiration cooling system. It can be concluded,
therefore, that at extremely high Mach numbers transpiration cooling
may be the most effective means of attacking the aerodynamic-heating
problem. In addition, the reduction in skin friction accompanying the
transpiration cooling process may further increase the advantage of this
type of cooling system.
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A REVIEW OF RECENT INFORMATION ON BOUNDARY-LAYER

TRANSITION AT SUPERSONIC SPEEDS

By Alvin Seiff

Ames Aeronautical Laboratory

SUMMARY

Several experimentally observed characteristics of boundary-layer
transition at supersonic and hypersonic speeds are discussed. These
include favorable effects of low wall temperature and increasing Mach
number. It appears that moderately long laminar runs will be obtained
even on relatively rough threaded surfaces at cold-wall conditions and
high supersonic speed, provided that pressure-rise coefficients are kept
below the critical values. Still higher transition Reynolds numbers can
occur on polished models at low wall temperature. The effect of leading-
edge thickness on slender bodies appears to be favorable at moderate
supersonic speeds. The low-fineness-ratio configurations which have been
proposed for ballistic missiles are the least favorable of those studied
to date; this indicates that further work is required to find ballistic
missile shapes conducive to laminar flow.

INTRODUCTION

Numerous authors (see, for example, refs. 1 and 2) have discussed
the desirability of maintaining laminar boundary layers to the maximum
possible extent on supersonic airplanes and ballistic missiles. The
benefits to be derived thereby are two: significantly reduced aerodynamic
heating and improved aerodynamic efficiency. There has therefore been
considerable research recently devoted to the study of factors affecting
boundary-layer transition at supersonic speeds. This research is aimed,
in general, at defining the relationships between the extent of laminar
flow and such variables as surface smoothness, wall temperature, pres-
sure gradient, and Mach number. The purpose of this paper is to review
briefly the results that have been obtained from this research.

SYMBOLS

h roughness height, in.

M Mach number

h'5JiT'lUlLLi|llJJlL
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— pressure-rise coefficient
po

Rm transition Reynolds number based on free-stream conditions

Rx Reynolds number based on free-stream properties and axial
distance from the leading edge

R? length Reynolds number based on free-stream properties

(R-, ] local Reynolds number outside the boundary layer of a blunted
B body

/R, \ local Reynolds number outside the boundary layer of a pointed
V X/S body

Tr laminar recovery temperature, °R

T body-surface temperature, R

T, boundary-layer-edge temperature, °R

6 laminar boundary-layer thickness, in.

9C cone half-angle, deg

Subscripts:

0 free stream

1 boundary-layer edge

c cone

p flat plate

DISCUSSION

Effect of Wall Temperature Ratio

Over the past several years, a number of investigators have studied
the effect of body surface temperature on transition, both theoretically
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and experimentally. Theoretically, according to Lees and Lin (ref. 3),
lowering the body surface temperature improves the stability of the lam-
inar boundary layer to two-dimensional disturbances as is evidenced by
an increase in the minimum Reynolds number at which the disturbances are
amplified. Experimentally, variation of the wall temperature at constant
Mach number has given the results shown in figure 1. Wind-tunnel investi-
gations, of which two are represented on the figure (refs. 4 and 5), have
shown that lowering the wall temperature increases the extent of laminar
flow. Recent flight data (ref. .6 and unpublished data from the Langley
Pilotless Aircraft Research Division) tend to support this finding for
moderate reductions in wall temperature ratio. Some of the flight data
indicate, however, that a leveling off in this generally favorable effect
of lowering the wall temperature can occur under certain condition's
(lower curve of PARD data) and one set of data showing an unfavorable
effect of lowering the wall temperature has also been recorded. How-
ever, it is very difficult in these flight tests to hold all variables
constant except one; in this particular case, length Reynolds number
varied simultaneously with wall temperature. The effects of the two var-
iables may then be mixed in producing the result shown.

The theory of Lees and Lin (ref. 3)> in addition to predicting the
favorable effect of lowering the wall temperature, further predicts that
reducing the wall temperature below certain critical values which are a
function of Mach number will produce complete laminar stability, such
that small two-dimensional disturbances of m 1 frequencies are damped at
all Reynolds numbers. The wall-temperature limits of the completely
stable region of this type calculated by Van Driest (ref. 7) from the
theory of Lees and Lin are shown in figure 2 and compared with the temper-
ature conditions of recent tests which entered the theoretically stable
region. This region had sometimes been hopefully regarded as a region
in which transition would not occur, but it has been conclusively shown
by the tests at the conditions indicated in figure 2 (and the earlier
data of ref. 8) that transition will occur in the region of complete sta-
bility in response to surface roughness and other causes. In this con-
nection, it should be noted that Dunn and Lin (ref. 9) have analyzed the
case of three-dimensional disturbances and found that the laminar "boundary
layer can never be completely stabilized with respect to all three-
dimensional disturbances." According to this theory, then, for three-
dimensional disturbances, no counterpart to the fully stable region of
figure 2 exists. This does not detract, however, from the observed
advantages (fig. 1) of low wall temperature for purposes of maintaining
laminar boundary layer.

Effect of Mach Number

In order to investigate the effect of Mach number on transition at
constant low values of the wall temperature ratio, tests have recently
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been made in the Ames supersonic free-flight wind tunnel. The Mach num-
bers and wall temperature ratios covered are indicated in figure 2 by
the diamond symbols. The models employed are shown in figure 3- Pre-
vious experience had indicated that on very smooth surfaces transition
would be far back on the models at all Mach numbers so that no observa- '
tions of the effects of Mach number could be made. It was necessary,
therefore, to use rough surfaces to bring transition forward, and for
reasons of reproducibility, fine-threaded surfaces of the type shown in
the microphotograph were selected. The location of transition was meas-
ured from shadowgraphs as described in reference 8. The results of tests
with the ogive-cylinder models (ref. 10) are shown in figure k. Increasing
the Mach number had a pronounced favorable effect on the extent of laminar
flow over a given surface, particularly when certain critical combinations
of Mach number and thread height were reached. After the increase, the
transition Reynolds number appeared to level off at stations near the
base of the model, but this was not conclusively shown since some cases
of fully laminar flow up to the fins were recorded in this region. These
are indicated by the points with arrows as being beyond the range of
observation. In figure 5> "tw° of "the shadowgraph pictures obtained are
reproduced to show directly the change in the boundary layer associated
with raising the Mach number from 1.87 to 3.40 on a 0.0004-inch threaded
surface.

In order to investigate the effect of the type of roughness on this
result, a series of smooth models were sandblasted with fine grit to pro-
duce the roughness described at the right side of figure 4. The trend
observed with these models is shown by the inverted filled triangles to
be similar to that found with the threaded surfaces. It is interesting
that the sandblasted1 surface, with roughness height generally less
than 1/3 that of the roughest thread, nevertheless had lower transition
Reynolds numbers at all observed test Mach numbers which suggests that a
threaded (two-dimensionally) roughened surface is superior to a bumpy
(three-dimensionally) roughened surface.

The flight data of figure 2 can be examined for the effect of Mach
number at constant wall temperature ratio on relatively smooth bodies.
Results obtained are shown in figure 6 and compared with the data of fig-
ure k. At Mach numbers above 2, the highly polished flight models seem
to show trends similar to those from the tests with the roughened small-
scale models. However, the data of Rabb and Disher (ref. 6), when lam-
inar, were actually fully laminar with transition beyond the range of
the measurements. Thus, no definite information on effect of Mach number
is contained in the two points shown. The flight data of the Langley
Pilotless Aircraft Research Division are similar to the small-scale test
data at Mach numbers above 2. At lower Mach numbers, an opposite trend
is shown. Whether this can be explained in terms of the length Reynolds
number variations present in the flight tests, or whether there is really
a reversal in this region, is not yet established.
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Cross plots of the data shown in figure ^ together with data from
tests with the contoured tubes can be made to define the effect of rough-
ness height on transition Reynolds number at several fixed Mach numbers.
For generality, it was desired to relate the roughness height h to the
laminar boundary-layer thickness 6. For surfaces of constant roughness
height at g,ll stations, however, the ratio of roughness height to boundary-
layer thickness varies with axial position on the model. Therefore, a
parameter to represent the relationship of roughness height to boundary-
layer thickness over the entire surface was sought. Examination of the
equations for h/8 as a function of the Reynolds number based on axial
distance from the leading edge Rx showed that a dimensionless group

was constant over the surface of a flat plate with constant rough-

ness height and a given Reynolds number per foot, and would therefore
specify the relation of roughness to boundary-layer thickness for all
points on the surface. Accordingly, this was the roughness parameter
used. In figure 7> comparison of the ogive-cylinder data and the
contoured-tube data on the basis of this parameter is shown for a Mach
number of 4.9 and a wall temperature ratio of 1.8. The two models dif-
fered in boundary-layer growth rates because of shape and because of
Reynolds number differences, 27 million per foot for the ogive-cylinder
and J>6 million per foot for the contoured tube. The pressure and Mach
number distributions on the nose sections were, however, nearly identical
by design. The correlation shown in the figure was realized only when
the boundary-layer-growth equations for the nose sections of the bodies
were used rather than those for the cylindrical sections. This implies
that the observed roughness effects are predominantly controlled by the
flow on the body nose.

The effect of the roughness parameter on transition at other Mach
numbers is shown in figure 8 and is compared"with the curve for a Mach num-
ber of 4.9- The wall temperature ratios for the free-flight wind-tunnel
curves are 1.8 at the two higher Mach numbers and 1.0 at M = 3.5. Exam-
ination of the upper two curves indicates that increasing the Mach number
at constant wall temperature ratio increased the maximum extent of lam-
inar flow over threaded surfaces and also increased the permissible rough-
ness. The curve for M = 7 is characterized by insensitivity to rough-
ness height up to a critical roughness height, followed by an abrupt for-
ward movement of transition.

These curves are incomplete in that they are undefined between rough-
ness parameters of 0 and 60. Data in this region have been obtained
from other wind-tunnel and flight tests and are indicated by the three
points shown. It is evident that at low values of the roughness param-
eter, of the order of 10 and less, and at low wall temperature ratios,
very substantial laminar runs are realized. This was first demonstrated
by Sternberg (ref. 11) who achieved a transition Reynolds number greater
than 57 million in flight testing a polished cone (roughness parameter
of 17) at a wall temperature ralrto -of 1.2.

| ill I HIIII I HP
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Effect of Angle of Attack

The above considerations have been limited to the case of zero angle
of attack. Experiments have shown that when slender bodies of revolution
are smooth enough so that roughness does not cause transition, transition
due to angle of attack can occur on the sheltered side at angles of attack
above certain critical values. It has been suggested (ref. 8) that this
results from the pressure rise encountered by streamlines flowing over
the sheltered side, due partly to the axial pressure distribution and
partly to the cross-flow pressure distribution. This reasoning leads to
the expectation that the critical angle of attack will depend, among
other things, on the pressure distribution at zero angle of attack. If
the axial-pressure-rise coefficient is too great, pressure-rise tran-
sition would be expected to occur at zero angle of attack. Mach number
also should influence sheltered-side transition through its effect on
the pressure distributions, and through its effect on the critical
pressure-rise coefficient. An effect of Mach number on sheltered-side
transition was observed in the tests of reference 10. The critical angle
of attack appeared to decrease with increasing Mach number. When ana-
lyzed to determine the pressure-rise coefficient at the transition point,
these observations led.to the data of figure 9> where critical pressure-
rise coefficient is plotted as a function of Mach number. The critical
pressure-rise coefficients in the form Ap/po (where po is the static
pressure in the free stream) are relatively independent of Mach number.
Additional cases in which transition was apparently caused by pressure
rise at zero angle of attack, on cone-cylinders and other models, have
been collected by Garros (ref. 10) and are included in the figure, and
they tend to support the tentative conclusion that at supersonic speeds,
the critical pressure-rise coefficient is independent of Mach number and
wall temperature ratio. It will be desirable to test this finding by
comparison with additional experiments. In all probability, further work
will show at least a small dependence of critical pressure-rise coeffi-
cient on Reynolds number and on pressure distribution. The implication
of figure 9 for bodies of low fineness ratio, and in particular, bodies
with continually favorable pressure gradient, is that such bodies should
be free of sheltered-side transition in the low angle-of-attack range.
However, it has not been demonstrated that the pressure-rise effect is
the only effect which can influence sheltered-side transition, and addi-
tional experiments are required to investigate the case of low-fineness-
ratio bodies.

The preceding discussion has been mostly devoted to sharp slender
bodies'. Since, at hypersonic speeds, thick leading edges are indicated
and, for ballistic missiles, bodies of low fineness ratio offer advan-
tage (ref. 1), it is important to determine the effects of leading-edge
bluntness and low fineness ratio on transition.
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Effects of Low Fineness Ratio and Tip Bluntness

Recently, Brinich (ref. 12) has made tests to determine the effect
of leading-edge thickness on transition on hollow tubes at a free-stream
Mach number of 3.1. His data are shown in figure 10(a). As leading-edge
thickness was increased, transition Reynolds number increased to the max-
imum values shown for the 0.008-inch leading edge. Further increases in
leading-edge thickness had no discernible effect. These data prompted
Moeckel (ref. 13) to examine the effect of blunting on surface Reynolds
number, since with a blunt leading edge, the air at the surface of the
cylinder will have passed through a normal shock wave and will be altered
in density, velocity, and temperature from the corresponding values with
a sharp leading edge. This effect of the normal shock wave on the sur-
face Reynolds number at a station far downstream of the bluntness is
shown in figure 11, as a function of free-stream Mach number, for a rela-
tively slender cone and a low-fineness-ratio cone. In both cases, the
surface Reynolds number of the cones when blunt is a Htn«.n fraction of
the surface Reynolds number when sharp, particularly for the more slender
cone. It should be noted, however, that, except for the bluntest cones
at very high Mach number, the surface Reynolds number when sharp will
fall well above the free-stream Reynolds number, so that the surface
Reynolds number for blunt, low-fineness-ratio cones will not be reduced
too far below free-stream values. Moeckel was able to explain the data
of Brinich (ref. 12) on the basis of these Reynolds number changes.

As an independent check on the data of Brinich, tests have very
recently been conducted in the Ames supersonic free-flight wind tunnel
by C. S. James, again using a tubular model with zero pressure gradient.
The results are shown in figure 10(b). When the blunt leading edge was
square cornered and normal to the airstream, the effect of increasing
bluntness was adverse. Rounding the leading edge, however, produced the
very favorable effect shown. Thus, it appears that leading-edge shape
is significant as well as leading-edge thickness.

In addition to the favorable effect of blunting, pointed out by
Moeckel, on the local surface Reynolds numbers, there are some additional
effects, in this case, unfavorable, associated with low fineness ratio;
these are shown in figure 12. On the left the local surface Mach numbers
are plotted as a function of cone angle for free-stream Mach numbers
of k, 8, and 20. The local Mach numbers on the cones of 30° half angle
and greater are reduced to low supersonic values, almost independent of
the free-stream Mach number. Blunting the cones further reduces the
local Mach numbers to values indicated by the dashed curves. In view
of the results for effect of Mach number on transition, it is conceivable
that the compression to low local Mach numbers will have a destabilizing
effect on the laminar boundary layers.

In the right half of the figure, the effects on boundary-layer thick-
ness of cone angle and tip blunting are shown. Boundary-layer thickness
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on the cone is compared with that on a flat plate of equal length at iden-
tical free-stream conditions. The boundary-layer thickness on the cone
differs from that on the flat plate as a result of several effects: the
well known lateral spreading effect on the cones which reduces it by |/3;
the effect of the changed Mach number and air temperature at the boundary-
layer edge; and the effect of the change in local surface Reynolds number.
All these effects are included in the figure, which shows that the low-
fineness-ratio cones have thin boundary layers relative to the corre-
sponding flat plates. Increasing the Mach number reduces the relative
thickness. Thin boundary layers would be expected to increase the tend-
ency for roughness to cause transition. Slight blunting of the cones
is therefore favorable in this sense, since the normal shock wave acts
to make the boundary layer thicker than on corresponding sharp cones.

In figure 13, some preliminary data obtained by S. C. Sommer in the
supersonic free-flight wind tunnel and by L. T. Chauvin at the Langley
Pilotless Aircraft Research Division (filled circles) on transition on
low-fineness-ratio bodies are shown. The bodies tested have included
a 60° cone, 5<D° and 60° cones with spherical tips, a hemisphere, and a
pointed ogive with steadily favorable pressure gradient. The observed
locations and lengths of the observed transition regions are indicated
by the vertical lines through the data points. The agreement between
the data from the two facilities is remarkably good, and this may be only
fortuitous in view of differences in the test Reynolds numbers. It has
been apparent in these tests that the ease of obtaining laminar runs at
Reynolds numbers of 10 million and greater which was experienced with
the slender test models.was not now present. A beneficial effect of
increasing the Mach number is, however, shown as in the case of the
slender models. The free-flight wind-tunnel models have been polished,
in general, to a smoother condition than the corresponding slender
models. They have, however, had some residual polishing scratches,
mainly circumferential. It should be noted that transition data from
the shadowgraphs are not nearly as precise or definite as with slender
bodies, but it can usually be decided definitely whether the boundary
layer coming off the model base is iflnvinaT or turbulent. It was, for
example, almost invariably turbulent off the base of the blunted cone.
The pointed 60° cone at M = 8.25 has given the longest laminar run
to date, remaining laminar to a diameter behind the model base.

The difficulty in avoiding transition on these models is believed
due to the thinning of the boundary layers and to the low surface Mach
numbers. Additional work will be required to investigate these causes
and to find the most favorable low-fineness-ratio shapes. It should be
noted that ballistic missiles sometimes operate at Reynolds numbers per
foot comparable to those in the tests (l8 to 36 million per foot). The
absolute smoothness requirements for the missiles, then, will be com-
parable to those of the tests.
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CONCLUDING REMARKS

From the preceding discussion, it would appear that on slender bodies
with low surface temperature in flight at supersonic and hypersonic Mach
numbers up to 7, it should be possible to maintain laminar boundary layers
to Reynolds numbers of the order of 20 million. To do so, however, it
will~be necessary, even in the region of complete stability to two-
dimensional disturbances given by theory, to avoid tripping the boundary
layer by use of unduly rough surfaces or such other trips as angle-of-
attack vanes on the body nose. One encouraging observation is that per-
fect smoothness is not required to maintain moderately long laminar runs
if the roughness is of the two-dimensional threaded type described herein.
With such surfaces, the permissible roughness increases with increasing
Mach number. A favorable effect of increasing Mach number also seems to
occur in tests with smooth surfaces, but further work will be required
before this can be stated with assurance. The blunt leading edges required
from the viewpoint of heating of the leading edge appear to be favorable
in their effect on the extent of laminar flow on slender bodies.

Transition due to pressure rise along streamlines may prove to be
more difficult to avoid than transition due to roughness. Pressure rise
can occur as a result of angle of attack as well as configuration. Fur-
ther investigation will be required to define the types of configuration
which are most favorable in these respects.

When bodies of low fineness ratio are considered, several new effects
are encountered. These include boundary layers considerably thinner than
on slender bodies, strong favorable pressure gradients in some cases, and
low Mach numbers at the boundary-layer edge. Experiments available to
date show that the net effect of these factors is unfavorable - the tran-
sition Reynolds numbers observed have been generally below 10 million.
Further study of this problem is necessary.
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MODELS AND SURFACE FINISH USED
IN FREE-FLIGHT TRANSITION EXPERIMENTS
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SEPARATED SUPERSONIC AND SUBSONIC FLOWS 605

By Dean R. Chapman, Donald M. Kuehn,
and Howard K. Larson

Ames Aeronautical Laboratory

This paper summarizes a considerable body of unpublished experi-
mental and theoretical research conducted on the general problem of flow
separation. The purpose of the research was to obtain fundamental informa-
tion which would lead to better understanding of flow separation phenomena,
and which, it was hoped, would lead to some results of broad applicability.
The research is partly theoretical, though mostly experimental; it comprises
measurements at subsonic as well as supersonic speeds and includes various
two-dimensional model shapes, each involving separation. These comprise
forward-facing steps (which would simulate, for example, the flow upstream
of a spoiler control), rearward-facing steps (which would simulate the flow
behind a base or a spoiler), compression corners (which would simulate the
flow over a duct ramp or a deflected flap), curved concave surfaces (which
would simulate the flow over one side of a compressor blade), models pro-
ducing leading-edge separation, and configurations producing separation by
reflecting a shock wave from a boundary layer.

The most general result arising from the research is that a single
variable appeared dominant throughout in controlling pressure distribu-
tion - irrespective of the particular Mach number, Reynolds number, or
model shape investigated. This signal variable is the location of transi-
tion relative to the reattachment and separation positions. Because tran-
sition is so important, classification of the separated flows is made at
the outset, as illustrated in figure 1, into three essentially different
types depending on the relative location of transition: a "pure laminar"
type for which transition is downstream of reattachment, a "transitional"
type for which transition is between separation and reattachment, and a
"turbulent" type for which transition is upstream of separation. The
pressure distributions represent wall static pressures. As is indicated,
the particular configuration for figure 1 is a step model tested at a Mach
number of 2.J. The characteristics exhibited, however, actually are quite
general. The separation point S, determined by oil-film observations, is
associated with a relatively small pressure rise in laminar flow and is
seen to be about one-half the overall rise to the plateau pressure which
represents the dead-air pressure of the separated region. High-speed
motion pictures taken of this pure laminar separation at several thousand
frames per second show the flow field to be remarkably steady. Such char-
acteristics are in contrast to those of the transitional type of separa-
tion shown in the center part of figure 1. The pressure rise to separa-
tion, and the plateau pressure rise remain small, but an abrupt pressure
rise associated with transition, and occurring at about the same stream-
wise location as transition, now makes itself evident and alters the flow
field. High-speed motion pictures showed this transitional type of sep-
aration to be unsteady. Random movements of the shock waves were observed
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as were random changes in the angle of flow separation. Perhaps this
should be expected since the transition phenomenon itself, which is of
dominant importance to these flows, is known not to be steady. Some of
these characteristics of transitional separation are in contrast to
those of turbulent separation represented by the example on the right-
hand side of figure 1. The ̂ pressure rise to the turbulent separation
point is about 5 times greater than that to a laminar separation point.
There is no plateau pressure, although there is a peak pressure in the
separated region. Downstream of this region, the pressure rises to a
terminal value higher than the peak pressure. Plateaus in pressure are
associated with laminar separations, and may be thought of as approxi-
mating the idealized dead-air region; but in turbulent separations an
eddying motion keeps the air very much alive so that the term "dead air"
is only a figurative one. It was somewhat surprising to observe in high-
speed motion pictures that this turbulent type of separation is relatively
steady - not rock-like steady as the pure laminar separations, but never-
theless quite steady compared with the transitional separations.

It is not necessary to exemplify further the three types of flow
separation, although each type has been found and studied for the various
other models investigated. They exhibit the same qualitative phenomena -
they show transition to be dominant in controlling pressure distribution
throughout the investigation.

An explanation can be given as to why transition location is so
important to a separated flow. This explanation is based on a theoretical
mechanism postulated as fundamental to all separated flows. Very briefly,
the mechanism requires that a balance exist between the mass flow scavenged
out of the dead-air region by the separated mixing layer and the mass flow
reversed back into this region by the pressure rise through the reattach-
ment zone. Inasmuch as the mechanism explains other results to be pre-
sented later, a momentary digression is undertaken to present some results
of special experiments designed to quantitatively test this mechanism.

There are certain special conditions for which both the mass flow
scavenged from a separated region and the mass flow reversed back into
the region can be calculated without empirical information. These con-
ditions are for pure laminar separations with zero boundary-layer thick-
ness at separation. All calculation details will be bypassed. The end
results are illustrated in figure 2. The theory provides an equation
in closed form for the dead-air pressure as a function of the Mach num-
ber M1 and the pressure p' which exist just downstream of the reat-
tachment zone. The equation, which is not very complicated, is as
follows:
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As shown, the equation contains the ratio of specific heats y, the Mach
number, and a number 0.655* which arises from the solution of a nonlinear
differential equation with definite boundary conditions. This number
involves no empirical information; it cannot be adjusted to take up any
slack between experiment and theory. The data points represent both
supersonic separations from the present experiments and ' low-speed sub-
sonic separations from some experiments of Roshko at the California
Institute of. Technology. Three different models are represented in fig-
ure 2: a model producing leading-edge separation, a flat plate normal
to the stream, and a circular cylinder. It is evident that the strictly
theoretical calculation, which indicates the dead-air pressure to be
independent of both Reynolds number and model shape, agrees well with
.the experiments .

Recently, H. H. Korst et al. at the University of Illinois independ-
ently have analyzed the analogous problem of calculating dead-air pres-
sure for turbulent separation with zero boundary- layer thickness at separ-
ation. Their method is essentially the same in principle (although not
in details) as the method described previously for pure laminar separa-
tion. They obtained good agreement with experimental data on turbulent
separations behind bases, and it appears that the two researches yield
cdraplinsntary results.

With a knowledge that the mechanism postulated has satisfactorily
been put to quantitative test, a brief explanation of why the location of
transition relative to reattachment is so important to a separated flow
can be made. Compared to pure laminar separation, the introduction of
transition just upstream of reattachment has a pronounced effect of
reducing the reversed mass flow, but a negligible effect on the scavenged
mass flow. Consequently, balance of the two mass flows occurs at a much
different pressure when transition moves upstream of reattachment.

Several experimental trends observed to be general in the present
research can be illustrated from a plot of the dead-air pressure in
various separated regions as a function of Reynolds number. Figure 3
is such a plot in which pure laminar separations, transitional separa-
tions, and turbulent separations are presented. The Reynolds number is
based on body length. Individual data curves in this figure are not
identified, as this is unnecessary for the general purpose at hand. Suf-
fice it to say that these curves represent various combinations of Mach

*The number 0.655 represents the quantity 1 - û /Uĝ , where u^ is

the velocity at the outer edge of the mixing layer and u is the velocity
along the "dividing" streamline which passes through the separation point.
The ratio u/ue is independent of Mach number and heat transfer (according

to the mixing-layer analysis which assumes viscosity to be proportional
to temperature) .
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number and model shape. The ordinate is the pressure rise |p' - p
across the reattachment region divided by the pressure p1 just down-
stream of reattachment; p is measured at an arbitrary fixed point in
the separated region. It is noted that some of the pure laminar separa-
tions (see left-hand side of fig. 3) are affected to a negligible extent
by variation in Eeynolds number. This is consistent with the theory which
indicates no effect of Reynolds number on those pure laminar separations
for which the boundary-layer thickness at separation is zero. Some of
these curves show a Reynolds number effect which amounts at the most to
only about a one-fourth power variation. In these cases the boundary-
layer thickness at separation is not negligible. Generally speaking,
though, pure laminar separations are affected only to a small extent by
Reynolds number. From the transitional-separation plots shown in the
center portion of figure 3, it can be seen, in contradistinction, that
these flows can be affected markedly by variation in Reynolds number.
Such effects are particularly pronounced when transition is near reat-
tachment, as is the case for the left portion of each curve. Moreover,
the effect is in the same direction as required by the theoretical mech-
anism; namely, a movement of transition upstream of reattachment (brought
about by an increase in Reynolds number) increases the pressure rise
through the reattachment region. Turning now to the turbulent separa-
tions on the right portion of the figure, it is seen that for this type
of separation no significant effect of Reynolds number can be discerned
from the data.

Although distinction need not be made between subsonic and super-
sonic separations when considering qualitatively the importance of transi-
tion, it is necessary to make such distinction when considering most other
aspects of flow separation. There is a basic difference between subsonic
and supersonic separation which should be recognized before discussing
such questions as what pressure rise will separate a given boundary layer.
Figure k shows the pressure distribution upstream of a compression corner
in subsonic flow at various Reynolds numbers. The dashed line represents
the calculated distribution that would exist in inviscid flow. Variation
in Reynolds number is seen to bring about only small departures from this
distribution. Moreover, the separation point indicated by the filled sym-
bols and the pressure rise to separation are essentially independent of
Reynolds number. These results indicate only a minor interaction of
boundary layer and external subsonic flow. The situation is quite dif-
ferent in supersonic flow, as first anticipated by Oswatitsch and Wieghardt,
and as illustrated in figure 5- These data are for the same model as in
figure U, tested in the same wind tunnel, and investigated over the same
Reynolds number range - only at a supersonic Mach number of 2. In this
case the dashed line representing pressure distribution in inviscid flow
bears little resemblance to the experimental distributions. Moreover,
both the location of separation and the pressure rise to supersonic sep-
aration depend considerably on the Reynolds number. Such results indicate
a dominant interaction of boundary layer and external supersonic flow.
It will be seen that local interaction of this type near supersonic sepa-
ration can dominate the picture to the exclusion, for example, of effects
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of downstream object shape. Such supersonic separations can be termed
"free interactions ."

Free interactions are subject only to the boundary-layer equations
and the external-flow equations; it turns out that they are amenable to
a simple dimensional analysis, the details of which will not be presented.
The end result of such analysis, for both laminar and turbulent separa-
tiony is that the pressure rise in a free- interaction flow is proportional
to the square root of the local skin-friction coefficient existing at the
beginning of interaction. Comparison of this theoretical result with
experiment is made in figures 6 and 7 for laminar and turbulent separa-
tion, respectively. In figure 6, two different pressure rises - the
plateau pressure rise and the pressure rise to the laminar separation
point - are plotted as a function of Reynolds number for various model
shapes . Both are seen to be independent of object geometry inasmuch as
four different shapes are represented - a compression corner, a step, a
shock reflection, and a curved surface. Such independence would be
required of a free interaction. Also the variation in both cases follows
closely the theoretical variation as the square root of skin friction,

which for laminar flow is a variation as (Re) ' . Mention is made that
for the special case of pressure rise to a 1 ajnina-r separation point, the

variation of (Re)~ ' was first calculated by Lees in 19̂ 9, although
various subsequent analyses - most of which neglect. the interaction phe-
nomenon - have obtained different variations . The present experiments
cover a wide enough range in Reynolds number (a factor of 50 to 1) under
sufficiently controlled conditions to settle finally this question of
Reynolds number dependence in two-dimensional, supersonic, laminar
separation.

Turning now to free interactions in turbulent flow, it is clear that
the square root of turbulent skin-friction coefficient will vary little
with Reynolds number, so the pressure rise to turbulent separation also
should vary little with Reynolds number. Experimental data confirm this,
as shown in figure 1, which includes some data of Gadd obtained at the
National Physical Laboratory in England. The trend of data is consistent
with the dashed line representing a variation as the square root of tur-
bulent skin-friction coefficient.

In order to simulate in a wind tunnel any flow separation phenomenon
of flight, it is necessary that the location of transition relative to
reattachment be duplicated. This requirement is especially pertinent to
hypersonic-wind-tunnel investigations as a consequence of two results:
(l) If a separated laminar mixing layer is relatively stable, transition
will occur near reattachment under which condition Reynolds number effects
are most pronounced and (2) the stability of a separated mixing layer
increases markedly with increasing Mach number. The first of these results
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has been illustrated previously in figure 5j "the second result is illus-
trated in figure 8. Plotted against Mach number are data points repre-
senting the maximum Reynolds number up to vhich pure laminar type of
separations were found under the wind-tunnel conditions of zero heat
transfer. The reference length for this Reynolds number is the dis-
tance Ax along the separated layer between the reattachment point and
the separation point. Consequently, such a Reynolds number measures the
stability of a separated laminar mixing layer. It is evident that an
increase in Mach number has a pronounced stabilizing effect on the mixing
layer. In subsonic flow the separated 1 aminar layer was stable only to
about a Reynolds number of 50,000, whereas at Mach numbers near 5 it is

stable to a Reynolds number of several million. The shaded area toward
the lower right represents the domain of pure laminar separations as .
found to date in wind tunnels.

For purposes of comparison in figure 8, an analogous boundary is
shown which represents the maximum Reynolds numbers of transition reported
to date from wind tunnels under comparable conditions of essentially con-
stant pressure and zero heat transfer. The area under this boundary
represents the domain of laminar boundary-layer flow under the wind-
tunnel conditions. Flight conditions, of course, differ from thesej also,
it might be expected that experiments in other wind tunnels would yield
different curves for the domain of pure laminar separations. Consequently,
the detailed position or shapes of these two boundaries should not be
weighed too heavily. Instead, the important qualitative trend to note
from this figure is that under comparable conditions the stability of a
separated laminar mixing layer is encroaching on that of the laminar
boundary layer as the hypersonic regime is entered.

Because of this trend, pure laminar separations - which have been
primarily laboratory curiosities in the past - might become common prac-
tical phenomena in the future. There are several reasons why this trend
looks significant and warrants much research effort. One reason, already
mentioned, is that it means the Reynolds numbers of hypersonic wind tun-
nels must match those of flight more closely than has been customary in
the past. Another reason is that separated laminar regions have some
uncommon characteristics which are intriguing from the viewpoint of
opening new possibilities; for example, the skin friction in such regions
obviously is a small thrust due to the reversed flow and this is quite
nice from the viewpoint of drag. Also, the heat-transfer characteristics
would be different from those of a boundary layer. In fact, a recent
theoretical calculation, as yet unpublished and untested by experiment,
indicates the heat transfer in a laminar mixing layer to be about 0.6 of
that in a comparable boundary layer. Such considerations outline what
appears to be a profitable and interesting task for future research.

As a final topic for discussion, distinction is made between various
types of pressure rise associated with separated flow, and an opinion is
given as to .their significance for design purposes. Only turbulent separa-
tions are considered. Schematically illustrated in figure 9 are three
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types of pressure rise. Here two flow conditions are depicted for a
simple compression corner which can be thought of as a deflected flap.
One flow condition, represented by the dashed line, corresponds to pres-
sure distribution when the flow is separated. The other flow condition,
represented by the solid line, corresponds to a somewhat smaller flap
deflection for which there is no appreciable separated region, but for
which the flow is .just on the verge of separating. Distinction is made
between (l) the pressure rise to the separation point, (2) the peak pres-
sure rise, and (3) the overall configuration pressure rise for incipient
separation. The pressure rise to separation is not likely to be of
interest to a designer, but would be to a research worker concerned with
the mechanism of turbulent separation. The peak pressure rise, on the
other hand, would be of interest to a designer concerned with loads,
hinge moments, or flap effectiveness. The pressure rise for incipient
separation would be of interest to a designer who does not want.a flow
to separate, yet. wants to achieve the maximum pressure rise possible,
such as is the case for inlet design. All three types of pressure rise
are compared in figure 10. The smallest pressure rise is the pressure
rise to the separation point. This is indicated by a single dashed line
inasmuch as it is independent of the mode of inducing separation. The
peak pressure rise always is greater than the rise to the separation point
and depends on the geometry inducing separation (as indicated by the shaded
region). The overall pressure rise for incipient separation of a config-
uration - represented by the curves through data points - also depends

•' on the particular configuration. In fact, this dependence is a strong
one. The three sets of data represent shock reflections (taken from
Bogdonoff's work), compression corners, and a curved surface. It is
realized that these available data on overall pressure rise for incipient
turbulent separation are rather meager since geometry is such an import-
ant parameter to incipient separation. Consequently, more information
along these lines currently is being obtained.
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